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LETTER  OF  SUBMITTAL 


To  the  Congress  of  the  United  States  : 

In  compliance  with  the  provisions  of  the  act  of  March  3,  1915,  establishing 
mittee  for  Aeronautics,  I  submit  herewith  the  Twenty-first  Annual  Report  ol 
fiscal  year  ended  June  30,  1935. 

The  White  House, 

January  7,  1936. 


r  the  National  Advisory  C< 
f  the  Committee,  covering 

Franklin  I).  Roosevelt. 


LETTER  OF  TRANSMITTAL 


National  Advisory  Committee  for  Aeronautics, 

W ashmgton,  D.  C .,  December  10,  1035. 

Mr.  President: 

In  compliance  with  the  provisions  of  the  act  of  Congress  approved  March  3,  1915  (U.  S.  C..  title  50,  sec. 
153),  I  have  the  honor  to  transmit  herewith  the  Twenty-first  Annual  Report  of  the  National  Advisory  Com¬ 
mittee  for  Aeronautics  covering  the  fiscal  year  1935. 

The  United  States  has  continued  to  lead  the  world  in  the  development  of  aircraft  of  superior  perform¬ 
ance,  efficiency,  range,  and  safety. 

As  attainable  speeds  increase,  fundamental  problems  requiring  scientific  research  and  technical  investi¬ 
gation  multiply.  The  ability  of  this  Committee  to  anticipate  and  to  meet  the  research  needs  of  aviation  in 
the  United  States  is  an  important  factor  in  the  remarkable  development  of  aircraft  to  date. 

The  recent  successful  inauguration  of  trans-Pacifie  air  service  to  China  is  a  forerunner  of  a  new  era  in 
which  strenuous  efforts  will  be  made  by  far-sighted  nations  to  establish  and,  if  possible,  to  control  trade 
routes  of  the  air.  In  these  efforts  an  important,  if  not  decisive,  advantage  will  lie  with  the  nation  that  has 
superior  aircraft,  which  means  the  nation  that  has  the  greatest  initiative  and  vision  in  providing  new  and 
improved  research  facilities  and  in  supporting  long-range  programs  of  organized  fundamental  scientific 
research. 

The  research  laboratories  of  this  Committee  at  Langley  Field,  Va.,  are  at  the  present  time  unsur¬ 
passed,  but  other  nations  have  plans  under  way  for  providing  more  modern  and  more  efficient  research 
facilities.  This  Committee  is  hopeful  that,  with  the  continued  support  of  the  Congress,  it  will  be  able  to 
retain  the  present  advantage  of  the  United  States  in  this  field. 

Attention  is  invited  to  the  opening  portion  of  the  report  in  which  the  Committee  presents  its  views 
to  the  significance  of  world  developments  and  as  to  the  trend  of  development  in  aeronautics. 

Respectfully  submitted. 

Joseph  S.  Ames.  Chairman. 

The  President, 

The  White  Home,  Washington .  D.  C. 
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Created  by  act  of  Congress  approved  March  3,  1915,  for  the  supervision  and  direction  of  the  scientific 
study  of  the  problems  of  flight  (U.  S.  Code,  Title  50,  Sec.  151).  Its  membership  was  increased  to  15  by 
act  approved  March  2,  1929.  The  members  are  appointed  by  the  President,  and  serve  as  such  without 
compensation. 
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TWENTY-FIRST  ANNUAL  REPORT 

OF  THE 

NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


Washington,  D.  C.  November  12 ,  1935. 
To  the  Congress  of  the  United  States: 

In  accordance  with  the  act  of  Congress  approved 
March  3,  1915,  which  established  the  National  Ad¬ 
visory  Committee  for  Aeronautics,  the  Committee 
submits  herewith  its  twenty-first  annual  report,  cover¬ 
ing  the  fiscal  year  1935. 

Significance  of  World  Developments. — The  past  year 
has  seen  gratifying  progress  in  American  aeronauti¬ 
cal  development.  There  has  also  been  abundant  evi¬ 
dence  of  increased  interest  on  the  part  of  progressive 
nations  throughout  the  world  in  the  development  of 
military  and  civil  aircraft.  This  is  largely  due  to 
general  recognition  of  the  increasing  utility  and  de¬ 
pendability  of  aircraft.  In  the  United  States  there 
has  been  substantial  improvement  in  the  performance, 
range,  efficiency,  and  safety  of  aircraft.  This  is  the 
normal  result  of  continuous  research  and  development 
in  many  fields.  The  value  of  research  is  being  more 
widely  appreciated,  and  at  the  present  time  there  is 
intensive  activity  in  foreign  nations  in  providing  and 
enlarging  their  research  facilities  in  aeronautics  and 
in  planning  long-range  programs  in  the  field  of  aero¬ 
nautical  research  and  development. 

During  the  past  year  there  has  been  much  interest 
in  foreign  nations  in  American  achievements  in  aero¬ 
nautics  and  in  the  factors  that  have  made  for  progress 
in  the  United  States.  Numerous  aeronautical  missions 
and  technical  representatives  have  been  sent  to  this 
country,  and  almost  without  exception  they  have  re¬ 
quested  permission  to  visit  the  laboratories  of  the  Na¬ 
tional  Advisory  Committee  for  Aeronautics  at  Lang¬ 
ley  Field,  Va.  It  is  significant  to  note  the  increased 
application  of  American  principles,  not  only  in  the 
design  of  aircraft,  but  also  in  the  design  and  use  of 
aeronautical  research  equipment.  The  value  of  investi¬ 
gations  made  at  large  scale  is  evidenced  by  the  placing 
in  operation  in  France,  England,  and  Germany  of 
wind  tunnels  of  sufficient  size  to  conduct  full-scale 
investigations.  The  wind  tunnels  referred  to  are  of 
the  following  throat  sizes:  England,  24-foot  diameter; 
Germany,  17  by  35  feet;  France,  52  by  26  feet.  The 
latter  is  only  slightly  smaller  than  the  Committee’s 
fuli-scale  wind  tunnel  at  Langley  Field,  which  has  a 
throat  size  of  60  by  30  feet. 


Gratifying  development  of  American  military  and 
commercial  type  aircraft  of  high  service  performance 
and  efficiency  is  largely  the  cumulative  result  of  years 
of  adherence  to  the  sound  governmental  policy  of  sus¬ 
tained  support  of  fundamental  scientific  research,  a 
policy  which  started  with  the  establishment  of  the 
National  Advisory  Committee  for  Aeronautics  in  1915. 

The  greatly  increased  activity  on  the  part  of  the 
major  powers  in  building  up  their  military  air  estab¬ 
lishments  and  in  extending  their  commercial  air  routes 
makes  it  evident  that  military  supremacy  in  the  air 
and  the  development  and  operation  of  trade  routes  of 
the  air  will  be  prime  objectives  of  the  strong  and  far¬ 
sighted  nations. 

Functions  of  the  Committee. — One  essential  of  a  na¬ 
tional  aviation  policy  for  the  United  States  falls  par¬ 
ticularly  under  the  cognizance  of  the  National  Ad¬ 
visory  Committee,  and  that  is  the  long-range  planning 
of  fundamental  research.  The  law  provides  that  this 
Committee  shall  “  supervise  and  direct  the  scientific 
study  of  the  problems  of  flight,  with  a  view  to  their 
practical  solution,  and  to  determine  the  problems 
which  should  be  experimentally  attacked,  and  to  dis¬ 
cuss  their  solution  and  their  application  to  practical 
questions.”  This  Committee  is  also  authorized  by  law 
to  “  direct  and  conduct  research  and  experiment  in 
aeronautics.” 

One  of  the  most  important  functions  of  this  Com¬ 
mittee  is  to  correlate  the  research  needs  of  aviation 
and  prevent  overlapping  and  duplication  of  effort. 
The  National  Advisory  Committee  for  Aeronautics 
does  not,  however,  have  under  the  law  t lie  broad  ad¬ 
visory  functions  which  its  name  may  seem  to  imply. 
Its  primary  function  under  the  law  is  scientific  re¬ 
search.  A  subordinate  function,  added  in  1926,  is  to 
advise  upon  the  technical  merits  of  aeronautical  inven¬ 
tions  and  designs  submitted  to  any  branch  of  the  Gov¬ 
ernment  for  Government  use.  Its  major  function  of 
scientific  research  this  Committee  regards  as  the  most 
fundamental  activity  of  the  Government  in  the  devel¬ 
opment  of  American  aeronautics. 

Committee’s  research  facilities. — Anticipating  the  re¬ 
search  needs  of  aviation  and  with  the  farsighted  and 
consistent  support  of  the  Congress,  this  Committee,  in 
order  effectively  to  discharge  its  responsibilities  under 
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the  law,  has  developed  at  Langley  Field,  Va.,  a  well- 
equipped  aeronautical  research  laboratory  known  as 
the  Langley  Memorial  Aeronautical  Laboratory.  This 
laboratory  is  outstanding  in  the  development  of  new 
types  of  equipment  and  new  methods  to  extend  the 
scope  of  fundamental  researches  in  aeronautics. 

At  the  present  time  the  laboratories  of  this  Com¬ 
mittee  comprise  12  structures  and  a  research  staff  of 
320  employees.  F acilities  for  laboratory  investiga¬ 
tions  and  for  researches  on  airplanes  in  flight  are  under 
the  direct  control  of  this  Committee.  Research  equip¬ 
ment  that  is  in  large  part  unique  makes  it  possible 
to  obtain  new  knowledge  not  obtainable  in  any  other 
country.  The  present  equipment  includes  the  full- 
scale  wind  tunnel,  the  seaplane  tank,  the  propeller- 
research  tunnel,  the  variable-density  wind  tunnel,  a 
refrigerated  wind  tunnel,  a  vertical  wind  tunnel,  an 
engine  research  laboratory,  and  a  flight  research  lab¬ 
oratory.  During  the  past  year  there  have  been  placed 
in  operation  a  new  free-spinning  wind  tunnel  and  a 
24-inch  high-velocity  jet-type  wind  tunnel.  These  two 
pieces  of  equipment  were  constructed  with  funds  al¬ 
lotted  by  the  Public  Works  Administration.  The 
8-foot,  500-mile-per-hour  wind  tunnel  sometimes  re¬ 
ferred  to  as  the  full-speed  wind  tunnel,  is  nearing 
completion  under  a  special  allotment  from  the  Public 
Works  Administration.  It  is  expected  to  be  in  opera¬ 
tion  early  in  1936. 

The  Committee’s  laboratories  are  located  on  a  por¬ 
tion  of  an  Army  field  assigned  to  this  organization 
bv  the  Secretary  of  War  and  are  under  the  direct 
control  of  the  Committee.  The  cooperation  of  the 
W  ar,  Navy,  and  Commerce  Departments  with  this 
Committee  has  been  cordial  and  effective.  This 
factor,  combined  with  the  status  of  this  organization 
as  an  independent  Government  establishment,  is 
largely  responsible  for  the  success  of  this  Committee 
in  meeting  the  research  needs  of  the  governmental 
agencies  concerned. 

The  Formulation  of  Research  Programs. — In  the  formu¬ 
lation  of  the  Committee’s  research  programs  it  is  de¬ 
sirable  and  necessary  either  to  know  or  to  anticipate 
the  research  needs  of  the  War,  Navy,  and  Commerce 
Departments  growing  out  of  their  plans  for  the  future 
use  of  aircraft.  In  many  cases  specific  investigations 
are  requested  of  the  Committee  by  these  departments, 
based  upon  their  actual  or  expected  needs  for  new 
knowledge.  Technical  subcommittees  organized  along 
lines  similar  to  the  main  Committee,  including  repre¬ 
sentatives  of  the  governmental  agencies  concerned,  also 
originate  recommendations  to  the  main  Committee  as 
to  desirable  researches  to  be  undertaken.  Siirrorstions 
for  research  are  frequently  received  from  the  aircraft 
manufacturers  and  air  transport  operators.  Re¬ 
searches  authorized  by  the  main  Committee  are  usually 


so  broadened  in  scope  as  to  make  the  results  applicable 
alike  to  military  and  to  civil  aircraft. 

The  development  policies  and  programs  of  the  War, 
Navy,  and  Commerce  Departments  are  largely  depend¬ 
ent  upon  the  successful  prosecution  of  timely  researches 
and  special  investigations  by  this  Committee.  This 
Committee  does  not  engage  in  development.  The  en¬ 
gineering  development  necessary  to  adapt  the  results 
of  research  to  practice  is  done  by  the  agencies  concerned 
and  by  the  industry.  In  the  Army  Air  Corps  this  is 
done  largely  by  the  Materiel  Division  at  Wright  Field. 
In  the  Navy  it  is  done  largely  at  the  Naval  Aircraft 
Factory  at  Philadelphia,  and  at  the  Washington  Navy 
Yard.  For  civil  and  commercial  aviation  it  is  done 
by  the  manufacturers  and  operators. 

This  Committee  also  avails  itself  of  the  facilities  of 
the  National  Bureau  of  Standards  of  the  Department 
of  Commerce  for  the  conduct  of  certain  types  of  in¬ 
vestigations  for  which  that  Bureau  is  particularly  well 
equipped,  principally  in  the  fields  of  physics  and  metal¬ 
lurgy.  The  facilities  of  universities  are  also  utilized 
by  this  Committee. 

Trend  of  Development. — The  trend  of  development  is 
in  general  toward  larger  airplanes  with  increased  w7ing 
loading  and  aircraft  engines  of  increased  horsepower. 
Large  airplanes,  both  of  the  landplane  and  seaplane 
types,  offer  the  advantage  of  increased  aerodynamic 
and  structural  efficiency.  Many  of  the  researches  con¬ 
ducted  during  the  past  year  had  as  their  object  the 
improvement  of  the  aerodynamic  and  structural 
characteristics  of  large  seaplanes  and  the  improvement 
of  engine  and  propeller  performance. 

Speed  is  one  of  the  most  important  factors  in  in¬ 
creasing  the  relative  importance  of  military  airplanes 
and  in  extending  the  use  of  aircraft  for  commercial 
purposes.  Within  the  past  few  years  the  cruising 
speed  of  military  bombers  and  of  transport  airplanes 
has  been  nearly  doubled.  This  marked  advance  is  due 
in  large  part  to  the  results  of  researches  on  the  cowl¬ 
ing  and  cooling  of  radial  air-cooled  engines,  and  on 
the  location  of  engine  nacelles  in  multiengine  airplanes, 
for  the  purpose  of  obtaining  maximum  propulsive  effi¬ 
ciency  and  minimum  resistance. 

The  outstanding  performance  of  large  airplanes  con¬ 
structed  during  the  past  year  reflects  the  advancement 
made  in  engine  development,  both  in  increased  horse¬ 
power  and  in  supercharger  performance.  The  success¬ 
ful  development  of  the  controllable-pitch  propeller  was 
also  a  factor.  To  increase  further  the  speed  of  modern 
bombers  and  air  transports,  further  study  must  be 
made  to  obtain :  Improved  engine-nacelle-wing  and 
wing- fuselage  arrangements;  more  satisfactory  high- 
lift  devices  permitting  higher  wing  loading;  reduction 
of  parasite  drag;  operation  at  high  altitudes;  and  in¬ 
creased  horsepower  of  present  engines,  or  of  similar 
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engines  of  the  same  weight  and  piston  displacement. 
There  is  at  present  a  strong  indication  of  demand  for 
the  development  of  liquid-cooled  engines  of  higher 
horsepower,  from  1,000  to  1,500.  This  necessitates  a 
study  of  the  location  of  the  radiator  to  obtain  mini¬ 
mum  resistance.  The  recent  development  of  100  oc¬ 
tane  fuel  offers  promise  of  materially  increasing  the 
horsepower  of  present  engines  and  permits  the  use  of 
higher  compression  ratios,  resulting  in  reduction  in 
fuel  consumption. 

Large  airplanes  will  probably  be  either  of  the  2- 
or  4-engine  type.  The  modern-type  airplane,  with 
its  increased  aerodynamic  efficiency  and  high-speed 
characteristics,  must  be  provided  with  a  high-lift  de¬ 
vice  to  assure  a  safe  landing  speed.  The  problem  of 
improving  the  take-off  characteristics  of  a  large  air¬ 
plane  is  just  as  important.  A  high-lift  device  should 
be  effective  in  improving  the  take-off  characteristics 
as  well  as  in  improving  the  landing  characteristics. 
A  number  of  promising  devices  investigated  bv  this 
Committee,  both  in  the  full-scale  wind  tunnel  and  in 
flight,  have  been  incorporated  during  the  past  year 
in  large  2-  and  4-engine  airplanes. 

In  connection  with  this  study  the  Committee  has 
also  investigated  more  effective  means  of  lateral  con¬ 
trol  that  will  permit  the  use  of  a  high-lift  device 
extending  over  the  entire  span  of  the  wing  and  also 
provide  better  lateral  control  than  is  now  afforded 
by  the  conventional  wing  and  aileron. 

The  compression-ignition  direct-injection  type  of 
aircraft  engine  has  a  place  in  the  development  of  the 
long-range  airplane,  where  fuel  economy  is  of  par¬ 
ticular  importance.  The  Committee  has  continued  its 
investigations  in  this  field  of  research,  with  results 
that  give  promise  of  the  early  development  of  an 
engine  of  this  type  in  the  United  States. 

The  20-foot  wind  tunnel  and  the  full-scale  wind 
tunnel  at  the  Committee’s  laboratory  have  proved  very 
effective  in  the  study  of  propulsive  efficiencies  and 
in  the  reduction  of  resistance,  so  important  in  the 
development  of  the  high-speed  long-range  airplane 

The  Light  Airplane. — In  the  development  of  the  light 
airplane,  or  small,  inexpensive,  safe  aircraft,  provision 
must  be  made  to  incorporate  in  the  design  greater 
safety  and  improved  economy.  The  solution  of  the 
problem  of  obtaining  greater  safety  lies  in  the  im¬ 
provement  of  the  take-off  and  landing  characteristics. 
The  landing  must  be  slower  so  as  to  land  safely  within 
a  restricted  space.  The  take-off  run  must  be  shortened 
and  he  rate  of  climb  increased  so  as  to  get  out  of  a 
small  area.  The  control,  especially  the  lateral  con¬ 
trol.  must  be  improved  at  the  low  speeds  desired  for 
take-off  and  landing. 

This  Committee  has  investigated  in  flight  and  in  the 
full-scale  wind  tunnel  new  types  of  high-lift  devices 


and  new  means  of  lateral  control  on  a  light  type  air¬ 
plane.  The  results  of  some  of  the  investigations  were 
incorporated  in  a  light  airplane  known  as  the  W-l,  a 
pusher  type,  which  at  the  request  of  the  Bureau  of 
Air  Commerce  was  tested  in  flight  and  in  the  full- 
scale  wind  tunnel.  This  is  the  first  airplane  equipped 
with  the  N.  A.  C.  A.  slot-lip  aileron,  a  new  form  of 
lateral  control  device  which  is  satisfactory  at  low  or 
stalling  speeds.  The  device,  however,  has  one  dis¬ 
advantage,  in  that  the  drag  or  resistance  is  high. 

Much  study  and  effort  have  been  devoted  to  the  de¬ 
velopment  of  a  light  airplane  for  the  private  owner, 
both  in  the  United  States  and  abroad.  In  the  opinion 
of  this  Committee  this  development  is  of  importance, 
as  it  will  offer  new  and  enlarged  opportunities  for  the 
aircraft  industry,  and  in  effect  create  a  new  industry, 
with  attendant  opportunities  for  increased  employ¬ 
ment  in  connection  with  the  production,  maintenance, 
and  servicing  of  such  aircraft. 

General  Discussion. — The  past  year  was  notable  as 
witnessing  an  appreciation  by  the  nations  of  the 
world  not  only  of  the  increasing  value  of  aircraft  as 
a  means  of  national  defense,  but  also  as  a  means  of 
communication  and  of  extending  commercial  influence. 
One  of  the  most  significant  factors  in  the  development 
of  world  aviation  is  the  enlarged  appreciation  on  the 
part  of  the  major  powers  of  the  fact  that  continued 
progress  in  aeronautical  development  must  be  based 
upon  the  conduct  of  scientific  research.  Several  nations 
are  recognizing  in  commercial  aircraft  development  a 
desirable  means  of  extending  their  commercial  in¬ 
fluence.  with  the  result  that  long-range  programs  and 
plans  are  being  formulated  for  the  development  of 
their  commercial  air  services.  The  foundations  are 
being  laid  now  for  a  world-wide  struggle  for  the  con¬ 
trol  of  trade  routes  of  the  air,  and  for  the  control  of 
world  aeronautical  markets.  It  is  becoming  gener¬ 
ally  recognized  that,  other  things  being  equal,  a  de¬ 
cisive  advantage  in  this  struggle  will  be  with  that 
country  that  has  the  greatest  vision  and  initiative  in 
establishing  research  facilities  and  in  executing  long- 
range  research  programs. 

A  significant  and  encouraging  factor  in  the  progress 
that  has  been  made  in  aircraft  in  recent  years  is  that, 
with  improvement  in  performance,  economic  efficiency 
has  also  been  increased.  Contrary  to  experience  in 
the  railroad  and  automobile  industries,  the  operation 
costs  per  passenger  mile  in  aircraft  have  decreased 
with  advances  in  speed.  This  Committee  recognizes 
that  the  increase  in  speed  of  aircraft  of  approximately 
100  percent  during  the  past  few  years  should  properly 
be  considered  as  progress  above  normal  and  at  a  rate 
that  cannot  be  sustained.  Nevertheless,  further  ma¬ 
terial  improvements  are  confidently  expected  to  result 
from  efforts  already  under  way,  including:  Improved 
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engine  characteristics,  based  largely  on  the  use  of  im¬ 
proved  fuel;  further  fundamental  investigations  lead¬ 
ing  to  further  reductions  in  parasite  resistance  and  in 
interference  drag;  improved  propeller  characteristics 
and  increased  propulsive  efficiency;  improved  cowling 
and  cooling  of  engines;  and  the  placing  of  engines 
within  the  wings,  which  permits  the  efficient  applica¬ 
tion  of  pusher  propellers. 

An  adequate  aircraft  industry  will  be  an  absolute 
necessity  in  time  of  war.  In  time  of  peace  a  healthy 
nucleus  of  an  aircraft  industry  capable  of  rapid  ex¬ 
pansion  to  meet  emergency  needs  should  be  main¬ 
tained.  It  should  not  continue  to  be  so  largely 
dependent  upon  Government  orders  and  air-transport 
business  as  it  has  been.  The  development  of  private 
flying  on  a  large  scale  would  give  stability  to  the 
industry.  This  would  first  require  the  design  and 
production  of  aircraft  which  will  be  cheaper  to  build 
and  easier  to  fly.  The  difficulties  are  fundamental, 
but  it  is  the  belief  of  this  Committee  that  they  can 


be  overcome  by  persistent  effort  and  not  otherwise. 
This  Committee  is  giving  serious  attention  to  the  tech¬ 
nical  problems  involved  in  the  development  of  the  light 
airplane,  and  is  also  conducting  researches  on  the  prob¬ 
lems  incident  to  the  development  of  small  aircraft 
of  rotating-wing  types,  such  as  the  autogiro.  In  this 
connection,  the  large  wind  tunnels  of  this  Committee 
have  proved  particularly  effective,  as  the  results  ob¬ 
tained  in  small  wind  tunnels  on  rotating-wing  types 
of  aircraft  are  subject  to  large-scale  effect  errors. 

Attention  is  invited  to  the  reports  oif  the  technical 
subcommittees,  which  cover  in  more  detail  the  tech¬ 
nical  progress  in  aeronautics  made  during'  the  past 
year.  It  is  the  opinion  of  the  Commattee  that  con¬ 
tinued  liberal  support  of  a  well-planned  and  co¬ 
ordinated  program  of  scientific  research  on  the  fun¬ 
damental  problems  of  aeronautics  offers  the  only  as¬ 
surance  of  continuing  the  present  leadership  of  the 
United  States  in  the  development  of  both  military 
and  commercial  aircraft. 


PART  1 

REPORTS  OF  TECHNICAL  COMMITTEES 


In  order  to  carry  out  effectively  its  principal  func¬ 
tion  of  the  supervision,  conduct,  and  coordination  of 
the  scientific  study  of  the  problems  of  aeronautics,  the 
National  Advisory  Committee  for  Aeronautics  has 
established  a  group  of  technical  committees  and  sub¬ 
committees.  These  technical  committees  prepare  and 
recommend  to  the  main  Committee  programs  of  re¬ 
search  to  be  conducted  in  their  respective  fields,  and 
as  a  result  of  the  nature  of  their  organization,  which 
includes  representation  of  the  various  agencies  con¬ 
cerned  with  aeronautics,  they  act  as  coordinating  agen¬ 
cies,  providing  effectively  for  the  interchange  of  infor¬ 
mation  and  ideas  and  the  prevention  of  duplication. 

As  a  result  of  a  reorganization  effected  during  the 
past  year,  the  Committee  now  has  three  principal  tech¬ 
nical  committees — the  Committees  on  Aerodynamics, 
Power  Plants  for  Aircraft,  and  Aircraft  Structures 
and  Materials — and  under  these  committees  nine  sub¬ 
committees.  The  membership  of  these  committees  and 
subcommittees  is  listed  in  part  II. 

The  Committees  on  Aerodynamics  and  Power  Plants 
for  Aircraft  have  direct  control  of  the  aerodynamic  and 
aircraft-engine  research,  respectively,  conducted  at  t.h<> 
Committee’s  laboratory  at  Langley  Field,  and  of  spe¬ 
cial  investigations  conducted  at  the  National  Bureau 
of  Standards.  The  greater  part  of  the  research  under 
the  supervision  of  the  Committee  on  Aircraft  Struc¬ 
tures  and  Materials  is  conducted  by  the  National  Bu¬ 
reau  of  Standards.  The  experimental  investigations 
in  aerodynamics,  aircraft  power  plants,  and  aircraft 
structures  and  materials  undertaken  by  the  Bureau  of 
Aeronautics  of  the  Navy,  the  Army  Air  Corps,  the 
National  Bureau  of  Standards,  and  other  Government 
agencies  are  reported  to  these  three  committees. 

REPORT  OF  COMMITTEE  ON 
AERODYNAMICS 

LANGLEY  MEMORIAL  AERONAUTICAL  LABORATORY 

LANDING  SPEED  AND  SPEED  RANGE 

The  use  of  wing  flaps  has  increased  during  the  past 
year  and  the  Committee  has  continued  its  investiga¬ 
tions  of  the  most  promising  forms,  both  in  flight  and 
in  the  wind  tunnels.  Most  of  the  wind-tunnel  work 
has  centered  about  external-airfoil  flaps  and  the  appli¬ 


cation  of  flaps  to  wings  of  different  airfoil  section.  In 
addition,  wind-tunnel  work  has  been  done  on  wings 
having  boundary-layer  control  and  wings  having  fixed 
slots.  The  flight  work  has  dealt  largely  with  the 
operation  of  the  flaps  and  their  effect  on  the  per¬ 
formance  and  handling  characteristics  of  the  airplane. 

Full-Scale  Investigation  of  Various  Types  of  Flaps. — 
A  full-scale  investigation  of  several  types  of  wing 
flaps,  including  the  Fowler 5  Zap,  Cunningham-Hall, 
and  external-airfoil  flaps,  has  been  started.  Wings 
fitted  with  the  various  flaps  are  being  mounted  on  the 
Fairchild  22  airplane  and  tested  in  the  full-scale  wind 
tunnel  to  determine  their  lift,  drag,  and  pitching- 
moment  characteristics,  and  in  flight  to  determine  the 
low-speed,  take-off,  landing,  stability,  and  handling 
characteristics.  The  investigations  in  the  full-scale 
wind  tunnel  have  been  completed  for  all  except  the 
external-airfoil  flap  and  the  flight  investigations  have 
been  completed  for  the  Fowler  and  Zap  flaps.  The 
Fowler  flap  used  in  this  investigation  has  a  chord 
equal  to  30  percent  of  the  wing  chord  and  covers  only 
the  inner  71  percent  of  the  span,  conventional  short, 
wide,  slotted  ailerons  being  used  for  lateral  control. 
This  wing  is  an  example  of  a  flap  installation  in  which 
an  attempt  has  been  made  to  improve  the  high  speed 
by  reducing  the  wine;  area  as  well  as  to  decrease  the 
landing  speed  by  the  high  lift  obtained  with  the  flap. 
The  area  with  the  flap  retracted  is  only  77  percent 
that  of  the  standard  wing  of  the  F-22  airplane,  and 
the  high  speed  is  increased  by  3  miles  per  hour.  The 
increase  in  speed,  however,  is  gained  at  the  expense 
of  the  climbing  characteristics,  which  are  appreciably 
reduced  with  the  smaller  wing. 

The  Zap  flap  also  has  a  chord  equal  to  30  percent 
of  the  wing  chord  but  the  wing  has  the  same  area  as 
that  of  the  original  F-22  and  the  flap  extends  to  the 
tips  of  the  wing,  Zap  external  ailerons  being  provided 
for  lateral  control.  In  order  to  avoid  interference 
with  the  pilot  and  also  to  overcome  tail  buffeting,  it 
was  necessary  to  cut  away  the  flap  at  the  center  portion 
of  the  wing  so  that  it  actually  covered  only  82  per¬ 
cent  of  the  total  span.  With  these  differences  in  ar¬ 
rangement,  both  t he  Zap  and  Fowler  wings  give  ap¬ 
proximately  the  same  maximum  lift  coefficient.  The 
minimum  drag  coefficient  of  the  Zap  arrangement  is 
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considerably  greater,  however,  because  of  the  external 
ailerons. 

Both  the  Fowler  and  Zap  flaps  were  found  to  be 
very  effective  in  reducing  both  landing  and  take-off 
runs  over  a  50-foot  obstacle.  The  landing  distance 
was  reduced  by  about  one-third  of  its  original  value 
in  both  cases  and  the  take-off  run  was  approximately 
the  same  with  both  flaps.  The  deflection  of  the  Zap 
flap  had  a  very  critical  effect  on  the  take-off  run,  how¬ 
ever,  a  deflection  of  almost  exactly  one-fourth  the  full 
amount  being  required  to  give  the  best  results,  whereas 
with  the  Fowler  flap  any  deflection  within  the  last 
third  of  the  travel  gave  about  the  same  take-off 
distance.  It  should  be  pointed  out  that  these  take-off 
and  landing  performances  depended  not  only  upon  the 
lift  and  drag  of  the  wings  but  also  upon  the  control¬ 
lability  and  handling  characteristics  of  the  airplane. 

Flap  Modifications. — The  external-airfoil  flap,  which 
consists  of  an  airfoil  pivoted  at  the  rear  of  the  main 
wing,  has  been  investigated  in  considerable  detail.  An 
investigation  has  been  made  in  the  7-  by  10-foot  wind 
tunnel  with  3  main  airfoils,  the  Clark  Y,  the  N.  A.  C. 
A.  23012,  and  the  N.  A.  C.  A.  23021,  each  equipped  with 
a  cambered  (Clark  Y)  external-airfoil  flap.  The  re¬ 
sults  of  this  investigation,  given  in  Technical  Report 
No.  541,  indicated  that  on  the  basis  of  their  effect  on 
airplane  performance  the  best  results  were  obtained 
with  the  N.  A.  C.  A.  23012  main  wing.  The  tests  of 
this  wing  were  then  repeated  with  a  flap  also  having 
the  N.  A.  C.  A.  23012  section.  Inasmuch  as  this  com¬ 
bination  proved  superior  to  the  others,  these  tests  were 
made  not  only  to  find  the  optimum  hinge-axis  loca¬ 
tion,  considering  lift  and  drag,  but  included  also  the 
flap-hinge  moment  and  the  air  load  on  the  flap. 

At  the  request  of  the  Bureau  of  Aeronautics,  Navy 
Department,  the  Committee  has  investigated  in  the  va¬ 
riable-density  wind  tunnel  the  N.  A.  C.  A.  23012  and 
the  N.  A.  C.  A.  23021  airfoils,  each  equipped  with  ex¬ 
ternal-airfoil  flaps  having  the  N.  A.  C.  A.  23012  section. 
The  flaps  were  located  in  the  optimum  positions  as  de¬ 
termined  from  results  obtained  in  the  7-  by  10-foot 
wind  tunnel.  The  investigation  in  the  variable-density 
wind  tunnel  at  various  Reynolds  Numbers  with  the 
external-airfoil  flaps  and  also  with  plain  split  flaps  in¬ 
dicates  that  the  scale  effect  on  the  lift  increment  given 
by  the  flaps  is  very  small;  that  is,  the  increase  in  lift 
coefficient  given  by  the  flap  at  any  particular  setting 
is  approximately  the  same  for  all  Reynolds  Numbers. 

A  number  of  confidential  wind-tunnel  investigations 
of  flaps  for  special  airplanes  have  been  completed  for 
the  Bureau  of  Aeronautics. 

Quick  Flap  Operation  for  Control  of  Glide-Path  Angle. — 
The  balanced  split  flap  mentioned  in  the  1934  annual 
report  has  been  used  in  flight  investigations  with  a 
Fairchild  22  airplane  to  determine  the  effect  of  sud¬ 


den  operation  of  a  flap  on  the  motion  of  the  airplane. 
A  preliminary  report  of  the  results  of  these  measure¬ 
ments  has  been  submitted  to  the  Bureau  of  Air  Com¬ 
merce  and  the  final  report  is  now  in  preparation. 

The  results  of  the  investigation  showed  that  where 
large  changes  in  speed  are  involved,  the  initial  effect 
on  the  glide  angle  when  the  flap  is  deflected  is  oppo¬ 
site  to  that  desired.  For  example,  with  the  airplane 
in  gliding  flight  at  low  speed  with  flap  extended, 
when  the  flap  was  suddenly  retracted,  the  airplane 
dropped  appreciably  below  the  original  glide  path 
and  did  not  rise  above  it  until  after  a  lapse  of  about 
10  seconds.  The  reverse  effect  was  observed  when  the 
transition  was  made  from  a  flat  glide  with  flap  re¬ 
tracted  to  a  steep  glide  with  flap  extended.  The  hori¬ 
zontal  distance  traveled  during  this  transition  period 
was  about  800  feet  and  the  vertical  distance  for  the 
case  involving  sudden  retraction  of  the  flap  was  about 
200  feet. 

For  the  particular  airplane  used  in  the  investiga¬ 
tion  the  time  required  for  operating  the  flap  with 
the  least  violent  motion  of  the  airplane  that  could 
be  made  without  sacrificing  distance  in  obtaining  the 
desired  change  in  glide  path  was  about  6  seconds. 
When  the  elevator  was  used  in  such  a  manner  that 
the  operation  of  the  flap  involved  no  speed  change, 
the  desired  change  in  glide  angle  was  obtained  very 
quickly.  In  order  to  make  this  type  of  maneuver 
it  was  required,  of  course,  that  the  speed  be  greater 
than  the  minimum  obtainable  with  flap  retracted  and 
that  the  change  in  lift  coefficient  resulting  from  a 
change  of  flap  position  be  compensated  by  a  change 
in  angle  of  attack.  With  the  control  stick  free  the 
airplane  used  in  these  tests  tended  to  trim  at  differ¬ 
ent  speeds  with  changes  in  flap  position,  so  that  in 
making  the  transition  from  one  glide  angle  to  another 
without  a  change  in  speed  it  was  necessar}^  for  the 
pilot  to  coordinate  the  elevator  movement  with  the 
flap  movement. 

A  flap  arrangement  suitable  for  direct  and  instan¬ 
taneous  control  of  the  glide-path  angle  has  been  in¬ 
corporated  in  the  Weick  W-IA  airplane,  the  char¬ 
acteristics  of  which  have  been  investigated  in  flight 
at  the  request  of  the  Bureau  of  Air  Commerce.  The 
airplane  is  arranged  to  trim  at  approximately  the 
same  air  speed  with  the  flap  at  any  deflection  between 
23°  and  G0°,  the  range  used  for  the  landing  operation. 
It  was  found  that  a  satisfactory  approach  to  a  land¬ 
ing  could  be  made  with  this  flap  arrangement,  the  glide 
angle  being  adjusted  without  change  in  speed  as  re¬ 
quired  to  make  contact  at  a  desired  point  on  the 
ground. 

A  preliminary  investigation  has  been  made  in  the 
7-  by  10-foot  wind  tunnel  for  the  purpose  of  obtain¬ 
ing  a  flap  arrangment  especially  suitable  for  installa- 
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tions  of  this  nature  providing  direct  and  instantaneous 
control  of  the  steepness  of  the  glide  path.  Such  a  flap 
lias  been  developed  giving  a  reasonably  high  lift  coef¬ 
ficient  with  relatively  low  deflection  and  maintaining 
this  value  of  the  maximum  lift  coefficient  with  a  large 
increase  of  deflection.  In  this  arrangement  the  in¬ 
crease  in  deflection  is  accompanied  by  a  large  increase 
in  drag  but  a  small  change  of  pitching  moment.  The 
results  of  this  work  will  be  published  in  a  report  now 
in  preparation. 

Boundary-Layer  Control. — The  study  of  the  possibili¬ 
ties  of  boundary-layer  control,  started  about  2  years 
ago,  has  been  continued  with  tests  of  2  additional 
wings  in  the  20-foot  wind  tunnel.  The  first  of  these 
wings  was  a  normal  rectangular  airfoil  15  percent 
thick.  (The  previous  investigation  was  made  with 
a  wing  80  percent  thick.)  The  results  indicated  that 
a  more  forward  location  of  the  suction  slot  was  desir¬ 
able  than  had  been  found  most  effective  for  the  ex¬ 
tremely  thick  airfoil.  Owing  to  the  somewhat  more 
restricted  area  inside  the  15-percent  airfoil,  a  much 
greater  blower  power  was  required  to  produce  a  given 
lift.  In  an  attempt  to  reduce  the  blower  power  re¬ 
quired,  a  tapered  wing  was  constructed  to  provide,  in 
effect,  a  tapered  duct  having  an  increase  in  the  cross- 
sectional  area  available  from  the  tip  to  the  center. 
Considerable  reduction  in  blower  power  was  obtained 
with  the  tapered  wing,  but  the  power  was  still  greater 
than  that  required  with  the  extremely  thick  wing. 

The  results  to  date  indicate  that  the  high  power 
required  is  due  primarily  to  the  loss  occurring  within 
the  wing.  Xo  difficulty  has  been  experienced  in  main¬ 
taining  the  flow  up  to  angles  of  attack  of  50°,  and  lift 
coefficients  of  5  or  G  are  attainable  if  sufficient  power 
is  available.  Several  methods  to  reduce  the  internal 
loss  have  been  suggested  and  some  of  the  more  promis¬ 
ing  are  to  be  investigated. 

Although  the  main  object  of  the  investigation  to 
date  has  been  to  increase  the  maximum  lift  coefficient, 
consideration  is  now  being  given  to  the  reduction  of 
drag  by  means  of  boundary-layer  control.  A  study 
is  planned  on  very  large  airfoils  in  which  the  boundary 
layer  will  be  investigated  in  detail,  and  in  which  sev¬ 
eral  schemes  for  keeping  the  boundary  layer  laminar 
will  be  tried. 

Fixed  Slots. — A  type  of  fixed  open  slot  so  arranged 
that  no  flow  would  pass  through  it  at  a  lift  coefficient 
corresponding  to  high-speed  flight  was  investigated 
in  the  7-  by  10-foot  wind  tunnel  to  determine  the  pos¬ 
sibilities  of  such  a  high-lift  device  for  increasing  the 
speed-range  ratio  of  a  wing.  The  condition  of  no 
through  flow  was  achieved  by  locating  the  slot  open¬ 
ings  at  points  of  equal  static  pressure  at  the  desired 
lift  coefficient  as  determined  by  the  pressure  distribu¬ 
tion  about  the  plain  wing.  The  results  of  this  in¬ 
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vestigation  (Technical  Note  Xo.  507)  showed  that  the 
condition  of  no  air  flow  through  the  slot  at  the  desired 
lift  coefficient  was  attainable,  but  that  the  surface 
discontinuities  produced  by  the  slot  openings  had  such 
a  large  adverse  effect  on  the  drag  that  such  slots  show 
little  promise. 

CONTROLLABILITY 

The  Committee  has  for  some  time  been  carrying  on 
a  program  of  research  on  lateral  control,  with  the  par¬ 
ticular  purpose  of  obtaining  information  leading  to 
improvements  of  control  at  low  speeds  and  high  angles 
of  attack  through  the  stall,  a  region  in  which  the 
present  ailerons  are  known  to  be  unsatisfactory.  Sev¬ 
eral  wind-tunnel  investigations  have  been  conducted 
and  an  attempt  has  been  made  to  compare  a  number 
of  widely  different  lateral  control  devices  on  the  basis 
of  what  has  been  considered  their  primary  function, 
the  extent  of  rolling  moment  provided.  Some  of  the 
secondary  characteristics,  such  as  the  yawing  mo¬ 
ments  given  bv  the  control  devices  and  their  effect  on 
the  damping  in  roll,  had  been  considered  in  the  early 
part  of  the  work,  but  only  by  comparing  the  various 
values  separately. 

Some  of  the  devices  that  seemed  to  promise  the  best 
control  at  the  stall  were  then  investigated  in  flight. 
It  was  found  that  the  devices  did  not  always  perform 
as  had  been  expected  from  the  wind-tunnel  results,  in¬ 
dicating  that  the  first  approximation  based  largely  on 
the  rolling  moments  given  by  the  devices  was  an  insuf¬ 
ficient  basis  for  satisfactory  comparison,  and  that  the 
complete  interaction  of  the  secondary  factors  must  very 
likely  be  considered. 

A  study  has  recently  been  made  by  means  of  com¬ 
putations  taking  into  account  all  the  secondary  factors 
including  the  yawing  moments  given  by  the  controls, 
their  effect  on  the  damping  in  roll,  all  the  other  lateral- 
stability  derivatives,  and  the  airplane  moments  of  in¬ 
ertia.  The  computations  consist  of  step-by-step  solu¬ 
tions  of  the  equations  of  rolling  and  yawing  motion 
for  the  conditions  following  a  deflection  of  the  con¬ 
trols,  and  for  entering,  maintaining,  and  recovering 
from  turns.  The  results  of  these  computations  based 
on  aerodynamic  data  obtained  from  the  wind  tunnel 
agree  satisfactorily  with  the  results  measured  in  flight 
for  widely  different  forms  of  control,  such  as  ailerons 
and  spoilers. 

The  computations  have  also  been  made  for  the 
stalled -flight  condition,  for  which  the  actual  values  of 
the  stability  derivatives  are  very  difficult,  if  not  im¬ 
possible,  to  obtain  with  reasonable  accuracy  and  for 
which  the  flight  results  are  necessarily  merely  quali¬ 
tative  because  the  performances  could  not  be  closely 
repeated.  The  results  agree  with  the  qualitative  re¬ 
sults  of  the  flight  tests.  This  method  not  only  makes 
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possible  the  computation  of  the  airplane  motions  to 
be  expected  in  flight  following  a  deflection  of  the  lat¬ 
eral  controls  but  also  aids  in  determining  what  rela- 
tions  between  rolling  moments,  yawing  moments,  and 
airplane  stability  characteristics  are  most  desirable  for 
good  controllability. 

Similar  computations  have  been  used  to  determine 
the  stability  derivatives  and  the  control  moments  that 
would  be  most  desirable  for  performing  maneuvers, 
particularly  turns,  in  an  airplane  equipped  with  only 
two  controls,  i.  e.,  elevator  and  ailerons  only,  or  eleva- 
tor  and  rudder  only. 

In  connection  with  this  work  a  method  of  solving 
the  equations  of  motion  by  means  of  operational  calcu¬ 
lus  has  been  devised  that  should  be  useful  in  solving 
various  problems  concerning  the  dynamics  of  airplane 
flight,  including  such  factors  as  the  effect  of  gusts. 
Reports  on  all  three  of  these  analytical  studies  are 
in  preparation. 

Slot-Lip  Ailerons. — In  previous  years  an  improvement 
in  lateral-control  moments  was  found  to  be  given  by 
flaps  known  as  “  spoilers  ”  projecting  from  the  upper 
surface  of  the  wing,  but  when  these  devices  were  tried 
in  flight  they  were  found  to  have  a  lag  in  action  that 
made  them  unsuitable  for  use.  An  investigation  of 
means  for  eliminating  this  lag,  conducted  in  the  7-  by 
10-foot  tunnel  on  a  model  wing  having  a  4-foot  chord, 
has  resulted  in  a  new  form  of  lateral  control  device 
which  has  been  termed  the  “  slot-lip  aileron.”  This 
device  is  a  combination  of  aileron-type  flap  and  a  con¬ 
tinuously  open  slot,  the  flap  forming  the  upper  portion 
or  lip  of  the  slot.  It  appears  to  be  usable  as  a  form  of 
lateral  control  device,  showing  promise  of  improved 
control  and  stability  at  the  high  angles  of  attack 
through  the  stall,  with  negligible  lag,  low  control 
forces,  and  relatively  simple  construction.  Tests  on  a 
standard-size  model  (10  inches  by  60  inches)  in  the  7- 
by  10-foot  tunnel  with  the  slot-lip  ailerons  located  in 
three  different  positions  along  the  chord  of  the  wing, 
showed  that  with  the  original  slot  design  the  drag  was 
high,  particularly  with  the  aileron  in  the  forward  posi¬ 
tion.  Slot-lip  ailerons  have  been  investigated  in  flight 
on  the  W-1A  airplane  and  in  that  case  were  found  to 
give  satisfactory  control.  A  more  extensive  flight  in- 
vestigation  is  planned  with  the  F-22  airplane  for 
which  a  wing  is  now  being  fitted  with  slot-lip  ailerons 
in  two  different  chord  positions.  In  addition,  tests 
have  been  initiated  on  a  large-chord  model  in  the  7-  by 
10-foot  tunnel,  in  which  the  possibilities  of  reducing 
the  drag  of  the  slot-lip  ailerons  will  be  studied. 

In  one  version  of  the  slot-lip  aileron  the  front  and 
rear  portions  of  the  wing  each  have  the  appearance  of 
an  individual  smoothly  formed  airfoil,  the  slot-lip 
aileron  being  merely  a  flap  of  the  usual  aileron  type 
forming  the  trading-edge  portion  of  the  front  airfoil. 


The  rear  airfoil  can  then  be  deflected  downward  for 
high  lift,  forming  in  effect  an  external-airfoil  flap. 
An  investigation  has  just  been  completed  in  the  7-  by 
10-foot  wind  tunnel  on  a  model  having  an  arrangement 
of  this  type. 

External-Airfoil  Flaps  Deflected  as  Ailerons. — In  a 

previous  investigation,  the  results  of  which  were  pub¬ 
lished  in  Technical  Report  No.  541,  external-airfoil 
flaps  were  themselves  deflected  differentially  as  lateral 
control  devices.  The  tests  were  made  with  the  flaps 
divided  at  the  center  so  that  each  aileron  formed  half 
the  entire  flap,  and  also  with  the  flaps  cut  at  points  one- 
half  the  semispan  from  each  tip,  in  which  case  the  cen¬ 
ter  half  was  used  solely  as  a  flap  and  the  tip  portions 
were  used  as  both  ailerons  and  flaps.  One  of  the  ar¬ 
rangements  having  the  flap  cut  at  the  center  of  the 
span,  the  two  halves  being  deflected  as  ailerons  with  a 
differential  linkage  and  having  neutral  settings  as  a 
flap  varying  between  5°  up  and  20°  down,  was  selected 
as  the  best  of  those  considered.  A  wing  with  this  ar¬ 
rangement  is  being  constructed  fcr  investigation  in 
flight  on  the  F-22  airplane. 

Flight  Investigation  of  Lateral  Controls  for  Use  with 
Flaps. — The  flight  investigation  of  lateral  controls  for 
use  with  flaps  has  been  continued  in  conjunction  with 
a  full-scale  investigation  of  a  series  of  liigh-lift  wings. 
The  results  of  the  earlier  flight  investigations  relating 
to  lateral  control  devices  for  use  with  full-span  flaps 
have  been  published  in  Technical  Report  No.  517.  In 
the  series  of  wings  now  being  investigated,  tests  have 
been  completed  of  short,  wide,  slotted  ailerons  in  con¬ 
junction  with  a  Fowler  flap  and  of  Zap  external 
ailerons  in  conjunction  with  a  Zap  flap,  both  fitted  to 
the  F-22  airplane.  The  ailerons  on  the  Fowler  wing 
appear  to  be  satisfactory  for  the  F-22  airplane  on 
which  they  are  installed  except  for  a  tendency  for  the 
control  forces  to  become  too  great  at  high  speeds.  Two 
sizes  of  Zap  ailerons  have  been  tested  in  connection 
with  the  Zap  flap,  one  having  a  chord  equal  to  18  per¬ 
cent  of  the  wing  chord  and  the  other  22  percent  of  the 
wing  chord.  The  difference  in  chords  is  compensated 
by  a  difference  in  span  to  make  the  areas  equal.  Both 
of  these  ailerons  were  very  effective  in  providing 
lateral  control,  even  at  low  speeds,  but  they  have  two 
serious  disadvantages  in  that  they  add  considerably 
to  the  drag  of  the  airplane  and  that  the  force  required 
to  operate  them  becomes  excessive  at  high  airplane 
speeds. 

Tabs. — A  report  has  been  prepared  (Technical  Re¬ 
port  No.  528)  concerning  a  wind-tunnel  investigation 
of  the  aerodynamic  characteristics  of  tabs,  or  small 
hinged  flaps,  on  control  surfaces.  The  tabs  may  be 
used  to  trim  airplanes  in  flight  and  also  to  reduce  the 
force  required  to  operate  the  controls.  Because  of  a 
demand  for  information  suitable  for  stress  analysis  and 
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design,  determination  of  the  pressure  distribution  was 
made  in  the  7-  by  10-foot  wind  tunnel  on  a  wing  model 
equipped  with  an  aileron  and  tab.  The  resulting 
pressure-distribution  diagrams  were  integrated  for  to¬ 
tal  normal  force  of  wing  with  aileron  and  tab,  normal 
force  and  hinge  moment  of  aileron  with  tab,  and 
normal  force  and  hinge  moment  of  tab  alone.  A  re¬ 
port  is  now  in  preparation  on  the  results  of  this 
investigation. 

Magnitude  of  Control  Force  Available. — A  report  has 
been  completed  on  the  work  mentioned  last  year  in 
which  an  arrangement  simulating  a  pilot’s  cockpit 
with  controls  was  constructed  and  measurements  made 
of  the  forces  that  could  be  exerted  on  the  control  col¬ 
umn  and  rudder  pedals  with  the  airplane  in  various 
attitudes  and  the  controls  in  various  positions.  Both 
the  forces  that  could  be  comfortably  exerted  and  the 
maximum  forces  that  could  be  applied  were  determined. 

STABILITY 

Experience  has  shown  that  various  flaps  have  con¬ 
siderable  effect  on  the  stability  of  an  airplane  aside 
from  any  consideration  of  tail-plane  setting.  Wind- 
tunnel  results  show  that  the  flaps  introduce  great  in¬ 
creases  in  the  negative  pitching  moment,  the  amount 
depending  on  the  type  of  flap  as  well  as  on  the  in¬ 
crease  of  lift  attained.  On  the  Fairchild  22  airplanes 
used  in  the  investigation  of  various  types  of  flaps,  the 
large  pitching  moments  introduced  a  condition  of  static 
longitudinal  instability  with  the  stick  free.  In  some 
cases  it  was  necessary  to  correct  this  condition  before 
proceeding  with  the  flight  investigation.  A  prelimi¬ 
nary  study  of  tail-surface  design  in  connection  with 
flapped  wings  indicates  that,  whereas  with  normal 
wings  the  criterion  of  the  required  tail  area  for  stick- 
free  static  stability  is  the  rate  of  change  of  wing  pitch¬ 
ing  moment,  with  flapped  wings  the  magnitude  of  the 
moment  is  of  equal  importance.  The  directional  sta¬ 
bility  is  also  adversely  affected  by  the  addition  of  flaps, 
at  least  for  the  parasol  monoplane  arrangement,  for 
which  the  blanketing  of  the  fin  and  rudder  is  apprecia¬ 
ble  and  the  stabilizing  effect  of  the  vertical  surfaces 
is  reduced. 

In  addition  to  these  more  or  less  definite  effects  of 
the  flaps  on  stability,  there  is  apparently  a  condition 
of  unstable  air  flow  present  with  flaps  deflected,  and 
any  slight  roughness  of  the  atmosphere  produces  dis¬ 
turbances  to  the  airplane  of  considerably  greater  mag¬ 
nitude  with  than  without  flaps.  The  condition  is 
unpleasant  but  does  not  appear  to  be  dangerous.  The 
disturbances  set  up  may  be  about  any  of  the  three 
axes  of  the  airplane.  To  improve  this  condition,  the 
effect  of  increasing  the  dihedral  was  investigated  in 
flight.  The  dihedral  angle  was  varied  from  0°  to  9°. 


The  smaller  dihedral  angles  did  not  have  an  appreci¬ 
able  effect  on  the  unstable  condition.  Higher  angles 
introduced,  of  themselves,  a  type  of  lateral  unsteadi¬ 
ness  similar  to  that  resulting  from  the  flap  but  of 
greater  magnitude,  so  that  at  a  dihedral  angle  of  9° 
it  was  impossible  to  separate  the  two  effects. 

A  report  (Technical  Report  No.  521)  presenting 
a  series  of  working  charts  from  which  dynamic  lon¬ 
gitudinal  stability  in  power-off  flight  can  be  readily 
estimated  has  been  published. 

An  analysis  of  data  obtained  in  an  investigation  of 
the  longitudinal  stability  characteristics  of  several 
airplanes,  which  was  undertaken  for  the  purpose  of 
determining  the  degree  of  stability  desired  for  good 
flying  qualities,  has  been  completed.  Within  fairly 
wide  limits  of  dynamic  stability  the  force  required 
to  operate  the  controls  is  more  important  than  the 
degree  of  stability  in  determining  the  pilot’s  impres¬ 
sions  of  the  flying  qualities  of  the  airplane. 

TAKE-OFF 

The  results  of  an  analytical  study  of  the  effect  of 
various  high-lift  devices  on  take-off  have  been  in¬ 
corporated  in  a  paper  being  prepared  for  publication. 

An  investigation  of  the  rolling  resistance  of  a  num¬ 
ber  of  airplane  wheels  has  been  completed  and  the  data 
are  now  being  analyzed.  As  noted  last  year,  this 
investigation  was  made  with  a  two-wheel  carriage 
towed  by  a  truck.  Drawbar  pull,  speed,  and  accelera¬ 
tion  were  measured  on  different  surfaces,  with  varia¬ 
tions  in  weight  and  tire  pressure.  Six  pairs  of  air¬ 
plane  wheels  and  tires  were  tested,  including  two  sizes 
of  each  of  three  principal  types  of  tires — high-pres¬ 
sure,  low-pressure,  and  extra  low-pressure.  The  re¬ 
sults  indicate  that  the  rolling  resistance  on  firm  turf 
is  roughly  twice  as  great  as  on  concrete ;  on  a  relatively 
soft  field  the  resistance  may  be  as  much  as  four  times 
as  great  as  on  concrete.  There  is  a  definite  increase 
in  the  rolling-resistance  coefficient  with  increasing  load¬ 
ing  and  also  with  decreasing  tire-inflation  pressure. 
Apparently  there  is  little  or  no  difference  between  the 
resistance  for  different  sizes  of  the  same  type  of  tire. 
For  all  types  and  conditions  there  was  evidence  of 
some  variation  in  resistance  with  speed,  generally  in¬ 
creasing  slightly  with  speed  at  the  lower  speeds  and 
decreasing  somewhat  at  the  higher  speeds. 

SPINNING 

The  15-foot  free-spinning  wind  tunnel  has  been 
completed  and  placed  in  operation.  Following  tests 
of  models  of  two  airplanes  for  which  the  spinning 
characteristics  are  well  known,  the  tunnel  is  being 
used  for  testing  models  of  airplanes  of  which  the 
spinning  characteristics  are  either  unknown  or  known 
to  be  unsatisfactory.  The  models  of  the  two  airplanes 


10 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


for  which  direct  comparisons  are  available  were  found 
to  spin  in  slightly  different  attitudes  from  the  air¬ 
planes  for  given  control  settings,  but  would  appar¬ 
ently  achieve  a  steady  spin  with  any  control  setting 
that  resulted  in  a  full-scale  steady  spin.  Recovery 
tests  showed  surprisingly  close  agreement  between 
model  and  airplane.  Tests  with  a  third  model,  for 
which  some  full-scale  results  are  available,  also  gave 
very  good  agreement.  All  these  models  represented 
staggered  biplanes  of  service  type,  and  it  seems  ad¬ 
visable  that  comparisons  be  made  between  model  and 
airplane  characteristics  for  a  high-wing  and  a  low- 
wing  monoplane.  Steps  are  being  taken  to  make 
such  comparisons. 

Since  completion  of  the  tunnel,  7  models  have  been 
tested,  4  of  which  are  scale  models  of  service  airplanes 
and  1  of  which  resembles  a  particular  service  air¬ 
plane  in  dimensional  characteristics,  but  not  in  mass 
distribution.  These  models  have  consistently  con¬ 
firmed  the  opinion  previously  held  that  the  most  im¬ 
portant  single  factor  affecting  spinning  characteristics, 
particularly  recoveries,  is  the  amount  of  unshielded 
vertical  fin  area  at  the  tail.  In  one  case,  the  addition 
of  an  unshielded  vertical  fin  with  an  area  less  than 
7)  percent  of  the  original  area,  which  was  badly 
shielded,  made  the  difference  between  complete  failure  j 
to  recover  and  fairly  satisfactory  recoveries. 

Each  of  two  models  of  airplanes  with  retractable 
landing  gears  showed  decided  improvement  in  re¬ 
covery  characteristics  when  the  gear  was  retracted, 
compared  with  the  characteristics  with  the  gear  ex¬ 
tended.  In  the  case  of  one  of  these  models,  failure 
to  recover  with  the  gear  extended  changed  to  two-turn 
recoveries  with  the  gear  retracted. 

For  some  of  the  models  it  has  been  found  that,  for 
a  given  control  displacement,  the  recovery  character¬ 
istics  depend  very  greatly  upon  the  sequence  and  quick¬ 
ness  of  operation  of  the  controls.  Repeated  cases  have 
occurred  for  which  satisfactory  recoveries  were  ob¬ 
tained  when  the  elevator  and  rudder  were  simultane¬ 
ously  reversed  or  when  rudder  reversal  was  followed 
by  elevator  reversal  but  for  which  no  recovery  was 
obtained  if  the  elevator  was  reversed  first.  Cases 
have  also  occurred  in  which  quick  motion  of  the  con¬ 
trols  brought  immediate  recoverv  but  in  which  very 
slow  motion  resulted  in  a  new  steady-spin  equilibrium. 

A  report  on  the  spinning  of  the  full-scale  F4B-2 
airplane  has  been  published  (Technical  Report  No. 
529).  The  work  reported  includes  determination  of 
the  effect  of :  Moderate  changes  in  mass  distribution, 
large  increases  in  fin  and  rudder  area,  raising  the  hori¬ 
zontal  tail  surfaces,  changing  the  plan  form  of  the 
elevator,  increasing  the  maximum  travel  of  the  rudder, 
and  various  methods  of  using  the  controls  during  the 
spin  and  for  recovery.  Brief  reference  is  also  made 


to  the  dimensions  and  operating  technique  for  a  para¬ 
chute  mounted  at  the  tail  of  the  airplane  to  be  used 
in  case  recovery  should  be  impossible  when  using  the 
airplane  controls.  The  aerodynamic  forces  and  mo¬ 
ments  on  a  model  of  the  F4B-2  airplane  have  been 
measured  on  the  spinning  balance  in  the  5-foot  vertical 
wind  tunnel  and  the  results  have  been  published  in 
Technical  Note.  No.  517. 

In  order  to  complete  the  extensive  information 
already  obtained  on  the  Fleet  training  biplane,  tests 
of  turns  required  for  recovery  were  made  under  all 
conditions  likely  to  be  of  interest  for  comparison  with 
the  reactions  of  the  model  of  this  airplane  in  the  free- 
spinning  wind  tunnel.  The  recovery  motion  was 
observed  by  the  pilot  and  by  observers  in  another 
airplane  flying  near  the  point  of  recovery.  Motion 
pictures  were  made  of  some  of  the  recoveries  for  com¬ 
parison  with  similar  photographs  of  the  model  made 
in  the  free-spinning  wind  tunnel. 

Investigations  have  been  continued  with  the  spin¬ 
ning  balance  in  the  5-foot  vertical  wind  tunnel  to  ob- 
tain  fundamental  information  on  the  magnitudes  of 
the  forces  and  moments  produced  by  the  wings  alone. 
In  these  investigations  the  six  components  of  air  forces 
and  moments  are  measured  for  the  entire  ranges  of 
angle  of  attack,  rate  of  rotation,  and  angle  of  side¬ 
slip  likely  to  be  encountered  in  spins.  One  report 
(Technical  Report  No.  519)  has  been  prepared  on  an 
investigation  on  the  spinning  balance  of  a  rectangular 
Clark  Y  monoplane  wing,  and  another  (Technical 
Note  No.  52G)  on  an  investigation  on  the  spinning 
balance  of  a  rectangular  Clark  Y  biplane  cellule  hav¬ 
ing  25  percent  stagger,  zero  decalage,  and  a  gap-chord 
ratio  of  1.0.  It  is  planned  to  continue  these  investi¬ 
gations  with  other  biplane  cellules  having  various  gaps 
and  staggers. 

An  extensive  investigation  is  being  started  on  the 
spinning  balance  with  a  model  of  the  Fleet  biplane  to 
make  possible  a  complete  comparison  of  spinning- 
balance,  free-spinning  tunnel,  and  flight  data  on  the 
spinning  characteristics  of  this  airplane. 

DRAG  AND  INTERFERENCE 

The  marked  increase  in  the  flying  speeds  of  all  types 
of  airplanes  in  recent  years  has  been  made  possible 
largely  by  decreasing  the  drag  of  the  component  parts 
of  the  airplane  by  reducing  the  number  of  protuber¬ 
ances  from  the  primary  parts  of  the  airplane  and  by 
reducing  the  unfavorable  interference  effects  between 
those  parts. 

Inasmuch  as  it  is  believed  that  substantial  further 
gains  are  possible  in  the  same  direction,  systematic 
investigations  of  interference  effects  have  been  con¬ 
tinued  throughout  the  year  in  some  sections  of  the 
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Committee’s  laboratory,  and  incidental  studies  with  a 
view  to  reducing  the  drag  of  various  airplane  parts 
have  been  conducted  from  time  to  time  in  other 
sections. 

Drag  of  Component  Parts.— A  comparison  of  the  drag 
of  several  types  of  rivet  heads  on  a  wing  of  5-foot 
chord  in  the  7-  by  10-foot  tunnel  indicated  that  the 
shapes  of  rivet  heads  exposed  to  the  air  flow  had  little 
effect  on  the  drag,  that  countersunk  dimpled  rivet 
heads  were  about  as  objectionable  as  the  exposed  type, 
and  that  the  flush-type  head  gave  a  measurable  im¬ 
provement. 

x\n  investigation  in  the  full-scale  wind  tunnel  on  a 
mock-up  of  the  \  0-31A  airplane  to  determine  the 
drag  of  the  prestone  and  oil  radiators  shows  that,  even 
on  an  airplane  having  as  clean  a  radiator  installation 
as  the  YO-31A,  the  radiators  may  account  for  about 
12  percent  of  the  drag  of  the  complete  airplane;  the 
prestone  radiator  alone  accounts  for  more  than  8  per¬ 
cent  and  the  oil  radiator  alone  for  about  3  percent 
of  the  drag. 

Wing-Fuselage  Interference. — The  importance  of 
aerodynamic  interference  in  relation  to  the  improved 
speed  and  efficiency  of  the  modern  airplane  is  now  well 
known.  The  general  investigation  of  aerodynamic  in¬ 
terference  being  conducted  in  the  variable-density  wind 
tunnel  has  been  concerned  for  the  past  year  with  the 
interference  between  the  wing  and  the  fuselage 

The  first  and  largest  phase  of  this  program  has 
been  completed  and  the  results  are  being  published  as 
Technical  Report  No.  540,  which  constitutes  a  com¬ 
prehensive  study  of  the  subject,  including  the  results  of 
tests  of  209  different  combinations  of  wings  and  fuse¬ 
lages.  Important  favorable  interference  effects  are 
usually  the  result  of  drag  saved  by  enclosing  a  con- 
siderable  part  of  the  wing  surface  within  the  fuselage. 
Marked  adverse  interference  effects  are  associated  with 
a  breakdown  of  the  flow  near  the  wing-fuselage  junc¬ 
ture.  This  phenomenon,  referred  to  as  “the  interfer¬ 
ence  burble  ”,  is  a  complicated  one  dependent  on  the 
stability  of  the  flow  over  the  particular  airfoil  used 
and  the  conditions  at  the  wing- fuselage  juncture.  Effi¬ 
cient  airfoils  of  moderate  thickness  and  low  camber 
are  most  susceptible  to  such  adverse  interference.  The 
interference  burble  does  not  necessarily  affect  the  max¬ 
imum  lift  coefficient. 

The  program  is  now  being  extended  to  complete  the 
investigation  of  combinations  having  a  fuselage  of 
elliptical  section  and  of  combinations  having  a  wider 
variety  of  wings  than  were  originally  investigated, 
particularly  wings  fitted  with  various  high-lift  devices. 

The  investigation  of  wing-fuselage  interference  be¬ 
ing  made  in  the  full-scale  tunnel  on  the  mock-up  of 
the  YO-31A  airplane  has  been  completed  for  the 
parasol  positions  of  the  wing.  The  results  show  that 


there  is  little  choice  between  a  wing  position  at  the 
top  of  the  fuselage  and  one  ranging  to  18  inches  above 
the  fuselage.  The  decrease  in  interference  drag  as  the 
wing  is  raised  is  offset  by  the  increase  in  strut  drag. 

Wing’  -  Nacelle  -  Propeller  Interference. — The  mut ual 
effect  of  wing,  nacelle,  and  propeller  has  been  deter¬ 
mined  for  most  practical  cases  in  an  extensive  investi¬ 
gation  in  the  propeller-research  tunnel.  The  results 
have  been  presented  in  a  series  of  six  technical  reports 
supplemented  by  several  technical  notes.  Although 
the  research  has  not  been  as  intensively  prosecuted  dur 
ing  the  past  year  as  previously  because  of  the  urgency 
of  other  work,  several  experimental  studies  have  been 
made. 

Technical  Report  No.  507,  dealing  with  pusher  pro¬ 
pellers  behind  cowled  radial-engine  nacelles,  indicated 
good  propeller  efficiency  but  high  nacelle  drag.  If  the 
drag  could  be  reduced  the  pusher  nacelle-propeller  ar¬ 
rangement  would  appear  more  favorable.  Accordingly, 
several  tests  were  made  of  models  with  different 
cowling  shapes  for  radial  engines  with  which  pusher 
propellers  could  be  used.  Scarcely  any  improvement 
over  previous  results  was  obtained,  because  of  the  blunt 
shape  of  the  rear  part  of  the  nacelle  necessitated  by 
the  proximity  of  the  propeller  to  the  cylinders.  When 
a  spinner  was  used  to  improve  the  shape,  the  suction 
of  the  rotating  slipstream  apparently  increased  the 
drag.  Altogether,  the  pusher  propeller  driven  by  a 
radial  engine  is  not  efficient.  A  carefully  cowled 
radial  engine  well  forward  of  the  propeller  with  an 
extension  driving  shaft  seems  to  be  the  only  practicable 
arrangement.  The  possibilities  of  this  scheme  were 
suggested  2  years  ago,  but  no  comparative  data  have 
been  obtained.  A  short  series  of  tests  comparable  with 
those  of  other  combinations  is  being  made. 

The  increasing  use  of  in-line  engines,  especially  of 
the  smaller  powers,  indicated  a  need  for  more  informa¬ 
tion  regarding  nacelles  suitable  for  this  type  of  engine 
and  their  position  relative  to  the  wing  and  propeller. 
An  investigation  has  therefore  been  made  with  a  rep¬ 
resentative  nacelle  located  near  the  leading  edge  of  the 
thick  wing  used  in  some  of  the  early  work.  A  position 
directly  ahead  of  the  leading  edge  gave  the  highest 
efficiency,  but  the  propeller  could  be  located  somewhat 
closer  to  the  wing  than  the  position  required  for  the 
radial  engine.  The  drag  and  interference  for  small 
powers  (below  300  horsepower)  were  found  to  be 
slightly  higher  than  for  radial  engines.  Above  300 
horsepower  the  in-line  engine  should  have  the  advan¬ 
tage.  inasmuch  as  a  300-horsepower  in-line  engine  has 
practically  the  same  frontal  area  as  a  90-horsepower 
in-line  engine;  whereas  the  cross-sectional  area  of  the 
radial  engine  increases  with  power. 

Further  study  of  wing-propeller-nacelle  combina¬ 
tions  with  in-line  engines,  but  with  pusher  propellers, 
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is  to  be  made  in  the  next  few  months.  These  model 
tests  are  to  be  supplemented  by  tests  of  various  cowl¬ 
ings  on  an  actual  in-line  engine  to  determine  the  cowl¬ 
ing  shape  best  suited  to  low  drag  and  satisfactory 
cooling. 

Study  of  the  existing  data  indicates  that  the  cowled 
radial  engine  in  the  best  location  accounts  for  about 
10  percent  of  the  drag  of  modern  transport  airplanes 
that  have  a  top  speed  of  about  200  miles  per  hour. 
It  is  apparent  that  this  parasite  drag  must  be  reduced 
if  higher  speeds  are  to  be  obtained  without  consider¬ 
able  increase  of  power.  One  of  the  most  obvious  pos¬ 
sibilities  is  the  housing  of  the  engine  in  the  wing  with 
an  extension  shaft  to  the  propeller.  A  few  experiments 
simulating  this  arrangement  have  been  made.  They 
indicate  that,  although  the  arrangement  with  an  exten¬ 
sion  shaft  to  the  rear  driving  a  pusher  propeller  shows 
slightly  higher  propulsive  efficiency  than  was  shown 
by  tractor  propellers,  the  gain  in  efficiency  is  more 
than  offset  by  the  higher  drag  of  the  particular  shaft 
housing  tried.  It  may  be  practicable  to  reduce  the 
diameter  of  the  housing  and  further  investigation  with 
a  smaller  housing  is  contemplated. 

The  model  tests  thus  far  made  have  not  included  a 
radiator  or  other  device  necessary  to  cool  the  engine. 
The  evidence  now  available  shows  that  a  radiator  of 
the  type  projecting  into  the  air  stream  may  alone  ac¬ 
count  for  about  12  percent  of  the  airplane  drag  and, 
unless  improvements  are  made  in  it,  the  engine  in  the 
wing  with  an  extension  shaft  offers  no  advantage  over 
the  cowled  radial  engine.  Recent  results  of  the  investi¬ 
gation  of  radial-engine  cowling  point  to  the  possibil¬ 
ity  of  reducing  the  drag  of  a  radiator  by  a  carefully 
designed  cowling,  and  the  appraisal  of  the  engine-in¬ 
wing  scheme  must  await  the  solution  of  the  engine¬ 
cooling  problem  with  a  low-drag  radiator. 

In  most  multiengine  airplanes  the  nacelles  are  lo¬ 
cated  on  the  wing  and  there  may  be  additional  inter¬ 
ference  from  the  proximity  of  the  fuselage.  An  inves¬ 
tigation  with  a  model  of  a  complete  airplane  to  deter¬ 
mine  this  effect  has  been  made  by  moving  the  nacelles 
various  distances  from  the  fuselage.  The  results  were 
in  reasonable  agreement  with  previous  results  with  the 
nacelle  located  in  the  center  of  a  plain  wing. 

COWLING 

As  stated  in  previous  reports,  a  systematic  study  of 
engine  cowling  and  cooling  is  proceeding  in  three  main 
parts:  (1)  the  determination  of  the  cooling  require¬ 
ments  of  an  air-cooled  engine;  (2)  the  finding  of  the 
best  cowling  arrangement  to  obtain  the  necessary  cool¬ 
ing  with  minimum  drag;  and  (3)  the  verification  of 
the  results  of  parts  (1)  and  (2)  by  tests  on  complete 
full-size  engines.  Parts  (1)  and  (2)  have  proceeded  to 
such  a  point  that  the  third  part  of  the  investigation — 


tests  of  a  Wasp  SllM-G  engine,  kindly  loaned  by  the 
manufacturer — was  started  a  few  months  ago.  The 
agreement  between  the  results  of  parts  (1)  and  (2) 
and  part  (3)  is,  in  general,  quite  good.  In  the  course 
of  the  tests  on  the  actual  engine,  a  number  of  new 
phenomena  were  discovered  by  extensive  velocity  meas¬ 
urements  and  smoke-flow  studies.  Certain  differences 
between  the  test  conditions  on  the  actual  engine  and 
the  model  were  discovered,  and  some  additional  work 
on  parts  (1)  and  (2)  is  required,  as  well  as  additional 
engine  tests,  before  recommendations  as  to  cowling  de¬ 
sign  can  be  prepared.  The  tests  of  the  actual  engine 
show  the  quite  remarkable  efficiency  of  the  correctly 
designed  N.  A.  C.  A.  cowlings  and  will  be  carried  on 
until  the  essential  design  factors  have  been  established. 

It  was  found  that  relatively  minor  changes  in  the 
shape  of  the  leading  edge  had  a  large  effect  on  the  drag 
of  the  cowling  and  that  also,  in  general,  an  increase 
in  the  quantity  of  cooling  air  increased  the  drag  pro¬ 
portionally.  The  proximity  of  the  propeller  was  also 
found  to  exert  an  influence.  An  installation  in  the 
propeller-research  tunnel  that  permits  the  actual  de¬ 
termination  of  the  cowling  and  propeller  efficiency  is 
being  completed  at  the  present  time.  In  this  installa¬ 
tion  the  engine  cowling  is  completely  detached  from 
the  nacelle  and  propeller,  permitting  the  direct  meas¬ 
urement  of  the  drag  of  the  engine-cowling  unit  and, 
incidentally,  permitting  the  measurement  of  the  true 
propeller  efficiency.  The  main  object  of  this  particular 
investigation  is  to  obtain  design  information  on  the 
aerodynamic  properties  of  the  N.  A.  C.  A.  cowlings. 

PROPELLER  DESIGN 

The  increase  in  the  speed  of  airplanes  has  rendered 
inadequate  the  existing  data  on  propellers.  The  in¬ 
vestigation  of  full-size  metal  propellers  at  pitch  set¬ 
tings  up  to  27°  was  well  above  any  requirements  at  the 
time  it  was  made.  Recent  transport  designs  are  using 
pitch  settings  of  35°.  As  a  preliminary  to  a  more  ex¬ 
tensive  study,  tests  were  made  with  an  N.  A.  C.  A. 
cowled  nacelle-and-wing  combination  and  a  4-foot  pro¬ 
peller  with  a  series  of  settings  up  to  42°.  The  results 
of  these  tests,  which  will  be  published  soon,  show  that 
the  maximum  efficiency  is  reached  at  a  setting  of  from 
28°  to  32°.  The  particular  propeller  used  was  de¬ 
signed  for  low  pitch;  at  high  pitch  settings  the  pitch 
distribution  is  not  the  best,  and  may  partly  account 
for  the  lack  of  efficiency  above  the  32°  setting. 

Most  propellers  in  use  in  this  country  have  either 
the  Clark  Y  or  modified  R.  A.  F.  G  airfoil  sections. 
The  superiority,  in  most  respects,  of  the  modified 
R.  A.  F.  G  airfoil  was  pointed  out  some  years  ago. 
A  study  of  airfoils  in  the  high-speed  wind  tunnel  has 
indicated,  however,  that  there  may  be  some  advantage 
in  certain  other  sections.  At  the  request  of  the  Bureau 
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of  Aeronautics,  Navy  Department,  an  investigation 
of  full-scale  propellers  is  being  planned  to  include  new 
airfoil  sections,  modern  plan  forms,  different  pitch 
distributions,  higher  pitch  settings,  and  two  and  three 
blades.  The  program  is  expected  to  settle  simultane¬ 
ously  a  number  of  propeller  questions  and  to  provide 
information  useful  in  the  analysis  of  present  and 
future  designs.  As  a  preliminary  to  this  investiga¬ 
tion,  a  comprehensive  analysis  of  design  requirements 
under  widely  varying  conditions  of  power,  rotation 
speed,  altitude,  etc.,  is  being  made.  The  results  should 
indicate  the  proper  design  trends  for  best  results  and 
may  show  methods  of  overcoming  the  low  efficiency 
now  occurring  in  certain  ranges  of  propeller  operation. 

PROPELLER  NOISE 

A  detailed  study  of  the  noise  emission  from  an  S1/^- 
foot  propeller  has  been  completed  (Technical  Report 
No.  526).  This  work  showed  the  distribution  of  sound 
in  various  directions  about  the  propeller  and  the  ex¬ 
tent  to  which  the  ear  responds  to  this  distribution  in 
recognizing  loudness.  Estimates  were  made  of  the 
total  power  output  in  sound. 

Similar  measurements  have  been  made  on  full-size 
propellers  of  various  diameters,  thickness  ratios,  sec¬ 
tion  shape,  and  numbers  of  blades.  The  results  show 
that  the  original  division  of  the  sound  into  the  rotation 
noise  (roar)  and  vortex  noise  (swish)  is  a  logical  one 
because  the  two  groups  of  sounds  obey  quite  different 
laws.  The  results  also  show  how  different  frequency 
bands  determine  the  loudness  of  the  noise  in  different 
directions  and  at  different  distances. 

In  order  to  obtain  information  regarding  vortex 
noise  by  itself,  without  the  accompanying  rotation 
noise,  a  study  was  made  of  the  sound  from  rotating 
cylindrical  rods  (Technical  Note  No.  519).  This 
sound  consists  almost  exclusively  of  vortex  noise  and 
much  valuable  information  was  secured  from  this 
study.  It  showed  among  other  things  that  the  von 
K  arman  formula  for  the  frequency  of  vortex  emission 
holds  for  simple  shapes  like  cylinders  at  audible  fre¬ 
quencies. 

The  N.  A.  C.  A.  sound  analyzer  has  been  continu¬ 
ously  improved  to  assist  in  research  into  the  nature  of 
propeller  noise.  The  design  of  this  analyzer  is  radical¬ 
ly  different  from  any  heretofore  devised;  its  develop¬ 
ment  was  made  necessary  by  the  transient  nature  of 
the  phenomena  involved  in  propeller  noise.  The  fre¬ 
quency  band  passed  by  the  present  analyzer  is  con¬ 
tinuously  variable. 

It  was  suspected,  owing  to  the  type  of  wave  emitted 
from  a  propeller  and  the  known  unsymmetrical  re¬ 
sponse  of  the  ear  to  sounds  of  high  intensity,  that 
certain  peculiar  subjective  effects  would  take  place 


close  to  a  propeller.  These  effects  were  found  to  occur 
and  the  results  of  the  investigation  were  published  in 
the  Journal  of  the  Acoustical  Society  of  America  for 
October  1934  under  the  title  “Aural  Rectification.” 

AIRFOILS 

The  development  of  an  improved  basic  airfoil  sec¬ 
tion  as  the  result  of  investigations  of  a  large  number 
of  related  airfoils  in  the  variable-density  wind  tunnel 
was  mentioned  last  year.  The  results  of  the  investi¬ 
gation  of  related  airfoils  having  the  maximum  camber 
at  a  point  unusually  far  forward,  which  is  the  phase 
of  the  work  recently  completed,  are  being  published  in 
Technical  Report  No.  537.  The  new  section,  referred 
to  last  year  as  the  N.  A.  C.  A.  A-312  and  since  desig¬ 
nated  the  N.  A.  C.  A.  23012,  has  been  further  investi¬ 
gated  during  the  year  by  testing  a  large  wing  having 
this  section  in  the  full-scale  wind  tunnel.  The  results 
from  the  full-scale  wind  tunnel  confirmed  the  excellent 
characteristics  of  this  airfoil  as  indicated  by  the  re¬ 
sults  from  the  variable-density  wind  tunnel;  in  fact, 
the  comparison  with  conventional  sections  is  even  more 
favorable  to  the  new  section  when  based  on  the  data 
from  the  full-scale  tunnel  than  when  based  on  the 
variable-density-tunnel  data  (Technical  Report  No. 
530). 

The  investigation  of  airfoil  sections  in  the  variable- 
density  wind  tunnel  has  also  been  extended  to  study 
the  possibilities  of  improving  the  new  section.  Thir¬ 
teen  additional  airfoils  varying  geometrically  in  sev¬ 
eral  directions  from  the  N.  A.  C.  A.  23012  have  been 
investigated.  The  variations  consisted  of  changes  in 
the  leading-edge  radius,  the  maximum  thickness,  the 
position  of  the  maximum  thickness,  the  maximum 
camber,  and  the  position  of  the  maximum  camber. 
The  results  confirm  the  original  findings  that  the  best 
position  for  the  maximum  camber  is  at  0.15  of  the 
chord  from  the  leading  edge,  corresponding  to  the 
maximum-camber  position  for  the  N.  A.  C.  A.  230 
mean  line.  Reports  giving  the  results  of  this  work 
are  in  preparation. 

Tapered  Wings. — In  connection  with  an  investigation 
of  wing-fuselage  interference,  an  investigation  was 
made  in  the  full-scale  wind  tunnel  on  a  tapered  wing 
of  the  U.  S.  A.  45  section  having  a  span  of  46  feet, 
built  to  fit  the  YO-31A  airplane.  Pressure-distribu¬ 
tion  measurements  as  well  as  force  measurements  were 
made  on  this  wing  and  the  scale  effect  was  studied  bv 
making  the  tests  at  different  air  speeds.  (See  Tech¬ 
nical  Note  No.  521.) 

The  tests  in  the  variable-density  wind  tunnel  of 
tapered  airfoils  with  sweepback  and  twist,  mentioned 
in  the  1934  annual  report,  have  been  completed.  The 
investigation  of  tapered  wings  is  being  continued  by 
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the  preparation  of  data  for  the  analytical  determina¬ 
tion  of  the  characteristics  of  tapered  wings  based  on 
the  experimentally  determined  characteristics  of  the 
wing  sections.  A  new  series  of  tapered  airfoils  is 
being  built  for  test  at  the  request  of  the  Army  Air 
Corps. 

An  investigation  of  rectangular  airfoils  with 
rounded  tips  requested  by  the  Army  Air  Corps  has 
also  been  completed.  The  results  indicate  that  exist¬ 
ing  wing  theory  is  inadequate  to  account  for  the  ex¬ 
perimentally  observed  differences  between  rectangular 
and  rounded-tip  wings.  The  data  have,  however, 
provided  empirical  corrections  that  may  be  applied 
to  data  obtained  from  tests  of  rectangular  airfoils 
to  obtain  more  reliable  airfoil  section  characteristics. 

Scale  Effect. — The  investigation  of  airfoil  characteris¬ 
tics  as  influenced  by  scale  effect  has  been  included 
during  the  year  particularly  in  the  program  of  the 
variable-density  wind  tunnel,  which  is  especially 
adapted  to  this  type  of  investigation.  Such  investi¬ 
gations,  which  have  formerly  been  of  value  mainly 
for  the  interpretation  of  small-scale  model  tests,  have 
proved  to  be  of  primary  importance  because  airfoil 
characteristics  have  been  found  to  vary  considerably 
within  the  full-scale  range  of  values  of  the  Reynolds 
Number  and  because  even  the  largest  wind  tunnels 
cannot  attain  the  large  dynamic-scale  values  associated 
with  large  modern  high-speed  airplanes. 

The  scale-effect  investigation  may  be  subdivided 
into  three  phases:  (1)  Investigation  of  the  funda¬ 
mental  nature  of  the  phenomena;  (2)  investigations 
dealing  with  turbulence  and  the  interpretation  of 
wind-tunnel  data;  and  (3)  the  measurement,  classifi¬ 
cation,  and  interpretation  of  actual  scale  effects  from 
tests  of  models  in  the  variable-density  wind  tunnel. 
The  study  of  the  fundamentals  of  the  phenomena  is, 
in  fact,  mainly  in  an  investigation  of  the  boundary 
layer,  inasmuch  as  scale  effects  result  directly  or  in¬ 
directly  from  changes  in  the  character  of  the  boundary 
layer  with  variations  of  the  Reynolds  Number.  The 
investigation  of  the  boundary  layer  is  directed  toward 
gaining  an  understanding  of  its  behavior  as  regards 
the  skin  friction  of  the  laminar  and  turbulent  layers, 
the  separation  of  the  laminar  and  turbulent  layers, 
and  finally  the  transition  from  the  laminar  to  the  tur¬ 
bulent  layer.  Fairly  satisfactory  methods  of  analysis 
of  the  skin  friction  of  the  laminar  layer  are  available; 
an  analysis  of  the  separation  of  the  laminar  boundary 
layer  is  given  in  Technical  Report  No.  504.  During 
the  year  the  accuracy  of  this  method  of  analysis  was 
investigated  by  comparing  the  calculated  separation 
point  of  the  laminar  boundary  layer  of  an  elliptic  cyl¬ 
inder  with  experimental  results  obtained  at  the  Na¬ 
tional  Bureau  of  Standards  (Technical  Report  No. 
527).  The  comparison  indicates  that  the  method  of 
calculating  the  laminar-layer  separation  is  satisfac¬ 


tory  provided  that  data  experimentally  determine! 
on  the  pressure  distribution  are  available. 

Another  phase  of  this  work  is  concerned  with  tin 
theoretical  potential-flow  pressure  distribution  a* 
affected  by  the  presence  of  the  boundary  layer.  Thi 
subject  is  being  investigated  by  a  comparison  of  ven 
carefully  measured  pressures  about  the  N.  A.  C.  A 
4412  airfoil  in  the  variable-density  wind  tunnel  witli 
pressure  distributions  from  potential-flow  calculations. 
It  appears  that  the  observed  differences  are  such 
might  be  expected  to  result  from  the  neglect  of  the 
frictional  layer  in  the  “ideal  fluid'’  or  potential-flow 
theory.  A  method  of  correcting  the  calculations  from 
the  potential-flow  theory  will  be  included  in  a  report 
now  in  preparation.  This  method  permits  the  pres¬ 
sure  distribution  about  airfoil  sections  to  be  calcu¬ 
lated  with  greater  accuracy  than  has  heretofore  been 
possible. 

The  turbulent  boundary  layer  has  not  proved  to  be 
as  susceptible  to  analysis  as  the  laminar  layer  blit 
semiempirical  analyses  of  some  value  are  available, 
From  the  standpoint  of  those  studying  scale  effect, 
the  phase  of  the  problem  dealing  with  the  nature  of 
the  transition  region  as  affecting  separation  and  the 
succeeding  turbulent  layer  appears  to  be  of  the  great¬ 
est  immediate  importance.  In  fact,  the  marked  scale 
effects  that  have  been  observed  experimentally  appear 
to  be  largely  dependent  on  the  transition  of  the  laminar 
to  the  turbulent  layer.  The  investigation  of  the  transi¬ 
tion  is  being  started  by  means  of  smoke-flow  observa¬ 
tions  in  the  smoke  tunnel  and  in  flight.  During  the 
year  some  of  the  smoke-tunnel  moving  pictures  have 
been  assembled  as  Technical  Film  No.  2,  which  is  now 
available  for  loan. 

Finally,  the  required  engineering  data  on  scale  effect 
are  being  largely  obtained  from  tests  in  the  variable- 
density  wind  tunnel  and  by  comparisons  of  airfoil  tests 
in  the  full-scale  wind  tunnel,  in  the  variable-density 
wind  tunnel,  and  in  the  smaller  atmospheric  wind 
tunnels.  The  main  investigation  has  consisted  of  tests 
of  a  variety  of  related  airfoil  sections  in  the  variable- 
density  wind  tunnel  over  a  wide  range  of  values  of  the 
Reynolds  Number.  The  investigation  will  eventually 
include  also  airfoil  sections  with  various  high-lift  de¬ 
vices.  The  most  notable  result  is  the  conclusion  that 
airfoils  may  be  classified  with  respect  to  the  character 
of  their  maximum-lift  scale  effect.  Well-known  and 
commonly-used  airfoils  have  been  thus  classified  and 
a  report  on  scale  effect  now  in  preparation  will  give 
the  various  scale-effect  functions  so  that  the  data  on 
any  airfoil  that  has  been  classified,  as  indicated  in  the 
standardized  tabulation  of  its  important  aerodynamic 
characteristics,  may  be  easily  corrected  for  scale  effect. 

Aerodynamic  Effects  at  High  Speeds. — Investigations 
of  the  aerodynamic  phenomena  encountered  at  high 
speeds,  or  the  so-called  “compressibility  effects”,  are 
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of  importance  mainly  in  relation  to  the  adverse  effects 
on  propellers  having  high  tip  speeds  although,  with 
the  increasing  speeds  of  modern  airplanes,  compressi¬ 
bility  effects  are  beginning  to  be  significant  for  the 
wing  and  other  component  parts  of  airplanes  as  well. 
The  Committee’s  investigations  of  high-speed  phe¬ 
nomena  have  been  greatly  assisted  during  the  past  year 
by  the  addition  of  the  new  24-inch  high-speed  wind 
tunnel  in  which  airfoils  of  5-inch  chord  may  be  tested. 

The  air  flow  associated  with  the  abrupt  detrimental 
changes  in  airfoil  characteristics  observed  as  the  air 
velocity  approaches  the  velocity  of  sound  was  referred 
to  in  the  1934  annual  report  as  the  “compressibility 
burble  ”  but  little  was  then  known  of  the  fundamental 
nature  of  the  phenomenon.  An  investigation  of  the 
compressibility  burble  has  been  conducted  in  the  24- 
inch  high-speed  wind  tunnel.  Simultaneous  Schlieren 
photographs  and  pressure-distribution  measurements 
of  the  flow  about  an  N.  A.  C.  A.  4412  airfoil  have  been 
made  to  determine  the  physical  character  of  the 
“  compressibility  burble.” 

The  results  obtained  indicate  the  following  possible 
explanation  of  the  flow  phenomenon.  As  the  free- 
strearn  air  speed  approaches  the  velocity  of  sound,  the 
air  in  passing  over  the  airfoil  surface  is  accelerated  to 
speeds  in  excess  of  the  local  velocity  of  sound  and, 
when  this  condition  occurs,  a  compression  shock  is 
formed  that  involves  a  more  or  less  sudden,  rather  than 
a  gradual,  retardation  of  the  flow  and  a  dissipation  of 
energy.  The  source  of  the  increased  drag  observed  at 
the  compressibility  burble  is  the  compression  shock  and 
the  excess  drag  is  due  to  the  conversion  of  a  consider¬ 
able  amount  of  the  air-stream  kinetic  energy  into  heat. 
The  compressibility  burble  appears  when  the  velocity 
at  any  point  in  the  flow  equals  or  exceeds  the  velocity 
of  sound.  A  report  covering  this  investigation  is  being 
prepared. 

THEORY  OF  PRESSURE  DISTRIBUTION 

The  study  of  the  potential  flow  about  elongated  bod¬ 
ies  of  revolution  has  been  completed  and  the  results 
presented  in  Technical  Report  No.  516.  The  method 
has  since  been  extended  to  include  the  theoretical  de¬ 
termination  of  the  pressure  distribution  over  airship 
shapes  in  curvilinear  flight. 

A  general  study  of  compressible  flows  has  been 
started.  The  investigation  has  been  limited  to  veloci¬ 
ties  in  the  neighborhood  of  that  of  sound  where  the 
flow  may  still  be  described  by  a  velocity  potential. 
Thus  far,  the  various  theoretical  methods  devised  by 
G.  Braun,  L.  Poggi,  and  Lord  Rayleigh  have  been 
applied  to  simple  shapes  like  a  cylinder  and  a  sphere 
in  order  to  obtain  some  knowledge  of  their  relative 
merits  and  the  further  applicability  to  the  flow  about 
airfoil  profiles. 


A  paper  on  the  theory  of  arbitrary  biplane  wing- 
sections  in  two-dimensional  potential  flow  has  been 
completed  and  is  in  process  of  publication.  The  theory 
may  be  regarded  as  a  natural  generalization  of  the 
method  of  Theodorsen  in  the  treatment  of  the  arbi¬ 
trary  single  airfoil.  (See  Technical  Report  No.  411 
and  Technical  Report  No.  452.)  The  analysis  is  gen¬ 
eral  and  includes  the  effects  of  the  following-  arbitrary 
parameters:  Gap-chord  ratio,  stagger,  chord  ratio,  de- 
calage,  and  profile  shapes.  The  individual  velocity 
and  pressure  distribution  on  each  wing  of  the  biplane 
combination  may  be  completely  determined  for  any 
angle  of  attack.  A  method  has  also  been  outlined 
by  which  certain  related  families  of  biplane  arrange¬ 
ments  may  lie  systematically  produced  in  an  artificial 
or  indirect  manner,  for  which  the  potential-flow  char¬ 
acteristics  are  more  readily  derived.  The  numerical 
procedure  has  been  carried  through  for  a  biplane  ar¬ 
rangement  of  the  N.  A.  C.  A.  4412  airfoil,  and  a  com¬ 
parison  made  with  the  monoplane  case. 

THEORY  OF  AIRPLANE  FLUTTER 

The  theoretical  investigation  reported  in  Technical 
Report  No.  496  has  been  further  extended  to  include 
the  effect  of  damping.  This  work  has  not  yet  been 
published.  It  may  be  stated,  in  general,  that  friction 
has  a  beneficial  effect  or  that  the  flutter  is  delayed 
when  friction  is  present. 

VIBRATION  RESEARCH 

The  investigation  of  airplane  vibration  has  been 
confined  to  the  study  of  (he  cause  of  propeller  failure. 
Close  cooperation  has  been  maintained  both  with  the 
military  branches  and  the  industry.  The  purpose  of 
this  investigation  is  to  produce  rational  design  data 
on  propellers  and  crankshafts,  taking  into  account  the 
complete  vibration  characteristics  of  the  combination. 
Possibly  the  most  distinct  contribution  by  the  Com¬ 
mittee  during  the  past  year  is  the  development  of  a 
method  for  determining  the  critical  propeller  fre¬ 
quencies  of  a  revolving  propeller.  This  method  has 
been  described  in  Technical  Note  No.  516,  and  is  based 
on  the  use  of  a  model  propeller.  A  study  of  the  effect 
of  the  mounting  of  the  propeller  on  the  hub,  as  com¬ 
pared  with  results  obtained  with  the  propeller  sus¬ 
pended  free  in  a  sling,  is  also  being  conducted.  The 
equipment  described  in  last  year’s  report  has  been 
further  improved. 

WIND-TUNNEL  CORRECTIONS 

The  investigation  of  turbulence  in  the  various  wind 

r* 

tunnels  of  the  Committee  by  drag  and  pressure  meas¬ 
urements  on  spheres  mentioned  in  the  1934  annual  re- 
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port  has  been  completed.  In  addition  to  the  tests  in 
wind  tunnels,  similar  measurements  were  made  in  flight 
by  suspending  a  sphere  below  an  autogiro  and  in  the 
practically  motionless  air  of  the  N.  A.  C.  A.  tank  by 
mounting  the  sphere  on  a  spar  ahead  of  the  towing 
carriage.  The  results  obtained  in  the  tank  agree  closely 
with  those  obtained  in  flight,  indicating  that  the  at¬ 
mosphere  may  be  regarded  as  nonturbulent  insofar 
as  turbulence  affects  the  boundary  layer  on  airfoils  of 
normal  size. 

Through  a  correlation  of  scale-effect  measurements 
on  airfoils  in  the  full-scale  and  variable-density  wind 
tunnels  and  the  above-mentioned  measurements  on 
spheres,  a  tentative  method  of  correcting  the  maximum 
lift  coefficients  of  most  airfoils  for  the  effect  of  tur¬ 
bulence  has  been  developed.  This  method,  explained 
in  Technical  Report  No.  530,  involves  the  use  of  a 
“turbulence  factor.”  If  the  actual  Reynolds  Number 
of  a  test  on  an  airfoil  in  a  certain  tunnel  is  multiplied 
by  the  turbulence  factor  for  that  tunnel,  the  resulting 
“  effective  Reynolds  Number  ”  is  that  at  which  the 
measured  maximum  lift  coefficient  would  occur  in  a 
nonturbulent  air  stream  corresponding  to  flight. 

In  connection  with  the  testing  of  airplanes  in  the 
full  -scale  wind  tunnel  difficulty  has  been  experienced 
in  accurately  measuring  the  pitching  moments  with 
power  on.  It  appears  that  with  the  airplane  mounted 
in  the  tunnel  the  propeller  slipstream  may  introduce 
a  downwash  effect  at  the  tail  which  does  not  exist  in 
flight.  An  investigation  has  been  started  to  deter¬ 
mine  the  nature  and  magnitude  of  this  effect  and.  if 
possible,  to  arrive  at  a  suitable  correction. 

ROTATING- WING  AIRCRAFT 

Considerable  work  on  rotating  wings  and  on  rotat- 
ing-wing  aircraft  has  been  accomplished  during  the 
past  year.  This  research  is  being  carried  forward  be¬ 
cause  of  the  marked  advantages  possessed  by  the  rotat¬ 
ing  wing  in  comparison  with  the  fixed  wing  in  respect 
to  safe,  controllable  flight  at  low  speeds. 

The  published  results  of  an  investigation  of  a  full- 
scale  autogiro  rotor  in  the  full-scale  wind  tunnel 
(Technical  Report  No.  515)  demonstrate  the  influence 
of  blade  pitch  setting  and  rotor  speed  upon  rotor  char¬ 
acteristics.  These  data  are  now  being  used  to  check 
the  validity  of  revisions  to  the  strip  analysis  of  the 
autogiro  rotor. 

The  influence  of  change  in  the  incidence  of  the  fixed 
wing  of  an  autogiro  upon  the  load  division  and  rotor 
speed  has  been  determined  in  flight  and  the  informa¬ 
tion  published  as  Technical  Report  No.  523.  The 
data  have  been  presented  so  as  to  assist  in  the  calcu¬ 
lation  of  the  wing  incidence  required  for  any  load 
division;  in  addition,  it  has  been  shown  that  the  inter¬ 


ference  effect  of  the  wing  upon  the  rotor  is  so  small 
as  to  be  negligible. 

An  investigation  in  flight  on  a  direct-control  type  oi 
autogiro  employing  a  cantilever  three-blade  rotor  has 
been  made  for  the  purpose  of  studying  the  rotor  vi¬ 
brations  and  the  flapping  and  twist  of  the  rotor  blades, 
The  results  of  this  investigation  will  be  incorporated 
in  a  report. 

A  report  is  now  being  prepared  giving  the  results 
of  a  study  of  a  series  of  autogiro  models  of  10-foot 
diameter  in  the  propeller-research  tunnel.  The  influ¬ 
ences  of  changes  in  the  rotor-blade  airfoil  section  and 
in  the  blade  plan  form  were  studied;  the  results 
showed  that  it  was  disadvantageous  to  increase  the  air¬ 
foil  section  thickness  from  12  percent  to  18  percent 
and  that  the  reduction  of  blade  chord  near  the  rotor 
hub  reduced  the  lift-drag  ratio  of  the  rotor.  Anom¬ 
alies  in  the  results  indicated  that  the  blades  twisted 
during  test,  and  indicated  the  necessity  of  investigat¬ 
ing  the  influence  of  blade  twist  in  order  to  isolate  the 
influence  of  individual  factors. 

An  experimental  investigation  of  autogiro  take-off, 
in  which  the  kinetic  energy  of  the  rotor  is  employed  to 
obtain  an  initially  vertical  flight  path,  has  been 
started.  The  effects  of  blade  pitch  setting,  initial  ro¬ 
tor  speed,  and  disk  loading  upon  the  height  of  free 
rise  are  being  studied. 

The  results  of  an  investigation  in  the  propeller- 
research  tunnel  on  a  10-foot-diameter  gyroplane  rotor 
have  been  published  in  Technical  Report  No.  536. 
Data  that  show  the  influence  of  blade  pitch  setting 
solidity,  and  feathering  angle  upon  the  rotor  charac¬ 
teristics  have  been  obtained;  the  effect  of  feathering 
angle  upon  the  control  moments  available  was  also 
studied. 

AIRSHIPS 

At  the  request  of  the  Bureau  of  Yards  and  Docks, 
Navy  Department,  the  wind  pressures  on  a  1/40-scale 
model  of  the  Lakehurst  airship  hangar  were  deter¬ 
mined  in  the  full-scale  wind  tunnel  with  the  hangar 
mounted  on  a  ground  board  and  yawed  0°,  30°,  60°, 
and  90°  to  the  wind.  A  screen  was  employed  in  the 
entrance  cone  of  the  tunnel  to  produce  a  wind  gradient 
comparable  with  that  previously  measured  in  the  vicin¬ 
ity  of  the  landing  space  at  Langley  Field.  In  addi¬ 
tion  to  the  wind  pressures  on  the  hangar,  a  survey  of 
the  air  velocity  in  its  wake  and  a  general  study  of  the 
air  flow  about  the  hangar  by  means  of  smoke-flow 
photographs  were  made. 

In  order  to  determine  the  forces  acting  on  an  air¬ 
ship  during  handling  while  in  proximity  to  the  ground, 
an  investigation  was  made  in  the  full-scale  wind  tun¬ 
nel  on  a  1/40-scale  model  of  the  U.  S.  airship  Akron 
in  which  the  lift,  the  drag,  the  cross-wind  forces,  and 
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the  moments  about  the  three  axes  were  measured  with 
the  model  at  four  different  heights  above  a  ground 
board  and  at  each  height  yawed  0°,  30°,  60°,  90°,  150°, 
and  180°  to  the  wind.  In  addition  to  the  force  meas¬ 
urements,  photographs  of  smoke  flow  were  made  for 
each  condition  of  yaw  at  one  height.  The  wind  gradi¬ 
ent  that  was  produced  for  the  investigation  of  the  wind 
pressures  on  a  hangar  was  used. 

Work  on  full-size  airships  during  the  past  year  has 
consisted  chiefly  in  rendering  assistance  to  the  Army 
Air  Corps  and  Bureau  of  Aeronautics  of  the  Navy 
from  time  to  time  as  requested.  Instruments  were 
installed  on  the  Army  TC-13  airship  to  record  the 
tension  developed  in  flight  on  certain  fin  brace  wires 
to  help  explain  structural  failures  of  the  fins  encoun¬ 
tered  several  times  in  flight.  A  multiple  manometer 
has  been  installed  in  the  U.  S.  airship  Los  Angeles  for 
the  purpose  of  determining  the  air  loads  due  to  winds 
with  the  airship  at  the  mast.  An  accelerometer  for 
airship  use  was  designed  and  constructed  and  is  being 
used  in  the  mooring-out  tests  of  the  Los  Angeles.  In 
order  to  assist  the  Air  Corps  in  determining  the  per¬ 
formance  of  airships  a  memorandum  describing  the 
procedure  to  be  followed  in  making  accurate  measure¬ 
ments  of  air  speed  and  rate  of  climb  was  prepared. 

FIELD  OF  VIEW 

The  investigation  of  the  field  of  view  from  pilots’ 
cockpits  has  been  continued  throughout  the  year.  A 
description  of  the  method  and  apparatus  employed  and 
the  type  of  chart  developed  has  been  published  in 
Technical  Report  No.  514.  The  collection  of  charts 
for  various  airplanes  has  been  extended  to  include,  in 
particular,  several  new  types  of  airplanes  for  the 
Bureau  of  Aeronautics,  which  now  includes  field-of- 
view  charts  for  each  airplane  in  its  acceptance-test 
reports. 

AIRPLANE  RANGE 

In  view  of  considerable  interest  in  the  design  of 
long-range  airplanes,  a  rather  complete  analysis  has 
been  made  of  the  factors  involved  and  their  relative 
importance  in  securing  long  range.  A  report  is  in 
preparation  giving  the  results  of  this  study.  In  it  are 
dismissed  the  essential  features  of  airplanes  designed 
for  long  range  and  reasonable  compromises  that  may 
be  made  in  the  interest  of  utility. 

MISCELLANEOUS  SERVICES  TO  OTHER  GOVERNMENT 

ESTABLISHMENTS 

Flotation-Gear  Actuators. — At  the  request  of  the  Bu¬ 
reau  of  Aeronautics,  Navy  Department,  the  Committee 
investigated  the  pressures  developed  in  flight  bv  tubes 
which  were  mounted  in  various  parts  of  the  airplane 
and  which,  upon  submersion,  automatically  actuated 


the  flotation  gear.  The  purpose  of  the  measurements 
was  to  determine  whether  there  was  any  possibility 
that  the  positive  pressures  developed  in  flight  would 
be  sufficient  to  release  the  flotation  gear,  and  whether 
the  negative  pressures  would  be  of  sufficient  magni¬ 
tude  to  damage  the  mechanism. 

Camera  Shield  on  Bellanca  Monoplane. — The  Com¬ 
mittee  conducted  a  brief  investigation  for  the  United 
States  Coast  and  Geodetic  Survey  of  the  effectiveness 
of  screens  intended  to  protect  in  flight  a  new  type 
of  multiple-lens  aerial  camera  from  aerodynamic  forces 
and  from  oil  or  dirt  from  the  engine.  It  was  neces¬ 
sary  that  the  camera  protrude  several  inches  below 
the  floor  of  the  airplane  fuselage  and  that  the  screen 
be  several  feet  from  the  camera  in  order  to  avoid 
obstructing  the  camera  field.  A  simple  flat  plate  set 
normal  to  the  air  stream  was  first  tried  and  was  found 
to  be  unsatisfactory,  because  of  the  erratic  flow  condi¬ 
tion  behind  it,  which  was  eliminated  by  opening  sev¬ 
eral  narrow  longitudinal  slots  in  the  plate  to  permit 
the  passage  of  a  limited  quantity  of  air.  An  appar¬ 
ently  satisfactory  screen  was  thus  obtained. 

Improvement  of  the  Characteristics  of  the  XFT-1  Air¬ 
plane. — At  the  request  of  the  Bureau  of  Aeronautics, 
Navy  Department,  tests  were  made  in  the  full-scale 
wind  tunnel  to  improve  the  lift  and  drag  character¬ 
istics  of  the  XFT-1  single-seater  fighter.  Modifica¬ 
tions  of  the  N.  A.  C.  A.  engine  cowling  and  the  landing 
gear  were  made  to  reduce  the  drag,  and  the  aile¬ 
rons  were  drooped  to  increase  the  lift.  By  an  exten¬ 
sion  of  the  lower  part  of  the  cowling  back  over  the 
leading  edge  of  the  wing,  the  velocity  of  the  air  leav¬ 
ing  the  cowling  slot  was  made  to  approach  more 
nearly  that  of  the  air  over  the  wing  where  the  two 
streams  joined.  This  arrangement  reduced  the  drag 
coefficient  of  the  airplane  for  the  high-speed  condition 
from  0.0453  to  0.0439.  Compressing  the  landing  gear 
7.5  inches  further  reduced  the  drag  coefficient  by 
0.0013.  These  two  major  changes,  together  with  sev¬ 
eral  minor  ones,  reduced  the  drag  coefficient  of  the 
complete  airplane  to  0.0387,  which  should  permit  an 
increase  in  speed  of  12.5  miles  per  hour  for  the  same 
power. 

Efforts  to  increase  the  maximum  lift  were  less  ef¬ 
fective.  Drooping  the  ailerons  15°  increased  the  maxi¬ 
mum  lift  coefficient  only  from  1.57  to  1.65;  whereas 
the  extension  of  the  engine  cowling,  made  to  reduce 
the  drag,  increased  the  maximum  lift  coefficient  from 
1.57  to  1.64. 

NATIONAL  BUREAU  OF  STANDARDS 

WIND-TUNNEL  INVESTIGATIONS 

The  aerodynamic  activities  of  the  National  Bureau 
of  Standards  have  been  conducted  in  cooperation  with 
the  National  Advisorv  Committee  for  Aeronautics. 
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Apparatus  for  Measuring'  Turbulence. — A  simple  ap¬ 
paratus  utilizing  the  diffusion  of  heat  downstream 
from  a  heated  wire  lias  been  developed  as  a  turbulence 
indicator.  In  principle  the  apparatus  depends  on  the 
diffusing  action  of  turbulence  which  causes  the  heated 
wake  back  of  the  wire  to  widen  in  proportion  to  the 
amount  of  turbulence  present  in  the  stream.  From 
measurements  of  the  width  at  a  fixed  distance  back  of 
the  wire,  it  was  found  that  the  width  depended  only 
on  the  ratio  of  the  root  mean  square  of  the  speed  fluc¬ 
tuations  to  the  average  speed,  a  quantity  usually  termed 
“  percentage  turbulence.”  The  width  of  the  wake  is 
therefore  taken  as  a  measure  of  percentage  turbulence. 
Unlike  the  critical  Reynolds  Number  of  spheres,  men¬ 
tioned  in  last  year’s  report,  the  indication  does  not 
depend  on  the  scale  or  eddy  size  of  the  turbulence, 
unless  the  eddy  size  is  much  smaller  than  that  ordi¬ 
narily  found  or  the  width  of  the  wake  is  measured  at 
great  distance  from  the  wire.  This  work  has  been  pub¬ 
lished  in  Technical  Report  No.  524. 

Mention  was  made  in  last  year’s  report  of  the  so- 
called  “  pressure  sphere  ”  as  a  simplification  in  the 
use  of  spheres  for  measuring  turbulence  in  wind  tun¬ 
nels.  Attention  was  directed  to  the  fact  that  the  criti¬ 
cal  Reynolds  Number  was  not  a  function  of  the  per¬ 
centage  turbulence  alone,  but  also  depended  on  the 
ratio  of  the  size  of  the  sphere  to  the  size  of  the  screen 
used  to  produce  the  turbulence.  This  has  been  taken 
as  an  indication  that  the  size  of  the  eddies  as  well  as 
the  magnitude  of  the  speed  fluctuations  is  an  important 
factor  in  determining  the  effect  of  turbulence  on  bound¬ 
ary  layers.  The  results  are  being  analyzed  in  the  light 
of  recent  theories,  and  preparation  of  a  report  is  in 
progress. 

The  Measurement  of  Average  Eddy  Size  in  Turbulent 
Air  Flow. — Both  the  work  on  diffusion  of  heat  and 
that  on  the  pressure  sphere  indicated  the  need  for 
determining  some  length  characteristic  of  the  turbu¬ 
lence.  In  the  earlier  work  on  the  pressure  spheres,  it 
was  assumed  that  this  length  was  proportional  to  some 
linear  dimension  of  the  object  (in  the  present  case, 
screen  or  honeycomb)  producing  the  turbulence;  but 
this  procedure  is  uncertain,  and  at  best  gives  no  means 
of  comparing  results  when  the  turbulence  is  produced 
by  screens  or  honeycombs  of  dissimilar  shape. 

W  ork  is  now  in  progress  on  the  measurement  of 
the  correlation  between  turbulent  speed  fluctuations  at 
two  points  separated  by  known  distances  transverse 
to  the  wind-tunnel  stream.  Two  electrically  heated 
wires,  0.016  millimeter  in  diameter  and  5  millimeters 
long,  are  placed  at  the  points  in  question  and  the  sum 
or  difference  of  their  fluctuating  voltage  drops  is  im¬ 
pressed  on  a  vacuum  tube  amplifier.  With  suitable 
compensation  for  the  lag  of  the  wires,  the  average 
square  of  the  alternating  current  from  the  amplifier 


may  be  used  to  compute  the  coefficient  of  correlation 
between  the  speed  fluctuations  at  the  two  points, 
From  curves  of  the  distribution  of  correlation  with  dis¬ 
tance,  a  length  may  be  determined  which  may  be  used 
as  a  measure  of  the  average  eddy  size.  The  way  in 
which  eddy  size  of  the  turbulence  ties  in  with  the  mac- 
nitude  of  the  speed  fluctuations  to  produce  effects  on 
boundary  layers  is  being  investigated  in  connection 
with  the  critical  Reymolds  Number  of  spheres. 

A  new  amplifier,  operated  from  an  alternating-cur- 
rent  line,  has  been  developed  for  use  with  hot  wires 
in  turbulence  measurements. 

Flow  in  Boundary  layers. — The  study  of  a  separating 
laminar  boundary  layer  on  an  elliptic  cylinder  has 
been  completed  and  the  results  published  as  Technical 
Report  No.  527. 

The  Effect  of  Turbulence  on  the  Drag  of  Flat  Plate.— 

During  some  turbulence  investigations,  evidence  ap¬ 
peared  to  the  effect  that  the  drag  of  a  flat  plate  normal 
to  the  wind  increased  with  the  turbulence  of  the  stream. 
Since  such  an  effect  could  not  be  explained  in  the  man¬ 
ner  of  other  effects  of  turbulence,  the  question  arose 
as  to  whether  turbulence  might  not  be  affecting  the 
differential  pressure  indicated  by  the  pitot-static  tube, 
from  which  the  speed  was  determined.  A  systematic 
investigation  was  therefore  conducted  on  the  drag  of 
a  flat  plate,  the  difference  in  pressure  between  the  front 
and  rear  of  a  thin  circular  disk,  the  rate  of  rotation 
of  a  vane  anemometer,  and  the  pressure  developed  by 
a  standard  pitot-static  tube  for  several  conditions  of 
turbulence.  The  results  were  interpreted  to  indicate 
that  there  is  no  appreciable  effect  of  turbulence  on  the 
vane  anemometer  and  standard  pitot-static  tube,  but 
that  there  is  a  small  effect  on  the  drag  of  a  flat  plate 
and  the  pressure  difference  between  the  front  and  rear 
of  a  disk.  A  paper  describing  this  work  has  been  com¬ 
pleted  and  will  appear  shortly  as  a  technical  report. 

AERONAUTIC  INSTRUMENT  INVESTIGATIONS 

The  work  on  aeronautic  instruments  was  conducted 
in  cooperation  with  the  National  Advisory  Committee 
for  Aeronautics  and  the  Bureau  of  Aeronautics  of  the 
Navy  Department,  and  included  the  investigations  and 
the  instrument  development  outlined  below. 

Lubricants  for  Instrument  Mechanisms. — The  investi¬ 
gation  of  lubricants  for  aircraft  timepieces  and  other 
fine  mechanisms  has  continued.  The  aim  of  the  in¬ 
vestigation  is  to  discover  or  develop  a  lubricant  which 
will  be  satisfactory  over  a  temperature  range  of  —35° 
to  -f-45°  C.,  and  which  will  have  a  life  of  3  years  in 
the  mechanism.  Present  efforts  are  directed  toward 
the  development  of  a  synthetic  lubricant. 

Deports  on  Aircraft  Instruments. — The  altitude-pres¬ 
sure  tables  based  on  the  United  States  standard  atmos- 
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phere  were  extended  from  50,000  to  80,000  feet  and 
published  as  Technical  Report  No.  538. 

An  improved  method  of  testing  oxygen  regulators 
was  described  in  Technical  Note  No.  532. 

Results  of  an  investigation  of  characteristics  of  air¬ 
craft  compasses  have  been  submitted  for  publication 
as  a  technical  report. 

Tests  and  Test  Methods. — An  investigation  of  the 
performance  of  gyroscopic  instruments  has  been  con¬ 
tinued.  The  testing  of  these  instruments  for  the  Bu¬ 
reau  of  Aeronautics,  Navy  Department,  has  necessi¬ 
tated  the  construction  of  a  special  vibration  board 
mounted  in  a  temperature  chamber  and  the  purchase 
of  a  roll,  pitch,  and  yaw  machine  (Scorsby). 

A  primary  standard  mercurial  barometer  for  cali¬ 
brating  secondary  standards  has  been  constructed.  A 
mercury  vapor  pump  and  a  McLeod  gage,  connected 
to  the  barometer,  make  it  possible  to  both  control  and 
measure  the  degree  of  vacuum  in  the  space  above  the 
mercury.  The  instrument  has  an  over-all  accuracy 
of  ±0.05  millimeter  of  mercury. 

Apparatus  for  testing  aerometeorographs  has  been 
partially  completed.  Means  are  provided  for  subject¬ 
ing  the  instruments  to  various  combinations  of  pres¬ 
sure,  humidity,  and  temperature. 

New  Instruments. — Instruments  designed  and  con¬ 
structed  for  the  Bureau  of  Aeronautics,  Navy  Depart¬ 
ment,  include :  An  improved  carbon  monoxide  indicator 
and  equipment  for  testing  this  instrument  in  the  field ; 
several  experimental  models  of  combination  oxygen 
breathing  mask  and  radio  microphone;  a  maximum 
air-speed  recorder  with  a  range  of  500  miles  per  hour; 
an  improved  fuel  flow  meter. 

SUBCOMMITTEE  ON  AIRSHIPS 

The  Subcommittee  on  Airships  formulates  and  rec¬ 
ommends  programs  of  airship  investigations  for  con¬ 
duct  at  the  Langley  Memorial  Aeronautical  Labora¬ 
tory,  and  maintains  close  contact  with  the  work  in 
progress. 

During  the  past  year  an  investigation  has  been 
conducted  to  obtain  information  on  the  forces  acting- 
on  an  airship  during  ground  handling,  by  means  of 
tests  in  the  full-scale  wind  tunnel  on  a  large  airship 
model  at  various  heights  above  a  ground  board  and 
at  various  angles  of  yawT  with  reference  to  the  wind. 
The  study  of  the  theory  of  potential  flow  has  been 
extended  to  the  curvilinear  motion  of  bodies  of  revolu¬ 
tion,  thus  presenting  information  applicable  to  air¬ 
ships  in  flight. 

An  investigation  to  determine  whether  a  sufficient 
amount  of  hydrogen  could  be  efficiently  burned  in  a 
compression-ignition  engine  to  compensate  for  the  in¬ 
crease  of  lift  of  an  airship  due  to  the  consumption  of 
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the  fuel  oil  has  been  completed,  and  the  results  have 
been  published  as  Technical  Report  No.  535. 

At  the  request  of  the  Bureau  of  Aeronautics  of  the 
Navy,  the  Committee  is  conducting,  for  the  informa¬ 
tion  of  the  special  airship  subcommittee  appointed  by 
the  Science  Advisory  Board,  a  study  of  the  effect  of  as- 
pect  ratio  on  the  pressure  distribution  on  airship  fins. 
In  addition,  the  Committee  has  designed  and  con¬ 
structed  for  the  Bureau  of  Aeronautics  a  special 
accelerometer  for  airship  use. 

Other  airship  projects  on  the  Committee’s  research 
program  at  the  present  time  include  a  study  in  the 
propeller-research  tunnel  of  boundary-layer  control 
for  airships  and  an  investigation  of  the  effect  of  bow 
elevators  on  the  resistance  and  controllability  in  pitch 
of  an  airship  model. 

SUBCOMMITTEE  ON  METEOROLOGICAL  PROBLEMS 

During  the  past  year  the  Subcommittee  on  Meteoro¬ 
logical  Problems  has  given  consideration  to  a  number 
of  questions  relating  to  atmospheric  conditions  which 
are  of  particular  importance  in  connection  with  air¬ 
craft  design  and  operation. 

The  problems  of  ice  formation  and  fog  and  fog 
dispersal  have  received  attention  from  the  subcommit¬ 
tee,  but  at  the  present  time  these  problems  are  being 
approached  chiefly  as  questions  of  design  or  opera¬ 
tion  rather  than  as  problems  to  be  solved  through 
meteorological  or  aerological  investigations. 

Investigation  of  Wind  Gustiness. — During  the  past  few 
years  an  investigation  of  wind  gustiness  has  been  con¬ 
ducted  by  the  Daniel  Guggenheim  Airship  Institute 
at  Akron,  Ohio,  with  the  cooperation  of  the  Weather 
Bureau  and  the  Bureau  of  Aeronautics  of  the  Navy. 

From  an  examination  of  the  data  collected  in  this 
investigation,  it  appears  that  the  records  are  com¬ 
posed  of  rather  fast  fluctuations  in  velocity  super¬ 
imposed  on  much  slower  periods.  Measurements  have 
been  made  of  the  temperature  differences  at  various 
times  of  the  day  between  the  top  of  the  airship  dock 
at  Akron  and  the  ground,  and  a  formula  has  been 
developed  to  indicate  in  a  general  way  the  measure  of 
the  vertical  velocity  gradient  of  t lie  gusts. 

The  program  for  this  investigation  includes  the 
simultaneous  measurement  of  the  velocity  gradient, 
temperature  gradient,  and  slow-period  fluctuations, 
and  provides  for  obtaining  data  by  means  of  ballons. 

In  the  investigation  of  atmospheric  gustiness  the 
development  of  suitable  instruments  for  obtaining 
records  of  air  movements  is  of  considerable  impor¬ 
tance,  and  a  thorough  study  of  the  rotating-cup  ane¬ 
mometer  for  such  investigations  has  been  made  by  Dr. 
Charles  F.  Marvin,  formerly  Chief  of  the  Weather 
Bureau. 
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Gust  Conditions  in  Relation  to  Airplane  Accelerations. — 

An  extensive  study  is  being  made  bv  the  Langley 
Memorial  Aeronautical  Laboratory  of  the  aeeelera-  ; 
tions  experienced  by  transport  airplanes  in  cross-coun¬ 
try  flying.  For  this  study  statistical  data  are  being 
collected  on  a  number  of  airplanes  in  regular  transport 
operation.  The  object  of  this  investigation  is  to  obtain 
information  as  to  the  loads  imposed  on  airplane  struc¬ 
tures  as  a  result  of  operation  in  rough  air.  An  at¬ 
tempt  is  being  made  to  establish  a  relation  between  the  j 
atmospheric  roughness,  and  significant  weather  or  top- 
ographical  conditions  or  both. 

An  investigation  is  also  being  undertaken  by  the 
Langley  Memorial  Aeronautical  Laboratory  to  obtain 
information  as  to  the  variations  of  gust  intensity  with 
altitude,  by  means  of  frequent  flights  to  altitudes  of 
17,000  to  20,000  feet  in  an  airplane  equipped  with  in¬ 
struments  to  record  air  speed,  accelerations,  altitude, 
and  humidity. 

Measurement  of  Gustiness  and  Wind  Gradient  Near  the 
Ground. — Simultaneous  measurements  have  been  made 
at  Langley  Field  of  the  direction  and  magnitude  of 
the  wind  at  various  heights  above  the  ground  up  to 
51  feet,  by  photographing  with  a  motion-picture  cam¬ 
era  the  positions  of  specially  devised  indicators  at  each 
of  the  vertical  stations.  This  investigation  was  under¬ 
taken  to  determine  the  feasibility  of  making  glide 
landings  in  gusty  air. 

The  results  of  the  wind  measurements  indicate  an 
average  increase  in  velocity  with  height.  Maximum 
variations  in  the  horizontal  components  of  wind  ve¬ 
locity  were  found  to  be  of  the  order  of  ±4  miles  per 
hour  without  perceptible  dependence  on  the  average 
velocity  or  height,  while  maximum  variations  in  verti¬ 
cal  components  were  of  the  same  order  at  the  higher 
elevations,  decreasing  with  height  but  with  no  percep¬ 
tible  dependence  on  wind  velocity.  Unchecked  glide 
landings  in  gusty  air  with  the  conventional  airplane 
were  found  to  be  unduly  hazardous. 

The  results  of  this  investigation  have  been  published 
as  Technical  Report  No.  489. 

SUBCOMMITTEE  ON  SEAPLANES 

The  Subcommittee  on  Seaplanes  was  organized  for 
the  purpose  of  providing  special  consideration  for 
research  problems  relating  to  seaplane  design,  and  the 
research  work  conducted  in  the  N.  A.  C.  A.  tank  is 
under  its  direction. 

The  subcommittee  held  its  first  meeting  at  the  Lang¬ 
ley  Memorial  Aeronautical  Laboratory  on  September 
G,  1935,  at  which  a  general  survey  was  made  of  the 
results  obtained  in  the  researches  in  the  tank  and  the 
investigations  at  present  under  way.  The  future  pro-  , 
gram  of  research  and  possible  methods  of  adding  to 
the  value  of  the  data  obtained  in  the  tank  were  dis¬ 


cussed.  In  connection  with  the  meeting,  an  inspectioi  \ 
was  made  of  the  facilities  of  the  tank  and  methods  o  i, 
making  tests  and  of  the  models  used.  Motion  picture  i 
of  the  spray  and  wake  characteristics  of  several  model  a 
of  floats  and  hulls  were  exhibited  and  a  demonstra  s 
tion  was  made  of  the  towing  of  a  model  through  thi  \ 
water.  c 

A  statement  of  the  research  under  way  in  the  taut  £ 
during  the  past  year  is  given  below.  a 

Seaplanes. — The  definite  promise  of  air  transport  t 
across  the  Pacific  by  means  of  flying  boats  and  tin  i 
belief  that,  once  the  trans-Pacific  service  is  established  ( 
trans-Atlantic  service  will  be  developed  very  rapidli  s 
has  led  to  a  general  increase  in  the  interest  in  sea  i 
planes  and  flying  boats.  The  development  of  ven  1 
large  flying  boats,  of  gross  loads  of  50  to  150  tons  } 
is  discussed  with  confidence.  It  also  appears  that  < 
private  owners  have  become  more  interested  in  sea 
planes  as  such,  while  new  and  larger  amphibians  art  < 
already  under  test  or  are  being  designed. 

A  recent  development  is  the  appreciation  by  pilot,1 
of  the  importance  of  holding  the  trim  of  a  seaplant 
that  is  taking  olf  to  the  best  angles,  i.  e.,  the  angle; 
that  {live  the  least  resistance.  The  N.  A.  C.  A.  trim  < 
angle  indicator  described  in  Technical  Note  No.  481 
has  been  successfully  used  by  test  pilots  and  improved 
take-off  performances  are  reported  to  result  from  it; 
use.  An  improved  form  of  the  instrument  is  no1! 
being  designed. 

Among  the  advantages  derived  from  the  great 
length  of  the  N.  A.  C.  A.  tank  is  the  ability  to  obtain 
several  sets  of  readings  in  the  course  of  a  single  run 
of  the  towing  carriage.  In  order  to  use  this  advan¬ 
tage  to  the  full,  it  was  necessary  to  devise  wave  sup¬ 
pressors  that  would  very  quickly  reduce  the  wave- 
produced  by  a  model  to  magnitudes  that  would  not 
affect  the  next  run.  The  wave  suppressors  now  in 
use  are  described  in  Technical  Note  No.  513.  They 
are  so  effective  that  test  runs  may  safely  be  made  in 
immediate  succession  and  all  the  data  for  a  general 
test  of  a  model  can  easily  be  obtained  in  2  days  of 
operation. 

The  design  of  a  model-cutting  machine  for  use  in 
making  both  wax  and  wooden  models  has  progressed 
to  the  point  where  detailed  plans  have  been  started, 
This  machine  is  designed  to  cut  water  lines,  buttocl; 
lines,  and  transverse  sections  on  the  block  from  which 
the  model  is  being  made  and  should  produce  a  sub¬ 
stantial  reduction  in  the  time  required  to  make  a 
model,  as  well  as  in  its  cost. 

Further  experiment  with  wax  as  a  material  for 
models  is  being  postponed  until  the  model-cutting 
machine  is  available. 

For  years  it  has  been  the  general  practice  in  naval 
tanks  to  make  all  observations  and  to  take  all  records 
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while  the  model  is  at  constant  speed.  This  method 
'  is  entirely  satisfactory  for  ship  models  because  the 
main  interest  is  in  economy  at  constant  speeds  and 
I  also  because,  as  a  result  of  the  large  inertia  of  the 
i  ship,  the  speed  changes  relatively  slowly  while  the 

i  weight  on  the  water  changes  not  at  all.  In  the  case 
of  seaplanes,  however,  accelerations  are  high,  the 

!  speed  changes  rapidly,  and  the  weight  on  the  water 
also  changes  rapidly.  It  is  an  attractive  possibility 
that  for  the  many  constant-speed  runs  that  are  made 

ii  at  present  there  might  be  substituted  a  very  few  runs, 
i  or  possibly  a  single  run,  in  which  the  speed  is  acceler- 
i  ated  from  zero  to  a  maximum  and  in  which  all  the 
i  information  desired  could  be  obtained.  The  momen- 
i  tary  values  from  such  tests  have  so  far  shown  poor 
s  agreement  with  those  from  constant-speed  tests.  The 
it  discrepancies  are  believed  to  be  caused,  in  part  at 
t  least,  bv  the  greater  energy  required  to  change  from 
■i  one  type  of  flow  pattern  at  one  speed  to  another  at  a 

slightly  higher  speed  as  compared  with  the  energy 
3  required  to  maintain  either  flow  pattern. 

Although  the  development  of  this  type  of  testing  is 
s  going  very  slowly,  it  has  been  found  that  observation 

i  of  the  continuous  variations  in  the  spray  patterns  is 

I  frequently  more  informative  than  observation  of  a 
o  succession  of  spray  patterns  at  constant  speeds.  As 
3  a  result  of  this  observation  motion-picture  records  of 
b  the  spray  during  runs  that  were  continuously  acceler¬ 
ated  from  rest  to  get-away  have  been  made  and  found 

it  to  be  of  great  value  to  student  and  designer.  This 

ii  process  has  been  extended  to  dropping  the  model  into 
r,  the  water  while  decelerating,  thus  simulating  a  land- 
,  ing.  The  two  sets  of  pictures  are  not  claimed  to  be 

accurate  reproductions  of  the  spray  of  the  full-size 
i;  seaplanes,  but  they  do  give  more  information  than  can 
it  be  obtained  from  the  usual  constant-speed  runs, 
e  In  the  course  of  the  take-off  or  the  landing  run  of 
\  a  seaplane  there  sometimes  appears  a  combination  of 
ii  vertical  and  angular  motions  that  is  aptly  termed 

II  “  porpoising.”  This  complex  phenomenon  appears  to 
i  be  the  combined  result  of  hydrodynamic,  inertial,  and 

aerodynamic  forces  although  the  hydrodynamic  and 
,  the  inertial  forces  seem  to  be  the  more  influential. 
f;  The  tendency  to  porpoise  sometimes  appears  in  tests 
I  of  models  and  usually  is  considered  an  indication  that 
|;  the  actual  machine  will  have  the  same  tendency.  A 
I,  special  towing  rig  has  been  constructed  and  a  special 
l#  light-weight  model  that  may  be  ballasted  to  have  the 
a  proper  mathematical  ratios  of  mass  and  moment  of 
inertia  <  )  the  full  size  is  now  available.  This  equip- 
r  ment  is  expected  to  make  it  possible  to  study  the 
y  causes  of  porpoising  and  it  is  hoped  to  obtain  informa¬ 
tion  that  may  lead  to  a  cure  in  specific  instances. 

Effect  of  Variations  in  Dimensions  and  Form  of  Hull  on 
the  Take-off  of  Flying  Boats. — Improvement  in  the  water 


performance  of  flying  boats  has  remained  the  principal 
object  of  the  work  of  the  N.  A.  C.  A.  tank  during  the 
past  year.  The  effect  of  longitudinal  flutes  on  the  bot¬ 
tom,  a  construction  that  has  been  thought  to  have  sev¬ 
eral  advantages,  was  investigated  for  the  Bureau  of 
Aeronautics,  Navy  Department,  on  a  model  supplied 
by  the  Bureau  (N.  A.  C.  A.  model  19).  As  received, 
the  model  had  two  longitudinal  flutes  on  each  side  of 
the  keel  on  both  forebody  and  afterbody.  The  model 
was  tested  as  received  and  then  the  flutes  were  replaced 
by  the  more  conventional  form  on  first  the  afterbody 
and  then  the  forebody.  When  compared  with  the  per¬ 
formance  of  an  equivalent  hull  of  conventional  form, 
such  as  that  of  the  PN-8,  the  performance  of  the  origi¬ 
nal  or  modified  model  19  was  definitely  poorer.  The 
work  with  this  model  is  described  in  Technical  Note 
No.  522. 

It  is  not  enough  that  a  seaplane  float  or  hull  have 
a  good  water  performance;  the  form  of  the  hull  must 
be  such  as  not  to  produce  excessive  resistance  while 
in  the  air.  Accordingly,  it  is  part  of  the  program  on 
the  improvement  of  the  form  of  hulls  and  floats  to 
determine  the  air  drag  of  the  various  models  that  are 
tested  in  the  N.  A.  C.  A.  tank  and,  in  newer  models,  to 
try  to  combine  low  air  drag  with  good  water  perform¬ 
ance.  A  first  group  of  11  models  have  been  tested  in 
the  N.  A.  C.  A.  20-foot  wind  tunnel  and  the  results 
are  given  in  Technical  Note  No.  525. 

The  forms  of  hulls  derived  at  the  tank  from  tests 
of  the  series  of  related  forms  and  exemplified  in  model 
11-A,  tests  of  which  were  reported  in  Technical  Note 
No.  491,  have  been  characterized  by  relatively  simple 
forms  of  the  bottom,  usually  with  relatively  straight 
cross  sections  and  without  flare  or  downward  curvature 
at  the  chines.  It  was  suggested  that  the  form  of  model 
11-A  might  be  modified  by  the  addition  of  a  flare  at 
the  chine  with  a  reduction  in  the  spray  and  in  the 
resistance.  A  new  forebod}^  was  constructed  incorpo¬ 
rating  a  flare  that  increased  the  step  forward  in  a 
manner  that  was  believed  to  offer  the  most  promise. 
When  tested  with  the  original  afterbody  form  of  model 
11-A,  it  was  found  that  although  the  spray  had  been 
reduced  the  resistance  had  been  increased,  as  had  also 
the  trimming  moments.  The  tests  of  this  model  (N. 
A.  C.  A.  11-G)  are  described  in  Technical  Note  No. 
531. 

REPORT  OF  COMMITTEE  ON  POWER 
PLANTS  FOR  AIRCRAFT 

For  the  consideration  of  the  details  of  the  program 
of  the  investigation  of  gaseous  combustion,  which  had 
been  approved  to  be  conducted  for  the  National  Ad¬ 
visory  Committee  for  Aeronautics  by  the  National  Bu¬ 
reau  of  Standards,  a  special  conference  was  held  at 
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the  Committee’s  headquarters  on  August  7,  1935,  and 
was  attended  by  representatives  of  the  National  Bu¬ 
reau  of  Standards,  the  Bureau  of  Mines,  and  the 
Langley  Memorial  Aeronautical  Laboratory.  As  a 
result  of  the  conference  the  relation  of  the  proposed 
program  to  other  investigations  being  undertaken  on 
the  subject  was  clarified,  the  importance  of  the  prob¬ 
lem  was  emphasized,  and  it  was  agreed  that  interesting 
and  valuable  results  would  be  obtained  by  the  proposed 
method  of  research. 

In  order  to  remove  difficulties  and  inconsistencies  in 
the  literature  of  the  subject,  a  nomenclature  for  use 
in  combustion  research  was  agreed  upon  at  the  con¬ 
ference  and  this  nomenclature  has  since  been  officially 
adopted  by  the  National  Advisory  Committee  for  Aero¬ 
nautics. 

LANGLEY  MEMORIAL  AERONAUTICAL  LABORATORY 

SPARK-IGNITION  ENGINES 

Increase  in  Engine  Power. — The  demand  for  higher 
speeds  of  military  and  commercial  aircraft  has  accel¬ 
erated  the  development  of  higher-powered  aircraft 
engines.  An  increase  in  engine  power  has  been  ob¬ 
tained  by  improvements  in  cylinder  design  and  by  the 
use  of  gasolines  having  better  antidetonating  qualities.  | 
There  are  now  available  radial  air-cooled  engines  rated 
at  approximately  1,000  horsepower. 

Improvement  in  fuel  quality. — An  improvement  in  the 
antidetonating  quality  of  gasolines  permits  engine 
operation  at  higher  compression  ratios  and  increased 
mainfold  pressures.  An  investigation  is  in  progress  to 
obtain  comparative  data  on  the  maximum  engine  per¬ 
formance  that  can  be  obtained  with  gasolines  having  a 
range  of  octane  numbers,  as  determined  by  the  C.  F.  R. 
motor  method,  from  87  to  100.  The  maximum  com¬ 
pression  ratio  with  atmospheric  manifold  pressure  and 
the  maximum  boost  pressure  at  a  given  compression 
ratio  at  which  the  gasolines  can  be  used  without  deto¬ 
nation  are  being  determined  in  a  single-cylinder  varia¬ 
ble-compression  liquid-cooled  engine  having  a  displace¬ 
ment  of  113  cubic  inches  and  operating  at  a  speed  of 
2,500  revolutions  per  minute.  The  fuel  giving  the 
maximum  performance  will  also  be  investigated  in 
several  single-cylinder  air-cooled  engines.  The  effect 
on  the  engine  performance  of  inlet-air  temperature, 
spark  advance,  and  air-fuel  ratio  will  be  included  in 
the  investigation. 

Fuel  injection. — The  substitution  of  a  fuel-injection 
system  for  the  carburetor  on  aircraft  engines  results 
in  reliable  engine  operation  at  all  attitudes  of  the  air¬ 
plane,  in  increased  engine  power,  in  more  uniform  fuel 
distribution,  and  in  the  elimination  of  the  danger  of  ice 
formation  in  the  engine.  At  present  there  are  under 
development  two  types  of  fuel-injection  systems.  In 


one  type,  the  fuel  is  injected  into  the  manifold  close 
to  the  engine  cylinder  and  in  the  other  the  fuel  is 
injected  into  the  engine  cylinder.  With  injection  into 
the  cylinder  a  substantial  improvement  in  power  out¬ 
put  can  be  efficiently  obtained  by  using  a  large  valve 
overlap  and  a  slight  boost  pressure  to  scavenge  the 
clearance  volume  of  the  engine.  An  investigation  is 
in  progress  to  determine  the  comparative  engine  per¬ 
formance  obtainable  with  a  high-speed  single-cylinder 
air-cooled  engine  operating  with  a  carburetor  and  with 
fuel  injection  into  the  manifold  and  into  the  cylinder. 

Supercharger  intercooler. — The  demand  for  additional 
engine  power  at  altitudes  has  resulted  in  the  develop¬ 
ment  of  multistage  and  multispeed  geared  centrifugal 
superchargers.  Because  of  the  higher  critical  altitudes 
at  which  supercharged  engines  are  operated,  it  has 
become  necessary  to  use  intercoolers  to  cool  the  com¬ 
pressed  air,  or  charge,  before  delivering  it  into  the 
engine.  An  investigation  is  in  progress  to  determine 
possible  methods  of  increasing  the  cooling  taking  place 
in  the  intercoolers  and  at  the  same  time  reducing  the 
drag  of  the  intercoolers.  A  wind-tunnel  investigation 
is  being  conducted  to  determine  the  heat  transfer  and 
pressure  drop  through  a  new  form  of  intercooler  that 
should  have  relativelv  low  drag. 

Reduction  in  Fuel  Consumption — Distribution  in  multi- 
cylinder  engines. — Since  the  weight  of  fuel  required  in 
a  long-range  airplane  is  approximately  one-half  the 
useful  load,  any  reduction  in  fuel  consumption  is  re¬ 
flected  either  in  increased  useful  load  or  in  increased 
range.  The  distribution  of  the  fuel  between  the  va¬ 
rious  cylinders  of  a  9-cylinder  radial  engine  operating 
over  a  wide  range  of  brake  mean  effective  pressures, 
engine  speeds,  and  specific  fuel  consumptions  is  being 
studied  by  complete  analysis  of  the  exhaust  gases  from 
the  individual  engine  cylinders.  The  work  up  to  the 
present  time  has  been  limited  to  the  variation  in  the 
constituents  of  the  exhaust  gases  and  in  the  air-fuel 
ratio,  and  the  determination  of  the  equivalent  fuel 
wasted  in  the  different  cylinders.  The  data  obtained 
on  a  500-horsepower  single-row  radial  engine  indicate 
that  the  air-fuel  ratio  is  considerably  higher  in  the 
lower  cylinders  than  in  the  upper  ones. 

Exhaust-gas  analysis. — The  use  on  airplanes  of  con¬ 
trollable  propellers  has  necessitated  the  development 
of  equipment  that  will  indicate  at  all  times  the  air- 
fuel  ratio  at  which  the  engine  is  being  operated.  The 
most  reliable  method  of  determining  the  air-fuel  ratio 
is  the  analysis  of  the  engine  exhaust  gases.  The  rela¬ 
tionships  between  the  various  constituents  of  the  ex¬ 
haust  gases  from  four  single-cylinder  liquid-cooled 
test  engines  and  one  9-cylinder  radial  air-cooled  engine 
have  been  determined.  The  results  of  this  investiga¬ 
tion  show  that  a  definite  relation  exists  among  the 
constituents  of  the  exhaust  gases.  Computations  of 
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the  air-fuel  ratio  and  combustion  efficiency  from  the 
exhaust-gas  analysis  show  that  they  have  a  definite 
relation  to  each  other  and  to  the  constituents.  The 
relations  found  do  not  seem  to  have  any  relation  to 
the  engine  operating  conditions  or  performance.  A 
report  of  this  work  is  being  prepared  for  publication. 

Fuel-injection  systems. — The  results  of  an  investiga¬ 
tion  to  determine  the  distribution  and  regularity  of 
injection  from  a  6-cylinder  cam-operated  fuel-injection 
pump  have  been  published  in  Technical  Report  No.  533. 

The  research  on  fuel-injection  pumps  has  been  con¬ 
tinued  on  a  spring-actuated  fuel-injection  pump  de¬ 
signed  to  have  a  rate  of  fuel  discharge  independent 
of  the  speed  of  rotation  of  the  pump.  The  injection- 
valve  chattering  at  low  pump  speeds,  which  is  char¬ 
acteristic  of  the  direct  cam-actuated  pump,  is  entirely 
absent  with  the  spring-actuated  pump.  The  rates  of 
fuel  discharge  were  found  to  be  independent  of  the 
speed  at  which  the  pump  was  operated,  and  the  pump 
injected  the  full  fuel  charge  on  the  first  stroke  even  at 
hand-cranking  speeds.  This  last  fact  should  be  of 
particular  advantage  in  starting,  where  good  atomiza¬ 
tion  of  the  fuel  charge  is  very  desirable.  The  rates  of 
injection  were  found  to  vary  with  changes  in  the  length 
and  diameter  of  the  injection  tube,  injection-valve 
opening  pressure,  and  diameter  of  the  discharge  orifice. 
Up  to  the  point  of  cut-off  the  rates  of  injection  were 
independent  of  the  fuel  quantity  discharged. 

COMPRESSION-IGNITION  ENGINES 

Combustion  Research—  Combustion  characteristics  of 
fuel  sprays. — The  N.  A.  C.  A.  combustion  apparatus  in 
conjunction  with  the  special  high-speed  motion-picture 
camera  has  been  used  extensively  during  the  past  year. 
With  the  apparatus  operating  as  a  compression-igni¬ 
tion  engine,  an  investigation  has  been  made  to  deter¬ 
mine  the  effect  of  air-fuel  ratio,  nozzle  design,  and  air¬ 
flow  on  combustion.  The  results  of  the  investigation 
of  air-fuel  ratio  indicate  that  in  a  combustion  chamber 
in  which  the  air  is  quiescent,  or  nearly  so,  the  fuel 
charge  is  very  definitely  stratified  at  high  air-fuel 
ratios.  The  start  of  burning  relative  to  the  fuel  sprays 
was  not  affected  by  the  air-fuel  ratio  nor  was  the  rate 
of  flame  spread  greatly  affected  by  the  ratio.  At 
the  higher  ratios  the  rate  of  diffusion  of  the  gases 
in  the  combustion  chamber  was  relatively  slow.  Tech¬ 
nical  Report  No.  525  presents  the  results  of  this 
investigation. 

Distribution  of  fuel  within  the  combustion  chamber. — 
The  attainment  of  a  high  specific  power  output  per 
unit  of  displacement  in  the  compression-ignition  en¬ 
gine  is  dependent  upon  improvements  in  the  distribu¬ 
tion  of  the  fuel  sprays  within  the  engine  cylinder. 
Fhe  most  effective  method  of  obtaining  distribution 
of  the  fuel  in  a  vertical-disk  form  of  combustion 


chamber  is  to  use  a  combination  of  multiple  fuel  sprays 
and  suitable  air  flow.  The  N.  A.  C.  A.  combustion 
apparatus  has  been  used  to  study  the  effect  of  air  flow 
on  fuel-spray  distribution. 

By  the  use  of  the  schlieren  optical  system  and  a 
high-speed  camera,  motion  pictures  were  taken  of 
the  air  movement  within  the  vertical-disk  form  of 
combustion  chamber,  a  displacer  piston  being  used  to 
produce  the  air  flow.  Two  important  conclusions  were 
reached  from  this  investigation.  First,  the  air  flow 
actuallv  existing  in  the  engine  may  be  very  different 
from  that  estimated  from  the  engine  design  because 
of  the  combined  effect  of  the  air  movement  produced 
during  the  air-induction  period  and  that  produced 
during  the  end  of  the  compression  stroke.  Second, 
the  fuel  spray  from  a  single  round-hole  orifice  is  not 
destroyed  by  the  movement  of  the  hot  air.  The  air 
will  sweep  the  spray  envelope  from  the  spray  and 
will  deflect  the  spray  core,  but  the  chances  of  com¬ 
pletely  destroying  the  core  during  the  injection  period 
are  slight.  The  investigation  indicates  that  with  multi¬ 
orifice  nozzles  the  combined  effects  of  the  sprays  tend 
to  destroy  the  air  movement  so  that  the  effect  on  the 
sprays  is  less  than  would  have  been  the  case  with 
nozzles  having  a  single  round-hole  orifice.  The  re- 
suits  of  this  investigation  are  being  prepared  for 
publication. 

Distribution  of  fuel  within  the  spray.— A  comparison 
of  fuel  sprays  from  several  types  of  injection  nozzles 
is  presented  in  Technical  Report  No.  520. 

The  investigation  to  determine  the  distribution  of 
the  fuel  within  the  fuel  spray  has  been  completed. 
Single-orifice,  multiorifice,  slit  orifice,  annular  orifice, 
impinging-jet,  pintle,  lip,  and  centrifugal  nozzles  have 
been  studied.  The  method  consisted  of  spraying  the 
fuel  into  a  chamber  containing  compressed  air  and 
collecting  the  air-fuel  mixture  from  different  parts  of 
the  chamber  by  means  of  a  sampling  tube  0.040  inch  in 
diameter.  Tests  were  also  made  in  which  the  fuel  was 
sprayed  against  a  series  of  concentric  cups  so  that 
quantitative  as  well  as  qualitative  data  might  be  ob¬ 
tained.  In  this  investigation  sprays  from  the  imping¬ 
ing  jet  and  slit-orifice  nozzles  had  the  best  distribution 
and  the  sprays  from  the  single-round-hole  orifices  had 
the  worst.  In  air  at  a  density  of  14  atmospheres  the 
distribution  of  the  fuel  from  the  pintle  nozzle  was 
only  slightly  better  than  that  from  the  single  round- 
hole  orifice  but  as  the  density  was  reduced  the  distribu¬ 
tion  with  the  pintle  nozzle  improved  while  that  with 
the  single  round-hole  orifice  became  worse. 

Vaporization  of  fuel  sprays. — A  constant-volume  bomb 
has  been  used  to  investigate  the  rate  of  heat  exchange 
from  the  air  to  the  fuel  spray  during  the  ignition-lag 
period.  For  this  purpose  a  special  differential-pres¬ 
sure  indicator  was  constructed  to  record  the  pressure 
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drop  in  the  gas  in  the  bomb  from  the  heat  absorbed  by 
the  incoming  fuel.  Gas  pressures  up  to  200  pounds  per 
square  inch  and  gas  temperatures  up  to  570°  F.  were 
used.  It  was  found  that  the  pressure  of  the  gas  in  the 
bomb  decreased  as  soon  as  fuel  injection  started  and 
that  the  rate  of  pressure  drop  was  greatest  at  the  start 
of  injection.  There  was  surprisingly  little  difference 
with  changes  in  gas  composition  (air,  nitrogen,  and 
carbon  dioxide  were  used),  with  the  quantity  of  fuel 
injected,  or  with  injection-nozzle  design.  It  was  pos¬ 
sible  to  estimate  the  amount  of  fuel  actually  vaporized 
during  the  first  0.002  second  by  saturating  the  gas  with 
the  fuel  and  then  injecting  a  charge  of  fuel.  It  was 
found  that  appreciable  vaporization  does  take  place. 
The  results  indicate  that  the  rate  of  heat  transfer  to 
the  injected  fuel  is  extremely  rapid  as  soon  as  the  fuel 
and  hot  gas  come  in  contact  and  decrease  as  injection 
proceeds.  The  results  of  this  investigation  are  being 
prepared  for  publication  as  a  technical  report. 

Reduction  of  ignition  lag.— A  theoretical  analysis  of 
the  combustion  taking  place  in  compression-ignition 
engines  indicates  that  a  substantial  improvement  in 
performance  could  be  obtained  by  reducing  the  time 
interval  between  the  injection  and  combustion  of  the 
fuel  spray.  A  possible  method  of  accomplishing  this 
result  is  to  preheat  the  fuel  before  injection  into  the 
engine  cylinder.  An  investigation  to  determine  the  ef¬ 
fects  of  preheating  fuel  oil  to  750°  F.  on  the  perform¬ 
ance  of  a  compression-ignition  engine  having  precom¬ 
bustion  chambers  has  been  completed  and  the  results 
prepared  for  publication.  It  was  found  that  the  maxi¬ 
mum  cylinder  pressure  and  the  ignition  lag  were  mate¬ 
rially  reduced,  the  engine  performance  and  the  thermal 
efficiency  were  slightly  improved,  and  the  exhaust 
showed  less  flame  and  smoke  as  the  fuel  temperature 
was  increased. 

Integral  Type  of  Combustion  Chamber. — Without  air 
flow. — The  performance  of  the  integral  combustion 
chamber  without  air  flow  has  been  shown  to  be  defi¬ 
nitely  inferior  to  that  of  the  same  chamber  with  forced 
air  flow  generated  by  a  displacer  piston.  No  further 
work  with  the  quiescent  chamber  is  planned.  A 
technical  report  is  being  prepared  to  complete  this 
investigation. 

With  air  flow. — The  improvement  in  performance  by 
generating  a  forced  air  flow  in  the  integral-type  com¬ 
bustion  chamber  by  using  a  displacer  piston  has  been 
determined  and  the  information  published  in  Techni¬ 
cal  Note  No.  518.  Additional  work  has  been  con¬ 
ducted  to  determine  the  optimum  displacer  height,  the 
best  spray  distribution,  and  the  effect  on  engine  per¬ 
formance  of  high-temperature  coolant  and  boosting. 
A  net  brake  mean  effective  pressure  of  1G0  pounds  per 
square  inch  -was  developed  with  a  boost  pressure  of  5 
pounds  per  square  inch. 


The  principal  methods  of  increasing  the  power  out¬ 
put  of  compression-ignition  engines  is  to  increase  the 
engine  speed  and  the  mean  effective  pressure.  The 
standard  test  speed  of  single-cylinder  engines  has  been 
increased  from  1,500  to  2,000  revolutions  per  minute 
and  will  be  further  increased  to  a  maximum  speed  of 
2,500  revolutions  per  minute.  This  change  in  speed 
should  result  in  a  substantial  increase  in  the  power 
output. 

Hydrogen  as  an  auxiliary  fuel  for  compression-ignition 
engines. — The  results  published  in  Technical  Report 
No.  535  show  that  hydrogen  can  be  satisfactorily 
burned  in  a  compression-ignition  engine  at  all  loads 
up  to  and  including  airship  cruising  loads  at  compres¬ 
sion  ratios  of  13.4  and  15. G  in  sufficient  quantities  to 
compensate  for  the  increase  in  the  lift  of  an  airship  due 
to  the  consumption  of  the  fuel  oil. 

Prechamber  Type  of  Combustion  Chamber. — The  in¬ 
vestigation  of  the  prechamber,  or  divided,  combustion 
chamber  has  been  completed.  The  proper  shape  of  the 
cylinder  clearance  wTas  determined,  as  well  as  the  effect 
of  the  compression  ratio  and  the  boost  pressure  on  the 
engine  performance.  Optimum  engine  performance 
requires  that  the  cylinder  clearance  be  limited  to  only 
the  necessary  mechanical  clearance,  with  as  much  as 
possible  of  the  clearance  volume  in  the  prechamber. 
Increase  in  compression  ratio  resulted  in  improved 
indicated  performance  but  also  increased  the  friction 
mean  effective  pressure.  The  optimum  compression 
ratio  vras  15.5.  Boosting  improved  the  indicated  en¬ 
gine  performance  at  all  loads  and  the  net  brake  per¬ 
formance  at  high  loads.  Because  the  clearance  volume 
of  the  prechamber  head  cannot  be  scavenged  without 
mechanical  complication,  this  type  of  combustion 
chamber  is  incapable  of  the  high  specific  outputs  at¬ 
tainable  by  other  less  restrictive  types,  notably  the 
displacer-piston  combustion  chamber. 

Technical  Note  No.  514,  describing  the  effect  of  com¬ 
bustion-chamber  shape  on  engine  performance,  has 
been  published  and  a  technical  report  summarizing  all 
previous  work  is  being  prepared  to  conclude  this 
investigation. 

Two-Stroke-Cycle  Engine. — The  study  of  the  exhaust, 
scavenging,  and  charging  phases  of  the  two-stroke- 
cycle  compression-ignition  engine  has  been  continued. 
Two  rotary  valves  were  constructed  and  installed  in  the 
exhaust  passages  beyond  the  poppet  exhaust  valves  to 
increase  the  range  of  control  of  the  timing  of  the 
scavenging  and  the  charging.  The  amount  of  air  pass¬ 
ing  through  the  cylinder  during  the  scavenging  por¬ 
tion  of  the  cycle  wTas  regulated,  without  affecting  the 
initial  stages  of  exhaust  through  the  poppet  valves, 
by  varying  the  phasing  of  the  rotary  valves.  The  in¬ 
vestigation  with  the  rotary  valves  showed  that  the  en¬ 
gine  performance  increased  with  increase  in  scaveng- 
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ing  period  and  scavenging  air  flow  up  to  a  definite 
maximum,  beyond  which  the  performance  decreased, 
indicating  the  existence  of  an  optimum  relationship 
between  the  times  allotted  for  scavenging  and  charg¬ 
ing  the  cylinder. 

COWLING  AND  COOLING 

Finned  Cylinders — Cooling  properties. — The  power  out¬ 
put  of  an  air-cooled  engine  is  limited  by  the  quantity 
of  waste  heat  that  can  be  dissipated  from  the  cylinder 
fins  to  the  cooling  air.  The  principal  factors  affecting 
the  quantity  of  heat  dissipated  by  the  cylinder  fins  are 
the  fin  spacing  and  the  air  velocity  between  the  fins. 
The  previous  investigation  of  the  cooling  of  finned 
cylinders,  described  in  Technical  Report  No.  511, 
showed  the  need  for  further  information  on  more 
closely  spaced  fins.  Data  have  been  obtained  for  con¬ 
ditions  in  which  the  space  between  the  fins  was  varied 
from  0.022  to  0.131  inch.  The  cylinders  were  tested  in 
a  wind  tunnel  with  and  without  baffles,  and  were  com¬ 
pletely  enclosed  in  a  jacket,  a  blower  supplying  the 
coolinji  air.  For  each  of  the  three  conditions  studied 
the  highest  heat-transfer  coefficient  based  on  the  cyl- 
inder  wall  area  was  obtained  with  a  fin  space  of  ap¬ 
proximately  0.04G  inch.  The  results  of  this  investi¬ 
gation  are  being  prepared  for  publication. 

Air  velocity  between  fins. — A  study  was  made  to  de¬ 
termine  the  air-flow  characteristics  around  finned  cylin¬ 
ders.  The  investigation  included  a  smooth  cylinder, 
a  finned  cylinder  having  several  fin  spacings  and  fin 
widths,  and  a  cylinder  with  several  tj-pes  of  baffles 
with  the  entrance  and  exit  shapes  varied.  The  air 
velocity  around  the  cylinder  and  between  the  fins  was 
measured  with  impact  and  static  tubes  made  of  stain- 
less-steel  tubing  0.015  inch  in  outside  diameter.  The 
results  of  these  tests  showed  that  flow  characteristics 
around  a  cylinder  are  not  so  critically  affected  by 
changes  in  fin  width  as  they  are  by  changes  in  fin 
spacing.  The  design  of  the  cylinder  baffle  based  upon 
air-velocity  measurements  checks  the  baffle  design  de¬ 
termined  from  previous  measurements  of  the  heat 
transfer.  A  technical  report  presenting  the  results  of 
this  investigation  has  been  prepared  for  publication. 

Engine  Cooling — Cylinder-temperature  correction. — An 
investigation  is  being  conducted  to  determine  the  effect 
of  variation  in  cooling-air  temperature  on  the  cylin¬ 
der  temperatures  of  air-cooled  engines.  The  results  of 
this  study  will  be  of  importance  in  reducing  cylinder- 
tern  perat  are  data  to  a  standard  air  temperature,  and 
will  also  serve  as  a  basis  for  predicting  engine  cooling 
under  various  atmospheric  conditions.  Six  cylinders 
representing  current  service-type  engines  are  being 
studied.  These  cylinders  are  tested  as  single-cylinder 
engines,  the  cooling-air  temperature  being  varied  from 


atmospheric  to  250°  F.  above  atmospheric.  For  each 
cylinder  investigated,  the  increase  in  cylinder  tempera¬ 
ture  with  increase  in  cooling-air  temperature  has  been 
found  to  be  practically  constant  and  to  be  independent 
of  the  brake  mean  effective  pressure,  the  engine  speed, 
and  the  weight  velocity  of  the  cooling  air.  With  in¬ 
crease  in  carburetor-air  temperature  there  is  a  small 
increase  in  cylinder  temperature  provided  the  engine 
speed,  brake  mean  effective  pressure,  air-fuel  ratio,  and 
cooling-air  temperature  remain  constant. 

N.  A.  C.  A.  engine  cowling. — The  investigation  of  the 
factors  influencing  the  design  of  X.  A.  C.  A.  cowlings 
for  radial  air-cooled  engines  in  order  to  obtain  low 
drag  and  satisfactory  engine  cooling  has  been  contin¬ 
ued.  The  research  is  beino-  conducted  with  a  Pratt  & 
AYhitney  R-1340  Sllfl-G  engine  installed  in  a  nacelle 
and  mounted  in  the  propeller-research  tunnel.  The 
distribution  of  temperature  over  the  engine  with  18 
cowling  combinations  has  been  determined  for  a  wide 
range  of  engine  power  and  tunnel  air  speed.  The  effect 
on  engine  temperature  of  operating  with  a  3-blade 
controllable  and  a  3-blade  adjustable  propeller  has 
been  investigated.  The  mixture  distribution  of  each 
cylinder  has  been  determined  for  several  engine  powers 
and  specific  fuel  consumptions  by  analysis  of  the  ex¬ 
haust  gases  from  each  cylinder.  The  analysis  of  the 
data  obtained  on  drag  and  engine  cooling  indicates  the 
need  for  further  study  of  the  cooling  problem  to  deter¬ 
mine  the  efficiency  of  this  method  of  engine  cooling. 

Blower  cooling. — The  use  of  a  blower  to  supply  the 
cooling  air  for  an  air-cooled  engine  would  insure  posi¬ 
tive  engine  cooling  under  all  engine-operating  condi¬ 
tions.  An  investigation  has  been  undertaken  to  deter¬ 
mine  the  quantity  of  air  and  pressure  drop  required 
for  cooling  a  given  design  of  radial  engine.  This 
investigation  is  being  conducted  on  single-cylinder  en¬ 
gines  with  the  cooling  air  supplied  by  a  blower  to 
determine  the  quantity  of  air  and  pressure  drop  re¬ 
quired  for  a  range  of  power  outputs  and  specific  fuel 
consumptions.  The  results  show  that  from  1  to  4 
percent  of  the  brake  horsepower  of  the  engine  is  re¬ 
quired  for  adequate  cooling  with  an  assumed  blower 
efficiency  of  100  percent.  The  results  of  the  investiga¬ 
tion  with  cylinders  having  fine  and  coarse  pitch  fins 
are  being  prepared  for  publication. 

Cooling  at  altitude. — An  analysis  is  being  made  to 
determine  the  comparative  cooling  at  altitudes  and 
at  sea  level  of  supercharged  air-cooled  engines  in  a 
high-speed  transport  and  a  pursuit  airplane.  The 
estimated  cooling  is  based  on  data  obtained  from  wind- 
tunnel  tests  of  a  multicylinder  engine  mounted  in  a 
nacelle  and  from  single-cylinder  engine  tests.  The 
calculations  indicate  that,  for  an  airplane  equipped 
with  a  supercharger  and  a  controllable  propeller  main¬ 
taining  constant  engine  power,  the  cylinder  tempera- 
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tures  increase  with  altitude,  and  that  the  higher  the 
temperatures  at  sea  level  the  greater  will  be  the  in¬ 
crease  with  altitude. 

INSTRUMENTS 

Engine  Indicator. — The  Farnboro  indicator  and  the 
technique  of  its  use  have  been  developed  so  that  re¬ 
producible  low-pressure  cards  can  be  obtained.  The 
indicator  has  been  used  in  the  study  of  pressures  ex¬ 
isting  in  the  inlet  pipe,  the  cylinder,  and  the  exhaust 
pipe  of  the  2-  and  4-stroke-cycle  test  engines  with 
variation  in  valve  timing,  pipe  lengths,  and  inlet  and 
exhaust  time-areas. 

Fuel  Flowmeter. — An  electrical  type  of  indicating 
flowmeter  has  been  developed  for  measuring  high 
mass  rates  of  How  of  gasoline  or  other  nonconducting 
fluids.  The  meter  has  been  so  designed  that  its  indi¬ 
cation  is  independent  of  temperature  over  a  wide  range 
and  that  it  has  no  known  vibrational  or  viscosity  er¬ 
rors.  The  ratio  of  maximum  to  minimum  rates  of 
flow,  measurable  within  1  percent,  is  10  or  more,  the 
values  being  approximately  GO  to  GOO  pounds  of  gaso¬ 
line  an  hour. 

Rate-of-Fuel-Injection  Apparatus.  A  complete  analysis 
of  the  combustion  process  in  the  engine  cylinder  re¬ 
quires  a  knowledge  of  the  instantaneous  rates  of  fuel 
injection.  An  apparatus  is  being  designed  to  enable 
a  complete  record  to  be  rapidly  obtained  of  the  rate 
of  fuel  injection  without  removing  the  fuel  pump  from 
the  engine. 

NATIONAL  BUREAU  OF  STANDARDS 

Phenomena  of  Combustion. — Studies  of  the  effects  of 
water  vapor  and  ratio  of  fuel  to  oxygen  in  exploding 
mixtures  of  carbon  monoxide  and  oxygen  arc  described 
in  Technical  Reports  No.  531  and  No.  532.  An  in¬ 
vestigation  of  the  effects  of  the  inert  gases  argon  and 
helium  upon  flame  speed  and  expansion  ratio  in  mix¬ 
tures  of  carbon  monoxide,  oxygen,  and  water  vapor 
was  made  by  the  constant-pressure  or  bubble  method. 
For  the  particular  gas  mixtures  used  it  was  found 
that,  with  the  possible  exception  of  helium  in  very 
small  amounts,  (1)  the  addition  of  inert  gas  always 
produced  decreased  flame  speed  and  expansion  ratio, 
(2)  like  volumes  of  argon  and  helium  have  very  dif¬ 
ferent  effects  upon  flame  speed  but  practically  the 
same  effect  upon  expansion  ratio,  and  (3)  the  differ¬ 
ence  in  the  effect  of  these  two  gases  is  independent  of 
tlie  ratio  of  fuel  to  oxygen.  The  results  of  this  in¬ 
vestigation  are  being  prepared  for  publication  as  a 
technical  report.  The  adoption  by  the  Committee  of 
a  standard  nomenclature  on  combustion  research  ac¬ 
ceptable  to  the  various  workers  in  this  field  was  pro¬ 
posed.  An  improved  method  of  studying  gaseous 
explosions  in  a  spherical  bomb  of  constant  volume, 


equipped  with  (a)  means  for  photographing  the  sprea 
of  flame  from  a  central  ignition  point  and  (b)  sev 
eral  indicators  of  the  balanced  diaphragm  type  ar 
ranged  to  record  the  points  at  which  predetermine! 
pressures  are  reached,  has  been  outlined. 

Combustion  in  the  Engine  Cylinder. — A  further  repor 
on  flame  movement  and  pressure  development  in  ai 
engine  is  being  prepared  for  publication  by  the  Com 
mittee. 

The  investigation  of  chemical  changes  taking  plac 
in  the  detonation  zone  by  means  of  composite  photo 
graphic  records  of  absorption  spectra  has  been  con¬ 
tinued  for  the  Bureau  of  Aeronautics,  Navy  Depart 
ment.  A  photo-elastic  gage,  designed  to  give  continn 
ous  oscillograph  records  of  pressure  changes  withii, 
the  combustion  chamber,  is  under  construction.  Moth 
ods  of  detecting  the  occurrence  of  detonation  in  service 
engines  and  evaluating  knock  intensity  are  being 
studied. 

Factors  Affecting  Volumetric  Efficiency. — An  exact  ami 
generally  applicable  equation  has  been  developed  foi 
the  volumetric  efficiency  of  engines  with  no  valve 
overlap.  The  principal  variables  in  this  equation  an 
the  pressure  PR  in  the  cylinder  when  the  exhaust  valv 
closes  trapping  the  residual  gases,  the  pressure  P 
when  the  inlet  valve  closes  on  the  fresh  charge,  and 
the  net  departure  from  adiabatic  conditions  during 
the  induction  period  expressed  as  a  temperature  change 
A  T  in  the  induced  charge.  Data  collected  during 
nearly  100  motoring  runs  at  full  throttle  have  been 
analyzed  to  show  the  effects  of  engine  speed,  entering 
air  temperature,  and  jacket-water  temperature  upon 
the  volumetric  efficiency  and  upon  the  three  variable 
PR,  Pr ,  and  A  T  in  a  single-cylinder  engine. 

Ignition  Research. — The  ignition  laboratory  has  co¬ 
operated  with  the  Bureau  of  Aeronautics,  Navy  De¬ 
partment,  in  the  development  of  procurement  specifi¬ 
cations  for  magnetos  and  is  engaged  in  testing  th? 
electrical  performance  characteristics  of  various  mag¬ 
neto  types. 

An  improved  type  of  shielded  spark  plug  has  been 
developed  and  specifications  for  the  procurement  of 
such  plugs  have  been  prepared.  Shielding  is  obtained 
by  means  of  a  metal  cage  made  integral  with  the  spark 
plug  shell.  The  design  specified  gives  shielding  equal 
to  that  provided  by  complete  metallic  enclosure.  Pro¬ 
tection  against  moisture  and  flashover  is  secured  bj 
means  of  an  insulating  sleeve  which  screws  on  the 
top  terminal  of  the  plug.  This  design  reduces  cable 
temperature  both  by  dissipating  heat  and  by  reducing 
heat  flow. 

Pending  the  development  of  ignition  cable  which 
will  stand  considerably  higher  temperatures,  precau¬ 
tions  are  sometimes  necessary  to  prevent  cable  burn¬ 
ing  at  the  point  where  the  cable  is  attached  to  the 
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conventional  shielded  spark  plug.  However,  the  tem¬ 
perature  surveys  made  on  new  types  of  airplanes  are 
not  limited  to  ignition-system  temperatures. 

Detonation  Rating-  of  Aviation  Fuels. — The  compara¬ 
tive  tests  of  aviation  fuels  in  representative  military 
and  commercial  aircraft  engines,  made  by  the  National 
Bureau  of  Standards  in  cooperation  with  three  engine 
companies,  have  been  substantially  completed.  The 
Cooperative  Fuel  Research  Committee  which  spon¬ 
sored  this  investigation  is  expected  to  recommend  no 
change  in  present  laboratory  methods  of  rating  avia¬ 
tion  fuels,  pending  an  extension  of  the  work  to  include 
fuels  of  high  octane  number.  The  Canadian  National 
Research  Council  plans  to  compare  the  original  set  of 
test  and  reference  fuels  in  a  supercharged  Jaguar  en¬ 
gine.  Technical  iso-octane,  iso-octane  plus  lead,  and 
iso-octane  blended  with  small  percentages  of  a  20  oc¬ 
tane  number  straight-run  gasoline  are  proposed  as 
standard  reference  fuels  for  use  in  full-scale  engine 
tests  of  fuels  in  t he  range  of  high  octane  numbers. 

Aviation  Oil  Stability. — An  investigation  of  the 
stability  of  aircraft-engine  lubricating  oil  has  been  un¬ 
dertaken  in  cooperation  with  the  Bureau  of  Aeronau¬ 
tics,  Navy  Department.  The  object  of  the  work  is  to 
develop  a  convenient  laboratory  test  for  oil  stability 
that  will  reproduce  the  changes  which  take  place  in 
the  oil  during  service.  Two  Hornet  engines  are  being- 
operated  on  a  variety  of  commercial  aviation  oils  and 
samples  are  removed  periodically  for  analysis  during 
each  run.  Several  types  of  laboratory  tests  are  being- 
studied.  all  of  which  involve  heating  of  the  oil  under 
oxidizing  conditions.  Evaporation  loss  is  measured 
and  analyses  are  made  of  the  viscosity,  sludge,  acidity, 
and  carbon  residue. 

Investigation  of  Engine  Cooling. — A  study  of  (he  cool¬ 
ing  characteristics  of  an  inverted  in-line  engine  when 
installed  in  a  pusher-type  airplane,  undertaken  at  the 
request  of  the  Bureau  of  Air  Commerce,  has  been  com¬ 
pleted.  The  various  arrangements  of  cowling  and 
baffles  used  fall  in  two  groups  according  to  whether 
the  cylinder  heads  were  cooled  by  longitudinal  or  trans¬ 
verse  air  flow.  In  all  cases  the  air  flowed  transversely 
across  the  cylinder  barrels.  In  the  first  group,  the  ar¬ 
rangements  were  modifications  of  the  type  of  cowling 
and  baffles  ordinarily  used  with  in-line  engines,  al¬ 
though  special  attention  was  given  to  the  cylinder-head 
baffles.  In  the  second  group,  the  basic  design  con¬ 
sisted  of  a  “  high-pressure  ”  chamber  on  one  side  of 
the  engine  with  a  “  low-pressure  ”  chamber  on  the  other 
side.  Usually  an  outlet  opening,  surrounded  by  a  lip 
which  the  propeller  just  cleared,  served  to  maintain 
some  suction  in  the  low-pressure  chamber.  A  cowling 
of  this  type,  which  has  louvers  for  the  incoming  cooling 
air,  is  being  tried  on  an  experimental  tailless  airplane 
recently  acquired  by  the  Department  of  Commerce. 
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Investigation  of  Exhaust  Gas. — A  preliminary  investi¬ 
gation  was  made  at  the  request  of  the  Bureau  of  Aero¬ 
nautics,  Navy  Department,  to  ascertain  what  becomes 
of  the  lead  when  an  aircraft  engine  is  operated  on  gaso¬ 
line  treated  with  tetraethyl  lead.  A  Wasp  engine  was 
operated  under  full-throttle  and  cruising  conditions  on 
aviation  gasolines  containing  average  and  high  con¬ 
centrations  of  tetraethyl  lead.  The  solids  in  the  ex¬ 
haust  from  a  representative  cylinder  of  the  engine  were 
collected  with  an  efficient  electrostatic  precipitator  dur¬ 
ing  a  10-minute  run  under  each  test  condition  and 
were  analyzed  for  lead,  bromine,  and  sulphur.  Both 
lead  bromide  and  lead  sulphate  were  detected  micro¬ 
scopically  but  the  total  amount  of  lead  found  was  in¬ 
sufficient  to  combine  with  all  the  bromine  and  sulphur. 
I  he  lead  recovered  was,  on  the  average,  about  25  per¬ 
cent  of  the  lead  brought  into  the  cylinder  by  the  fuel, 
yet  the  lead  retained  in  the  engine  at  the  conclusion  of 
the  tests  was  only  approximately  5  percent  of  the  total 
lead  in  all  the  fuel  burned.  This  indicates  that  con¬ 
tinuous  runs  of  many  hours’  duration  would  be  re¬ 
quired  to  obtain  a  true  lead  balance  and  is  in  accord 
with  earlier  experiments  on  a  small  single-cylinder 
engine,  in  which  the  lead  content  of  the  exhaust  was 
found  to  vary  between  10  percent  and  119  percent  of 
the  amount  introduced  as  fuel. 

Automobile  Engines  for  Airplane  Use. — At  the  request 
of  the  Bureau  of  Air  Commerce,  a  popular  V-type 
automobile  engine  which  develops  about  90  horsepower 
at  4,000  revolutions  per  minute  but  weighs  more  than 
5  pounds  per  horsepower  is  being  subjected  to  a  300- 
hour  dynamometer  endurance  test  at  full  throttle  and 
rated  speed.  1  his  is  part  of  a  program  to  determine 
the  feasibility  of  producing  reliable  airplanes  for  the 
private  flyer  at  moderate  cost. 

SUBCOMMITTEE  ON  AIRCRAFT  FUELS  AND 
LUBRICANTS 

For  the  purpose  of  encouraging  and  coordinating 
research  on  problems  relating  to  improvements  in  avia¬ 
tion  fuels  and  lubricants  with  a  view  to  obtainiiu*-  the 

c“5 

maximum  possible  performance  in  aircraft  engines,  the 
National  Advisory  Committee  for  Aeronautics,  at  the 
recommendation  of  its  Committee  on  Power  Plants  for 
Aircraft,  established  the  Subcommittee  on  Aircraft 
Fuels  and  Lubricants. 

Two  meetings  have  been  held  by  this  subcommittee 
since  its  organization  in  May.  The  present  needs  in 
connection  with  the  improvement  of  aviation  fuels 
were  summarized  and  discussed,  and  consideration  was 
given  to  the  present  status  of  the  development  of  lubri¬ 
cating  oils  for  aircraft  engines  and  the  problems  to  be 
investigated. 

Some  of  the  principal  problems  considered  by  the 
subcommittee  are  outlined  below. 
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Determination  of  Antiknock  Value  of  Fuels. — Compara¬ 
tive  data  are  being  obtained  on  the  performance  of 
fuels  of  high  octane  number  in  service  engines  of  the 
Army  Air  Corps  and  the  Bureau  of  Aeronautics  of  the 
Navy,  and  on  the  laboratory  tests  of  the  fuels  used. 
However,  the  information  so  far  received  gives  no 
indication  of  the  relative  applicability  to  fuels  of  high 
octane  number  of  the  respective  methods  used  by  the 
two  services  for  rating  fuels  as  to  their  antiknock 
value.  The  method  used  by  the  xYir  Corps  (Air  Corps 
specification  35GG)  and  the  C.  F.  R.  method  used  by 
the  Bureau  of  Aeronautics  give  ratings  which  are  in 
substantial  agreement  for  fuels  up  to  about  80  octane 
number.  In  the  range  above  80  octane  number,  most 
fuels,  except  aromatic  blends,  are  rated  higher  by  the 
Air  Corps  method  than  by  the  C.  F.  R.  method,  which 
is  used  by  the  industry  as  well  as  the  Bureau  of  Aero¬ 
nautics. 

A  study  of  this  problem  is  being  included  in  the  pro¬ 
gram  of  investigation  being  conducted  by  the  National 
Bureau  of  Standards  for  the  Bureau  of  Aeronautics  of 
the  Navy. 

Lubricants  for  Aircraft  Engines. — At  the  National  Bu¬ 
reau  of  Standards  a  program  of  investigation  relating 
to  the  lubrication  of  aircraft  engines  is  under  way  with 
the  cooperation  of  the  Air  Corps  and  the  Bureau  of 
Aeronautics.  Some  of  the  specific  problems  included 
are  the  oiliness  of  aviation  oils,  oil  stability,  cylinder- 
wall  and  piston-ring  wear,  and  the  effect  of  oil  acidity 
on  bearings. 

An  investigation  of  the  stability  of  compounded  avi¬ 
ation  oils,  including  the  development  of  a  test  method 
for  the  stability  of  compounded  oils  which  will  be 
significant  as  regards  engine  performance,  is  being 
conducted  by  the  National  Bureau  of  Standards  for 
the  National  Advisory  Committee  for  Aeronautics,  in 
accordance  with  a  program  outlined  under  the  direc¬ 
tion  of  the  subcommittee. 

REPORT  OF  COMMITTEE  ON  AIRCRAFT 
STRUCTURES  AND  MATERIALS 

As  a  result  of  the  reorganization  of  the  Committee 
on  Aircraft  Structures  and  Materials  and  its  subcom¬ 
mittees,  and  of  the  supplemental  appropriation  ob¬ 
tained  by  the  National  Advisory  Committee  for  the 
present  fiscal  year,  the  activities  of  the  Committee 
on  Aircraft  Structures  and  Materials  and  its  subcom¬ 
mittees  have  been  appreciably  increased,  both  by  the 
expansion  of  projects  already  under  way  and  by  the 
addition  of  new  projects.  The  greater  part  of  this 
increased  activity  is  taking  place  at  the  National  Bu¬ 
reau  of  Standards. 


SUBCOMMITTEE  ON  METALS  USED  IN  AIRCRAFT 

Weathering  of  Aluminum- Alloy  Sheet  Materials.- 

Supplementing  a  five-year  series  of  weather-exposur- 
tests,  the  results  of  which  were  published  in  Technics: 
Note  No.  490  of  the  National  Advisory  Committee  fo 
Aeronautics,  a  second  series  in  which  newly  develops 
alloys  were  included  was  begun.  This  has  progressed 
for  three  years  at  Washington  and  Coco  Solo,  and  oik 
year  at  Hampton  Roads,  where  the  initial  specimens 
were  lost  during  a  hurricane. 

Continuous  exposure  of  this  duration  has  shown  that 
materials  containing  from  1  to  G  percent  magnesium  a; 
the  principal  alloying  constituent  are  very  resistanl 
to  atmospheric  corrosive  attack.  On  the  other  hand 
alloys  of  the  duralumin  type,  containing  up  to  4  per 
cent  copper,  proved  relatively  more  susceptible  to  at¬ 
tack,  especially  in  the  marine  localities.  Coatings  of 
pure  aluminum  forming  an  integral  part  of  the  sheet 
have  afforded  complete  protection  to  specimens  of  the 
duralumin-type  alloys  to  date.  Systematic  examina 
tion  of  specimens  of  sheet  material  of  this  kind,  Alclad 
from  the  hull  of  the  airship  MC-2,  have  shown  pene¬ 
tration  of  the  aluminum  protective  skin  in  small  areas 
after  about  six  years.  Deeply  penetrating  attack  of  the 
basis  metal  has  not  been  observed,  however,  as  yet. 

The  majority  of  the  paint  and  varnish  coatings 
applied  to  the  oxide-treated  surfaces  of  specimens 
showed  initial  evidences  of  failure  during  the  second 
year.  When  applied  to  surfaces  not  oxide-treated, 
failure  on  a  number  of  the  coatings  began  in  less  than 
six  months  and  was  practically  complete  shortly  there 
after. 

Oxide  coatings  applied  by  anodic  treatment  have 
proved  greatly  superior  to  those  obtained  by  chemical 
immersion  methods;  the  latter  exhibited  evidences  of 
failure  in  less  than  six  months.  Anodic  coatings  ini- 
pregnated  with  chromic  oxide  after  anodizing  in 
chromic  acid  electrolyte  have  shown  marked  superi¬ 
ority  over  similar  coatings  not  so  treated. 

Accompanying  the  outdoor  weathering  tests,  labora¬ 
tory  tests  have  been  carried  out  by  the  salt  spray 
method,  over  3,000  specimens  having  been  tested. 
Some  of  the  materials  which  are  proving  most  satis¬ 
factory  under  weather  conditions  have  successfully 
withstood  ten  months’  continuous  exposure  to  salt 
spray  without  breakdown. 

Weathering  of  Magnesium  Alloys. — The  durability  of 
magnesium-base  alloys  under  service  conditions  is  inti¬ 
mately  related  to  their  degree  of  corrosion  resistance. 
The  tests  of  a  series  of  these  alloys  representative  of 
several  compositions  in  sheet  form  extending  over  a 
period  of  five  years  of  continuous  exposure  to  the 
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weather  have  been  completed.  A  summarizing  report 
for  the  use  of  interested  Government  agencies  lias  been 
prepared.  In  general,  chloride  corrosion,  such  as  is 
characteristic  of  marine  exposure,  is  the  most  serious 
condition  encountered.  Failure  under  such  condition 
is  often  the  result  of  crevice  corrosion.  Under  inland 
conditions  the  corrosion  resistance  of  these  materials  is 
greatly  superior. 

Further  weathering  tests  of  present-day  commercial 
alloys  are  under  way,  with  special  emphasis  on  the 
surface  treatment  of  the  metal  prior  to  coating  as  well 
as  the  character  of  the  applied  coating.  The  tests 
are  being  conducted  at  Coco  Solo,  Canal  Zone,  repre¬ 
sentative  of  severely  corrosive  marine  conditions,  and 
at  Washington,  D.  C.,  representative  of  mildly  corro¬ 
sive  conditions.  Unlike  some  of  the  light  aluminum 
alloys,  deeply  penetrating  intercrystalline  corrosion 
resulting  in  brittleness  of  a  sheet  has  not  been  observed 
in  these  alloys.  The  corrosive  attack  is  confined  to 
the  surface  and  results  in  a  gradual  reduction  in  the 
thickness  of  a  sheet. 

Surface  Treatment  of  Magnesium  Alloys. — The  adher¬ 
ence  of  any  protective  coating  applied  to  magnesium 
alloy  and,  therefore,  its  effectiveness,  depends  in  large 
measure  on  the  character  of  the  surface  to  which  it  is 
applied.  Much  study  is  being  devoted  to  this  subject 
and  a  rapid  method  for  the  surface  treatment  has  been 
developed  which,  according  to  extended  salt-spray 
corrosion  tests,  promises  to  be  decidedly  superior  to 
methods  now  in  use  commercially  for  the  surface  treat¬ 
ment  of  magnesium. 

Protective  Treatment  of  Aluminum — Anodic  Oxida¬ 
tion. — The  value  of  anodic  oxidation  as  a  preliminary 
treatment  of  aluminum  is  now  widely  recognized.  Be¬ 
cause  of  operating  difficulties  encountered  in  obtaining 
good  quality  oxide  film,  a  study  was  made  at  the 
request  of  the  Bureau  of  Aeronautics  of  various  bath 
conditions  which  may  affect  the  character  of  the  sur¬ 
face  films.  It  was  shown  : 

(a)  Hexavalent  chromium  (CrVI)  is  the  effective 
agent  in  anodization, 

(b)  Aluminum  taken  into  solution  from  the  alloy 
treated  is  largely  responsible  for  premature  failure  of 
chromic  acid  anodizing  baths, 

(c)  Aluminum  content  of  the  solution  may  be  kept 
low  by  addition  of  a  substance  containing  trivalent 
chromium  (Crm), 

(d)  The  pH  of  the  bath  which  is  a  function  of  the 
free  C"VI  should  be  maintained  within  fairly  close 
limits, 

(e)  A  practical  control  chart,  correlating  the  chemi¬ 
cal  analysis,  the  calculated  free  CrVI,  and  the  pFI  of 
the  bath  with  the  operating  conditions  is  being  con¬ 
structed. 


Aircraft  Metals  at  Sub-Zero  Temperatures. — For  air¬ 
craft,  it  is  not  sufficient  merely  to  specify  materials  of 
construction  of  satisfactory  properties  as  ordinarily 
determined  at  normal  temperatures.  The  possible  con¬ 
dition,  especially  of  a  deleterious  nature,  which  may 
obtain  while  the  structure  is  maintained  for  a  time  at 
various  operating  temperatures  should  be  known.  In 
line  with  this,  the  mechanical  properties  of  the  impor¬ 
tant  metallic  materials  are  being  studied  in  coopera¬ 
tion  with  the  Bureau  of  Aeronautics  at  a  series  of 
temperatures  the  lowest  of  which  is  below  the  lowest 
encountered  in  service.  In  general,  low  temperature 
serves  to  accentuate  the  deleterious  effect  of  notches  or 
similar  surface  imperfections  on  the  properties  of  most 
of  the  materials. 

Propeller-Blade  Materials. — Of  four  aluminum-alloy 
propeller  blades  examined  during  the  year,  two  had 
failed  in  service,  one  during  a  test  flight  of  a  new  air¬ 
plane,  and  the  other  during  an  engine  test  on  a  test- 
block.  Both  failed  as  the  result  of  a  fatigue  fracture 
at  the  hub.  The  examination  of  two  other  blades  was 
prompted  by  the  belief  by  the  maintenance  person¬ 
nel  that  the  j^eculiar  grain  structure  and  marked  con¬ 
trast  in  grain  size  exhibited  on  the  surfaces  of  the 
blade  was  an  indication  of  defective  material.  No 
evidence  that  such  was  the  case  was  found. 

Numerous  rotating-beam  fatigue  tests  have  been 
made  on  specimens  machined  from  hollow  welded- 
steel  blades;  some  new,  some  used  but  without  fail¬ 
ure,  and  one  blade  that  had  failed  in  service  as 
the  result  of  fatigue.  The  endurance  limit  has  been 
determined  on  specimens  from  the  basis  steel  (S.  A.  E. 
6130)  where  it  was  not  affected  by  the  welding 
operation;  on  specimens  consisting  mostly  of  weld 
metal;  on  specimens  consisting  partly  of  weld  metal 
and  partly  of  basis  steel  and  containing  defects  de¬ 
tected  by  the  magnetic-dust  inspection  method;  and 
on  specimens  containing  surface  defects  similar  to 
those  found  on  the  blades,  some  of  which  are  appar¬ 
ently  unavoidable.  Blades  are  now  being  plated  with 
chromium  by  some  makers  to  provide  resistance  to 
surface  corrosion  and  abrasion,  and  fatigue  tests  to 
obtain  information  on  the  possible  effect  of  the  chro¬ 
mium  coating  on  the  fat  igue  limit  of  the  steel  are  neces¬ 
sary.  No  important  conclusions  can  as  yet  be  stated  on 
the  basis  of  the  results. 

Miscellaneous  Aircraft  Metals. — Of  the  service  failures 
of  fittings  of  various  kinds  examined  during  the  year, 
fatigue  failures  by  far  outnumber  those  resulting  from 
improper  material.  “  Stress  raisers  ”  such  as  may  re¬ 
sult  from  improper  design  features,  from  defects  in¬ 
troduced  by  welding,  etc.,  serve  to  localize  the  fatigue 
break. 

Corrosion  of  fuel  tanks  and  lines  is  evidently  an  im¬ 
portant  matter  as  evidenced  by  the  failed  materials  ex- 
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ammed.  Salt-water  corrosion  appears  to  be  the  pri¬ 
mary  cause,  but  the  severity  and  distribution  of  the 
corrosive  attack  seem  to  be  influenced  by  the  character 
of  the  deposit  resulting  from  decomposition  of  the 
treated  gasoline  used.  Improper  heat  treatment  and 
insufficient  surface  protection  are  apparently  of  major 
importance  in  contributing  to  the  failure  of  the  high- 
strength  aluminum-alloy  parts. 

SUBCOMMITTEE  ON  STRUCTURAL  LOADS  AND 
METHODS  OF  STRUCTURAL  ANALYSIS 

LANGLEY  MEMORIAL  AERONAUTICAL  LABORATORY 

Applied  Loads  on  Airplane  Structures — Wing-leal  fac¬ 
tors. — The  collection  of  statistical  information  on  gust 
loads  on  the  wings  of  transport  airplanes  has  been  con¬ 
tinued  during  the  past  year.  No  loads  greater  than 
those  previously  obtained  have  been  measured.  The 
collection  of  such  data  is  being  extended  to  smaller 
cabin  types  of  airplanes  and  to  large  flying  boats  in¬ 
tended  for  transoceanic  operation. 

As  a  result  of  interest  in  the  possibilities  of  trans¬ 
port  flying  at  high  altitudes,  plans  are  being  made  to 
incorporate  aneroid  elements  in  the  instruments  so  that 
the  measured  loads  may  be  evaluated  as  a  function  of 
altitude  as  well  as  of  air  speed. 

In  order  to  establish  gust  criteria  for  the  design  of 
light  airplanes  and  of  gliders,  an  investigation  is 
planned  to  establish  a  correction  of  the  sharp-edged 
gust  formula  for  such  cases.  A  preliminary  analysis 
indicates  that  this  formula  should  not  be  applied  to 
airplanes  having  wing  loadings  much  less  than  10 
pounds  per  square  foot. 

Acceleration  measurements  have  been  made  on  a 
number  of  racing  airplanes  in  both  simulated  and 
actual  races,  and  the  results  have  been  published  in 
Technical  Note  No.  53T.  The  values  of  acceleration 
measured  ranged  from  6.2  g  to  —1.2  g. 

Tail  loads. — A  number  of  measurements  of  tail  loads 
in  rough  air  have  been  made.  Although  these  meas¬ 
urements  are  not  yet  sufficiently  complete  to  furnish 
a  basis  for  general  conclusions,  the}7  indicate  that  gust 
loads  on  tail  surfaces  may  be  appreciably  higher  than 
might  be  expected  from  the  wing-load  measurements. 
During  flights  that  have  been  made  in  moderately 
rough  air,  unit  loads  on  the  vertical  surfaces  have  gen¬ 
erally  been  higher  than  those  on  the  horizontal  sur¬ 
faces;  but  during  one  very  rough  flight  immediately 
following  the  passage  of  a  wind-shift  line,  the  reverse 
was  the  case. 

Load  Distribution — Wings  without  flaps. — A  study  of 
theoretical  and  experimental  span  load  curves  for 
wings  without  flaps  has  been  made  to  formulate  a 
rational  design  procedure  for  the  determination  of  the 
load  distribution.  The  theoretical  curves  represent 


well  t lie  experimental  results  below  the  stall,  except 
for  wings  having  a  tipi  chord  greater  than  half  the 
root  chord.  For  such  cases  enrpirical  tip)  correction? 
have  been  derived.  A  repiort  is  being  pirepiared  on  this 
subject. 

A  procedure  lias  also  been  established  for  calculatin'! 
the  complete  force  and  moment  distribution  on  mono- 
pilanes  and  biplanes.  In  this  procedure  a  force  co¬ 
efficient  is  treated  as  the  independent  variable,  thus  as 
far  as  possible  eliminating  the  angle  of  attack;  the 
forces  are  derived  in  terms  of  certain  basic  parameters 
of  the  airfoil  sections,  which  are  tabulated  for  a  num¬ 
ber  of  well-known  and  commonly  used  sections;  and 
the  forces  are  then  progressively  built  up  from  simple 
combinations  of  certain  basic  forces  and  simple 
formulas  involving  the  airfoil  section  parameters. 

Wings  with  flaps. — Although  the  wing  with  flaps  is 
not  fundamentally  different  from  the  wing  without 
flaps  as  far  as  force  calculations  below  the  stall  are 
concerned,  the  almost  unlimited  variety  of  flap)  types 
and  dimensions  requires  considerable  analysis  to  estab¬ 
lish  the  section  characteristics  of  flapped  airfoils  and 
to  determine  the  influence  of  the  discontinuity  of  the 
wing  form  in  cases  involving  partial-spian  flapis.  These 
problems  have  been  partly  solved  during  the  past 
year  and  the  progress  made  indicates  that  a  solution 
sufficiently  complete  for  the  piurpiose  of  structural 
analysis  will  soon  be  made.  A  repiort  covering  this 
subject  is  in  pi  reparation. 

Investigations  have  been  made  on  airfoils  with  flaps 
to  obtain  data  applicable  to  the  structural  problem. 
These  tests  include  force  measurements  in  the  7-  by 
10-foot  wind  tunnel  on  the  wing  and  flap  of  an  N.  A. 
C.  A.  23012  airfoil  with  an  N.  A.  C.  A.  23012  external- 
airfoil  flap,  piressure-distribution  measurements  in  the 
same  wind  tunnel  on  an  airfoil  with  a  flap  and  a 
tab,  and  flow  studies  in  the  smoke  tunnel  to  determine 
the  character  of  the  flow  in  the  vicinity  of  the  tail 
surfaces  of  low-  and  mid-wing  monopolanes  equipiped 
with  double  spdit  flapis.  In  the  smoke-tunnel  investi¬ 
gation,  it  was  found  that  with  ordinary  double  split 
flapis  pulsations  of  a  character  likely  to  cause  severe 
buffeting  of  the  tail  surfaces  occurred,  but  that  it 
was  piossible,  at  least  at  the  low  scale  of  the  model 
tests,  to  reduce  the  piulsations  by  the  use  of  spanwise 
slots  in  the  flap.  Pressure-distribution  measurements 
have  also  been  made  in  flight  to  determine  whether 
the  pitching  of  the  wing  in  accelerated-flight  condi¬ 
tions  might  cause  a  change  in  the  section  character¬ 
istics.  The  effect  was  neodiobble. 

Unsymmetrical  wing  loads. — A  repiort  is  in  pirepiara- 
tion  giving  the  results  of  a  study  of  unsymmetrical 
wing  loads  that  was  undertaken  to  establish  more  ra¬ 
tional  design  criteria.  Thus  far,  the  theoretical 
analysis  of  pirevious  investigations  of  ailerons  has  been 
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extended  to  linearly  tapered  wings  with  several  aspect 
ratios.  It  has  been  found  possible  to  effect  a  fairly 
close  agreement  between  the  theoretical  and  experi¬ 
mental  rolling  moments  for  both  the  fixed  and  rolling 
conditions  by  introducing  into  the  theoretical  expres¬ 
sion  for  the  rolling  moment  an  effective  change  in  angle 
of  attack  obtained  from  an  analysis  of  flap  data. 

Compressibility  effect. — An  investigation  made  at  very 
low  scale  in  the  high-speed  wind  tunnel  had  indicated 
sufficient  change  in  the  pitching-moment  coefficient  at 
usual  diving  speeds  to  justify  a  consideration  of  the 
compressibility  effect  on  the  structural  design  of  rapid¬ 
ly  diving  airplanes.  Apparatus  has  been  installed  in 
an  airplane  for  the  purpose  of  verifying  the  wind- 
tunnel  results  under  full-scale  conditions,  also  to  verify 
airfoil  section  data  at  lower  speeds  where  the  compres¬ 
sibility  effect  is  negligible  and  to  check  certain  wing- 
flutter  criteria. 

Water  pressures  on  seaplane  hulls. — The  Committee  has 
continued  to  cooperate  with  the  Bureau  of  Aeronautics, 
Navy  Department,  in  the  measurement  of  maximum 
water  pressures  on  various  seaplanes  during  routine 
acceptance  tests.  Maximum  pressures  have  been  re¬ 
corded  on  an  amphibian  flying  boat,  the  RD-3;  a 
single-float  seaplane,  the  03U-6;  and  a  large  flying 
boat,  the  XP3Y-1.  Pressures  as  great  as  50  pounds 
per  square  inch  have  been  recorded. 

At  the  same  time  the  Committee  has  been  developing 
a  water-pressure  recorder  that  will  give  a  continuous 
record  of  pressure  travel  on  waxed  paper.  An  experi¬ 
mental  instrument  of  this  type  has  been  tried  in  flight 
tests  and  a  final  design  has  now  been  completed. 

Structures. — As  a  result  of  the  analysis  by  Schwartz 
and  Bogert  of  a  strut  with  a  single  elastic  support  in 
the  span  (Technical  Note  No.  529),  a  deflection  for¬ 
mula  for  single-span  beams  of  constant  section  sub¬ 
jected  to  combined  axial  and  transverse  loads  has  been 
derived  and  presented  in  Technical  Note  No.  540. 
The  formula  may  be  considered  general  to  the  extent 
that  it  is  applicable  to  a  variety  of  cases  heretofore 
requiring  separate  formulas  for  each  case.  The  for¬ 
mula  makes  possible  a  general  study  of  the  effect  of 
axial  load  on  the  spring  constant  of  a  beam  and  is 
therefore  of  special  interest  in  jury-strut  problems. 

NATIONAL  BUREAU  OF  STANDARDS 

Inelastic  Behavior  of  Duralumin  and  Alloy  Steels  in 
Tension  and  Compression. — The  study  of  the  inelastic 
beliavioi  of  thin  sheet  materials  in  tension  and  com¬ 
pression  lias  been  continued.  Compression  tests  by  the 
pack  method  (briefly  described  in  last  year’s  report) 
have  been  successfully  carried  out  on  heat-treated  chro¬ 
mium-molybdenum  steel  sheets  as  thin  as  0.05  inch  and 
stressed  up  to  185,000  pounds  per  square  inch.  This 
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is  probably  near  the  practical  limit  of  sheet  material 
for  aircraft. 

Results  from  previous  tests  of  aluminum  alloys  by 
the  pack  method  have  been  used  in  the  study  of  the 
failure  of  wing  beams.  The  beam  tests  correlated 
much  more  closely  with  the  compression  stress-strain 
curves  than  with  the  tension  stress-strain  curves. 

Fixation  of  Struts. — Additional  column  tests  of 
streamline  tubing  of  duralumin,  stainless  steel,  and 
normalized  and  heat-treated  chromium-molybdenum 
steel  have  been  made  with  both  freely  supported  ends 
and  elastically  restrained  ends.  With  these  tests  the 
experimental  part  of  the  investigation  as  far  as  has 
been  planned  has  been  completed. 

Column  formulas  have  been  fitted  to  the  test  data 
for  the  four  materials  which  were  used. 

A  method  has  been  developed  for  applying  the 
results  of  these  tests  to  the  design  of  structures  con¬ 
tinuous  at  the  joints.  This  method  has  been  applied 
to  the  analysis  of  a  fuselage  which  was  tested  statis- 
tically  by  the  Bureau  of  Aeronautics  of  the  Navy 
Department.  The  member  which  the  analysis  indi¬ 
cated  as  the  weakest  member  was  the  one  which  actu¬ 
ally  failed  in  the  test,  whereas  the  conventional  method 
of  analysis  predicted  failure  of  a  member  which  did 
not  in  fact  fail. 

A  report  covering  the  investigation  has  been  pre¬ 
pared. 

Tubing’  under  Combined  Axial  and  Transverse  Loads. — 

The  tests  reported  in  Technical  Note  No.  30T  showed 
considerable  variation  of  modulus  of  rupture  with 
varying  test  conditions.  Pending  a  more  thorough 
study  of  these  variations  the  design  charts  given  in  the 
technical  note  were  based  upon  a  safe,  conservative 
value  for  the  modulus  of  rupture. 

Examination  of  the  test  results  has  indicated  tin1 
probability  that  with  fuller  knowledge  of  the  effect 
of  the  different  variables  in  the  test  conditions,  some¬ 
what  higher  values  might  be  safe.  For  that  reason 
a  series  of  tests  on  the  modulus  of  rupture  of  tubing 
is  being  started. 

The  previous  tests  had  indicated  an  apparent  varia¬ 
tion  of  the  modulus  of  rupture  with  length  of  tube. 
For  that  reason  tests  were  made  in  which  equal  and 
opposite  terminal  couples  were  applied  to  specimens 
of  different  lengths  cut  from  the  same  tube.  No  dif¬ 
ferences  in  moduli  of  rupture  were  found  which  were 
as  great  as  3  percent,  an  amount  to  be  expected  from 
unavoidable  variations  in  the  material  and  cross  sec¬ 
tion. 

When  subjected  to  bending  moments  the  cross  section 
of  a  circular  tube  flattens  into  an  approximately  ellip¬ 
tical  shape,  and  the  maximum  bending  moment  which 
the  tube  can  carry  depends  somewhat  on  the  amount 
I  of  this  change  of  shape,  which  may  be  influenced  by 
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the  type  of  connection  used  in  applying  the  lateral 
load. 

If  the  section  of  the  tube  at  the  loading  points  (third 
points)  is  constrained  to  remain  circular,  the  flatten¬ 
ing  can  only  occur  in  the  free  span  between  loads,  and 
failure  takes  place  at  the  middle  of  the  specimen  unin¬ 
fluenced  by  local  effects  caused  by  the  method  of 
loading. 

Preliminary  tests  have  shown  also  that  as  long  as 
the  lateral  load  is  applied  by  means  of  a  member  in 
tension,  no  practical  type  of  connection  will  accentu¬ 
ate  this  change  of  shape,  so  that  the  moduli  of  rupture 
are  not  lowered  by  this  type  of  loading.  On  the  other 
hand,  if  the  load  is  applied  through  a  member  in  com¬ 
pression,  the  attachment  to  the  tube  may  tend  to  accen¬ 
tuate  flattening  of  the  tube  section  and  cause  some 
reduction  in  the  modulus  of  rupture;  tests  in  which  the 
lateral  load  was  so  applied  gave  somewhat  lower  values. 

As  the  result  of  these  preliminary  tests,  the  main 
tests  will  be  run  with  the  load  applied  by  means  of 
the  same  fixtures  used  in  the  earlier  part  of  the  investi¬ 
gation,  but  greater  attention  will  be  given  to  the  elimi¬ 
nation  of  axial  components  of  load  due  to  bending  of 
the  specimen. 

Torsional  Strength  of  Tubing. — The  analysis  of  test 
data  on  the  torsion  of  102  tubes  of  17ST  aluminum 
alloy  has  been  completed  and  design  charts  have  been 
computed  from  which  the  twisting  moment  at  failure 
of  tubes  falling  into  the  range  of  dimensions  and  of 
properties  of  those  tested  may  be  read  off  as  a  func¬ 
tion  of  the  Avail  thickness  and  the  outside  diameter 
of  the  tube  as  Avell  as  the  yield  point  in  tension  and 
the  ultimate  strength  in  tension  of  the  tube  material. 

The  strength  of  the  steel  tubes  could  be  represented 
as  a  nomogram  involving  three  variables,  while  the 
strength  of  the  17ST  aluminum  alloy  tubes  could  be 
shown  as  a  single  curve.  The  difference  in  behavior 
of  the  two  sets  of  tubes  may  be  ascribed  to  the  much 
greater  uniformity  in  properties  of  17ST  tubes  as  com¬ 
pared  to  the  steel  tubes. 

Both  design  charts  clearly  showed  the  three  types 
of  failure  that  may  be  expected  in  tubes  of  the  dimen¬ 
sions  tested.  Very  thin  tubes  failed  by  elastic  two- 
lobe  buckling  at  tAvisting  moments  that  scattered  about 
the  values  predicted  from  Donnell’s  theory  for  the 
torsion  of  tubes  Avith  clamped  ends  (Technical  Re¬ 
port  No.  479)  ;  only  3  of  the  steel  tubes  and  12  of  the 
17ST  tubes  Avere  sufficiently  thin  to  fail  in  this  man¬ 
ner.  Most  of  the  tubes  (58  of  the  steel  tubes  and  72 
of  the  17ST  tubes)  had  sufficiently  thick  Avails  to  sIioav 
some  yielding  before  failure  by  buckling  could  occur; 
the  stress  at  failure  in  this  region  of  combined  plastic 
failure  and  buckling  was  found  to  increase  linearly 
with  the  ratio  of  wall  thickness  to  diameter  of  the  tube. 
The  shear  stress  for  the  third  type  of  failure  is  inde¬ 


pendent  of  the  Avail  thickness  and  appears  to  repre¬ 
sent  yielding  of  the  material  in  pure  shear.  Two  of 
the  steel  tubes  and  20  of  the  17ST  tubes  failed  in  this 
manner.  The  maximum  length  of  the  tubes,  GO  inches. 
Avas  not  sufficient  to  indicate  any  lowering  in  strength 
with  length  due  to  helical  deformation  of  the  axis 
of  the  tube  for  tubes  failing  by  plastic  buckling  or 
by  plastic  shear;  in  the  cases  of  the  tubes  failing  elas¬ 
tically  the  lowering  in  strength  corresponds  roughly 
to  the  predictions  of  Donnell’s  theory. 

A  report  describing  the  results  of  tests  on  both 
chrome-molybdenum  steel  tubes  and  duralumin  tubes 
is  being  prepared. 

Propeller  Vibration. — A  paper  outlining  the  method 
of  determining  stresses  in  nonrotating  blades  that  Avas 
used  at  the  National  Bureau  of  Standards  was  pub¬ 
lished  in  the  February  1935  issue  of  the  Journal  of 
Research  of  the  National  Bureau  of  Standards. 

The  theoretical  method  for  determining  the  stress 
distribution  in  a  nonrotating  propeller  blade  vibrating 
Avith  a  natural  frequency  that  is  described  in  this 
paper  Avas  extended  to  rotating  propellers  in  order  to 
determine  the  change  in  stress  distribution  under  the 
action  of  the  centrifugal  forces  due  to  rotation. 

Further  development  Avork  has  been  done  on  a  vi¬ 
bration  indicator  for  measuring  the  amplitude  of  tor¬ 
sional  vibration  of  the  propeller  shaft.  Particular 
attention  has  been  given  to  the  design  of  an  instru¬ 
ment  that  avouIcI  be  free  from  natural  frequencies 
Avithin  the  range  of  frequencies  encountered.  Such  an 
instrument  xvould  give  a  meter  reading  proportional 
to  the  angular  A^elocity  and  independent  of  the 
frequency. 

A  method  has  been  developed  for  calibrating  each 
instrument  for  frequencies  ranging  from  20  to  180 
cycles  per  second. 

Airship  Girders  and  Airship  Structural  Members. — Ten¬ 
sile  tests  have  been  made  on  samples  of  Alclad  sheet 
0.01  inch  thick  cut  from  the  hull  of  the  metal-clad 
airship  MC-2  after  6  years  of  service.  These  samples 
Avere  chosen  after  thorough  \Tisual  inspection  as  repre¬ 
sentative  of  the  Avorst -corroded  areas  on  the  airship. 
None  of  these  samples  indicate  any  structurally  sig¬ 
nificant  deterioration  of  the  underlying  duralumin. 

Metallographic  examination  showed  that  as  in  the 
previous  samples  the  corrosion  was  in  general  slight, 
being  confined  to  small  isolated  areas.  In  bv  far  the 
greater  number  of  these  the  corrosive  attack  had  not 
penetrated  through  the  aluminum  protective  layer. 

In  some  feAv  areas  the  attack  has  removed  the  greater 
part  of  the  aluminum  coating  over  areas  a  feAv  tenths 
of  an  inch  across,  but  in  no  case  has  there  been  any 
appreciable  attack  on  the  underlying  duralumin. 

Comparison  with  previous  examinations  indicates 
that  the  corrosion  is  proceeding  by  sIoav  increase  in 
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area  of  the  spots  already  attacked  rather  than  b}7  the 
start  of  new  centers  of  attack. 

The  condition  of  this  thin  sheet  after  6  years  of 
exposure  is  further  evidence  of  the  great  efficacy  of 
aluminum  coatings  in  protecting  structural  aluminum 
alloys. 

Further  studies  have  been  made  of  aluminum-alloy 
girders  such  as  are  used  in  the  construction  of  air- 
ships.  Column  tests  have  been  made  in  the  large 
Emery  testing  machine  on  experimental  girders  ap¬ 
proximately  182  inches  long  which  had  a  ratio  of 
length  to  radius  of  gyration  of  about  47. 

Flat  Plates  under  Normal  Pressure. — Further  at¬ 
tempts  have  been  made  to  find  a  quantitative  explana¬ 
tion  of  the  straight-line  relationship  between  center 
deflection  and  pressure  at  high  pressures,  which  was  a 
dominant  feature  of  all  the  flat-plate  tests  made  at  the 
National  Bureau  of  Standards. 

It  was  hoped  that  a  comparison  of  the  test  results 
for  long  plates  with  BoobnofFs  relatively  rigorous 
analysis  for  infinitely  long  plate  strips  under  normal 
pressure  would  provide  such  an  explanation.  Actually 
it  was  found  that  the  observed  center  deflections  for 
the  long  plates  showed  a  much  larger  scatter  about  the 
theoretical  values  than  those  for  the  square  plates. 
The  most  plausible  explanation  of  this  behavior  seemed 
to  be  a  failure  to  realize  the  condition  of  rigid  clamp¬ 
ing  at  the  edges  assumed  in  the  theory.  In  square 
plates  this  condition  can  be  approached  more  easily 
than  in  long  plates  because  they  can  be  held  more 
rigidly. 

With  the  failure  of  the  tests  on  long  plates  to  pro¬ 
vide  an  explanation  it  was  decided  to  consider  the  case 
that  comes  closest  to  the  long  plate  in  simplicity,  that 
is,  circular  plates  with  clamped  edges.  The  theory 
for  this  type  of  plate  has  recently  been  developed  in 
detail  by  Stewart  Way.  At  the  same  time  it  is  possible 
to  realize  the  theoretical  clamping  conditions  much 
more  nearly  than  for  long  plates.  A  fixture  for  test¬ 
ing  circular  plates  has  accordingly  been  designed  in 
which  particular  attention  was  given  to  the  method 
of  holding  the  edges  in  order  to  realize  as  closely  as 
possible  the  theoretical  boundary  conditions  of  zero 
slope  and  zero  deflection  at  the  edge  of  the  plate. 
This  fixture  has  been  nearly  completed  in  the  shop. 

The  work  in  the  shop  was  paralleled  by  a  careful 
check  of  Way’s  article  for  the  purpose  of  deriving 
charts  that  would  assist  in  interpreting  the  data  to 
be  obtained  in  the  tests  of  circular  plates  yet  to  be 
made. 

Strength  of  Welded  Joints  in  Tubular  Members  for  Air¬ 
craft. — The  report  of  this  investigation  is  practically 
completed  and  its  publication  is  expected  in  the  near 
future. 


Strength  of  Riveted  Joints  in  Aluminum  Alloy. — Prog¬ 
ress  has  been  made  in  designing  and  constructing 
equipment  for  fabricating  and  testing  riveted  joints. 
Tests  are  now  being  made  to  determine  the  optimum 
conditions  for  driving  aluminum-alloy  rivets  by  the 
squeeze  method.  The  driving  load  required  to  form 
a  head  of  satisfactory  strength  without  excessive  de¬ 
formation  of  the  sheets  is  being  determined  for  rivets 
having  round,  brazier,  mushroom,  and  flat  heads. 
Sufficient  data  have  not  yet  been  obtained  to  warrant 
specific  conclusions. 

SUBCOMMITTEE  ON  RESEARCH  PROGRAM  ON 
MONOCOQUE  DESIGN 

The  research  on  stressed-skin  or  monocoque  struc¬ 
tures  has  been  directed  along  fundamental  lines,  and 
an  attempt  has  been  made  to  carry  the  study  of  each 
case  to  such  a  point  that  the  results  could  be  used 
directl}7  in  analysis  or  design.  Summaries  of  the  litera¬ 
ture  on  certain  phases  of  the  subject  have  been  made, 
when  possible,  to  aid  the  designer  in  his  calculations 
of  the  strength  and  stiffness  of  the  airplane  structure, 
and  a  bibliography  on  monocoque  construction  for  air¬ 
craft  has  been  prepared.  In  addition,  a  number  of 
university  theses  relating  to  monocoque  design  are  re¬ 
viewed  each  year  for  possible  publication,  and  sugges¬ 
tions  are  made,  on  request,  for  research  in  other  than 
governmental  agencies. 

Design  of  Rings. — The  report  on  the  stress  analysis  of 
rings,  completed  last  year,  has  been  revised  according 
to  the  suggestions  of  the  subcommittee  and  has  been 
issued  as  Technical  Report  No.  509. 

Strength  of  Thin-Walled  Cylinders  of  Circular  Section. — 
A  report  on  the  strength  of  100  thin- walled  cylinders 
of  circular  section  in  combined  transverse  shear  and 
bending  has  been  completed  and  published  as  Tech¬ 
nical  Note  No.  523.  In  the  report  the  results  of  the 
tests  are  summarized  in  the  form  of  a  chart  giving 
the  strength  of  a  cylinder  under  combined  transverse 
shear  and  bending  in  terms  of  the  strength  of  the  same 
cylinder  in  pure  bending.  In  order  to  enter  the  chart 
it  is  necessary  to  know  the  loading  condition  described 
by  the  ratio 

M  Moment 

rV  Radius  X  shear 

the  allowable  stress  on  the  extreme  fiber  in  pure  bend¬ 
ing  So,  and  the  allowable  shearing  stress  at  the  neu¬ 
tral  axis  in  combined  transverse  shear  and  bending 
Sv.  Experimentally,  it  was  found  that  £,,=  1.25  Ss, 
where  Ss  is  the  allowable  shearing  stress  in  torsion. 
The  chart  clearly  shows  how  the  presence  of  shear 
reduces  the  bending  strength  of  a  cylinder  and  shows 
the  importance  of  the  ratio  Sh/Sv  in  establishing  the 
reduced  strength. 
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Strength  of  Thin-Walled  Cylinders  of  Elliptic  Section. — 

Because  monocoque  fuselages  are  frequently  oval  in 
cross  section,  strength  tests  have  been  made  on  120 
thin-walled  cylinders  of  elliptic  section,  the  results  of 
which  are  presented  in  Technical  Note  No.  52T.  In 
torsion  it  was  found  that  the  shearing  stress  at  failure 
(maximum  torque),  calculated  by  the  membrane  anal¬ 
ogy.  was  the  same  as  for  the  circumscribed  circular 
cylinder  of  the  same  length  and  sheet  thickness.  The 
calculated  shearing  stress,  however,  must  be  regarded 
as  analogous  to  the  modulus  of  rupture  in  beams  be¬ 
cause,  when  the  maximum  torque  was  developed,  large 
wrinkles  were  present  on  the  flat  sides  of  the  ellipse. 

For  pure  bending  in  the  plane  of  the  major  axis, 
the  calculated  stress  on  the  extreme  fiber  at  failure 
varied  somewhat  with  the  eccentricity  of  the  ellipse, 
but  the  points  were  scattered  so  widely  that  the 
strength  should  be  estimated  after  consideration  of 
the  test  data.  Design  values  may  then  be  chosen  more 
or  less  conservatively  as  desired. 

In  combined  transverse  shear  and  bending  where  the 
loads  are  applied  in  the  plane  of  the  major  axis  of 
the  ellipse,  it  was  found  that  the  strength  could  be 
given  by  the  same  chart  as  for  circular  cylinders  if 
the  loading  condition  M/rV  were  replaced  by  a  cor¬ 
responding  term  M /r'V  where  v'  varies  with  the  eccen¬ 
tricity  of  the  ellipse.  For  zero  eccentricity,  the  for¬ 
mulas  for  r'  reduce  to  r,  the  radius  of  a  circular 
cylinder. 

Bending1  Stresses  Due  to  Torsion  in  Cantilever  Box 
Beams. — A  report  on  the  bending  stresses  due  to  torsion 
in  cantilever  box  beams  has  been  prepared  and  issued 
as  Technical  Note  No.  530.  The  problem  considered  is 
a  rectangular  box  beam  built  in  at  one  end.  The  re¬ 
straint  against  warping  at  the  built-in  end  causes  bend¬ 
ing  stresses  to  be  developed  in  the  beam  when  torques 
are  applied  at  the  free  end  or  at  any  inboard  station. 
Formulas  are  given  for  calculating  these  bending 
stresses:  they  show  that  the  bending  stresses  due  to 
torsion  are  a  maximum  at  the  built-in  end  and  reduce 
to  very  small  values  at  a  distance  of  one  chord  from 
the  root.  The  specific  cases  to  which  the  formulas 
apply  are:  (a)  When  the  walls  of  the  box  are  so  thick 
that  they  do  not  buckle  under  shear;  ( b )  when  all  the 
walls  are  so  thin  that  they  form  diagonal-tension  fields 
under  shear:  ( c )  when  only  the  top  and  bottom  walls, 
which  correspond  to  the  upper  and  lower  surfaces  of 
a  wing,  buckle  to  form  diagonal -tension  fields. 

In  order  to  check  the  formulas  for  the  bending 
stresses  due  to  torsion,  tests  were  made  on  three  box 
beams  in  which  the  differences  consisted  of  changes 
in  the  thickness  of  the  top  and  bottom  sheet.  For 
the  beam  with  the  thinnest  sheet,  diagonal-tension 
fields  formed  at  low  loads,  and  the  agreement  with  the 
formulas  was  good,  based  upon  measurements  of  stress 


at  the  corners  of  the  box  near  the  built-in  end.  As  the 
sheet  thickness  increased,  however,  the  observed  stresses 
were  correspondingly  less  than  the  theoretical  stresses. 
It  was  concluded  that  the  failure  to  check  the  theoreti¬ 
cal  stresses  for  the  beams  with  the  thicker  sheets  was 
caused  by  the  greater  inefficiency  of  the  bulkheads  in 
maintaining  the  profile  of  the  cross  section. 

Torsional  Stiffness  of  Shells  with  Interior  Webs. — As 
stitfness  is  a  factor  that  is  beginning  to  be  specified  in 
design,  a  report  on  the  torsional  stiffness  of  shells 
with  interior  webs  has  been  issued  as  Technical  Note 
No.  542.  The  problem  is  associated  with  metal  wing 
design.  From  the  results  of  tests  made  by  the  Army 
Air  Corps  on  a  series  of  duralumin  and  steel  box  beams 
of  uniform  section,  it  was  found  that  the  experimental 
stiffness  averages  about  0.9  of  the  theoretical.  With 
this  experimental  factor,  it  was  possible  to  check  the 
measured  torsional  stiffness  of  two  stressed-skin  wings 
also  tested  by  the  Army  Air  Corps. 

Cross  Method  of  Moment  Distribution. — Although  the 
Cross  method  of  moment  distribution  is  not  directly 
related  to  the  monocoque  problem,  there  are,  neverthe¬ 
less,  problems  in  monocoque  design  to  which  the  prin¬ 
ciples  of  moment  distribution  can  be  applied.  A  Stan¬ 
ford  University  thesis  entitled  “  Principal  Effects  of 
Axial  Load  on  Moment  Distribution  Analysis  of  Rigid 
Structures”,  by  Benjamin  Wylie  James,  which  was 
referred  to  the  subcommittee,  has  been  reviewed  and 
published  as  Technical  Note  No.  534. 

As  a  result  of  the  review  of  James’  thesis,  a  second 
report  is  being  prepared  in  which  the  question  of  con¬ 
vergence  of  the  Cross  method  in  the  consideration  of 
the  effects  of  axial  load  is  discussed.  The  question  of 
convergence  is  closely  related  to  the  stability  of  com¬ 
pression  members  in  trusses  and  stiffeners  in  stressed- 
skin  structures,  and  the  general  subject  is  being  studied 
in  connection  with  column  data  obtained  from  the  Ford 
Motor  Company. 

Strength  of  Stiffener?. — The  study  of  the  strength  of 
stiffeners  in  stressed-skin  structures  from  the  column 
data  obtained  from  the  Ford  Motor  Company  has  con¬ 
tinued  during  the  past  year.  The  progress  made  in 
separating  the  general  problem  into  its  component 
problems  indicates  that  a  report  will  be  completed  for 
publication  this  coming  year.  For  each  type  of  failure 
in  the  column  or  stiffener,  there  is  a  corresponding 
strength.  The  problem  is  also  complicated  by  the  fact 
that  the  practical  factors  of  end  conditions  and  eccen¬ 
tricities  must  be  studied  in  regard  to  each  type  of  fail¬ 
ure  and  the  various  sectional  shapes. 

Compressive  Strength  of  Corrugated  Sheet. — With  the 
cooperation  of  Prof.  A.  S.  Niles,  of  Stanford  Uni¬ 
versity,  a  report  summarizing  the  information  on  the 
compressive  strength  of  corrugated  sheet  is  being  pre¬ 
pared  for  publication. 
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Monocoque  Cylinders  and  the  Structure  of  Rigid  Air¬ 
ships. — A  paper  on  the  analogy  between  the  monocoque 
cylinder  and  the  structure  of  rigid  airships  was  pre¬ 
sented  to  the  airship  forum  held  at  the  Guggenheim 
Airship  Institute  at  Akron,  Ohio,  on  July  25  and  2G, 
1935.  In  both  the  cylinder  and  the  airship  the  mate¬ 
rial  is  disposed  in  a  thin  region  at  the  circumference 
of  the  cross  section  and  the  strength  of  the  longitu¬ 
dinal  elements  depends  on  the  supporting  effect  of  the 
transverse  elements. 

The  results  of  the  extensive  tests  on  thin-walled  cyl¬ 
inders  in  torsion,  compression,  pure  bending,  and  com¬ 
bined  transverse  shear  and  bending  that  have  been 
made  under  the  direction  of  the  Subcommittee  on  Re¬ 
search  Program  on  Monocoque  Design  were  summar¬ 
ized  and  discussed  in  the  paper  in  relation  to  the  cor¬ 
responding  problems  in  the  strength  of  rigid  airships. 
It  was  shown  how  slight  imperfections  of  workman¬ 
ship  and  the  finite  strength  of  actual  materials  cause 
the  strengths  determined  in  tests  to  scatter  widely  at 
values  considerably  less  than  the  values  given  by  the 
classical  theory  of  elasticity.  The  question  was  then 
raised :  Is  there  a  similar  reduction  in  the  strength  of 
airship  hulls  and  has  it  been  allowed  for  in  design? 
While  it  does  not  appear  that  any  of  the  recent  air¬ 
ships  have  had  deficient  strength  in  this  respect,  atten¬ 
tion  was  called  to  the  desirability  of  studying  the  sta¬ 
bility  of  the  hull  structure  of  airships,  particularly  if 
the  trend  is  toward  larger  airships  with  wider  spacing 
of  the  main  frames,  more  intermediate  frames  between 
adjacent  main  frames,  and  more  longitudinals  in  the 
periphery  of  the  section. 

SUBCOMMITTEE  ON  METHODS  AND  DEVICES  FOR 

TESTING  AIRCRAFT  MATERIALS  AND  STRUCTURES 

During  the  past  year  this  subcommittee  has  been 
preparing  a  report  on  strain  gages,  giving  informa¬ 
tion  concerning  about  GO  strain  gages  which  are  now 
being  built  bv  various  manufacturers  or  which  have 
been  developed  by  research  agencies,  and  summariz¬ 
ing  in  tabular  form  pertinent  information  regarding 
their  use.  Photographs  and  a  brief  description  of 
each  gage  are  being  prepared,  as  well  as  a  general  dis¬ 
cussion  of  the  various  types. 

SUBCOMMITTEE  ON  MISCELLANEOUS  MATERIALS 
AND  ACCESSORIES 

During  the  past  year  a  number  of  problems  were 
considered  by  the  Subcommittee  on  Miscellaneous  Ala  - 
terials  and  Accessories  for  possible  investigation  at 
the  National  Bureau  of  Standards  under  the  direction 
of  the  subcommittee.  At  a  meeting  of  the  subcommit¬ 
tee  held  on  August  2,  1935,  five  such  problems  were 
discussed,  and  a  report  on  this  discussion  was  pre- 


1  sented  at  a  meeting  of  the  Committee  on  Aircraft 
Structures  and  Materials  on  September  18,  1935. 
These  five  problems  are  briefly  outlined  below. 

Thermal  and  Acoustical  Insulation  for  Airplanes. — 
Commercial  air  lines  have  found  from  experience  that 
passengers  and  operators  appreciate  the  added  com¬ 
fort  produced  by  insulation  of  their  airplanes.  The 
insulating  material  used  in  commercial  airplanes  is 
effective  when  first  installed,  and  the  same  material 
can  be  used  for  both  acoustical  and  thermal  insula¬ 
tion.  Such  a  material  is  characterized  by  a  fibrous  or 
cellular  structure,  the  insulating  value  being  largely 
dependent  upon  the  enclosed  or  entrapped  air.  When 
the  insulation  is  thoroughly  cooled,  as  by  flying  for 
some  time  at  high  altitudes,  and  the  airplane  is  then 
landed  in  a  warm  moist  atmosphere,  water  condenses 
in  the  insulation,  tending  to  fill  the  air  spaces,  thereby 
decreasing  the  insulating  value  and  increasing  the 
weight.  Under  certain  conditions  this  effect  may 
become  cumulative. 

Information  is  to  be  sought  from  airplane  opera¬ 
tors  and  manufacturers  as  to  the  relative  importance 
of  this  problem.  Further  consideration  must  await 
the  development  of  this  information. 

Plastic  Deformation  of  Rubber  under  Compression. — 
The  problem  of  the  plastic  deformation  of  rubber 
under  compression  was  considered  for  investigation 
because  of  its  practical  importance  and  the  inadequacy 
of  present  knowledge.  Some  of  the  questions  to  be 
determined  in  such  an  investigation  are  the  change 
with  time  in  the  dimensions  of  a  rubber  part  loaded  in 
compression,  the  effect  of  change  in  temperature,  and 
the  effect  of  varying  the  composition  of  the  rubber  or 
:  of  substituting  a  synthetic  product  such  as  thickol  or 
'  duprene  for  the  rubber. 

After  inquiry  it  was  found  that  work  on  this  project 
was  being  conducted  by  the  Materiel  Division  of  the 
Army  Air  Corps  and  by  the  industry. 

Artificial-Resin  Glues. — Because  of  the  great  varia¬ 
tions  in  raw  materials,  in  methods  of  processing,  and 
in  formulation,  it  was  proposed  that  a  research  be 
undertaken  on  artificial-resin  adhesives  suitable  for 
wood  in  aircraft  construction,  including  first  a  study  of 
the  properties  of  existing  adhesives  or  others  of  this 
class  as  developed,  and  second  a  study  of  the  technique 
of  their  use  and  application  to  aircraft  members. 

In  view  of  the  fact  that  wood  is  being  superseded 
by  metal  in  modern  aircraft  construction,  it  was  de¬ 
cided  that  this  problem  need  not  be  investigated  at. 
present. 

Methods  for  Testing  and  Evaluation  of  Paints  and 
Similar  Coatings. — As  the  extreme  vibration  and  great 
changes  in  temperature  encountered  by  aircraft  make 
the  proper  selection  of  paint  and  similar  coatings  for 
|  such  structures  unusually  difficult,  and  as  the  rapid 
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development  of  synthetic  materials  for  the  vehicles  in 
these  coatings  makes  it  difficult,  if  not  impossible,  to 
evaluate  such  products  by  composition,  it  was  thought 
desirable  that  an  investigation  be  undertaken  to  de¬ 
velop  methods  for  the  accelerated  testing  and  evalua¬ 
tion  of  paints  and  similar  coatings  for  aircraft. 

Discussion  of  this  problem  indicated  that,  in  the 
opinion  of  the  members  of  the  subcommittee,  pro¬ 
tective  coatings  at  the  present  time  were  generally 
satisfactory  for  the  prevention  of  corrosion. 

Development  of  a  Flexible  Substitute  for  Glass. — The 
substitutes  for  glass  now  on  the  market  for  use  in 
windshields  and  windows  for  aircraft  are  composed 


of  cellulose  esters  or  of  glyptal  compounds  or  of  ures 
formaldehyde  condensation  products.  None  of  the  ma¬ 
terials  at  present  in  use,  although  they  have  many  de¬ 
sirable  features,  are  perfect.  To  be  wholly  satisfac 
torv,  the  material,  besides  being  transparent  and  flex¬ 
ible,  must  be  hard  enough  to  resist  scratching,  must  not 
become  plastic  at  high  temperatures  nor  brittle  at  low 
temperatures,  and  must  not  become  clouded,  crazed 
nor  yellow  on  continued  exposure  to  sunlight. 

This  problem  has  been  approved  for  investigation 
on  recommendation  of  the  Subcommittee  on  Miscel¬ 
laneous  Materials  and  Accessories,  and  the  work  is  now 
under  way  at  the  National  Bureau  of  Standards. 


PART  II 

ORGANIZATION  AND  GENERAL  ACTIVITIES 


ORGANIZATION 

The  National  Advisory  Committee  for  Aeronautics 
was  established  by  act  of  Congress  approved  March 
3,  1915  (U.  S.  Code,  title  50,  sec.  151).  The  Com¬ 
mittee  is  composed  of  15  members  appointed  by  the 
President  and  serving  as  such  without  compensation. 
The  law  provides  that  the  members  shall  include  2 
representatives  each  from  the  War  and  Navy  Depart¬ 
ments  and  1  each  from  the  Smithsonian  Institution, 
the  Weather  Bureau,  and  the  National  Bureau  of 
Standards,  together  with  not  more  than  8  additional 
persons  “  who  shall  be  acquainted  with  the  needs  of 
aeronautical  science,  either  civil  or  military,  or  skilled 
in  aeronautical  engineering  or  its  allied  sciences.”  One 
of  these  eight  is  a  representative  of  the  Bureau  of  Air 
Commerce  of  the  Department  of  Commerce.  Under 
the  rules  and  regulations  governing  the  work  of  the 
Committee  as  approved  by  the  President,  the  Chair¬ 
man  and  Vice  Chairman  of  the  Committee  are  elected 
annually. 

During  the  past  year  there  was  one  change  in  the 
membership  of  the  main  Committee.  This  was  caused 
by  the  relief  of  Brigadier  General  Henry  C.  Pratt, 
Air  Corps,  United  States  Army,  Chief  of  the  Materiel 
Division,  Wright  Field,  Dayton,  Ohio,  and  his  trans¬ 
fer  to  other  duties.  He  was  succeeded  on  this  Com¬ 
mittee  by  Brigadier  General  Augustine  W.  Robins,  Air 
Corps,  United  States  Army,  the  new  Chief  of  the 
Materiel  Division,  whose  commission  was  signed  bv 
President  Roosevelt  under  date  of  March  23,  1935. 

The  executive  offices  of  the  Committee,  including  its 
offices  of  aeronautical  intelligence  and  aeronautical 
inventions,  are  located  in  the  Navy  Building,  Washing¬ 
ton.  I).  C.,  in  close  proximity  to  the  air  organizations 
of  the  Army  and  Navy. 

The  office  of  aeronautical  intelligence  was  established 
in  the  early  part  of  1918  as  an  integral  branch  of  the 
Committee’s  activities.  It  is  the  designated  depository 
for  scientific  and  technical  data  on  aeronautics  secured 
from  ah  parts  of  the  world.  The  material  is  classi¬ 
fied,  cataloged,  and  disseminated. 

To  assist  in  the  collection  of  current  scientific  and 
technical  information  and  data,  the  Committee  main¬ 
tains  a  technical  assistant  in  Europe  with  headquar¬ 
ters  at  the  American  Embassy  in  Paris. 


CONSIDERATION  OF  AERONAUTICAL  INVENTIONS 

By  act  of  Congress  approved  July  2,  1926,  an  Aero¬ 
nautical  Patents  and  Design  Board  was  established 
consisting  of  Assistant  Secretaries  of  the  Departments 
of  War,  Navy,  and  Commerce.  In  accordance  with 
that  act  as  amended  by  the  act  approved  March  3, 
1927,  the  National  Advisory  Committee  for  Aeronau¬ 
tics  passes  upon  the  merits  of  aeronautical  inventions 
and  designs  submitted  to  any  aeronautical  division  of 
the  Government,  and  submits  reports  thereon  to  the 
Aeronautical  Patents  and  Design  Board.  That  board 
is  authorized,  upon  the  favorable  recommendation  of 
the  Committee,  to  “  determine  whether  the  use  of  the 
design  by  the  Government  is  desirable  or  necessary  and 
evaluate  the  design  and  fix  its  worth  to  the  United 
States  in  an  amount  not  to  exceed  $75,000.” 

The  work  of  considering  aeronautical  inventions  and 
designs  submitted  is  under  the  supervision  of  the  Com¬ 
mittee  on  Aeronautical  Inventions  and  Designs. 

ANALYSIS  OF  AIRCRAFT  ACCIDENTS 

A  standard  method  for  the  analysis  of  aircraft 
accidents  proposed  by  the  Committee  on  Aircraft  Ac¬ 
cidents,  approved  by  the  National  Advisory  Committee, 
and  published  as  Technical  Report  No.  357,  has  been 
followed  for  the  past  several  years  by  the  War,  Navy, 
and  Commerce  Departments.  During  this  period  the 
practical  value  of  the  method,  which  provides  for  the 
classification  of  accidents  according  to  their  nature 
and  their  results  and  for  their  analysis  according  to 
both  immediate  and  underlying  causes,  has  been  defi¬ 
nitely  proved.  However,  questions  of  interpretation  of 
some  of  the  definitions  have  arisen  and  instances  have 
occurred  for  which  the  specified  classifications  seemed 
inadequate. 

The  Committee  on  Aircraft  Accidents,  which  in¬ 
cludes  in  its  membership  representatives  of  the  air 
organizations  of  the  War,  Navy,  and  Commerce  De¬ 
partments,  is  therefore  engaged  in  the  revision  of  Re¬ 
port  No.  357,  incorporating  modifications  in  the  stand¬ 
ard  analysis  method  and  providing  clarification  of  a 
number  of  the  definitions,  to  meet  the  difficulties  which 
have  arisen. 

In  connection  with  the  classification  of  accidents 
according  to  the  extent  of  injury  to  personnel,  the  com- 
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mittee  plans  to  give  consideration  to  the  views  and 
recommendations  of  medical  representatives  of  the 
air  organizations  of  the  three  departments.  It  is  ex¬ 
pected  also  that  further  consideration  will  be  given  to 
the  correlation  between  the  physiological  and  psycho¬ 
logical  characteristics  of  pilots  and  aircraft  accidents. 

AERONAUTICAL  RESEARCH  IN  EDUCATIONAL 
INSTITUTIONS 

The  National  Advisory  Committee  for  Aeronautics 
on  March  16,  1935,  appointed  a  Special  Committee  on 
Aeronautical  Research  in  Educational  Institutions  for 
the  purpose  of  preparing  a  report  on  the  relationship 
of  universities  and  schools  of  aeronautical  science  to 
the  National  Advisory  Committee  for  Aeronautics. 
The  special  committee  was  organized  as  follows : 

Hon.  Willis  Ray  Gregg,  Chairman  (Chief  United  States 
Weather  Bureau). 

Col.  Porter  H,  Adams,  President  Norwich  University. 

Commander  Garland  Fulton  (C.  C.),  United  States  Navy. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for 
Aeronautics. 

Dr.  John  L.  Newcomb,  President  University  of  Virginia. 

Brig.  Gen.  Henry  C.  Pratt,  Air  Corps,  United  States  Army. 

Hon.  Edward  P.  Warner. 

Dr.  John  B.  Whitehead,  Dean  of  Engineering  Johns  Hop¬ 
kins  University. 

The  special  committee  reviewed  the  history  of  the 
relations  between  the  National  Advisory  Committee 
for  Aeronautics  and  educational  institutions  with  re¬ 
spect  to  the  conduct  of  aeronautical  research  in  such 
institutions.  The  members  discussed  generally  and  at 
length  the  recommendations  of  the  Federal  Aviation 
Commission  on  this  subject  and  practical  means  of 
carrying  them  into  effect.  The  recommendations  of 
the  special  committee  were  as  follows: 

(1)  That  the  present  policy  of  the  National  Advisory  Com¬ 
mittee  for  Aeronautics  with  respect  to  cooperation  with  mem¬ 
bers  of  the  faculties  of  universities  in  encouraging  scientific 
investigations  of  aeronautical  problems  of  a  fundamental  char¬ 
acter  be  continued. 

(2)  That  the  National  Advisory  Committee  for  Aeronautics 
endeavor  to  secure  the  appropriation  of  additional  funds  for 
this  special  purpose,  with  an  estimate  of  $25,000  for  the  next 
fiscal  year,  1936,  for  allocation  in  the  discretion  of  the 
Committee. 

(3)  That,  with  the  objective  of  producing  useful  research 
information,  allotments  be  made  from  such  special  funds  for 
financing  particular  scientific  investigations  approved  by  the 
National  Advisory  Committee  for  Aeronautics  upon  a  showing 
of  their  probable  usefulness  and  value  to  aeronautics;  but  that 
no  allotments  be  made  for  the  specific  purpose  of  supporting 
aeronautical  activities  in  universities. 

The  recommendations  of  the  Special  Committee  on 
Aeronautical  Research  in  Educational  Institutions 
were  approved  by  the  National  Advisory  Committee 
for  Aeronautics  and  an  estimate  of  $25,000  for  this 
purpose  was  included  in  a  supplemental  appropriation 


carried  in  the  Second  Deficiency  Act  approved  Angus 
12,  1935.  This  Committee  is  pleased  to  report  that  cot 
tracts  for  special  reports  requiring  original  researd 
in  aeronautics  have  been  made  with  various  educa 
tional  institutions  and  that  a  start  has  thus  been  mad 
in  carrying  into  effect  the  recommendations  of  tli 
Federal  Aviation  Commission  on  this  subject. 

COOPERATION  WITH  THE  AIRCRAFT  INDUSTRY 

In  the  formulation  of  the  Committee’s  program  o 
research,  provision  is  made  for  the  inclusion  of  tlios 
problems  that  are  of  particular  interest  and  impor 
tance  to  commercial  aeronautics.  The  Committe. 
keeps  in  continuous  touch  with  the  research  needs  c: 
the  aircraft  industry,  as  the  problems  of  the  manufac 
turers  are  constantly  being  presented  to  the  Committe; 
in  correspondence  and  through  personal  contacts  ant 
informal  conferences,  and  advantage  is  taken  of  even 
opportunity  to  obtain  the  comments  and  suggestions  oi 
the  industry  in  connection  with  the  Committee’s  re 
search  programs. 

It  is  expected  that  special  opportunity  for  contact 
with  the  problems  of  the  industry  will  be  provided  b\ 
the  policy  recently  adopted  by  the  Committee  as  a  re¬ 
sult  of  recommendation  of  the  Federal  Aviation  Com¬ 
mission,  whereby  members  of  the  industry  are  to  be 
invited  from  time  to  time  to  attend  meetings  of  the 
technical  subcommittees  of  the  Committee,  for  the  pur¬ 
pose  of  discussing  in  detail  the  particular  problems 
encountered  by  the  industry  which  fall  within  the 
scope  of  the  activities  of  these  subcommittees. 

Every  effort  is  made  to  place  in  the  hands  of  the 
industry  as  promptly  as  possible  the  results  of  re¬ 
searches  which  are  of  particular  value  to  commercial 
aeronautics.  When  in  the  course  of  an  investigation 
it  appears  that  the  results  so  far  obtained  will  be  ol 
special  interest  and  importance  to  the  industry  prior 
to  the  preparation  of  a  formal  report  for  publication, 
the  Committee  issues  the  data  in  advance  form  to 
American  manufacturers  and  to  the  Government  serv¬ 
ices  for  their  confidential  information.  During  the 
past  year  information  in  this  form  has  been  made 
available  to  American  manufacturers  on  a  basic  inves¬ 
tigation  of  wing-fuselage  interference  in  the  variable- 
density  wind  tunnel;  on  a  large-scale  boundary-layer 
investigation  in  the  20-foot  wind  tunnel;  on  the  reduc¬ 
tion  of  hinge  moments  of  airplane  control  surfaces  by 
tabs;  on  the  characteristics  of  the  N.  A.  C.  A.  23012 
airfoil;  and  on  the  investigation  of  a  number  of  lateral 
control  and  high-lift  devices. 

Annual  Research  Conference. — Another  means  of  keep¬ 
ing  the  Committee  in  touch  with  the  needs  of  the 
industry  is  the  annual  aircraft  engineering  research 
conference  held  at  the  Committee’s  laboratories  each 
May.  The  purpose  of  this  conference,  which  was  first 
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held  in  192G,  is  to  enable  representatives  of  the  indus¬ 
try  to  obtain  first-hand  information  on  the  Committee’s 
research  facilities  and  the  results  obtained  in  its  inves¬ 
tigations,  and  to  afford  them  an  opportunity  to  present 
to  the  Committee  their  suggestions  for  investigations 
to  be  included  in  the  Committee’s  research  program. 

The  Tenth  Annual  Aircraft  Engineering  Research 
Conference  was  held  on  May  22,  1935,  at  the  Commit¬ 
tee’s  laboratory  at  Langley  Field,  and  was  presided 
over  by  Dr.  Joseph  S.  Ames,  Chairman  of  the  Com¬ 
mittee.  At  this  conference  the  Committee  was  repre¬ 
sented  by  its  officers,  members  of  the  main  Committee, 
and  members  of  the  Committees  on  Aerodynamics  and 
Power  Plants  for  Aircraft. 

At  the  morning  session  the  principal  investigations 
under  way  at  the  laboratory,  both  in  aerodynamics  and 
power  plants,  were  explained  by  the  engineers  in  charge 
of  the  work,  and  charts  were  exhibited  showing  some  of 
the  results  obtained.  The  representatives  of  the  in¬ 
dustry  were  then  conducted  on  a  tour  of  inspection  of 
the  laboratory,  and  the  research  equipment  was  shown 
in  operation. 

In  the  afternoon  5  simultaneous  conferences  were 
held  for  the  discussion  of  5  different  subjects,  namely, 
high-lift  devices  and  lateral  control,  flutter  and  vibra¬ 
tion,  cowling  and  cooling  of  air-cooled  engines,  inter¬ 
ference  and  aerodynamic  efficiency,  and  compression- 
ignition  engines.  In  addition,  three  small  informal 
conferences  were  held  on  seaplanes,  spinning,  and  ro- 
tating-wing  aircraft.  At  these  conferences  the  results 
of  the  Committee’s  researches  were  presented  in  fur¬ 
ther  detail,  and  suggestions  were  submitted  by  the  rep¬ 
resentatives  of  the  industry  for  problems  to  be  added 
to  the  Committee’s  program.  These  suggestions  were 
referred  to  the  Committee  on  Aerodynamics  and  the 
Committee  on  Power  Plants  for  Aircraft  and  were  con¬ 
sidered  by  them  in  their  preparation  of  the  Committee’s 
research  program. 

SUBCOMMITTEES 

The  Advisory  Committee  has  organized  a  number 
of  standing  committees,  with  subcommittees,  for  the 
purpose  of  supervising  its  work  in  their  respective 
fields.  xVfter  a  careful  survey  of  its  committees  and 
subcommittees  and  their  membership,  the  Advisory 
Committee,  at  its  semiannual  meeting  on  April  18,  1935, 
authorized  a  reorganization,  in  order  to  meet  more 
effectively  the  present  needs  of  aeronautical  research. 
In  this  reorganization,  which  was  effected  during  May, 
the  Committee  on  Problems  of  Air  Navigation  and  its 
Subcommittee  on  Instruments  were  discharged,  in  view 
of  the  overlapping'  of  their  functions  with  the  func¬ 
tions  of  the  Bureau  of  Air  Commerce,  and  the  Sub¬ 
committee  on  Meteorological  Problems,  which  had  been 
a  subcommittee  of  the  Committee  on  Problems  of  Air 


Navigation,  was  transferred  to  the  Committee  on  Aero¬ 
dynamics.  Two  new  subcommittees  were  established — 
a  Subcommittee  on  Seaplanes,  under  the  Committee  on 
Aerodynamics,  and  a  Subcommittee  on  Aircraft  Fuels 
and  Lubricants,  under  the  Committee  on  Power  Plants 
for  Aircraft.  The  name  of  the  Committee  on  Ma¬ 
terials  for  Aircraft  was  changed  to  Committee  on  Air¬ 
craft  Structures  and  Materials,  and  the  names  of  three 
of  its  subcommittees  were  changed. 

The  three  main  technical  Committees  on  Aerody¬ 
namics,  Power  Plants  for  Aircraft,  and  Aircraft 
Structures  and  Materials  and  their  subcommittees 
supervise  and  direct  the  aeronautical  research  con¬ 
ducted  by  the  Advisory  Committee  and  coordinate  the 
investigations  conducted  by  other  agencies.  Their 
work  has  been  described  in  part  I. 

The  organization  of  the  committees  and  subcommit¬ 
tees  is  as  follows : 

COMMITTEE  ON  AERODYNAMICS 

Hon.  Edward  P.  Warner,  Chairman. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for 
Aeronautics,  Vice  Chairman. 

Dr.  L.  J.  Briggs,  National  Bureau  of  Standards. 

Theophile  dePort,  Materiel  Division,  Army  Air  Corps, 
Wright  Field. 

Lt.  Comdr.  W.  S.  Diehl  (C.  C.),  United  States  Navy. 

Dr.  H.  L.  Dryden,  National  Bureau  of  Standards. 

Lt.  Col.  O.  P.  Echols,  Air  Corps,  United  States  Army,  .Ma¬ 
teriel  Division,  Wright  Field. 

Richard  C.  Gazley,  Bureau  of  Air  Commerce,  Department 
of  Commerce. 

Hon.  Willis  Ray  Gregg,  Weather  Bureau. 

Lawrence  V.  Kerber,  Bureau  of  Air  Commerce,  Department 
of  Commerce. 

Lt.  Comdr.  R.  D.  MacCart  (C.  C.),  United  States  Navy. 

Elton  W.  Miller,  National  Advisory  Committee  for  Aero¬ 
nautics. 

Lt.  Comdr.  Donald  Royce  (C.  C. ),  United  States  Navy. 

Dr.  David  W.  Taylor. 

Maj.  .T.  G.  Taylor,  Air  Corps,  United  States  Army,  Materiel 
Division,  Wright  Field. 

Dr.  A.  F.  Zahrn,  Division  of  Aeronautics,  Library  of 
Congress. 

SUBCOMMITTEE  ON  AIRSHIPS 

Hon.  Edward  P.  Warner,  Chairman. 

Starr  Truscott,  National  Advisory  Committee  for  Aeronau¬ 
tics,  Vice  Chairman. 

Dr.  Karl  Arnstein,  Goodyear-Zeppelin  Corporation. 

Capt.  Howard  II.  Couch,  Air  Corps,  United  States  Army,  Ma¬ 
teriel  Division,  Wright  Field. 

Commander  Garland  Fulton  (C.  C.),  United  States  Navy. 

Dr.  George  W.  Lewis.  National  Advisory  Committee  for  Aero¬ 
nautics  (ex  officio  member). 

Ralph  II.  Upson.  Ann  Arbor,  Mich. 

SUBCOMMITTEE  ON  METEOROLOGICAL  PROBLEMS 

Hon.  Willis  Ray  Gregg,  Weather  Bureau,  Chairman. 

Dr.  W.  .1.  Humphreys,  Weather  Bureau. 

Dr.  .1.  C.  Hunsaker,  Massachusetts  Institute  of  Technology. 
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Ur.  George  TV.  Lewis,  National  Advisory  Committee  for  Aero¬ 
nautics  (ex  officio  member). 

Delbert  M.  Little,  Weather  Bureau. 

Dr.  Charles  F.  Marvin. 

Lf.  Comdr.  F.  W.  Beichehlerfer.  United  States  Navy.  Naval 
Air  Station,  Lakehurst. 

Dr.  C.  G.  Rossby,  Massachusetts  Institute  of  Technology. 

Eugene  Sibley,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

Capt.  Alfred  H.  Thiessen,  United  States  Army,  Signal  Corps, 
War  Department. 

SUBCOMMITTEE  ON  SEAPLANES 

Capt.  II.  C.  Richardson  (C.  C.).  United  States  Navy,  Chair¬ 
man. 

Theophile  dePort,  Materiel  Division,  Army  Air  Corps,  Wright 
Field. 

Lt.  Comdr.  W.  S.  Diehl  (C.  C.),  United  States  Navy. 

Richard  C.  Gazley,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

J.  T.  Gray,  Bureau  of  Air  Commerce,  Department  of  Com¬ 
merce. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for 
Aeronautics  (ex  officio  member). 

Lt.  Comdr.  K.  McGinnis,  United  States  Navy. 

Maj.  J.  G.  Taylor,  Air  Corps,  United  States  Army,  Materiel 
Division,  Wright  Field. 

Starr  Truscott,  National  Advisory  Committee  for  Aeronau¬ 
tics. 

COMMITTEE  ON  POWER  PLANTS  FOR  AIRCRAFT 

lion.  William  P.  MacCracken,  Jr.,  Chairman. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for  Aero¬ 
nautics,  Vice  Chairman. 

I)r.  H.  C.  Dickinson,  National  Bureau  of  Standards. 

John  H.  Geisse,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

Capt.  James  M.  Gillespie,  Air  Corps,  United  States  Army, 
Materiel  Division,  Wright  Field. 

Carlton  Kemper,  National  Advisory  Committee  for  Aeronau¬ 
tics. 

Lt.  Comdr.  T.  C.  Lonnquest,  United  States  Navy. 

G.  W.  Newton,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

Prof.  C.  Fayette  Taylor.  Massachusetts  Institute  of  Tech¬ 
nology. 

SUBCOMITTEE  ON  AIRCRAFT  FUELS  AND  LUBRICANTS 

Dr.  H.  C.  Dickinson,  National  Bureau  of  Standards,  Chair¬ 
man. 

Dr.  O.  C.  Bridgeman.  National  Bureau  of  Standards. 

Lt.  C.  F.  Coe,  United  States  Navy. 

H.  K.  Cummings,  National  Bureau  of  Standards. 

Capt.  James  M.  Gillespie,  Air  Corps,  United  States  Army, 
Materiel  Division,  Wright  Field. 

L.  S.  Ilobbs,  The  Pratt  &  Whitney  Aircraft  Company. 

Lt.  F.  D.  Klein,  Air  Corps,  United  States  Army,  Materiel 
Division,  Wright  Field. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for  Aero¬ 
nautics  (ex  officio  member). 

Lt.  Comdr.  T.  C.  Lonnquest,  United  States  Navy. 

G.  W.  Newton.  Bureau  of  Air  Commerce,  Department  of 
Commerce. 


Arthur  Nutt,  Wright  Aeronautical  Corporation. 

Addison  M.  Rothrock,  National  Advisory  Committee  for 
Aeronautics. 

COMMITTEE  ON  AIRCRAFT  STRUCTURES  AND 

MATERIALS 

Dr.  L.  J.  Briggs,  National  Bureau  of  Standards,  Chairman. 

Prof.  H.  L.  Whittemore,  National  Bureau  of  Standards,  Vice 
Chairman. 

Capt.  Howard  Z.  Bogert,  Air  Corps,  United  States  Army, 
Materiel  Division,  Wright  Field. 

S.  K.  Colby,  Aluminum  Co.  of  America. 

Lt.  N.  A.  Drairn  (C.  C.),  United  States  Navy. 

Warren  E.  Emley,  National  Bureau  of  Standards. 

Commander  Garland  Fulton  (C.  C.),  United  States  Navy. 

Richard  C.  Gazley,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

J.  T.  Gray,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

C.  H.  Helms,  National  Advisory  Committee  for  Aeronautics. 

Dr.  Zay  Jeffries,  American  Magnesium  Corporation. 

J.  B.  Johnson,  Materiel  Division,  Army  Air  Corps,  Wright 
Field. 

Dr.  George  TV.  Lewis,  National  Advisory  Committee  for  Aero¬ 
nautics  (ex  officio  member). 

IT.  S.  Rawdon,  National  Bureau  of  Standards. 

E.  C.  Smith,  Republic  Steel  Corporation. 

Starr  Truscott,  National  Advisory  Committee  for  Aeronautics. 

Hon.  Edward  P.  Warner. 

SUBCOMMITTEE  ON  METALS  USED  IN  AIRCRAFT 

H.  S.  Rawdon,  National  Bureau  of  Standards,  Chairman. 

J.  P.  Bailey,  Bureau  of  Air  Commerce,  Department  of  Com¬ 
merce. 

Commander  Garland  Fulton  (C.  C.),  United  States  Navy. 

Dr.  Zay  Jeffries,  American  Magnesium  Corporation. 

J.  B.  Johnson,  Materiel  Division,  Army  Air  Corps,  Wright 
Field. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for  Aero¬ 
nautics  (ex  officio  member). 

E.  C.  Smith,  Republic  Steel  Corporation. 

Prof.  IT.  L.  Whittemore,  National  Bureau  of  Standards. 

SUBCOMMITTEE  ON  STRUCTURAL  LOADS  AND  METHODS  OF 
STRUCTURAL  ANALYSIS 

Starr  Truscott,  National  Advisory  Committee  for  Aeronautics, 
Chairman. 

Capt.  Howard  Z.  Bogert,  Air  Corps,  United  States  Army, 
Materiel  Division,  Wright  Field. 

M.  P.  Crews,  Bureau  of  Air  Commerce,  Department  of  Com¬ 
merce. 

Richard  C.  Gazley,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

Capt.  C.  F.  Greene,  Air  Corps,  United  States  Army,  Materiel 
Division,  Wright  Field. 

Dr.  George  TV.  Lewis,  National  Advisory  Committee  for 
Aeronautics  (ex  officio  member). 

Lt.  Comdr.  It.  D.  MacCart  (C.  C.),  United  States  Navy. 

Prof.  J.  S.  Newell,  Massachusetts  Institute  of  Technology. 

Lt.  Comdr.  IT.  R.  Oster  (C.  C.),  United  States  Navy,  Naval 
Aircraft  Factory. 

Henry  J.  E.  Reid,  National  Advisory  Committee  for  Aero¬ 
nautics. 

Richard  V.  Rhode,  National  Advisory  Committee  for  Aero¬ 
nautics. 

Dr.  L.  B.  Tuckerman,  National  Bureau  of  Standards. 
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SUBCOMMITTEE  ON  RESEARCH  PROGRAM  ON  MONOCOQUE  DESIGN 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for  Aero¬ 
nautics,  Chairman. 

Capt.  Howard  Z.  Bogert,  Air  Corps,  United  States  Army, 
Materiel  Division,  Wright  Field. 

Richard  C.  Gazley,  Bureau  of  Air  Commerce.  Department  of 
Commerce. 

Capt.  C.  F.  Greene,  Air  Corps,  United  States  Army,  Materiel 
Division,  Wright  Field. 

Eugene  E.  Lundquist,  National  Advisory  Committee  for  Aero¬ 
nautics. 

Lt.  Coindr.  R.  D.  MacCart  (C.  C.),  United  States  Navy. 

F.  R.  Shanley,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

Dr.  L.  B.  Tuckennan,  National  Bureau  of  Standards. 

SUBCOMMITTEE  ON  METHODS  AND  DEVICES  FOR  TESTING 
AIRCRAFT  MATERIALS  AND  STRUCTURES 

Henry  J.  E.  Reid,  National  Advisory  Committee  for  Aero¬ 
nautics,  Chairman. 

J.  P.  Bailey,  Bureau  of  Air  Commerce,  Department  of  Com¬ 
merce. 

Capt.  Howard  Z.  Bogert,  Air  Corps,  United  States  Army, 
Materiel  Division,  Wright  Field. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for 
Aeronautics  (ex  officio  member). 

Eugene  E.  Lundquist,  National  Advisory  Committee  for 
Aeronautics. 

Lt.  Comdr.  Karl  Schmidt  (C.  C.),  United  States  Navy,  Naval 
Aircraft  Factory. 

R.  L.  Templin,  Aluminum  Co.  of  America. 

George  W.  Trayer,  Forest  Products  Laboratory. 

Dr.  L.  B.  Tuckennan,  National  Bureau  of  Standards. 

SUBCOMMITTEE  ON  MISCELLANEOUS  MATERIALS  AND 

ACCESSORIES 

Warren  E.  Ernley,  National  Bureau  of  Standards,  Chair¬ 
man. 

C.  J.  Cleary,  Materiel  Division,  Army  Air  Corps,  Wright 
Field. 

John  Easton,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

C.  H.  Helms,  National  Advisory  Committee  for  Aeronau¬ 
tics. 

Dr.  George  W.  Lewis,  National  Advisory  Committee  for 
Aeronautics  (ex  officio  member). 

J.  E.  Sullivan,  Bureau  of  Aeronautics.  Navy  Department. 

G.  W.  Trayer,  Forest  Products  Laboratory. 

P.  II.  Walker,  National  Bureau  of  Standards. 

COMMITTEE  ON  AIRCRAFT  ACCIDENTS 

Hon.  Edward  P.  Warner,  Chairman. 

Lt.  (j.  g.)  S.  B.  Dunlap,  United  States  Navy. 

Capt.  E.  V.  Harbeck,  Jr.,  Air  Corps,  United  States  Army. 

J.  W.  Lankford,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

Dr.  G>  >rge  W.  Lewis,  National  Advisory  Committee  for 
Aeronautics. 

Lt.  Comdr.  A.  O.  Rule,  United  States  Navy. 

Joe  T.  Shumate,  Bureau  of  Air  Commerce,  Department  of 
Commerce. 

Capt.  Lowell  II.  Smith.  Air  Corps,  United  States  Army. 


COMMITTEE  ON  AERONAUTICAL  INVENTIONS  AND 

DESIGNS 

Dr.  L.  J.  Briggs,  National  Bureau  of  Standards,  Chairman. 
Hon.  Willis  Ray  Gregg,  Weather  Bureau. 

Brig.  Gen.  A.  W.  Robins,  Air  Corps,  United  States  Army, 
Materiel  Division,  Wright  Field. 

Dr.  David  W.  Taylor. 

Commander  R.  D.  Weyerbacher  (C.  C.),  United  States  Navy. 
John  F.  Victory,  Secretary. 

COMMITTEE  ON  PUBLICATIONS  AND  INTELLIGENCE 

Dr.  Joseph  S.  Ames,  Chairman. 

Hon.  Willis  Ray  Gregg,  Weather  Bureau,  Vice  Chairman. 
Miss  M.  M.  Muller,  Secretary. 

COMMITTEE  ON  PERSONNEL,  BUILDINGS,  AND 
EQUIPMENT 

Dr.  Joseph  S.  Ames,  Chairman. 

Dr.  David  W.  Taylor,  Vice  Chairman. 

John  F.  Victory,  Secretary. 

TECHNICAL  PUBLICATIONS  OF  THE  COMMITTEE 

The  Committee  has  four  series  of  publications, 
namely,  technical  reports,  technical  notes,  technical 
memorandums,  and  aircraft  circulars. 

The  technical  reports  present  the  results  of  funda¬ 
mental  research  in  aeronautics.  The  technical  notes 
are  mimeographed  and  present  the  results  of  short 
research  investigations  and  the  results  of  studies  of 
specific  detail  problems  which  form  parts  of  long  in¬ 
vestigations.  The  technical  memorandums  are  mimeo¬ 
graphed  and  contain  translations  and  reproductions  of 
important  foreign  aeronautical  articles.  The  aircraft 
circulars  are  mimeographed  and  contain  descriptions 
of  new  types  of  foreign  aircraft. 

The  Committee  issued  during  the  past  year  a  bib¬ 
liography  of  aeronautics  for  the  year  1931.  It  had 
previously  issued  bibliographies  for  the  years  since 
1909.  The  bibliography  for  1932  is  now  in  the  hands 
of  the  printer  and  should  be  ready  for  distribution 
during  the  coming  year.  All  issues  of  the  Bibliog¬ 
raphy  of  Aeronautics  to  date  were  prepared  by  Paul 
Brockett. 

The  following  are  lists  of  the  publications  issued: 

LIST  OF  TECHNICAL  REPORTS  ISSUED  DURING  THE 

PAST  YEAR 

No. 

508.  Analysis  of  2-Spar  Cantilever  Wings  with  Special  Ref¬ 

erence  to  Torsion  and  Load  Transference.  By  Paul 
Kuhn,  N.  A.  C.  A. 

509.  General  Equations  for  the  Stress  Analysis  of  Rings.  By 

Eugene  E.  Lundquist  and  Walter  F.  Burke,  N.  A.  C.  A. 

510.  Wind-Tunnel  Research  Comparing  Lateral  Control  Devices, 

Particularly  at  High  Angles  of  Attack.  XIII — Auxil¬ 
iary  Airfoils  Used  as  External  Ailerons.  By  Fred  E. 
Weick  and  Richard  W.  Noyes,  N.  A.  C.  A. 
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511.  The  Effect  of  Baffles  on  the  Temperature  Distribution  and 

Heat-Transfer  Coefficients  of  Finned  Cylinders.  By 
Oscar  W.  Schey  and  Yern  G.  Rollin,  N.  A.  C.  A. 

512.  Some  Factors  Affecting  Combustion  in  an  Internal-Com¬ 

bustion  Engine.  By  A.  M.  Rothrock  and  Mildred  Cohn, 
N.  A.  C.  A. 

513.  Experimental  Investigation  of  the  Robinson-Type  Cup 

Anemometer.  By  M.  J.  Brevoort  and  U.  T.  Joyner, 
N.  A.  C.  A. 

514.  The  Measurement  of  the  Field  of  View  from  Airplane 

Cockpits.  By  Melvin  N.  Gough,  N.  A.  C.  A. 

515.  Full-Scale  Wind-Tunnel  Tests  of  a  PCA-2  Autogiro  Rotor. 

By  John  B.  Wheatley  and  Manley  J.  Hood,  N.  A.  C.  A. 
51G.  Potential  Flow  about  Elongated  Bodies  of  Revolution. 
By  Carl  Kaplan,  N.  A.  C.  A. 

517.  Flight  Investigation  of  Lateral  Control  Devices  for  Use 
with  Full-Span  Flaps.  By  II.  A.  Soule  and  W.  II. 
McAvoy,  N.  A.  C.  A. 

51S.  The  Drag  of  Airplane  Wheels,  Wheel  Fairings,  and  Land¬ 
ing  Gears.  II — Nonretractable  and  Partly  Retractable 
Landing  Gears.  By  David  Biermann  and  William  II. 
Ilerrnstein,  Jr.,  N.  A.  C.  A. 

519.  Spinning  Characteristics  t«f  Wings.  I — Rectangular  Clark 

Y  Monoplane  Wing.  By  M.  J.  Bamber  and  C.  II.  Zim¬ 
merman,  N.  A.  C.  A. 

520.  A  Comparison  of  Fuel  Sprays  from  Several  Types  of  In¬ 

jection  Nozzles.  By  Dana  W.  Lee,  N.  A.  C.  A. 

521.  An  Analysis  of  Longitudinal  Stability  in  Power-Off  Flight 

witli  Charts  for  Use  in  Design.  By  Charles  II.  Zimmer¬ 
man,  N.  A.  C.  A. 

522.  The  Drag  of  Airplane  Wheels,  Wheel  Fairings,  and  Landing 

Gears — III.  By  William  II.  Ilerrnstein,  Jr.,  and  David 
Biermann,  N.  A.  C.  A. 

523.  The  Influence  of  Wing  Setting  on  the  Wing  Load  and  Rotor 

Speed  of  a  PCA-2  Autogiro  as  Determined  in  Flight. 
By  John  B.  Wheatley,  N.  A.  C.  A. 

524.  A  Turbulence  Indicator  Utilizing  the  Diffusion  of  Heat. 

By  G.  B.  Schubauer,  National  Bureau  of  Standards. 

525.  Some  Effects  of  Injection  Advance  Angle,  Engine-Jacket  [ 

Temperature,  and  Speed  on  Combustion  in  a  Compres-  I 
sion-Ignition  Engine.  By  A.  M.  Rothrock  and  C.  I). 
Waldron,  N.  A.  C.  A. 

52G.  Noise  from  Two-Blade  Propellers.  By  E.  Z.  Stowell  and 
A.  F.  Denting,  N.  A.  C.  A. 

527.  Air  Flow  in  a  Separating  Laminar  Boundary  Layer.  By 

G.  B.  Schubauer,  National  Bureau  of  Standards. 

528.  Reduction  of  Hinge  Moments  of  Airplane  Control  Surfaces 

by  Tabs.  By  Thomas  A.  Harris,  N.  A.  C.  A. 

529.  A  Flight  Investigation  of  the  Spinning  of  the  F4B-2  Bi¬ 

plane  with  Various  Loads  and  Tail  Surfaces.  By  N.  F. 
Scudder  and  Oscar  Seidman,  N.  A.  C.  A. 

530.  Characteristics  of  the  N.  A.  C.  A.  23012  Airfoil  from  Tests 

in  the  Full-Scale  and  Variable-Density  Tunnels.  By 
Eastman  N.  Jacobs  and  William  C.  Clay. 

531.  The  Effect  of  Water  Vapor  on  Flame  Velocity  in  Equivalent 

C0-0>  Mixtures.  By  Ernest  F.  Fiock  and  II.  Kendall 
King,  National  Bureau  of  Standards. 

532.  The  Soap-Bubble  Method  of  Studying  the  Combustion  of 

Mixtures  of  CO  and  02.  By  Ernest  F.  Ficek  and  Carl  II. 
Boeder,  National  Bureau  of  Standards. 

533.  Distribution  and  Regularity  of  Injection  from  a  Multi¬ 

cylinder  Fuel-Injection  Pump.  By  A.  M.  Rothrock  and 
E.  T.  Marsh,  N.  A.  C.  A. 

534.  Aerodynamic  Characteristics  of  a  Wing  with  Fowler 

Flaps,  Including  Flap  Loads,  Downwash,  and  Calcu¬ 
lated  Effect  on  Take-Off.  By  Robert  C.  Platt.  N.  A.  C.  A. 


535.  Hydrogen  as  an  Auxiliary  Fuel  in  Compression-Ignition 

Engines.  By  Harold  C.  Gerrish  and  Hampton  fl 
Foster,  N.  A.  C.  A. 

536.  Wind-Tunnel  Tests  of  a  10-Foot-Diameter  Gyroplane  Rr> 

tor.  By  John  B.  Wheatley  and  Carlton  Bioletti 
N.  A.  C.  A. 

537.  Tests  in  the  Variable-Density  Wind  Tunnel  of  Related 

Airfoils  Having  the  Maximum  Camber  Unusually  Fat 
Forward.  By  Eastman  N.  Jacobs  and  Robert  M.  Pint 
erton,  N.  A.  C.  A. 

53S.  Altitude-Pressure  Tables  Based  on  the  United  States 
Standard  Atmosphere.  By  W.  G.  Brombacher,  Na¬ 
tional  Bureau  of  Standards. 

539.  Investigation  of  Full-Scale  Split  Trailing-Edge  Win: 

Flaps  with  Various  Chords  and  Hinge  Locations.  By 
Rudolf  Wallace,  N.  A.  C.  A. 

540.  Interference  of  Wing  and  Fuselage  from  Tests  of  20! 

Combinations  in  the  N.  A.  C.  A.  Variable-Density  Tun¬ 
nel.  By  Eastman  N.  Jacobs  and  Kenneth  E.  Ward, 
N.  A.  C.  A. 

541.  Aerodynamic  Characteristics  of  Wings  with  Cambered 

External-Airfoil  Flaps,  Including  Lateral  Control  witli 
a  Full-Span  Flap.  By  Robert  C.  Platt,  N.  A.  C.  A. 

LIST  OF  TECHNICAL  NOTES  ISSUED  DURING  THE 

PAST  YEAR 

No. 

505.  The  Effects  of  Full-Span  and  Partial-Span  Split  Flaps 

on  the  Aerodynamic  Characteristics  of  a  Tapered  Wing, 
By  Carl  J.  Wenzinger,  N.  A.  C.  A. 

506.  Experimental  Verification  of  Theodorsen’s  Theoretical 

Jet-Boundary  Correction  Factors.  By  George  Van 
Schliestett,  Georgia  School  of  Technology. 

507.  The  Effects  of  Equal-Pressure  Fixed  Slots  on  the  Char¬ 

acteristics  of  a  Clark  lr  Airfoil.  By  Albert  Sherman 
and  Thomas  A.  Harris,  N.  A.  C.  A. 

508.  Landing  Characteristics  of  an  Autogiro.  By  William  C, 

Peck,  N.  A.  C.  A. 

509.  Tank  Tests  of  Flat  and  V-Bottom  Planing  Surfaces.  By 

James  M.  Shoemaker.  N.  A.  C.  A. 

510.  The  Calculated  Effect  of  Trailing-Edge  Flaps  on  the 

Take-Off  of  Flying  Boats.  By  .T.  It.  Parkinson  and 
J.  W.  Bell.  N.  A.  C.  A. 

511.  A  Study  of  the  Pitching  Moments  and  the  Stability 

Characteristics  of  Monoplanes.  By  George  J.  Higgins, 
University  of  Michigan. 

512.  A  Complete  Tank  Test  of  the  Hull  of  the  Sikorsky  S— 49 

Flying  Boat— American  Clipper  Class.  By  John  R. 
Dawson,  N.  A.  C.  A. 

513.  The  Wave  Suppressors  Used  in  the  N.  A.  C.  A.  Tank. 

By  Starr  Truscott,  N.  A.  C.  A. 

514.  Effect  of  Combustion-Chamber  Shape  on  the  Performance 

of  a  Prechamber  Compression-Ignition  Engine.  By  C.  S. 
Moore  and  J.  II.  Collins,  Jr.,  N.  A.  C.  A. 

515.  Aerodynamic  Effects  of  a  Split  Flap  on  the  Spinning 

Characteristics  of  a  Monoplane  Model.  By  M.  J.  Bant- 
her,  N.  A.  C.  A. 

516.  Propeller  Vibrations  and  the  Effect  of  the  Centrifugal 

Force.  By  T.  Theodorsen,  N.  A.  C.  A. 

517.  The  Aerodynamic  Forces  and  Moments  on  a  Spinning 

Model  of  the  F4B-2  Airplane  as  Measured  by  the  Spin¬ 
ning  Balance.  By  M.  J.  Bamber  and  C.  II.  Zimmerman. 
N.  A.  C.  A. 

51S.  Performance  Tests  of  a  Single-Cylinder  Compression-Igni¬ 
tion  Engine  with  a  Displacer  Piston.  By  C.  S.  Moore 
and  H.  II.  Foster,  N.  A.  C.  A. 
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519.  Vortex  Noise  from  Rotating  Cylindrical  Rods.  By  E. 

Z.  Stowell  and  A.  F.  Denting,  N.  A.  C.  A. 

520.  Calculations  of  the  Effect  of  Wing  Twist  on  the  Air 

Forces  Acting  on  a  Monoplane  Wing.  By  G.  Diitwyler, 
California  Institute  of  Technology. 

521.  Full-Scale  Force  and  Pressure-Distribution  Tests  on  a 

Tapered  U.  S.  A.  45  Airfoil.  By  John  F.  Parsons,  N.  A. 
C.  A. 

522.  Tank  Tests  of  a  Model  of  a  Flying-Boat  Hull  with  a 

Fluted  Bottom.  By  John  R.  Dawson,  N.  A.  C.  A. 

523.  Strength  Tests  of  Thin-Walled  Duralumin  Cylinders  in 

Combined  Transverse  Shear  and  Bending.  By  Eugene 

E.  Lundquist,  N.  A.  C.  A. 

524.  Wind-Tunnel  Tests  of  a  Wing  with  a  Trading-Edge 

Auxiliary  Airfoil  Used  as  a  Flap.  By  Richard  W. 
Noyed,  N.  A.  C.  A. 

525.  The  Aerodynamic  Drag  of  Flying-Boat  Hull  Models  as 

Measured  in  the  N.  A.  C.  A.  20-Foot  Wind  Tunnel — I. 
By  Edwin  P.  Hartman,  N.  A.  C.  A. 

520.  Spinning  Characteristics  of  Wings.  Part  II — Rectangular 
Clark  Y  Biplane  Cellule:  25  Percent  Stagger;  0° 
Decalage;  Gap/Chord  1.0.  By  M.  J.  Bamber,  N.  A.  C.  A. 
527.  Strength  Tests  of  Thin-Walled  Duralumin  Cylinders  of 
Elliptic  Section.  By  Eugene  E.  Lundquist  and  Walter 

F.  Burke,  N.  A.  C.  A. 

52S.  Wind-Tunnel  Tests  of  a  Cyclogiro  Rotor.  By  John  B. 
Wheatley  and  Ray  Windier,  N.  A.  C.  A. 

529.  Analysis  of  a  Strut  with  a  Single  Elastic  Support  in  the 

Span,  with  Applications  to  the  Design  of  Airplane 
Jury-Strut  Systems.  Part  I — Derivation  of  Formulas, 
By  A.  Murray  Schwartz,  Stanford  University.  Part 
II — Experimental  Investigation  of  Formulas.  By  Reid 
Bogert,  Stanford  University. 

530.  Bending  Stresses  Due  to  Torsion  in  Cantilever  Box  Beams. 

By  Paul  Kuhn,  N.  A.  C.  A. 

531.  Tank  Tests  of  Model  11-G  Flying-Boat  Hull.  By  J.  B. 

Parkinson,  N.  A.  C.  A. 

532.  Method  of  Testing  Oxygen  Regulators.  By  Harcourt  Son- 

tag  and  E.  L.  Borlik,  National  Bureau  of  Standards. 

533.  The  Thermodynamics  of  Combustion  in  the  Otto  Cycle 

Engine.  By  E.  S.  Taylor,  Massachusetts  Institute  of 
Technology. 

534.  Principal  Effects  of  Axial  Load  on  Moment-Distribution 

Analysis  of  Rigid  Structures.  By  Benjamin  Wylie 
James,  Stanford  University. 

535.  The  Effect  of  Depth  of  Step  on  the  Water  Performance  of 

a  Flying-Boat  Hull  Model— N.  A.  C.  A.  Model  11-C.  By 
Joe  W.  Bell,  N.  A.  C.  A. 

536.  The  6-Foot-4-Ineh  Wind  Tunnel  at  the  Washington  Navy 

Yard.  By  G.  L.  Desmond  and  J.  A.  McCrary,  Aerody¬ 
namical  Laboratory,  Navy  Yard,  Washington,  D.  C. 

537.  A  Preliminary  Determination  of  Normal  Accelerations  on 

Racing  Airplanes.  By  N.  F.  Scudder  and  H.  W.  Kirsch- 
baum,  N.  A.  C.  A. 

53S.  A  General  Tank  Test  of  N.  A.  C.  A.  Model  11-C  Flying- 
Boat  Hull,  Including  the  Effect  of  Changing  the  Plan 
Form  of  the  Step.  By  John  R.  Dawson,  N.  A.  C.  A. 

539.  Aerodynamic  Characteristics  of  Several  Airfoils  of  Low 

Asi  ect  Ratio.  By  C.  H.  Zimmerman,  N.  A.  C.  A. 

540.  A  Deflection  Formula  for  Single-Span  Beams  of  Constant 

Section  Subjected  to  Combined  Axial  and  Transverse 
Loads.  By  Walter  F.  Burke,  N.  A.  C.  A. 

541.  The  Effect  of  the  Angle  of  Afterbody  Keel  on  the  Water 

Performance  of  a  Flying-Boat  Hull  Model.  By  John  M. 
Allison,  N.  A.  C.  A. 

542.  The  Initial  Torsional  Stiffness  of  Shells  with  Interior 

Webs.  By  Paul  Kulm.  N.  A.  C.  A. 


LIST  OF  TECHNICAL  MEMORANDUMS  ISSUED  DURING 

THE  PAST  YEAR 

No. 

755.  Safety  and  Design  in  Airplane  Construction.  By  Alfred 

Teiclimann.  From  Automobiltechnische  Zeitsehril't, 
January  25,  1934. 

756.  The  Behavior  Under  Shearing  Stress  of  Duralumin  Strip 

with  Round,  Flanged  Holes.  By  Karl  Scliiissler.  From 
Luftfahrtforschung,  August  IS,  1934. 

757.  The  Aachen  Wind-Tunnel  Balance.  By  C.  Wieselsberger. 

From  Abhandlungen  aus  dem  Aerodynamischen  lnsti- 
tut  an  der  Technisclien  Hoelisehule  Aachen,  No.  14, 
1934. 

75S.  The  Processes  in  Spring-Loaded  Injection  Valves  of 
Solid  Injection  Oil  Engines.  By  O.  Lutz.  From  Inge- 
nieur-Archiv.,  vol.  IV,  no.  2,  1933. 

759.  The  Effect  of  Weight  and  Drag  on  the  Sinking  Speed  and 

Lift/Drag  Ratio  of  Gliders.  By  It.  Kosin.  From  Luft¬ 
fahrtforschung,  October  25,  1934. 

760.  Technical  Aspects  of  the  1934  International  Touring  Com¬ 

petition  (Rundtlug).  By  R.  Schulz  and  W.  Pleines. 
From  Luftwissen,  September  15,  and  October  15,  1934. 

761.  Gliding  in  Convection  Currents.  By  W.  Georgii.  From 

Luftfahrtforschung,  October  25,  1934. 

762.  Effect  of  Aerodynamic  Design  on  Glider  Performance.  By 

A.  Lippisch.  From  Luftfahrtforschung,  October  25,  1934. 

763.  The  Heat  Transfer  of  Cooling  Fins  on  Moving  Air.  By 

Hans  Doetsch.  From  Abhandlungen  aus  dem  Aerody¬ 
namischen  Institut  an  der  Technisclien  Hochschule 
Aachen,  no.  14,  1934. 

764.  The  Aerodynamic  Aspect  of  Wing-Fuselage  Fillets.  By 

II.  Muttray.  From  Luftfahrtforschung,  October  25, 
1934. 

765.  The  1934  Contest  for  the  Deutscli  de  la  Meurthe  Trophy. 

By  Pierre  Leglise.  From  L’Aeronautique,  July  1934; 
and  Aircraft  Engineering,  July  1934. 

766.  The  Aeronautical  Laboratory  of  the  Stockholm  Technical 

Institute.  By  Ivar  Maimer.  From  Teknisk  Tidskrift, 

1933. 

767.  Modification  of  Wing-Section  Shape  to  Assure  a  Prede¬ 

termined  Change  in  Pressure  Distribution.  By  A.  Betz. 
From  Luftfahrtforschung,  December  5,  1934. 

76S.  The  Interdependence  of  Profile  Drag  and  Lift  with  Jou- 
kowski  Type  and  Related  Airfoils.  By  II.  Muttray. 
From  Luftfahrtforschung,  December  5,  1934. 

769.  The  Bending  of  Beams  with  Thin  Tension  Flanges.  By 

Placido  Cicala.  From  Atti  della  Iteale  Accademia  delle 
Scienze  di  Torino,  vol.  69,  1933-34. 

770.  Hydrodynamic  Tests  of  Models  of  Seaplane  Floats.  By 

Antonio  Eula.  From  L’Aerotecniea,  August-September 

1934. 

771.  Ground  Effect  on  the  Take-Off  and  Landing  of  Airplanes. 

By  Maurice  Le  Sueur.  From  La  Science  Aerienne, 
January-February  1934. 

772.  The  Denis-Gruson  Six-Component  Wind-Tunnel  Balance. 

Data  received  from  Paris  Office,  N.  A.  C.  A. 

773.  Experiments  with  Suction-Type  Wings.  By  O.  Sehrenk. 

From  Luftfahrtforschung,  March  28,  1935. 

774.  Tension  Fields  in  Originally  Curved,  Thin  Sheets  During 

Shearing  Stresses.  By  II.  Wagner  and  W.  Ballerstedt. 
From  Luftfahrtforschung,  May  16,  1935. 

775.  Total-Head  Meter  with  Small  Sensitivity  to  Yaw.  By 

G.  Kiel.  From  Luftfahrtforschung,  May  16.  1935. 

776.  A  Discussion  of  the  Several  Types  of  Two-Stroke-Cycle 

Engines.  By  Herbert  J.  Venediger.  From  Automo¬ 
biltechnische  Zeitsehrift,  October  10  and  October  25. 
1934. 
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LIST  OF  AIRCRAFT  CIRCULARS  ISSUED  DURING  THE 

PAST  YEAR 

No. 

397.  The  De  Havilland  “Comet”  Long-Range  Airplane  (Brit¬ 

ish).  A  Low-Wing  Cantilever  Monoplane.  From  Flight, 
September  20,  3994. 

398.  Kay  331  Gyroplane  (British).  All-Metal  Single-Seat 

Light  Rotor  Plane.  From  The  Aeroplane,  December  26, 
1934. 

199.  Boulton  Paul  P.  71A  Commercial  Airplane  (British).  A 
Two-Engine  Biplane.  From  Flight,  January  31,  1933. 

FINANCIAL  REPORT 

The  general  appropriation  for  the  National  Advi¬ 
sory  Committee  for  Aeronautics  for  the  fiscal  year 
1935,  as  contained  in  the  Independent  Offices  Appro¬ 
priation  Act  approved  March  28,  1934,  was  $707,792. 
This  amount  was  increased  by  $40,038  to  provide  for 
restoration  of  salaries  of  employees  to  a  100  percent 
basis.  The  total  available  for  expenditure  by  this 
Committee  for  the  fiscal  year  1935  was  therefore 
$747,830.  Of  this  amount  a  total  of  $747,827  was  ex¬ 


pended  as  follows: 

Personal  services _ $616,  20S 

Supplies  and  materials _  34, 199 

Communication  service _  2,051 

Travel  expenses _  12,  311 

Transportation  of  things _  3,  612 

Furnishing  of  electricity _  28,  822 

Repairs  and  alterations _  3,471 

Special  investigations  and  reports _  16,710 

Equipment _  30,  443 


Expenditures _  747,  827 

Unobligated  balance _  3 


Total,  general  appropriation _  747,  830 


The  appropriation  for  printing  and  binding  for  1935 
was  $18,700,  of  which  $18,697  was  expended. 

No  deposit  has  been  made  by  this  Committee  to  the 
credit  of  miscellaneous  receipts  during  the  fiscal  year 
1935.  The  sum  of  $300  was  received  by  this  Committee 
as  a  special  deposit  to  cover  the  cost  of  scientific  serv¬ 
ices  to  be  furnished  private  parties,  but  the  investiga¬ 
tions  desired  were  not  completed  by  June  30,  1935. 

The  appropriations  for  the  current  fiscal  year  1936 
are  $1,158,850  for  general  expenses  and  $18,700  for 
printing  and  binding.  This  includes  regular  appro¬ 
priations  of  $839,500  contained  in  the  Independent 
Offices  Appropriation  Act  approved  February  2,  1935, 
and  a  supplemental  appropriation  of  $338,050  con¬ 
tained  in  the  Second  Deficiency  Act  approved  August 
12,  1935. 


From  an  allotment  of  $478,300  from  the  Public 
Works  Administration  for  the  construction  of  a  500- 
mile-per-hour  wind  tunnel  at  Langley  Field,  the 
amount  expended  and  obligated  during  the  fiscal  year 
1935  was  $469,558.80. 

Of  the  allotment  of  $3,000  for  participation  by  this 
Committee  in  the  California  Pacific  International  Ex¬ 
position  which  opened  at  San  Diego  May  27,  1935,  the 
amount  expended  and  obligated  as  at  June  30,  1935, 
was  $954.26. 

The  amount  of  $6,600  was  allotted  to  this  Committee 
by  the  Department  of  Commerce,  Bureau  of  Air  Com¬ 
merce,  during  the  fiscal  year  1935  for  work  to  be  per¬ 
formed  in  connection  with  the  furtherance  of  the  im¬ 
provement  of  safety  and  efficiency  in  civil  aviation, 
and  of  this  amount  $6,213.38  was  expended. 

j  CONCLUSION 

This  Committee  wishes  to  express  to  the  President 
and  to  the  Congress  its  appreciation  of  the  liberal  sup¬ 
port  uniformly  accorded  its  work  in  the  fields  of  pure 
and  applied  research  in  aeronautics.  It  is  grateful  for 
the  part  it  has  thus  been  enabled  to  play,  since  its  estab¬ 
lishment  in  1915,  in  the  development  of  American 
aviation. 

This  Committee  is  convinced  that  its  present  status 
as  an  independent  Government  establishment  has  been 
largely  responsible  for  its  success.  Were  it  not,  how¬ 
ever,  for  the  full  appreciation  of  the  value  of  research 
and  the  effective  support  and  cooperation  of  the  Army 
Air  Corps,  the  Navy  Bureau  of  Aeronautics,  and  the 
Bureau  of  Air  Commerce,  the  contributions  of  this 
Committee  to  the  progress  of  American  aeronautics 
would  not  have  been  possible. 

This  Committee  is  convinced  that  the  continued  co¬ 
ordination  of  the  research  needs  of  all  branches  of 
aviation  in  a  comprehensive  research  program,  with 
additional  and  enlarged  research  facilities  available  to 
the  Committee  for  the  prosecution  of  fundamental  in¬ 
vestigations,  and  with  the  continued  confidence  and 
cooperation  of  the  governmental  agencies  concerned, 
as  well  as  of  the  aircraft  industry,  there  will  continue 
to  be  gratifying  progress  in  improving  the  per¬ 
formance,  range,  efficiency,  and  safety  of  American 
aircraft  for  the  national  defense,  for  commercial  air 
transportation,  and  for  private  flying. 

Respectfully  submitted. 

National  Advisory  Committee 

for  Aeronautics, 
Joseph  S.  Ames.  Chairman. 
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ANALYSIS  OF  2-SPAR  CANTILEVER  WINGS  WITH  SPECIAL  REFERENCE  TO 

TORSION  AND  LOAD  TRANSFERENCE 


By  Paul  Kuhn 


SUMMARY 

This  paper  deals  with  the  analysis  of  2-spar  cantilever 
wings  in  torsion,  taking  cognizance  oj  the  fact  that  the 
spars  are  not  independent,  hut  are  interconnected  by  ribs 
and  other  structural  members.  The  principles  oj  inter¬ 
action  are  briefly  explained,  showing  that  the  mutual 
relief  action  occurring  depends  on  the  “ pure  torsional 
stiffness”  of  the  wing  cross  section.  Various  practical 
methods  of  analysis  are  outlined.  The  “ Friedrichs-von 
Karman  equations”  are  shown  to  require  the  least  amount 
of  labor.  These  equations  were  originally  derived  for 
wings  that  owe  their  torsional  stiffness  to  the  individual 
torsional  stiffnesses  of  the  spars;  it  is  shown,  however,  that 
the  equations  apply  also  to  wings  in  which  the  torsional 
stiffness  is  due  to  drag  bracing — wires  or  stressed  skin — 
arranged  in  two  planes. 

Numerical  examples  by  the  several  methods  of  analysis 
are  given  and  the  agreement  between  the  calculation  and 
experiment  is  shown.  In  the  case  of  a  trussed-spar 
structure  the  results  are  practically  equivalent  to  the  results 
of  standard  least-work  calculations  which  treat  the  struc¬ 
ture  as  a  pin-jointed  space  framework ,  but  they  can  be 
obtained  with  so  much  less  labor  that  the  analysis  may  be 
made  as  a  routine  design  procedure. 

INTRODUCTION 

The  forces  acting  on  a  cantilever  wing  produce,  in 
general,  bending  and  torsion  of  the  wing  frame,  the  term 
“wing  frame”  being  used  here  to  denote  the  combina¬ 
tion  of  spars  and  such  structural  elements  as  ribs  and 
drag  wires  which  connect  the  spars  and  contribute  to 
the  structural  strength. 

The  present  investigation  deals  with  the  transference 
of  forces  between  the  spars  due  to  the  connecting  ele¬ 
ments  and  is  concerned  with  methods  of  analysis  suit¬ 
able  for  practical  use.  The  work  was  confined  to  the 
problem  )f  cantilever  2-spar  wings  chiefly  because  the 
interaction  effect  is  relatively  more  important  for  this 
type  of  wing  than  for  any  other  type.  A  survey  of  the 
literature  showed  that  the  first  article  discussing  inter¬ 
action  effect  was  published  in  Germany  in  1918  and  has 
been  available  in  an  English  translation  (reference  1) 
since  1923.  For  wing  frames  without  drag  bracing  a 


very  convenient  method  has  been  developed  by  Fried¬ 
richs  and  von  Karman  (reference  2).  As  the  Fried¬ 
richs-von  Karman  formulas  have  apparently  never  been 
published  in  English,  their  derivation  is  given.  The 
method  is  then  extended  to  cover  other  cases  of  2-spar 
construction,  and  the  available  experimental  evidence 
is  analyzed  by  this  method.  For  comparison,  a  con¬ 
ventional  method  of  analysis  is  used  in  some  cases,  and 
it  is  shown  that  the  labor  of  computation  bv  this  method 
may  be  reduced  without  appreciable  error  by  assuming 
that  only  one  or  two  ribs  are  active  in  transferring  the 
load.  The  simplified  conventional  method  gives  good 
approximations  for  the  bending  moments  in  the  spars. 


WING  FRAMES  WITH  DRAG  BRACING  IN  A  SINGLE 
PLANE  AND  WITH  PARALLEL  SPARS 

WING  FRAMES  WITH  INDEPENDENT  SPARS 

Let  us  consider  briefly  the  action  of  a  2-spar  wing 
frame  conforming  to  the  usual  assumption  that  the 
ribs  are  simply  supported  at  the  spars,  so  that  there  is 
no  interaction  between  the  spars.  The  load  P  (fig.  1) 
is  distributed  between  the  two  spars  according  to  the 
position  of  its  point  of  application.  In  general,  the 
deflections  of  the  spars  resulting  from  the  components 
PF  and  PR  will  differ,  resulting  in  a  twist  of  the  wing. 
There  is,  however,  one  point  of  the  section  at  which  P 
may  be  applied  without  causing  a  twist;  this  point  is 
called  the  “elastic  center”  of  the  section,  and  its 
position  is  given  approximately  by  the  condition 


a0  •  b0 —  PrI r  •  PfI  i 


0) 


where  E  is  the  modulus  of  elasticity,  I  the  moment  of 
inertia,  and  the  subscripts  P  and  F  refer  to  rear  and 
front,  respectively. 

The  locus  of  the  elastic  centers  of  a  wing  is  called  the 
“elastic  axis’’  or  the  “axis  of  twist.”  This  axis  may 
usually  be  approximated  by  a  straight  line;  a  large 
deviation  from  the  straight  line  may  occur,  but  for  the 
present  purpose  the  influence  of  such  a  deviation  is 
small  if  it  occurs  only  close  to  the  root  and  will  lx* 
neglected. 

For  purposes  of  analysis  it  is  convenient  to  replace 
a  load  P  in  an  arbitrary  position  by  a  direct  bending 
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load  P  at  the  elastic  center  and  a  couple  Pe,  where  e 
is  the  distance  between  the  point  of  application  of  P 
and  the  elastic  center.  The  total  stresses  will  be 
obtained  by  superposing  the  stresses  due  to  the  bend¬ 
ing  load  and  the  stresses  due  to  the  torque;  only  the 
analysis  of  the  stresses  due  to  torque  will  be  dealt  with 
in  the  following  investigation. 

In  figure  2  is  shown  a  2-spar  system  with  a  pure 
torque  acting  on  it,  exerted  by  equal  and  opposite 

Pf  Pr 


uniform  running  loads  on  the  two  spars.  The  torque 
T=wLb  is  taken  up  entirely  by  bending  of  the  spars, 
and  if  the  cross  sections  of  the  spars  are  constant,  the 
angle  of  twist  at  the  tip  in  radians  is 


where  A0  is  defined  by  =  — f-~r- ’  AF=EIF, 

xT0  Yl  p  /\R 

and  Ar  =  EIr. 


Figure  2. — Deformation  of  2-spar  wing  without  interaction. 

WING  FRAMES  WITH  ONE  RIB 

Principles  of  interaction. — The  elastic  axis  of  a  wing 
frame  can  be  computed  for  most  types  of  2-spar  con¬ 
struction;  consequently,  as  indicated  in  the  paragraphs 
on  wings  with  independent  spars,  it  will  always  be 
assumed  that  the  elastic  axis  has  been  found  and  that 
the  load  has  been  resolved  into  a  bending  load  and  a 
torque.  The  loading  condition  investigated  will  be  a 
pure  torque;  i.e.,  equal  and  opposite  loads  on  front  and 
rear  spars  at  any  station.  The  general  case  of  arbi¬ 


trary  loadings  on  front  and  rear  spars  will,  however,  be 
briefly  discussed  in  a  later  section. 

A  wing  with  independent  spars  having  been  con¬ 
sidered,  the  next  step  will  be  to  consider  a  wing  frame 
consisting  of  two  spars  connected  by  a  rib  at  the  tip, 
It  may  be  well  to  emphasize  here  that  throughout  this 
report  the  term  “rib”  is  used  to  denote  a  rib  specially 
designed  for  the  purpose  of  transferring  loads  from  one 
spar  to  another.  It  will  be  assumed  that  such  ribs  are 


Figure  3. — Deformation  of  wing  frame  with  spars  of  infinite  torsional  stillness. 

rigid  against  bending  in  their  own  plane,  but  have 
negligible  torsional  stiffness  against  warping  out  of  their 
plane.  Checks  of  existing  designs  have  shown  that 
this  assumption  can  be  fulfilled  with  the  practical 
accuracy  required. 

Figures  3  and  4  show  a  wing  frame  consisting  of  a 
deep,  stiff  front  spar  and  a  shallow,  flexible  rear  spar. 
The  load  may  consist  of  two  equal  and  opposite  forces 


Figure  4. — Deformation  of  wing  frame  with  spars  of  zero  torsional  stiffness. 

P  applied  at  the  tip,  but  only  one  of  them  has  been 
indicated  since  this  is  sufficient  to  explain  the  action. 

Figure  3  shows  a  state  of  deformation  that  might  be 
predicted  after  very  superficial  inspection.  The  front 
spar  has  been  forced  by  the  tip  rib  to  deflect  the  same 
amount  as  the  rear  spar.  For  any  number  of  ribs, 
the  condition  that  the  front-spar  deflection  equals  the 
rear-spar  deflection  at  each  rib  would  furnish  sufficient 
equations  to  solve  the  indeterminate  structure.  This 
consideration  was  the  basis  for  proposed  analytical 
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(reference  3)  and  graphical  (reference  4)  methods  of 
investigating  wing  frames. 

A  little  reflection,  however,  shows  that  this  assump¬ 
tion  is  unconservative.  The  assumed  resultant  action 
would  occur  only  if  the  torsional  stiffness  of  the  spars 
were  infinite.  Actually,  a  number  of  spar  sections  in 
common  use  tend  to  approach  the  opposite  extreme  of 
negligible  torsional  stiffness.  Figure  4  shows  the  re¬ 
sultant  deformation  of  such  a  wing  frame.  Without 
torsional  stiffriess,  the  front  sjmr  simply  twists  without 
offering  any  aid  to  the  loaded  rear  spar. 

Calculation  of  relief  moment. — Figure  5  shows  a 
wing  frame  consisting  of  two  parallel  spars  connected 
by  a  rib  at  the  tip.  For  convenience,  the  cross  sections 
are  at  first  assumed  constant. 


The  load  is  a  torque,  exerted  by  equal  and  opposite 
uniform  running  loads  on  each  spar.  The  structure  is 
made  determinate  by  cutting  the  rib  and  introducing 
as  unknowns  the  shear  force  X  and  the  bending  mo- 
ment  Y  in  the  rib. 

The  external  loads  cause  vertical  displacements  of 
the  two  edges  of  the  cut  in  the  rib,  and  the  two  un¬ 
knowns  are  calculated  from  the  two  conditions  of  con¬ 
tinuity:  The  relative  angular  displacement  of  the  two 
edges  must  be  zero,  and  the  relative  vertical  displace¬ 
ment,  of  the  two  edges  of  the  cut  must  be  zero.  The 
first  condition  is  fulfilled  if  the  cut  is  made  at  such  a 
location  that 


a _ b  —  a 

Bf  Bn 


(3) 


where  BF  —  GJF  is  the  torsional  stiffness  of  the  front 
spar.  (Sec  appendix  A.)  If  the  cut  is  made  at  this 
point,  the  bending  moment  Fis  zero,  leaving  the  shear 
force  X  as  the  only  unknown,  to  be  calculated  by  using 
the  second  condition  of  continuity. 

The  relative  vertical  displacement  at  the  cut  due  to 
the  external  forces  is 


y*=-- 


wLl 

8vl0 


(4) 


\ 


where  A0  has  the  same  meaning  as  in  equation  (2). 


The  relative  vertical  displacement  due  to  A"  consists 
of  two  parts,  a  direct  bending  deflection  of  the  spars 
and  a  vertical  displacement  of  the  cut  due  to  twist  of 
the  spars. 


XD  .  XLb2 
Vx  3^„+  B0 


(5) 


where  B0—BF-\-BR.  (Formulas  for  calculating  B  are 
given  in  appendix  A.)  Equation  (5)  holds  whether  or 
not  the  f'  ont  and  rear  spars  are  alike. 

The  second  condition  of  continuity  requires  that 
Ve=yx,  which  gives 


X= 


3  wL 


1  I  qJfiA 
l±6L2B0 


(6) 


Me=  -7T—  With  the  rib  intact,  the  bending  moment 


M  at  any  point  x  is  obtained  by  subtracting  from  Me 
the  relief  moment  m=xX  due  to  the  action  of  the 
shearing  force  X  in  the  rib. 

Although  all  the  foregoing  calculations  were  made 
under  the  assumption  of  constant-spar  cross  sections, 
the  methods  used  can  be  extended  without  difficulty  to 
the  case  of  variable  cross  sections  and  any  arbitrary 
loading  condition.  The  only  difference  is  that  some 
additional  labor  will  be  required  to  calculate  the 
deflections  by  integration;  ordinarily,  this  will  be  an 
approximate  numerical  integration  or  perhaps  a 
graphical  one. 

Estimate  of  torsional  stiffness  required. —  Formula 
(6)  shows  that  the  relief  moment  depends  on  the 


quantity 


bfAg 
L2  Bf 


Since  the  bending  stiffness  and  spar 


spacing  may  be  considered  as  fixed  by  other  design 
considerations,  it  is  evident  that  an  increase  of  relief 
action  can  be  achieved  only  by  increasing  the  torsional 
stiffnesses  B  of  the  spars. 

In  order  to  gain  a  quantitative  idea  of  the  torsional 
stiffness  required  for  a  desired  amount  of  interaction, 
formula  (6)  may  be  used  to  establish  a  relief  coefficient, 
giving  the  ratio  of  the  relief  moment  at  the  wing  root 
to  the  external  bending  moment: 


CR= 


(7) 


For  uniform  loading  and  constant-spar 
this  becomes 


sections, 


(7  a) 


Using  an  average  value  of 


b 

L 


■z  and  replacing  A() 
0 


The  bending  moment  in  the  spar  without  interaction 
is  equal  at  any  point  to  the  externally  applied  moment 


by  -x  AF,  Bo  by  2 By  (i.e.,  assuming  front  and  rear 
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spars  to  be  equal)  reduces  (7a)  to 


*  4  Lb  (7b) 

3  '  25jBf 

Assuming  a  reduction  in  bending  moment  of  5  percent 
as  the  minimum  worth  considering,  and  adding  to  this 
another  5  percent  for  inefficiency  of  joints  and  deflec¬ 
tion  of  ribs,  we  obtain  CR=0. 10  as  the  minimum 
requirement.  Equation  (7b)  then  gives  a  maximum 
permissible  value  of  AF/BF=  217.  A  comparison  of 
the  A/B  values  for  the  rectangular  beam  and  the 
routed  beam  of  appendix  A  shows  that  the  rectangular 
beam  is  within  this  limit,  but  that  the  routed  beam 
has  insufficient  torsional  stiffness  to  justify  calculations 
for  transference  action. 

Formula  (7a)  shows  that  the  relief  action  disappears 
if  the  torsional  stiffness  B  approaches  zero;  if  B  ap¬ 
proaches  infinity,  the  relief  coefficient  approaches  the 
value  %,  corresponding  to  a  beam  built  in  at  one  end 
and  supported  at  the  other. 


Figure  6. — Diagram  for  analysis  of  wing  frame  with  two  ribs. 

Influence  of  location  of  rib  along  span. — -The  rib 
need  not  necessarily  be  located  at  the  tip,  but  may  be 
anywhere  along  the  span.  It  is  difficult  to  make  any 
precise  statements  as  to  the  best  location  for  maxi¬ 
mum  effectiveness,  since  too  many  factors  enter  into 
the  problem.  In  the  first  place,  there  is  no  simple 
criterion  for  effectiveness.  The  reduction  in  bending 
moment  at  the  root  was  used  in  a  preceding  paragraph, 
but  the  reduction  in  moment  all  along  the  span  should 
be  considered  to  obtain  a  complete  picture.  Further¬ 
more,  the  force  in  the  rib  depends  on  the  relative  values 
of  the  bending  and  torsional  stiffnesses  of  front  and 
rear  spars,  and  these  are  capable  of  so  many  variations 
that  a  detailed  discussion  appears  useless. 

Generally  speaking,  it  may  be  said  that  the  maxi¬ 
mum  effects  are  secured  by  having  the  rib  close  to  the 
tip  of  the  wing.  The  extreme  tip  is  the  best  place 
for  the  rib  if  the  spars  have  constant  sections  and 
have  vanishing  torsional  stiffness.  If  the  spars  taper, 
or  if  they  have  a  very  high  torsional  stiffness,  the  best 
position  for  the  rib  is  farther  inboard.  For  normal 


amounts  of  taper  and  torsional  stiffness,  the  best  lot 
tion  is  usually  in  the  outer  third  of  the  semispan. 

Two  practical  considerations  are  in  favor  of  placii 
the  rib  farther  out  than  the  best  position  for  theoretic 
maximum  relief  moment  in  the  spar.  The  fartb 
inboard  the  rib  is  located  the  higher  the  force  in 
unless  the  torsional  stiffness  is  very  low,  so  that  t! 
rib  must  be  made  very  heavy  to  secure  the  necessai 
stiffness  and  strength.  Furthermore,  the  relath 
motion  of  the  two  spars  becomes  rapidly  less  as  tl 
wing  root  is  approached;  consequently,  the  importam 
of  the  unavoidable  play  in  the  fittings  increas 
rapidly  and  may  vitiate  any  conclusions  drawn  on  tl 
basis  of  calculations  assuming  perfect  joints, 
desired,  the  effects  of  imperfect  joints  and  of  deform 
tion  of  the  rib  may  be  taken  into  account  win 
making  the  calculations  but  it  is  obvious  that  t 
general  rules  for  locating  the  rib  can  be  made,  sin 
allowances  for  such  deviations  from  the  fundament 
assumptions  depend  entirely  on  the  type  of  design. 

WING  FRAMES  WITH  MORE  THAN  ONE  RIB 

Standard  methods  of  analysis. — The  application 
a  conventional  method  of  analysis  will  be  brief 
sketched  for  the  case  of  a  frame  with  two  ribs  (fig.  6 
The  first  step  is  to  calculate  the  locations  of  the  ce 
in  the  ribs  by  equation  (3).  If  they  do  not  fall  inti 
same  chordwdse  location,  the  distances  may  be  ave 
aged,  giving  the  points  closer  to  the  spamvise  cent 
line  of  the  frame  more  weight.  An  approximate 
that  is  always  conservative  for  the  spars  is  to  mat 
the  cuts  at  the  center  line  of  the  frame.  The  erri 
committed  by  so  doing  is  appreciable  only  if  the  spa 
have  very  lowr  torsional  stiffness,  and  if  there  is 
large  difference  betwreen  the  bending  stiffnesses  of  tl 

front  and  the  rear  spar.  For  y  =  v  and  IR  =  \lF,  tl 

error  in  X  is  11  percent  for  the  box  spar  of  appendix 
and  21  percent  for  the  rectangular  spar. 

Cutting  the  ribs  introduces  one  unknown  for  eat 
rib  and  one  condition:  The  relative  vertical  displac 
merit  at  each  cut  due  to  the  external  loads  mu- 
equal  the  vertical  displacement  due  to  the  unknown 
Xi  and  X2  or 

yie=yi,iXi+ylt2X2  (8; 

y2=y2.iXl+yiAxt  (8t 

where  y b  2  is  the  deflection  at  cut  1,  due  to  a  uni 
force  acting  at  2.  As  in  the  case  of  the  single  rib,  a 
coefficients  connected  with  the  unknowns  contain  tff 
terms,  one  due  to  bending  and  one  due  to  torsion.  Tl 
coefficients  can  be  computed  for  any  given  nu me: 
ical  case  and  substituted  in  the  equations  (8a)  an 
(8b).  The  solution  of  these  two  simultaneous  equt 
tions  offers  no  difficulties. 
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For  designers  who  prefer  least-work  methods,  Mr. 
C.  P.  Burgess  of  the  Bureau  of  Aeronautics,  Navy 
Department,  lias  proposed  the  following  method  of 
solution: 

Consider  as  statically  determinate  structures  the  two 
spars,  endowed  with  bending  stiffness  only,  and  as 
redundancies  the  torsional  stiffnesses  B0  in  each  bay. 
Denote  by  Rn  the  fraction  of  the  total  torque  in  bay  n 
taken  up  by  torsional  stresses;  by  Me  the  bending 
moments  in  the  spars  with  the  ribs  cut;  by  Mn  the 
bending  moments  in  the  spars  due  to  a  pair  of  torque 
moments,  equal  in  magnitude  to  the  width  of  the  bay, 
applied  through  the  drag  bracing  at  the  outboard  and 
the  inboard  end  of  bay  n;  and  by  l  the  length  of  the 
bay. 

The  following  system  of  equations  may  now  be 
written: 


When  these  equations  have  been  solved  for  Rx  and 
K2  the  final  bending  moments  are  obtained  from 

M=Me+RlMl  +R2M2  (9c) 

The  physical  concept  behind  this  method  is  the  same 
as  for  the  first  method  outlined;  the  labor  of  compu¬ 
tation  is  considerably  lessened,  however,  through  the 
introduction  of  equal  and  opposite  couples  at  the  end 
of  each  bay  in  place  of  the  single  couples  Xb  used  in 
the  first  method. 

If  there  are  more  than  three  or  four  ribs,  the  pro¬ 
cedure  becomes  very  laborious  both  in  the  computa¬ 
tion  of  the  coefficients  and  the  solution  of  the  system 
of  equations.  Thalau  (reference  5)  has  nevertheless 
made  several  series  of  such  calculations  and,  although 
the  results  are  only  of  general  interest  on  account  of 
the  assumptions  made  (constant  and  equal-spar  sec¬ 
tions),  some  interesting  conclusions  can  be  drawn 
from  these  calculations.  The  most  important  con¬ 
clusion  is  that  the  tip  rib  gives  practically  all  of  the 
relieving  effect,  and  that  additional  ribs  in  the  span 
have  little  effect,  no  matter  how  many  ribs  are  added 
or  wherj  they  are  located.  Concordant  with  this 
fact,  the  forces  in  these  additional  ribs  are  usually 
smaller  than  the  force  in  the  tip  rib,  except  for  spars 
with  unusually  large  torsional  stiffnesses. 

If  the  cross  sections  of  the  spars  vary  along  the 
span,  the  situation  is  similar  to  that  of  a  wing  frame 
with  a  single  rib.  In  general,  the  most  advantageous 
locations  for  two  ribs  would  be  at  the  tip  and  at  ap¬ 
proximately  two-thirds  of  the  semispan  from  the  root. 


in  view  of  the  results  of  Thalau’s  calculations  on 
spars  with  constant  sections,  it  seems  safe  to  assume 
that  good  approximations  for  the  bending  moments  in 
the  spars  and  the  force  in  the  tip  rib  will  be  obtained 
for  any  case  of  more  than  two  ribs  by  assuming  that 
only  the  tip  rib  and  a  rib  at  two-thirds  of  the  span 
are  operative.  This  statement  will  be  corroborated 
later  on  by  comparison  with  other  methods  of  calcula¬ 
tion. 

The  approximate  method  of  calculation  has  the 
drawback  of  not  giving  the  forces  in  the  intermediate 
ribs.  It  has  already  been  pointed  out,  however,  that 
for  the  inboard  portion  of  the  wing,  calculations  may 
be  largely  illusory  due  to  deformations  and  the  effects 
of  play  in  fittings;  consequently,  judicious  estimates 
based  on  the  force  in  the  tip  rib  are  probably  of  as 
much  practical  value  as  more  exact  calculations. 

It  may  be  mentioned  that  attempts  have  been  made 
to  solve  the  problem  of  the  multirib  wing  frame  from 
the  opposite  point  of  view,  i.e.,  by  assuming  that  there 
are  infinitely  many  ribs  and  setting  up  the  differential 
equations  for  two  spars  connected  by  a  continuous 
elastic  coupling.  Reference  6  gives  such  a  solution 
and  a  very  complete  discussion  of  the  fundamental 
case  of  constant  sections  with  uniform  load.  For 
variable  sections  and  loads,  successive  approximation 
methods  have  been  proposed  (see  bibliography  in 
reference  6)  for  integrating  the  differential  equations, 
but  they  are  in  too  mathematical  a  form  to  appeal 
to  the  stress-analyst.  As  a  matter  of  some  interest, 
the  formulas  for  the  angle  of  twist  at  the  tip  of  a 
wing  with  constant-section  spars  will  be  given  here 

(a)  For  a  torsional  moment  T  consisting  of  two 
equal  and  opposite  forces  applied  at  the  tip 


„  TLX  tanli  \L\ 

e=B,y — nr~) 


(10a) 


(b)  For  a  torsional  moment  produced  by  equal  and 
opposite  uniform  running  loads  w  along  the  spars 

^1 \2L2—\L  tanli  \L  —  sech  XL  j(lOb) 

where 

v-’_  *0 

x  Aob 2 


The  Friedrichs-von  Karman  equations. — The  con¬ 
ventional  methods  of  analysis  become  very  cumber¬ 
some  for  practical  use  for  more  than  three  or  four 
unknowns  if  no  sweeping  simplifying  assumptions  are 
made.  Two  main  defects  of  these  methods  are  ap¬ 
parent:  When  the  coefficients  are  calculated,  it  is 
necessary  to  consider  the  properties  of  a  large  part  of 
the  wing  frame  and  to  make  lengthy  numerical  inte¬ 
grations;  furthermore,  unless  certain  combinations  of 
the  forces  Xj,  X2,  etc.,  are  used  as  unknowns,  the  re¬ 
sulting  system  of  equations  involves  each  unknown 
in  each  equation,  thus  producing  a  system  which  is 
difficult  to  solve  by  ordinary  means. 
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Friedrichs  and  von  Kami  an  have  shown  a  solution 
of  the  difficulty  (reference  2).  They  point  out  that 
each  spar  may  be  considered  as  a  continuous  beam 
over  a  number  of  elastically  yielding  supports,  the 
ribs,  which  in  turn  derive  their  load-bearing  ability 
from  the  other  spar.  Convenient  methods  for  dealing 
with  continuous  beams  are  well  known,  one  of  them 
being  the  method  of  “3-moment  equations” ;  the 
Fried  richs-von  K  arm  an  equations  are  essentially  a 
set  of  3-moment  equations  applied  to  a  wing  frame. 
The  derivation  of  these  equations  will  now  be  given. 

Figure  7  shows  part  of  a  wing  frame  consisting  of 
two  parallel  spars  connected  by  a  number  of  ribs.  The 
ribs  are  numbered,  beginning  with  zero  at  the  wing  tip, 
and  each  bay  carries  the  same  number  as  the  rib  at  its 
inboard  end.  In  order  to  investigate  the  internal 
forces  in  the  spars,  the  spars  have  been  cut  just  out¬ 


board  of  the  nth  rib.  The  forces  acting  on  the  face 
of  each  cut  are  a  shearing  force  S,  a  bending  moment 
M,  and  a  torsional  moment  T.  The  external  load 
consists  of  a  running  load  w  on  each  spar,  which  need 
not  be  uniform  along  the  span,  but  is  subjected  only 
to  the  condition  that  at  any  point  wF—wR.  The 
opposite  sense  of  forces  and  bending  moments  in  the 
two  spars  is  taken  care  of  by  the  sign  convention 
adopted.  Since  wF=wR,  the  external  shears  and  bend¬ 
ing  moments  (without  interaction)  at  any  point  are 
also  equal  in  the  front  and  rear  spars,  so  that  no  sub¬ 
scripts  denoting  front  or  rear  are  needed,  but  only 
subscripts  denoting  the  spanwise  location,  and  we 
may  write 


are  also  equal  in  the  front  and  rear  spars 


Ss 

II 

r~ H 

II 

GQ 

II 

ii 

( FK-1 

The  third  equation  of  equilibrium  gives 

TF-\-TR-\-b(S — Se)  =  0 

{FK~i 

Now,  remembering  that  and 

dr 

relief  moment  m  by 

defining  tin 

M=Me+m 

(. fka 

equation  (FK— 3)  may  be  transformed  t 

0 

rn  |  rp  I  i  <  1  Wl  .  . 

dr 

(FK-  o 

(From  MeF=MeR  and  MF=MR  it 
mF—mR.) 

follows  that 

The  relief  moments  mF  and  mR  are  due  to  the  con¬ 
centrated  forces  exerted  on  the  spars  by  the  ribs;  there¬ 
fore,  they  are  linearly  distributed  between  stations,  and 

/ dm\  __m„  —  mn..x 
\  dr  /  n  In 

which  may  be  substituted  into  the  las 

t  equation  to 

give 

rp  |  rp  |  ^771  n  ITi  n_  j 

If-t-Lr-to  j  —0 

*  n 

(FK-  6) 

The  torque  {TF-\-TR)  remains  constant  for  the  length 
of  one  bay.  Since  the  spars  are  assumed  to  be  rigidlj 
connected  at  each  station  by  the  rib,  and  consequently 

the  twist  of  the  front  spar  between  stations  n—1  and* 
must  equal  the  twist  of  the  rear  spar  between  these 
stations,  the  relation  between  the  torques  TF  and  TR'h 
given  by 

Tp_Bp 

Tr  Br 


(FK-1 


where  B  is  again  the  torsional  stiffness  of  the  spar 
section.  If  B  varies  between  stations,  the  average 

7  C 

defined  by 


1  1  fn  dr 

Bn  IJn  ,BX 


(FK-  8! 


must  be  used. 

Equations  (FK-6)  and  (FK-7)  combine  to  give 

b  /  Bf 


Tr. 


(  \  0  ( 
(mn—mn-i)  j-  (j^q: 


B 


R /  n 


TRn=  —  (mn—mn_ i)  y 

vn 


Br 

Bf  Br/  n 


(FK-9; 


Of  the  three  significant  equations  of  static  equilibrium, 
two  state  that  the  interna]  shears  and  bending  moments 


Since  all  static  equations  have  been  satisfied,  the 
principle  of  least  work  can  now  be  applied  to  find 
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the  relief  moments.  The  internal  work  done  in  the 
structure  is 

Mhlx 


A, 


(FK-10) 


the  final  system  of  equations  reads 

m,(n + tt)  +  mest  =  —  (p,  +  qt) 
miS2 -j-  m2  (r2  -f  f8)  +  m3s3  =  —  {p2 + q3) 
m2s3 + m3  (r3  +  U)  +  m4s4  =  —  (p3  +  qA) 


In  this  expression,  each  integral  extends  over  one 
bay,  while  the  summation  signs  extend  over  the  whole 
wing.  Using  equations  (FK-4)  and  (FK-9),  M  and 
T  can  be  expressed  in  terms  of  known  quantities 
and  of  the  relief  moments.  When  these  substitutions 
have  been  made  in  equation  (FK-10),  the  partial 
derivative  of  the  work  can  be  taken  with  respect 
to  77i i,  m2,  ifi3  .  .  .  mn,  furnishing  one  equation  for 
each  unknown  relief  moment  by  equating  each 
derivative  to  zero. 

On  account  of  the  linear  distribution  of  m  between 
bays,  the  general  expression  for  m  at  any  point  within 
bay  n  is 


7/6„_i.S*„-}“  >>>  nrn 


-Pn 


(FK-14) 
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where  for  convenience  the  origin  of  the  x  axis  is  taken 
at  the  lower-numbered  end  of  the  bay  under  consider¬ 
ation  . 

It  will  be  seen  that  when  the  derivative  is  taken 
with  respect  to  any  moment  inn,  the  summation 
will  extend  over  only  two  bays:  Bay  n  from  station 
— 1  to  n  and  bay  n+ 1  from  station  n  to  72-f-l.  The 
result  is 
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dx 


+(1! 
1  IB 


(jnn  mn—i)  —  (  jw)  (mn+l  —  mn)  =  0 

•a  /n  \tn>o/n+l 

where  A0  is  defined  as  previously  by  4-=-j — f--j- 

Vi/.-  xi-n 

and  Bq= Bf-\~ Br.  In  each  term,  l  is  the  length  of 
the  bay  over  which  the  integral  extends. 

Introducing;  the  following-  abbreviations 


The  computation  of  the  coefficients  p,  q,  r,  s,  and  t 
can  be  simplified  by  various  assumptions.  Whether 
or  not  these  assumptions  are  admissible  in  any  given 
case  must  be  left  to  the  judgment  of  the  designer. 

If  five  or  more  ribs  are  considered  to  be  acting,  it 
will  be  sufficiently  accurate,  in  general,  to  use  the 
values  of  A  and  B  for  the  middle  of  each  bay  as  the 
average  values  and  to  assume  that  the  sections  are 
constant  for  the  length  of  one  bay.  With  this  assump¬ 
tion 

(FK-15) 

s"=(ga)„-WA 

In  —  7  n 

Assuming  constant  A  and  a  linear  variation  of  M  for 
each  bay  gives 

(FK-16) 

q,l= (j5Ao)n  + Men) 

A  somewhat  better  approximation  for  p  and  q  is  pos¬ 
sibly  obtained  by  assuming  that  M/A  varies  linearly 
(it  is  often  practically  constant),  which  gives 


(FK-1 7) 
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If  the  assumption  of  constant  A0  in  each  bay  does  not 
appear  to  be  sufficiently  accurate,  and  linear  variation 
from  A0n_l  to  A0/i  is  assumed,  the  terms  in  r,  s,  t  become, 
dropping  the  subscript  zero 


i  (FK-1 3) 
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Attention  should  perhaps  be  called  to  the  fact  that 
the  sign  convention  adopted  for  the  front  spar  is 
opposite  to  the  standard. 

The  general  case  of  arbitrary  loadings. — The  separa¬ 
tion  of  the  load  into  a  bending  load  and  a  torque  load 
usually  results  in  a  reduction  of  the  numerical  work 
required,  because  the  calculation  of  the  interaction 
effect  is  made  only  once  for  the  case  of  pure  torque. 
Various  flight  conditions  can  then  be  investigated 
simply  by  superposing  the  effects  of  bending  and  torque 
loads  in  the  proper  proportions. 

The  direct  analysis  of  any  case  ot  arbitrary  loadings 
on  front  and  rear  spars,  for  example,  the  low  angle-of- 
attack  condition,  may  be  made  by  any  of  the  methods 
discussed.  It  is  obvious  that  such  a  procedure  of 


investigating  each  flight  condition  separately  would  be 
lengthy  because  each  time  the  calculation  of  the  inter¬ 
action  effect  would  be  included.  This  method,  how¬ 
ever,  does  not  require  the  knowledge  of  the  elastic 
axis;  it  may  therefore  be  preferable  in  cases  where 
there  is  some  doubt  about  the  accuracy  with  which 
the  elastic  axis  may  be  found. 

The  method  of  procedure  to  be  used  in  the  general 
case  requires  no  comments  if  standard  methods  are 
used.  If  the  Friedrichs-von  Karman  equations  are 
used,  the  following  substitutions  must  be  made  in 
(FK-13): 


provided  that  the  sign  convention  of  figure  7  is  retained. 
If  the  usual  sign  convention  is  adopted  (up  loads  posi¬ 
tive  for  both  spars),  the  sign  of  the  front  spar  term  in 
p  and  q  must  be  reversed. 


NUMERICAL  EXAMPLE  FOR  USE  OF  FORMULAS,  WITH 
COMPARISONS  BETWEEN  THEORY  AND  EXPERIMENT 

In  order  to  show  the  application  of  the  formulas  de- 
I  veloped,  a  metal  wing  frame  will  be  calculated  in  detail. 
The  dimensions  of  the  frame  and  the  test  results  are 
taken  from  reference  7.  Figure  8  shows  the  dimensions 
of  the  wing  frame  and  of  the  spar  section  (front  and 
rear  spars  are  identical).  Since  the  absolute  dimen¬ 
sions  of  the  wing  are  such  that  it  cannot  be  considered 
as  a  practical  case,  the  metric  units  have  not  been 
converted  into  English  units. 

The  properties  of  spars  are  computed  as  follows: 

I— 17.1  cm4 

AF=EIF=EIR=  11.2X10°  kg  cm2  (from  bending 

test  on  spar) 


i40=5.6X106  kg  cm2 

JF=  (formula  (T-3),  appendix  A)=14.3  cm4 
£=285,000  kg  cm2  (from  tests  on  round  tubes) 
BF=GJF=GJR— 4.07X10°  kg  cm2 
B0=  (4.07  +  4.07)X  106=8.14 X 106  kg  cm2 
The  loading  condition  chosen  here  for  comparison 
with  test  results  is  a  40-kilogram  load  applied  at  the 
tip  of  the  front  spar.  Since  the  two  spars  are  alike, 
the  elastic  axis  of  the  wing  frame  is  at  the  center  line, 
and  the  load  may  be  resolved  into  a  bending  load  of 
40  kilograms  at  the  center  line  and  a  torque  of  40X50= 
2,000  cm-kg.  The  vertical  deflection  at  the  tip  due  to 
the  bending  load  is 

„  20X2503  on 

Vl  3X11.2X106  9-30  cm 


independent  of  the  numbers  of  ribs  acting.  The  deflec¬ 
tions  due  to  the  torque  will  be  computed  for  two  cases: 
all  ribs  acting,  and  tip  rib  only  acting. 

Since  the  case  of  10  ribs  acting  is  practically  a  close 
approach  to  an  infinite  number  of  ribs  acting,  formula 
(10a)  may  be  used  here.  The  parameter  X  is  found 
from 


X2=XJX  = _ =  1  453X10-4 

A0b2  S.OXIO^XIOO2 

X=  1.206 X  10~2;  XZ=3.015;  tanli  Xl=0.995 


2,000X250/  0.995\ 

8.14X106  \  3.015/ 

i/2=0X2=2.O5  cm 


=0.0411 


For  the  case  of  the  tip  rib  only  acting,  a  formula  similar 
to  formula  (6)  can  be  derived 


Substituting  the  numerical  values  gives 
X=  0.752  P=1 5.04  kg 


A”= 


P 


,  |  J2  A0 

1+3  EB0 


where  P  is  defined  by  P=TJb=20  k< 
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Consequently,  the  tip  deflection  due  to  torque  is  for 
this  case 

4.96X2503  0  Q1 

Vi  3X11.2X106  “,31  cm 

The  total  deflections  of  the  front-spar  tip  are  therefore 
2/= ?/! -f- 2/2=  11-35  cm  for  all  ribs  acting 
y—y\-\- 2/3=11.01  cm  for  tip  rib  only  acting 
The  experimental  values  are  11.13  and  11.33  respec¬ 
tively. 

In  order  to  simplify  the  calculation  of  the  moments 
by  means  of  the  Tried  rich  s-v  on  Karman  formulas,  it 
will  be  assumed  that  only  five  ribs  are  working. 

f1—l2=lz=li=l5=  50  cm 
Using  equation  (FK-15): 

ri=r2=r3=ri=r6=ti=t2=h=U=ts 
50  1002 

3X5.6X106  ‘  50X8.14X106 
-=  (3.0  +  24.6)  X  10-6=27.6X  10-6 
Sl=s2=s3=sA=s5=  (1.5-24.6)  X  1CT6=  -23.1  X  10~6 

For  this  calculation  let  V—  1 ,  on  each  spar  tip  (T  =  100), 
which  gives 

Me0  =  0  Mex  =-=50  Me,  =  1 00 

Me 3=150  M«4= 200  M(J  =  250  cm-kg 

Using  equation  (FK-16): 

50 

Pi  =  6  X  5.6  XW  (0  +  2  X  50)  =  149.0  X 1 0-6 

?'2=6X5f>O0«(50+2X100)  =  372'r>X10'S 

50 

y|3=6x5:6xTo«(100+2X150)  =  596-°X10~6 

yi=6X5fW'(150+2X200)  =  S19-5X1°"6 

^J6X5°6X10l,(200  +  2X25Q)=1’043-OX10-'i 
^  ==  1. 490  X10"6  (0  +  50)  =  74.5X10~6 
g2=1.490X10-6(2X50  +  100)=298X10-6 
g3=  1.490X  10-6(2X  100+  150)  =  521.5X  10~6 
1.490  X 10-6  (2  X 150  +  200)  — 745  X 10-6 
fy5=1.490X  10-6  (2X200 +  250)  =968.5  X 10-6 

With  these  values  of  p,  q,  r,  s,  and  t  the  following 
system  of  equations  is  obtained 

m,X55.2-?n2X23.1  =  -447 
—  TrqX  23.1  +m2X  55.2— m3X  23.1  =  —894 
— m2X23.1  +  m3X55.2  — m4X23.1  =  — 1,341 
— m3X  23.1  +w4X  55.2  — m5X  23.1  =  — 1,788 
-w4X23.1+m5X27.6  =-1,043 


These  equations  may  be  solved  by  expressing  m4  as 
a  function  of  m5  in  the  last  equation,  then  successively 
expressing  m3,  m2,  and  mx  as  functions  of  m5;  two 
equations  for  wq  will  be  obtained  which  can  be  used 
to  calculate  m5.  Substitution  of  mh  in  the  previously 
obtained  expressions  will  then  give  m lf  m2,  m3,  and  ?n4. 

In  certain  cases,  the  method  of  solution  indicated 
will  give  the  result  as  the  difference  of  numbers  too 
large  to  be  handled  even  on  a  calculating  machine. 
In  such  cases  the  solution  can  be  effected  by  a  process 
of  successive  approximations.  Assume  reasonable 
values  for  the  relief  moments  m  along  the  span  and, 
starting  with  the  last  equation,  solve  each  equation 
in  turn  for  the  unknown  with  the  largest  coefficient. 
Repeat  the  process  with  the  corrected  values  for  the 
unknowns  until  two  successive  values  are  in  sufficiently 
close  agreement.  This  method  of  solving  the  system 
of  equations  is  very  rapid  if  the  coefficients  (rn+4+i) 
are  5  to  10  times  larger  than  the  coefficient  sn,  a  con¬ 
dition  applying  particularly  to  stressed-skin  wings. 

Table  I  gives  the  results  of  the  calculations  for  the 
present  example  in  the  following  sequence: 

(1)  The  external  bending  moment  (for  a  tip  load  of 
P=l)  on  each  spar. 

(2)  The  relief  moments  mx  to  m5. 

(3)  The  resulting  bending  moments  (sum  of  (1)  and 
(2)  by  equation  (FK-4)),  equal  and  opposite  for  front 
and  rear  spar. 

(4)  The  differences  between  successive  values  of  in. 

(5)  The  total  torque  carried  by  torsional  shear  of 
the  spars  in  each  bay  (equation  (FK-6)) 

Tx  =  7V+  Tr = y-  (mn — mre_  0 

'u 

(6)  The  bending  shear  in  the  spars  for  each  section, 
d  M  . 

in  this  case,  since  the  moment  distribution 
along  the  span  is  linear,  between  stations  S=^n  ^=1. 

^ n 

(7)  The  torque  carried  in  each  bay  by  the  bending 
shear  in  the  spars  T2  =  Sb. 

As  a  check,  it  will  be  noted  that  TiJrT2=Te. 

TABLE  I— INTERNAL  FORCES  AND  MOMENTS  IN 
WING  FRAME  OF  REFERENCE  7 

[Loading:  1  kg  down  at  tip  of  front  spar,  1  kg  up  at  tip  of  rear  spar] 


Station 

M.. 

em-kg 

m, 

cm-kg 

U. 

cm-kg 

nin-rnn- 1 

Tu 

cm-kg 

S’. 

kg 

T,, 

em-kg 

0 

0 

0 

0 

44.  3 

ss  6 

(1.  1 14 

11.4 

1 

50 

-44.3 

5  7 

43.  4 

so.  s 

.  132 

13.  2 

2 

Hill 

-87. 7 

12.3 

38.  o 

70.  0 

.  240 

24. 0 

3 

160 

-  125.  7 

24.  3 

20.  h 

50.  0 

.41(1 

41.0 

4 

2(H) 

-  155.  2 

44.8 

12.  5 

25.  (1 

.  750 

75.  0 

5 

250 

-  107.  7 

82.  3 

The  results  are  plotted  in  figure  9.  The  figure  shows 
the  external  bending  moments  Me,  the  bending 
moments  M  with  the  tip  rib  acting,  the  bending 
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moments  M  with  five  ribs  acting,  and  the  variation  of 
Tx  and  T2  along  the  span.  It  is  apparent  that  near 
the  tip  the  largest  part  of  the  external  torque  is  carried 
by  the  torsional  stresses  in  the  spars  but  that,  as  the 
root  is  approached,  the  part  of  the  torque  carried  by 
bending  of  the  spars  rapidly  increases  and  is  the  major 
part  near  the  root. 

The  values  of  M  given  in  table  I  may  be  used  to 
calculate  the  bending  deflection  at  the  tip  due  to  the 
torque,  it  being  remembered  that  the  actual  torque  is 
exerted  by  P=±  20  kg  on  the  spar  tips.  Numerical 
integration  of  these  values  gave  ?/= 2.03  cm,  as  com¬ 
pared  with  ?/= 2.05  cm  obtained  from  formula  (8)  and 
y=  2.31  cm  obtained  by  assuming  that  only  the  tip 
rib  is  acting.  It  will  be  seen  that  the  percentage 
difference  in  tip  deflection  is  very  much  less  than  the 


Figure  9. — Torque  and  bending  moments  in  duralumin  wing  frame. 

differences  in  bending  moments  along  the  span  for 
the  two  cases  of  tip  rib  acting  and  all  ribs  acting,  the 
latter  differences  being  more  than  100  percent  in  places, 
as  shown  in  figure  9.  This  fact  means  that  ordinary 
deflection  measurements  are  of  little  value  for  tests 
of  this  nature;  in  order  to  obtain  the  accuracy  required, 
it  will  be  necessary  either  to  measure  the  slope  of  the 
elastic  line  or  to  make  strain  measurements. 

A  number  of  strain  measurements  was  made  on  the 
frame  under  consideration  (reference  7),  and  figure  10 
shows  the  results  for  the  loading  case  computed  in  the 
preceding  example.  The  figure  gives  the  bending 
moments  due  to  the  direct  bending  load  of  40  kilo¬ 
grams  applied  at  the  elastic  center  of  the  wing,  the 
total  computed  moment  (using  the  values  of  M  of 
table  I),  and  the  bending  moments  computed  from 
the  strain  measurements.  The  agreement  is  good, 
the  only  possible  objection  to  the  test  procedure  being 
that  equal  and  opposite  loads  should  have  been  applied 


to  both  spars  so  as  to  eliminate  the  direct  bendii 
load  and  thus  considerably  increase  the  accuracy 
checking  the  amount  of  relief  action,  which  influent 
only  the  part  between  the  two  curves  of  bendii 
moments. 

A  wing  frame  consisting  of  two  wooden  box  spa 
connected  by  10  ribs  was  tested  by  von  Fakla  (refe 
ence  8).  As  a  result  of  this  test  and  a  test  on  a  fu 
sized  metal  wing,  von  Fakla  concluded  that  the  inti 
action  can  be  calculated  to  an  accuracy  of  better  ths 
5  percent.  This  conclusion,  of  course,  involves  tl 
presumption  that  the  properties  of  the  spars  are  knon 
with  the  same  accuracy,  a  presumption  hardly  vs 
ranted  in  any  given  case  for  wood  construction,  sir 
the  material  properties  E  and  G  are  variable  in  mut 
wider  limits. 


Figure  10.— Computed  and  measured  bending  moments  in  duralumin  wingfrac 

WING  FRAMES  WITH  DRAG  BRACING  IN  TWO 
PLANES  AND  PARALLEL  SPARS 

PRINCIPLE  OF  CALCULATION 

The  Friedrichs- von  Karman  formulas  were  derive 
for  a  wing  frame  in  which  the  drag  bracing  is  arrange 
in  a  single  plane,  so  that  pure  torsional  stiffness  (i.e 
torsional  stiffness  outside  of  that  obtained  by  bendii 
of  the  spars)  is  furnished  only  by  the  individm 
torsional  stiffnesses  of  the  spars.  However,  it 
quite  well  appreciated  that  double  drag  bracing,  be 
wire  or  stressed  skin,  furnishes  a  much  higher  torsion; 
stiffness  than  can  normally  be  obtained  from  the  spa- 
alone,  provided  that  the  two  planes  of  drag  brack 
are  well  separated. 

From  the  derivation  of  the  Friedrichs-von  Ivanna 
formulas,  it  is  clear  that  they  still  hold  if  the  pui 
torsional  stiffness  of  a  wing  section  is  furnished  b; 
other  means  than  by  having  spars  possessing  individn 
torsional  stiffness.  The  necessary  torsional  stiffnei 
may  be  achieved  by  connecting  the  spars  in  the  to; 
and  bottom  planes  by  drag-wire  bracing,  thus  closit 
the  space  between  the  spars  to  form  a  torsion  boxff 
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the  wing  may  be  covered  with  a  stressed  skin,  convert¬ 
ing  the  whole  wing  section  into  a  torsionally  stiff 
shell.  The  wing  must  then  be  considered  to  consist 
of  two  distinct  elements:  One  element  stressed  in 
bending,  the  spars;  and  one  element  stressed  in  torsion, 
the  torsion  tube.  The  spar  webs  thus  may  perform  a 
dual  function:  They  may  at  the  same  time  be  part 
of  the  bending  element  and  also  part  of  the  torsion 
tube.  The  shearing  stress  in  the  webs  is  obtained  by 
superposing  the  shear  due  to  torsion  of  the  torsion 
tube  (uniformly  distributed  over  the  depth  of  the  web) 
and  the  shear  due  to  bending  of  the  spars  (parabolically 
distributed  over  the  depth  unless  diagonal-tension 
fields  form). 

The  pure  torsional  stiffness  of  torsion  tubes  is  calcu¬ 
lated  by  formula  (T-3),  appendix  A.  In  the  case  of 
drag-wire  bracing,  it  is  expedient  to  calculate  an  effec¬ 
tive  skin  thickness  of  an  imaginary  skin  such  that  the 
shear  deformation  of  this  skin  is  equal  to  the  shear 
deformation  of  a  panel  due  to  the  elongation  of  the 
wires. 


For  the  wire-braced  panel  we  have  (fig.  11) 


_p  d3 

y~Pb2AE 

where  A  is  the  cross-sectional  area  of  the  diagonal. 

For  the  solid  sheet 

p  1 

y  =  PKG 

Equating  the  deflection  and  solving  for  the  equiva¬ 
lent  thickness 


,  IbAE  EA  . 

te~  d?G  G  l  sm  ^  COb  * 


(11) 


For  the  panel  of  figure  12,  consisting  of  steel  spars 
with  steel-wire  bracing,  the  torsional  stiffness  becomes 
(assuming  E  the  same  for  tubes  and  wires) 


GJ= 


4  A2G 


4hrb2G 
2b  ,  2 h 


N  ov 


,  EAn  ■  2 

ti==~G'T  sm  ^  c 


V7! 


U 


E Ad  ■ 

-Qjr  sm  <p2  cos2 


V  2 


b=l  tan  <pi ;  h=V  tan  p2 


Therefore,  by  substitution 


GJ 


2  h2b2E 


l- 


_Ad  cos3  <px 


T 


Ad  cos  V2_l 


02) 


The  computation  of  t2  need  not  be  very  exact,  as  a 
rule,  since  is  the  decisive  factor,  the  area  of  the  tubes 
in  the  spar  web  being  much  larger  than  that  of  the 
wires.  Average  values  may  be  used  for  <p2  and  Ad  if 
these  values  change  in  the  bay. 

A  word  of  caution  appears  very  necessary  regarding 
the  value  of  G  to  be  used  for  stressed-skin  wings, 
particularly  plywood-covered  wings.  The  shearing 
modulus  has  not  been  used  very  extensively  in  engi¬ 
neering  in  the  past;  the  results  of  only  a  few  tests  on 
different  materials  are  scattered  through  the  literature, 
and  they  have  often  been  obtained  by  very  question¬ 
able  methods.  Only  results  obtained  from  torsion 
tests  should  be  used,  if  obtainable.  Appendix  B 


Figure  12. — Diagram  of  trussed  wing  panel. 


gives  a  collection  of  such  data  as  were  available  to  the 
writer. 

Attention  must  bo  called  to  the  fact  that  the  wing 
covering  may  buckle  at  very  low  loads  to  form  diagonal- 
tension  fields.  When  a  sheet  of  thickness  t  has 
buckled,  it  has  a  reduced  effective  thickness  of 


03) 


5 

or  for  duralumin  and  steel,  #e=g  t. 


This  relationship 


is  based  on  the  elementary  theory  of  diagonal-tension 
fields,  and  it  involves  the  assumption  that  the  flanges 
are  infinitely  rigid  and  that  the  tension  folds  are  in¬ 
clined  at  45°  against  the  beam  axis.  Formulas  for 
calculating  the  buckling  stress  may  be  found  in  good 
textbooks  on  strength  of  materials.  In  calculations  of 
this  nature,  the  edges  should  be  assumed  to  be  simply 
supported,  because  the  elastic  restraint  that  actually 
exists  is  canceled  by  the  detrimental  effect  of  initial 
buckles. 
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NUMERICAL  EXAMPLE  OF  WING  FRAME  WITH  DOUBLE  DRAG- 
WIRE  BRACING,  INCLUDING  COMPARISON  BETWEEN  THEORY 
AND  EXPERIMENT 

A  very  suitable  example  of  this  type  of  structure 
is  a  wing  frame  that  was  built  for  testing  purposes  at 
Wright  Field.  The  dimensions  of  this  frame,  test 
results,  and  results  of  least-work  calculations  treating 


the  whole  frame  as  a  pin-jointed  space  structure  s 
given  in  reference  9.  For  convenience,  the  dimensio 
are  given  in  figure  13  of  the  present  report  and  i 
results  of  one  set  of  least-work  calculations  are  giv 
in  figure  14,  which  is  taken  from  figure  30  of  reference 


Table  II.— INTERNAL  FORCES  AND  MOMENTS  IN 


WING  FRAME  OF  REFERENCE  9 


[Loading:  100  pounds  down  at  tip  of  the  front  spar;  100  pounds  up  at  tip  of  the  rear  spar] 


2 

3 

4 

5 

6 

7 

8 

9 

10 

11 

12 

13 

14 

15 

16 

Station 

S  (drag 
truss) , 
lb. 

F  (drag 
wire), 
lb. 

S  (spar 
web), 
lb. 

Front  spar 

Rear  spar 

in. -lb. 

771, 

in. -lb. 

M, 

in. -lb. 

A  m, 
in. -lb. 

T  u 
in. -lb. 

u. 

lb./in. 

AM, 
in. -lb. 

S 

(torsion), 

lb. 

s 

(total), 

lb. 

F  (web 
diag)., 
lb. 

S 

(torsion), 

lb. 

S 

(total), 

lb. 

F  (web 
diag.), 
lb. 

0 

0 

0 

0 

- 

2,912 

2,425 

5.  38 

161.4 

252 

688 

19. 1 

48.4 

67.  5 

95.5 

32.3 

51.4 

92.5 

1 

3,  6(X> 

-2,912 

688 

2,  656 

2,210 

4.91 

147.3 

230 

944 

26.  2 

44.2 

70.  4 

99.5 

29.5 

55.  7 

100.4 

2 

7,  200 

-5,  568 

1,632 

2,051 

1,710 

3.  80 

114.0 

177.9 

1,549 

43.0 

34.  2 

77.2 

109.  1 

22.8 

65.8 

118.7 

3 

10,  800 

-7,619 

3, 181 

871 

726 

1.613 

48.4 

75.  5 

2,  729 

75.8 

14.5 

90.3 

127.8 

9.7 

85.5 

154.1 

4 

14,  4(H) 

-8,  490 

5,910 

1 

The  bending  and  torsional  stiffnesses  were  calculated  as  follows: 


Moments  of  Inertia 


Front  spar:  7=  2  X  0. 1656X4.52=6.70 in.4;  £=29  X  106;  £7=194.3X10°  lb.in.2 
Rear  spar:  7=2X0. 1 656X32=2.98  in.4;  £7=86.3X10°  lb.in.2 


X==ThT7  +  Q£hX106  =  0-01674X10“6  Ai=59.8X106  lb.in.2 
xlo  194.0  ob.o 

Torsional  Stiffness  of  Box  Section 


Equivalent  thicknesses  of  solid  sheet  (formula  (11)) 

30  V 1 06  1  1 

Drag  truss:  U  — — q — X0.0141  X^gXO.641  X 0.7692=4,450  g 

29X10°  1  1 

Front-spar  web:  t2— — g — X0.0786XgX0. 707X0. 7072=89, 500  g 

9Qyio°  1  1 

Rear-spar  web:  t3= — ~ — X0.0786Xw X0.5  55  X  0.83  22  =  97,300  ± 

D  o  (j 


B=GJ- 


4  A2G 
ds 

J 


4X2252 


J 


60 


9 


6 


14.87X  10°  lb.in.2 


4,450  1  89,500  1  97,300 


It  will  be  noted  that  the  shear  deflections  of  the 
spars  were  neglected  in  computing  the  bending  stiff¬ 
ness,  resulting  in  overestimating  the  stiffnesses,  con¬ 
sequently  the  loads  calculated  for  the  spars.  In  this 
particular  case,  however,  the  error  is  not  much  larger 
than  the  possible  uncertainties;  furthermore,  the  test 
loads  are  introduced  as  vertical  loads  at  the  spars, 
and  the  transference  of  the  loads  from  the  spars  to 
the  drag  trusses  is  not  perfect  as  assumed  by  theory, 
so  that  the  approximate  bending  stiffnesses  are  suffi¬ 
ciently  accurate  for  the  purpose  of  calculating  the 
interaction  effect. 


With  the  calculated  values  of  A0  and  B0  the  reli 
moments  are  calculated  in  the  same  manner 
for  the  duralumin  wing  frame  (fig.  8).  Column  1 
table  II  gives  the  external  bending  moment  for  a  dov 
load  P  — 100  pounds  on  the  front  spar  and  an  equ 
up  load  on  the  rear  spar.  Column  2  gives  the  calf 
lated  relief  moments;  column  3  gives  the  actual  bendi 
moment  in  the  spars,  obtained  as  the  sum  of  columi 
1  and  2.  Column  4  gives  the  difference  between  reli 
moments  at  successive  stations;  this  difference  mult 
plied  by  b/l  gives  the  torque  rl\  carried  by  the  torsi 
box,  which  is  listed  in  column  5;  column  6  gives  ti 
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shear  force  per  inch  of  perimeter  in  the  torsion  box, 

T 

obtained  from  J^o=2A  where  A  =  area  of  torsion  tube. 

The  total  shearing  force  for  one  drag  truss,  column  7, 
is  multiplied  by  1.56  to  give  the  force  in  the  drag 
wire,  column  8.  Column  9  gives  the  increments  in 
bending  moments,  which  are  used  to  compute  the 
bending  shears  listed  in  column  10.  Column  11  gives 
the  torsional  shear  in  the  front  spar,  obtained  by 
multiplying  the  shear  force  per  inch  perimeter  (column 
6)  by  the  depth  of  the  spar.  Column  12  gives  the 
total  shear  in  the  front  spar,  obtained  by  adding  the 
values  of  columns  10  and  11.  Finally,  column  13 
gives  the  forces  in  the  diagonals  of  the  spar  web, 
calculated  from  the  shears  of  column  12.  Columns 
14,  15,  and  16  give  the  shear  calculations  for  the  rear 
spar. 

The  forces  in  the  spar  flanges  are  obtained  by  super¬ 
posing  the  forces  due  to  the  bending  moments  and  the 


now  to  member  i-d,  all  of  the  torsional  shear  has  been 
transmitted  to  the  web,  so  that  the  force  in  i-g  is  only 
that  due  to  bending. 

Figure  14  is  a  reproduction  of  the  results  of  least- 
work  calculations  reported  in  reference  9.  Unfor¬ 
tunately,  the  reference  does  not  state  whether  the  values 
used  in  these  calculations  for  tube  areas,  wire  areas, 
moduli  of  elasticity,  etc.,  were  actual  or  nominal.  In 
the  calculations  made  by  the  writer,  nominal  sizes  and 
standard  values  were  used ;  it  will  be  seen  that  the  results 
given  in  the  preceding  paragraph  and  in  columns  8,  13, 
and  16  of  table  II  agree  with  the  values  given  in  figure 
14  within  the  limits  of  the  accuracy  of  calculation. 

The  same  wing  frame  was  calculated  with  }{-28 
wire  in  place  of  the  10-32  wires.  The  agreement  with 
the  least-work  calculations  was  not  so  good  as  in  the 
previous  case,  but  the  differences  were  only  about  5 
percent  when  the  maximum  wire  area  permissible  under 
the  materials  specifications  was  used  in  the  calculation. 


p 


p 


Spar  flanges 

x  0.049 

Spar  webs 

diag.  x  0.035 
vert.  /  x  0.035 

Bulkhead  flanges 

/  x  0.035 

Bu/hhead  webs 

%  x  0.035 

Wires: 

10  ~  3B 

{'A  ~  28) 

<%  ~  24) 

A!/  dimensions 
in  inches 


forces  due  to  the  torsional  shear.  Take,  as  an  exam¬ 
ple,  the  forces  in  the  second  bay  from  the  tip  of  the 
front  spar.  Member  e-d  (fig.  13)  transmits  the  full 
shear  (i.e.,  compression  due  to  the  tension  of  the  drag 
wire)  to  the  amount  of  fstel~4. 91X36=  177  pounds. 


The  force  due  to  the  bending  moment  is 


1,632 

9 


181 


pounds;  therefore  the  force  in  member  e-d  is  358 
pounds. 

Passing  from  member  e-d  to  member  g-d,  the  shear 
force  in  the  flange  is  reduced  by  the  amount  carried 
over  into  the  web  members  at  the  joint  between  e-d 
and  g-d;  this  reduction  equals  4.91X18=88  pounds, 
leaving  89  pounds  to  be  taken  care  of  in  the  flange;  the 

force  due  to  bending  in  member  g-d  is  —^-  =  129 

u 

pounds,  making  the  total  force  218  pounds.  Passing 


The  tests  on  the  wing  frame  were  made  with  three 
different  sizes  of  wire:  10-32,  }{-28,  and  ${6-24  and 
each  with  three  different  kinds  of  support:  4-pin  sup¬ 
port  representing  the  support  the  frame  would  have  in 
an  actual  airplane,  3-pin  support  at  the  wing  root,  and 
2-pin  support  (one  pin  in  front  spar,  one  pin  in  rear 
spar).  The  latter  methods  of  support  eliminate  the 
influence  of  the  bending  stiffness  of  the  spars,  so  that 
the  tests  evaluate  the  properties  of  the  frame  as  a  pure 
torsion  box. 

The  calculation  of  the  bending  and  pure  torsional 
st  iffnesses  of  the  frame  is  given  in  detail  in  t  he  preceding 
calculation  for  case  I,  i.e.,  10-32  wire.  The  pure 
torsional  stiffnesses  were  calculated  similarly  for 
cases  II  and  III,  i.e.,  /~2 8  and  ${#-24  wire.  With 
these  values,  the  tip  deflections  were  calculated  by 
formula  (8)  for  a  2-pin  support  (pure  torsion  box)  and 
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a  4-pin  support  (wing  frame).  For  the  case  of  a  4-pin 
support,  the  deflections  were  also  calculated  by  inte¬ 
grating  the  Ml  El  curves  which  checked  the  deflections 
obtained  by  the  formula  within  5  percent;  the  assump¬ 
tion  of  infinitely  many  ribs  underlying  the  formula  can 
therefore  be  used  quite  satisfactorily  for  as  few  as  four 
ribs. 

The  comparison  of  test  results  and  calculations 
showed  that  all  computed  deflections  were  much  too 
large.  The  ratio  of  the  calculated  to  the  observed 
values  was  almost  2  (within  less  than  5  percent)  in 


assumption  of  slack  counterwires  gave  deflections  ( 
percent  too  high,  whereas  the  assumption  of  ta 
counterwires  gave  deflections  26  percent  too  low  for 
2-pin  support. 

This  discrepancy  may  be  explained  as  follows:  If 
is  assumed  that  all  counterwires  were  just  about  to; 
out  of  action  at  the  highest  test  load  used,  the  initi 
tensions  must  have  been  48  percent,  36  percent,  aL 
23  percent  of  the  rated  strength  in  cases  I,  II,  and  I] 
respectively.  Obviously,  the  initial  tension  require 
for  case  I  is  rather  high;  it  seems  reasonable  to  assim 
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Figure  14. — Stress  sheet  for  trussed  wing  frame  (reference  9).  Four-pin  support;  100-lb.  down  on  tip  of  front  spar;  100-lb.  up  on  tip  of  rear  spar. 
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cases  II  and  III  for  the  2-pin  support.  This  relation¬ 
ship  points  to  the  possibility  that  the  counterwires 
had  sufficient  initial  tension  to  remain  active  through¬ 
out  the  test,  in  which  case  the  pure  torsional  stiffness 
B0  would  be  nearly  doubled.  The  calculations  were 
therefore  repeated,  using  twice  the  original  values  of 
B0.  It  was  found  that  in  cases  II  and  III  the  cal¬ 
culated  deflections  for  a  2-pin  support  were  about  3 
percent  high  and  those  for  a  4-pin  support  about  9 
percent  low,  errors  which  are  well  within  the  magnitude 
of  errors  possible  either  in  calculation  or  in  test.  In 
case  I  the  condition  seemed  to  be  in  between:  The 


that  the  actual  initial  tension  was  considerably  less, 
that  the  most  highly  stressed  counterwires  probat) 
went  out  of  action  and  reduced  the  pure  torsion 
stiffness  of  the  frame  near  the  tip. 

The  test  report  makes  no  definite  statements  regal 
ing  the  condition  of  the  counterwires  beyond  recoi 
mending  that  in  future  tests  they  be  omitted  all 
gether.  This  recommendation  probably  indicates  tli 
their  presence  was  felt  to  introduce  uncertainties, 
say  the  least.  In  view  of  this  and  other  difficult 
such  as  questions  on  jig  deflection,  actual  areas,  a1 
moduli  of  elasticity,  the  writer  has  made  no  nw 
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concentrated  effort  to  explain  the  differences  between 
theory  and  experiment.  The  following  conclusions 
may  be  drawn: 

1.  If  an  accurate  check  of  the  theory  is  desired,  the 
initial  tension  of  the  wires  must  be  known  accurately. 
The  easiest  way  to  achieve  this  end  is  to  remove  the 
counterwires  for  test  purposes. 

2.  In  view  of  the  fact  that  the  tip  deflection  com¬ 
puted  under  the  assumption  of  independent  spars  is 
about  4  times  that  observed  for  case  I  and  about  10 
times  that  for  case  III,  the  proposed  method  of  calcula¬ 
tion  constitutes  a  vast  improvement.  The  large  per¬ 
centage  discrepancies  left  in  some  cases  between  theory 
and  experiment  can  he  explained  by  the  uncertainty 
about  the  test  conditions. 


Tip  Si  a  f ion  Root 

Figure  15. — Torque  and  bending  moments  in  trussed  wing  frame. 


3.  The  proposed  method  of  calculation  gives  results 
equivalent  to  standard  least-work  calculations  which 
treat  the  wing  frame  as  a  pin-jointed  space  framework 
while  the  labor  is  reduced  to  a  point  where  the  com¬ 
putations  may  be  made  as  a  routine  design  procedure. 

It  may  not  be  amiss  to  point  out  that  design  calcula¬ 
tions — whether  for  stiffness  or  for  strength — should 
be  based  on  the  assumption  of  all  counterwires  being 
slack,  since  this  condition  will  ordinarily  obtain  under 
design  loads. 

Figure  i5  shows  the  results  of  the  calculations  for 
the  three  tests  with  10-32,  %- 28,  and  %6-2 4  wires. 

EXAMPLES  OF  STRESSED-SKIN  WINGS 

As  an  example  of  stressed-skin  wings,  the  bending 
moments  and  torsional  deflections  in  an  Atlantic 
C-2A  Transport  wing  were  calculated.  The  calcula¬ 
tions  for  the  relief  moments  are  exactly  analogous  to  ! 


those  given  in  detail  for  the  wire-braced  wing  frame, 
once  the  torsional  stiffnesses  have  been  calculated  for 
each  bay  by  formula  (T-3)  (appendix  A). 

The  dimensions  and  properties  of  the  wing  frame 
and  the  test  results  are  given  in  references  10  and  11; 
for  the  shear  modulus,  (7=135,000  pounds  per  square 
inch  was  used  (appendix  B).  The  results  of  the  cal¬ 
culations  are  shown  in  figures  16  and  17.  The  agree¬ 
ment  between  calculated  and  experimental  twist  is 
excellent. 


The  only  test  on  a  metal  wing  with  parallel  spars 
that  has  come  to  the  attention  of  the  writer  is  de¬ 
scribed  in  reference  12.  The  information  given  in  the 
report  is  meager  and  contains  some  obvious  errors. 
The  conclusion  may,  however,  be  drawn  that  the 
calculated  stiffness  value  is  conservative. 


WING  FRAMES  WITH  NONPARALLEL  SPARS 

FRIEDRICHS- VON  KARMEN  EQUATIONS  FOR  NONPARALLEL  SPARS 

Friedrichs  and  von  Karin  an  indica  te  in  their  paper 
(reference  2)  the  possibility  of  deriving  equations  for 
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Figure  17. —  Bending  moments  in  C-2A  Transport  wing. 
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wing  frames  with  nonparallel  spars.  The  writer  has 
made  this  derivation  for  the  case  of  two  spars  having 
the  same  inclination  with  the  transverse  axis,  but  has 
found  that  the  coefficients  corresponding  to  p,  q,  r,  s, 
and  t  (FK-13),  contain  so  many  terms  that  they  are 
of  no  practical  use.  This  unfortunate  fact  arises  from 
two  circumstances:  First,  both  the  bending  moments 
and  the  torsional  moments  always  have  two  compo¬ 
nents,  since  the  coordinate  system  is  not  rectangular; 
second,  cross  products  of  bending  stiffnesses  and  tor¬ 
sional  stiffnesses  arise,  in  a  manner  similar  to  the  case 
of  a  beam  with  bending  moments  not  in  a  principal 
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plane,  where  product-of-inertia  terms  arise  in  addition 
to  moment-of-inertia  terms.  In  view  of  the  large 
range  of  proportions  possible,  it  did  not  seem  possible 
to  derive  any  generally  useful  approximations  of  these 
equations  for  nonparallel  spars,  and  it  was  necessary 
to  resort  to  other  methods  of  analysis. 


APPROXIMATE  METHODS  OF  CALCULATIONS 

Good  approximations  for  wings  with  small  inclina¬ 
tion  of  the  spars  may  be  obtained  by  assuming  a  con¬ 
stant  spar  spacing  equal  to  the  average  spacing  and 
using  the  Friedrichs-von  Karman  equations.  The 
actual  spar  spacing  at  any  station  is  used,  however, 
to  compute  the  torsional  stiffness  at  that  station  if 
the  spar  webs  form  two  sides  of  the  torsion  box.  This 
method  was  used  by  Friedrichs  and  von  Karman 
(reference  2)  for  calculating  a  duralumin  test  wing 
with  a  taper  between  spars  of  1:2.  The  calculated 
angle  of  twist  checks  within  about  5  percent,  although 
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Figure  18. — Relief  moments  in  XII B-3  wing  frame  calculated  by  three  methods. 


there  is  a  discrepancy  in  the  total  deflections  that 
indicates  bending  of  the  wing  in  addition  to  the  twist¬ 
ing,  in  spite  of  the  fact  that  the  load  applied  was  pre¬ 
sumably  a  pure  torque. 

Another  means  of  analyzing  wing  frames  with  non- 
parallel  spars  would  be  to  use  conventional  methods, 
but  to  reduce  the  labor  of  computation  by  assuming 
that  only  two  ribs  are  working;  namely,  the  rib  at  the 
tip  and  a  rib  at  one-third  of  the  semispan  from  the  tip, 
as  previously  explained. 

In  order  to  gain  some  idea  of  the  relative  results 
obtained  with  these  different  methods,  they  were 
applied  to  the  wing  frame  described  in  reference  13. 
This  frame,  designated  “XHB-3”,  had  a  semispan  of 
2G2  inches,  and  was  sharply  tapered  in  plan  form  and 
thickness.  The  spars  were  truss-type,  of  steel  tubing, 
and  the  drag  bracing  consisted  of  wires  that  decreased 
in  size  from  root  to  tip. 

Figure  18  shows  the  relief  moments  for  a  load  factor 
of  0.5  and  the  load  distribution  as  used  in  the  tests  cal¬ 
culated  by  (1)  the  Friedrichs-von  Karman  formulas, 


assuming  constant  spar  spacing;  (2)  conventions 
methods,  assuming  all  ribs  working;  and  (3)  conven- 
tional  methods,  assuming  ribs  0  and  2  acting.  Usin. 
method  (2)  as  a  basis  of  comparison,  it  will  be  see: 
that  in  this  case  method  (3)  gives  a  very  close  approxi 
mation  for  the  bending  moments  in  the  spars.  How 
ever,  method  (3)  gives  an  incomplete  picture  of  tht 
shears  in  the  spars  and  of  the  forces  in  the  ribs;  fur¬ 
thermore,  it  seems  reasonable  to  assume  on  genera 
principles  that  the  probability  of  obtaining  gooe 
approximations  will  usually  be  somewhat  higher  whet 
method  (1)  is  used  than  when  method  (3)  is  used 
Method  (1)  is  conservative  compared  with  method  (2 
as  shown  on  figure  18,  anti  some  comparative  calcula¬ 
tions  on  wings  with  constant-section  spars  indicate 
that- it  is  always  conservative  in  the  practical  range oi 
stiffness  ratios. 

Figure  19  shows  the  comparison  of  external  and  in¬ 
ternal  bending  moments  for  the  X1IB  3  wing,  baser 


Figure  19.— Bending  moments  in  XII B-3  wing  frame. 

on  the  Friedrichs-von  Karman  results.  By  an  inte¬ 
gration  of  the  resulting  M/EI  curve,  the  tip  deflections 
were  calculated  for  the  unit  torque  acting  on  the  wing 
and  the  results  used  in  combination  with  the  calcu¬ 
lated  deflections  for  unit  bending  load  to  obtain  the 
bending  deflections  at  the  tip  in  low'  and  in  high 
incidence. 

In  order  to  make  a  comparison  with  the  experimen¬ 
tal  results  it  was  necessary  to  consider  the  influence  oi 
the  center  section,  since  in  these  tests  the  fittings  hold¬ 
ing  the  spars  at  the  root  were  not  held  by  a  rigid  struc¬ 
ture  but  were  attached  to  the  spars  of  a  quite  flexible 
center  section  corresponding  to  the  actual  condition  in 
the  airplane.  It  is  obvious  that  the  flexibility  of  the 
center-section  spars  will  increase  the  bending  deflection- 
of  the  wing  spars  and,  consequently,  the  amount  oi 
relief  action.  Some  simple  calculations  for  the  caseoi 
only  a  tip  rib  acting  show'ed  that  the  relief  momenta' 
the  root  may  be  increased  by  about  33  percent  for  a 
wing  with  a  torsional  stiffness  corresponding  to  that 
of  the  XIIB-3  wing  and  a  center  section  of  propor- 
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tional  length.  The  advantage  over  the  wing  built  in 
at  the  root  decreases  quite  rapidly,  however,  with 
increase  of  torsional  stiffness  and  decrease  of  length  of 
center  section,  so  that  it  should  be  neglected  entirely 
for  ordinary  design  calculations. 

The  foregoing  remarks  should  not  be  construed  to 
mean  that  a  flexible  center  section  is  desirable.  The 
criterion  for  a  good  design  is  stiffness,  not  a  large  relief 
coefficient. 

In  the  XHB-3  tests  at  high  and  low  incidences,  the 
direct  bending  deflections  were  always  considerably 
larger  than  the  bending  deflections  due  to  torque. 
Consequently,  it  was  assumed  as  a  first  approximation 
that  the  relief  action  was  not  affected  by  the  flexibility 
of  the  center  section;  however,  the  calculated  deflec¬ 
tions  were  compared  not  with  the  directly  measured 
deflections  but  with  the  deflections  measured  from  the 
tangent  to  the  elastic  curves  of  the  spars  at  the  hinge 
fittings.  The  direction  of  this  tangent  was  calculated 
by  assuming  that  the  elastic  curve  was  a  circular  arc 
over  the  center  section,  and  the  radius  was  calculated 
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Figure  20.— Torque  and  bending  moments  in  Driggs-Dart  wing. 

from  the  known  deflections  at  the  center  line  and  at  the 
hinge  fittings.  This  method  gave  very  consistent 
results  for  all  tests  and  was  therefore  considered  as 
satisfactory.  The  comparison  between  the  results  of 
this  first  approximation  and  the  experimental  results 
showed  that  the  calculated  deflections  were  8  percent 
too  high  for  both  high  and  low  incidences  and  both 
front  and  rear  spars.  In  the  second  approximation — - 
introducing  a  correction  factor  into  the  relieving  effect 
— the  differences  for  low  incidence  were  reduced  to  7 
percent  and  5  percent.  The  interaction  being  entirely 
neglected,  the  differences  were  increased  to  10  percent 
low  and  21  percent  high  for  front  and  rear  spars, 
respectively. 

EXAMPLES  OF  STRESSED-SKIN  WINGS 
WITH  NONPARALLEL  SPARS 

An  instructive  example  of  high  torsional  stiffness 
is  given  by  the  Driggs-Dart  wing  (reference  14)  which 
is  a  high-aspect-ratio  wing  for  a  very  small  single- 


seater  airplane.  It  is  covered  with  plywood  of,  the 
same  thickness  as  that  used  in  the  outboard  half  of  the 
Atlantic  C-2A  Transport  wing  and  has  therefore  a 
very  high  torsional  stiffness  and  a  very  great  amount 
of  relief  action.  Figure  20  shows  that  the  torque  is 
carried  almost  entirely  bv  the  torsion  tube,  except 
near  the  root,  and  that  the  bending  moment  left  in  the 
spars  is  negligible  except  for  a  small  amount  at  the 
root.  Figure  21  shows  the  experimental  and  the 
calculated  twist.  The  calculated  twist  was  too  large, 
which  may  be  due  partly  to  a  higher  shear  modulus, 
partly  to  excess  thickness  of  the  plywood,  and  partly 
to  neglecting  the  spars  in  the  calculation  of  the  pure 
torsional  stiffness.  Since  the  materials  specifications 
permit  20  percent  excess  thickness,  the  calculated 
values  of  the  twist  were  reduced  by  20  percent  and  the 
resulting  curve  shows  good  agreement. 
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Figure  21.— Twist  of  Driggs-Dart  wing. 
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Root 


A  very  interesting  test  on  a  plywood-covered  wing 
is  described  in  reference  15.  The  wing  was  tested 
under  a  distributed  torque  corresponding  to  the  actual 
torque  in  a  terminal-velocity  dive.  The  bending 
moments  along  the  span  were  measured  at  17  stations 
by  means  of  strain  gages,  and  the  torque  J\  carried 
by  the  spars  was  computed  from  these  moments.  Sub¬ 
tracting  To  from  the  known  external  torque  Te  gave 
the  torque  7\  taken  up  by  the  torsion  tube.  Figure 
22  shows  the  variation  of  Te,  7\,  and  7’2  along  the  span, 
as  well  as  the  experimentally  obtained  bending  mo¬ 
ments  M  and  the  bending  moments  Me  which  would 
exist  without  interaction. 

It  will  be  noted  that  for  practical  purposes  the  en¬ 
tire  torque  is  carried  by  the  torsion  tube  (skin)  in  the 
outer  two-thirds  of  the  semispan;  farther  inboard,  the 
percentage  of  the  total  torque  carried  by  the  skin  de¬ 
creases  rapidly.  The  curve  of  bending  moments  M 
is  qualitatively  similar  to  that  calculated  for  the  At¬ 
lantic  C-2A  wing  shown  in  figure  17.  Both  curves 
show  that,  in  the  outboard  portion  of  the  wing,  the 
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sign  of  the  bending  moment  is  opposite  to  that  which  , 
would  exist  if  the  spars  carried  all  the  torque  by  bend¬ 
ing.  Quantitatively,  however,  the  experimental  bend¬ 
ing-moment  curve  of  figure  22  shows  a  much  faster  rise  i 
toward  the  root  than  does  the  calculated  curve  of 
figure  17.  Unfortunately,  it  was  not  possible  to  calcu¬ 
late  the  relief  moments  because  the  bending  properties 
of  the  spars  were  not  given. 

CONCLUDING  REMARKS 


A  general  idea  of  the  theoretical  magnitude  of  the 
relief  action  may  be  obtained  from  figure  23.  This  is 
a  plot  of  the  relief  coefficient  CR  =  mJMe  at  the  root 


against  the  “ interaction 


coefficient” 


fi  Bq  L "  „ 

c‘=a;  ¥ for 


wing  frames  with  constant-section  spars.  The  relief 
coefficients  were  computed  for  three  different  types  of 


Figure  22.— Torque  and  bending  moments  (experimental)  in  plywood  covered 

wing. 


loading:  namely,  load  concentrated  at  tip,  load  uni¬ 
formly  distributed  along  the  span,  and  load  tapered  in 
the  ratio  of  2:1.  Each  type  of  loading  was  calculated 
for  two  types  of  interconnection  between  spars,  a  tip 
rib  only,  and  an  infinite  number  of  ribs.  It  will  be 
seen  that  the  curves  for  the  most  important  cases — 
uniform  and  tapered  loads  on  wings  with  many  ribs — 
lie  very  closely  together,  and  that  the  relief  action 
increases  only  very  slowly  for  (A  >30,  which  is  the 
stressed-skin  range. 

The  calculated  relief  coefficients  for  the  Driggs- 
Dart  and  the  C-2A  wings  are  also  plotted  on  the  figure, 
using  the  average  value  of  BJA0  along  the  span  for 
computing  the  interaction  coefficient.  The  points 
fall  fairly  close  to  the  corresponding  curves,  although 
in  both  of  these  wings  the  bending  stiffness  as  well  as 
the  torsional  stiffness  decreases  rapidly  as  the  tip  is 
approached  and  the  ratio  B0/A0  varies  irregularly 


along  the  span.  This  result  suggests  that  for  stressed 
skin  wings  a  good  estimate  of  the  theoretical  relit 
action  might  be  obtained  without  any  calciilatioi 
beyond  that  of  the  torsional  and  bending  stiffnesse 
for  a  few  stations. 

Wings  that  owe  their  pure  torsional  stiffness  t 
double  drag-wire  bracing  or  to  the  individual  torsion: 
stiffnesses  of  the  spars,  have,  as  a  rule,  Ct<^ 20.  Ii 
this  range,  reliable  estimates  of  interaction  on  taperei 
wings  cannot  be  obtained  from  figure  23,  as  the  poin 
for  the  XHB-3  frame  indicates. 

When  the  twist  or,  more  important,  the  stresse 
under  high  loads  are  being  calculated  an  extreme! 
important  fact  must  be  borne  in  mind.  The  ordinal' 
formulas  for  calculating  bending  and  torsional  stiff 
nesses  only  yield  the  so-called  “initial  stiffness 
valid  for  small  loads.  Compact  sections  retain  thei 
initial  stiffness  until  the  stresses  approach  the  limi 


Figure  23. — Relief  coefficient  for  wings  with  constant-section  spars. 


of  proportionality,  but  the  tliin-walled  sections  noi 
in  common  use  suffer  from  an  increasing  loss  t 
efficiency  as  the  load  increases,  owing  to  the  fact  tin 
parts  of  the  structure  buckle  and  no  longer  carry  the 
share  of  the  load.  Since  the  rate  of  loss  of  efficient 
with  load  will,  in  general,  not  be  the  same  for  ft 
torsional  stiffness  as  for  the  bending  stiffness,  the  rat 
B0/A0  will  change  with  increase  of  load  and,  const 
quently,  the  amount  of  relief  action  will  change. 

In  2-spar  wings  covered  with  flat  sheet  the  spai 
will  quite  often  be  of  such  a  shape  that  they  lose  tht 
bending  stiffness  at  a  slow  rate,  but  the  thin-walle 
torsion  tube  formed  by  the  wing  covering  will  lose  ii 
torsional  stiffness  rapidly,  with  a  resulting  decree 
of  interaction  effect.  The  test  results  given  in  figm 
22  may  be  cited  as  an  example.  The  experiment 
value  of  the  relief  coefficient  was  somewhat  less  tha 
60  percent;  it  should  be  at  least  70  percent,  assumia 
(7i=30,  which  is  about  the  minimum  probable  vain- 

If  the  stiffness  of  a  structural  member  is  a  functio 
of  the  load  applied,  the  methods  of  analysis  develop! 
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in  this  paper,  are,  strictly  speaking,  inapplicable.  ' 
However,  if  the  load-deformation  diagram  of  the 
member  is  known,  a  substitute  member  of  constant 
stiffness  may  be  defined  by  the  condition  that  both  the 
original  and  the  substitute  member  must  store  the 
same  amount  of  strain  energy  when  a  load  is  applied 
which  increases  from  zero  to  the  design  load.  A 
simple  empirical  method  for  estimating  the  torsional 
stiffness  of  thin  shells  under  large  torque  loads  has 
been  published  (reference  17). 

Finally,  the  influence  of  torsionally  stiff  ribs  might 
be  touched  upon.  Throughout  the  present  paper  it 
was  assumed  that  the  ribs  have  no  torsional  stiffness. 
Under  this  assumption,  a  wing  frame  with  constant- 
section  spars  connected  by  a  tip  rib  rigid  in  bending 
will  have  a  maximum  relief  coefficient  of  0.75  when 
subjected  to  a  uniformly  distributed  torque;  the  spar 
corresponds  then  to  a  cantilever  beam  supported  at 
the  free  end.  If  the  tip  rib  is  now  made  rigid  also  in 
torsion,  the  relief  coefficient  increases  to  0.83,  the  spar 
acting  as  a  beam  built  in  on  both  ends.  The  additional  i 


relief  amounts  to  0.08,  or  11  percent  of  the  original 
relief.  Actually,  only  about  half  of  this  amount  can 
be  realized  because  the  torsional  stiffness  of  the  rib  is 
finite;  the  assumption  of  infinite  stiffness  in  torsion  is 
not  generally  permissible,  unlike  the  case  of  bending 
stiffness. 

With  torsionally  stiff  spars,  then,  the  additional 
relief  due  to  ribs  being  stiff  in  torsion  besides  being 
still  in  bending  is  too  small  to  justify  the  complication 
of  the  analysis.  With  spars  weak  in  torsion,  however, 
the  relief  due  to  ribs  stiff  in  bending  is  small  and  the 
relief  due  to  ribs  stiff  in  torsion  becomes  relatively 
more  important.  The  effect  of  torsionally  stiff  ribs 
on  the  twist  of  the  wing  frame  is  discussed  in  refer¬ 
ence  18  for  the  case  of  spars  with  constant  section. 
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APPENDIX  A 


FORMULAS  FOR  TORSIONAL  STIFFNESS 

For  a  rod  of  uniform  cross  section,  built  in  at  one 
end  and  twisted  by  a  concentrated  torque  at  the  free 
end,  the  fundamental  equation  of  torsion  is 

,tl 

6~gj 

Where  6,  angle  of  twist  at  free  end,  radians. 

T,  torque. 

L,  length. 

(1,  modulus  of  shear. 

J,  the  torsion  constant,  a  factor  corresponding 
to  the  moment  of  inertia  in  the  theory  of 
bending.  Analogous  to  the  bending  stiff¬ 
ness  El,  the  product  GJ  is  termed  the 
u  torsional  stiffness.”  Formulas  for  cal¬ 
culating  the  torsion  constant  for  various 
sections  are  given  below. 


J2=J  of  web  =  ; ,b2c23  (see  reference  16). 

O 


D,  diameter  of  circle  inscribed  at  juncture. 
a,  constant  from  reference  16.  The  value  o 
a  varies  between  0  and  0.3  for  usual  pro 
portions.  If  the  radius  of  the  fillet  is  zero 
a  varies  from  0  for  c2=0  to  a=0.15  foi 

C2  =  Cx. 


THIN-WALLED  TUBE 

(Fig.  24c) 


where  A,  area  enclosed  by  median  line. 

d.s,  differential  element  of  perimeter. 
t,  wall  thickness  of  d-s. 


(T-3 


CIRCULAR  TUBE 

J=IP 

where  Ip  is  the  polar  moment  of  inertia. 

RECTANGLE 

(Fig.  24a) 


J=\ ,  k3f  1  —  0.630^  +  0.052 (jJ 


The  integral  is  taken  around  the  whole  perimeter. 
The  shearing  stress  at  any  point  is 


T 
2  At 


The  shearing  force  per  inch  of  perimeter  is 


(T-l) 


T_ 
2  A 


I-BEAM 

(Fig.  24b) 


J=2J,  +  J2+2«Z>4  (T-2) 

where  Jj=Jof  flange =^x6iCj3^l  —0.630^  +  0.052^^  ^ 


WOODEN  BOX  BEAM 

(Fig.  24d) 

The  torsional  stiffness  is  the  sum  of  the  torsions 
stiffness  of  the  beam  considered  as  a  thin-walled  till1 
(using  the  median  line  as  perimeter)  and  of  the  individ¬ 
ual  stiffnesses  of  the  flanges.  (See  reference  15.) 
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GJ=  GpJ0+2GfJf  (T-4) 

wliere  Gp,  shearing  modulus  of  plywood. 

Gf,  shearing  modulus  of  solid  wood  in  flange. 

Jp,  J  of  flange  (by  formula  (T-l)). 

When  computing  J0,  the  thickness  tF  must  be  replaced 
by  an  effective  thickness,  which  is  expressed  by 

t/=tFXjf 

Wp 

METAL  BOX  BEAM 

In  this  case  formula  (T-3)  is  used,  but  if  the  web  has 
lightening  holes,  a  reduced  effective  thickness  must  be 
used.  11  the  holes  are  cut  so  that  the  remaining  web 
forms  a  truss,  the  calculation  is  similar  to  that  given  for 
wire  drag  bracing  in  the  main  text.  If  the  lightening 
holes  are  of  any  other  shape,  tests  must  be  made,  since 
no  rules  are  at  present  available.  The  reduction  in 
thickness  is  not  proportional  to  the  reduction  in  web 
area,  but  is  much  higher.  Reducing  the  web  area  50 
percent  by  means  of  round  lightening  holes  reduced  the 
effective  thickness  to  7  percent  of  the  actual  value  in 
one  case. 

WING  SECTION  WITH  STRESSED  SKIN 

(Fig.  24e) 

GJ—  670J0  T  (GJ)F- f-  (GJ)R 

where  670,  shearing  modulus  of  cover  material. 

Jo,  J  of  whole  wing  section. 

( GJ)f ,  torsional  stiffness  of  front  spar. 

( GJ)r ,  torsional  stiffness  of  rear  spar. 

The  two  spar  stiffnesses  are  usually  very  small  com¬ 
pared  with  Go  Jo .  For  the  computation  of  J0  it  is  useful 
to  remember  that 

A=kXhXc 


£’=1.3X10®  lb./sq.  in. 

67=84,000  lb./sq.  in.  for  solid  spruce 
67=420,000  lb./sq.  in.  for  45°  plywood 


Type  of  beam 

A  =  E1  lb.  in. 2 

11=  GJ 
lb. in. 2 

A/B=  KljGJ 

I-beam^  __  _  _ 

75,  700,  000  | 

105,000 

720.0 

Solid  beam  _  _ 

73,  300,  000 

465,  000 

158.0 

Box  beam  _ 

71,000,000 

2,  876,  OIK) 

24.  7 

CALCULATION  OF  B 

Rectangular  spar  (formula  (T-l)) 

J=  |  X 1 .3233  XS("  1  —  0 .63  .54  in  .4 

J5=67J=465,000  lb. in. 2 


Figure  25. 

Routed  spar  (formula  (T-2)) 

J=2X*X2Xl3(l-0.63X*)  +  *X6x(j>) 

+2X0.035X1.064=1.251  in.4 
n=GJ=  105,000  lb. in. 2 

Box  spar  (formula  (T-4)) 

.1  =  7X2.125=  14.875  sq.in. 


where  k  usually  lies  between  0.65  and  0.71 . 

The  formula  given  for  GJ  neglects  the  fact  that  the 
spars  act  also  as  inner  walls  of  the  torsion  tube.  This 
effect  can  be  taken  into  account  by  deriving  a  more 
accurate  formula  with  the  help  of  the  membrane 
analogv  or  the  hvdrodvnamic  analogv  for  torsion. 
The  result  by  the  simple  formula  given  above  is 
usually  not  more  than  5  percent  in  error  and  is 
conservative. 

NUMERICAL  EXAMPLES  OF  THREE  TYPES  OF  BEAMS 

(Fig.  25) 

Material:  Spruce 

Webs  of  ,ox  beam:  2-ply,  45°  spruce 


For  calculating  Jp,  the  effective  thickness  of  the  flanges 
is 


therefore 


84,000 

420,000 


0.200 


Jo 


4X14.875 2 
14  442 

0.125  0.200 


6.65  in.4 


2 J1=2 X \X2 X l3  (  1-0.63 X ^=0.913  in ,4 

GPJ0= 420 ,000  X  6 .65  =  2 ,800 ,000 
2  GfJf=  84 ,000  X  0 .9 1 3  =  76 ,000 

6?J=  Gd  Jo  +  2  GfJf=  2 ,876 ,000  1  b  .in  .2 


APPENDIX  B 


MODULI  OF  ELASTICITY 


Material 

Young’s  modulus  1 

Shearing  modulus 
G 

Refer¬ 

ence 

Ec  (design) 

Et  (true) 

I  )uralumin  _ 

10X106 

4X  10s 

Spruce,  solid.  ... 

1.3X106 

1.413X106 

84  X  10:i 

F.P.L. 

tests. 

Plywood 

Parallel- 

45° 

per  pen- 

dicular 

1 

Spruce 

1.  3X 106 

1.  413X106 

420,  000 

Do. 

Poplar.  _ 

1.  3X10« 

1.  413X106 

335,  000 

99,  000 

Do. 

Birch _ 

1.  78X106 

1. 935  X 10° 

483, 000 

135,  000 

(2) 

Birch  s  _ 

1.  535X106 

640, 000 

142,  000 

Refer- 

1 _ 

ence 

15. 

1  The  values  for  Ec  and  Et  are  Forest  Products  Laboratory  values  and  have  been 
published  in  several  handbooks. 

2  From  values  for  poplar,  assuming  proportionality  to  Young’s  moduli  E. 

3  From  a  very  extensive  series  of  tests  on  spars  and  wings  at  the  D.  V.L.  (Germany) . 
The  birch  is  evidently  not  quite  the  same  as  American  birch. 


As  a  general  rule,  the  Forest  Products  Laboratory 


recommends  45°  plywood: 


Ec 

4.5' 


Parallel-per¬ 


pendicular  plywood: 


r=Er= 
G  16 


Ec 

14.5 


Values  resulting 


from  the  application  of  this  rule  are  low  compared 
with  the  values  given  in  the  table.  The  tabulated 
values  were  used  in  the  present  paper  as  representing 
the  most  probable  values  for  the  purpose  of  checking 
tests  by  theory. 


LIST  OF  IMPORTANT  SYMBOLS 


E,  modulus  of  elasticity. 

G,  modulus  of  shear. 

I,  moment  of  inertia. 

J,  torsion  constant. 

A— El,  bending  stiffness  of  a  member. 

B—GJ,  torsional  stiffness  of  a  member. 

A0,  see  equation  (2)  of  text. 

B0,  see  equation  (5)  of  text. 
b,  distance  between  spars. 

L,  length  of  spar. 

l,  length  of  bay  between  ribs. 

S,  shear. 

Me,  bending  moment  due  to  external  loads  (equal  to 
the  bending  moment  that  would  exist  in  spars  if 
ribs  were  cut). 

m,  relief  bending  moments  in  a  spar  due  to  ribs  trans¬ 
ferring  loads  from  other  spar. 


M,  final  bending  moment  in  spar. 
rL\,  part  of  total  torque  carried  by  torsional  shearing 
stresses  in  torsion  tube. 

T2,  part  of  total  torque  carried  by  bending  of  spars. 

REFERENCES 

1.  Ballenstedt,  L.:  Influence  of  Ribs  on  Strength  of  Spars, 

T.N.  No.  139,  N.A.C.A.,  1923. 

The  numerical  solution  of  a  representative  case  with 
uniform-section  spars. 

2.  Friedrichs,  K.,  and  von  Karman,  Th.:  Zur  Berechnung 

freitragender  Fluegel.  Abhandlungen  aus  dem  Aero- 
dynamischen  Institut  *  der  Technischen  Hochschule 
Aachen.  Heft  9  (1930). 

The  derivation  of  the  Friedrichs-von  Ivdrman  equation, 
The  second  test  of  reference  8  is  briefly  referred  to. 

3.  Fradiss,  Jean,  and  Thieblot,  Armand:  Analysis  of  the  Wing 

and  Other  Indeterminate  Structures.  Aviation,  July  20, 
1929,  pp.  195-202,  and  Sept.  21,  1929,  pp.  644-645. 

4.  Kartveli,  Alexander,  and  Chagniard,  Edmund:  Analysis  of 

Torsional  Stresses  in  Airplane  Wings.  Aviation  Engi¬ 
neering,  June  1929,  pp.  7-14. 

5.  Thalau,  K.:  Computation  of  Cantilever  Airplane  Wings. 

T.M.  No.  325,  N.A.C.A.,  1925;  Calculation  of  Combining 
Effects  in  the  Structure  of  Airplane  Wings.  T.M.  No. 
366,  N.A.C.A.,  1926;  fiber  die  Verbundwirkung  von 
Rippen  im  freitragenden,  zweiholmigen,  und  verspann- 
ungslosen  Flugzengflugel.  Z.F.M.,  Oct.  28,  1925,  pp. 
415-444. 

Formulas  for  various  cases  with  tip  rib  only.  Series 
of  calculations,  varying  number  and  position  of  ribs. 

6.  Gabrielli,  Giuseppe:  Torsional  Rigidity  of  Cantilever  Wings 

with  Constant  Spar  and  Rib  Sections.  T.M.  No.  520, 
N.A.C.A.,  1929. 

Solution  by  integration  of  differential  equation  for 
wing  with  infinitely  many  ribs. 

7.  Luczynski,  Z.:  Etudes  Experimentales  sur  la  Cooperation 

des  Longerons  dans  les  Ailes  en  Porte  5,  Faux.  Bull. 
No.  8,  Institute  des  Recherches  de  L’Aeronautique, 
Warsaw,  Poland,  1932,  pp.  83-129. 

Measurements  of  deflection  curves  and  strains  in  spars 
of  simple  wing  frames. 

8.  von  Fdkla,  Stefan:  Biegungs-  und  Torsions-steifigkeit  des 

freitragenden  Flu  gels.  Luftfahrtforschung  4.  Band, 
Heft  1,  June  5,  1929,  pp.  30-40. 

Measurements  of  deflection  curves  of  model  wooden 
wing  frame  and  full-size  duralumin-wing  frame. 

9.  Bailey,  N.  R.:  Progress  Report  on  the  Study  of  Torsion  on 

Wing  Framework.  A.C.I.C.  No.  584,  Materiel  Division, 
Army  Air  Corps,  1927. 

Deflection  measurements  on  tubular  truss  wing  frame, 
Discussion  of  least-work  analysis  and  approximate 
methods  of  analysis. 

10.  Spere,  Charles  J.:  Determination  of  the  Elastic  Axis  and 
Natural  Periods  of  Vibration  of  the  Atlantic  C-2A 
Monoplane  Wing.  A.C.I.C.  No.  645,  Materiel  Division, 
Army  Air  Corps,  1930. 


66 


2-SPAR  CANTILEVER  WINGS  WITH  REFERENCE  TO  TORSION  AND  LOAD  TRANSFERENCE 


t>7 


11.  Carpenter,  Stanley  R.:  The  Calculation  of  the  Natural 

Frequency  of  a  Cantilever  Monoplane  Wing.  A.C.l.C 
No.  649,  Materiel  Division,  Army  Air  Corps,  1930. 

12.  Pegna,  G.,  and  Gabriel! i,  G.:  Esperienze  sul  contributo  della 

coppertura  sulla  rigidezza  a  torsione  delle  ali.  L’Aero- 
tecnica,  November  1928,  pp.  885-895. 

Experimental  results  on  torsion  test  of  stressed-skin 
wing  and  component  parts. 

13.  Weaver,  Edgar  R.:  Static  Test  of  the  XIIB-3  Experimental 

Two-Spar  Wing  Structure  Built  by  the  Keystone  Air¬ 
craft  Corporation.  A.C.l.C.  No.  616,  Materiel  Division, 
Army  Air  Corps,  1928. 

14.  Brown,  C.  G.:  Static  Test  of  Materiel  Division  27-Foot 

Metal  Cantilever  Wing  and  Driggs  Dart  27-Foot  Wood 
Cantilever  Wings.  Technical  Report  3415,  Materiel 
Division,  Army  Air  Corps,  1931. 


15.  Hertel,  Heinrich:  Die  Verdrelisteifigkeit  und  Verdreh- 

festigkeit  von  Flugzeugbauteilen.  D.V.L.  Yearbook, 
1931,  pp.  165-220. 

Very  extensive  series  of  tests  on  torsional  stiffness  and 
strength  of  wooden  box  beams  and  wings,  single  spar  and 
2-spar,  wood  and  metal. 

16.  Trayer,  George  W.,  and  March,  II.  W.:  The  Torsion  of 

Members  Having  Sections  Common  in  Aircraft  Con¬ 
struction.  T.R.  No.  334,  N.A.C.A.,  1930. 

17.  Kuhn,  Paul:  The  Torsional  Stiffness  of  Thin  Duralumin 

Shells  Subjected  to  Large  Torques.  T.N.  No.  500, 
N.A.C.A.,  1934. 

18.  Cox,  H.  Roxbee,  and  Williams,  D.:  Effect  of  Stiff  Ribs  on 

Torsional  Stiffness  of  Wings.  R.  &  M.  No.  1536, 
British  A.R.C.,  1933. 


REPORT  No.  509 


GENERAL  EQUATIONS  FOR  THE  STRESS  ANALYSIS  OF  RINGS 

By  EUGENE  E.  LUNDQUIST  and  WALTER  F.  BURKE 


SUMMARY 

In  this  report  it  is  shown  that  the  shear,  axial  j or ce, 
and  moment  at  one  point  in  a  simple  ring  subjected  to 
any  loading  condition  can  be  given  by  three  independent 
equations  involving  certain  integrals  that  must  be  eval¬ 
uated  regardless  of  the  method  of  analysis  used.  It  is 
also  shown  how  symmetry  of  the  ring  alone  or  of  the  ring 
and  the  loading  about  1  or  2  axes  makes  it  possible  to 
simplify  the  three  equations  and  greatly  to  reduce  the 
number  of  integrals  that  must  be  evaluated. 

Application  of  the  general  equations  presented  in  this 
report  to  practical  problems  in  the  stress  analysis  of  rings 
makes  it  possible  to  shorten,  simplify,  and  systematize 
the  calculations  for  both  simple  and  braced  rings.  Three 
illustrative  problems  are  included  to  demonstrate  the 
application  of  the  general  equations  to  a  simple  ring 
with  different  loadings. 

INTRODUCTION 

During  the  past  three  years  several  papers  on  the 
stress  analysis  of  rings  for  monocoqne  fuselages  have 
appeared  in  American  aeronautical  literature  (refer¬ 
ences  1  to  4).  In  these  references  consideration  has 
been  given  to  the  special  case  of  either  a  circular  or 
an  elliptic  ring  of  constant  cross  section.  Using  the 
method  of  least  work,  the  authors  have  derived  for¬ 
mulas  and  charts  that  give  the  shear,  axial  force,  and 
moment  at  one  or  more  points  in  the  ring  for  a  number 
of  simple  loading  conditions  into  which  the  majority 
of  complicated  loading  conditions  on  the  main  rings 
of  a  monocoque  fuselage  may  be  resolved.  As  the 
greater  number  of  monocoque  fuselages  actually  con¬ 
structed  are  probably  not  mathematically  circular  or 
elliptic  in  shape  with  rings  of  constant  cross  section, 
the  equations  and  charts  for  shear,  axial  force,  and 
moment  given  in  the  above-mentioned  references  are 
not  general'  j  applicable. 

In  the  present  report,  prepared  in  cooperation  with 
the  Bureau  of  Aeronautics,  Navy  Department,  equa¬ 
tions  applicable  to  the  general  case  are  developed.  In 
the  presentation  of  the  general  solution  no  considera¬ 
tion  is  given  to  the  many  short  cuts  that  can  often  be 
made  by  a  judicious  choice  of  a  method  of  analysis. 


Such  considerations  would  only  be  digressions  from 
the  general  case  and  would  result  in  a  discussion  of 
applications  to  special  cases. 

Three  problems  are  given  in  the  appendix  to  demon¬ 
strate  the  simplicity  and  ease  with  which  the  general 
solution  can  be  applied  to  the  stress  analysis  of  a 
particular  ring. 

SYMBOLS 


Throughout  the  present  report,  the  following  sym¬ 
bols  are  used: 

M0,  bending  moment  at  any  point  in  the 
determinate  structure. 

M,  bending  moment  at  any  point  in  the 
complete  structure. 

Xmj,  bending  moment  at  the  jth  cut. 

Xpj,  axial  force  at  the  jth  cut. 

Xvj,  shearing  force  at  the  jth  cut. 

Mmj,  bending  moment  at  any  point  due  to  a 
unit  bending  moment  at  the  j th  cut. 

MPj,  bending  moment  at  any  point  due  to  a 
unit  axial  force  at  the  jth  cut. 

■Mrj,  bending  moment  at  any  point  due  to  a 
unit  shearing  force  at  the  jth  cut. 

P o,  axial  force  at  any  point  in  the  determinate 
structure. 

P,  axial  force  at  any  point  in  the  complete 
structure. 


dM 

dXmj 

dM 
dX 


pj 


dXvj 


AP___p 

dXmj 


dP 

dXPf 

dP 

dXvj 


P 


pji 


P 


vjl 


dV 

dX 


vi  j 


dV 


dX 


pj 


axial  force  at  any  point  due  to  a  unit 
bending  moment  at  the  jth  cut. 

axial  force  at  any  point  due  to  a  unit 
axial  force  at  the  jth  cut. 

axial  force  at  any  point  due  to  a  unit 
shearing  force  at  the  jth  cut. 

V0,  shearing  force  at  any  point  in  the  de¬ 
terminate  structure. 

V,  shearing  force  at  any  point  in  the  com¬ 
plete  structure. 

Vmj,  shearing  force  at  any  point  due  to  a  unit 
bending  moment  at  the  jth  cut. 

VPj,  shearing  force  at  any  point  due  to  a  unit 
axial  force  at  the  jth  cut. 
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shearing  force  at  any  point  due  to  a  unit 

shearing  force  at  the  jth  cut. 

U,  total  strain  energy. 

ds,  element  of  length  along  the  neutral  axis 
of  member. 

E,  tension-compression  modulus  of  elasticity. 

G,  shear  modulus  of  elasticity. 

k,  factor  depending  upon  the  shape  of  the 
cross  section. 

R,  radius  of  curvature  of  axis  through  the 
centroid  of  the  cross  section  of  a 
curved  member. 

e,  distance  between  the  centroid  and  the 
neutral  axis  of  the  cross  section  of  any 
curved  member. 

A,  cross-sectional  area  of  member. 

q,  number  of  members. 

n,  number  of  cuts. 

m,  number  of  unknowns. 


GENERAL  LEAST-WORK  ANALYSIS 


The  method  of  analysis. — The  approach  to  a  least- 
work  analysis  of  a  statically  indeterminate  structure 
consists  of  imagining  the  structure  to  be  cut  at  a  num¬ 
ber  of  points  with  unknown  values  of  shear,  axial  force, 
and  moment  acting  at  the  cut  sections.  The  number 
of  cuts  is  just  sufficient  to  make  the  structure  stati¬ 
cally  determinate.  An  expression  is  then  set  up  for 
the  work  of  distortion  or,  what  amounts  to  the  same 
thing,  for  the  internal  strain  energy,  and  this  expres¬ 
sion  is  differentiated  partially  with  respect  to  each 
of  the  unknowns.  As  the  principle  of  least  work 
states  that  the  internal  forces  and  moments  adjust 
themselves  so  that  the  energy  stored  in  the  structure 
is  a  minimum  consistent  with  the  conditions  of  equi¬ 
librium,  each  partial  derivative  is  set  ecpial  to  zero. 
Thus,  if  there  are  m  unknown  forces  and  moments  vn 
equations  involving  the  unknowns  are  obtained.  The 
values  of  the  m  unknowns  are  found  by  solving  the  m 
simultaneous  equations.  With  the  unknown  forces 
and  moments  evaluated,  the  forces  and  moments  at 
any  other  point  in  the  structure  may  be  obtained  by 
statics. 

Expression  for  strain  energy. — The  total  strain 
energy  stored  in  a  length  l  of  a  curved  member  may 
be  expressed  as  follows: 


U= 


M2  MR  P 2 

2  AEeR + A  Ell + 2  AE 


kvn 

2AG J 


d.s 


(1) 


integrated  over  the  length  l  (reference  5).  When  the 
depth  of  the  curved  member  is  small  in  comparison 
to  the  radius  of  curvature  of  the  centroidal  axis,  the 
distribution  of  the  bending  stress  over  the  cross  sec¬ 
tion  approaches  a  linear  one  and  the  expression  for 
the  internal  strain  energy  may  be  taken  as  equal  to 
that  for  a  straight  member.  This  assumption  is 
usually  made  in  the  analysis  of  rings  encountered  in 


aircraft  design  and  the  following  expression  is  then 
fore  used: 

TAP  P2  kV2' 
_2EI'2AE'2AG 

TTT1  .  .  radius  of  curvature 

When  the  ratio  depth  of  cross  ls  greatl 

than  4,  the  assumption  that  the  member  is  straigt 
gives  the  stresses  in  the  ring  within  10  percent  fa 
cross  sections  commonly  used  in  aircraft  structure- 
If  in  a  small  portion  of  the  ring  this  ratio  is  less  thai 
4,  the  approximation  does  not  seriously  affect  tt 
least-work  analysis,  hence  the  stresses  calculated  ii 
the  other  parts  of  the  ring.  When  the  ratio  is  greate 
than  10,  the  calculated  stresses  will  be  accurate  withii 
3  to  4  percent.  These  values  should  be  considers 
as  indicative  of  the  approximate  range  of  accurac 
rather  than  as  fixed  limits  of  accuracy. 

Since  bending  moment  M,  axial  force  P,  and  shear 
ing  force  V  usually  vary  throughout  the  entire  strut 
ture,  general  equations  must  be  obtained  for  them 
By  the  principle  of  superposition,1  these  equations  at 
M=  M0 + ~ZM  mjX  mj + 'LMPjXPj -j- 2M  vjX  vj 

n  n  n 


P—  P  4-Y  P  Y  4-V  P  Y  A-^  P  Y 

x  —  x  oT  "  x  mj-**-  mj  T  *- '  x  j-j  x 


V=  V„+2  VmlXml+2  VpJXpJ+2  V„X 


V] 


the  significance  of  the  summation  signs  being  that  tb 
indicated  operations  should  be  performed  for  tk 
total  n  cuts  and  summed  up.  The  internal  energ 
may  then  be  written  in  the  form 


U= 


P2 

2  AE 


d.s 


(1 


where  the  integral  indicates  the  energy  in  any  individus 
member,  the  summation  sign  indicating  that  the  worl 
in  all  the  members  ( q  in  number)  must  be  summed  up. 

Partial  differentiation  of  the  expression  for  strai: 
energy. — Partial  differentiation  of  U  as  given  b; 
equation  (4)  with  respect  to  the  unknowns  contains 
in  M,  P,  and  V  and  setting  the  resulting  equation' 
equal  to  zero  gives 


dU 


q 


dXmj 
dU 

dXpj 

dC7_srr 


nw 

LJ  \Er 


<MMm+Ep 


AE 


m j 


kV 


AG 


mj 


- 


,  ds  M 


C\M.f  P  n  I  k  V  T7  ) 

_  <1  LJ  [MMpj  +  A^Ppi+AGVpjil 


■ 


ds  I  =  0 


M 


+  JLp 
'  AErv} 


kV 


dsj=0 


dxvj  ^  q  LJ  [El  vj  1  AE  vj  '  AG  Vvjl 

In  the  general  case,  with  n  cuts,  there  will  be 
equations  of  each  of  the  foregoing  types.  It  shod 
be  remembered,  however,  that  these  equations  are  ap 
plicable  only  when  the  cross-sectional  dimensions  £ 
the  members  are  small  in  comparison  to  their  radii  £ 
curvature. 


1  Strictly  speaking,  the  principle  of  superposition  does  not  apply  when  the  secot 
ary  effects  of  deflection  are  considered,  but  these  effects  are  usually  neglected  it 
least-work  analysis. 
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APPLICATION  OF  GENERAL  LEAST-WORK  ANALYSIS 

TO  RINGS 


The  general  equations  for  a  least-work  analysis  pre¬ 
sented  in  the  preceding  section  will  now  be  applied  to 
the  analysis  of  closed  rings.  Where  a  ring  is  heavily 
loaded  it  is  sometimes  desirable  to  brace  it  with  a  strut 
or  stay.  In  the  following  analyses  both  simple  and 
braced  rings  will  be  considered.  (See  fig.  1.) 


(a)  Simple  ring  (b)  Braced  rings 

Figure  1.— Types  of  rings. 


Figure  2.— Simple  ring  cut  at  one  point  with  unknown  values  of  shear,  axial  force, 
and  moment  acting  at  the  section  cut. 


Simple  ring:  general  case,  ring  of  any  shape. — For 

the  simple  closed  ring  both  q  and  n  of  the  general 
analysis  become  unity.  Equations  (5)  therefore  be¬ 
come 


—  [\^-M  |  P  p  4. ^Y_y  (p, _ () 

'  J  |  A  J71  *  m\  A  n  *  rn  (06  O 


DU 

DXm  J  \EI 
DU  f  f  M 


DX 


-  HA 

;  J  \e. 


M 


m  ,  Ah 

P 


,Pi 


AG 
k  T 


El  p  '  AE  p  1  AG  v 


V„  ds  =  0 


DU  HM ,,  .  P  „  .  kV„  1  ,  n 
dX~  \EIMv+AE  v+AGVv  ds_0 


(6) 


For  a  thin  ring  such  as  considered  in  this  report,  a 
very  close  approximation  may  be  obtained  by  neglect¬ 
ing  the  work  due  to  axial  forces  and  to  shearing  forces. 
Thus,  omitting  the  last  two  terms  in  each  of  the 
preceding  equations,  equations  (6)  become 


DU 

DXm 

DU 

DXP 

DU 

DXV 


J~MmAs=0 

f^Mpds  =  0 
r  M 

j  jU[Mvds—0 


(7) 


Equations  (8)  are  general  and  independent  of  the 
coordinate  system  used.  In  order  that  these  equa¬ 
tions  may  be  applied  to  the  analysis  of  specific  prob¬ 
lems  it  has  been  found  convenient  to  use  the  following 
system:  The  origin  of  coordinates  is  assumed  to  be  at 


Figure  3.— Coordinate  system  used  in  the  general  solution  for  simple  rings. 

the  top  of  the  ring,  where  the  cut  is  imagined  to  be. 
(See  figs.  2  and  3.)  The  x  axis  is  assumed  to  be  hori¬ 
zontal  and  the  y  axis  to  be  perpendicular  to  the  x  axis. 
By  this  choice  of  coordinates  the  ring  is  considered  to 
be  divided  by  the  y  axis  into  a  left  and  a  right  part, 
each  of  which  is  treated  separately  in  the  evaluation 
of  the  integrals.  The  positive  direction  of  x  is  to  the 
left  for  the  left  part  and  to  the  right  for  the  right  part. 
The  positive  direction  of  ?/  is  downward  for  both  the 
left  and  the  right  parts. 

At  any  point  in  the  ring  the  values  of  the  shear, 
axial  force,  and  moment  are  assumed  to  be  positive 
when  they  have  the  directions  indicated  by  the  arrows 
in  figure  2,  as  viewed  by  an  observer  standing  on  the 
inside  of  the  ring,  facing  outward,  and  looking  down 
on  the  part  of  the  ring  concerned.  The  moments 
Ml  and  Mr,  in  the  left  and  right  parts,  respectively, 
may  then  be  written  as  follows: 

Ml = MQl -\-MmLX m T MPlXp T M VLX v  i  ( 

Mb = M0 R-\-MmRXm-\-MPRXp-{- M VRXvj  ^ 

where 

A/  rrj^  —  =  1 

^kPL=MPJt=y 
M„l=x  and  MVR=  — x 


Substitul  on  of  the  general  expression  for  M  in  the 
preceding  equations  gives 


i 


(10) 

(ID 

(12) 
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Substitution  of  these  values  in  equations  (8)  therefore  gives 


X 


(£/)*ds]+'v’[/(£/\ds  J ( A)„ <is] - 


i  mJ  (  EI \ 


ds-f- 


Jfe),  ‘'*]+ -T{.f  (U  + J(fe),  '•I 


+X. 


A“  Kei\As  J (A)„ ds]+A’uJ(^Xds  J(®.*WUW. 


03) 


where  the  subscripts  L  and  R  indicate  that  the  integrations  are  to  be  performed  over  the  left  and  right  portions, 
respectively. 


In  order  to  simplify  the  notation  let 


4, 


(14) 


J  G/),.,is+.j  G/)fitis] 

-KJ 

-1  [/GrAds  /(  m)A 

J1'  =  J(m)As+ /'  (e?)/'8] 

Cl=[f(£lds+ J  (m)A 

D'=[J(®id8+J(§ids] 

°*=[/@id*+/®.d<] 

D-[J(^id8-J(wids] 

If  these  values  are  substituted  in  equations  (13)  the 
following  system  of  simultaneous  equations  is  obtained: 

A]  A  n -j- A2  A  p + .4.3-4 —  D{ 

4.9  A  m-srBlXp-\-  B2X  v  = — D2  (15) 

A3  A  m  T  B2Xp-\-  Ci  A  v  =  —  D3 

The  values  of  Xm,  Xp,  and  A,,  having  been  obtained 
bv  solving  the  preceding  equations  simultaneously,  the 
shear,  axial  force,  and  moment  at  all  other  stations 
around  the  ring  may  be  calculated  by  statics,  as  stated 
previously.  The  stresses  at  each  station  may  then  be 
calculated  by  the  standard  beam  formulas,  as  in  the 
examples  of  reference  4. 

Simple  ring:  ring  symmetrical  about  one  axis. — In 

aircraft  structures  it  is  customary  to  build  floats,  hulls, 


and  fuselages  symmetrical  about  their  central  vertical 
plane,  even  though  the  loading  is  not  always  sym¬ 
metrical.  In  view  of  this  fact,  it  is  possible  greatly 
to  simplify  equations  (15)  as  applied  to  the  rings  or 
frames  of  these  structures.  Thus,  if  the  y  axis  of  the 
coordinate  system  is  made  to  coincide  with  the  axis 
of  symmetry  of  the  rings  or  frames, 

4.3=0 

Bo=0 


(16) 


and  equations  (15)  become 

4i  A  m  T  42  Xp  =  —  D\ 
42A  m -f- B\  Xp  —  —  D‘2 
CiXv  =  -D3 

from  which 


(17) 


X  — 

*  v  m  — 


A2D2  B\  T)\ D\-\-  AoA  p 


AiBx  —  A22  Ai 

v A2Di  —  A\T)  2  DiA-AiX 

^  p~  AiBi-AA  ~~ 


12 


X  _ _ T?  3 

Cl 


(18) 


Simple  ring :  ring  and  loading  symmetrical  about 
one  axis. — In  the  special  case  where  the  loads  as  well 
as  the  ring  are  symmetrical  about  the  y  axis,  D3  is 
also  zero.  Thus,  in  equations  (17)  and  (18) 

A,=  0  (19) 

In  all  other  respects  the  equations  of  the  preceding 
paragraph  apply.  In  the  evaluation  of  the  integrals, 
however,  it  should  be  noted  that,  since  both  the  ring 
and  loading  are  symmetrical  about  the  y  axis  of  coor¬ 
dinates,  each  integral  is  equal  to  twice  the  value  for 
one-half  of  the  ring. 
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Simple  ring:  ring  and  loading  symmetrical  about 
two  mutually  perpendicular  axes. — Occasionally  there 
are  aircraft  structures  built  in  which  the  hull  or  fuse¬ 
lage  shape  is  symmetrical  about  two  axes.  Airship 
hulls  formed  by  regular  polygons  with  an  even  number 
of  sides  and  fuselages  of  circular,  elliptic,  and  rec¬ 
tangular  cross  sections  are  examples  of  this  type. 

If  both  the  ring  and  the  loading  are  symmetrical 
about  two  axes,  the  labor  required  to  evaluate  Xm,  Xp, 
and  Xv  may  be  greatly  reduced  over  that  required  when 
there  is  symmetry  about  only  one  axis.  From  the  dis¬ 
cussion  of  the  preceding  section  where  both  the  ring 
and  loading  are  symmetrical  about  one  axis,  it  follows 
that,  for  symmetry  of  the  ring  and  loading  about  two 
axes,  the  shear  in  the  ring  is  zero  at  each  end  of  the 
two  axes  of  symmetry.  By  a  separate  consideration 
of  the  equilibrium  of  the  right  and  left  parts  of  the  ring, 
it  is  possible  to  write  for  this  case 

_  1  VVz  components  of  all  forces  or  loads  on  \ 
p  2  /  /V  the  right  or  the  left  part  of  the  ring/  “ 


In  the  evaluation  of  Xp  by  the  summation  process 
indicated  by  equation  (20),  the  components  of  force 
that  act  in  the  positive  direction  of  x  (away  from  the  y 
axis)  are  considered  as  positive  and  those  that  act  in 
the  negative  direction  (toward  the  y  axis)  as  negative. 
With  the  value  of  Xp  determined,  the  value  of  Xm  may 
be  obtained  from  the  first  equation  of  (18). 

Rings  with  struts  or  stays. — -Cases  are  encountered 
of  rings  that  contain  one  or  more  struts,  or  stays,  for 
strengthening  and  stiffening.  In  such  rings  it  is  neces¬ 
sary  to  imagine  the  ring  cut  at  more  than  one  point. 
Hence  q  and  n  in  the  general  solution  are  both  greater 
than  unity.  Although  this  problem  seems  complicated 
because  more  than  three  unknowns  are  involved,  it 
may  be  reduced  to  a  simple  systematic  solution. 
From  inspection  of  equations  (8)  it  is  possible  to  write 
the  form  of  solution  for  the  case  of  n  unknowns  instead 
of  repeating  the  analysis  and  deriving  it  as  a  separate 
case.  Suppose  there  are  m  unknowns.  Then,  if  the 
integral  sign  indicates  integration  over  the  entire 
structure,  the  m  simultaneous  equations  are: 


V  JW  *+*  ds+.  . 
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In  the  preceding  system  of  simultaneous  equations  a 
definite  "pattern”  exists.  The  terms  in  the  major  di¬ 
agonal  row  running  from  upper  left  to  lower  right  con¬ 
tain  only  integrals  with  M  squared.  All  other  inte¬ 
grals  in  the  pattern  consist  of  products  of  M;  on  any 
diagonal  row  running  from  the  lower  left  to  the  upper 
right  the  integrals  symmetrically  located  with  respect 
to  the  major  diagonal  are  identical.  A  short  study  of 
the  form  of  the  pattern  will  enable  the  reader  to  memo¬ 
rize  it  and  thus  eliminate  the  tedious  work  of  deriving 
the  equations  each  time  that  a  least-work  analysis  is 
made.  The  pattern  is  a  result  of  Maxwell’s  law  of 
reciprocal  deflections  and  always  has  the  same  form 
regardless  of  how  the  energy  is  stored  in  the  structure. 

In  order  to  illustrate  the  application  of  the  preceding 
general  equations  to  a  ring  with  a  strut,  or  stay,  the 
problem  shown  in  figure  4  will  be  considered.  Since 


the  strut  has  been  assumed  to  be  horizontal  it  is  con¬ 
venient  to  cut  the  ring  at  the  two  points  shown.  Two 
cuts  having  been  made,  there  are  six  unknowns:  Xmi 


xVl 


Figure  4. — Braced  rings  with  one  horizontal  strut. 

XPV  XH,  X mv  Xvv  and  X„2.  The  general  equations 
involving  the  unknowns  are  therefore  six  in  number. 
From  the  characteristic  pattern  for  the  equations  of 
least  work,  it  is  possible  to  write  directly 
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CMm j2  CMnMmx  v  ^  |  rMP2Mmi  v  fMV2J\fmi 

A  J  ds  +  ApjJ  ds-f  AP1 J  ds+AOT2|  ds4-AP2 J  ds-}-  A „2  I 
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J  E 


ds 


X 


CMmiM, 
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Inspection  of  these  equations  shows  that  there  is 
always  some  path,  section  of  the  ring,  or  stay  along 
which  the  value  of  each  integral  is  zero.  For  example, 
Mp j  is  zero  from  B  to  C.  Hence,  any  integral  involv¬ 
ing  Mp j  is  also  zero  from  B  to  C.  Since  Mm,2  is  zero 
from  A  to  C  any  integral  involving  Mm2  is  also  zero 
from  A  to  C  and  any  integral  involving  the  product  of 
MP j  and  Mm,2  is  zero  over  both  AC  and  BC.  The 
fourth  integral  in  the  second  equation 

CMm2  Mpx 

J  El  ds 

need  therefore  be  evaluated  only  from  C  to  D.  In  a 
similar  manner  the  paths  for  which  each  of  the  other 
integrals  in  equations  (22)  need  to  be  evaluated  have 
been  determined  and  are  listed  in  the  following  table: 


EVALUATION  OF  EQUATIONS  (22)  FOR  FIGURE  4 


Integrals  not  involving  loads,  left- 
hand  side  equations  (22) 

Integrals  involving 
loads,  right-hand 
side  equations  (22) 

First  3  terms 

Second  3  terms 

first  3  equations— 
Second  3  equations. 

AC  and  CD 

CD 

CD 

BC  and  CD 

AC  and  CD 

AC  and  CD 

The  integrals  in  equations  (22)  having  been  evalu¬ 
ated  for  the  paths  indicated,  the  values  of  Xmv  XPIj 
Xvv  Xm2,  XP2,  and  X„2  are  obtained  by  solving  the 
simultaneous  equations.  The  shear,  axial  force,  and 


moment  at  all  stations  around  the  ring  may  then  be 
calculated  by  statics  and  the  stresses  by  the  standard 
beam  formulas. 

DISCUSSION 

Simple  rings. — The  application  of  the  general  solu¬ 
tion  to  problems  in  the  stress  analysis  of  rings  and 
frames  makes  it  possible  to  simplify  and  systematize 
the  calculations  for  Xrn,  Xp,  and  Xv  in  a  way  that  i; 
not  possible  when  starting  from  fundamental  considera¬ 
tions  each  time  a  ring  or  frame  is  stress-analyzed 
T  he  procedure  is  first  to  locate  the  coordinate  axes  in 
the  most  judicious  manner  considering  conditions  o 
symmetry,  and  then  to  evaluate  the  integrals  tha 
appear  in  the  general  equations.  If  the  evaluation  o: 
the  integrals  analytically  is  difficult,  standard  numerica 
or  graphical  methods  may  be  used. 

An  examination  of  the  integrals  that  must  be  evalu¬ 
ated  in  order  to  determine  Xm,  Xp,  and  Xv  shows  them 
to  be  of  two  general  types.  One  type  involves  only 
the  stiffness  El  and  the  dimensions  of  the  ring.  The 
other  type  involves  the  loads  in  addition  to  the  stiffnes- 
and  dimensions.  The  following  table  giving  the 
number  of  integrations  that  must  be  made  on  the  two 
types  of  integrals  for  the  various  cases  considered  in 
this  report  is  presented  to  show  in  an  approximate 
manner  the  degree  to  which  the  labor  is  reduced  by 
conditions  of  symmetry.  The  evaluation  of  any 
integral  for  one  part  of  the  ring  is  considered  as  one 
integration. 
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the  number  of  integrations  necessary  for 

DIFFERENT  CASES 


Case 

Integrals 

involving 

loads 

Integrals 
not  in¬ 
volving 
loads 

General  case,  ring  with  any  variation  in  loading,  material, 
and  dimensions _  _  _  _  . 

6 

12 

Ring  symmetrical  about  one  axis - 

0 

4 

Ring  and  loading  symmetrical  about  one  axis _ 

2 

3 

Ring  and  loading  symmetrical  about  two  axes-.. . . 

i 

2 

After  a  particular  problem  has  been  classified  by  the 
conditions  of  symmetry,  all  of  the  integrals  involved  in 
that  case  must  be  evaluated  regardless  of  what  method 
of  analysis  is  used,  unless  perhaps  the  shape  of  the 
ring  is  such  as  to  lend  itself  to  some  short-cut  method. 
If  a  stress  analysis  of  a  given  ring  is  desired  for  a  series 
of  loading  conditions,  it  should  be  noted  that  only 
those  integrals  involving  the  loads  (integrals  including 
M0)  must  again  be  evaluated  for  the  different  loading 
conditions.  Thus  the  labor  required  to  obtain  Xm, 
Xp,  and  Xv  is  reduced  to  a  minimum  by  application  of 
the  general  equations  herein  developed. 

In  certain  cases  where  rings  of  identical  size  or  of 
the  same  relative  shape  may  be  encountered  frequently, 
it  is  advantageous  to  resolve  all  complicated  loading 
conditions  into  a  few  simple  ones.  (See  references  1  to 
4.)  The  shear,  axial  force,  and  moment  for  the  simple 
loading  conditions  may  be  calculated  either  by  stand¬ 
ard  methods  or  as  outlined  in  this  report  and  the 
appropriate  values  added  algebraically  to  obtain  the 
shear,  axial  force,  and  moment  for  any  complicated 
loading  condition. 

It  is  not  probable  that  rings  and  frames  of  identical 
size  or  of  the  same  relative  dimensions  will  be  encoun¬ 
tered  frequently.  The  resolution  of  the  complicated 
loading  conditions  into  a  few  simple  ones  does  therefore 
not  always  result  in  the  same  advantage.  For  rings 
of  oval  and  other  odd  shapes,  it  is  probable  that  the 
integrals  involved  in  the  general  solution  would  have 
to  be  evaluated  by  standard  numerical  or  graphical 


7o 

methods.  If  such  be  the  case,  it  is  just  as  easy  to 
consider  the  complicated  loading  condition  as  it  exists. 
With  the  work  properly  planned  for  this  method,  it  is  a 
simple  matter  to  obtain  the  moment,  axial  force,  and 
shear  at  a  number  of  stations  around  the  ring  after  the 
values  of  Xm,  Xv,  and  Xv  have  been  found. 

Braced  rings. — The  application  of  the  general  equa¬ 
tions  to  the  analysis  of  braced  rings  has  been  carried 
only  to  the  extent  of  indicating  a  possible  systematic 
solution.  For  each  particular  case  the  designer  will 
be  able  to  minimize  the  labor  involved  by  a  judicious 
choice  of  axes,  rather  than  by  the  use  of  a  standard  set 
of  axes  such  as  would  be  necessary  to  carry  the  general 
solution  to  more  detailed  conclusions.  In  the  present 
paper  a  series  of  braced  rings  with  different  conditions 
of  symmetry  could  have  been  assumed  and  the  most 
convenient  axes  chosen.  The  general  solution  could 
then  have  been  completed  and  discussed  in  a  manner 
similar  to  that  adopted  for  the  simple,  or  unbraced, 
ring.  As  the  bracing  used  is  of  such  a  variety  of  forms, 
however,  it  was  not  thought  worth  while  to  attempt  a 
classification  of  each  type  and  present  its  solution. 

CONCLUSIONS 

1.  The  shear,  axial  force,  and  moment  at  one  point 
in  a  simple  ring  subjected  to  any  loading  condition  can 
be  given  by  three  independent  equations  involving 
certain  integrals  that  must  be  evaluated  regardless  of 
the  method  of  analysis  used.  Symmetry  of  the  ring 
alone  or  of  the  ring  and  loading  about  1  or  2  axes  makes 
it  possible  to  simplify  the  three  equations  and  greatly 
to  reduce  the  number  of  integrals  that  must  be  evaluated. 

2.  Application  of  the  general  equations  presented 
in  this  report  to  practical  problems  in  the  stress  analysis 
of  rings  makes  it  possible  to  shorten,  simplify,  and 
systematize  the  calculations  for  both  simple  and 
braced  rings. 
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APPENDIX 


Jn  order  to  demonstrate  the  application  of  the  gen¬ 
eral  equation  to  a  specific  example,  the  values  of 
Xm,  X p,  and  X„  will  be  calculated  for  a  circular  ring 
with  different  loading  conditions.  The  problems  were 
made  simple  so  that  the  reader  woidd  not  lose  the 
perspective  of  the  general  solution  presented  in  the 
report  proper.  Because  the  problems  are  simple,  it 
may  be  that  a  shorter  solution  can  be  obtained  by 
some  method  other  than  the  general  method  here  used. 
In  the  majority  of  problems,  however,  it  will  doubtless 
be  found  advantageous  to  use  the  general  solution. 


PROBLEM  A 

A  circular  ring  of  constant  cross  section  is  loaded 
as  shown  in  figure  5.  The  y  axis  of  coordinates  is 


made  to  coincide  with  the  diameter  about  which  the 
loads  are  symmetrical.  By  this  choice  of  axes  both 
the  ring  and  the  loading  are  symmetrical  about  the  y 
axis.  Consequently,  Aj=0  and  the  equations  for  Xp 
and  Xm  are  (see  equation  (18)). 

_ A2DX — AXD2 

Ap~  AXBX-A22 


Di  +  A2XV 
Ax 


Evaluation  of  the  integrals. — It  being  assumed  that 
the  material  and  cross  section  are  constant  at  all  sta¬ 
tions  around  the  ring,  El  may  be  canceled  from  all 
integrals  in  the  numerator  and  denominator  of  the 
preceding  equations  for  Xp  and  Xm.  Thus,  the  eval¬ 
uation  of  the  integrals  is 
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a  cos  /3  —  sin  a 
=  2B>2[(7r  —  0)  cos  d  +  sin  d] 

A=  j  dl0yds=  j  M0r(  1  —  cos  a)ds 

—r  |  Mods  —  rj  M0  cos  ads 

r* .  , 

—rDx—2r  Hr  (cos  0  —  cos  a)  cos  a  rda 
JP 

—  rDx  —  2  Hr3  I  (cos  a  cos  d  —  cos2  a)  da 
JP 

=  rDx  —  2  II +£sin  a  cos  0  —  ^  a  —  ^  sin  2a 
=2Wri[(jc—  d)cos  d  +  sin  0] 

— 2  H? T— sin  d  cos  d~^  (tt—  d)  +  7^  sin  &  cos|3 


=  211? 


1  1 

(7 r—  d)cos  d  +  sin  d  +  y  sin  dcos  d  +  y  +— d 


GENERAL  EQUATIONS  FOR  THE  STRESS  ANALYSIS  OF  RINGS 


i  l 


Evaluation  of  XP  and  Xm. — Before  the  substitution 
of  the  integrals  in  the  equations  for  Xv  and  Xm,  it  is 
convenient  to  summarize  them  as  follows: 

A\ — 2  7rr 

A2=2tt2 

Z?j=37rr3 

Di=2  Wr2F 
D2=2Wrz(F+G) 
where  /3)cos  d+sin  d] 

and  G=  ^ [ (tt —  d)+sin  dcos  /3] 


Substituting  the  values  of  the  integrals  in  the  equations 
for  Xp  and  Xm  gives 

(27rr2)  (2  Wr2F)  -  (2  7 rr)  [2  WA  (F+  G) T 
(27rr)(37rr3)-(2xr2)2 

2  WG 

7 r 

ir 

=  —  -  [(it—  d)+sm  d  cos  d] 

7 r 


m  — 


(2Wr2F)  +  (2xr2) 


(-^c) 


Z7rr 


B> 

7T 


(2G—F) 


B> 

7T 


(1— cos  /3)  (tt— /3— sin 


0) 


PROBLEM  B 


In  order  to  demonstrate  further  the  application  of 
the  general  equations  to  a  specific  example  and  to 
show  how  several  of  the  integrals  evaluated  for  prob¬ 
lem  A  may  be  used  in  other  problems,  the  values  of 
Xc,  Xp,  and  Xm  will  be  calculated  for  a  circular  ring  of 
constant  cross  section  loaded  as  shown  in  figure  6. 


Figure  6.— Problem  B. 

In  this  problem  the  y  axis  will  be  made  to  coincide  with 
the  vertical  diameter,  one  of  the  two  diameters  about 
which  the  ring  and  loads  are  symmetrical.  By  this 
choice  of  axes 


AA=0 

XP=W  cos  /3  (See  equation  (20).) 

Y  D\  ~\-A2XP 

Ax 

Since  the  ring  has  not  changed  from  that  considered 
in  problem  A,  the  integrals  Ax  and  A2  have  not  changed. 
The  integral  Dx  must  again  be  evaluated  because  the 
loading  has  changed. 

Dx—  |  M0ds=2j  —  B>[1  —  cos(a—  /3)]rda 


+  2  (  ITr  [1— cos(a  — 7r+/3)]rda 
.h-P 

—  —  2IFr2fa— sin(a—  /3)J^ 

+  2  Wr 2  sin  (a — tt  +  0)  J 

=  —  2Wr2(ir— 13— sin  d)  +  2BV2(/3— sin  d) 

= 2  Wr2  (2d  —  tt) 

Substituting  the  values  of  the  integrals  and  Xp  in  the 
equation  for  ^Ym  gives 

Xm  =  Wr  ( 1  —  — — cos  d) 

7 r 


PROBLEM  C 


In  this  problem  a  circular  ring  of  constant  cross 
section  is  loaded  as  shown  in  figure  7.  Both  the  ring 


\XJ 


and  loading  are  symmetrical  about  two  axes  so 
y  axis  is  made  to  coincide  with  the  vertical  di 
as  shown, 


A\  =  0 

Xp=  —  W  sin  d 
v  D\-\-  AoXv 


,  if  the 
ameter 


The  integrals  Ax  and  A2  are  still  the  same  as  for 
problem  A.  The  integral  Dx  is  dependent  upon  the 
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loading  condition  and  must  be  evaluated  for  the 
particular  problem. 

Dx  =  J  Mods =2  J  H  r  sin  (a  — (3)  rd« 

+  2  I  H  r  sin  («—  rdc* 

Jit-13 

Hr2  cos  (a— 7t+j8) I 

Jr-P 

= 4  Wr 

Substituting  the  values  of  the  integrals  and  Xp  in 
the  equation  for  Xm  gives 


It  should  be  noted  in  problems  B  and  C  that  the 
integral  l)x  was  evaluated  by  taking  the  sum  of  two 
integrals,  each  of  which  considered  the  separate  mo¬ 
ments  caused  by  the  two  forces  on  one  part  of  the  ring. 
It  was  found  that  this  method  of  evaluating  the  inte¬ 
gral  involved  fewer  terms  than  would  have  been 
involved  had  the  moment  caused  by  the  first  force 
been  integrated  between  the  limits  d  and  t v-(3  and  then 
the  combined  moment  caused  by  the  two  forces  inte¬ 
grated  between  the  limits  tv-(3  and  -iv.  This  method 
of  evaluating  the  D  integrals  as  a  sum  of  the  integrals 
for  the  separate  loads  is  often  advantageous  in  problems 
where  the  loadings  are  likely  to  change. 
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WIND-TUNNEL  RESEARCH  COMPARING  LATERAL  CONTROL  DEVICES 

PARTICULARLY  AT  HIGH  ANGLES  OF  ATTACK 

XIII— AUXILIARY  AIRFOILS  USED  AS  EXTERNAL  AILERONS 

By  Fred  E.  Weick  and  Richard  W.  Noyes 


SUMMARY 

This  is  the  thirteenth  report  on  a  series  of  systematic 
tests  comparing  lateral  control  devices  with  particular 
reference  to  their  effectiveness  at  high  angles  of  attack. 
The  present  tests,  conducted  in  the  N.  A.  C.  A.  7-  by  10- 
foot  wind  tunnel,  were  made  to  determine  the  most 
feasible  locations  for  lateral  control  surfaces  mounted 
externally  to  a  rectangular  Clark  Y  wing. 

Two  sets  of  external  ailerons  were  used.  One  had  an 
N.  A.  C.  A.  0012  symmetrical  profile  and  a  chord  length 
that  was  1 5  percent  of  the  main  wing  chord.  The  other 
set  of  ailerons,  which  was  used  at  only  a  few  test  posi¬ 
tions,  had  an  N.  A.  C.  A.  22  cambered  profile  and  a 
chord  length  of  If. 5  percent  of  the  main  wing  chord. 
Both  ailerons  extended  over  the  full  span  of  the  main  \ 
wing  and  were  hinged  about  an  axis  on  their  chord  line 
20  percent  from  their  leading  edge.  The  range  of  posi¬ 
tions  investigated  was  from  27  percent  of  the  main  wing 
chord  ahead  of  the  leading  edge  of  the  main  wing  to  10 
percent  behind  the  trailing  edge  and  from  Jf)  percent 
above  the  chord  to  20  percent  below  the  chord. 

In  each  position  tested  full  advantage  was  taken  of  any 
improvement  in  the  performance  characteristics  of  the 
main  wing  that  was  possible  to  be  obtained  by  special  use 
of  the  ailerons.  Thus,  at  positions  close  to  the  leading 
edge,  where  the  air  loads  were  suitable,  the  ailerons  were 
mounted  so  as  to  act  as  automatic  slats.  Likewise,  at 
positions  near  the  trailing  edge  the  ailerons  were  arranged 
to  function  as  flaps  in  addition  to  being  lateral  control 
surfaces. 

The  results  of  the  wind-tunnel  tests  showed  that  no 
location  tested  for  external  ailerons  was  entirely  satis¬ 
factory  wit  respect  to  both  performance  and  control. 
The  best  locations  tested  lay  in  a  region  between  the  lead¬ 
ing  edge  and  30  percent  of  the  chord  back  from  the  leading 
edge,  and  from  3  to  9  percent  above  the  upper  surface. 
Choice  of  a  particular  location  depends  on  a  compromise 
between  good  performance,  obtainable  near  the  leading 
edge,  and  good  control,  obtainable  near  the  rear  of  the 
favorable  region. 


If  it  is  desirable  to  use  the  ailerons  as  flaps  in  addi¬ 
tion  to  their  f  unction  as  lateral  control  devices,  the  best 
position  lies  2'/s  percent  of  the  chord  beh  ind  and  2'/.  per¬ 
cent  below  the  tra  iling  edge  of  the  main  wing. 

Flight  tests  made  with  external  ailerons  in  one  of  the 
positions  over  the  forward  part  of  the  wing  showed  serious 
practical  difficulties  due  to  heavy  hinge  moments  and 
irregular  control-force  variation. 

INTRODUCTION 

A  series  of  systematic  wind-tunnel  investigations, 
one  of  which  is  covered  by  this  report,  has  been  made 
by  the  National  Advisory  Committee  for  Aeronautics 
in  order  to  compare  various  lateral  control  devices. 
The  various  devices  were  given  the  same  routine  tests 
to  show  their  relative  merits  in  regard  to  lateral  con¬ 
trol  and,  to  some  extent,  their  effect  on  the  lateral 
stability  and  the  performance  of  an  airplane.  They 
were  all  tested  on  rectangular  Clark  Y  wings  of  aspect 
ratio  6,  and  a  few  of  them  have  been  further  tested 
on  wings  with  different  plan  forms  and  wings  with 
high  lift  devices.  The  first  report  of  this  series  (refer¬ 
ence  1,  pt.  I)  dealt  with  three  sizes  of  ordinary  ailerons; 
one  of  these  was  taken  from  the  average  of  a  number 
of  conventional  airplanes  and  was  used  as  the  standard 
of  comparison  throughout  the  entire  investigation. 
Other  work  that  has  been  done  in  this  series  is  reported 
in  reference  1,  parts  II  to  XII. 

The  present  report  covers  an  investigation  to  deter¬ 
mine  the  most  favorable  location  for  external  ailerons 
relative  to  a  rectangular  monoplane  wing.  The  term 
“external  aileron”  is  here  defined  as  any  lateral  con¬ 
trol  surface  wholly  and  permanently  external  to  the 
main  wing  profile.  The  survey  of  possible  locations 
was  made  mainly  with  an  N.  A.C.  A.  0012  symmetrical 
airfoil  having  a  chord  15  percent  of  the  main  wing 
chord  and  a  span  equal  to  that  of  the  main  wing. 
The  airfoil  was  hinged  about  a  point  0.2  of  its  chord 
back  from  its  leading  edge  and  was  divided  at  the 
center  of  the  span  to  allow  differential  settings  of  the 
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two  halves.  The  ailerons  were  tested  in  the  48  posi¬ 
tions  shown  in  figure  1  as  fixed  surfaces  relative  to 
t  he  main  wing  and  as  connected  but  freely  floating 
ailerons  in  certain  positions  where  it  seemed  that  such 
an  arrangement  might  be  desirable.  In  a  few  posi¬ 
tions  both  the  symmetrical  airfoil  and  the  highly 
cambered  N.  A.  C.  A.  22  airfoil  were  tested,  and  at 
two  positions  just  above  the  trailing  edge  tests  were 
made  on  only  the  N.  A.  C.  A.  22  airfoil.  Flight  tests 
were  conducted  with  external  ailerons  in  two  of  the 
most  interesting  positions  near  the  leading  edge. 


Group  A 


+ 

S3 


5  + 


!B>r 
//+  SI+-  SS- 1 


Figure  1. — External  aileron  test  positions.  Trusses  indicate  the  location  of  the 
aileron  axis  (20  percent  of  the  aileron  chord  from  its  leading  edge). 


Figure  2.— External  aileron  mounting  details. 


TABLE  I 

AIRFOIL  ORDINATES,  ALL  VALUES  IN  PERCENT  AIRFOIL  CHORD 


Clark  Y 

N.  A.C.A.22 

N 

A.  C.  A.  0012 

Station 

Upper 

surface 

Lower 

surface 

Station 

Upper 

surface 

Lower 

surface 

Station  J ' 

Upper 

surface 

Lower 

surface 

0 

3.  50 

3.  50 

0 

2.  88 

2.  88 

0 

0 

0 

1.  25 

5. 45 

1.93 

1.25 

5.  40 

1.  09 

1.25 

1.89 

1.  89 

2.  5 

6.  50 

1.  -17 

2.  5 

6.  48 

.65 

2.5 

2.  62 

2.62 

5 

7.  90 

.93 

5 

8.  02 

.28 

5 

3.  56 

3.  56 

7.  5 

8.  85 

.  C»3 

7.  5 

9.  11 

.08 

7.  5 

4.  20 

4.  20 

10 

9.  60 

.42 

10 

9.  96 

0 

10 

4.  68 

4.  68 

15 

10.68 

.  15 

15 

11.34 

.  12 

15 

5.  34 

5.34 

20 

11.36 

.03 

20 

12.  29 

.44 

20 

5.  74 

5.  74 

30 

11.  70 

0 

30 

13.  35 

1. 46 

30 

6.  00 

6.  00 

40 

11.  40 

0 

40 

13.  42 

3.03 

40 

5.  80 

5.  80 

50 

10.52 

0 

50 

12.  60 

4.  78 

50 

5.  29 

5.  29 

60 

9  15 

0 

60 

11.  12 

5.  63 

60 

4.  56 

4.  56 

70 

7.  35 

0 

70 

9.  15 

5.  79 

70 

3.  66 

3.  on 

.30 

5.  22 

0 

80 

6.  68 

4.68 

SO 

2.62 

2.  62 

90 

2.80 

0 

90 

3. 95 

2.  67 

90 

1.45 

1.45 

95 

1.  19 

0 

95 

2.  51 

1.32 

95 

.81 

.81 

100 

.  12 

0 

100 

1.  13 

0 

100 

.  13 

.  13 

Leading-edge  radius=l.50 

Leading-edge  radius=2.00 

Leading-edge  radius =1.58 

APPARATUS 

Model. — The  model  used  throughout  this  investiga¬ 
tion  was  a  laminated  mahogany  Clark  Y  airfoil  having 
a  10-inch  chord  and  a  60-inch  span,  to  which  were 
attached  duralumin  external  ailerons  extending  over 
the  entire  spun  of  the  main  wing.  Two  sets  of  external 
ailerons  were  used  in  the  course  of  the  tests;  one  set 
consisted  of  1.50-inch  chord,  N.  A.  C.  A.  0012  airfoils, 
and  the  other  of  1.45-inch  chord,  N.  A.  C.  A.  22  air¬ 
foils.  The  latter  set  of  ailerons  had  been  previously 
used  in  the  tests  reported  in  references  2  and  3  as  the 
auxiliary  airfoil.  The  ordinates  of  the  main  wing  and 
the  two  ailerons  are  given  in  table  I. 


Figure  2  illustrates  the  method  of  mounting  the 
ailerons  in  nosition  1 .  The  arrangement  for  mount- 
ing  in  any  of  the  other  positions  differed  from  that 
shown  only  in  the  design  of  the  supporting  brackets. 

The  ailerons  were  supported  by  seven  steel  brackets 
(see  fig.  3)  in  such  a  manner  that  they  could  be  rotated 
in  pitch  about  an  axis  intersecting  the  mean  camber 
line  at  0.2  of  the  aileron  chord  from  its  leading  edge. 
When  arranged  to  float,  the  ailerons  were  locked  to¬ 
gether  at  the  center  and  a  counterweight  of  the  type 
shown  in  figure  2  was  attached  to  each  tip  to  balance 
the  system  statically.  Preliminary  tests  showed  that 
the  distance  from  the  wing  tip  to  the  counterweight 
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indicated  on  figure  2  was  sufficient  to  eliminate  any 
noticeable  interference  effects  on  the  wing. 

When  the  ailerons  were  mounted  so  as  to  remain 
at  a  fixed  angle  relative  to  the  main  wing,  the  counter¬ 
weight  shaft  was  replaced  by  a  screw  (see  fig.  3)  and 
locking  screws  clamped  the  locking  quadrants  (fig.  2) 
to  the  supporting  brackets.  The  angular  interval 
between  holes  in  the  quadrant  was  5°. 

Wind  tunnel. — All  the  present  tests  were  made  in 
the  N.  A.  C.  A.  7-  by  10-foot  open-jet  wind  tunnel. 
In  this  tunnel  the  model  is  supported  in  such  a  manner 
that  the  forces  and  the  moments  about  the  quarter- 
chord  point  of  the  midsection  of  the  model  are  meas¬ 
ured  directly  in  coefficient  form.  For  autorotation 
tests  the  standard  force-test  tripod  is  replaced  by  a 
special  mounting  that  permits  the  model  to  rotate 


All  measurements  of  forces  and  moments  on  the 
wing  model  were  obtained  from  the  6-component 
balance  in  the  form  of  the  absolute  coefficients  (lift, 
CL ;  drag,  CD ;  rolling  moment,  C{ ;  yawing  moment, 
Cn';  and  pitching  moment  about  the  quarter-chord 
point,  C„ ,  The  coefficients  in  all  cases  were  based 

upon  the  total  wing  area  and  were  not  corrected  for 
tunnel-wall  effect.  The  center-of-pressure  location  is 
given  in  percentage  of  the  main  wing  chord. 

The  investigation  covered  48  positions  for  the  aile¬ 
ron  axis  as  given  in  table  11.  In  general,  the  tests  at 
each  position  were  divided  into  four  main  subdivi¬ 
sions,  as  discussed  in  the  following  paragraphs.  The 
extent  to  which  the  tests  were  carried  out  in  detail 
depended  upon  the  importance  of  the  position  in 
question. 


Figure  3.— Wing  model  with  external  ailerons  mounted  in  position  fi. 


about  the  longitudinal  wind  axis  passing  through  the 
midspan  quarter-chord  point.  This  apparatus  is 
mounted  on  the  balance,  and  rolling-moment  coeffi¬ 
cients  can  be  read  directly  during  forced-rotation  tests. 
A  complete  description  of  the  above-mentioned  equip¬ 
ment  is  given  in  reference  4. 

TESTS  AND  RESULTS 

The  tests  were  conducted  in  accordance  with  the 
standard  procedure  and  at  the  dynamic  pressure  and 
Reynolds  Number  employed  throughout  the  entire 
series  of  investigations  on  lateral  control  (reference  1). 
The  dynamic  pressure  was  16.37  pounds  per  square 
foot,  corresponding  to  an  air  speed  of  80  miles  per 
hour  at  standard  density  :  and  the  Reynolds  Number, 
based  on  the  chord  of  the  main  wing,  was  approxi¬ 
mately  609,000. 


(1)  Preliminary  tests. — Preliminary  force  tests  were 
made  at  each  aileron  position  to  determine  the  best 
angular  settings  of  the  ailerons  (when  neutral;  for 
maximum  lift  and  minimum  drag.  From  the  results 
of  these  tests  neutral  angles  were  chosen  for  the  sub¬ 
sequent  tests  and  the  most  favorable  method  of  using 
the  ailerons  as  an  aid  to  the  general  performance  char¬ 
acteristics  of  the  main  wing  was  decided  upon.  Thus, 
the  ailerons  in  all  the  positions  shown  in  group  A  were 
found  to  be  most  efficient  when  held  fixed  at  an  opti¬ 
mum  angle  at  which  were  obtainable  the  best  values 
of  both  CLmaz  and  CDmin.  Similarly,  in  group  B  best 
performance  was  attained  by  using  the  ailerons  as 
flaps.  In  group  C  the  maximum  value  of  the  lift  co¬ 
efficient  and  the  minimum  value  of  the  drag  coefficient 
were  best  obtainable  by  allowing  the  ailerons  to  float 
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between  stops  that  limited  their  travel  to  the  critical 
angles  giving  the  above-mentioned  characteristics. 

Aileron  positions  lying  beneath  the  central  part  of 
the  main  wing  were  not  tested,  because  the  extreme 
positions  in  regions  B  and  C  showed  generally  poor 
performance  and  control  characteristics.  It  is  to  be 
expected,  however,  that  if  the  ailerons  were  placed  at 
a  sufficient  distance  from  the  lower  surface  of  the  main 
wing  to  avoid  adverse  interference  effects,  more  satis¬ 
factory  results  might  be  obtained. 

(2)  Performance  characteristics. — The  measurement 
of  the  performance  characteristics  included  the  deter¬ 
mination  of  CDmi„,  CD  at  CL—0.70  (climb  criterion), 
CLmax,  and  the  complete  lift  and  drag  curves  up  to 
o=40°.  At  the  aileron  positions  in  group  A  these 
tests  were  made  with  the  ailerons  set  at  the  single,  op¬ 
timum,  neutral  angle  found  in  the  preliminary  tests. 
At  all  the  positions  in  group  B  the  neutral  angle  chosen 
corresponded  to  that  giving  best  climb.  In  the  more 
important  positions,  however,  tests  were  also  made 


with  ailerons  in  the  higli-lift  and  the  low-drag  at! 
tudes.  In  group  C  the  tests  were  made  with  tl 
ailerons  floating  between  stops  as  described  in  t| 
preceding  paragraph. 

Tests  in  which  the  ailerons  were  allowed  to  {]os 
were  attempted  in  region  B  but,  because  the  aileron 
exhibited  a  tendency  to  flutter,  complete  runs  wet 
made  at  only  a  few  positions.  The  effect  on  this  tei 
deucy  of  changes  in  the  axis  location  or  in  the  frictio: 
and  elasticity  of  the  supporting  and  balancing  systen 
is  likely  to  be  critical;  hence  any  conclusions  regardk 
the  possibility  of  ailerons  fluttering  in  this  regional 
not  warranted.  Values  of  CLmat  and  the  rati 
Cr  \CD  .  were  decreased  and  C/  was  increased  i 
low  angles  of  attack  by  allowing  the  ailerons  to  float 

(3)  Control  effectiveness. — The  tests  to  determiu 
the  control  effectiveness  of  the  ailerons  in  the  variou 
positions  were  made  with  the  ailerons  deflected  one; 
a  time-  the  right  aileron  with  its  trailing  edge  up  an 
the  left  aileron  with  its  trailing  edge  down.  In  all  tin 
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AILERON 


DEFLECTIONS  FOR  DATA  GIVEN  IN 


FIGURES  4  TO 


H) 


[Aileron  axis,  20  percent  from  L.  E.  of  aileron 

Aileron  axis  coordinates;  (+)  Above  chord  and  back  of  L.  E.  (— )  Below  chord  and  ahead  of  L.  K.] 


Aileron  axis  position 

Neutral  aileron  angles 

Maximum  angle  of 
deflection 

Limit  of  deflection 

Region 

Position 

Percent 

Percent 

Maximum 

chord  from 

chord  from 

Low  drag 

at 

High  lift 

Up 

Down 

Up 

Down 

L.  E. 

chord 

L) 

Cl  =  0.70 

Degrees 

Degrees 

Degrees 

Degrees 

Degrees 

l 

-27 

13 

0 

0 

0 

—  5 

50 

Optimum- 

Fixture. 

9 

0 

20 

-5 

—  5 

—5 

-60 

40 

Fixt  ure _ 

Do. 

3 

0 

10 

-10 

-10 

-10 

-70 

32 

do 

Wing. 

4 

0 

12 

-10 

-15 

-20 

— 55 

5 

do 

Do. 

5 

10 

25 

0 

0 

5 

—  75 

50 

_ <lo 

Fixture. 

6 

10 

20 

0 

0 

0 

-50 

48 

do 

Wing. 

7 

10 

15 

—  5 

— 5 

—5 

-70 

17 

do 

Do. 

8 

20 

20 

0 

0 

0 

—60 

40 

do 

Do. 

9 

20 

15 

0 

0 

0 

-70 

15 

do 

Do. 

10 

30 

25 

5 

5 

5 

-75 

50 

do 

Fixture. 

1 1 

30 

20 

5 

5 

5 

-60 

40 

do 

Wing. 

12 

30 

15 

5 

5 

5 

-70 

Wine 

Do. 

13 

40 

20 

10 

10 

10 

-60 

40 

Fixture _ 

Do. 

14 

40 

15 

5 

5 

5 

-70 

22 

do 

Do. 

A 

15 

50 

15 

10 

10 

10 

-70 

do  ..... 

Do. 

10 

53.  75 

18.  75 

10 

10 

10 

-60 

15 

do 

Optimum. 

17 

58.  75 

23.  75 

10 

10 

10 

-60 

15 

do 

Do. 

18 

63.  75 

28.  75 

10 

10 

10 

-55 

20 

.do _ 

T  )o. 

19 

63.  75 

18.  75 

10 

10 

10 

—60 

15 

do _ 

Do. 

20 

05 

40 

5 

5 

5 

—65 

10 

do _ 

Do. 

21 

08.  75 

23.  75 

10 

10 

10 

-60 

15 

do _ 

Do. 

22 

78.  75 

23.  75 

10 

10 

10 

-60 

15 

do _ 

Do. 

23 

85 

40 

5 

5 

5 

-65 

15 

- _ .do _ 

Do. 

24 

85 

20 

10 

10 

10 

-60 

20 

- _ do _ 

Do. 

25 

85 

10 

15 

15 

15 

-50 

Optimum.. 

20 

95 

10 

10 

10 

10 

-60 

20 

Fixture _ 

Optimum. 

27 

100 

5 

2.  5 

2.  5 

2.  5 

-30 

24 

Optimum. 

Do. 

28 

105 

10 

10 

10 

10 

-60 

30 

Fixture 

Do. 

29 

70 

-20 

0 

0 

1  30 

-20 

40 

Optimum.. 

Fixture. 

30 

80 

-10 

0 

0 

l  30 

-10 

40 

.  .  do _ 

Do. 

31 

90 

-20 

0 

0 

i  30 

-20 

40 

_ do. 

Optimum. 

32 

100 

—  2.  5 

45 

33 

100 

-5 

0 

10 

50 

-10 

50 

Optimum.. 

Fixture. 

34 

100 

-10 

0 

0 

J5 

-10 

50 

do _ 

Do. 

B 

35 

101.25 

-2.5 

-5 

10 

45 

-10 

50 

do _ 

Optimum. 

30 

101.25 

—3.  75 

__ 

50 

. . . 

_ _ _ _ 

37 

102.  5 

-2.5 

—5 

10 

25 

-20 

30 

Optimum.  _ 

Optimum. 

38 

105 

-5 

0 

0 

50 

-30 

50 

do 

Fixture. 

39 

no 

0 

0 

0 

10 

-35 

25 

_ do _ 

Optimum. 

40 

110 

-10 

0 

5 

40 

-35 

45 

.do  _ 

Fixture. 

41 

no 

-20 

0 

0 

10 

-40 

40 

do _ 

Optimum. 

42 

-20 

0 

0 

-20 

-20 

25 

do _ 

Fixture. 

43 

-15 

-5 

5 

-30 

-30 

45 

do _ 

Do. 

44 

-12.5 

5 

0 

-25 

-25 

30 

do 

Do. 

c 

45 

—  12.  5 

JO 

—30 

—30 

20 

do _ 

Optimum. 

40 

-12.5 

1. 5 

5 

-30 

-30 

15 

_  .  .do _ 

Fixture. 

47 

—  12  5 

-2.  5 

5 

-35 

15 

_  do _ 

Do. 

48 

-10 

-5 

5 

-45 

-45 

45 

do _ 

Do, 

1  Estimated. 
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tests,  values  of  C /  and  C,/  were  determined  at  angles 
of  attack  of  0°,  10°,  20°,  30°,  and  40°,  except  at  the 
most  important  positions  where  a  more  complete  series 
of  angles  of  attack  was  investigated. 

The  maximum  aileron-deflection  angles  used  in  this 
part  of  the  investigation  were  determined  by  one  of 
two  limiting  conditions:  (1)  The  aileron  came  in  con¬ 
tact  with  the  wing  or  the  supporting  brackets,  (2)  the 
value  of  Ci  reached  a  maximum  positive  or  negative 
value  (optimum).  Table  II  lists  the  maximum  deflec¬ 
tion  for  each  position  and  the  limiting  factor  for  each. 
For  all  cases  that  appeared  to  warrant  it,  tests  were 
also  made  with  about  half  the  maximum  deflection 
and,  for  the  most  important  positions,  tests  were 
made  at  several  intermediate  aileron  angles. 

(4)  Lateral-stability  tests. — With  the  ailerons  at 
some  of  the  positions  shown  to  be  the  more  promising 
by  the  preceding  tests  (positions  1,  6,  26,  and  35),  the 
model  was  subjected  to  forced-rotation  tests  with  0° 
and  20°  of  yaw,  in  which  the  rolling  moments  due  to 
rolling  were  measured.  The  rate  of  rotation  employed 
about  the  wind  axis  (p')  was  such  that  p'b/ 2V=0.05, 
which  corresponds  to  the  maximum  rolling  velocity 
likely  to  be  encountered  in  controlled  (light  in  very 
gusty  air.  The  rolling  moments  are  given  in  terms  of 

the  coefficient  C\ = where  X  is  the  rolling  moment 

measured  while  the  wing  is  rolling. 

Tests  were  also  made  in  which  the  wing  was  allowed 
to  rotate  freely  and  the  initial  angles  for  instability 
were  measured,  both  with  the  wing  unyawed  and  yawed 
20°. 

Flight  tests. — In  order  to  obtain  information  on  the 
hinge  moment  and  lag  characteristics  of  this  type  of 
lateral  control,  flight  tests  were  made  at  the  aileron 
position  farthest  ahead  of  the  wing  and  at.  what 
appeared  to  be  the  best  position  in  the  region  over  the 
nose.  The  results  obtained  at  the  former  position 
showed  hinge  moments  to  be  so  heavy  that  the  con¬ 
trol  was  completely  useless.  At  the  rear  position  the 
results  were  more  satisfactory  and  are  discussed  later 
in  more  detail. 

Tabular  data. — Tables  III  to  XXVI  give  the  com¬ 
plete  test  data  obtained  with  the  ailerons  in  the  more 
promising  positions  (nos.  1,  3,  6,  12,  26,  35,  and  37). 

(  riterions  ol  speed  range,  climb,  rolling  control,  yawing 
moments,  and  lateral  stability  (see  reference  1)  with 
the  ailerons  in  these  positions  are  presented  in  table 
XXX  II.  The  effect  on  the  criterions  of  permitting 
the  symmetrical  ailerons  in  positions  1  and  37  to  float 
is  also  shown  in  this  table. 

DISCUSSION 

I  he  nature  and  degree  of  the  change  in  the  aerody¬ 
namic  characteristics  of  a  wing  owing  to  the  addition 
ol  ailerons  mounted  externally  to  it  are  dependent  | 
upon  (1)  the  chord,  span,  and  profile  of  the  aileron, 
(2)  the  location  of  the  aileron  relative  to  the  main 


wing,  and  (3)  the  manner  in  which  the  aileron  is 
employed.  In  the  present  report  the  first  classifica¬ 
tion  ot  variables  is  taken  into  account  by  confining  the 
principal  discussion  to  one  size  and  span  of  aileron 
and  neglecting  the  effect  of  the  small  difference  in 
aileron  chords  noted  under  Apparatus.  This  pro¬ 
cedure  appears  permissible  at  the  positions  in  which 
the  X.  A.  C.  A.  22  ailerons  were  tested  but  it  probably 
would  not  be  so  in  region  B,  The  differences  in 
characteristics  obtained  by  use  of  symmetrical  or 
cambered  airfoils  are  noted,  but  not  enough  tests  were 
made  of  both  ailerons  at  the  same  position  to  warrant 
any  general  conclusions  relative  to  the  effect  of  aileron 
profile.  The  second  variable  is  analyzed  in  some 
detail  in  a  series  of  contour  charts  showing  the  effect 
of  aileron-axis  location  upon  the  principal  aerody¬ 
namic  characteristics  of  the  wing  system.  The  third 
variable  is  taken  into  consideration  by  employing  the 
ailerons  in  what  appears  to  be  the  most  efficient 
manner  for  the  particular  region  in  which  they  are 
mounted.  Thus,  in  locations  where  the  ailerons  may 
be  used  to  advantage  as  a  flap,  this  feature  has  been 
investigated  and  the  optimum  deflections  for  lift  and 
drag  determined.  Likewise,  near  the  leading:  edge 
the  possibility  exists  of  improving  the  lift  of  the  main 
wing  by  using  the  ailerons  together  as  a  slat.  In  other 
locations  the  most  desirable  arrangement  is  to  mount 
the  ailerons  in  such  a  way  that  they  are  deflected  only 
for  control,  the  neutral  setting  remaining  constant  for 
all  flight  conditions.  The  contour  charts  therefore 
show  planes  of  discontinuity  where  the  method  of 
aileron  operation  changes.  In  the  charts  where  the 
contours  are  broken  near  the  leading  edge,  the  test 
data  were  considered  insufficient  to  complete  the 
curves. 

G E N  E R  A  I.  P E R FO RMANC E 

(Ailerons  Neutral) 

Wing  area  for  desired  landing  speed.  —The  value  of 
CLmmr  may  be  used  as  a  criterion  of  the  wing  area 
required  for  a  desired  landing  speed  or,  conversely,  for 
the  landing  speed  obtainable  with  a  given  wing  area. 
Figure  4  shows  the  effect  of  the  axis  location  of  the 
external  aileron  upon  this  parameter.  Of  the  aileron 
locations  tested  in  region  A,  where  the  aileron  was  not 
deflected  except  for  lateral  control,  the  best  position 
was  27  percent  of  the  main  wing  chord  ahead  of  the 
leading  edge  and  13  percent  above  the  chord  line. 
This  position  corresponded  very  closely  to  that  re¬ 
ported  in  references  2  and  3  as  being  the  optimum 
location  for  a  fixed  auxiliary  airfoil  of  the  size  and 
section  used.  Moving  the  ailerons  closer  to  the 
leading  edge  of  the  main  wing  progressively  reduced  the 
obtainable  value  of  CLmar.  If,  however,  the  aileron 
axis  were  not  moved  back  farther  than  about  15  per¬ 
cent  of  the  main  wing  chord  behind  the  leading  edge 
or  closer  than  about  10  percent  from  the  upper  surface, 
C Lmar  was  not  reduced  below  that  obtainable  with  the 
plain  wing  (1.250). 
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When  both  the  ailerons  were  allowed  to  float  and  to 
act  as  an  automatic  slat  in  region  C,  a  value  of  CLmax  = 
1.734  was  obtained  which  is  only  slightly  larger  than 
that  obtained  at  the  best  position  as  a  fixed  surface 
in  region  A  (1.695).  In  position  35,  region  B,  where 
the  aileron  could  be  used  as  a  flap,  a  value  of  CLmax  of 
1.810  was  obtained  with  both  of  the  ailerons  deflected 
45°  down.  This  value  is  about  4)2  percent  higher 
than  that  obtained  at  the  best  of  the  forward  posi¬ 
tions  and  about  45  percent  higher  than  that  for  the 
main  wing  alone,  the  coefficients  being  based  on  the 
total  area. 

High  speed. — The  value  of  CDmin  of  a  wing  may  be 
used  as  a  criterion  of  its  suitability  for  high-speed  use 
when  comparing  similar  airplanes  equipped  with  wings 
of  equal  area.  The  variation  of  the  values  of  CDmin 
with  aileron-axis  location  is  shown  in  figure  5.  The 
relatively  large  variations  in  C»m>n  between  the  best 
and  the  worst  positions,  and  the  relation  of  the  various 


ences  5  and  6,  compensated  for  the  differences  in  t! 
characteristics  of  the  variable-density  wind  tunc 
and  the  7-  by  10-foot  atmospheric  wind  tunnel,  tl 
value  of  CD  for  the  aileron  is  estimated  to 
0.0135.  From  these  values  it  follows  that  with  1 
interference  the  value  of  CDmin  of  the  combinatii 
would  be  about  0.0152. 

The  relatively  high  values  of  CDmin  found  for  ailer 
positions  in  region  A  may  be  attributed  to  the  \m 
air  speeds  in  this  region.  The  small  decrease  in  vale 
at  the  farthest  forward  position  (optimum)  was?, 
doubt  due  to  the  increased  supporting-fixture  dr 
almost  counterbalancing  the  effect  of  the  decrease 
air  speed  at  this  point.  The  very  high  value  found 
the  aileron  positions  closest  to  the  wing  and  30  tot 
percent  of  the  chord  from  the  leading  edge  is  attribu; 
able  to  high  speeds  plus  a  strong  unfavorable  inter 
ference  effect  between  the  wing  and  aileron  when  tin 
are  less  than  5  percent  of  the  main  wing  chord  apar 


Figure  4. — Effect  of  location  of  external  ailerons  on  Cl 

m  a  i  • 


values  to  that  for  the  wing  alone  may  be  best  analyzed 
by  a  consideration  of  the  three  principal  controlling 
factors:  (1)  The  minimum  values  of  the  drag  coeffi¬ 
cients  for  the  wing  and  ailerons  separately;  (2)  any 
mutual  interference  effects  between  the  wing  and  the 
ailerons  whereby  the  presence  of  one  airfoil  changes  the 
apparent  value  of  CD  of  the  other  one  by  affecting  the 
velocity,  turbulence,  or  curvature  of  the  air  stream 
passing  over  it;  and  (3)  the  supporting-fixture  drag — a 
factor  that  is  included  in  all  values  of  CDmin  given  in 
this  report. 

The  relative  importance  of  each  of  these  factors  at 
any  particular  location  may  be  estimated  bv  deter¬ 
mining  the  minimum  drag  coefficients  of  the  wing  and 
aileron  separately,  and  the  least  obtainable  value  of 
CDmin  if  the  effect  of  the  last  two  factors  be  considered 
negligible.  Tests  showed  the  main  wing  to  have  a 
value  of  CD  .  of  0.0155.  From  data  given  in  refer- 

‘"iin  c 


This  high-drag  area  may  be  expected  to  continm 
forward  to  the  leading  edge  for  aileron  positions  dost 
to  the  upper  surface  than  those  tested. 

In  region  C,  in  front  of  and  below  the  nose,  tli> 
aileron  position  having  the  lowest  drag  represents  tin 
nearest  approach  to  the  ideal  conditions  previous! 
outlined,  wherein  all  the  factors  tending  to  increas 
the  drag  are  a  minimum  and  the  resulting  drag  t 
nearly  the  sum  of  the  drag  of  the  two  airfoils  takei 
separately. 

In  region  B,  a  reduction  in  drag  due  to  the  aileron 
operating  in  the  wake  of  the  main  wing  is  noticeable 

Speed  range. — The  ratio  CLmJCDmin  is  a  convenin' 
figure  of  merit  for  comparing  the  effectiveness  o; 
different  wings  in  giving  a  large  speed  range.  Figur 
6  shows  the  effect  of  the  aileron  location  upon  th» 
criterion.  Inasmuch  as  the  value  of  Cl  ICDiri„  k 
the  wing  alone  is  approximately  80,  it  is  apparent  tha 


Percent  .chord  ,  ,  Per-cent  chord  .  .  Percent  chord 
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Figure  5.— Effect  of  location  of  external  ailerons  on  .  . 

mtn 


Figure  6.— Effect  of  location  of  external  ailerons  on  the  ratio  CLmaJCDm.K 


Figure  7. — Effect  of  location  of  external  ailerons  on  the  L/D  ratio  at  Cl =0.70  (rate-of-climb  criterion). 
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only  the  extreme  forward  positions  of  the  aileron  show 
improved  performance  over  the  plain  wing  if  the  aileron 
is  fixed  when  neutral.  The  best  floating  position  just 
ahead  of  and  below  the  nose,  region  C,  gives  approxi¬ 
mately  the  same  value  (109.1)  as  the  best  fixed  position 
in  region  A  (104.0),  but  the  best  flap  position  under 
the  trailing  edge,  region  B,  gives  a  substantially  higher 
value  (124.0). 

Rate  of  climb. — In  order  to  establish  a  suitable 
criterion  for  the  effect  of  the  wing  and  lateral  control 
system  on  the  rate  of  climb  of  an  airplane,  the  per¬ 
formance  curves  of  a  number  of  types  and  sizes  of 
airplanes  were  calculated,  and  the  relation  of  the 
maximum  rate  of  climb  to  the  lift  and  drag  curves 
was  studied.  This  investigation  showed  that  the 
LID  at  Cx=0.70  gave  a  consistently  reliable  figure  of 
merit  for  this  purpose.  Figure  7  shows  the  effect  of 
the  location  of  the  axis  of  external  ailerons  on  this 
criterion.  The  values  shown  were  not  in  every  case 
the  maximum  obtainable  but  the  variation  of  the 
criterion  with  aileron  angle  was  small  in  the  range 
of  angles  tested,  so  that  no  appreciable  difference  in 
the  contours  would  exist  if  all  points  had  been  plotted 
for  the  exact  maximum  values  of  the  criterion. 

In  region  C  the  ailerons  were  free  to  float  between 
stops.  In  positions  42,  44,  45,  and  46  the  ailerons 
were  against  the  upper  stop  for  CL= 0.70.  In  posi¬ 
tions  43  and  47  the  ailerons  rested  against  either  stop 
at  the  angle  of  attack  for  CL— 0.70,  depending  upon 
whether  the  angle  of  attack  had  been  approached  from 
above  or  below.  Slightly  different  values  of  the 
criterion  were  obtained  under  the  two  conditions,  the 
average  of  the  two  readings  being  plotted.  In  position 
48  the  ailerons  were  against  the  lower,  or  high  speed, 
stop  at  the  critical  value  of  CL.  It  is  probable  that 
the  ailerons  were  not  even  approximately  in  their  best 
attitude  for  climb  in  any  of  the  positions  in  this  group, 
except  perhaps  the  highest  one,  position  44. 

In  a  consideration  of  the  aileron  positions  in  region 
A,  a  section  of  very  low  values  of  the  climb  criterion  is 
seen  to  occur  about  15  percent  of  the  chord  from  the 
leading  edge.  Farther  back  the  criterion  rises  to  a 
value  almost  equal  to  the  maximum  measured  in  these 
tests.  A  value  of  the  criterion  equal  to  those  occurring 
near  the  trailing  edge  probably  might  be  found  between 
5  and  10  percent  ahead  of  the  leading  edge  and  from 
5  to  15  percent  of  the  chord  above  the  chord  line. 

The  flap  positions  in  region  B  also  gave  values  as 
high  as  any  others  found  with  the  external  ailerons, 
but  all  the  values  found  with  the  ailerons  were 
definitely  lower  than  that  for  the  main  wing  alone. 

LATERAL  CONTROL 

(Ailerons  Fully  Deflected) 

The  rolling-moment  coefficient  produced  by  the 
ailerons  about  the  wind,  or  tunnel,  axis  is  used  as 
the  primary  basis  for  comparison  of  the  aileron  loca¬ 


tions  discussed  in  this  report.  The  rolling-moinei 
coefficient  about  the  wind  axes  C /  is  used  in  prefe 
ence  to  the  coefficient  about  the  body  axes,  as  give 
in  some  previous  reports  in  this  series,  because  of 
better  qualitative  agreement  of  the  results  with 
tests  reported  in  reference  7. 

As  previously  stated,  the  setting  of  the  neufe 
aileron  at  each  location  in  region  A  corresponded; 
that  giving  the  best  general  performance.  In  regie 
C  the  neutral  setting  was  the  attitude  that  the  neutr; 
aileron  would  take  if  the  ailerons  were  allowed  ; 
float  between  stops,  as  outlined  in  the  discussion 
general  performance.  Thus,  for  up-only  deflectioi 
the  right  aileron  was  deflected  with  its  trailing  edg 
up  and  the  left  aileron  was  against  the  lower  stop 
and  for  down-only  deflection,  the  left  aileron  m 
deflected  with  its  trailing  edge  down  and  the  rigl. 
aileron  was  against  the  upper  stop.  In  region  E 
where  the  aileron  acted  as  a  flap,  the  neutral  ailero; 
setting  was  taken  arbitrarily  as  the  angle  giving  tl 
maximum  value  of  Z/Z>  at  ^=0.70  (table  II).  Tli 
value  of  the  neutral  angle  was  the  same  as  that  ft 
minimum  drag,  in  almost  all  cases.  In  the  few  excep 
tions,  the  critical  angle  of  deflection  was  10°  to  Is 
greater.  The  data  plotted  on  this  basis  are  intends 
to  give  only  a  general  picture  of  the  moments  obtaii 
able  in  the  various  locations,  the  more  promisii 
locations  being  dealt  with  later  in  greater  detail. 

Maximum  deflections  of  the  ailerons  were  governe 
in  all  cases,  by  interference  with  the  wing,  interfere! 
between  the  aileron  and  its  supporting  brackets,  or  by 
maximum  positive  or  negative  value  of  C /  being  if 
corded  at  some  smaller  deflection  than  the  limit  set  b 
interference  conditions.  It  is  therefore  apparent  tbs 
the  extreme  deflections  up  or  down  were  not  unifori 
for  all  positions,  but  discrepancies  in  the  contou; 
arising  from  this  source  are  considered  unimportan 

The  contour  charts  are  plotted  for  deflection  of  tl 
right  aileron  up  or  the  left  aileron  down.  If  it 
desired  to  estimate  the  effect  of  deflecting  the  aileror. 
differentially  at  any  particular  location,  the  algebra; 
sum  of  the  moments  due  to  the  right  and  left  aileror 
deflected  separately  must  be  used. 

Figures  8,  9,  and  10  show  the  variation  of  C\  wit: 
aileron-axis  location  for  up-only  deflection  of  the  rigl 
aileron  at  a=0°,  10°,  and  20°,  respectively.  Figurt 
11,  12,  and  13  give  the  corresponding  variation  is 
Cn  .  The  values  of  a  used  correspond,  respectively,! 
high-speed  flight,  the  maximum  angle  at  which  ord 
nary  ailerons  are  usually  considered  to  be  satisfactory 
and  stalled  flight.  Considering,  first,  all  positioi 
lying  in  regions  A  and  C,  two  tendencies  are  noticeabi 
First,  the  region  for  most  effective  action  of  the  aileror 
as  a  spoiler  moved  gradually  forward  with  increasit 
angle  of  attack  from  about  60  percent  of  the  chords 
0°  to  about  30  percent  at  20°.  Associated  with  tin 
movement  was  a  progressive  increase  in  the  rolling 
moment  coefficient  obtainable.  At  the  optima 
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Percent  chord 

Figure  8.— ESect  of  location  of  external  ailerons  on  CV.  Right  aileron  deflected  up-only.  «=0°. 


Percent  chord 


Figure  9.— Effect  of  location  of  external  ailerons  on  C{.  Right  aileron  deflected  up-only,  a  =  10°. 


Percent  chord 


Figure  10.— Effect  of  location  of  external  ailerons  on  CV.  Right  aileron  deflected  up-only.  «=20°. 
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Figure  11.— Effect  of  location  of  external  ailerons  on  CV.  Right  aileron  deflected  up-only.  a=0c. 
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Figure  12.— Effect  of  location  of  external  ailerons  on  C»'.  Right  aileron  deflected  up-only.  o=10°. 
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Figure  13.— Effect  of  location  of  external  ailerons  cn  CV.  Right  aileron  deflected  up-only.  a=20°. 
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position  for  roiling  moment  at  stalling  attitudes,  the 
increase  in  C!  was  from  0.0601  at  a=0°  to  0.1007  at 

a=20°. 

The  yawing  moments  accompanying  the  above- 
mentioned  rolling  moments  were  positive  at  all  angles 
of  attack  and  were  of  magnitudes  equal  to  or  greater 
than  the  yawing  moment  produced  by  a  conventional 
rudder.  At  the  position  for  optimum  C/  at  a  =  20° 
(position  12),  the  variation  in  Cn'  with  angle  of  attack 
was  opposite  to  that  shown  by  C{ ;  that  is,  C„'  decreased 
with  increasing  angle  of  attack. 

The  second  item  of  interest  is  the  constancy  of  the 
rolling-moment  coefficient  obtained  at  the  positions 
near  the  trailing  edge  where  the  “up-aileron”  is  the 
dominating  source  of  control.  Position  26  is  approxi¬ 
mately  the  best  in  this  region  and  corresponds  closely 
to  the  location  of  Zap  ailerons  (reference  8).  The 
rolling-moment  coefficients  here  were  found  to  be  about 
equal,  at  normal  angles  of  attack,  to  those  obtainable 
farther  forward  where  the  aileron  action  is  more  that 
of  a  spoiler;  but,  once  the  wing  was  stalled,  the  effec¬ 
tiveness  of  the  ailerons  was  found  to  be  seriously 
reduced. 

Yawing  moments  at  position  26  showed  the  same 
characteristics — positive  and  decreasing  with  increas¬ 
ing  a — as  at  the  positions  farther  forward,  with  the 
exception  that  the  moment  at  all  angles  of  attack  was 
definitely  smaller.  The  rate  of  decrease  in  yawing 
moment  with  increasing  angle  of  attack  was  higher  at 
this  position  than  farther  forward,  which  resulted  in 
almost  complete  disappearance  of  any  yawing  moment 
at  a=20°. 

When  the  aileron  movement  was  down-only  (figs. 
14,  15,  and  16)  the  rolling  moments  were  somewhat 
different.  The  optimum  location  for  the  aileron  when 
acting  as  a  spoiler  was  farther  forward  and,  obviously, 
higher  up.  A  similar,  though  greater,  increase  in 
effectiveness  with  angle  of  attack  was  noted  in  this 
region,  the  maximum  value  being  slightly  greater  than 
that  obtained  at  the  best  position  for  up-only  deflec¬ 
tion.  Near  the  trailing  edge,  on  the  other  hand,  down- 
only  deflections  gave  very  low  but  always  positive 
rolling  moments.  This  condition  may  be  attributed 
to  interference  effects  causing  a  loss  in  lift  on  the  trail¬ 
ing  edge  of  the  main  wing,  which  almost  counterbal¬ 
anced  the  increased  lift  on  the  aileron. 

Yawing  moments  produced  by  the  ailerons  when 
deflected  down-only  (figs.  17,  18,  and  19)  in  the  best 
region  near  the  leading  edge  showed  similar  charac¬ 
teristics  to  those  obtained  by  the  aileron  when  de¬ 
flected  up-onlv.  This  result  is  to  be  expected,  since 
in  each  case  the  action  of  the  aileron  was  to  spoil  the 
air  flow  over  the  wing  behind  it.  At  position  26  the 
yawing  moments  were  very  small  and  negative  (ad¬ 
verse)  at  all  angles  of  attack.  Comparing  up  deflec¬ 
tion  with  down  deflection  at  the  same  angles  of  attack, 
on  the  basis  of  maximum  rolling  and  yawing  moments, 


up-only  deflection  seems  to  be  preferable  in  both  the 
forward  “spoiler”  region  and  near  the  trailing  edge. 
Flight  tests  with  the  ailerons  mounted  in  position  6 
disclosed  that  this  direction  of  deflection  has  the  added 
advantage  of  counteracting  the  lag,  characteristic  of  a 
spoiler  (reference  7),  by  creating  a  down  load  on  the 
aileron  as  soon  as  it  is  deflected  and  before  the  flow 
over  the  main  wing  has  had  a  chance  to  assume  its 
new  pattern.  A  limited  differential  movement  is  aero- 
dvnamically  preferable  to  a  motion  in  one  direction 
only  near  the  trailing  edge  but  is  distinctly  not  advis¬ 
able  in  the  best  positions  farther  forward. 

The  small  negative  rolling  moments,  which  occurred 
at  a=0°  at  the  floating  leading-edge  positions  with 
either  up  or  down  deflection  (figs.  8  and  14),  may  be 
explained  by  the  fact  that  the  lift  curves  were  almost 
coincident  for  all  aileron  settings  at  this  angle  of  at¬ 
tack  and  that  a  deflection  in  either  direction  caused  a 
shift  in  the  lift  curve  opposite  to  that  occurring  at 
higher  angles  of  attack.  Thus,  external  ailerons  in 
region  C  would  be  apparently  unsatisfactory  as  prac¬ 
tical  lateral  control  devices  if  used  alone. 

The  contours  of  rolling  and  yawing  moments  pro¬ 
duced  by  external  ailerons  below  the  trailing  edge  fol¬ 
low,  with  a  few  exceptions,  the  characteristics  of  ordi¬ 
nary  ailerons.  Up-only  deflection  produced  slightly 
lower  rolling  moments  than  down-only  at  normal 
angles  of  attack,  apparently  owing  to  the  greater 
shielding  by  the  wing  when  the  trailing  edge  of  the 
aileron  was  deflected  upward.  Down-only  deflection 
produced  small  negative  rolling  moments  beyond  the 
stall,  whereas  up-only  deflection  produced  small  posi¬ 
tive  moments.  Yawing  moments  were  consistently 
negative  and  large  when  the  aileron  was  deflected 
down-only.  With  up-only  deflection  the  yawing 
moments  were  either  positive  or  negative,  depending 
on  the  angle  of  attack  and  the  proximity  of  the  aileron 
to  the  main  wing.  At  a— 0°  a  limited  region  of  small 
negative  yawing  moments  existed  close  to  the  trailing 
edge  of  the  main  wing.  At  higher  angles  of  attack 
this  negative  region  expanded  considerably  and  nega¬ 
tive  moments  reached  a  maximum  value  of  —0.0095 
at  position  30  and  a=20°. 

It  is  of  interest  to  note  the  relatively  sudden  drop 
in  yawing  moment  for  both  upward  and  downward 
deflection  for  aileron  positions  occurring  just  to  the 
rear  of  the  trailing  edge  of  the  main  wing.  This 
characteristic  is  due  to  the  fact  that  the  angle  of 
deflection  for  maximum  rolling  moment  at  position  37 
was  less  than  at  position  35.  Foiling  moments  ob¬ 
tained  at  the  two  positions  showed  position  35  to  be 
preferable  for  use  with  down-only  deflection,  except  at 
a=20°;  and  position  37  better  with  up-only  deflection, 
except  at  cv=0°.  Since  the  rolling  moment  obtainable 
is  not  the  deciding  factor  the  choice  of  one  of  the  two 
positions  for  an  optimum,  using  both  up  and  down 
deflection,  lies  in  evaluating  the  relative  desirability 
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Figure  15. — Effect  of  location  of  external  ailerons  on  CY.  Left  aileron  deflected  down-only.  a=10°. 


Figure  16. — Effect  of  location  of  external  ailerons  on  CY.  Left  aileron  deflected  down-only,  a- 20°. 


Percent  chord  .  .  Percent  chord  i  .  Percent  chord 


AUXILIARY  AIRFOILS  USED  AS  EXTERNAL  AILERONS 


91 


- 1 - - - ! _ _ _ ! _ _ _ I _ _ 1 _ | _ 

-30  -20  -!0  0  !0  20  30  40  50  60  70  80  90  tOO  HO 


Percent  chord 

Figure  17.— Effect  of  location  of  external  ailerons  on  C3.  Left  aileron  deflected  down-only.  a=0°. 


Percent  chord 

Figure  18.— Effect  of  location  of  external  ailerons  on  C„'.  Left  aileron  deflected  down-only.  a=10°. 


Figure  19.— Effect  of  location  of  external  ailerons  on  C„'.  Left  aileron  deflected  down-only.  a=20°. 
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of  maximum  lift,  speed  range  (see  figs.  4  and  G),  and 
adverse  yawing  moments. 

CRITERION  TABLE 

General  performance  or  control. — The  principal  char¬ 
acteristics  of  the  model  with  the  external  ailerons 
mounted  in  seven  positions  of  especial  interest  (1,  3, 
G,  12,  26,  35,  and  37)  are  presented  in  table  XXVII 
with  the  corresponding  data  for  the  plain  wing  with 
no  ailerons  and  with  ordinary  ailerons  of  average  size. 
The  external  aileron  positions  listed  were  chosen  as 
being  the  most  favorable  for  performance  and/or  con¬ 
trol  as  pointed  out  in  the  preceding  discussion. 

Three  possible  arrangements  arc  given  for  position 
1:  Cambered  ailerons  and  symmetrical  ailerons  each 
fixed  at  its  optimum  setting,  and  symmetrical  ailerons 
arranged  to  float.  The  table  shows  that  the  cambered 
ailerons  gave  the  higher  maximum  lift  coefficient  but 
the  symmetrical  ones  gave  a  lower  minimum  drag 
coefficient.  The  rate-of-climb  criterion  is  low  for  all 
three  cases  as  compared  with  that  obtained  with  the 
plain  wing,  that  with  the  fixed  symmetrical  ailerons 
being  definitely  the  lowest. 

With  respect  to  control,  the  wing  with  the  cambered 
N.  A.  C.  A.  22  ailerons  is  best  at  low  angles  of  attack 
but  the  effectiveness  of  even  this  arrangement  is  verv 
low  as  compared  with  that  obtainable  with  ordinary 
ailerons.  The  value  of  the  rolling  criterion  ( RC'  = 
Ci'/CL)  shown  is  below  what  may  be  considered  the 
extreme  lower  limit  of  usable  control,  being  about 
one-third  of  the  value  that  has  been  taken  as  satis¬ 
factory  in  this  series  of  tests  (RC  —  0.075).  At  higher 
angles  of  attack  the  value  of  RC'  with  all  three  ar¬ 
rangements  increases  to  what  is  probably  a  usable 
value  (0.040). 

Yawing  moments  obtained  by  use  of  external  ailerons 
in  this  location  were  always  positive  and  fairly  large 
except  when  the  airfoil  was  allowed  to  float.  The 
secondary  rolling  moments  resulting  from  the  yawing 
motion  and  attitude  induced  by  these  moments  would 
improve  the  rolling  control  obtainable,  but  it  is  not 
likely  that  the  entire  effect  woidd  be  satisfactory.  In 
addition,  full-scale  tests  (not  yet  published)  have 
shown  that  this  lateral  control  system  suffered  from 
an  appreciable  time  lag  between  the  instant  of  control- 
stick  movement  and  the  beginning  of  a  rolling  motion. 

Three  positions  (3,  G,  and  12)  are  of  interest  as  pos¬ 
sible  locations  for  nonfloating  external  ailerons  mounted 
above  the  forward  part  of  the  main  wing.  Position  12 
is  the  aileron  location  at  which  the  greatest  rolling  con¬ 
trol  was  obtainable  without  regard  to  the  effect  of  the 
ailerons  on  the  performance  of  the  main  wing.  Posi¬ 
tion  6  was  tested  in  flight  because  it  showed  better 
general  performance  characteristics  than  position  12 
and  only  slightly  different  control  effectiveness.  Posi¬ 
tion  3  shows  the  available  rolling  control  at  an  aileron 
location  that  detracts  the  least  from  the  performance 


characteristics  of  the  plain  wing.  Each  of  these  p 
tions  is  discussed  in  detail  in  the  following  paragrajj 
Position  12  is  considered  to  be  representative  ot 
best  location  for  external  ailerons  when  no  accoun 
taken  of  the  effect  of  the  ailerons  on  the  general; 
formance  of  the  main  wing.  Values  of  RC'  obtaii 
at  this  position  were  equal  to  or  better  than  those 
plain  ailerons  at  a=0o  and  10°  and  were  moretl 
twice  as  great  at  a=20°.  At  a=30°  the  control  fa: 
completely,  but  the  importance  of  results  at  this  an; 
of  attack  is  slight.  Yawing  moments  were  large- 
positive  at  all  angles  of  attack  up  through  20°.  Sn 
negative  yawing  moments  appeared  only  at  low  del 
tions  at  a=20°  and  at  about  half  deflection  at  a=| 
Lag  in  the  control  action  following  displacement  of 
ailerons  should  not  be  appreciable  with  up-only  mo¬ 
ment  at  this  axis  location  because  the  immediat 
effective  down  load  on  the  aileron  itself  tends  to  co 
teract  the  delay  (characteristic  of  plain  spoilers) 
tween  the  time  of  control  movement  and  the  reest 
lishment  of  steady  flow  conditions. 

The  disadvantages  of  mounting  external  ailerons 
position  12  are  mainly  due  to  their  effect  on  the  gens 
performance  of  the  wing  system.  The  value  of  C 
was  only  decreased  about  3%  percent,  but  that 
CDmin  was  increased  30  percent,  resulting  in  a  decre; 
in  the  ratio  CLmJCDmin  of  35  percent.  The  climb; 
terion  was  likewise  decreased  from  15.9  for  the  pi 
wing  to  12.5  for  the  wing  with  external  ailerons. 

The  general  performance  characteristics  of  the  w 
with  the  external  ailerons  in  position  6  were  super 
except  for  climb,  to  those  obtained  when  the  ailer 
were  mounted  in  position  12.  Flight  tests  were  0!; 
on  a  Fairchild  22  airplane  equipped  with  exteri 
ailerons  in  position  G,  having  spans  equal  to  half 
wing  semispan  and  chords  15.2  percent  of  the  m 
wing  chord.  These  tests  showed  a  serious  lag  in  c; 
trol  response  when  the  aileron  was  deflected  downwai 
and  heavy  hinge  moments  with  either  direction  of 
flection.  Use  of  up  deflection  eliminated  the  lag.  1 
axis  position  was  moved  in  steps  from  20  percent 
the  chord  of  the  aileron  to  25  percent  of  the  chord  in 
attempt  to  decrease  the  hinge  moment  but  this  anm 
of  movement  was  found  to  be  insufficient  to  reduce 
moment  to  a  satisfactory  magnitude.  The  axis? 
not  moved  farther  to  the  rear  because  of  indications 
overbalance. 

The  values  of  RC'  and  yawing-moment  coeffick 
given  in  table  XXVII  for  position  6  are  from  the  res; 
of  the  wind-tunnel  tests  using  up-only  deflect! 
Downward  deflection  gave  somewhat  greater  coni 
effectiveness,  but  the  lag  characteristics  associa 
with  this  type  of  movement  render  it  entirely  unst 
able  for  use. 

Table  XXVII  shows  the  performance  values  o; 
wing  with  external  ailerons  mounted  in  position  3  to 
practically  equal  to  those  for  a  plain  wing,  except 
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climb.  The  values  of  RC'  show  the  relatively  unusual 
characteristic  of  being  almost  constant  relative  to  angle 
of  attack  up  to  a  =  20°.  A  loss  in  control  occurs  beyond 
this  angle  of  attack  but  the  decrease  is  much  smaller 
than  that  experienced  by  the  wing  equipped  with  plain 
ailerons  or  any  of  the  external  ailerons  thus  far  dis¬ 
cussed  except  in  the  farthest  forward  location,  position  1 . 
The  magnitude  of  the  rolling  criterion  shows  the  con¬ 
trol  to  be  usable  but,  if  the  secondary  rolling  moments 
due  to  the  strong  positive  yawing  moments  are  taken 
into  consideration,  somewhat  greater  rolling  action 
may  be  expected.  The  direction  of  deflection  (up) 
for  best  control  at  this  aileron  location  is  such  that 
little  or  no  lag  might  be  expected. 

It  is  of  importance  to  note  that  at  positions  1,  3,  6, 
and  12  the  best  control  effectiveness  is  obtained  by  a 
relatively  large  deflection  of  only  one  aileron.  Mechan¬ 
ical  linkages  to  obtain  this  type  of  motion  with  a 
smoothly  acting  control  having  light  operating  forces 
are  extremely  difficult  to  devise.  The  mechanical 
advantage  is  poorer  than  when  both  ailerons  move 
simultaneously  through  smaller  deflections,  and  the 
inertia  effect  when  one  aileron  must  be  brought  to  rest 
and  the  other  put  in  motion  in  reversing  control  is 
undesirable.  These  problems  are  greatly  simplified  by 
the  conventional  aileron  linkages  in  which  the  ailerons 
move  through  the  neutral  position.  This  condition 
could  be  obtained  in  some  measure  for  the  external 
ailerons  by  rigging  them  at  a  slightly  nose-down  angle 
when  neutral  (nose  up  for  position  1)  and  giving  them 
an  extreme  differential  motion.  Figures  20,  21,  22, 
and  23  show,  however,  that  the  minimum  drag  would 
be  increased  and  the  maximum  lift  slightly  decreased 
by  such  an  expedient.  (See  also  reference  3.) 

Position  26  corresponds  closely  to  the  position  for  the 
Zap  aileron.  The  general  performance  of  the  wing 
with  the  external  ailerons  in  this  location  was  found  to 
be  distinctly  inferior  to  the  plain  wing  when  either  a 
symmetrical  or  a  cambered  airfoil  was  used.  (See 
fig.  24  and  table  XXVII.)  The  cambered  airfoil  was 
mounted  inverted  for  the  purpose  of  investigating  the 
possibility  of  reducing  the  minimum  drag.  Appar¬ 
ently  the  camber  of  the  X.  A.  C.  A.  22  airfoil  was  too 
great  to  accomplish  this  object  because  the  symmetrical 
airfoil  set  at  the  same  optimum  angle  resulted  in  a 
lower  minimum  drag.  Even  in  this  case  no  reduction 
in  drag  as  compared  to  that  of  the  plain  wing  was 
effected.  Control  effectiveness  as  measured  by  RC' 
was  equal  to  or  slightly  better  than  that  with  plain 
ailerons  up  through  a=20°.  Yawing  moments  for 
the  wing  with  either  type  of  ailerons  were  positive 
and  large  at  low  angles  of  attack  but  fell  off  as  a 
increased  and  became  slightly  negative  at  and  above 
a=20°.  This  condition  compares  favorably  with  the 
characteristics  of  ordinary  ailerons,  which  give  negative 
yawing  moments  at  all  angles  of  attack. 


In  region  B  the  ailerons  may  be  used  as  flaps  as  well 
as  ailerons.  The  characteristics  of  positions  35  and  37 
(see  figs.  25  and  26)  overlap  in  a  manner  that  prevents 
definite  preference  of  one  to  the  other.  In  a  com¬ 
parison  of  the  various  features  of  both  positions  simul¬ 
taneously  the  following  points  may  be  noted:  The  loca¬ 
tion  of  the  two  positions  differed  by  only  1}{  percent  of 
the  main  wing  chord.  The  angle  of  deflection  of  the 
ailerons  for  minimum  drag  was  the  same  for  both 
positions  but  the  angle  for  maximum  lift  was  consider¬ 
ably  greater  at  the  forward  position  35  than  at  position 
37.  These  conditions  indicate  that  smaller  control 
forces  are  required  to  lower  the  flap  in  position  37. 
Maximum  lift  and  minimum  drag  for  the  two  positions 
with  the  flap  up  were  the  same,  taking  into  account 
the  accuracy  of  determination  of  the  results.  In 
regard  to  CLmaz  with  the  flap  down,  position  35  was 
superior  by  about  6  percent,  the  value  obtained 
(1.810)  being  the  highest  of  any  found  in  the  course  of 
this  investigation.  Speed  range,  as  indicated  by  the 
criterion  CLmJCDmin,  shows  the  forward  position  to 
be  slightly  preferable.  The  climb  criterion  is  shown 
appreciably  different  for  the  two  positions,  but  it  is 
to  be  noted  that  the  value  given  for  position  37  is  for  a 
downward  aileron  deflection  of  5°,  whereas  the  angle 
for  position  35  is  the  same  as  that  for  high  speed 
(5.4  =  —  5°).  No  real  difference  between  the  two  aileron 
locations  would  be  expected  to  exist,  however,  if  the 
optimum  setting  of  the  flap  for  climb  had  been  used  in 
each  case. 

The  two  positions  were  practically  equal  with  regard 
to  rolling  moments  except  at  the  relatively  unimportant 
angle  of  attack  of  30°  where  the  position  37  was  dis¬ 
tinctly  better.  Yawing  moments  for  the  two  positions 
had  large  adverse  values  at  all  angles  of  attack  but  at 
a=  10°  and  a=20°  they  were  in  the  order  of  40  percent 
lower  and  at  a=0°  they  were  about  75  percent  lower 
at  position  37  than  at  35.  In  fact,  the  yawing  moments 
for  position  37  are  no  greater  than  those  for  standard 
conventional  ailerons  with  equal  up-and-down  deflec¬ 
tion. 

Position  37  probably  represents  the  nearest  approach 
to  satisfactory  control  of  any  of  the  external  aileron 
positions  tested.  At  this  point  the  control  action  is 
not  greatly  different  from  that  of  conventional  ailerons. 
It  should  be  noted,  however,  that  the  control  linkage 
for  obtaining  the  best  possible  results  with  the  dual 
action  of  flap  and  aileron  is  likely  to  be  relatively  com¬ 
plicated.  In  addition,  when  the  aileron  is  deflected 
from  the  liigh-lift  position  the  large  amount  of  up-only 
deflection  is  likely  to  result  in  an  unstable  control  force 
unless  special  precautions  are  taken  to  avoid  this 
tendency.  These  disadvantages  might  be  overcome, 
however,  if  the  maximum  rolling  control  were  not  re¬ 
quired.  For  example,  a  moderate  amount  of  control 
with  a  reasonably  high  value  of  CLmaz  could  be  obtained 
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Figure  20.— Lift,  drag,  and  center  of  pressure  of  Clark  Y  wing  with  symmetrical  and  cambered  external  ailerons  in  position  1. 


Figure  21.— Lift,  drag,  and  center  of  pressure  of  Clark  Y  wing  with  symmetrical  external  ailerons  in  position  3. 
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Figure  23. — Lift,  drag,  and  center  of  pressure  of  Clark  Y  wing  with  symmetrical  external  ailerons  in  position  12. 
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Figure  24.— Lift,  drag,  and  center  of  pressure  of  Clark  Y  wing  with  symmetrical  and  cambered  external  ailerons  in  position  26. 
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if  a  maximum  flap  deflection  of  20°  were  used  and  the 
ailerons  were  given  an  ordinary  differential  motion. 
In  that  case  a  satisfactorily  light  and  smooth  control 
force  could  be  obtained  with  a  relatively  simple  linkage. 

Lateral  stability. — Tests  on  factors  influencing  lateral 
stability  were  made  only  at  positions  1,  6,  26,  and  35. 
Data  on  the  plain  wing  with  and  without  ordinary 
ailerons  are  also  given  as  a  basis  for  comparison. 

Considering  first  the  angle  of  attack  above  which 
the  wing  tends  to  autorotate  when  the  ailerons  were 
mounted  in  position  1,  the  angles  for  initial  instability 
were  higher  than  with  the  plain  wing.  This  condition 
held  true  for  both  the  cambered  and  symmetrical 


When  the  ailerons  were  mounted  in  positions  6,  26, 
or  35,  the  angles  for  initial  instability  were  approxi¬ 
mately  the  same  as  for  the  plain  wing  except  when  the 
ailerons  were  deflected  for  use  as  a  flap  in  position  35. 
In  this  case,  the  angle  for  initial  instability  at  zero 
rate  of  roll  was  considerably  reduced,  which  was  to  be 
expected  from  the  shift  of  the  lift-coefficient  curve 
shown  in  figure  22.  An  autorotational  tendency 
definitely  before  the  stall  did  not  occur,  however,  with 
the  aileron  mounted  in  this  position  near  the  trailing 
edge  as  it  did  in  position  1.  In  fact,  at  position  35, 
damping  against  rolling  existed  until  the  wing  was 
definitely  beyond  the  angle  for  maximum  lift.  When 


Figure  26.— Lift,  drag,  and  center  of  pressure  of  Clark  Y  wing  with  external  ailerons  in  position  37.  The  coordinates  of  all  points  on  the  curves  for  5a  =25° 

not  marked  (X)  are  interpolated  from  data  obtained  at  5.1=20°  and  30°. 


ailerons,  the  highest  angles  being  reached  when  the 
cambered  ailerons  were  used.  This  delay  in  the  angle 
for  initial  instability  was  due  to  the  later  stalling  angle 
of  the  wing  with  external  ailerons,  but  it  is  important 
to  note  (see  fig.  20)  that  autorotation  occurred  6° 
before  the  st  11  for  both  aileron  profiles  tested. 

The  autorotational  moments  at  a  rate  of  rotation 
such  that  p'b/2\'  =  0.05  occurred  at  approximately  the 
same  initial  angle  of  attack  as  that  at  which  autorota¬ 
tion  was  self-starting.  With  20°  yaw  the  initial  angle 
was  about  3°  lower  with  either  the  cambered  or  sym¬ 
metrical  airfoil  in  position  1  but  about  6°  lower  with 
the  plain  wing  alone. 


the  ailerons  were  mounted  in  position  35  and  the  wing 
was  rolled,  the  angle  for  initial  autorotational  tend¬ 
ency  at  0°  yaw  was  only  slightly  lower  but,  at  20° 
yaw,  autorotation  occurred  over  the  entire  normal- 
flight  range,  as  compared  to  beginning  at  about  a=10° 
for  the  plain  wing.  The  significance  of  this  condition 
in  relation  to  the  lateral-stability  characteristics  of  a 
complete  airplane  is  largely  dependent  upon  the  fin 
and  rudder  design,  dihedral,  and  other  aerodynamic 
features  of  the  airplane.  In  general,  however,  the 
increase  in  range  over  which  the  wing  autorotates 
corresponds  to  the  condition  produced  by  an  increase 
in  dihedral,  a  change  that  increases  the  spiral  stability 
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of  an  airplane  but  makes  it  more  difficult  to  maintain 
a  yawed  attitude  such  as  might  be  employed  in  a  cross- 
wind  landing.  Judging  from  as  yet  unpublished  data 
on  rolling  moments  due  to  yaw  with  various  degrees 
of  dihedral,  the  particular  flap  arrangement  here  dis¬ 
cussed  corresponds,  over  the  normal-flight  range,  to 
about  4°  of  dihedral. 

Maximum  rolling  moments  due  to  rolling  ( C\ )  en¬ 
countered  at  a  rate  of  rotation  such  that  p'b/2V—0.05 
are  shown  at  the  bottom  of  table  XXVII.  The  wing 
without  ailerons  showed  distinctly  smaller  moments 
than  the  wing  with  ordinary  ailerons  at  0°  yaw  but 


SIZE  OF  AILERONS 

Tests  conducted  on  a  Clark  Y  wing  having  Handlei 
Page  tip  slots  of  various  spans  (reference  9)  showed  that 
decreasing  the  slot  to  even  slightly  less  than  full  spaa 
cut  down  the  increase  in  lift  due  to  the  slot  very  mate¬ 
rially.  It  was  to  be  expected  that  the  effect  upon 
CLmaz  of  external  ailerons  would  vary  with  span  in  the 
same  manner.  Thus,  where  either  an  increase  or  a  de¬ 
crease  in  CLmai  was  obtained  by  use  of  full-span  aileron? 
use  of  less  than  full-span  ailerons  would  cause  only  a 
small  portion  of  this  change.  Variation  of  CDm{n  and 
L/D  at  CL= 0.70  with  aileron  span  is  likely  to  be  ap- 


Figure  27. — Rolling  moment  due  to  rolling,  p'6/2  V=0.05.  Clark  Y  wing  with 

no  ailerons. 

about  the  same  moments  at  20°  yaw.  Maximum 
values  of  C\  for  all  the  positions  of  the  ailerons  tested 
were  about  equal  to  the  wing  without  ailerons  at  zero 
yaw.  At  20°  yaw,  however,  the  wing  with  the  ailerons 
in  position  1  showed  a  considerable  reduction  in  unsta¬ 
ble  moments.  At  positions  26  and  35  smaller  differ¬ 
ences  occurred,  but  the  distinction  is  not  sufficient  to 
draw  any  conclusions  therefrom. 

The  values  of  C\  are  plotted  against  angle  of  attack 
in  figure  27  for  the  plain  wing  without  ailerons  and  in 
figures  28  and  29  for  the  wing  with  external  ailerons  in 
position  35.  Similar  curves  for  position  26  vary  only 
slightly  from  those  for  the  wing  without  ailerons. 
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Figure  28. — Rolling  moment  due  to  rolling,  p’b/2  V=0.05.  Clark  Y  wing  wir 
symmetrical  external  ailerons  in  position  35.  5^  =  — 5°. 

proximately  proportional  to  the  span  of  the  aileron 
The  rolling  and  yawing  moments  obtainable  with  fub 
span  ailerons  would  be  reduced  by  using  ailerons  tha‘ 
extended  over  only  the  outer  portion  of  the  wing,  bu’ 
the  reduction  would  be  much  less  abrupt  than  tli 
change  in  CLmaI  for  the  same  differences  in  aUeroi 
span  length;  far  example,  use  of  only  the  outer  lin 
of  each  semispan  would  give  a  value  for  the  moment 
about  three-quarters  of  that  obtainable  by  using  tl 
entire  semispan. 

The  effect  of  changing  the  chord  of  external  aileron: 
is  more  difficult  to  estimate,  but  it  is  expected  that 
variations  within  reasonable  limits  associated  wit 
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changes  in  the  axis  location  to  maintain  approximately 
the  same  geometrical  relation  between  the  wing  and 
aileron  when  deflected  would  have  only  a  small  influ¬ 
ence  on  the  rolling  and  yawing  moments  obtainable 
and  on  the  performance  characteristics  of  the  wing. 

From  the  preceding  discussion  it  is  apparent  that,  if 
it  is  necessary  to  use  less  than  full-span  ailerons,  the 
greatest  over-all  efficiency  may  be  obtained  by  placing 
the  ailerons  in  a  position  giving  good  control  and  poor 
performance  rather  than  one  giving  primarily  good 
performance. 


Figure  29.  —Rolling  moment  due  to  rolling.  p'b/2V=0.05.  Clark  Y  wing  with 
symmetrical  external  ailerons  in  position  35.  5  a  =45°. 

CONCLUSIONS 

The  following  conclusions  apply  specifically  to 
external  ailerons  having  a  symmetrical  profile,  a  chord 
15  percent  of  the  main  wing  chord,  and  a  span  equal 
to  the  main  wing  span.  Position  of  the  ailerons  is 
specified,  in  all  cases,  relative  to  a  point  20  percent  of 
the  aileron  chord  from  its  leading  edge.  The  coordi¬ 
nates  of  this  point  relative  to  the  leading  edge  of  the 
chord  of  the  main  wing  are  given  in  percent  of  the 
main  wing  chord. 

1.  Purely  from  the  consideration  of  the  rolling 
moment  obtainable  at  all  angles  of  attack,  the  most 


favorable  location  for  external  ailerons  was  found  to 
be  30  percent  back  of  the  leading  edge  and  about  3 
percent  above  the  upper  surface.  Use  of  external 
ailerons  in  this  position  had  an  adverse  effect  on  the 
general  performance  characteristics  of  the  main  wing. 

2.  External  ailerons  mounted  1G  percent  above  the 
chord  line  at  the  leading  edge  of  the  main  wing  and 
using  up-only  deflection  gave  low  but  usable  rolling 
moments  at  all  angles  of  attack,  large  favorable  yawing 
moments,  and  performance  characteristics  equal  to 
those  of  the  plain  wing  in  all  respects  except  climb. 

3.  Use  of  external  ailerons  mounted  in  the  optimum 
position  for  a  fixed  auxiliary  airfoil  (27  percent  ahead 
of  the  leading  edge  and  13  percent  above  the  chord) 
did  not  give  satisfactory  control  under  any  conditions. 

4.  The  best  position  for  a  full-span  combined  flap 
and  aileron  was  2.5  percent  below  and  2.5  percent 
behind  the  trailing  edge  of  the  main  wing.  Rolling 
and  yawing  moments  obtainable  by  deflection  of  the 
ailerons  from  either  the  low-drag  or  the  high-lift 
neutral  settings  were  not  greatly  different  from  those 
given  by  ordinary  ailerons.  The  control  linkage  is 
likely  to  be  complicated  if  full  advantage  is  to  be  taken 
of  the  available  rolling  moments  in  both  flap  settings. 

5.  At  any  position  where  the  principal  action  of  the 
aileron  is  to  spoil  the  flow  over  the  upper  surface  of 
the  main  wing,  up-only  deflection  is  preferable  to  down- 
only  because  of  the  lag  with  the  latter. 

6.  External  ailerons  did  not  give  entirely  satisfac¬ 
tory  control  and  wing  performance  in  any  position 
tested. 

Flight  tests  have  shown  that  it  is  very  difficult  to 
design  a  practical  control  linkage  which  will  move  an 
aileron  through  a  large  angular  deflection  in  one 
direction  only  (such  as  is  necessary  to  obtain  the 
maximum  values  of  0/  in  many  external  aileron 
positions),  with  a  smoothly  graduated  and  reasonably 
light  control  force  over  the  entire  range  of  aileron 
deflections. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Ya.,  July  88,  1934 ■ 
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TABLE  III 

FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD 

N.  A.  C.  A.  0012  AILERON,  POSITION  1 

R.  N. =609,000  Velocity=80  m.  p.  h.  Yaw=0° 


1 

a _ _ _ 

-10° 

1 

C/1 

0 

1 

0 

0° 

2° 

4° 

O 

*d 

10° 

15° 

20° 

22° 

24° 

25° 

O 

CC 

(M 

1 

28° 

30° 

40° 

6.4 

AILERONS  NEUTRAL 

Cl-.- . 

0° 

-0.  313 

-0.035  :  0.035 

0.  326 

0.463 

0.  606 

0.699 

0.  965 

1.  238 

1.473 

1.  556 

1.  656 

1.695 

1.  021 

0.  965 

0.  944 

0.921 

Cn _ _ 

0° 

.050 

.0176!  .0165 

.021 

.029 

.043 

.067 

.  127 

.212 

.320 

.376 

.434 

.467 

.481 

.514 

.  550 

.733 

C  ' 

Uwe/  4 - 

0° 

-.  093 

»o 

05 

f 

0 

f 

-.038 

— 

-.012 

.014 

.039 

.056 

.061 

.064 

.063 

.002 

.000 

.002 

-.003 

RIGHT  AILERON  DOWN. 

LEFT  AILERON  0° 

O'.  . 

5° 

0.004 

i 

-0.001  L__ . 

-0.  001 

0.  001 

0.000 

0.  001 

0.  002 

0.  007 

0.  002 

0.000 

0.003 

cv 

5° 

-.001 

.000  _ 

.000 

.002 

.002 

.003 

.002 

.  000 

.000 

.  001 

.000 

CY  . 

10° 

.002 

-.001  _ 

.  000 

.002 

.002 

.004 

.005 

—  .009 

.  005 

.001 

.005 

Cn'  . 

10° 

002 

.000  j _ 

.001 

.003 

.004 

.  006 

.  006 

.  005 

.002 

.002 

.001 

Cl'  . 

30° 

-.  006 

-.002  . 

.007 

.015 

.017 

.023 

.050 

.016 

.021 

.017 

.017 

Cn' _ 

30° 

.000 

.003  ' _ 

.006 

.011 

.014 

.015 

.012 

.  009 

.  006 

.002 

.001 

Cl'.. 

50° 

—.017 

-.010  _ 

.  005 

.028 

.049 

.069 

.074 

.032 

.037 

.  036 

.028 

Cn 

50° 

.008 

.006  i _ 

.  008 

.  016 

.017 

.016 

.016 

.  01 1 

.008 

.  000 

.003 

LEFT  AILERON  UP.  RIGHT  AILERON  0° 

Cl’ 

5° 

0.  000 

-0.003  . . 

-0.  002 

0.001 

0.  000 

0.  015 

0.017 

0.010 

0.  000 

-0.  002 

0.002 

Cn 

5° 

.  000 

-.001  _ 

.000 

.002 

.002 

.003 

.002 

.000 

.  000 

.002 

.000 

Cl'  . 

10° 

.  003 

-.004  _ 

-.  004 

.002 

.001 

-.  016 

-.  020 

.010 

-.002 

-.  006 

.002 

Cn' _ 

10° 

-.001 

-.002  . 

.000 

.004 

.004 

.002 

.002 

— 

.002 

.002 

.005 

.003 

AUXILIARY  AIRFOILS  USED  AS  EXTERNAL  AILERONS 
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FORCE  TESTS.  10-  BY  00-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD 

N.  A.  C.  A.  0012  AILERON,  POSITION  1 

R.  N.  =609,000  Velocity=80  in.  p.  h.  Yaw=— 20° 


. . . 

-10° 

-5° 

0° 

10° 

15° 

20° 

22° 

25° 

28° 

30° 

35° 

40° 

5  A 

AILERONS  NEUTRAL 

Cl . - . 

0° 

-0.300 

-0. 045 

0.280 

0.  882 

1. 137 

1.369 

1.448 

1.  350 

1. 186 

1.  151 

0. 970 

0.  880 

Cd . - . — 

0° 

.  056 

.024 

.025 

.  112 

.  185 

.285 

.333 

.445 

.565 

.600 

.640 

.710 

C / - 

0° 

-.001 

-.004 

-.004 

-.008 

-.014 

-.021 

-.023 

-.028 

-.060 

— .  056 

-.058 

-.041 

Cn' - -  -  --  ----------------------- 

0° 

.001 

.000 

.000 

.004 

.008 

.014 

.016 

.023 

.023 

.027 

.042 

.036 

RIGHT  AILERON  DOWN.  LEFT  AILERON  0° 

Cl' . - . ~ 

50° 

-0.009 

-0.009 

-0.004 

0.002 

0.003 

0.014 

0.  020 

0.030 

-0.002 

-0.  001 

-0.  006 

0.004 

Cn  ---------------------------- 

50° 

.009 

.010 

.012 

.022 

.030 

.036 

.037 

.038 

.035 

.034 

.040 

.033 

TABLE  V 

ROTATION  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD 

N.  A.  C.  A.  0012  AILERON,  POSITION  1 

R*  N. =609,000  \  eloeity  =  30  in.  p.  h.  Cx  is  given  for  forced  rotation  at  p'6/2  V=0.05  (+)  Aiding  rotation.  (— )  Damping  rotation 


0° 

5° 

10° 

14° 

15° 

16° 

18° 

19° 

20° 

21° 

22° 

24° 

26° 

28° 

O 

O 

CO 

32° 

CO 

Cn 

o 

o 

O 

YAW =0° 

.  AILERONS  NEUTRAL 

(+)  Rotation  (clock- 

J-0. 024 

-0. 022 

-0. 022 

wise) . . 

Cx 

-0. 023 

-0.  022 

-0.  021 

]•  0.010 

0.012 

0. 019 

0.012 

0.012 

-0.001 

-0.001 

(— )  Rotation  (coun- 

1  —.021 

.024 

.028 

terelockwise) _ 

Cx 

-.  020 

-.018 

-.016 

-.009 

.029 

.034 

.017 

.020 

.025 

.016 

.012 

.004 

.002 

YAW  =  -20°.  AILERONS  NEUTRAL 

(+)  Rotation  (clock- 

1-0. 014 

-0. 031 

wise) . 

Cx 

-0. 026 

-0.  026 

-0. 028 

-0.031 

-0.  034 

-0. 037 

-0. 032 

}- 0.024 

-0. 039 

-0. 038 

-0.  032 

-0. 028 

-0.035 

(— )  Rotation  (coun- 

1  -.034 
f  .030 

-.029 

1  .033 

terelockwise) _ 

Cx 

-.015 

-.  012 

-.009 

-.003 

.000 

.003 

.006 

1  .007 

l  .042 

}  .051 

.050 

.047 

.050 

.055 

.032 

(  .050 

TABLE  VI 

FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  1 

R.  N. =609,000  Velocity=80  m.  p.  h.  Yaw=0° 


a _ _ 

-5° 

-4’ 

— 

3 

0° 

5° 

6.5° 

10° 

14° 

1  CO 
it/ 

16° 

18° 

20° 

22° 

25° 

30° 

I 

40° 

5a1 

AILERONS  FLOATING- 

-NEUTRAL 

Cl . . . 

0° 

-0.013 

0.  050 

0. 110 

0.  291 

0.606 

0.  699 

0.  907 

1.060 

1.085 

1.  076 

1.082 

1.044 

1.004 

0.  867 

0.808 

0.817 

(  D . . . 

0° 

.018 

.  167 

.  170 

.020 

.041 

.051 

.077 

.114 

.  126 

.  142 

.172 

.206 

.240 

.380 

.452 

.617 

j  . . - 

0° 

-.060 

-.  067 

-.  067 

-.067 

-.066 

-.063 

-.058 

-.048 

-.048 

-.054 

-.059 

-.072 

-.083 

-.118 

-.105 

-.  102 

RIGHT  AILERON  UP. 

LEFT  AILERON  DOWN 

!  Ci' _ _ 

20° 

-0. 006 

-0.013 

— 0  041 

—0  020 

—0  007 

CY - - - - 

20° 

.000 

.  000 

—.002 

OOfi 

008 

CY . . . . 

30° 

-.004 

— .  014 

-.  043 

—  028 

—  008 

;  cv . . 

30° 

.000 

.000 

.000 

01 1 

013 

CY . . 

40° 

-.002 

—.016 

-.  046 

—  030 

—  004 

CY . . 

40° 

.001 

.000 

.  004 

.016 

.017  | 

1 

1 

Total  deflection  between  ailerons. 
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TABLE  VII 


FORCE  TESTS. 


10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.45-INCH  CHORD 

N.  A.  C.  A.  22  AILERON,  POSITION  1 

R.  N. =609,000  Velocity=80  m.  p.  h.  Yaw=0° 


a _ _  _ 

-10° 

-5° 

-4° 

-3° 

0° 

5° 

10° 

15° 

20° 

22° 

24° 

25° 

26° 

27° 

28° 

30° 

35° 

40“ 

8a 

AILERONS- 

-NEUTRAL 

Cl  — . . 

0° 

-0.  276 

-0.  032 

0. 090 

0.  120 

0.  344 

0.  700 

0. 985 

1.245 

1.498 

1.  580 

1.  655 

1.  686 

1.  709 

1.733 

1.030 

0.  990 

0.  903 

0.849 

Cd . - . 

0° 

.045 

.024 

.  191 

.  183 

.024 

.052 

.  138 

.224 

.346 

.405 

.465 

.493 

.  529 

.557 

.539 

.577 

.057 

•  750 

Cmc . - 

0° 

-.071 

— .  054 

-.  042 

-.038 

-.014 

.028 

.032 

.054 

.075 

.080 

.086 

.086 

.088 

.089 

.017 

.017 

.013 

.003 

RIGHT  AILERON 

DOWN.  LEFT  AILERON  0° 

Ci' 

5° 

0.  000 

-0.  001 

-0.  001 

0.  002 

0.  003 

0.  004 

0.  006 

0. 005 

0.003 

0.006 

0.  005 

0. 005 

0  noi 

Cl  nr 

5° 

.  000 

.  000 

.  000 

.  002 

.003 

.004 

.  003 

.003 

.003 

.002 

.001 

.000 

.000 

Ci' 

15° 

-.006 

—.007 

.006 

.009 

.010 

.015 

.018 

.006 

.011 

.004 

.011 

.010 

Cn' 

15° 

.  0C5 

.  000 

.  004 

.  006 

.  009 

.010 

.  009 

.007 

.006 

.003 

.002 

.002 

Cl'  . 

30° 

—.011 

—.006 

.010 

.022 

.024 

.  043 

.029 

.029 

.  029 

.026 

.022 

.021 

Cn' 

30° 

.  004 

.004 

.000 

.  013 

.015 

.  015 

.  008 

.008 

.007 

.002 

.002 

.002 

Cl' 

45° 

-.018 

-.017 

.007 

.035 

.  052 

.071 

/  .084 

} _ 

.039 

.042 

.042 

.031 

.028 

Cn 

45° 

.010 

.006 

.008 

.013 

.015 

.014 

l  .  042 

r  .on 

1 

...... 

.008 

.006 

.000 

.003 

.003 

l  .009 

J 

RIGHT  AILERON  UP. 

LEFT  AILERON 

0°  • 

Cl' 

10° 

0.  008 

-0.  004 

0.  004 

0.016 

-0.  008 

Cn 

10° 

.000 

-.006 

—.009 

-.009 

-.  005 

Cl' 

20° 

.912 

.002 

.000 

.014 

.010 

Cn 

20° 

.002 

— .  006 

-.012 

-.014 

-.014 

TABLE  VIII 


FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.45-INCH  CHORD. 

N.  A.  C.  A.  22  AILERON,  POSITION  1 

R.  N.  =609,000  Velocity=S0  m.  p.  h.  Yaw=-20° 


a - - 

-10° 

-5° 

0° 

10° 

15° 

20° 

22° 

ro 

o 

25° 

26° 

O 

GO 

<M 

O 

o 

00 

35° 

40° 

5.4 

AILERONS 

NEUTRAL 

0° 

—0. 174 

-0. 031 

0.313 

0.  891 

i.  370 

1.442 

1.519 

1.551 

1.  241 

1.220 

1.  112 

0. 904 

Ci, _ 

0° 

.050 

.029 

.029 

.  122 

.303 

.349 

.402 

.  444 

.  505 

.518 

.582 

.734 

CY 

0° 

.002 

.001 

-.001 

—.008 

-  .018 

—.023 

-.  027 

-.  036 

-.042 

—.056 

-.034 

cv _ 

0° 

.001 

.001 

.001 

.003 

.013 

.015 

.018 

.021 

.024 

.031 

.037 

RIGHT  AILERON  DOWN.  LEFT  AILERON  0° 

Cl' . 

45° 

-0.  005 

-0.  006 

-0.  002 

0.  004 

0.  004 

0.013 

0.  020 

0.  033 

0.039 

0.  003 

0.003 

-0.006 

Cn'. . 

45° 

.011 

.010 

.012 

.020 

.026 

.033 

.035 

.035 

.034 

.030 

.029 

.038 

TABLE  IX 

ROTATION  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD. 

N.  A.  C.  A.  22  AILERON,  POSITION  1 


R.  N.  =  609,000  Velocity=80  m.  p.  h.  Cx  is  given  for  forced  rotation  at  p'6/2 V=0. 05  (+)  Aiding  rotation.  (— )  Damping  rotation 


a . . . . 

0° 

10° 

12° 

14° 

15° 

16° 

18° 

O 

O 

CN 

21° 

22° 

24° 

26° 

28° 

30° 

32° 

35° 

40° 

YAW =0°.  AILERONS  NEUTRAL 

(+)  Rotation 
(clockwise). 

(— )  Rotation 
(counterclock¬ 
wise). 

K- 

jCx 

-0. 023 

-.021 

-0. 021 

-.018 

-0. 020 

-.016 

-0. 020 

-.014 

/— 0.  019 
l  .028 

1  -.014 
l  .027 

0.018 

.016 

}  .026 

0.018 
.019 
f.  024 
1.025 

}  0.011 
}  .017 

0.  007 

.013 

0.011 

.018 

-0.001 

.007 

-0.003 

.001 

YAW=  —20°.  AILERONS  NEUTRAL 

(-P)  Rotation 
(clockwise). 

(— )  Rotation 
(counterclock¬ 
wise). 

Cx.... 

Cx.... 

-0.  023 

-.016 

-0.  027 

-.006 

-0.  030 

-.004 

-0.  031 

-.003 

-0.  033 

-.001 

-0.  035 

.002 

-0.  019 

.005 

-0.  014 

.010 

-0.  033 

.031 

-0.  034 

.040 

-0.  038 

.049 

-0.  040 

.045 

-0.  039 

.044 

-0.  031 

.050 

-0.025 

.044 

AUXILIARY  AIRFOILS  USED  AS  EXTERNAL  AILERONS 
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TABLE  X 


FORCE  TESTS. 


10-  BY  GO-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL 

N.  A.  C.  A.  0012  AILERON,  POSITION  3 


AILERONS,  1.5-INCH  CHORD, 


R.  N.=609,000  Velocity=80  m.  p.  h.  Yaw=0° 


a _ 

-5° 

-4° 

-3° 

0° 

5.6° 

10° 

15° 

19° 

O 

o 

cs 

21° 

25° 

30° 

o 

p 

TJ4 

AILERONS  NEUTRAL 

Cl . — - 

-10° 

0.001 

0.066 

0. 133 

0.322 

0.700 

0.  945 

1. 193 

1.360 

1.379 

1.341 

1. 193 

1.  135 

1.010 

Cd - - 

-10° 

.0170 

.0164 

.0168 

.021 

.052 

.  112 

.197 

.289 

.318 

.353 

.474 

.569 

.732 

C"c,: . 

-10° 

-.070 

-.065 

-.064 

-.057 

-.046 

-.044 

-.044 

-.050 

-.058 

-.070 

-.111 

-.  138 

-.162 

RIGHT  AILERON  UP.  LEFT  AILERON  -10° 

Ci' _ _ 

40° 

0.015 

0.019 

0  045 

0  037 

0  010 

Cn'- . - . 

40° 

.011 

008 

—  003 

—  017 

—  013 

Cl'— . 

70° 

.016 

.  042 

05K 

026 

040 

Cn' . . 

70° 

.019 

.  023 

.018 

.004 

— Oil 

1 

RIGHT  AILERON  DOWN.  LEFT  AILERON  -10° 

Cl’— . - . 

10° 

0.  007 

0.  029 

0  064 

0  047 

0  023 

Cn' _ _ 

10° 

.006 

.014 

.  012 

.  002 

002 

Cl'- . — . - 

32° 

.010 

.  052 

.  086 

.  070 

041 

Cn'- . . 

32° 

.013 

.018 

.012 

.004 

.003 

TABLE  XI 


FORCE  TESTS. 


10- BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCll  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  6 

R.  N. =609, 000  Velocity=80  m.  p.  h.  Yaw=0° 


a _ 

-10° 

-5° 

-4° 

-3° 

0° 

6° 

10° 

15° 

17° 

18° 

19° 

O 

8 

22° 

25° 

30° 

40° 

Sa 

AILERONS  NEUTRAL 

Cl . - . 

Cn-.-- . - . 

'-"N/4 . - . . 

0° 

0° 

0° 

-0.  279 
.067 
-.054 

0.001 

.0174 

-.062 

0.  063 
.0170 
-.061 

0. 128 
.018 
-.057 

0.323 

.023 

-.054 

0.  702 
.070 
-.053 

0.913 
.  123 
-.050 

1. 152 
.  199 
— .  054 

1.248 

.239 

-.060 

1.282 

.261 

-.065 

1.  157 
.280 
-.075 

1. 152 
.296 
-.080 

1.118 

.333 

-.090 

0. 986 
.374 
-.085 

0.910 

.483 

-.113 

0.695 
.621 
-.  163 

RIGHT  AILERON  DOWN.  LEFT  AILERON  0° 

cr 

Cn' 

Ci'. 

Cn' 

cr 

Cn' 

cr 

Cn' 


5° 

5° 

15° 

15° 

30° 

30° 

48° 

48° 


/  0. 

1-. 


002 

002 

001 

001 

007 

010 

013 

033 

022 


1- 


0.005 

.000 

.001 

.005 

.003 

.012 

.032 

.025 


0.000 

.002 

.006 

.007 

.016 

.013 

.035 

.021 


0.002 

.003 

.024 

.012 

.050 

.016 

.068 

.020 


0.  006 

.005 

.038 

.013 

.066 

.016 

.084 

.018 


0.020 

.006 

.047 

.012 

.074 

.014 

.092 

.015 


0.  023 

.006 

.049 

.010 

.076 

.011 

.092 

.013 


0.  024 

.004 
.054 
.008 
.081 
.  009 
.095 
,011 


0.005 

.005 

.049 

.002 

.076 

.004 

.089 

.005 


0. 003 

-.002 
.030 
.000 
.  054 
.001 
.065 
.003 


-0.  002 

.001 

-.002 

.002 

.004 

.000 

.004 

-.004 


RIGHT  AILERON  UP.  LEFT  AILERON  0° 


Ci'.. 

5° 

0.  001 

0.  003 

0.003 

-0.  003 

-0.004 

0.  004 

0.010 

0.003 

0.014 

0.018 

0.000 

Cn'-- 

5° 

-.  002 

.  000 

.000 

-.  004 

-.006 

-.005 

-.005 

-.005 

-.001 

-.003 

-.001 

Ci' _ 

10° 

.  004 

.  006 

.  005 

.001 

.002 

-.001 

.006 

.007 

.028 

.025 

.000 

Cn' _ 

10° 

-.001 

.  000 

.000 

-.004 

-.007 

-.008 

-.010 

-.010 

-.001 

-.004 

-.001 

Ci' _ 

50° 

.028 

.034 

.055 

.054 

.  043 

.004 

Cn'. 

50° 

.  019 

.017 

.010 

.006 

-.005 

-.005 
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TABLE  XII 


FORCE  TESTS. 


10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD 

N.  A.  C.  A.  0012  AILERON,  POSITION  6 


R.  N.  =609,000  Velocity =80  m.  p.  h.  Yaw  =  — 20° 


-10° 

-5° 

0° 

10° 

15° 

18° 

20° 

22° 

25° 

30° 

40° 

<>.4 

AILERONS  NEUTRAL 

Cl _ _ _ 

0° 

-0.  274 

-0.010 

0.285 

0.  825 

1.040 

1. 150 

1.  200 

1.  220 

1.070 

0. 965 

0. 726 

C„ _ 

0° 

.059 

.  022 

.  020 

.  114 

.  181 

.233 

.274 

.320 

.372 

.472 

.611 

Cl' _ _ _ 

0° 

.001 

-.008 

-.006 

-.013 

-.020 

-.025 

-.034 

-.  039 

-.  062 

-.075 

-.055 

CY - - -  . 

0° 

-.002 

.001 

.001 

.004 

.008 

.011 

.013 

.016 

.022 

.036 

.043 

RIGHT  AILERON 

DOWN- 

LEFT  AILERON  0° 

Ci' . . . . . 

48° 

-0.  007 

-0.  005 

-0.  005 

0.  021 

0.033 

0.  038 

0.040 

0.041 

0. 040 

0. 005 

-0.042 

CV . . 

48° 

.020 

.022 

.  022 

.030 

.030 

.031 

.031 

.030 

.039 

.030 

.039 

TABLE  XIII 


ROTATION  TESTS. 


10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCII  CHORD, 
N.  A.  C.  A.  0012  AILERON,  POSITION  6 


R.  N.  =  609,000  Velocity=80  in.  p.  h.  C\  is  given  for  forced  rotation  at  p'6/2 V- 0.05  (+)  Aiding  rotation  (—)  Damping  rotation 


0° 

5° 

10° 

11° 

14° 

16° 

18° 

O 

O 

22° 

26° 

30° 

32° 

35° 

40° 

YAW=0°— AILERONS  NEUTRAL 

(+)  Rotation  (clockwise) . 

(  — )  Rotation  (counterclockwise). 

CY... 

-0.  022 

-.018 

-0. 020 

-.018 

-0. 020 

-.017 

. 

-0.019 

-.014 

-0.010 

-.006 

/ -0.003 

1  -.004 
(  .002 
\  .004 

-0. 003 
.000 
.000 
.003 

|  0.002 
}  .006 

0.008 

.012 

0.014 

.020 

0.010 

.020 

0.008 

.016 

0.000 

.006 

YAW  =  -20°— AILERONS  NEUTRAL 

(+)  Rotation  (clockwise) - 

(— )  Rotation  (counterclockwise).— 

-0.  025 

-.011 

-0.  028 

-.008 

-0.031 

-.001 

-0.  032 

.001 

-0. 037 

.008 

. 

-0.  046 

.019 

-0.  065 

.047 

(-0.  050 

1  -.051 
.072 

j-0.  067 
.082 

-0.  068 

.083 

-0.  056 

.076 

-O.OM 

.056 

TABLE  XIV 


FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  12 

R.  N.  =  609,000  Velocity=80  m.  p.  h.  Yaw=0° 


-5° 

—4° 

-3° 

0° 

6.3° 

10° 

15° 

17° 

18° 

19° 

20° 

o 

<M 

25° 

30° 

40° 

5a 

AILERONS— NEUTRAL 

Cl _ _ 

5° 

0.  013 

0.  050 

0.  106 

0.294 

0.  702 

0. 933 

1. 109 

1.  169 

1.  171 

1.204 

1.  169 

0.711 

0.698 

0.  765 

0.7W 

Co _ _ 

5° 

.  021 

.020 

.021 

.025 

.  056 

.088 

.  146 

.  170 

.  182 

.  194 

.222 

.311 

.364 

.474 

.633 

- - 

5° 

-.  062 

-.063 

-.  062 

— .  059 

-.060 

-.  062 

-.063 

-.  065 

-.066 

-.068 

-.085 

-.  117 

-.  123 

-.  145 

-.  163 

RIGHT  AILERON  UP— LEFT  AILERON  5° 

Ci' 

0° 

0.001 

0.002 

-0.  002 

-0.001 

0.001 

0.000 

Cn 

0° 

.000 

.  000 

-.002 

-.  001 

.000 

-.001 

Cl’ 

10° 

.007 

.013 

.  026 

.002 

.003 

-.001 

Cn 

10° 

.002 

.002 

-.001 

-.  002 

.  001 

.001 

Ci’ 

40° 

.  044 

.064 

.072 

.070 

.  001 

.000 

Cn' 

40° 

.013 

.009 

.001 

-.004 

-.003 

-.001 

Cl' 

70° 

.060 

.085 

.  101 

/  .089 

I _ 

-.002 

-.001 

Cn 

70° 

.021 

.019 

.010 

l  .  037 

1  .006 

J 

. 

.000 

.001 

\  .000 

1 
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TABLE  XV 


FORCE  TESTS. 


10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS, 

N.  A.  C.  A.  0012  AILERON,  POSITION  26 


1.5-INCH  CHORD, 


R.  N.  =609, 000  Velocity =80  m.  p.  h.  Yaw =20° 


a - 

-10° 

-5° 

-4° 

-3° 

0° 

5.  7° 

10° 

12° 

14° 

16° 

18° 

20° 

22° 

25° 

30° 

40° 

Sa 

AILERONS 

NEUTRAL 

Cl - - - 

10° 

—0.  368 

-0.  024 

0.045 

0.  110 

0.311 

0.  700 

0.  961 

1.044 

1.090 

1.098 

1.  082 

1.057 

0.709 

0.  7(H) 

0.  770 

0.  704 

Cd - 

10° 

.071 

.017 

.016 

.017 

.021 

.  050 

.083 

.  103 

.  120 

.  147 

.  171 

.211 

.  308 

.  363 

.  485 

.  620 

‘-""e/4 - - - 

10° 

-.037 

— .  064 

-.067 

-.068 

-.070 

-.078 

-.086 

-.085 

076 

-.077 

-.080 

-.  086 

-.  114 

-.  123 

-.  149 

-.  154 

RIGHT 

AILERON  UP 

—LEFT  AILERON  10c 

Cl' _ 

5° 

0.  012 

0.  011 

0.  010 

0.010 

0.  006 

0  004 

— 0  001 

0  003 

0  (XX) 

0  (XX) 

o  ooo 

o  000 

CV  _ _ 

5° 

.001 

.0(H) 

.  000 

— .  002 

—  001 

—  (Mil 

—  001 

—  001 

(XX) 

(XX) 

ooo 

(XI 

Cl'  _ 

0° 

.017 

.  016 

.  016 

.  016 

012 

007 

002 

008 

(X)l 

(XX) 

ooo 

ooo 

Cn' _ 

0° 

.  004 

.002 

_ 

.000 

-.002 

— .  002 

-.002 

— .  002 

— .  002 

.  (HH) 

!  ooo 

.  (HH) 

loot 

Cl’  .  _ 

-20° 

.041 

.  042 

.  042 

.  040 

033 

.  030 

021 

019 

002 

(XX) 

— .  (X)l 

(X  X) 

Cn'  _ 

-20° 

.013 

.  008 

005 

—  001 

—  002 

—  003 

—  004 

—  003 

—  001 

(XX) 

(XX) 

001 

Cl'  _ 

-40° 

.  059 

.  061 

.  062 

062 

058 

051 

039 

027 

005 

ooo 

—  (XU 

-  ooi 

Cn'  _ 

-40° 

.021 

.016 

012 

002 

—  002 

—  002 

—  003 

—  002 

—  008 

(XX) 

(XX) 

(K)l 

Cl'.  _ 

-00° 

.  058 

.  069 

.  070 

.  077 

072 

.  062 

047 

%  030 

005 

—  001 

-  001 

—  001 

Cn’ - 

-60° 

.028 

.022 

— 

. 

.017 

.  006 

.002 

.  001 

.000 

.000 

.001 

.000 

.000 

.ooo 

LEFT  AILERON 

DOWN— RIGHT  AILERON 

10° 

Cl' .  _ 

15° 

0.  012 

0.  008 

0.  008 

0.  006 

0.  005 

0.  004 

0.  004 

0.  005 

0.  002 

0.  (XX) 

0.  001 

0  OOI 

Cn'  .  ... . . 

15° 

.  001 

.  (HH) 

-.  001 

-.  002 

— .  001 

—  001 

— .  001 

— .  001 

000 

(XX) 

ooo 

ooo 

Cl' 

20° 

.  023 

.  014 

008 

.  002 

004 

005 

005 

008 

(X)2 

(XX) 

(XX) 

(XII 

Cn’ _ 

20° 

.001 

.000 

-.  002 

002 

. 

-.002 

-.  002 

-.002 

-.  003 

.  000 

’  ooo 

.  ooo 

!  ooo 

TABLE  XVI 


FORCE  TESTS. 


10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  26 


R.  X.  =  609,000  Veloeity=80  m.  p.  h.  Yaw  =  20° 


a  .  -  -  . 

-10° 

-5° 

0° 

10° 

12° 

14° 

16° 

18° 

20° 

22° 

25° 

30° 

40° 

Sa 

AILERONS  NEUTRAL 

Cl _ 

10° 

0. 334 

-0.  037 

0.  267 

0.  848 

0.  925 

0. 968 

0. 987 

0.  996 

1.012 

0.818 

0.  788 

0.783 

0.704 

Co -  - 

10° 

.  057 

.021 

.023 

.077 

.092 

.  105 

.  123 

.  147 

.  181 

.301 

.  359 

.461 

.  594 

Cl' _ 

10° 

.002 

-.  00  4 

-.  007 

— .  009 

-.  013 

-.  021 

-.031 

-.051 

-.069 

-.083 

-.086 

-.081 

-.  050 

Cn' _ 

10° 

.000 

.002 

.002 

.  (HR 

.006 

.  008 

.011 

.013 

.016 

.021 

.032 

.044 

.  040 

RIGHT  AILERON  UP— LEFT  AILERON  10° 

Cl’ _ 

-60° 

0.  066 

0.  061 

0. 063 

0.  058 

0.  049 

0.  035 

0.  015 

-0.  007 

-0.  048 

-0.  063 

-0.  070 

-0.052 

Cn _ 

-60° 

.  025 

.  023 

.018 

.010 

.  010 

.012 

.013 

.016 

.011 

.  023 

.039 

.038 

TABLE  XVII 

ROTATION  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  26 

R.  N.  =609,000  Velocity=80  m.  p.  h.  C\  is  given  for  forced  rotation  at  p’b/2  V=0.05  (+)  Aiding  rotation.  (— )  Damping  rotation 


« . 

.  0° 

5° 

10° 

14° 

16° 

17° 

18° 

19° 

20° 

22° 

24° 

26° 

30° 

35° 

40° 

5 

'AW=0°— AILERONS 

NEUT RAL 

!  (+)  Rotation  (clockwise) _ 

C\.— 

.  -0.  023 

-0. 024 

-0.  020 

-0.012 

-0.004 

-0.  002 

0.217 

0.016 

0.014 

0.  010 

-0.001 

-0.001 

-0.  002 

0.000 

— 0. 003 

(— )  Rotation  (counter  clock- 

.027 

.024 

.013 

.005 

.  002 

.000 

.002 

.001 

wise) _  _ 

Ca.--- 

.  -.017 

-.017 

-.014 

-.006 

.  003 

.  007 

.  029 

Y 

AW  =  — 

20° — AILERONS  NEC 

nt  al 

(+)  Rotation  (clockwise)...  - 

C\.— 

.  -0.  029 

-0.030 

1 

© 

© 

-0.  039 

-0.059 

-0.  071 

-0.076 

-0.077 

-0.074 

-0.  067 

-0.  054 

-0. 050 

(— )  Rotation  (counter  clock- 

.043 

wise).,  _ 

c.\— 

-.009 

| 

-.  005 

.000 

.018 

— 

— 

.  056 

.  078 

.  0<  < 

.  074 

.  068 

.  056 

.  046 
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TABLE  XVIII 

FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.45-INCII  CHORD 

N.  A.  C.  A.  22  (INVERTED)  AILERON,  POSITION  26 

R.  N.  =  609,000  Velocity=80  m.  p.  h.  Yaw  =  0° 


a  _  _ 

-3° 

—2° 

-1° 

0° 

10° 

14° 

16° 

17° 

18° 

19° 

20° 

21° 

22° 

25° 

30° 

40° 

8 

A 

AILERONS  NEUTRAL 

Cl - 

Co _ _ _ 

Cm  '  - 

10° 

10° 

10° 

-0.  033 
.  0173 

0.  035 
.  0169 
.000 

0.  106 
.0174 

0.  164 
.  0176 
-.001 

0.  838 
.  066 
-.011 

1.036 
.  104 
-.  018 

1.  055 
.  134 
-.032 

1.  062 
.  149 

1.064 
.  162 
-.  040 

1.032 
.  176 

1.024 
.  191 
-.  052 

0.  995 
.208 

0.  670 
.298 
-.  090 

0.  692 
.354 
-.  104 

0.  752 
.474 
-.  124 

0.708 

.631 

-.142 

e/4 

RIGHT 

AILERON  UF 

—LEFT  AILERON  10c 

CV  - 

-10° 

0.  022 

0.  021 

0.011 

0.  000 

o  ono 

Cn’.. 

-10° 

.  005 

.  001 

-.  001 

.  000 

.  ooo 

Cl'... 

-20° 

.  032 

.  034 

.  016 

.  000 

000 

cv 

—  20° 

.007 

.  002 

-.  00 1 

.  000 

000 

Ci' 

-30° 

.  043 

.  045 

.  018 

.  000 

ooo 

Cn.. 

-30° 

.  01 1 

.  004 

— .  001 

.  000 

ooo 

Ci’ 

-40° 

.  050 

.  055 

.  024 

-.  001 

.000 

Cn'- 

-40° 

.  014 

.  006 

.  000 

.  000 

.000 

Ci' 

—  60° 

.  058 

.  065 

.027 

.  000 

ooo 

C„'... . . 

-60° 

.019 

.010 

.  002 

-.001 

.000 

— 

LEFT  AILERON 

DOWN  RIGHT  AILERON  10° 

Cl' _ 

20° 

0.  006 

0.  004 

0.004 

-0.001 

0.000 

Cn'. 

20° 

-.  002 

— .  002 

— .  003 

.  000 

.000 

Cl' _ 

30° 

.  002 

-.001 

.  003 

-.  002 

.000 

Cn’ _ 

30° 

-.  004 

-.  004 

—.001 

.  001 

.000 

TABLE  XIX 


FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD 

N.  A.  C.  A.  0012  AILERON,  POSITION  35 

R.  N. =609,000  Velocity=80  m.  p.  h.  Yaw=0° 


a _  .  _ 

-10° 

-5° 

-2° 

-1° 

0° 

8.4° 

10° 

14° 

16° 

18° 

20° 

22° 

25° 

30° 

8 

A 

AILERONS  NEUTRAL 

Cl  _ _ 

-5° 

-0.  404 

-0. 161 

0.010 

0.  069 

0.  124 

0.  700 

0.  815 

1 . 056 

1.081 

1.  109 

1.055 

0.  723 

0.  727 

0. 786 

Co _ _  _ 

-5° 

.078 

.019 

.0150 

.0146 

.  0157 

.051 

.  065 

.113 

.  150 

.  184 

.  223 

.  326 

.381 

.506 

Cm  ,  ' _ 

-5° 

.  003 

.009 

.017 

.018 

.018 

-.001 

-.008 

-.037 

-.  061 

— .  075 

-.  098 

-.  131 

-.142 

-.170 

RIGHT  AILERON  UP 

LEFT 

AILERON  -5° 

Ci' _ _ 

-10° 

0.  006 

0.  004 

0.008 

0.011 

0.011 

0.  009 

0.014 

0.012 

0.  001 

0. 005 

0. 006 

Cn' _ 

-10° 

.  002 

.  001 

.001 

.  000 

-.  002 

— .  002 

-.  001 

-.  001 

.  000 

.  000 

-.001 

Ci' _ 

-20° 

.  007 

-.005 

-.002 

.  005 

.  004 

.005 

.  014 

.004 

.  004 

.  008 

.014 

Cn' _ 

-20° 

.006 

.  005 

.005 

.  004 

.003 

.  002 

.002 

.  002 

.  003 

.002 

-.003 

Ci' _ 

-40° 

.  Oil 

-.  003 

.  006 

.017 

.015 

.  014 

.  008 

.  001 

.  002 

003 

-.001 

cv _ 

-40° 

.010 

.010 

.011 

.  009 

.  007 

.  006 

.  005 

.  006 

.  006 

.007 

.009 

LEFT  AILERON  DOWN.  RIGHT  AILERON  -5 

o 

Cl' _ _ 

0° 

0.  007 

0.  007 

0.  009 

0.014 

0.  015 

0.  011 

0.  007 

0.  004 

0.  004 

0. 004 

0.008 

cv _ 

0° 

.002 

.  001 

.001 

-.002 

-.  003 

-.003 

-.  003 

-.  002 

.000 

-.001 

-.003 

Ci' _ _ 

10° 

.022 

.  026 

.  033 

.  041 

.038 

.026 

.  016 

.  009 

.011 

.  010 

.  019 

cv  .  . 

10° 

.003 

.001 

-.001 

-.007 

-.008 

-.009 

— .  008 

-.007 

-.  004 

-.005 

-.010 

Cl' _ _ 

30° 

.  052 

.071 

.081 

.  085 

.074 

.  041 

.024 

.  007 

.013 

.014 

.019 

cv _ _ _ 

30° 

.005 

-.  004 

-.009 

-.021 

-.023 

-.022 

-.  020 

-.015 

-.012 

-.013 

-.016 

Ci'  _ _ _ 

50° 

.071 

.  086 

.  096 

.  098 

.087 

.  045 

.  022 

.011 

.  016 

.014 

.014 

cv. 

50° 

.  001 

— .  009 

—.016 

-.030 

— .  033 

-.  030 

— .  020 

-.021 

-.  020 

—.019 

-.021 
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TABLE  XX 


FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD 

N.  A.  C.  A.  0012  AILERON,  POSITION  35 


Cl.— 
Co-- 

C-«- 


C{ 

cc 

Cl'. 

tv 

tv 

c„, 

cc 

Cnr 

Cl'. 

tv 


Cl'. 

cc. 


R.  N.  =  609,000  Veloeity=80  m.  p.  h.  Yaw=0° 


45° 

45° 

45° 


30° 

30° 

10° 

10° 

-10° 

-10° 

-30° 

-30° 

-50° 

-50° 


50° 

50° 


0° 

5° 

10° 

11° 

12° 

13° 

14° 

16° 

O 

c: 

T4 

30° 

40° 

AILERONS  NEUTRAL 

1.058 

1.431 

1.  752 

1.  778 

1.810 

1.712 

1.  663 

1.  565 

1.092 

1.002 

0.  864 

.  128 

.  195 

.  278 

.  312 

.  326 

.349 

.387 

.  535 

.725 

.  882 

-.331 

-.353 

— .  367 

— 

-.  358 

— .  349 

-.347 

-.  343 

-.355 

-.361 

-.347 

RIGHT  AILERON  DEFLECTED.  LEFT 

AILERON  45° 

0.010 

0.  008 

0.  008 

0. 008 

0.  004 

-0. 003 

-0.  004 

-0.001 

-0.  002 

-.005 

-.  005 

-.006 

-.006 

— .  006 

-.  006 

— .  004 

-.003 

-.004 

.056 

.  056 

.051 

.051 

.  040 

.016 

-.004 

.  000 

.  001 

-.013 

-.018 

-.  020 

-.021 

-.021 

-.020 

—.013 

-.011 

-.014 

.  100 

.  105 

.  102 

.  100 

.092 

.053 

.025 

.011 

.011 

-.015 

-.023 

-.030 

-.032 

-.032 

-.029 

-.024 

-.019 

-.023 

.007 

.  103 

.  102 

.  101 

.  092 

.053 

.  026 

.013 

.016 

-.008 

-.016 

-.  023 

— .  026 

— .  027 

-.  025 

—.019 

-.014 

-.020 

.  100 

.  108 

.  108 

.  116 

.  096 

.  058 

.010 

.  004 

.011 

-.  001 

-.010 

-.017 

-.020 

-.  022 

-.  020 

-.012 

-.  009 

-.014 

LEFT  AILERON  DOWN.  RIGHT  AILERON  45° 


0. 000 
-.002 


0. 000  I  -0.  001 

-.  001  I  -.  001 


-0. 002  _ 

0.  001 

0.001 

0. 003 

0.  001 

0.  001 

-.ooi  ! _ 

-.002 

002 

-.003 

—.001 

-.002 

TABLE  XXI 


FORCE  TESTS. 


10-  BY  6C  INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  35 


R.  N. =609,000  Velocity =80  m.  p.  h.  Ya\v  =  —  20° 


a _  -  -  _ 

-10° 

-5° 

0° 

5° 

10° 

12° 

14° 

16° 

18° 

20° 

22° 

25° 

30° 

40° 

b 

A 

AILERONS 

NEUTRAL 

Cl . . 

-5° 

-o.  300 

-0.  155 

0.  109 

0.  727 

0.  943 

1.011 

1.047 

1.072 

0.  843 

0.  826 

0.813 

-5° 

.  063 

.027 

.018 

.062 

.  103 

.  125 

.  159 

.203 

.319 

.  394 

.487 

Ci 

—  5° 

.010 

.  001 

— .  003 

— .  008 

-.  015 

-.027 

-.  049 

-.  081 

-.092 

-.099 

-.084 

cc _ 

-5° 

.001 

.002 

.  002 

.0  5 

.008 

.011 

.014 

.017 

.026 

.041 

.  048 

Ci. 

45° 

.  962 

1. 280 

1.  570 

1 . 648 

1.  669 

1.  656 

1.  230 

1.070 

0. 904 

Co . 

45° 

.  114 

.  173 

.247 

.270 

.290 

.  321 

.  530 

.728 

.  873 

Ci1  . 

45° 

— .  026 

-.  028 

-.032 

-.  038 

-.050 

-.  074 

-.  120 

-.093 

-.  062 

cc _ 

45° 

— 

.  005 

.007 

.012 

.015 

.021 

.027 

. 

.037 

.  055 

.  045 

RIGHT  AILERON  UP  10°.  LEFT  AILERON  45° 

Cl' 

45° 

0.  076 

0  078 

0. 073 

0.  070 

0.  058 

0.  033 

-0.  030 

-0. 064 

-0.  039 

cc 

45° 

— .  01 1 

-  016 

— .  020 

-.  022 

— .  019 

-.012 

-.  010 

.018 

.010 

TABLE  XXII 


ROTATION  TESTS. 


LU-  BV  60-INCH  CLARK  Y  WING 


WITH  FULL-SPAN  EXTERNAL  AILERONS, 
POSITION  35 


1.5-INCH  CHORD,  N.  A.  C,  A.  0012  AILERON, 


R.  N.  =  609,000  Velocity=80  m.  p.  h.  C\  is  given  for  forced  rotation  at  p'b/2V=0.05  (+)  Aiding  rotation.  (— )  Damping  rotation 


-10° 

-7° 

-5° 

1 

0°  j  5° 

10° 

12° 

13° 

o 

Cl 

o 

18° 

20° 

22° 

24° 

26° 

28° 

cc 

o 

o 

32° 

35° 

O 

o 

YAW  -0°.  AILERONS  NEUTRAL.  5A  =  -5° 

( -)-)  Rotation  (clockwise)--  _ 

(— )  Rotation  (counterclockwise)  -  -  - 

Cx . 

Cx . 

— 

-0.023 

-.015 

-0.027 

-.017 

-0.  029 
-.017 

-0.  022 
-.011 

P 

-0.  009 
.000 

-0.  016 
.022 

0.010 
.  036 

0.  010 
.019 

-0.  002 
.  007 

-0.  002 
.005 

-0.  003 
.003 

-0.  001 
.003 

-0.  002 
.  004 

-0.  005 
.  002 

YAW— 20°.  AILERONS  NEUTRAL.  5A  =  -5° 

(+)  Rotation  (clockwise) _ 

(— )  Rotation  (counterclockwise) _ 

c\ _ 

Ck _ 

— 

— 

-0. 025 
-.011 

-0.029 

-.010 

-0.034  -0.037 
-.005  |  .000 

-0.  045 
.009 

-0.  071 
.044 

-0.  079 
.079 

-0.  085 
.081 

-0.  083 
.081 

-0.  076 
.079 

— 

-0.  065 
.068 

— 

-0.  057 
.  053 

-0.054 
.  046 

YAW=0°.  AILERONS  NEUTRAL.  5A=45° 

(+)  Rotation  (clockwise) _  _ 

(— )  Rotation  (counterclockwise) _ 

cv. 

Ca.-  -  - 

— 

_ 1-0.024 

_ |  — .  023 

-0.  023 
-.022 

-0.  022 
-.019 

-0.  012 
-.009 

0.  000 
.  002 

0.  012 
.015 

1 

0.016  i  0.021 

.019  j  .030 

0.014 

.023 

— 

0.004 

.008 

. 

0.012 

.007 

0.008 
.  006 

0.004 
.  007 

-0.001 

.006 

-0.  004 
.004 

VAW  =  — 20°.  AILERONS  NEUTRAL.  5V=45° 

(+)  Rotation  (clockwise)  _  _  .  . 

(— )  Rotation  (counterclockwise) _ 

C\ - 

<  \ 

-0.  042 
00R 

-0.  042 
.  000 

-0.  040 
.002 

-0.  046 
.  006 

-0.  046 
.010 

i 

— 0.  050 
.  018 

— 

-0.  068 
.  042 

-0.  097 
.  066 

— 0.  100 
.  104 

-0.  100 
.  103 

-0. 096 
.099 

-0.  084 
.089 

— 

-0.  068 
.074 

-0.061 
.  059 

-0.  058 
.  054 

H 
►— < 

n 
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TABLE  XXIII 

FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  37 


R-  N.= 609,000  Velocity =80  m.  p.  h.  Yaw=0° 


a _ 

-10° 

-5° 

-2° 

-i° 

0° 

5° 

8.5° 

10° 

12° 

14° 

16° 

18° 

20° 

22° 

25° 

O 

O 

co 

AILERONS 

NEUTRAL 

Cl - - 

-5° 

-0.  426 

-0. 167 

-0.003 

0.  056 

0.  105 

0.443 

0.  700 

0.  796 

0.  934 

1.050 

1.  085 

1.  106 

1.062 

0.  717 

0.  725 

0.  791 

Cd - 

—5° 

.083 

.020 

.0152 

.0145 

.0150 

.029 

.051 

.062 

.083 

.  110 

.  148 

.  184 

.  222 

.  325 

.385 

.502 

Cmd4 - 

-5° 

.023 

.019 

.026 

.029 

1  O 

CO 

.025 

.013 

.009 

-.012 

-.030 

-.  054 

-.070 

-.088 

-.  130 

-.  139 

-.  169 

RIGHT 

AILERON  UP- 

-LEFT 

AILERON  -5° 

Cl _ 

-10° 

-0.  003 

0.003 

0.  008 

0  011 

0  014 

0  010 

0  013 

0  006 

O  QOl 

0  005 

0  007 

Cn _ 

-10° 

.  002 

.001 

.  001 

000 

—  009 

~  009 

(¥V> 

002 

—  001 

—  002 

-  002 

Ci _ 

-20° 

.  005 

-.005 

-.  001 

007 

007 

nri7 

002 

010 

002 

012 

014 

Cn' _ 

-20° 

.  005 

.004 

.  005 

002 

002 

002 

OOI 

000 

001 

—  001 

— .  004 

Cl’ _ 

-40° 

.  008 

-.002 

.  007 

021 

020 

016 

01 1 

005 

OOI 

002 

002 

Cn' _ 

-40° 

.011 

.  011 

.  Oil 

00N 

006 

006 

004 

004 

004 

005 

004 

Cl' _ 

-50° 

.010 

-.002 

.  007 

022 

091 

OIK 

013 

007 

000 

—  006 

— .  002 

Cn  _ 

-50° 

.014 

.014 

.  014 

.011 

!ooo 

.007 

.006 

!ooo 

!ooo 

.006 

.  006 

LEFT  AILERON 

DOWN 

—RIGHT  AILERON 

-5° 

Cl’ _ 

0° 

0.  007 

0.  006 

0.  007 

0  011 

0  012 

0  OOS 

0  006 

0  006 

0  001 

0.  002 

0. 001 

Cn' 

0° 

.002 

.  001 

.  000 

—  001 

—  (K)2 

—  003 

—  003 

—  002 

—  002 

—  003 

-.  002 

Cl' _ 

10° 

.  019 

.023 

.  034 

040 

027 

027 

015 

012 

005 

.  006 

.015 

Cn' _ 

10° 

.003 

.  002 

-.  001 

—  007 

—  OOS 

—  009 

—  009 

—  008 

—  005 

— .  006 

-.009 

CY _ 

20° 

.  035 

.048 

.  060 

065 

061 

050 

030 

010 

008 

.  Oil 

.  020 

Cn _ _ _ 

20° 

.  001 

.000 

-.  004 

—  014 

—  017 

—  017 

—  016 

—  013 

-  010 

— .  010 

-.  015 

Cl’ _ _ _ 

30° 

.054 

.071 

.  083 

085 

077 

058 

033 

016 

.  018 

.  013 

.  018 

Cn' _ 

30° 

.005 

-.  003 

-.008 

— .  021 

—  024 

—  023 

—  021 

-  016 

—  014 

-.  014 

-.017 

Cl' _ 

40° 

.062 

.078 

.083 

071 

064 

047 

024 

009 

013 

.  013 

.  020 

Cn' _ 

40° 

.  004 

-.  006 

-.  013 

-.024 

-.027 

-.027 

-.  026 

-.  023 

-.021 

-.  020 

-.  024 

TABLE  XXIV 


FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  37 

R.  N.  =  609,000  Velocity=80  m.  p.  h.  Yaw=0° 


-10° 

1 

0° 

5° 

10° 

12° 

13° 

14° 

16° 

18° 

t 

20° 

22° 

25° 

30° 

40° 

-5°  j 

*4 

AILERONS  NEUTRAI 

Cl--. . . . . 

25° 

1  0.  081 

0.  229 

0.  840 

1.  200 

1  545 

1  1  680 

■  1.  704 
.248 

-.287 

1  1.  675 
.  265 

-.283 

1.530 
.  300 

1.330 

1.  200 

1  130 

1.  075 

0.  980 

0.  850 

Cn _ 

25° 

1  . 0236 

.  036 

.070  '' 

.  127 

.  200 

.  232 

.  343 

.  420 

.  495 

.  565 

.657 

.816 

C,nr/P _ _  .. 

25° 

-.217 

-.240 

1 

-.259 

-.275 

-.  286 

-.288 

-.282 

287 

-.  294 

-.301 

-.308 

-.314 

-.314 

1  Measured  values.  All  other  values  interpolated  from  data  obtained  at  SA  =20°  and  5  a =30°. 


TABLE  XXV 


FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCH  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  37 

R.  N. =009,000  Velocity=80  m.  p.  h.  Yaw  =  — 20° 


-10° 

-5° 

0° 

10° 

14° 

16° 

18° 

20° 

22° 

25° 

30° 

6 .4 

AILERONS  NEUTRAL 

Cr _ _ _ 

-5° 

-0.  415 

-0. 170 

0.  089 

0.  710 

0.  942 

1.  122 

1.  062 

1.074 

0.  847 

0.  832 

0.  823 

C/> _  _ 

-5° 

.  071 

.023 

.  018 

.060 

.  100 

.  124 

.  160 

.  204 

.  321 

.394 

.491 

Ci' . . 

-5° 

.  007 

-.002 

-.  002 

-.  009 

-.014 

-.02 

-.048 

-.078 

-.  096 

-.  100 

-.086 

Cn' _ 

-5° 

-.001 

.002 

.003 

.006 

.008 

.  012 

.014 

.018  ! 

.024 

.039 

.048 

TABLE  XXVI 

FORCE  TESTS.  10-  BY  60-INCH  CLARK  Y  WING  WITH  FULL-SPAN  EXTERNAL  AILERONS,  1.5-INCII  CHORD, 

N.  A.  C.  A.  0012  AILERON,  POSITION  37 


R.  N. =609,000  Velocity=80  m.  p.  h.  Yaw=0° 


a _  _ 

-5° 

-4° 

-3° 

—  2° 

0° 

5° 

5.8° 

10° 

13° 

14° 

15° 

16° 

18° 

20° 

22° 

25° 

30° 

40° 

5.D 

AILERONS 

FLOATING 

-NEUTRAL 

Cl . . 

0° 

-0.076 

0.  000 

0.  065 

0. 136 

0.  276 

0.  638 

0. 697 

1.006 

1.  146 

1.  186 

1. 119 

1. 116 

1.  020 

0.  970 

0.  889 

0.  539 

0.  608 

0.  662 

Cn _ 

0° 

.  0163 

.0157 

.0150 

.  0156 

.018 

.044 

.050 

.091 

.  121 

.  140 

.  151 

.  160 

.  177 

.  199 

.  221 

.321 

.  430 

.  634 

_ _ 

0° 

-.021 

-.027 

-.029 

-.  029 

-.036 

-.057 

-.058 

-.081 

-.  079 

-.078 

-.083 

-.074 

-.057 

-.046 

-.030 

-.021 

-.042 

-.102 

RIGHT  AILERON 

UP. 

LEFT 

AILERON  DOWN 

C/ _ 

30° 

.  065 

.069 

.015 

.020 

.022 

Cn 

30° 

-.003 

-.013 

— .  009 

-.009 

-.011 

Cl' _ 

40° 

.  086 

.  086 

.  013 

.  001 

.  013 

Cn' 

40° 

-.  007 

-.019 

-.006 

.  006 

.001 

— 

i 

_ 

1  Total  deflection  between  ailerons. 


TABLE  XXVII 


CRITERIONS  SHOWING  THE  RELATIVE  MERITS  OF 


VARIOUS  LOCATIONS  FOR  FULL-SPAN  EXTERNAL 
INCH  CLARK  Y  WING 


AILERONS  RELATIVE  TO  A  10-  BY  60- 


Symmetrical  ailerons:  N.  A.  C.  A.  0012  profile,  1.5-inch  chord 
Cambered  ailerons:  N.  A.  C.  A.  22  profile,  1.45-inch  chord 


6 


Characteristic 

Criterion 

Plain 

wing 

i 

3 

6 

12 

26 

35 

37 

Ordinary 
ailerons 
25  per¬ 
cent 
chord; 

40  per¬ 
cent 

semispan 

fixed 

No  aile¬ 
rons 

—27  percent  c  from  L.E.;  13 
percent  c  from  chord 

0  per¬ 
cent  c 
from 

L.  E.;  16 
percent  c 
from 
chord 

10  per¬ 
cent  c 
from 

L.  E.;  20 
percent  c 
from 
chord 

30  per¬ 
cent  c 
from 

L.  E.;  15 
percent  c 
from 
chord 

95  percent 
c  from 

L.  E.; 

10  per¬ 
cent  c 
from 
chord 

101.25  percent  c 
from  L.  E.;  2.5 
percent  c  from 
chord 

102.5  percent  c  from  L.E.;  2.5 
percent  c  from  chord 

Cam¬ 

bered 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

floating 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

fixed 

Symmet¬ 

rical 

floating 

Aileron  deflection _  _ 

Neutral  setting  6.4 _  _ 

0° 

0° 

0° 

—  10° 

0° 

5° 

10° 

—5° 

45° 

-5° 

25° 

Relative  to  main  wing  chord _ 

Maximum  aileron  defleetinn  ! -  41' - 

25° 

0° 

0° 

20° 

-10° 

0° 

5° 

20° 

50° 

50° 

30° 

30° 

20° 

l OAR--.  . 

—  25° 

45° 

50° 

-20° 

-70° 

-50° 

-70° 

—60° 

-10° 

-10° 

-20° 

-20° 

-20° 

Stalling  attitude _  ... 

Anvle  of  attack  at.  ( . . 

17° 

18° 

27° 

25° 

15° 

1Q° 

12° 

13° 

14° 

Wing  area  or  minimum  speed _ 

(  1  270 

1  250 

1  733 

1  695 

1  085 

1  37Q 

1  282 

1  204 

i  mo 

1.810 

i  mft 

1.704 

High  speed - '. _ 

C/)m  • 

.  0160 

.  0155 

0 !  K3 

0165 

0167 

0164 

ni70 

0202 

0163 

0146 

0145 

m  m 

Speed  range _ _ _  . 

Cl  1  Cn 

io  a  =  neutral _ 

j  70  4 

80  6 

94  7 

102  7 

65  0 

&4  1 

59  6 

67  4 

1 124.  0 

76 

2  119.  1 

Rate  of  climb  .  ...  ..  _  _ 

LID  at  C/ =6.70 _ 1 

1 15.  9 

15.  9 

13.  6 

10  4 

13  7 

13  5 

10  0 

12  5 

14  0 

13  7 

3  14  4 

13  9 

Lateral  control  (moments  taken 

RC'a= 0°  } 

(  .  200 

.020 

.015 

.008 

.049 

.086 

.  204 

.250 

.  835 

.095 

.782 

*.  098 

.  311 

about  wind  axis) . 

RC'  a  =  10°[s 

I  .074 

.035 

.  029 

.018 

.044 

.037 

.091 

’ .  082 

.  134 

.058 

.116 

‘.  060 

.085 

RC  a  =  20°  f0 

|  .  033 

.048 

.047 

.044 

.042 

.048 

.086 

.  036 

.022 

.  026 

.024 

L  021 

.014 

R,Cr  ct  =  3U°  j 

l  .  009 

.042 

.039 

.037 

.023 

.047 

-.002 

-.  002 

.025 

.012 

.041 

‘.033 

.002 

Lateral  control  with  sideslip  (mo- 

Maximum  « 

at  which  ailerons  will 

20° 

2°-38° 

7°-29° 

19° 

18° 

18° 

ments  taken  about  wind  axis) . 

balance  Ci 

due  to  20°  yaw. 

Maximum  yawing  moments  due 

Cn  '  a  =  0° 

/ _ 

.008 

.008 

.019 

.019 

.021 

.015 

10,  001 

to  ailerons  (moments  taken  about 

\-.007 

-.001 

-.016 

-.016 

-.004 

-.004 

-.007 

wind  axis)  (+)  favorable;  (— ) 

C„4/  a  =  10° 

( . —  - 

.013 

.016 

.023 

.017 

.019 

.004 

unfavorable. 

See  notes  for  6  i 

(-.018 

-.002 

-.031 

-.031 

-.018 

-.018 

-.019 

C n  a  =  20 

1 - 

«.  015 

5.  017 

".  002 

.016 

.  010 

.  010 

.023 

— .  004 

i«—  003 

io  —  002 

12 -.003 

-.023 

-.027 

-.016 

-.016 

Cn  a=30°j 

/ _ 

s.  003 

006 

.  004 

",  004 

n.  ooi 

006 

1-.015 

— .  016 

l4-.  017 

— .  005 

11  —  003 

— .  022 

—  020 

-.021 

-.021 

s-!o09 

Lateral  stability  (S.-i=  neutral) _ 

a  for  initial  instability  in  rolling... 

19° 

17° 

21° 

19° 

21° 

18° 

18° 

14° 

a  for  initial  instability  at  p’b/2  F=0.05: 

Yaw=0 

18° 

10° 

21° 

19° 

17° 

16° 

16° 

13° 

Yaw  =  20 

O 

11° 

10° 

17° 

16° 

10° 

10° 

12° 

-7° 

Maximum  unstable  C\  at  p’bl 2V= 

0.05: 

Yaw=0° 

.048 

.033 

.028 

.034 

.020 

.  029 

.  036 

030 

Yaw =20 

° 

.093 

.092 

.050 

.  055 

.  083 

.  078 

.081 

.  104 

1  Computed  from  Cnm,n=0.0146.  3 ,5.4=5°. 

!,C?i1IIPruted  Kom  c’e.'"*'n=0  0143.  4  Calculated  from  interpolated  values  of  Cl  obtained  from  data  at  5.4  =  20°  and  5^=30°. 

_  s  to  H  where  the^maximum  yawing  moment  occurred  below  maximum  deflection,  the  deflection  of  the  aileron  which  is  moved  the  greatest  amount  is  indicated  as  follows:  *=40°,  6=30°,  ?=20°,  S=15°,  s=io°,  i 


=0°,  n=_io° 
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THE  EFFECT  OF  BAFFLES  ON  THE  TEMPERATURE  DISTRIBUTION 
AND  HEAT-TRANSFER  COEFFICIENTS  OF  FINNED  CYLINDERS 

By  Oscar  W.  Schey  and  Vern  G.  Rollin 


SUMMARY 

An  investigation  was  made  to  determine  the  effect  oj 
baffles  on  the  temperature  distribution  and  the  heat- 
transfer  coefficient  of  finned  cylinders.  The  tests  were 
conducted  in  a  30-inch  wind  tunnel  on  electrically  heated 
cylinders  with  fins  of  0.25-  and  0. 31-inch  pitch. 

Four  types  of  baffles  were  tested:  Plates  mounted  at 
various  positions  around  the  cylinder  and  at  various 
angles  with  respect  to  the  air  stream;  streamline  baffles 
mounted  near  the  rear  of  the  cylinder ;  shell  baffles  with 
variously  shaped  openings  mounted  around  the  test 
cylinder  symmetrically  with  respect  to  a  plane  through 
the  axis  of  the  cylinder  and  parallel  to  the  air  stream;  and 
integral  baffles  composed  of  strips  welded  to  the  tips  of  the 
; fins  of  the  test  cylinder  to  form  passages  between  the  fins 
through  which  the  air  could  flow  to  the  rear  of  the  cylinder. 

The  results  of  these  tests  showed  that  the  use  of  integral 
baffles  gave  a  reduction  of  31.9  percent  in  the  rear-wall 
temperatures  and  an  increase  of  5f.2  percent  in  the  heat- 
transfer  coefficient  as  compared  with  a  cylinder  without 
baffles. 

Although  the  effects  of  the  shell  baffles  were  not  equal  to 
those  of  the  integral  baffles,  they  gave  a  large  reduction  in 
rear-wall  temperatures  and  a  large  increase  in  the  heat- 
transfer  coefficient.  The  best  results  were  obtained  with 
the  shell  baffles  mounted  in  contact  with  the  fins,  when  the 
intake  opening  was  equal  to  the  arc  subtended,  by  an  angle 
of  approximately  11+5° ,  when  the  extensions  were  3  inches 
or  more  in  length,  and  when  the  ratio  of  exit  area  to  area 
between  fins  was  approximately  1.6.  The  heat-transfer 
coefficient  with  the  best  shell  baffles  varied  as  the  air  speed 
to  the  0.85  power. 

INTRODUCTION 

The  present  trend  in  air-cooled  engine  design  toward 
decreased  fro  ital  area  and  greater  specific-power  out¬ 
put  requires  that  all  possible  means  be  investigated  for 
increasing  the  efficicnc}7  with  which  waste  heat  is  dis¬ 
sipated  from  the  cylinder  to  the  cooling  air.  A  study 
of  the  air  flow  around  a  conventional  air-cooled  cylin¬ 
der  exposed  to  an  air  stream  shows  that  the  air  follows 
the  surface  for  about  100°  from  the  front  after  which 
it  breaks  away  from  the  cylinder,  with  the  result  that 
cooling  at  the  rear  is  very  poor.  Considerable  improve¬ 


ment  in  cooling  can  be  obtained  by  the  use  of  baffles 
around  the  cylinder  to  insure  that  the  air  follows  the 
surface  of  the  cylinder  for  a  greater  distance  before  the 
breakaway  occurs. 

In  the  first  cowling  tests  conducted  by  the  Commit¬ 
tee  the  cooling  was  improved  by  using  baffles  (reference 
1);  recent  tests  have  been  conducted  elsewhere  on  va¬ 
rious  types  of  baffles.  (See  reference  2.)  The  results  of 
extensive  flight  tests  by  Higginbotham  (reference  3) 
showed  the  shape  and  location  of  the  baffles  to  be  very 
important  in  obtaining  the  maximum  cooling  with  the 
minimum  drag.  Baffles  are  generally  used  in  conjunc¬ 
tion  with  N.  A.  C.  A.  cowling;  they  improve  the  cool¬ 
ing  by  directing  the  air  to  the  hot  parts  of  the  cylinder 
and  they  reduce  the  drag  by  limiting  the  quantity  of 
air  that  flows  through  the  cowling. 

The  purpose  of  the  tests  herein  reported  was  to 
determine  the  shape  and  location  in  relation  to  the 
cylinder  barrel  of  the  baffles  that  give  the  largest  im¬ 
provement  in  cooling.  Tests  were  made  with  plate 
baffles  set  at  various  angles  with  respect  to  the  air 
stream  and  at  various  positions  around  the  cylin¬ 
der,  with  streamline  baffles,  with  shell  baffles  having 
variously  shaped  entrance  and  exit  passages,  with 
baffles  welded  to  the  tips  of  the  fins,  and  with  com¬ 
binations  of  shell  baffles  with  strips  inside  the  baffles. 
A  few  tests  were  also  made  of  a  cylinder  having  the 
fins  bent  at  the  front  quarter  to  an  angle  of  50°  with 
respect  to  the  cylinder  wall.  Most  of  the  tests  were 
made  at  an  air  speed  of  56  miles  per  hour;  some  data, 
however,  were  obtained  at  air  speeds  from  38  to  145 
miles  per  hour. 

The  comparative  cooling  of  electrically  heated  finned 
cylinders  with  and  without  baffles  was  obtained  by 
testing  each  cylinder  and  baffle  combination  in  a  wind 
tunnel  and  measuring  the  temperature  over  the  cooling 
surface  for  a  given  heat  input  and  air  speed.  The 
comparison  of  the  effectiveness  of  the  various  types  of 
baffles  was  based  mainly  on  the  lieat-transfer  coeffi¬ 
cient  (the  heat  dissipated  per  unit  of  cooling  surface  per 
unit  of  time  per  unit  of  temperature  difference  be¬ 
tween  the  cooling  surface  and  the  cooling  air).  The 
reduction  in  base  temperature  at  the  rear  of  the  cylinder 
with  the  various  types  of  baffles  was  also  considered. 
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The  tests  were  conducted  at  the  Committee’s  labora¬ 
tories  at  Langley  Field,  Va.,  between  July  1932  and 
October  1933. 

APPARATUS 

Cooling  tunnel. — The  cooling  tunnel  used  had  a 
30-inch  throat  and  was  designed  to  give  air  speeds  up 
to  200  miles  per  hour.  The  air  speed  of  the  tunnel  was 


struction  of  such  a  unit  is  completely  described  in 
references  4  and  5. 

A  voltmeter  and  an  ammeter  were  used  for  measur¬ 
ing  the  heat  input  to  the  test  cylinder.  Oil-cooled 
rheostats  having  a  very  sensitive  adjustment  over  a 
wide  range  of  electrical  input  were  used  to  regulate 
the  input  to  each  of  the  guard  rings  and  to  the  test 
cylinder. 


measured  with  a  pitot-static  tube  placed  to  one  side 
and  sufficiently  far  ahead  of  the  test  unit  to  assure  the 
accuracy  of  the  readings.  A  honeycomb  grid  was 
placed  at  the  tunnel  entrance  to  reduce  air  disturb¬ 
ances.  Figure  1  shows  the  cooling  tunnel  with  one 
of  the  test  units  mounted  in  place. 

Test  units. — The  tests  were  conducted  with  three 
test  units  of  the  type  shown  in  figure  2.  The  heating 


Thermocouples. — The  temperatures  of  the  surfaces 
of  the  finned  cylinders  were  measured  with  iron- 
constantan  thermocouples  connected  through  a  se¬ 
lector  switch  to  a  medium-resistance  pyrometer  of  the 
portable  type.  The  thermocouples  were  made  of 
0.013-inch  diameter  silk-covered  enameled  wire. 

The  24  thermocouples  were  electrically  welded  to 
the  barrel  and  the  fms  at  the  positions  shown  in  figure 


Figure  2. — Details  of  construction  of  the  test  unit. 


unit  for  the  cylinders  consisted  essentially  of  a  coil  of 
nichrome  wire  embedded  in  alundum  cement.  The 
coils  of  the  heating  element  were  so  distributed  that 
the  heating  was  uniform  over  the  entire  cylinder  wall. 
In  order  to  eliminate  heat  losses  from  the  ends  of  the 
test  cylinder,  guard  rings  of  the  same  construction  as 
the  test  cylinder  were  placed  on  each  end.  The  con- 


3.  The  temperature  distribution  being  symmetrical 
with  respect  to  the  air  stream,  the  thermocouples 
were  located  on  only  one-half  of  the  cylinder.  Tests 
have  shown  (reference  5)  that  at  any  given  position  on 
the  fins  the  temperature  is  practically  the  same  for  all 
the  fins  and  that  the  results  for  one  fin  can  be  taken  as 
representative  of  all. 
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Apparatus  used  for  measuring  air-flow  speed. — The 

air  speed  between  the  fins  was  determined  from 
measurements  made  with  impact  and  static  tubes  con¬ 
nected  to  water  manometers.  The  tubes  had  an  out- 

Front 


I 


Rear 

Figure  3.— Location  of  thermocouples  on  test  cylinder. 


side  diameter  of  0.040  inch  and  an  inside  diameter  of 
0.035  inch. 

Cylinders  and  baffles. — Figure  4  shows  cross  sections 
ofjtlie  fins  used  in  this  investigation.  The  0.25-inch- 
pitch.  fins  on  cylinders  1  and  2  were  of  1.22-inch  and 


0.67-inch  widths,  respectively.  Cylinder  3,  which  was 
cut  from  a  Wright  J-5  cylinder  barrel,  had  fins  of  0.31- 
inch  pitch  and  0.6-inch  width.  The  cylinders  were 
constructed  from  steel  corresponding  to  specifications 
for  S.  A.  E.  1050  steel.  Figure  5  shows  one  of  the 


cylinders  equipped  with  shell  baffles  and  attached  to 
the  mounting  bracket  ready  for  testing. 

The  plate  baffle  (fig.  6)  consisted  of  two  plates 
mounted  symmetrically  on  each  side  of  the  test  cylin¬ 
der  with  respect  to  the  plane  through  the  axis  of  the 
cylinder  and  parallel  to  the  air  stream.  Two  sizes  of 
these  plates  were  tested,  the  narrow  one  being  lb 
inches  wide  and  the  wide  one  4%  inches.  The  plate 
baffles  and  all  other  baffles  tested  were  constructed 
from  20-gage  sheet  steel. 

The  streamline  baffles  (fig.  7)  consisted  of  two  pieces 
of  streamline  tubing  symmetrically  mounted  parallel 
to  the  axis  of  the  cylinder  and  135°  from  the  front. 


Figure  5.— Assembly  of  finned  test  cylinder  and  guard  rings  with  mounting 
bracket,  baffles,  and  thermocouples  in  place. 


The  shell  baffles  (see  figs.  8,  9,  11,  13,  and  15)  con¬ 
sisted  of  two  pieces  of  sheet  steel  of  single  curvature 
mounted  concentrically  with  the  surface  of  the  test 
cylinder  and  symmetrically  with  respect  to  the  cylin¬ 
der  diameter  parallel  to  the  air  stream.  Some  of  these 
baffles  were  provided  with  extensions  forming  entrance 
and  exit  passages. 

As  previous  tests  (reference  4)  showed  that  the  cool¬ 
ing  was  greatly  improved  by  directing  the  cooling  air 
at  an  angle  with  respect  to  the  fins,  it  was  believed 
that  guiding  the  air  to  the  rear  of  the  cylinder  and,  at 
the  same  time,  directing  it  at  an  angle  with  respect  to 
the  fins,  would  reduce  the  rear-wall  temperatures. 
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Narrow  strips  were  accordingly  placed  at  an  angle 
between  the  baffles  and  the  fins  so  as  to  direct  the  air 
spirally  toward  the  rear  of  the  cylinder  as  shown  in 
figure  19.  A  section  of  the  fins  on  cylinder  3  was  bent 
at  an  angle  of  50°  to  the  cylinder  wall  in  order  to 
investigate  further  the  cooling  with  the  air  directed 
at  an  angle  with  respect  to  the  fins  (fig.  20). 

The  integral  baffle  (fig.  21)  was  a  special  shell 
baffle  constructed  by  welding  strips  of  metal  between 
and  at  the  fin  tips  to  form  channels  for  the  cooling  air. 

TESTS 

Tests  on  cylinders  1  and  2  were  made  with  a  heat 
input  of  85  B.  t.  u.  per  hour  per  square  inch  of  cooling 
surface  and  those  of  cylinder  3  with  a  heat  input  of 
100.  The  air  speed  for  all  the  tests  was  approximately 
56  miles  per  hour  except  in  the  tests  made  to  determine 
the  effect  of  speed. 

When  conducting  this  investigation  preliminary 
tests  were  made  with  the  plate,  streamline,  and  shell 
baffles;  as  a  result  of  these  preliminary  tests  the  shell 
baffles  were  selected  as  the  most  promising  for  further 
investigation.  The  wide  and  narrow  plate  baffles 
were  tested  on  cylinder  1 .  The  narrow  baffles  were 
tried  at  the  front,  side,  and  rear  of  the  cylinder  and 
for  each  position  the  plates  were  tested  at  three  differ¬ 
ent  angles  with  respect  to  the  air  stream.  The  wide 
baffles  were  mounted  at  the  rear  of  the  cylinder  and 
tested  at  three  angles  to  the  air  stream.  The  arrange¬ 
ment  of  the  plates  and  the  results  of  the  tests  are  shown 
together  in  figures  6  (a)  to  6  (f). 

The  streamline  baffles  were  tested  with  cylinder  1 
in  the  single  condition  shown  with  the  results  in  figure  7. 

Although  most  of  the  tests  with  the  shell  baffles  were 
made  on  cylinder  3  (figs.  9  to  18),  which  had  fins  of 
0.6-incli  width,  a  sufficient  number  of  tests  were  made 
on  cylinder  1  (fig.  8),  which  had  fins  of  1.22-inch  width, 
so  that  the  effect  of  fin  width  on  the  heat-transfer 
coefficient  and  the  temperature  distribution  could  be 
established.  The  radial  distances  from  the  shell  baffles 
to  the  fins  were  varied  from  0.07  to  2  inches.  The 
lengths  of  the  exit  extensions  tested  on  the  shell  baffles 
of  cylinder  3  were  varied  from  0.375  to  5  inches;  the 
size  of  the  intake  opening,  equal  to  the  arc  subtended 
by  the  angle,  was  varied  from  a  minimum  of  40°  to  a 
maximum  of  210°.  Determinations  were  made  of  the 
effect  of  varying  the  ratio  of  the  area  of  the  flow  pas¬ 
sage  between  the  deflector  and  the  cylinder  to  the  dis¬ 
charge  area  from  1  to  slightly  more  than  3. 

The  results  of  the  tests  made  on  cylinder  2  with  shell 
baffles  and  with  combinations  of  shell  baffles  and  strips 
to  direct  the  air  at  an  angle  with  respect  to  the  fins  are 
shown  in  figure  19.  Tests  were  also  made  with  and 
without  shell  baffles  on  cylinder  3  having  a  section  of 
the  fins  bent  so  that  the  cooling  air  would  impinge 
upon  the  fins  at  an  angle  instead  of  parallel.  The  sec¬ 
tion  varied  in  size  from  90°  to  360°,  the  small  section 


being  tried  at  various  points  around  the  circumference. 
Only  wall-temperature  measurements  were  obtained 
when  testing  this  arrangement.  (See  fig.  20.) 

A  few  tests  were  made  on  cylinder  3  to  determine 
the  effect  on  base  temperature  of  using  baffles  consist¬ 
ing  of  metal  strips  welded  to  the  tips  of  the  fins.  A 
sketch  of  this  baffle  and  the  results  of  the  tests  are 
shown  in  figure  21. 

Tests  were  also  conducted  at  several  air  speeds  be¬ 
tween  38  and  145  miles  per  hour  to  determine  whether 
the  improvements  obtained  at  one  air  speed  with  the 
bent  shell  baffles  could  be  obtained  at  other  air  speeds. 
A  few  tests  were  also  made,  for  the  same  range  of  air 
speeds,  in  which  the  air  speed  between  the  fins  at 
several  points  approximately  90°  from  the  front  of 
the  cylinder  was  determined  with  and  without  baffles. 

COMPUTATIONS 

The  calculations  for  this  report  are  substantially  the 
same  as  those  of  reference  5  from  which  more  detailed 
description  and  the  derivation  of  the  formula  may  be 
obtained. 

The  air  speeds  were  corrected  to  a  standard  density 
corresponding  to  a  pressure  of  29.92  inches  of  mercury 
and  a  temperature  of  80°  F.  according  to  the  relation: 
corrected  air  speed  = 

observed  air  speed X density  in  tunnel  test  section 
standard  density 

The  cold  junction  of  the  thermocouple  that  meas¬ 
ured  the  temperature  difference  between  the  cylinder 
and  the  air  was  located  outside  the  tunnel.  A  cor¬ 
rection  was  applied  to  take  care  of  the  adiabatic  cool¬ 
ing  of  the  air  due  to  the  drop  in  pressure  before  reach¬ 
ing  the  test  section  and  the  frictional  heating  of  the 
air  by  the  grid  and  tunnel  wall  ahead  of  the  test 
section. 

The  average  cylinder-wall  temperature  was  found 
by  arithmetically  averaging  the  readings  of  the  nine 
thermocouples  located  on  the  cylinder  wall. 

The  temperatures  at  any  point  on  the  surface  of  the 
cylinder  wall  and  fins  were  determined  by  cross-plot¬ 
ting  the  measured  temperatures.  The  average  cool¬ 
ing-surface  temperature  was  obtained  by  graphically 
integrating  the  temperature  with  respect  to  the  area 
over  the  entire  cooling  surface  and  dividing  by  the 
area  covered. 

The  average  surface  heat-transfer  coefficient  was 
found  by  dividing  the  total  heat  dissipated  per  hour 
by  the  product  of  the  total  exposed  area  of  the 
cylinder  wall  and  fins  and  the  average  surface-temper¬ 
ature  difference.  The  experimental  cylinder-wall  heat- 
transfer  coefficient  was  obtained  by  dividing  the  total 
heat  dissipated  per  hour  by  the  product  of  the  outside 
cylinder-wall  area  and  the  average  cylinder-wall 
temperature  difference. 

For  convenience  in  this  report  whenever  “  tempera¬ 
ture”  is  used  it  will  be  understood  to  mean  the  cor- 
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rected  “temperature  difference”  between  a  point  on 
the  cylinder  and  the  cooling  air. 

The  theoretical  cylinder-wall  heat-transfer  coefficient 
was  calculated  from  the  following  formula  (reference  5): 

u=l  DK1+2s;)  tanh  aw'+s»] 


U,  over-all  heat-transfer  coefficient,  B.  t.  u.  per 
square  inch  base  area  per  hour,  per  °F. 
temperature  difference  between  the  cylin¬ 
der  wall  and  cooling  air. 

q,  surface  heat-transfer  coefficient,  B.  t.  u.  per 
square  inch  total  surface  area  per  hour, 
per  °F.  temperature  difference  between 
the  surface  and  the  cooling  air. 

k,  thermal  conductivity  of  metal,  B.  t.  u.  per 
square  inch,  per  °F.  through  1  inch  per 
hour  (2.17  for  steel). 

t,  average  fin  thickness,  inches. 

p,  pitch  of  fins,  inches. 

w,  fin  width,  inches. 

w'=w+~j  effective  fin  width. 

it,  fin-tip  thickness,  inches. 

Rb,  radius  from  center  of  cylinder  to  fin  root, 
inches. 

sb,  distance  between  adjacent  fin  surfaces  at 
the  fin  root,  inches. 

The  following  additional  symbols  are  used  in  this 
report: 

6b,  average  temperature  difference  between  the 
root  of  the  fin  and  the  cooling  air,  °F. 

6 a,  average  temperature  difference  between  the 
cooling  surface  and  the  cooling  air,  °F. 

RESULTS  AND  DISCUSSION 

PLATE  BAFFLES 

The  effect  on  the  temperatures  of  the  cylinder  base 
of  using  plate  baffles  is  shown  by  the  temperature- 
distribution  curves  of  figure  6.  The  single  curve  of 
figure  6  (a)  is  for  cylinder  1  without  baffles.  The 
temperature-distribution  curve  and  the  heat-transfer 
coefficients  obtained  for  cylinders  1  and  3  (fig.  9 

(a) )  without  baffles  are  used  throughout  this  report  as 
standards  for  comparison.  The  condition  of  shell 
baffles  alone  on  cylinder  2  is  used  as  a  standard  to 
compare  with  the  cylinder  when  strips  are  attached 
to  the  baffles.  (See  fig.  19.) 

When  plate  baffles  1.25  inches  wide  are  placed  45° 
from  the  front,  the  second  group  of  curves  (fig.  6 

(b) )  and  the  heat-transfer  coefficient  show  that  the 
cooling  is  impaired  for  all  conditions  except  when  the 
baffles  are  perpendicular  to  the  general  direction  of 
the  air  stream,  in  which  case  the  heat-transfer  coeffi¬ 
cient  was  increased  only  4.4  percent.  The  use  of  the 


baffle  plates  on  the  sides  of  the  cylinder  at  various 
angles  with  respect  to  the  air  stream  caused  a  large 
variation  in  the  base  temperatures  as  shown  by  the 
third  group  of  curves  (fig.  6  (c)).  The  heat-transfer 
coefficient  varied  from  a  reduction  of  10.9  percent 
with  the  plates  parallel  to  the  air  stream  to  an  increase 
of  22.6  percent  with  the  plates  perpendicular  to  the 
air  stream.  The  reduction  in  rear-base  temperature 
with  the  plates  perpendicular  to  the  air  stream  was 
small.  When  the  plates  are  mounted  60°  from  the 
rear  of  the  cylinder  (fig.  6  (d))  and  perpendicular  to 
the  direction  of  the  air  stream,  the  heat- transfer 
coefficient  is  increased  27.2  percent.  Practically  no 
reduction  in  rear-base  temperature  was  obtained  for 
the  latter  condition  but  the  temperatures  at  points 
between  the  sides  and  the  rear  show  a  large  reduction. 

Figure  6  (e)  shows  a  comparison  of  the  base  tem¬ 
peratures  obtained  for  the  best  condition  at  each  of 
the  three  positions  tried.  The  solid  curve  represents 
the  results  obtained  with  two  plates  mounted  on  each 
side  as  shown.  With  the  latter  plate  arrangement  the 
heat-transfer  coefficient  is  increased  2 1 .5  percent.  The 
rear-wall  temperature  is  increased  slightly  but  the  wall 
temperatures  at  points  between  the  sides  and  the  rear 
are  greatly  reduced.  The  wall  temperatures  for  the 
condition  with  the  baffles  mounted  60°  from  the  rear- 
are  higher  than  with  one  or  two  baffles  on  the  side 
even  though  the  heat  transfer  is  higher.  This  apparent 
discrepancy  is  explained  by  the  fact  that  the  heat- 
transfer  coefficient  is  based  on  the  average  fin  and 
barrel  temperature. 

In  general,  it  may  be  said  that  the  narrow  plate 
baffles  give  a  large  improvement  in  cooling  when 
mounted  perpendicular  to  the  air  stream  and  between 
the  side  and  rear  of  the  cylinder  but  when  mounted 
parallel  to  the  air  stream  they  may  seriously  impair 
the  cooling.  At  best  only  a  slight  reduction  in  rear- 
wall  temperature  can  be  obtained  with  the  narrow 
baffles.  As  this  type  of  baffle  is  very  sensitive  to  the 
direction  of  air  flow,  great  care  must  be  exercised  in 
its  use  or  the  cooling  may  actually  be  impaired. 

The  curves  in  figure  6  (f)  show  that  the  plate  baffles 
4%  inches  wide  mounted  60°  from  the  rear  of  the 
cylinder  do  not  improve  the  cooling  as  much  as  do  the 
narrow  plates  (fig.  6  (e)).  For  the  best  condition  with 
the  wide  plates  the  heat-transfer  coefficient  was  in¬ 
creased  8.7  percent  as  compared  with  an  increase  of 
27.2  percent  with  narrow  plates  mounted  near  the  rear 
of  the  cylinder.  When  the  wide  plates  were  mounted 
parallel  to  the  air  stream  the  cooling  was  seriously 
impaired,  as  indicated  by  an  increase  of  40°  F.  in  the 
rear-wall  temperature  and  a  decrease  of  18.6  percent 
in  the  heat-transfer  coefficient. 

STREAMLINE  BAFFLES 

The  curves  and  data  of  figure  7  show  that  streamline 
baffles  on  cylinder  1  increased  the  heat-transfer  co¬ 
efficient  from  0.0866  to  0.1024,  an  increase  of  18.3 
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Figure  6. — Cylinder-base  temperature  differences  and  heat-transfer  coefficients  obtained  with  plate  baffles  in  different  positions.  Cylinder  1. 
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Figure  7.— Cylinder-base  temperature  differences  and  heat-transfer  coefficients  obtained  with  streamline  baffles.  Cylinder  1. 
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percent,  while  the  rear-wall  temperature  was  increased 
15°  F.,  or  8.6  percent.  Apparently  with  these  baffles 
there  is,  in  the  rear  of  the  cylinder,  a  low-pressure  area 
that  causes  the  air  to  flow  to  the  rear  through  the 
openings  between  the  baffles  and  the  cylinder. 

SHELL  BAFFLES 

The  curves  in  figure  8  (a)  show  that  although,  within 
limits,  increasing  the  extent  of  surface  contact  of  the 
shell  baffles  with  the  cylinder  so  as  to  restrict  the  exit 
opening  decreases  the  rear-wall  temperatures,  it  also, 
for  the  two  conditions  shown,  reduces  the  heat-transfer 


A  comparison  of  the  results  for  test  4  in  figure  8  (b) 
with  those  for  test  3  in  figure  8  (a)  shows  that  without 
flares  on  the  intake  opening  the  heat-transfer  coefficient 
is  12.5  percent  higher  and  the  rear-wall  temperatures 
10°  higher  than  with  flares. 

The  curve  in  figure  8  (c)  shows  that  an  appreciable 
reduction  in  rear-wall  temperatures  may  be  obtained 
by  using  small  baffles  between  the  fins  in  conjunction 
with  the  shell  baffles.  As  compared  with  conditions 
without  baffles  (fig/ffi  (a))  this  arrangement  reduced 
the  rear-wall  temperatures  15.4  percent;  whereas  the 
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Figure  8.— Cylinder-base  temperature  differences  and  heat-transfer  coefficients  obtained  with  shell 

baffles.  Cylinder  1. 


Figure  9.— Effect  of  the  width  of  exit  opening  of  shell 
baffles  on  the  temperature  distribution  and  heat- 
transfer  coefficients.  Cylinder  3. 


coefficient  from  0.1087  to  0.0972.  A  further  restric¬ 
tion  of  the  air  flow  effected  by  reducing  the  size  of  the 
exit  opening  (fig.  8  (b))  causes  an  increase  in  rear-wall 
temperatures  and  an  additional  reduction  in  the  heat- 
transfer  coefficient.  The  results,  however,  show  that 
little  difficulty  will  be  experienced  in  effecting  a  large 
reduction  in  temperature  at  points  between  20°  and 
70°  from  the  rear  of  the  cylinder  although  it  will  be 
considerably  more  difficult  to  reduce  the  temperature 
directly  in  the  rear. 


shell  baffles  without  the  small  baffles  (fig.  8  (b))  gave 
a  reduction  of  only  2.9  percent.  For  the  foregoing 
conditions  the  heat-transfer  coefficient  increased  19.9 
percent  with  the  small  baffles  and  26.2  percent  without 
the  small  baffles.  Apparently  these  small  baffles  are 
very  effective  in  guiding  the  air  toward  the  rear  of 
cylinders  having  long  fins,  but  they  impair  the  cooling 
at  other  points  on  the  cylinder  because  they  slow  up 
the  air  and  cause  a  reduction  in  the  heat-transfer 
coefficient. 
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Figure  lO.-Variation  of  rear-wall  temperatures  and  heat-transfer  coefficients  Figure  12.-Variation  of  rear-wall  temperatures  and  heat-transfer  coefficients  with 
with  ratio  of  exit  area  to  clear  area  between  fins  for  a  cylinder  with  shell  baffles.  length  of  exit  extensions  of  shell  baffles.  Cylinder  3. 

Cylinder  3. 


53  1  .1003  .433  231.8  191.9  . 

Figure  11. -Effect  of  the  length  of  the  exit  extensions  of  Figure  13. -Effect  of  clearance  between  the  shell  baffles  and  the  fin  tips  on  the  temperature  distribution  am 
shell  baffles  on  the  temperature  distribution  and  heat-  heat-transfer  coefficients.  Cylinder  3. 


transfer  coefficients.  Cylinder  3. 
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The  results  of  the  tests  on  shell  baffles  have  shown 
that  with  proper  installation  of  baffles  an  appreciable 
reduction  in  rear-wall  temperatures  and  a  large  in- 


ond  fin  tips ,  inches 

1  igure  14.— Variation  of  rear-wall  temperatures  and  heat-transfer  coefficients  with 
clearance  between  shell  baffles  and  fin  tips.  Cylinder  3. 

crease  m  the  heat- transfer  coefficient  may  be  obtained. 
These  results  were  sufficiently  encouraging  to  warrant 
further  work  to  determine  the  effect  of  size  of  exit 

71946—36 - 9 


opening,  length  of  extension,  frontal  area  exposed  to 
air  stream,  and  the  distance  between  baffle  and 
cylinder. 

Effect  of  exit  opening. — The  curves  in  figures  9  and 
10  show  the  importance  of  the  ratio  of  exit  area  of 
baffles  to  the  area  between  the  cooling  surface  and  the 
baffles  in  reducing  rear-wall  temperatures  and  increas¬ 
ing  the  lieat-transfer  coefficient.  These  tests  were  con¬ 
ducted  on  cylinder  3  (fig.  9  (a)).  With  baffles  having 
a  ratio  of  exit  area  to  clear  area  between  fins  of  1.75 
(figs.  9  (b)  and  10)  the  rear-wall  temperature  was 
reduced  to  less  than  260°  F.,  or  13.3  percent,  and  the 
heat-transfer  coefficient  was  increased  23.1  percent. 
In  figure  10  the  curve  for  the  heat- transfer  coefficient 
shows  an  optimum  ratio  of  areas  of  2.3,  which  is  higher 
than  the  value  of  1.6  based  on  the  curve  for  rear-wall 
temperatures.  The  optimum  ratio  of  areas  is  a  ratio 
that  will  give  a  large  reduction  in  rear-wall  tempera¬ 
tures  by  bringing  the  air  as  far  as  possible  to  the  rear 
without  appreciably  decreasing  its  velocity.  These 
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Figure  15. — Effect  of  the  entrance  angle  of  a  shell  baffle  on  the  temperature 
distribution  and  heat-transfer  coefficients.  Cylinder  3. 

ratios  would  be  meaningless  if  the  area  of  the  flow 
passage  between  the  cylinder  and  the  baffle  and  the 
exit  opening  were  greatly  increased,  unless  there  was 
a  corresponding  increase  in  the  cylinder  diameter. 

Effect  of  extension  length. — The  curves  in  figures  1 1 
and  12  show  that  baffles  having  extensions  3  inches  or 
more  in  length  give  the  largest  reduction  in  rear-wall 
temperatures  and  the  highest  heat-transfer  coefficients. 
That  the  optimum  extension  length  is  short  is  fortu¬ 
nate,  because  long  extensions  would  increase  installa¬ 
tion  difficulties;  whereas  3 -inch  extensions  can  probably 
be  conveniently  used  on  all  installations.  The  irregu¬ 
larities  in  the  curves  of  rear- wall  temperatures  and 
heat-transfer  coefficient  when  extensions  shorter  than 
3  inches  are  used  indicate  that  the  length  of  the  exten¬ 
sion  has  considerable  effect  on  the  air  flow  in  the  rear 
of  the  cjdinder  and  that  the  cooling  can  be  regulated 
by  slight  changes  in  the  extension  length.  Increasing 
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the  length  of  the  extension  to  more  than  3  inches 
results  in  a  gradual  increase  in  rear-wall  temperatures 
and  a  small  increase  in  the  heat-transfer  coefficient. 

Effect  of  radial  clearance  between  baffles  and  fin 
tips.— The  test  results  shown  in  figures  8  (b),  8  (d),  13, 


Figure  1G.— Variation  of  rear-wall  temperatures  and  heat-transfer  coefficients  with 
entrance  angle  of  shell  baffles.  Cylinder  3. 

and  14  indicate  that  the  distance  between  the  baffle 
and  the  cylinder  influences  the  rear-wall  temperatures 
and  the  heat-transfer  coefficient  q  and  that  the  amount 
of  the  change  depends  upon  the  fin  width.  Placing 
the  baffles  in  contact  with  the  fins  on  cylinders  having 
fins  of  1.22-  and  0.6-inch  widths  resulted  in  increases 


in  the  heat-transfer  coefficient  of  26.2  and  23.1  per- 
cent,  respectively,  as  compared  with  conditions  with¬ 
out  baffles.  Increasing  the  distance  between  the 
baffles  and  the  cylinders  to  one-half  inch  resulted  in 
the  reduction  of  these  percentages  to  22.2  and  9.84  for 
cylinders  having  fins  of  1.22-  and  0. 6-inch  widths,  re¬ 
spectively.  The  rear-wall  temperatures  of  the  cylinder 
with  the  wide  fins  are  not  appreciably  affected  by  the 
use  of  baffles  regardless  of  the  distance  between  the 
baffles  and  the  cylinder;  whereas,  for  the  cylinder  hav¬ 
ing  fins  0.6  inch  in  width  the  rear-wall  temperatures 
are  reduced  from  298°  F.  without  baffles  to  259°  F. 
with  baffles  in  contact  with  the  fins. 

A  shell  baffle  with  3-inch  extensions  may  seriously 
impair  the-  cooling  if  it  is  mounted  too  far  from  the 
cylinder  (fig.  13  (a)).  For  example,  when  the  baffles 
arc  mounted  2  inches  from  the  cylinder  the  rear-wall 
temperature  is  104°  F.  higher  than  for  conditions  with 
no  baffles  and  the  lieat-transfer  coefficient  is  reduced 
from  0.0965  for  a  cylinder  without  baffles  to  0.0860  for 
a  cylinder  with  baffles  having  extensions.  The  curves 
(fig.  14)  also  show  that  considerably  more  is  to  be 
gained  in  reducing  rear-wall  temperatures  and  increas¬ 
ing  the  heat-transfer  coefficient  by  placing  baffles  with 
extensions  in  contact  with  the  fins  than  can  be  gained 
by  placing  plain  baffles  in  contact  with  the  fins. 

Effect  of  size  of  intake  opening. — A  comparison  of 
the  curves  in  figures  9  (a),  15,  and  16  shows  that  the 
entrance  angle  has  a  large  effect  on  the  value  of  the 
heat-transfer  coefficient.  For  example,  with  an  en¬ 
trance  angle  of  145°  (fig.  16),  the  heat-transfer  coeffi¬ 
cient  was  0.1240  as  compared  with  0.0965  without 
baffles  (fig.  9  (a)),  an  increase  of  28.5  percent.  For 
the  same  entrance  angle  the  rear-wall  temperature  was ; 
250°  F.  as  compared  with  298°  F.  without  baffles.  In¬ 
creasing  the  entrance  angle  to  more  than  160°  results 
in  a  sharp  rise  in  temperature  because  the  air  breaks 
away  from  the  cylinder  before  it  reaches  the  baffle; 
whereas  reducing  the  angle  to  less  than  120°  results  in 
only  a  gradual  increase  in  temperature,  the  speed  beiir:  I 
reduced  because  of  increased  length  of  passage  and  be¬ 
cause  the  intake  opening  normal  to  the  air  flow  is  j 
i  smaller. 

The  curves  (fig.  16)  for  heat-transfer  coefficient  I 
show  the  same  trend  as  the  curves  for  base  temperature  ’ 
When  the  entrance  angle  is  increased  to  210°  the  tern- 1 
peratures  in  the  rear  of  the  cylinder  are  the  same  as  I 
without  a  baffle,  while  the  heat-transfer  coefficient  - 
shows  an  increase  of  9.1  percent,  indicating  the  bene- r 
ficial  effect  of  baffles  on  the  temperatures  at  otlieij 
points. 

Although  these  tests  indicate  (fig.  16)  that  the  lieat-j 
transfer  coefficient  decreases  when  the  entrance  angle  1 
is  less  than  120°,  it  is  believed  that  on  installations  Ini' 
ing  a  large  part  of  the  area  between  the  cylinder! 
blocked  or  on  engines  having  cowling  and  baffle  nr  l 
rangement  such  that  only  sufficient  air  is  admitted  t  * 
cool  the  engine,  angles  less  than  120°  will  give  bette  I 
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cooling.  Improved  cooling  with  small  entrance  angle  1 
is  obtained  for  the  above-mentioned  condition  because 
the  air  speed  will  be  higher  over  a  large  part  of  the 
front  area  of  a  cylinder.  For  tests  herein  reported  the 
air  speed  over  the  front  of  a  cylinder  with  baffles  was 
probably  about  the  same  as  for  a  cylinder  without 
baffles  because  the  air  could  flow  freely  over  the  out¬ 
side  of  the  baffle  as  well  as  on  the  inside. 

Effect  of  air-stream,  speed. — The  test  results  sub¬ 
mitted  in  figure  17  show  that  the  heat-transfer  coeffi¬ 
cient.  varied  as  the  speed  to  the  0.85  power  for  condi¬ 
tions  without  baffles  and  with  baffles  of  the  type  shown 
in  figure  15.  The  tests  were  made  on  cylinder  3  at 
several  air  velocities  from  38  to  145  miles  per  hour. 


Air  speed ,  m.p.h. 


Figure  17.— Effect  of  air  speed  on  the  heat-transfer  coefficient  of  cylinder  3  with 

and  without  shell  baffles. 

The  use  of  the  best  shell  baffles  resulted  in  a  large 
improvement  in  cooling  at  all  air  velocities  investi¬ 
gated.  The  test  results  in  figure  18  show  the  effect  of 
velocity  on  the  cylinder-wall  heat-transfer  coefficient  U 
for  cylinder  3  with  and  without  baffles.  The  calculated 
values  of  U  (equation  (1))  are  also  shown.  As  these 
calculated  values  check  the  experimental  values,  the 
method  proposed  in  reference  5  for  the  design  of  cylin¬ 
ders  without  baffles  can  be  extended  to  the  design  of 
cylinders  with  baffles  by  using  the  experimental  values 
of  q  as  determined  for  cylinders  with  baffles. 

The  measurement  of  the  air  speeds  between  the 
fins  at  90°  from  the  front  of  cylinder  3  without  baffles 
showed  that  the  average  air  speed  between  the  fins 
was  35  percent  higher  than  the  tunnel  air  speed. 


V\  ith  the  best  shell  baffles  having  a  radial  clearance 
between  the  baffle  and  the  fin  tip  of  0.07  inch,  the 
average  air  speed  between  the  fins  was  30,  92,  118,  and 
172  miles  per  hour  for  tunnel  air  speeds  of  30,  80,  100, 
and  140  miles  per  hour,  respectively.  At  a  tunnel  air 
speed  of  100  miles  per  hour  the  highest  air  speed  be¬ 
tween  the  fins  without  the  baffles  was  approximately 
0.12  inch  from  the  root  of  the  fin  and  with  shell  baffles 
it  was  approximately  0.09  inch  from  the  root  of  the 
fm.  This  difference  would  indicate  that  part  of  the 
improvement  in  cooling  obtained  through  the  use  of 
baffles  may  be  attributed  to  reduced  boundary  layer. 


Figure  IS. — Comparison  of  experimental  with  calculated  over-all  heat-transfer 
coefficient  for  cylinder  3  with  and  without  shell  baffles  at  various  air  speeds. 


The  curves  in  figures  9  (a)  and  15  show  that  the  tem¬ 
peratures  are  reduced  at  a  position  90°  from  the  front 
when  using  baffles  as  compared  with  conditions  without 
baffles  even  though  the  average  air  speed  between  the 
fins  is  less,  indicating  that  the  boundary  layer  at  this 
point  is  less  on  the  cylinder  with  baffles. 

COMBINATION  OF  SHELL  BAFFLES  AND  STRIPS 

The  results  in  figure  19  for  shell  baffles  show  that  the 
addition  of  the  strips  increased  the  wall  temperatures 
around  the  rear  of  the  cylinder,  as  compared  with  the 
cylinder  with  only  the  shell  baffle,  and  that  the  heat- 
transfer  coefficient  was  decreased.  As  the  strips  were 
placed  on  the  fin  tips,  the  air  passing  over  the  fins 
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probably  did  not  change  its  direction  of  flow  and, 
furthermore,  the  speed  of  the  air  between  the  cylinder 
and  the  baffle  may  have  been  reduced  by  a  restricting 
action  of  the  strips. 

COMBINATION  OF  CYLINDER  WITH  BENT  FINS  AND  SHELL 

BAFFLES 

Next  to  the  integral  baffle,  the  combination  of  bent 
fins  and  shell  baffles  reduced  the  rear-wall  tempera¬ 
tures  more  than  any  other  baffle.  Complete  data  were 
not  obtained  for  these  tests  so  that  only  the  wall  tem¬ 
peratures  are  given  in  figure  20.  The  rear-wall  tem¬ 
perature  was  reduced  from  298°  F.  for  a  cylinder  with 
straight  fins  and  no  baffles  to  210°  F.,  or  29. G  percent, 
as  compared  with  the  31.9  percent  reduction  obtained 
with  integral  baffles  and  16.1  percent  reduction  ob¬ 
tained  with  baffle  69  (fig.  15).  It  should  be  noted  that 


cooling  obtained  with  this  type  of  baffle  with  and 
without  extensions  was  small. 

CONCLUSIONS 

The  results  of  these  tests  show  that: 

1 .  Properly  installed  shell  baffles  reduced  the  cylin¬ 
der-wall  temperatures  and  increased  the  lieat-transfer 
coefficient  to  a  greater  extent  than  either  plate  baffles 
or  streamline  baffles. 

2.  Optimum  cooling  was  obtained  with  shell  baffles 
when  they  were  mounted  as  closely  to  the  cylinder  as 
possible,  when  the  entrance  was  equal  to  the  arc  sub¬ 
tended  by  an  angle  of  approximately  145°,  when  the 
rearward  extensions  were  3  or  more  inches  long,  and 
when  the  ratio  of  exit  area  to  free-flow  area  between 
the  fins  was  between  1.6  and  2.3. 


Test  Combination  q  U  °F.  °F. 

40  BC+A  at  45°  0.1063  0.569  146.2  111.8 

41  BC  alone  .1139  .  604  136.9  103.4 

42  BC+A  at  30°  .1057  .554  149.4  112.1 

Figure  19.— Effect  of  strips  between  shell  baffles  and 
fin  tips  on  the  temperature  distribution  and  heat- 
transfer  coefficient.  Cylinder  2. 


Test 


°F. 


Description 

A.  Straight  fins,  no  baffles _  236. 1 

B.  Straight  fins,  with  baffles - 197.  6 

C.  Bent  fins,  no  baffles... . .  200.9 

D.  Bent  fins,  with  baffles -  170.0 

Figure  20. — Effect  on  the  base  temperatures  of  bend¬ 
ing  a  section  of  the  fins  at  a  50°  angle  to  the  cylinder 
wall.  Cylinder  3  with  and  without  baffles. 


Test 

No  baffles 
71 


Q 

0.  0965 
.  1488 


U 

0.424 

.598 


°F. 
236.  1 
167.0 


°F. 

198.8 

129.0 


Figure  21. — Cylinder-wall  temperatures  and  heat 
transfer  coefficients  obtained  with  integral  baffles 
Cylinder  3. 


if  the  pitch  of  the  fins  were  less  than  those  used  in 
the  test  cylinder  it  might  be  detrimental  to  the  cooling 
to  bend  the  fins  as  much  as  50°  at  the  front,  because 
the  smaller  the  pitch  and  the  greater  the  angle  the 
smaller  will  be  the  opening  between  fins  for  the  air  to 
enter  and  to  flow  across  the  fins. 

INTEGRAL  BAFFLES 

The  base  temperatures  were  reduced  at  all  points 
around  the  cylinder  with  integral  baffles  as  compared 
with  the  cylinder  without  baffles,  the  reduction  being 
the  greatest  that  lias  been  attained  in  any  of  the  baffle 
tests.  The  rear-wall  temperature  was  reduced  from 
298°  F.  to  203°  F.,  or  31.9  percent,  and  the  lieat- 
transfer  coefficient  was  increased  from  0.0965  to  0.1488, 
or  54.2  percent.  The  largest  reduction  in  rear-wall 
temperature  obtained  on  any  of  the  other  baffles  was 
approximately  15  percent.  The  great  improvement 
with  this  integral  baffle  can  no  doubt  be  partly  attrib¬ 
uted  to  the  increased  cooling  area.  The  difference  in 


3.  The  surface  heat-transfer  coefficient  with  and 
without  baffles  varied  as  the  0.85  power  of  the  air 
speed  for  a  range  of  speeds  from  38  to  145  miles  per 
hour. 

4.  The  average  air  speed  90°  from  the  front  and 
between  the  fins  of  a  cylinder  with  the  best  shell 
baffles  was  less  than  for  a  cylinder  without  baffles,  blit 
it  was  greater  than  the  tunnel  air  speed  when  the  tunnei 
air  speed  was  over  30  miles  per  hour.  The  highest  air 
speed  between  the  fins  at  a  tunnel  air  speed  of  100 
miles  per  hour  was  measured  at  a  point  approximately 
0.09  and  0.12  inch  from  the  root  for  the  conditions 
with  and  without  baffles,  respectively. 

5.  The  theoretical  formula  for  calculating  the  heat 
dissipated  from  finned  cylinders  fitted  with  baffles 
checked  closely  the  heat  dissipation  determined  experi¬ 
mentally. 

6.  Baffles  welded  to  the  tips  of  the  fins  gave  th 
largest  reduction  in  rear-wall  temperature  and  th 
greatest  increase  in  the  heat-transfer  coefficient;  tltf 
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reduction  in  rear-wall  temperature  was  31.9  percent 
and  the  increase  in  heat-transfer  coefficient  was  54.2 
percent  as  compared  with  the  same  cylinder  without 
baffles. 

7.  Bending  the  fins  in  the  front  quarter  of  the  cylin¬ 
der  to  an  angle  of  50°  resulted  in  a  large  improvement 
in  cooling  for  conditions  with  and  without  baffles. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  September  26,  1984. 
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SOME  FACTORS  AFFECTING  COMBUSTION  IN  AN  INTERNAL-COMBUSTION  ENGINE 

By  A.  M.  Rothrock  and  Mildred  Cohn 


SUMMARY 

An  investigation  of  the  combustion  of  gasoline,  safety, 
and  diesel  fuels  was  made  in  the  N.  A.  C.  A.  combustion 
apparatus  under  conditions  of  temperature  that  per¬ 
mitted  ignition  by  spark  with  direct  fuel  injection,  in 
spite  of  the  compression  ratio  of  12.7  employed.  The  in¬ 
fluence  of  such  variables  as  injection  advance  angle, 
jacket  temperature,  engine  speed,  and  spark  position  was 
studied.  The  most  pronounced  effect  was  that  an  increase 
in  the  injection  advance  angle  ( beyond  a  certain  minimum 
value)  caused  a  decrease  in  the  extent  and  rate  of  combus¬ 
tion.  In  almost  all  cases,  combustion  improved  with 
increased  temperature .  For  an  increase  in  engine  speed, 
the  rate  of  pressure  rise  increased  and  the  time  interval 
in  seconds  between  injection  and  the  spark  necessary  to 
effect  ignition  was  considerably  shortened.  Although  all 
three  fuels  reacted  in  the  same  manner  to  these  variable 
conditions,  the  reactions  differed  decidedly  in  extent.  The 
results  show  that  at  low  air  temperatures  the  rates  of  com¬ 
bustion  vary  with  the  volatility  of  the  fuel,  but  that  at 
high  temperatures  this  relationship  does  not  exist  and  the 
rates  depend  to  a  greater  extent  on  the  chemical  nature  of 
the  fuel. 

INTRODUCTION 

The  investigation  of  the  mechanism  of  combustion 
in  an  internal-combustion  engine  of  either  the  spark- 
ignition  or  compression-ignition  type  is  complicated  by 
many  factors.  When  burning  a  fuel  such  as  diesel 
oil  it  is  not  known  to  wliat  extent  the  reaction  is  a 
homogeneous  one;  that  is,  to  what  extent  the  reaction 
proceeds  purely  in  the  gaseous  and  vapor  phase.  A 
liquid-gas  reaction  may  take  place  at  the  interface. 
There  exists  also  the  possibility  of  reaction  at  the  sur- 
lace  ol  the  cylinder  and  combustion-chamber  walls. 
1'  °r  the  lower  ^aseous  hydrocarbons  it  is  known  that 
at  temperatures  near  the  explosion  temperature  the 
homogeneous  reaction  predominates.  The  complex 
structure  of  the  components  in  a  fuel  mixture  allows 
a  great  number  of  possible  reactions  to  take  place  in 
the  engine.  For  the  oxidation  of  pure  methane,  the 
simplest  ol  the  hydrocarbons,  8  compounds  have  been 
identified  as  products;  whereas  for  ethane,  the  next 
member  ol  the  series,  no  less  than  13  compounds  have 
been  identified.  The  difficulty  of  finding  a  suitable 


mechanism  for  the  oxidation  process  and  of  following 
the  course  of  the  reaction  is  appreciated  when  the 
extreme  rapidity  of  the  reaction  is  considered  in  addi¬ 
tion  to  the  existence  of  the  multiplicity  of  hydrocar¬ 
bons  in  diesel  fuel  and  gasoline,  each  molecule  con¬ 
taining  many  carbon  atoms. 

In  a  heterogeneous  system,  such  as  exists  in  the  com¬ 
bustion  of  a  fuel  introduced  in  the  liquid  form,  the  total 
rate  of  the  reaction  is  determined  by  the  slowest  process. 
For  the  reaction  in  a  spark-ignition  engine,  the  slowest 
process  is,  in  general,  the  rate  of  flame  propagation 
that  is,  the  rate  of  heat  transfer — to  the  unburnt  gases 
ahead  of  the  flame  front.  In  a  compression-ignition 
engine  with  its  higher  temperatures  and  pressures,  the 
slowest  process  is  the  formation  of  a  combustible  mix¬ 
ture,  for  the  mixture  auto-ignites  independently  of  any 
rate  of  flame  propagation.  The  problem  of  producing 
this  combustible  mixture  is  dependent  upon  several 
factors:  Injection-system  characteristics,  pressure  and 
temperature  of  the  air  in  the  combustion  chamber,  rate 
of  heat  transfer  from  the  hot  air  to  the  cold  liquid, 
rate  of  fuel  vaporization,  rate  of  vapor  diffusion,  the 
time  interval  between  the  introduction  of  the  fuel  and 
the  start  of  the  explosive  reaction,  and  the  air-fuel 
ratio. 

For  comparative  results  some  of  these  factors,  such 
as  the  temperature  and  pressure  of  the  air  during  the 
mixture  formation  period  and  the  time  interval  elapsing 
between  the  introduction  of  the  fuel  and  the  beginning 
of  the  burning,  may  be  investigated  with  both  spark 
and  compression  ignition.  The  use  of  the  N.  A.  C.  A. 
combustion  apparatus  permits  a  range  of  these  vari¬ 
ables  that  would  be  destructive  to  an  engine.  By  the 
employment  of  an  igniting  spark  to  initiate  the  ex¬ 
plosive  reaction,  the  time  variable  and  the  tempera¬ 
ture  and  pressure  conditions  at  the  moment  of  ignition 
may  be  controlled  and  the  variation  in  the  rate  of 
flame  travel  be  decreased,  although  not  entirely  elimi¬ 
nated.  The  characteristics  of  the  apparatus  that  make 
this  mode  of  ignition  possible  at  high  compression 
ratios  with  fuels  varying  in  volatility  from  gasoline  to 
diesel  fuel  will  later  be  discussed  in  detail.  The  pres¬ 
sure-time  relationship  throughout  the  entire  cycle  and 
the  flame  propagation  in  certain  parts  of  the  combustion 
chamber  may  be  recorded  by  this  apparatus. 
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APPARATUS  AND  METHODS 

The  N.  A.  C.  A.  combustion  apparatus  (figs.  1  and 
2)  consists  of  a  single-cylinder  test  engine  driven  by  an 
electric  motor,  and  equipped  with  a  high-speed  camera 
and  an  optical  indicator.  The  engine  and  the  high¬ 
speed  camera  are  described  in  detail  in  references  1,  2, 
and  3.  The  compression  ratio  of  the  engine  during  the 
present  tests  was  12.7.  The  fuel-injection  mechanism 
used  with  the  engine  is  so  designed  that  only  one  injec¬ 
tion  of  fuel  takes  place.  A  diagrammatic  sketch  of  the 


One  had  long  electrodes  so  that  the  igniting  spark 
occurred  near  the  center  of  the  combustion  chamber. 
The  second  had  short  electrodes  so  that  the  igniting 
spark  occurred  at  one  edge  of  the  combustion  chamber. 
The  third  plug  was  so  constructed  that  the  spark  gap 
was  one-sixteenth  inch  from  the  piston  crown  with  the 
piston  at  top  center.  The  spark  plugs  were  screwed 
into  the  opening  in  the  side  of  the  cylinder  head  that 
is  marked  in  figure  1  “alternate  position  for  injection 
valve.” 


Compres 


~>To 
injection 
valve 


'Cut-off 

vo/ve 


Clutch  mechanism 


Sparh 

discharge 

switch 


f3  Cut-off  valve  cam 
gJ  Timing  valve  cam 


e ,  Serrated  coupling  X— J 

Figure  1.— Diagrammatic  sketch  of  the  N.  A.  C.  A.  combustion  apparatus. 


optical  indicator,  which  has  been  described  in  reference 
4,  is  given  in  figure  3. 

The  engine  temperatures  were  varied  by  changing 
the  temperature  of  the  glycerin  circulated  through  the 
passages  in  the  cylinder  and  cylinder  head.  The  values 
of  engine  temperature  given  in  the  data  are  the 
temperatures  of  the  glycerin  as  it  left  the  engine.  All 
temperatures  listed  are  within  ±10°  F. 

The  indicating  spark  described  in  reference  4  is 
used  as  the  igniting  spark  in  the  spark-ignition  tests. 
This  spark  is  produced  by  the  discharge  of  a  6- 
microfarad  condenser  at  220  volts  through  an  auto¬ 
mobile  ignition  coil.  Three  spark  plugs  were  used. 


Figure  1  shows  the  engine  with  two  glass  windows  ■ 
on  each  side  of  the  combustion  chamber.  During 
the  present  tests  the  windows  were  removed  from  the 
side  opposite  the  camera  and  the  optical  indicator  f 
installed.  (See  fig.  2.)  Such  an  arrangement  made  | 
it  possible  to  obtain  simultaneously  an  indicator  card  | 
showing  the  pressures  in  the  cylinder  and  a  photo- 
graph  of  the  flame  in  the  chamber.  A  metal  plate 
with  a  ^6-inch  horizontal  slot  was  placed  in  front  of  > 
the  window  so  that  a  record  of  flame  travel  across  the  j 
combustion  chamber  could  be  taken.  The  slot  was  I 
in  line  with  the  spark  gap  when  it  was  cither  in  the  j 
center  or  at  the  edge  of  the  chamber. 
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For  a  test,  the  engine  was  started  and,  when  the 
required  speed  had  been  obtained,  the  room  was 
darkened  and  the  camera  shutter  opened.  At  a 
given  signal,  one  operator  pumped  the  fuel-injection- 
system  reservoir  up  to  the  desired  injection  pressure. 
This  operation  closed  the  hydraulically  operated  com¬ 
pression-release  valve  so  that  full  compression  pres¬ 
sure  existed  in  the  combustion  chamber  every  time 


the  piston  reached  the  top  of  its  stroke.  The  other 
operator  closed  a  switch  lighting  the  instrument 
lam])  inside  the  optical  indicator  and  pulled  the  lever, 
causing  one  inje  tion  of  fuel  into  the  engine. 

I  he  fuel-injection  nozzle  used  in  all  these  tests  had 
hve  round  orifices  which  spread  the  fuel  into  a  fan 
shape;  a  cross-sectional  view  of  the  nozzle  and  photo¬ 
graphs  of  the  fuel  sprays  from  this  nozzle  are  given  in 
reference  3.  The  injection  pressure  was  4,700  pounds 
per  square  inch,  and  the  injection  valve  was  set  to 
open  at  a  pressure  of  4,100  pounds  per  square  inch. 

71046 — 36 - 10 


The  injection  period  was  approximately  0.0025  second. 
For  the  majority  of  tests  the  spark  advance  angle  was 
set  at  20°  before  top  center. 

Tests  were  made  for  the  following  conditions:  In¬ 
jection  advance  angle  over  the  entire  combustion 
range;  jacket  temperature  from  100°  F.  to  300°  F.  at 
50°  intervals;  and  engine  speeds  of  570  and  1,550 
r.  p.  m. 


A ,  Oscillating 

Moving  Narrow  Spark  mirror 
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ANALYSIS  OF  VARIABLES 
INJECTION  ADVANCE  ANGLE 

The  significance  of  varying  the  injection  advance 
angle,  in  addition  to  the  obvious  effect  of  varying  the 
time  interval  between  injection  and  ignition,  may  be 
seen  in  figure  4  which  shows  the  ratio  of  the  absolute 
values  of  the  air  pressure,  density,  and  temperature  at 
the  different  points  in  the  cycle  to  the  initial  values  of 
pressure,  density,  and  temperature.  Injecting  the 
fuel  at  different  injection  advance  angles  subjected  it 
to  different  initial  conditions  and  a  different  range  of 
pressure,  volume,  and  temperature. 
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FiGriiE  4. — Effect  of  crankshaft  position  on  ratios  of  instantaneous  absolute  values 
of  air  temperature,  density,  and  pressure  to  initial  absolute  values. 


JACKET  AND  AIK  TEMPERATURE 

Because  of  the  special  characteristics  of  the  appa¬ 
ratus  as  used  in  these  tests,  the  temperature  of  the  air 
charge  was  lowered  considerably  by  compressing  and 
decompressing  the  charge  approximately  15  to  25 
times  (depending  on  the  speed)  before  the  introduction 
of  the  fuel.  This  lowering  of  the  temperature  of  the 
air  charge  made  it  possible  to  ignite  the  mixture  with 
a  spark  before  auto-ignition  took  place. 

The  exact  temperature  at  the  start  of  compression 
was  not  known.  Estimates  made  on  the  basis  of  the 
vaporization  tests  (reference  2)  indicate  that  the  air 
temperature  at  bottom  center  was  considerably 
below  0°  F.  More  recent  tests  in  which  a  scavenging 
mechanism  has  been  employed  (reference  4)  have 
shown  that,  without  scavenging,  it  is  necessary  to 
maintain  the  jacket  of  the  cylinder  and  combustion 
chamber  at  a  temperature  in  excess  of  300°  F.  in 


order  to  obtain  results  similar  to  those  obtained  with 
scavenging  at  a  jacket  temperature  of  50°  F. 

There  has  been  no  direct  determination  of  the  air 
temperature  within  the  combustion  chamber  at  the 
start  of  compression  and  it  is  only  known  that  this 
temperature  is  much  lower  than  the  measured  jacket 
temperature  and  increases  with  the  latter,  although 
probably  not  to  the  same  extent.  The  temperature 
variation  causes  another  change  in  conditions,  that  is, 
an  inverse  variation  of  air  density,  so  that  the  air-fuel 
ratio  decreases  as  the  initial  engine  temperature 
increases. 

A  system  such  as  the  one  under  consideration  is 
affected  by  temperature  in  several  ways.  The  distri¬ 
bution  of  the  spray  itself  is  influenced  by  increased 
temperature.  Lowering  of  the  viscosity,  which  tends 
to  make  smaller  drops  and  more  rapid  spray  disinte¬ 
gration,  is  a  direct  result  of  increased  temperature 
(reference  5).  The  increased  surface  as  the  drops  grow 
smaller  facilitates  heat  transfer,  dispersion,  and  surface 
reactions  if  such  exist. 

Increased  heat  transfer  and  vaporization  are  a  nat¬ 
ural  consequence  of  increased  temperature,  particularly 
the  vaporization  of  the  higher  boiling  components  that 
ignite  most  easily.  It  is  an  established  fact  that,  in 
a  given  series  of  hydrocarbons,  the  ignition  tempera¬ 
tures  decrease  as  the  molecular  weight  increases.  This 
decrease  is  due  to  the  fact  that,  with  the  greater  com-  j 
plexitv  of  the  molecule,  less  energy  of  activation  is 
required  to  break  a  bond  with  subsequent  reaction. 
Where  the  time  interval  is  short  and  vaporization  not 
complete,  raising  the  temperature  not  only  furnishes  a 
greater  quantity  of  vaporized  fuel  but  also  a  more 
reactive  fuel  containing  a  greater  proportion  of  higher 
boiling  components. 

The  rate  of  chemical  reaction  is  more  rapid  at  high 
temperatures.  Even  in  those  explosive  reactions  for 
which  temperature  has  apparently  little  effect,  at 
least  the  delay  period  or  ignition  lag  is  shortened,  the  ! 
reaction  will  start  sooner  and,  being  autoaccelerative 
thereafter,  the  net  result  will  be  greater  in  the  given 
time. 

The  rate  of  thermal  decomposition  is  greater  at 
higher  temperatures.  The  products  of  such  decom¬ 
position  are  more  difficult  to  ignite  (reference  6)  than  I 
the  original  substance.  This  effect  is  the  only  inhibi¬ 
tory  action  due  to  high  temperatures  and,  as  will  be  l 
seen  from  the  test  results,  the  other  factors  outweigh  . 
it.  The  rate  of  thermal  decomposition  has  a  tempera¬ 
ture  coefficient  equivalent  to  1.3  for  10°  C.  for  diesel  j 
fuel  and  1.5  for  gasoline  according  to  Boerlage  and  \an  J 
Dyck  (reference  7).  From  Frey’s  work  (reference  8)  I 
the  average  rate  increase  for  saturated  hydrocarbon;  - 
is  threefold  per  25°  C.  at  550°  C.  and  fivefold  at  400' 

C.  As  the  temperature  continued  to  be  increased,  the  1 
composition  above  a  certain  temperature  would  no  F 
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longer  change  due  to  the  vaporization  process.  Though 
the  increased  rate  of  oxidation  still  overbalanced  the 
increased  rate  of  thermal  decomposition  (reference  9), 
one  would  expect  the  net  effect  of  temperature  increase 
at  high  temperatures  to  be  lower. 

The  magnitude  of  the  pressure  rise  varies  inversely 

with  the  initial  temperature  (aP=^aT^)>  a  relation¬ 
ship  that  may  be  easily  derived  from  the  gas  equation 
if  certain  assumptions  are  made  (reference  10).  The 
rate  of  pressure  rise  therefore  varies  inversely  with  the 
initial  temperature  but  directly  with  the  rate  of  temper¬ 
ature  rise  or  rate  of  heat  input.  The  rate  of  heat 
input  increases  with  increased  temperature  for  it 
depends  on  the  rate  of  chemical  reaction,  which  in¬ 
creases  with  temperature.  Obviously  there  must  be 
some  initial  temperature  that  will  result  in  an  optimum 
rate  of  pressure  rise  since  two  factors  are  operative,  one 
decreasing  the  rate  of  pressure  rise  with  increased  initial 
temperature,  the  other  increasing  the  rate  of  reaction, 
thus  increasing  the  rate  of  pressure  rise  with  increasing 
temperature.  A  qualitative  treatment  of  the  effect  of 
temperature  on  explosive  reactions  will  be  found  in 
reference  10. 

OTHER  VARIABLES 

With  variation  of  engine  speed,  only  the  time  ele¬ 
ment  varied,  the  duration  of  a  crankshaft  degree  at 
570  r.  p.  m.  being  2.7  times  that  at  1,550  r.  p.  m. 
There  is  little  change  in  initial  conditions  for  the  same 
injection  advance  angle  at  different  speeds. 

Further  experiments  introduced  other  variables  such 
as  the  spark-advance  angle,  which  changed  the  con¬ 
ditions  at  the  time  of  ignition,  and  the  position  of  the 
spark,  which  gave  some  indication  of  the  effect  of 
mixture  distribution  in  the  combustion  chamber, 
ihe  method  for  comparing  combustion  in  the  different 
tests  consisted  of  an  examination  of  the  flame  photo¬ 
graphs  in  conjunction  with  an  analysis  of  the  pressure¬ 
time  curves  (indicator  cards).  In  the  analysis  of  the 
latter,  the  kinetic  rather  than  the  thermodynamic 
considerations  were  stressed,  that  is,  by  finding  the 
rate  of  pressure  rise,  the  extent  of  the  reaction  as 
indicated  by  maximum  cylinder  pressures  and  by 
emphasizing  the  time  element. 

FUELS 

Ihe  tests  were  run  with  three  different  fuels:  Diesel 
fuel,  hydrogenated  safety  fuel,  and  gasoline.  The 
properties  of  a  fuel  from  which  behavior  can  be  pre¬ 
dicted  are  the  distillation  curve,  which  is  known  quite 
accurately  (fig.  5),  and  the  chemical  nature,  of  which 
Ihcie  is  a  rather  limited  knowledge.  The  boiling  ranges 
(,f  gasoline  and  diesel  fuel  were  very  wide;  gasoline 
staiting  at  about  160°  F.  and  ending  at  about  420°  F. 
uud  the  diesel  fuel  starting  at  about  370°  F.  and  ending 
above  690°  F.,  the  first  10  percent  varying  from  370° 
to  530°  F.  The  hydrogenated  safety  fuel  did  not 


vary  so  much,  75  percent  of  it  distilling  between  330° 
and  375°  F .,  and  the  entire  range  extending  from  290° 
to  395°  F.  Considered  with  reference  to  their  vol¬ 
atility,  the  fuels  fall  in  the  order:  gasoline,  safety  fuel, 
diesel  fuel.  As  to  their  chemical  nature,  it  is  known 
that  diesel  fuel  and  gasoline  are  both  of  a  very  complex 
nature,  the  former  having  the  greater  complexity  as  it 
consists  of  components  more  likely  to  decompose  and 
yet  more  easily  ignited.  The  hydrogenated  safety 
luel  has  a  lower  hydrogen-carbon  ratio  and,  by  the 
process  of  its  production,  must  necessarily  be  more 
homogeneous,  less  complex  molecularly,  and  more 
stable  thermally  than  the  other  two  fuels. 


In  some  of  the  flame  photographs  the  igniting  spark 
is  recorded  at  the  right-hand  edge.  At  an  engine 
temperature  of  200°  F.,  combustion  took  place  with 
an  injection  lead  of  10°  over  the  igniting  spark.  With 
a  lead  of  20°  the  combustion  improved  but  became 
successively  poorer  as  the  injection  was  further 
j  advanced.  Although  in  each  case  the  photographic 
record  showed  that  the  flame  propagated  through- 
I  out,  or  nearly  throughout,  the  visible  portion  of  the 
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chamber,  the  combustion  was  far  from  complete, 
as  evidenced  by  the  low  explosion  and  expansion 
pressures. 

With  an  engine  temperature  of  300°  F.  (fig.  7), 
the  effect  of  the  injection  advance  angle  between 
47°  and  67°  before  top  center  became  negligible. 
This  effect  is  also  indicated  at  an  engine  speed  of 
570  r.  p.  m.  (See  figs.  8  and  9.)  At  this  speed 


- - - - - -  o 

A.T.C.40  30  20  10  T.C.  10  20  B.T.C. 

Time,  crankshaft  degrees 


1200 


1000 


800  ^ 
*>» 

4- 

b 

L 

CL 

600  =9 
*\ 
(u 
L 
3 
I r> 
<0 

L 

400  ^ 


200 


Figure  0. — Effect  of  injection  advance  angle  on  combustion  of  diesel  fuel  at  engine 

temperature  of  200°  F. 

Engine  speed _  1,550  r,  p.  m. 

Fuel  quantity _  .....  . .  .  ......  0.00027  1b. 

Spark  advance  angle _ _  20°. 

Injection  advance  angle _  .  _  679-30°,  680-40°,  682-50°. 


combustion  took  place  at  an  engine  temperature  of 
150°  F.  (fig.  8),  but  the  range  of  injection  advance 
angles  was  extremely  limited.  With  an  injection 
advance  angle  of  55°  the  flame  was  recorded  only 
in  the  center  of  the  chamber  close  to  the  spark  gap, 


but  persisted  for  40°  or  50°.  At  an  engine  tem¬ 
perature  of  250°  (fig.  9),  the  effect  of  injection  ad¬ 
vance  angle  decreased  considerably  but  the  change 
in  the  intensity  of  the  combustion  could  be  noticed 
audibly.  The  test  corresponding  to  record  570  was 
marked  by  knock;  whereas  the  others  in  figure  9 
were  not.  The  extreme  shortness  of  the  flame  is 
particularly  noticeable.  Record  570  also  shows  bright 
flashes  of  flame  across  the  window.  These  bright 
flashes  were  characteristic  of  the  explosion  records 
accompanied  by  explosion  shock,  regardless  of  whether 
combustion  was  caused  by  spark  or  by  auto-ignition. 

The  effect  of  engine  temperature  on  combustion  is 
demonstrated  in  figures  10  and  11.  At  an  injection 

1200 


IOOO 


Si 

800  7 

O' 

<b 

b 

CL 

600^ 

<D 

L. 

0 

<6 

to 

400? 

V 


200 


0 

A.T.C.40  20  T.C.  20  B.T.C. 

Time ,  crankshaft  degrees 

Figure  7.— Effect  ofinjection  advance  angle  on  combustion  of  diesel  fuel  at  an  engin; 

temperature  of  300°  F. 


Engine  speed -  1,550  r.  p.  m. 

Fuel  quantity _ _ _  0.00027  lb. 

Spark  advance  angle _  20°. 

Injection  advance  angle _  735-47°,  737-67°. 


advance  angle  of  50°  (fig.  11)  the  variation  is  con¬ 
siderable,  but  at  an  injection  advance  angle  of  40° 
(fig.  10)  it  is  much  less.  It  was  also  found  that  an 
increase  in  jacket  temperature  from  150°  F.  to  200° 
F.  effected  more  change  than  an  increase  from  250° 
F.  to  300°  F.  At  the  higher  temperature  the  period 
of  inflammation  of  the  gases  was  considerably  shorter 
and  was  accompanied  in  some  cases  by  considerable 
shock.  In  fact,  with  all  the  injection  advance  angles 
used  at  a  temperature  of  250°  F.  and  an  engine  speed 
of  570  r.  p.  m.,  knock  would  at  times  occur,  although 
it  was  most  prevalent  with  an  injection  advance 
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angle  of  40°,  which  was  approximately  the  optimum 
angle  at  all  engine  temperatures  for  this  speed. 

The  results  show  that  the  rate  of  combustion  was 
controlled  within  fairly  wide  limits  by  the  engine- 
jacket  temperature  and  the  fuel-injection  advance 
angle.  At  an  engine  speed  of  570  r.  p.  m.  the  opti¬ 
mum  injection  advance  angle  was  40°  and  at  1,550 
r.  p.  m.  the  optimum  value  was  50°  to  60°. 

These  facts  indicate  that  the  rate  of  prep¬ 
aration  of  the  fuel  for  combustion  is  not 
solely  a  function  of  time  in  crank  degrees 
but  of  time  in  seconds  as  well. 

The  effect  of  ignition  by  the  spark  on  the 
course  of  the  combustion  is  shown  in  figure 
12.  Without  the  spark,  the  fuel  auto-ignited 
with  a  high  rate  of  pressure  rise,  accompanied 
by  knock.  With  the  spark,  the  fuel  burned 
at  a  more  moderate  speed. 

Table  I  records  the  number  of  explosions 
and  misses  obtained  under  each  test  condi¬ 
tion  investigated  with  diesel  fuel.  When 
the  records  showed  that  the  combustion  was 
strong,  check  runs  were  generally  not  made. 

When  the  combustion  was  weak  or  when  the 
firing  apparently  was  not  regular,  several 
runs  were  made  for  each  set  of  test  condi¬ 
tions.  The  range  of  ignitibility  with  respect 
to  the  injection  advance  angle,  the  engine 
temperature,  and  the  engine  speed  can  easily 
be  seen.  As  the  injection  advance  angle  was 
increased  for  any  one  temperature,  the  per¬ 
centages  of  explosions  did  not  show  much 
variation  until  the  limit  was  approached  and 
the  explosions  either  became  too  weak  to 
record  or  did  not  occur  at  all,  in  which  case 
no  indicator  cards  were  taken  and  the  data 
are  not  listed  in  the  tables.  As  the  engine 
temperature  was  increased  the  range  of  ignit¬ 
ibility  increased  until  at  the  highest  temper¬ 
ature  all  the  injections  resulted  in  explosions 
beyond  a  certain  minimum  injection  advance 
angle. 

HYDROGENATED  SAFETY  FUEL 


The  effect  of  injection  advance  angle  on  combustion 
at  three  different  engine  temperatures  is  illustrated  in 
figures  13,  14,  and  15.  Figure  14  is  one  of  the  best 
examples  of  this  effect.  Not  only  do  the  rates  of 
pressure  rise  vary  in  the  definite  order  of  30°)>40o^>50o 
but  also,  as  the  injection  advance  angle  is  increased, 
the  beginning  of  combustion  is  delayed,  and  the  maxi- 
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Figure  8.— Effect  of  injection  advance  angle  on  the  combustion  of  diesel  fuel  at  engine  temper¬ 
ature  of  150°  F. 


_  r.  Engine  speed _  570  r.  p.  m. 

the  tests  with  the  hydrogenated  i  fuel,  Fuel  quantity—. - - - - — . 0.000241b. 

although  manifesting  the  same  majol  va-  S;“°eSS 
nations  as  the  other  fuels,  exhibited  these 
variations  with  greater  regularity.  In  no  cases  did 
the  hydrogenated  fuel  burn  at  a  rate  that  resulted 
m  combustion  shock.  Auto-ignition  was  very  rare 
and,  when  it  did  occur,  started  late  on  the  expansion 
stroke.  With  this  fuel,  a  high  engine  temperature 
was  required  to  operate  consistently  with  full-load 
fuel  quantity. 


20°. 

481-35°,  484-45°,  486-55°. 


mum  cylinder  pressure  developed  is  lowered  and 
reached  at  a  later  point  in  the  cycle.  The  indicator 
cards  show  that,  with  this  fuel  quantity  at  about  60 
percent  of  full  load,  combustion  at  the  first  two  tem¬ 
peratures  was  optimum  for  an  injection  advance  angle 
of  30°.  At  the  highest  temperature,  300°  F.  (fig.  15), 
combustion  was  optimum  with  an  injection  advance 
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angle  between  30°  and  40°  and  persisted  over  a  greater 
range  of  injection  advance  angles.  The  rates  of 
pressure  rise  did  not  appear  to  be  excessive  nor  did  the 
combustions  sound  harsh. 

In  general,  it  was  found  that  the  pressure  rise  and  the 
rate  of  pressure  rise  varied  less  with  changes  in  injec- 


Table  II  summarizes  the  results  of  the  effect  of 
temperature  and  injection  advance  angle  on  ignitibility 
with  the  spark  gap  in  the  center  and  at  the  edge  of  the 
combustion  chamber.  (See  fig.  16.) 

At  the  highest  temperature  (300°  F.)  the  range  of 
ignition  with  the  spark  at  the  edge  compares  favorably 


A.T.C.  IS  8  T.C.  8  IS  B.T.C. 


Time,  crank  shaft  degrees 


1200 


IOOO 


800  . 
C: 

’  -v 

6- 

'O 


C 

0) 

cy 


L 

3 

ID 

<0 

<0 

400<k 


200 


O 


Figure  9.— Effect  of  injection  advance  angle  on  combustion  of  diesel  fuel  at  engine 

temperature  of  250°  F. 

Engine  speed . . . . . .  570  r.  p.  m. 

Fuel  quantity _ _ _ _ _  0.00024  lb. 

Spark  advance  angle _ _  20°. 

Injection  advance  angle _ _  570-40°,  572-50°,  573-60° 


tion  advance  angle  and  temperature  in  the  combustion 
of  safety  fuel  than  with  diesel  fuel.  Little  change  was 
caused  by  an  increase  of  temperature  from  250°  F.  to 
300°  F.,  consistent  with  the  tendency  already  noted 
of  a  decreased  effect  of  temperature  at  higher  tempera¬ 
tures. 


with  that  for  the  spark  at  the  center  of  the  combustion 
chamber.  Flame  records  1057  and  1060  (fig.  16)  show 
vibrations  that  had  a  frequency  of  approximately 
10,000  per  second.  Although  these  vibrations  started 
while  the  explosion  pressure  was  still  increasing,  they 
continued  for  some  time  after  maximum  pressure  was 
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Figure  10.— Effect  of  engine  temperature  on  combustion  of  diesel  fuel  with  an 
injection  advance  angle  of  40°. 

Engine  speed - - - - -  570  r.  p.  m. 

Fuel  quantity.. _ _  0.00024  lb. 

Spark  advance  angle - 20°. 

Engine  temperature _ i -  570-250°  F.,  482-150°  F 


Time ,  crankshaft  degrees 


Figure  11. — Effect  of  engine  temperature  on  combustion  of  diesel  fuel  at  an 
injection  advance  angle  of  50°. 


Engine  speed . . . . . .  570  r.  p.  m 

Fuel  quantity _ _  _  0.000241b 

Spark  advance  angle . .  20°. 

Engine  temperature _ _ _  572-250°  F.,  404-200°  F.,  485-150°  F. 
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Figure  12. — Effect  of  ignition  spark  on  combustion  of  diesel  fuel  at  an  engine 

temperature  of  250°  F. 

Engine  speed - - -  570  r.  p.  m. 

Fuel  quantity _ _ _  0.00024  lb. 

Injection  advance  angle _ _  572  and  539-50°,  573  and  540-60°. 

Spark  advance  angle _ _  572  and  573-20°,  539  and  540,  no  spark 


TABLE  I.— EFFECT  OF  ENGINE  TEMPERATURE  AND 
INJECTION  ADVANCE  ANGLE  ON  IGNITIBILITY 
OF  DIESEL  FUEL 

[Spark-plug  gap  at  center  of  combustion  chamber] 
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TABLE  II.— EFFECT  OF  TEMPERATURE  AND  IN¬ 
JECTION  ADVANCE  ANGLE  ON  IGNITIBILITY  OF 
HYDROGENATED  SAFETY  FUEL 


[Engine  speed,  570  r.  p.  m.  Fuel  quantity  per  injection,  0.00020  lb.] 
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reached.  Since  the  frequency  of  these  waves  was  very 
close  to  that  of  the  indicator  diaphragm,  the  results  of 
the  vibrations  were  shown  on  the  indicator  record  as  a 
broadening  of  the  expansion  line.  It  can  be  concluded 
from  these  records  that  the  occurrence  of  these  waves 
is  not  necessarily  accompanied  by  knock.  (See  also 
references  11  and  12.) 

GASOLINE 

The  results  of  the  tests  with  gasoline  at  an  engine 
speed  of  1,550  r.  p.  m.  are  presented  in  table  III.  The 
table  shows  that  for  every  engine  temperature  there 
was  quite  a  range  of  injection  advance  angles  at 
which  some  of  the  injections  of  fuel  would  ignite. 
Cards  showing  the  greatest  combustion  efficiency  were 
obtained  with  the  70°  and  80°  injection  advance 
angles,  decreasing  as  the  injection  advance  angle 
increased  beyond  this  optimum  range. 

The  results  of  the  test  made  at  570  r.  p.  m.  are  listed 
in  table  IV. 

In  general,  for  a  constant  injection  advance  angle 
combustion  improved  with  rising  temperature,  but 
it  was  only  for  the  earlier  injection  advance  angles  that 
the  effect  was  considerable.  At  1,550  r.  p.  m.  a  differ- 


TABLE  III— EFFECT  OF  ENGINE  TEMPERATURE  AND  INJECTION  ADVANCE  ANGLE  ON  IGNITIBILITY  OF 

GASOLINE 

lEngine  speed  1,550  r.  p.  m.  Fuel  quantity  per  injection,  0.00022  lb.  Spark-plug  gap  at  center  of  combustion  chamber] 


Engine 
temper¬ 
ature,  °F. 
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Injection  advance  angle,  degrees  B 

.  T.  C. 

30 

40 

50 

60 

70 

80 

90 

100 

no 

120 

130 

140 

150 

160 

170 

180 

100 

[Explosions _  _ 

1 

1 

1 

3 

3 

4 

[Misses  . .  .  ..  _ 

8 

6 

6 

1 

0 

150 

/Explosions _ _  _ _ _  ... _  . 

0 

1 

1 

5 

5 

4 

4 

2 

2 

2 

0 

0 

0 

0 

0 

[Misses  .  ..  .  . 

4 

4 

5 

0 

0 

1 

I 

3 

3 

3 

5 

5 

5 

4 

5 

200 

/Explosions .  . . . . . 

0 

0 

0 

3 

4 

4 

3 

3 

0 

1 

0 

0 

0 

[Misses.. _ _ _  _  ... 

4 

4 

4 

9 

0 

0 

2 

2 

5 

9 

5 

5 

4 

250 

[Explosions _  _  _ _  ..  _ _ 

0 

0 

4 

4 

4 

3 

1 

1 

1 

1 

0 

1 

1 

1 

0 

[Misses... 

4 

4 

6 

0 

0 

1 

4 

4 

4 

3 

4 

3 

3 

3 

3 

[Explosions _  . 

0 

0 

0 

2 

4 

4 

3 

3 

2 

0 

1 

0 

0 

300 

[Misses...  . . . . . 

4 

4 

4 

2 

0 

0 

0 

1 

2 

4 

3 

4 

4  : 

[Explosions _  _ _ _ 

2 

3 

3 

4 

4 

2 

3 

2 

0 

0 

1 

9 

350 

[Misses  .. 

0 

1 

1 

0 

0 

1 

1 

2 

4 

4 

1 

2 

TABLE  IV.- 


-EFFECT  OF  ENGINE  TEMPERATURE  AND  INJECTION  ADVANCE  ANGLE  ON  IGNITIBILITY  OF 

GASOLINE 


[Engine  speed  570  r.  p.  m.  Fuel  quantity  per  injection,  0.00037  lb.  Spark-plug  gap  at  center  of  combustion  chamber] 
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TABLE  V.— EFFECT  OF  ENGINE  TEMPERATURE 
AND  INJECTION  ADVANCE  ANGLE  ON  THE 
IGNITIBILITY  OF  GASOLINE 


[Engine  speed  570  r.  p.  ni.  Fuel  quantity  per  injection,  0.00037  lb.  Spark-plug 
gap  one-sixteenth  inch  above  the  top  center  position  of  the  piston  crown] 
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ence  of  10°  in  the  injection  advance  angle  usually  liad 
a  slightly  greater  effect  than  a  50°  F.  change  in  jacket 
temperature. 

It  was  thought  that  the  failure  to  fire  with  very  early 
injection  might  be  due  to  the  fuel  penetrating  to  the 
bottom  of  the  combustion  chamber  before  the  occur¬ 
rence  of  the  igniting  spark,  which  would  leave  little 
luel  in  the  top  of  the  chamber  near  the  spark  plug.  A 
spark  plug  was  so  constructed,  therefore,  that  the  gap 
was  about  one-sixteentli  inch  from  the  piston  crown 
position  at  top  center.  Tests  were  made  with  0.00037 
pound  ol  luel  per  cycle  at  engine  temperatures  from 
150°  to  300°  F.  and  with  injection  advance  angles 
from  30°  to  170°  before  top  center.  The  results  are 
given  in  table  V. 
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Figure  13. — Effect  of  injection  advance  angle  on  combustion  of  safety  fuel  at  engine 

temperature  of  100°  F. 


Engine  speed _ _ _ _ _ _  570  r.  p.  m. 

Fuel  quantity _ _  0.00020  lb. 

Spark  advance  angle _ _ _  20°. 

Injection  advance  angle _  _  983-30°,  984-40°. 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


1 36 

An  examination  of  the  indicator  cards  showed  that 
the  burning  was  efficient  but,  in  some  cases,  slightly 
slower  than  with  the  spark  in  the  center  of  the  cham¬ 
ber.  In  a  comparison  of  tables  IV  and  V,  it  is  seen 
that  the  spark  ignitions  at  the  optimum  injection  ad¬ 
vance  angle  of  40°  were  more  regular  than  those  with 
the  spark  at  the  center  of  the  chamber.  The  results 


In  previous  tables,  all  auto-ignitions  (compression 
ignitions)  have  been  listed  as  misses  but  in  table  V  the 
auto-ignitions  have  been  listed  separately.  The  meth¬ 
od  of  distinguishing  the  ignitions  is  shown  in  figure  17. 
For  flame  records  409  and  412  no  flame  was  recorded 
between  the  igniting  spark  and  the  first  appearance  of 
the  flame  and  the  flame  does  not  show  any  definite 
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Figure  14. — Effect  of  injection  advance  angle  on  combustion  of  safety  fuel  at  engine 

temperature  of  200°  F. 

Engine  speed -  570  r.  p.  m. 

Fuel  quantity _  _  0.00020  lb. 

Spark  advance  angle _  _  20°. 

Injection  advance  angle -  _  1021-30°,  1022-40°,  1023-50°. 


indicate  that,  although  the  distribution  of  the  fuel  is  a 
factor  in  controlling  whether  or  not  the  spark  ignites 
the  mixture,  it  is  not  the  only  factor.  Until  further 
work  has  been  done,  therefore,  the  possibility  that 
chemical  changes  in  the  fuel  is  a  determining  factor, 
must  not  he  forgotten. 


progression  across  the  chamber.  The  burning  in  each 
case  was  accompanied  by  severe  combustion  shock. 
In  flame  records  410  and  411  a  definite  progression  of 
the  flame  took  place  and  the  pressure  in  the  com¬ 
bustion  chamber  started  to  increase  shortly  after  the 
spark  had  ignited  the  mixture.  In  tables  I  and  II 
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flame  records  similar  to  409  and  412  have  been  classi¬ 
fied  as  compression  ignitions  and  listed  as  misses.  All 
flame  records  such  as  410  and  411  have  been  classified 
as  spark  ignitions  and  listed  in  these  tables  as  explo¬ 
sions.  Very  little  doubt  can  exist  as  to  the  accuracy 
of  so  classifying  the  latter  type  of  flame  record.  In 


of  the  mixture  in  the  chamber  suddenly  burst  into 
flame,  giving  an  appearance  similar  to  those  in  flame 
records  409  and  412. 

In  all  tests  where  knock  occurred,  as  evidenced  by 
an  audible  shock,  the  indicator  card  showed  a  con¬ 
tinually  increasing  rate  of  pressure  rise  until  maximum 


A.T.C.  32  24  16  8  T.C.  8  I6B.T.C. 

Time ,  crankshaft  degrees 


1200 


IOOO 


800  cf 

*  v» 

c> 

to 

C 

Q) 

CL 

600 "• 
<b' 
C 

<0 

10 

0) 

A 

400 


200 


0 


Figure  15. — Effect  of  injection  advance  angle  on  combustion  of  safety  fuel  at  engine 

temperature  of  300°  F. 

Engine  speed _ .. _ _ _ -  570  r.  p.  m. 

Fuel  quantity . .  0.000201b. 

Spark  advance  angle... . . . .  20°. 

Injection  advance  angle _  1045-20°,  1046-30°,  1048-40°,  1049-50°. 


regard  to  the  compression  ignitions,  the  classification 
is  not  so  certain.  Recent  tests  conducted  by  Duchene 
(reference  13)  have  disclosed  a  similar  condition.  In 
bis  photographic  records,  however,  a  definite  persist¬ 
ence  of  flame  around  the  igniting  spark  existed  during 
an  “ignition  lag”  similar  to  those  recorded  in  the 
present  work.  After  this  local  burning,  the  remainder 


pressure  was  reached,  followed  by  a  sudden  arrest  of 
effective  burning  and  a  comparatively  rapid  decrease 
of  the  pressure  caused  by  cooling  and  leakage  losses. 
(See  fig.  10,  record  570.)  In  the  records  for  which 
there  was  no  shock,  the  rate  of  pressure  rise  at  first 
increased  and  then  decreased,  resulting  in  a  well- 
rounded  card  at  the  maximum  pressure.  In  2  or  3  of 
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the  records  for  gasoline  with  very  early  injection,  the 
characteristic  knock  card  for  conventional  spark  igni¬ 
tion  was  obtained,  the  rate  of  pressure  rise  first  increas¬ 
ing,  then  decreasing,  and  just  before  maximum  pressure 
was  reached,  suddenly  increasing  again.  The  maxi- 


DISCUSSION 

In  all  this  work  it  has  been  found  that  the  rate  of 
pressure  rise  increases  with  an  increase  in  jacket  tem¬ 
perature,  indicating  that  the  increased  rate  "of  the 
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Figure  16— Effect  of  injection  advance  angle  on  combustion  of  safety  fuel  with 
ignition  spark  in  side  of  chamber  and  at  engine  temperature  of  300°  F. 

Engine  speed _  570  r.  p.  m. 

Fuel  quantity _  -  -  0.00020  1b. 

Spark  advance  angle _  20°. 

Injection  advance  angle _  1056-40°,  1057-50°,  1060-60°,  1061-70°. 


mum  rate  of  pressure  rise  in  the  knocking  records  was 
not  very  much  greater  than  that  with  some  of  the  n on- 
knocking  records,  so  that  the  shock  of  the  combustion 
cannot  be  attributed  solely  to  the  maximum  rate  of 
pressure  rise. 


oxidation  reaction  overbalances  all  opposing  tenden¬ 
cies.  The  fact  that  the  net  effect  of  an  increase  of 
50°  F.  at  the  higher  temperatures  is  much  lower  than 
for  a  similar  change  at  the  lower  temperatures  proves, 
however,  that  a  condition  is  approached  where  the 
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increased  rate  of  heat  input  no  longer  compensates  for 
the  inverse  variation  of  rate  of  pressure  rise  with 
initial  temperature  and  the  increased  rate  of  thermal 
decomposition. 

The  consistent  variation  of  combustion  with  injec¬ 
tion  advance  angle  is  the  most  persistent  of  all  the 
variations.  With  very  short  time  intervals  between 
injection  and  ignition,  the  failure  to  ignite  or  the  small 
extent  of  combustion  is  due  to  the  lean  mixture  caused 
bv  insufficient  vaporization  and  diffusion.  In  more 
general  terms,  the  time  interval  is  insufficient  for  the 
beat  transfer  necessary  for  the  activation  of  the  fuel, 
regardless  of  what  this  process  may  consist.  There 
may  be  several  causes  for  the  fact  that  maximum  com¬ 
bustion  appears  at,  or  soon  after,  the  beginning  of  the 
range  of  ignitibility,  after  which  the  combustion  de¬ 
creases  with  increasing  injection  advance  angle  and 
often  stops  altogether  at  a  definite  injection  advance 
angle. 

The  difference  in  density  for  10°  differences  in  crank 
angle  as  well  as  the  effect  on  spray  distribution  result¬ 
ing  therefrom  is  insufficient  to  cause  the  large  differ¬ 
ence  in  combustion,  but  it  may  be  a  contributing 
cause.  Another  reason  for  regarding  this  cause  as 
insufficient  lies  in  the  fact  that  the  greatest  variation 
with  injection  advance  angle  is  in  the  region  where  the 
air  density  changes  least.  Furthermore,  experiments 
indicate  that  injection  of  the  fuel  at  an  advance  angle 
of  80°  and  ignition  at  60°  before  top  center  give  results 
as  satisfactory  as  those  with  injection  at  40°  and  spark 
at  20°.  The  results  indicate  that  the  effect  of  initial 
conditions  is  not  the  determining  factor. 

Another  possible  explanation  lies  in  the  chemical 
composition  of  the  vapor  which  must  of  necessity  vary 
with  the  time  and  also  with  the  pressure  and  tempera¬ 
ture  of  the  air  during  the  time  interval  between  the 
injection  of  the  fuel  and  its  ignition.  Although  this 
explanation  would  fit  the  data  obtained,  there  lias  been 
no  direct  experimental  substantiation  such  as  might 
be  afforded  by  the  use  of  a  gas-sampling  valve. 

Safety  fuel  lias  a  comparatively  constant  boiling 
range  and  would  therefore  never  be  affected  much  by 
the  changing  temperature  factor  but  only  by  the 
lengthened  time  with  increasing  injection  advance 
angle.  This  fuel  is  consistent  in  not  showing  any 
marked  effect  with  increased  initial  temperature. 

Yet  another  possible  cause  exists  for  the  limits  of 
ignition  at  definite  injection  advance  angles:  The 
temperature  ai  d  pressure  required  for  ignition  are  a 
function  of  ignition  lag.  As  Dixon  has  found  (refer¬ 
ence  14),  these  necessary  conditions  for  ignition  are 
dependent  upon  time  lag  alone  and  not  upon  any 
chemical  change  in  the  system  previous  to  ignition. 
To  draw  an  analogy  is  quite  impossible  because  of  the 
vast  difference  between  the  homogeneous  systems 
Dixon  investigated  and  the  heterogeneous  systems  of 
the  present  investigation.  No  data  are  available  on 


the  magnitude  and  direction  of  this  variation  for  the 
conditions  and  fuels  employed  in  the  present  investi¬ 
gation. 

Some  of  the  variations  in  the  behavior  of  the  fuels 
can  be  explained  on  the  basis  of  their  properties.  The 
effect  on  combustion  of  varying  the  injection  advance 
angle  is  greatest  for  diesel  fuel,  less  for  safety  fuel,  and 


1200 


iooo 


800  £ 

6~ 

10 

C 

4) 

Q. 

600^ 

6 
L 
3 
w 
< 0 

f 

dOO^ 


200 


A.T.C.  16 


T.C. 


/6  B.T.C. 


Time,  crankshaft  degrees 


Figure  17.— Effect  of  injection  advance  angle  on  combustion  of  gasoline  at  engine 

temperature  of  250°  F. 


Engine  speed _ _ _  570  r.  p.  m. 

Fuel  quantity . . . . .  0.00024  lb. 

Spark  advance  angle . .  20°. 

Injection  advance  angle. . . .  409-23°,  410-43°,  411-63°,  412-83°. 

least  for  gasoline,  an  order  exactly  opposite  to  the 
order  of  volatility.  The  small  variation  for  gasoline  is 
probably  due  to  the  fact  that  its  decomposition  prod¬ 
ucts  have  ignition  properties  more  similar  to  the 
original  vapors.  As  Tausz  and  Schulte  found  (refer- 
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ence  15),  the  decomposition  products  of  all  fuels  show 
little  variation  with  respect  to  ignition  temperature 
although  the  original  fuels  vary  inversely  at  their 
boiling  points  if  they  are  of  the  same  chemical  type. 
It  follows  that  a  fuel  with  a  high  boiling  point  will  vary 
more  with  the  products  of  its  decomposition  in  regard 
to  its  ignition  qualities  than  one  with  a  low  boiling 
point.  Thus  diesel  fuel  should  display  a  greater 
variation  with  increased  decomposition  (that  is,  with 
increased  injection  advance  angle)  than  gasoline  since 
both  are  predominantly  aliphatic  and  the  former  has  a 
much  higher  boiling  range  (fig.  4).  The  diesel  fuel 
should  have  a  greater  variation  than  gasoline  or  safety 
fuel  not  only  because  its  boiling  range  is  highest  but 
because  it  is  the  least  stable  thermally.  The  rate 
constant  of  decomposition  at  575°  C.  has  been  found 
by  Frey  (reference  8)  to  increase  from  0.0002  second-1 
for  ethane  to  0.08  second-1  for  gas  oil. 

The  maximum  cylinder  pressures  developed  and  the 
rates  of  pressure  rise  usually  vary  in  the  same  order  but 
not  to  the  same  extent.  Thus,  the  rate  of  pressure 
rise  is  higher  for  gasoline  at  low  temperatures  but 
almost  the  same  as  for  the  other  two  fuels  at  the 
higher  temperatures.  At  1,550  r.  p.  m.  a  rather  com¬ 
plex  relationship  exists.  At  temperatures  through 
200°  F.,  the  rates  of  pressure  rise  are  in  the  order  of 
gasoline,  diesel  fuel,  and  safety  fuel,  although  safety 
fuel  has  the  highest  maximum  cylinder  pressures.  It 
is  assumed  that  the  temperature  of  200°  F.  is  too  low 
to  vaporize  and  burn  the  diesel  fuel  completely,  and 
above  200°  F.  it  is  found  that  gasoline  and  diesel  fuel 
have  approximately  the  same  rates  of  pressure  rise 
with  the  diesel  fuel  developing  the  higher  pressures. 
Safety  fuel  reacts  more  slowly  and  not  to  the  same 
extent.  As  has  been  stated  previously,  the  difference 
in  rates  of  pressure  rise  between  safety  fuel  and  the 
other  fuels  is  greater  than  the  difference  in  the  pres¬ 
sures. 

Table  VI  presents  a  summary  of  the  ranges  of 
combustibility  for  the  3  fuels  at  the  2  engine  speeds 
and  at  different  temperatures.  Only  those  injection 
advance  angles  are  included  for  which  over  50  percent 
of  the  injections  resulted  in  spark  ignition.  It  is  ob¬ 
vious  from  the  table  that  temperature  has  practically 
no  effect  on  the  range  of  combustibility  of  gasoline,  a 
small  effect  on  that  of  safety  fuel,  and  a  very  great 
effect  on  that  of  diesel  fuel.  Although  a  high  tempera¬ 
ture  is  apparently  required  to  cause  the  diesel  fuel  to 
react,  once  this  high  temperature  is  reached,  the  fuel 
will  ignite  over  a  much  wider  range.  The  results  indi¬ 
cate  that  vaporization  does  not  become  effective  in 
controlling  the  combustion  except  at  temperatures 
much  below  those  in  the  combustion  chamber  of  a  com¬ 
pression-ignition  engine  at  the  time  of  fuel  injection. 

If  the  combustibility  ranges  for  the  different  fuels  at 
an  engine  speed  of  1,550  r.  p.  in.  and  a  temperature  of 


200°  F.  are  compared,  it  is  evident  that  diesel  fuel 
requires  a  minimum  interval  of  10°  crank  angle  be¬ 
tween  injection  and  ignition,  hydrogenated  safety  fuel 
30°,  and  gasoline  40°.  This  order  is  the  reverse  of 
what  would  be  expected  if  ignition  varied  with  vola¬ 
tility.  The  only  plausible  explanation  of  this  phe¬ 
nomenon  is  that  diesel  fuel  requires  the  least  energy  of 
activation  of  the  three  fuels;  that  is,  if  the  temperature 
is  sufficiently  high,  the  unstable  highly  active  compo¬ 
nents,  even  if  only  a  small  amount  is  vaporized,  require 
relatively  little  energy  to  start  the  reaction.  Safety 
fuel,  on  the  other  hand,  needs  more  time  although  it  is 
vaporized  to  a  greater  extent  and  requires  much  more 
energy  of  activation,  as  further  evidenced  by  the  fact 
that  this  fuel  would  rarely  auto-ignite  (and  later  in  the 
stroke  in  any  case)  when  it  did  not  ignite  from  the 
spark.  For  gasoline,  the  longest  time  interval  is 
necessary  and,  as  previously  mentioned,  the  time 
interval  is  the  same  as  that  at  the  low  speed.  Never¬ 

TABLE  VI.— RANGE  OF  INJECTION  ADVANCE 
ANGLES  RESULTING  IN  SPARK  IGNITION 

[Values  given  in  crank  degrees] 


Engine 
tempera¬ 
ture,  °F. 

Engine 
speed, 
r.  p.  m. 

Gasoline  1 

Safety 

fuel 

Diesel 

fuel 

100 

/  570 
\  1, 550 
(  570 

60-  80 

30-40 

35-  50 

30-  60 

30-50 

30-  60 

\  1,550 

60-  00 

50-60 

200 

/  570 

\  1,550 

30-  60 

30-60 

30-130 

60-100 

50-90 

30-  90 

250 

f  570 

30-  60 

30-60 

30-120 

l  1,550 

60-  90 

50-90 

30-130 

300 

f  570 

30-  70 

30-70 

\  1 , 550 

60-100 

(2) 

1  Data  for  gasoline  at  570  r.  p.  m.  are  not  directly  comparable  with  the  other  data 
because  of  the  increased  fuel  quantity  used;  i.  e.,  0.00037  pound  instead  of  the  0.00020 
pound  used  in  other  tests. 

2  Compression  and  spark  ignition  over  entire  range. 

theless,  at  low  temperatures,  although  diesel  fuel  will 
ignite  sooner,  it  is  the  gasoline  that  gives  the  greater 
maximum  cylinder  pressures,  showing  definitely  that 
the  diesel  fuel  is  not  vaporized  to  as  great  an  extent 
as  the  gasoline.  At  the  higher  speed  (1,550  r.  p.  m.) 
the  safety  and  diesel  fuels  would  not  fire  regularly  until 
a  jacket  temperature  of  200°  F.  was  used,  furnishing 
further  evidence  of  the  necessity  of  vaporizing  a  suffi¬ 
cient  quantity  of  fuel  to  insure  ignition.  From  these 
results,  the  somewhat  paradoxical  conclusion  is  arrived 
at  that  if  a  temperature  is  assumed  at  which  all  the 
fuels  will  ignite,  gasoline,  the  most  volatile,  will  be  the 
most  difficult  to  ignite;  that  is,  it  will  require  the  most 
time  to  form  a  combustible  mixture. 

It  has  often  been  stated  that  the  volatility  of  a  fuel 
is  no  criterion  of  its  suitability  for  use  in  an  engine. 
The  results  of  the  present  tests  go  one  step  further. 
They  show  that  for  the  same  fuel  within  certain  limits 
the  extent  of  vaporization  is  not  the  determining  fac¬ 
tor,  once  a  certain  minimum  temperature  is  reached, 
since  combustion  decreased  with  the  increased  time 
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allowed  for  vaporization.  This  fact,  however,  does 
not  lead  to  the  conclusion  that  the  fuel  is  not  vaporized, 
or  only  negligibly  vaporized,  and  that  vaporization  is 
not  essential  for  ignition.  On  the  contrary,  there  is 
reason  to  believe  from  previous  experimental  work 
(reference  2)  that  vaporization  occurs  very  rapidly,  a 
conclusion  not  inconsistent  with  the  results  found  in 
the  present  tests. 

If  complete  vaporization  is  assumed,  as  in  the  case 
of  gasoline,  the  decreasing  combustion  with  increasing 
injection  advance  angle  can  be  explained  by  increased 
thermal  decomposition  of  the  vapor  with  increased 
time.  If  it  is  assumed  that  partial  vaporization  occurs, 
which  is  more  likely  for  the  diesel  and  safety  fuels, 
not  only  does  the  increased  thermal  decomposition 
play  a  part  but  the  variation  in  vapor  composition 
and  the  lowered  fuel  atomization  as  well.  With  refer¬ 
ence  to  thermal  decomposition,  no  attempt  is  made  to 
specify  any  exact  mechanism  of  reaction  but  rather 
some  type  of  reaction  that  produces  molecules  of  a 
decidedly  less  active  nature  than  those  originally 
present. 

CONCLUSIONS 

Because  of  the  special  test  conditions  the  present 
results  are  not  directly  applicable  to  conventional 
internal-combustion  engines.  The  results,  however, 
do  lead  to  two  important  conclusions: 

1.  The  characteristics  of  the  combustion  of  a  liquid 
fuel  are  determined  primarily  by  its  history  from  the 
time  of  injection  up  to  the  instant  of  ignition.  Apart 
from  the  mode  of  injection,  the  factors  controlling  the 
course  of  the  combustion  therefore,  are:  (1)  the  time 
interval  between  injection  into  the  combustion  chamber 
and  the  ignition,  (2)  the  temperature  and  pressure  of 
the  air  and  fuel  mixture  during  this  interval.  If  the 
mixture  of  the  fuel  and  air  is  heterogeneous,  the 
shorter  the  time  interval  (above  a  certain  minimum) 
the  better  the  combustion.  As  the  temperature  of  the 
air  is  increased  this  effect  of  time  is  decreased. 

2.  Volatility  of  the  fuel  affects.the  rate  of  combustion 
only  at  temperatures  considerably  below  those  experi¬ 
enced  in  the  conventional  compression-ignition  engine. 
At  the  higher  temperatures  it  is  the  chemical  character¬ 
istics  of  the  fuel  that  exert  the  most  influence.  The 
less  stable  the  fuel  chemically,  the  more  it  is  influenced 
by  changes  in  the  engine-operating  conditions. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  September  11,  1934. 
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EXPERIMENTAL  INVESTIGATION  OF  THE  ROBINSON-TYPE  CUP  ANEMOMETER 

By  M.  J.  Brevoort  and  U.  T.  Joyner 


SUMMARY 

An  investigation  on  the  Robinson-type  cup  anemom¬ 
eter  has  been  completed  by  the  National  Advisory  Com¬ 
mittee  j  or  Aeronautics.  This  investigation  covered  j  or  ce 
measurements  on  individual  cups,  as  well  as  static  and 
dynamic  torque  measurements  and  calibrations  on  com¬ 
plete  cup  wheels.  In  the  tests  on  individual  cups  5  cup 
-forms  were  used  and  in  the  measurements  on  complete 
cup  wheels  Jf  cup  wheels  with  3  arm  lengths  for  each 
cup  wheel  were  tested.  All  the  results  are  presented  in 
graphical  form. 

INTRODUCTION 

The  National  Advisory  Committee  for  Aeronautics, 
in  cooperation  with  the  United  States  Weather  Bureau, 
lias  conducted  an  investigation  on  the  Robinson-type 
cup  anemometer. 

This  investigation  comprised:  (1)  a  study  of  the 
forces  on  individual  cups  through  a  wide  range  of 
Reynolds  Number;  (2)  static-torque  measurements  on 
several  cup  wheels,  using  three  different  arm  lengths 
for  each  cup  wheel  tested;  (3)  dynamic-torque  tests 
of  the  same  cup  wheels  with  the  same  arm  lengths 
as  used  in  the  static-torque  measurements;  (4)  cali¬ 
bration  tests  of  the  same  cup  wheels  on  a  regular 
service  spindle  as  used  by  the  Weather  Bureau;  (5) 
torque  measurements  on  a  single  cup  through  a  com¬ 
plete  revolution  under  operating  conditions,  i.  e., 
mounted  in  a  cup  wheel  in  such  a  manner  that  the 
torque  produced  by  the  individual  cup  could  be  meas¬ 
ured,  a  comparison  of  the  plotted  results  thus  obtained 
with  results  calculated  from  static-torque  measure¬ 
ments  on  individual  cups;  and  (6)  drag  tests  on  com¬ 
plete  cup  wheels. 

Patterson  (reference  1)  made  an  extensive  investi¬ 
gation  covering  part  of  the  same  field  and  presented 
a  very  complete  history  of  the  problem.  The  agree¬ 
ment  between  the  results  from  the  two  investigations 
is,  in  general,  close. 

STATIC  FORCE  TESTS  ON  INDIVIDUAL  CUPS 

All  the  measurements  presented  in  this  report  were 
made  in  the  model  of  the  full-scale  tunnel  described  in 

reference  2. 


The  forces  on  hemispherical  cups  have  already  been 
measured  over  a  small  range  of  Reynolds  Number. 
The  work  of  Eiffel  (reference  3)  was  of  a  preliminary 
nature  performed  in  connection  with  measurements 
on  spheres.  Bradfield’s  tests  (reference  4)  were  part 
of  an  investigation  on  complete  cup  wheels;  no  at¬ 
tempt  was  made  to  determine  the  effect  of  Reynolds 
Number.  Hansen’s  tests  (reference  5)  were  made  on 
both  open  and  closed  hemispherical  cups  at  Reynolds 
Numbers  ranging  from  130,000  to  430,000.  Cup 
diameter  is  the  dimension  used  in  determining  Rey¬ 
nolds  Number. 

In  view  of  the  fact  that  in  service  the  cups  on  a 
cup  wheel  are  subject  to  a  very  great  range  d  velocities 
and  in  consideration  ;  the  lack  of  satisfactory  agree¬ 
ment  among  available  data,  it  was  considered  desirable 
to  extend  and  repeat  this  work  to  determine  the  effect 
of  Reynolds  Number  more  completely.  The  in¬ 
fluence  of  various  supports  in  several  orientations 
with  respect  to  the  cup  was  also  determined. 

A  preliminary  report  of  the  static  tests  of  indi¬ 
vidual  cups  has  already  been  published  as  reference  6. 

APPARATUS  AN1)  METHODS 

A  special  balance  was  constructed  for  measuring 
the  lift  and  drag  on  individual  cups  (fig.  1).  Forces 
of  the  order  of  1  gram  could  be  accurately  measured. 
The  maximum  load  on  each  arm  was  limited  to  about 
1  kilogram.  Since  the  forces  on  the  15.25  centimeter 
(6-inch)  cup  considerably  exceeded  this  limit  at  high 
speeds,  a  balance  arrangement  (fig.  2),  assembled  for 
subsequent  tests,  was  utilized  for  the  high-velocity 
part  of  the  range. 

The  dimensions  of  the  five  cups  used  in  this  inves¬ 
tigation  are  given  in  the  following  table;  the  conical 
forms  are  shown  in  figure  3. 


Cup  number 

Shape 

Outside  diameter 

I 

Hemispherical  (without  bead) _  - 

10.25  cm  (4.03  in.) 

II 

Conical  (without  bead) _ _ 

11.60  cm  (4.50  in.) 

III  _ 

Hemispherical  (with  bead) _  _ 

5.10  cm  (2.03  in.) 

IV 

Conical  (with  bead) _  _  _  ... 

11.95  cm  14.70  in.) 

V 

Hemispherical  (without  bead) _  _ 

15.25  cm  (6.00  in.) 

A  velocity  survey  was  made  with  and  without  the 
cup  in  the  tunnel.  A  point  was  found  above  and  in 
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front  of  the  cup  at  which  the  air  speed  could  be  meas¬ 
ured  without  interference  from  the  cup  and  at  which 
the  true  reading  was  maintained  throughout  the  speed 


Angle  of  attack 

a;' 


90° 


Section  A  -  A 


Air  stream 


or 


V 


Lift ~~ 


Fiucre  1.— The  pivot  balance. 


was  used  in  this  range.  For  comparison,  the  two 
ranges  were  always  made  to  overlap. 

RESULTS  AND  DISCUSSION 

The  results  for  cup  I  at  0°  and  10°  angle  of  attack 
are  presented  in  table  I.  Similar  tables  for  the  com¬ 
plete  range  of  angle  of  attack  for  all  five  cups  are 
available  upon  request  from  the  National  Advisory 
Committee  for  Aeronautics. 

TABLE  I 

FORCE  MEASUREMENTS  ON  CUP  I 


Wires 


(a) 


Torque  balance 


Wires 


(a)  The  balance. 

(b)  The  relation  of  the  angles  and  velocities. 
Figure  2. — The  pendulum  balance. 


a  =0° 

Q 

V 

RX  10_1 

Cd 

Cl 

C 

.V 

1  cm  water 

metersl 

sec. 

1. 

41 

14.9 

10.  5 

1.  479 

0 

1. 

48 

1. 

85 

17.  1 

12.  0 

1.  385 

0 

1. 

38 

3. 

91 

24.8 

17.  6 

1.360 

0 

1. 

36 

4. 

57 

27.0 

19.  0 

1. 386 

0 

1. 

39 

4 

77 

27.  6 

19.  4 

1.370 

0 

1. 

37 

5. 

50 

29.  6 

20.  9 

1.409 

0 

1. 

41 

6. 

38 

31.8 

22.4 

1.  390 

0 

1. 

39 

6. 

32 

31.  7 

22.  4 

1.388 

0 

1. 

39 

18 

33.  s 

23.  9 

1. 393 

0 

1. 

39 

8. 

05 

36.  0 

25.  3 

1.396 

0 

1. 

40 

]. 

44 

15.  3 

10.  6 

1.  409 

0 

1. 

41 

1. 

15 

13.  5 

9.50 

1 . 405 

0 

1. 

40 

84 

11.5 

8.  10 

1.408 

0 

1. 

41 

59 

9.  7 

6. 80 

1.  417 

0 

1. 

42 

1. 

23 

14.  0 

9.80 

1.  381 

0 

1. 

38 

53 

9.2 

6.44 

1.368 

0 

1. 

37 

23 

6.  0 

4.  25 

1.  311 

0 

1. 

31 

. 

375 

7.  7 

5.  41 

1.  303 

0 

1. 

30 

129 

4.  5 

3.  20 

1.  574 

0 

1. 

57 

025 

2.  0 

1.  40 

1.  400 

0 

1. 

40 

' 

039 

2.5 

1.75 

1.310 

0 

1. 

31 

a  =  10 

O 

I 

0. 

81 

11.  I 

7.  95 

1.  380 

0.  264 

1. 

41 

61 

9.8 

6.  90 

1.  380 

.  267 

1. 

41 

1. 

30 

14.3 

10.  1 

1.  380 

.  266 

1. 

41 

1  1- 

87 

17.3 

12.  1 

1.381 

.  267 

1. 

41 

1  ? 

81 

21.  1 

14.9 

1.398 

.  268 

1. 

42 

3. 

66 

24,  0 

17.  0 

1.390 

.  268 

1. 

42 

4. 

57 

27.0 

19.  0 

1.  400 

.272 

1. 

42 

46 

29.  5 

20.  8 

1.397 

.  272 

1. 

42 

46 

32.  3 

22.  6 

1.387 

.  270 

1. 

42 

7 

31 

34.  2 

24.  1 

1.  400 

.  272 

1 

42 

8 

24 

36.  5 

25.  6 

1 . 385 

.  275 

1 

43 

72 

10.  7 

7.  50 

1.599 

.  320 

1 

63 

60 

9.8 

6.  85 

1.335 

.254 

1 

36 

37 

7.  65 

5.  40 

1. 474 

.285 

1 

50 

165 

5.  10 

3.61 

1.  334 

.  232 

1 

35 

077 

3.  50 

2.47 

1.  224 
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The  coefficients  are  defined  as  follows: 

force  downstream 


CD= 


Cr  = 


force  cross-stream 


2  A 

Cat  =  Co  COS  oi T  (jl  sill  a 
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Figure  3.  -Conical  cups. 


range.  A  calibrated  pitot  tube  was  used  for  measuring 
air  speed.  Owing  to  the  lack  of  sensitivity  of  a  pitot- 
static  tube  for  low  velocity,  a  hot-wire  anemometer 


where  A,  the  cross-sectional  area  of  the  open  lace  of  the 
cup  using  outside  dimensions. 

V,  the  air  speed. 

v,  kinematic  viscosity. 

I),  the  outside  diameter  of  the  open  face  of  the 
cup. 

a,  the  angle  of  attack  measured  as  indicated  in 
figure  1. 
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Figure  4. — The  variation  of  drag  coefficient  with  angle  of  attack  for  hemispherical  anemometer  cups.  Cups  i,  III,  and  \.  \  allies  indicate  Reynolds  Number  xlO-4. 
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Figure  6.— The  variation  of  lift  coefficient  with  angle  of  attack  for  hemispherical  anemometer  oups.  Cups  1,  III,  and  V.  Values  indicate  Reynolds  Number  xlO-4 
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Figure  9.— The  variation  of  lift  and  drag  coefficients  with  angle  of  attack  for  conical  anemometer  cup  IV.  Values  indicate  Reynolds  Number  xl(H. 
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Figure  10. — The  variation  of  normal-force  coefficient  with  angle  of  attack  for  conical  anemometer  cup  IV.  \  alues  indicate  Reynolds  Number  xl0~*. 
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The  normal-force  coefficient  CN  is  positive  when  the 
normal  force  is  in  the  direction  of  rotation  of  a  cup 
mounted  on  a  cup  wheel. 

The  results  obtained  for  the  five  cups  are  shown  in 
figures  4  to  10.  These  curves  are  a  result  of  cross¬ 
plotting  faired  curves  of  the  coefficients  against 
Reynolds  Number.  Each  of  the  original  curves  of  a 
coefficient  against  Reynolds  Number  at  a  particular 
angle  of  attack  was  determined  by  passing  a  smooth 
curve  through  the  greatest  number  of  about  20  points. 

Figures  4,  5,  and  6  are  cross  plots  of  the  faired  curves 
of  cups  I,  III,  and  V.  They  check  the  results  of  Brad- 
field  and  Hansen  (references  4  and  5).  A  more  direct 
comparison  at  the  same  Reynolds  Number  is  given 
in  figure  11.  Bradfield  has  discussed  the  discon¬ 
tinuity  occurring  at  45°  angle  of  attack  on  the  CD 
curves.  He  found,  on  gradually  varying  the  angle, 
that  around  45°  angle  of  attack  the  balance  vibrated 
between  two  extremes.  The  points  before  and  after 


Figure  ll.— The  variation  of  normal-force  coefficient  with  angle  of  attack  for  hemi¬ 
spherical  cups  at  Reynolds  Number  of  16  xlCH. 

this  angle  definitely  fall  on  two  different  curves.  The 
results  presented  here  confirm  Bradfield’s  observations 
and  also  exhibit  singular  points  on  the  CL  curves  in  the 
range  of  angles  of  attack  from  90°  to  120°.  The  exact 
location  of  these  singularities  apparently  depends 
largely  upon  the  Reynolds  Number. 

The  conical  cups  (figs.  7,  8,  9,  and  10)  exhibit  much 
the  same  tendencies  as  do  the  hemispherical  cups,  with 
the  exception  of  cup  II  at  45°  angle  of  attack  for  which 
the  usual  discontinuity  does  not  occur.  This  property 
makes  no  material  difference  in  the  performance  of  a 
cup  wheel  employing  this  cup  form. 

A  series  of  tests  was  performed  to  determine  the 
effect  of  the  mounting  on  the  forces  on  the  anemometer 
cups.  The  results  show  that  the  rod  extending  from 
the  trailing  edge  has  little  effect  as  compared  with  a 
rod  extending  from  the  leading  edge.  The  tests  indi¬ 
cated  that  thei-e  should  be  some  discrepancy  between 
the  results  using  our  mounting  and  those  of  Bradfield 
and  Hansen. 


In  figure  11,  which  gives  a  comparison  of  the  results 
of  this  investigation  with  those  of  Bradfield  and  Han¬ 
sen,  there  is  fair  agreement  except  in  the  range  of  40° 
to  120°  angle  of  attack  where  the  method  of  mounting 
is  important,  and  in  the  range  of  110°  to  120°  where  the 
size  of  cup  has  an  effect  not  accounted  for  by  Reynolds 
Number. 

In  order  to  determine  the  effect  of  turbulence,  a 
series  of  tests  was  made  in  which  the  normal  turbulence 
of  0.4  percent,  measured  by  the  method  outlined  in 
reference  7,  was  varied  up  to  2.0  percent.  When  the 
average  dynamic  pressure  at  the  position  of  the  cup 
was  used  for  q ,  no  dependence  of  the  coefficients  on 
turbulence  could  be  detected. 

STATIC-TORQUE  TESTS  ON  COMPLETE  CUP  WHEELS 

Static  torque  is  the  moment  in  gram-centimeters 
about  the  axis  of  rotation  of  the  forces  acting  on  the 
cup  wheel  when  stationary. 

The  static  torque  was  measured  for  each  of  12 
different  cup  wheels.  Four  different  combinations  of 
size,  shape,  and  number  of  cups  were  used,  with  three 
arm  lengths  for  each  combination.  These  arm  lengths 
were  chosen  so  that  ratios  of  cup  diameter  to  arm 
length  (D/L)  of  0.30,  0.43,  and  0.80  were  obtained  for 
each  combination. 

The  four  different  kinds  of  cup  wheels  used  were: 

A.  10.16-centimeter  (4-inch)  hemispherical  cups  in 
4-cup  wheel. 

B.  10.16-centimeter  (4-inch)  hemispherical  cups  in 

3- cup  wheel. 

C.  5.08-centimeter  (2-inch)  hemispherical  cups  in 

4 - cup  wheel. 

D.  11.60-centimeters  (4.56-inch)  conical  cups  in  4- 
cup  wheel. 

Arms  were  all  0.63  centimeter  (l/4  inch)  in  diameter. 
Cups  A,  B,  and  D  were  braced  by  a  small  wire  stretched 
between  the  outer  ends  of  the  cup  arms. 

These  tests  were  made  using  the  balance  shown 
in  figure  2  (a).  The  balance  frame  is  supported  in 
pendulum  style  with  4  wires,  1  at  each  corner.  The 
balance  frame  is  restrained  from  fore-and-aft  and 
lateral  motions  by  a  ball  bearing  that  fits  on  the 
pendulum  by  having  its  axis  directly  in  line  with  the 
spindle  axis.  Tliis  bearing  is  held  rigidly  in  place  by 
wires  and  allows  the  frame  to  move  only  in  torsion. 
The  balance  that  measures  torque  is  attached  to  the 
frame  about  70  centimeters  from  the  spindle  .axis. 
The  movement  of  the  balance  frame  is  small,  being  of 
the  order  of  0.0254  centimeter  (0.010  inch)  at  the  70- 
centimeter  radius;  hence  any  restoring  force  due  to 
displacement  may  be  neglected. 

The  cup  wheel  is  held  rigidly  to  the  spindle  bv 
means  of  dowel  pins,  thus  insuring  against  any  change 
of  angle  of  attack  from  slipping.  The  spindle  is 
equipped  with  a  sector  and  can  be  turned  and  clamped 
at  any  angle. 
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Test  on  cup  wheels  A,  C,  and  D  were  made  through 
a  90°  range  of  angle  of  attack  at  intervals  of  10°,  and 
cup  wheel  B  was  tested  through  a  120°  range  at 
intervals  of  15°. 

When  running  these  tests  the  cup  wheel  was  set  at 
a  given  angle  of  attack  and  readings  were  taken  at  a 
series  of  tunnel  air  speeds  ranging  from  5  meters  per 
second  to  35  meters  per  second.  These  results  were 
plotted  as  curves  of  torque  against  air  speed,  each 
curve  being  for  a  constant  angle  of  attack.  Cross 
plots  of  these  curves  were  made  in  order  to  obtain 
curves  of  torque  against  angle  of  attack,  each  curve 
being  for  constant  air  speed.  The  final  cross  plots  are 
given  in  figures  12  to  15.  The  results  presented  in 
these  figures  may  be  interpolated  with  confidence 
within  the  range  covered  as  the  torque-air  speed 
curves  were  generally  smooth  and  were  usually 
straight  lines. 

When  comparing  these  results  with  those  of  Patter¬ 
son,  it  should  be  borne  in  mind  that  his  angle  6= 
90° — a.  In  figure  16  is  given  a  comparison  between 
Patterson’s  results  and  the  results  of  the  present  tests. 
The  comparison  is  made  for  cup  wheel  A  at  an  air 
speed  of  9.41  meters  per  second.  In  order  to  make  a 
direct  comparison  at  the  same  value  of  Z)/A,  it  was 
necessary  to  multiply  Patterson’s  results  by  a  cor¬ 
rection  factor  obtained  by  dividing  the  arm  length 
necessary  for  the  DjL  ratio  given  by  the  nearest  arm 
length  used  by  him.  The  correction  applied  to  Pat¬ 
terson’s  results  was  less  than  10  percent  in  all  cases. 
This  correction  makes  the  results  check  well  except 
for  a  small  difference  in  angle  of  attack,  of  the  order 
of  1°  or  2°. 

Cup  wheel  D,  with  a  DjL  of  0.30,  was  the  largest 
wheel  used.  In  order  to  determine  the  tunnel-wall 
effect  on  the  tests  presented,  this  large  cup  wheel  was 
checked  for  static  torque  in  the  N.  A.  C.  A.  7-  by  10- 
foot  wind  tunnel.  As  no  measurable  difference  could 
be  detected,  it  was  concluded  that  the  tunnel-wall 
effect  is  smaller  than  the  experimental  error.  The 
interference  between  cups  in  static-torque  tests  has 
been  measured  for  one  cup  wheel  at  one  arm  length 
at  four  velocities  by  Hubbard  and  Brescoll  (reference 
8).  The  interference  in  the  static-torque  case  is,  how¬ 
ever,  of  only  academic  interest.1 

CALIBRATION  TESTS 

Each  of  the  12  different  combinations  of  cup  and  arm 
length  was  calibrated  on  a  regular  service  spindle  sup¬ 
plied  by  the  Weather  Bureau.  This  spindle  is  a  shaft 

1  Although  the  results  presented  herein  were  not  obtained  with  the  object  of  cal¬ 
culating  the  interference  between  cups  for  the  static-torque  case,  it  is  possible  to 
calculate  this  interference  by  using  the  data  for  individual  cups  and  for  complete 
cup  wheels.  The  static  torque  for  a  complete  cup  wheel  may  be  computed  by 
assuming  the  proper  arm  length  and  using  the  values  of  Cn  obtained  in  tests  on 
individual  cups.  This  value  should  be  correct  if  there  were  no  interference  between 
the  cups.  The  arms  of  the  cup  wheel  are  0.63-centimeter  (J4  inch)  rods  and  the 
integrated  effect  on  the  static  torque  may  be  computed  on  the  basis  of  force  tests 
on  cylinders.  The  difference  between  the  computed  value  of  static  torque  for  the 
complete  cup  wheel  and  the  value  of  static  torque  determined  in  tests  on  a  complete 
cup  wheel  is  a  measure  of  the  interference  between  cups. 


mounted  in  ball  bearings  so  as  to  be  as  nearly  friction¬ 
less  as  possible.  The  cup  wheel  is  mounted  on  one 
end  of  the  shaft.  A  gear  arrangement  on  the  other 
end  closes  an  electrical  contact  each  50  revolutions  of 
the  cup  wheel.  The  revolution  speed  is  secured  by 
timing  the  flashes  of  a  neon  light  in  series  with  these 
contacts. 

The  spindle  was  mounted  in  the  wind  tunnel  so  that 
it  supported  the  cup  wheel  in  the  center  of  the  air 
stream.  The  cup  wheel  was  allowed  to  turn  freely  in 
the  air  stream  and  a  curve  of  revolution  speed  against 
air  speed  was  obtained  for  each  cup  wheel  (figs.  17  to 
20).  As  these  curves  give  straight  lines  when  plotted 
on  logarithm  paper,  it  is  possible  to  obtain  a  calibration 
throughout  the  usual  working  range  of  an  anemometer 
by  determining  two  points  on  the  calibration  curve, 
although  three  points  are  desirable. 

DYNAMIC-TESTS  TORQUE 

When  a  cup  wheel  is  turning  freely  in  an  air  stream, 
it  reaches  a  steady  value  of  rotation  speed  where  there 
is  no  torque  tending  either  to  accelerate  or  decelerate 
the  cup  wheel  except  the  small  amount  of  torque  nec¬ 
essary  to  overcome  the  friction  in  the  bearings.  When 
the  cup  wheel  rotation  speed  is  maintained  at  a  higher 
value  than  that  in  the  steady  state,  accelerating  torque 
must  be  supplied  to  the  cup  wheel;  when  the  cup  wheel 
is  maintained  at  a  lower  rotation  speed  than  that  in 
the  steady  state,  decelerating  torque  must  be  supplied 
to  the  cup  wheel.  This  supplied  torque  is  the  dynamic 
torque  defined  as  the  moment  in  gram-centimeters, 
about  the  axis  of  rotation,  of  the  air  forces  acting  on  the 
cup  wheel  when  rotating.  The  decelerating  torque  is 
considered  positive  dynamic  torque  and  the  accelerat- 
1  ing  torque  negative  dynamic  torque. 

In  order  to  have  a  clear  understanding  of  the  effect 
of  the  ratio  of  cup  diameter  to  arm  length  I)/L  and  of 
the  ratio  of  cup  speed  to  speed  of  the  air  stream  v/V 
on  the  performance  of  an  anemometer  cup  wheel,  the 
relationships  between  V,  DjL,  v,  and  torque  were  de- 

,  x.  ,  YD 

termined.  The  effect  of  Reynolds  Number  -  may 

V 

be  obtained  from  this  information.  The  torque  was 
arbitrarily  taken  as  a  measure  of  performance  while 
DjL,  V,  and  v  were  varied. 

MEASUREMENT  OF  DYNAMIC  TORQUE 

All  the  dynamic-torque  tests  made  by  the  point-by¬ 
point  method  were  obtained  with  the  balance  de¬ 
scribed  in  detail  in  the  previous  section.  For  the 
dynamic-torque  measurements,  a  flywheel  and  motor 
were  added  (see  fig.  2(a)).  The  motor  was  mounted  on 
the  balance  frame,  thus  making  it  unnecessary  to  cor¬ 
rect  the  torque  for  the  torque  supplied  by  the  motor 
and  requiring  only  one  balance  reading  for  torque.  A 
set  of  contacts  was  so  arranged  that  a  neon  lamp  was 
lighted  momentarily  once  in  every  50  revolutions. 


Stalic  iorque,  gram- ceniimeters 
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Figure  12 — Variation  of  static  torque  with  angle  of  attack  for  cup  wheel  A,  for  diffeient  air  speeds  and  different  arm  lengths 


Figure  13.— Variation  of  static  torque  with  angle  of  attack  for  cup  wheel  B,  for  different  air  speeds  and  different  arm  lengths 
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Figure  14.— Variation  of  static  torque  with  angle  of  attack  for  cup  wheel  C,  for  different  air  speeds  and  different  arm  lengths. 


Figure  15. — Variation  of  static  torque  with  angle  of  attack  for  cup  wheel  D,  for  different  air  speeds  and  different  arm  lengths. 
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M  ass  was  added  to  the  pendulum  and  damping  was 
installed  on  the  balance  so  that  variation  in  torque  of 
the  cup  wheel  throughout  a  revolution  caused  no  appre¬ 
ciable  trouble  in  reading.  The  motor  was  used  as  a 
brake,  being  hooked  to  the  spindle  with  a  belt.  It  was 
equipped  with  a  reversing  switch  and  rheostat,  so  that 
it  was  possible  to  change  the  speed  of  the  cup  wheels. 
This  type  of  brake  is  more  satisfactory  than  a  friction 
brake  because  it  gives  more  uniform  braking  effect 
and  can  be  adjusted  very  finely  by  controlling  the 
voltage  applied  to  the  motor.  Revolution  speed  was 
obtained  by  timing  the  flashes  of  the  neon  lamp  with 
a  stop  watch. 


Figure  16. — Comparison  between  static-torque  results  obtained  by  Patterson  and 
the  results  of  subject  tests  for  cup  wheel  A.  Air  speed  is  9.41  meters  per  second. 


This  series  of  tests  was  made  on  the  same  cup  wheels 
that  were  used  in  making  the  static-torque  tests.  Four 
cup  wheels,  with  three  arm  lengths  for  each  cup  wheel, 
were  used. 

W1  ten  running  these  tests,  the  air  speed  V  was  held 
constant  and  the  torque  was  read  for  a  number  of 
different  cup  speeds  v  within  the  range  permitted  by 
the  braking  motor,  v  being  the  linear  speed  of  the  cup 
in  its  path.  Curves  of  torque  against  v/V  were  plotted 
from  the  data  thus  obtained,  each  curve  being  for  con¬ 
stant  air  speed.  A  sample  set  of  these  curves  for 
D/L  =  0A'3  for  cup  wheel  A  is  given  in  fig.  21.  A 
similar  set  of  curves  was  obtained  for  each  cup  wheel 
tested.  From  these  curves,  cross  plots  of  air  speed 
against  v/V  were  made  for  each  combination  tested, 
each  curve  being  for  constant  torque.  These  curves 
are  shown  in  figures  22  to  25.  Each  figure  contains 
the  three  sets  of  curves  for  one  cup  wheel,  one  set  of 
curves  for  each  arm  length  used.  On  each  set  of  curves 
is  plotted  the  zero-torque  curve  as  obtained  from  the 
calibration  tests. 

Since  the  Weather  Bureau  spindle  is  so  nearly  fric¬ 
tionless,  the  calibration  curve  obtained  using  it  should 


check  the  zero  torque  as  obtained  from  the  dynamic- 
torque  tests.  These  curves  may  be  checked  on  figs. 
22  to  25.  The  results  have  been  corrected  to  N.  A. 
C.  A.  standard  conditions  of  temperature  and  pressure. 
The  agreement  between  the  zero-torque  curve  as  ob¬ 
tained  from  the  dynamic-torque  tests  and  the  zero- 
torque  curve  as  obtained  from  the  calibration  tests  is 
best,  in  all  cases,  for  the  long  arms. 

Patterson  (reference  1),  gives  a  table  of  anemometer 
factors  that  are  the  reciprocals  of  v/V.  The  results  of 
his  investigation  as  well  as  the  results  of  the  present 
investigation  show  that  for  a  value  of  D/L  between 
0.40  and  0.50,  the  performance,  i.  e.,  v/V,  is  a  maximum. 
This  fact  was  not  commented  upon  by  Patterson,  and 
nothing  in  our  results  makes  it  possible  to  offer  a  com¬ 
pletely  convincing  explanation.  A  possible  explana¬ 
tion  of  these  high  values  may  be  that  there  is  an  oppor¬ 
tune  choice  of  arm  length  which  causes  the  air  stream 
to  pass  by  the  cup  wheel  as  though  it  were  a  cylinder. 
At  longer  arm  lengths  part  of  the  air  would  go  through 
the  cup  wheel  and  with  shorter  arm  lengths  the  speed¬ 
ing  up  of  the  air  around  the  imaginary  cylinder  would 
be  less. 

CALCULATION  OF  DYNAMIC-TORQUE 


The  theoretical  torque  calculations  made  by  Pat¬ 
terson  not  being  entirely  satisfactory  and  compre¬ 
hensive  data  on  individual  cups  being  available,  the 
torque  distribution  for  a  single  hemispherical  cup 
through  a  complete  revolution  was  calculated.  These 
calculations  were  made  for  several  values  of  v/V  and 
for  several  values  of  V.  The  following  equations  were 
used  in  making  these  calculations: 


(1) 


v 

COS  (X  ^ 

COS  aR  = - 

V 

T=CnAL{  1/2  pV/)  (3) 

where  VR,  resultant  air  speed. 

1",  air  speed. 

v,  linear  speed  of  cup  center. 
a,  angle  of  attack  of  cup. 
aR,  relative  angle  of  attack  of  cup. 

T,  instantaneous  torque. 

CN,  normal-force  coefficient  of  cup. 

A,  area  of  open  face  of  cup. 

L,  arm  length  from  axis  to  center  of  cup. 

(See  fig.  2.) 
p,  density  of  the  air. 
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Figure  17— Calibration  curves  for  cup  wheel  A.  The  variation  of  revolution  speed 

with  air  speed. 


Figure  18. — Calibration  curves  for  cup  wheel  B.  The  variation  of  revolution  speed 

with  air  speed. 


Figure  20.— Calibration  curves  for  cup  wheel  D.  The  variation  of  revolution  speed 

with  air  speed. 
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Figure  21. — Variation  of  dynamic  torque  with  v/V  for  different  air  speeds  for  cup  wheel  A.  Values  indicate  tunnel  air  speed  in  meters  per  second 


v/V 


Figure  22. — Variation  of  v/V  with  tunnel  air  speed  for  cup  wheel  A  for  different  arm  lengths.  Values  indicate  torque  in  gram-centimeters. 
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Figure  23. — Variation  of  t/  V  with  tunnel  air  speed  for  cup  wheel  B  for  different  arm  lengths.  Values  indicate  torque  in  gram-centimeters. 


Figure  24. — Variation  of  v/V  with  tunnel  air  speed  for  cup  wheel  C  for  different,  arm  lengths.  Values  indicate  torque  in  gram-centimeters. 


71946— 3G 


12 


160 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


For  each  calculation  a  curve  of  torque  against  angle 
of  attack  was  plotted.  These  curves  were  integrated 
and  the  average  torque  thus  obtained  was  multiplied 
by  the  number  of  cups  in  order  to  get  the  mean  torque 
for  the  complete  wheel.  A  cross  plot  of  all  these 
calculations  was  made,  each  test  furnishing  one  point. 
Mean  torque  was  plotted  against  v/V  and  from  this 
curve  the  value  of  v/V  for  zero  torque  was  obtained. 
The  value  thus  obtained  represents  a  theoretical  value 
employing  experimental  values  for  CN  and  taking  no 
account  of  the  interference  between  cups.  The  value 
of  v/V  for  zero  torque  was  lower  than  the  experimental 
values  already  found.  It  was  assumed  that  the  higher 


j  The  arm  lengths  used  were  the  same  as  those  used  in 
the  dynamic-torque  tests.  Records  were  taken  at 
several  values  of  v/V  for  each  combination  tested. 
Six  of  the  curves  obtained  are  given  in  figures  27  to  32. 
The  value  of  V  was  so  chosen  that  the  natural  fre¬ 
quency  of  the  recording  mechanism  would  be  high 
enough  to  show  truthfully  the  variations  in  torque. 

An  exact  agreement  between  calculated  and  ob¬ 
served  torque  throughout  a  complete  revolution  was 
not  expected  but  rather  a  reduced  torque  in  the 
downstream  position  that  would  indicate  shielding. 
This  shielding  would  account  for  the  fact  that  the 
experimental  curves  show  higher  performance  values 


Figure  25. — Variation  of  v/V  with  tunnel  air  speed  for  cup  wheel  D  for  diiTerent  arm  lengths.  Values  indicate  torque  in  gram-centimeters. 


performance  indicated  by  the  experimental  results  was 
due  to  the  interference  between  cups. 

DYNAMIC-TORQUE  RECORDER 

It  was  thought  that,  if  the  curve  of  torque  against 
angle  of  attack  of  a  single  cup  and  a  cup  wheel  could  be 
obtained,  a  comparison  of  this  curve  with  the  calculated 
curve  for  identical  conditions  might  yield  information 
that  would  make  it  possible  to  determine  definitely  the 
nature  of  this  interference.  In  order  to  make  these 
measurements,  a  dynamic-torque  recorder  was  built; 
its  construction  may  be  seen  from  figure  26.  Photo¬ 
graphic  recording  is  used  in  this  instrument,  and  the 
torque  on  a  single  cup  through  360°  is  recorded  on  a  sin¬ 
gle  film.  A  series  of  tests  was  made  using  a  3-cup  wheel 
and  a  4-cup  wheel,  with  4-inch  hemispherical  cups. 


than  the  calculated  curves.  The  chief  difference  be¬ 
tween  the  experimental  results  and  the  calculated 
results  (fig.  33)  is  that  the  experimental  results  show 
a  larger  range  of  angle  of  attack  in  which  the  torque  is 
positive  than  do  the  calculated  results.  Apparently 
this  case  is  one  in  which  the  air  stream  is  deflected  on 
passing  through  the  cup  wheel. 

This  change  in  direction  was  recognized  and  taken 
into  account  by  Patterson,  who  assumed  that  the 
whole  air  stream  was  deflected  and  that  the  angle  of 
attack  was  changed  by  the  amount  of  this  deflection. 
That  the  amount  of  deflection  is  variable  through  one 
revolution  and  cannot  be  dealt  with  so  simply  is 
shown  by  the  smoke-flow  pictures  in  figure  34.  These 
pictures  were  taken  in  the  N.  A.  C.  A.  smoke-flow 
tunnel  with  the  anemometer  turning  freely  on  its 
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spindle  in  an  air  stream  having  a  velocity  of  1.83 
meters  per  second.  Besides  this  change  of  direction 
of  the  air  stream,  our  records  show  another  phenom¬ 
enon,  a  certain  lag  in  change  of  flow.  This  lag  has 
been  clearly  shown  by  high-speed  pictures  of  smoke 
flow  over  airfoils.  When  the  airfoil  is  quickly  shifted 


It  may  therefore  be  concluded  that  cup  interference 
is  due  not  so  much  to  the  effect  of  the  turbulent  wake 
of  one  cup  on  another  as  to  the  effect  of  the  change  of 
direction  of  the  air  stream  and  to  the  effect  of  the  lag 
of  the  aerodynamic  forces  in  attaining  the  values  they 
should  attain  corresponding  to  the  angle  of  attack. 


from  one  angle  of  attack  to  another  there  is  an  appre¬ 
ciable  time  before  the  air  flow  over  the  airfoil  assumes 
a  final  steady  state.  It  is  easy  to  imagine  that  there 
may  be  an  appreciable  lag  in  change  of  flow  over  a  cup 
which  is  changing  its  angle  of  attack  continuously 
at  a  high  rate  of  speed. 


Wind  direction  and  lag  vary  with  wind  speed,  arm 
length,  and  cup  diameter.  Although  the  present  re¬ 
sults  and  those  of  Patterson  bear  out  the  validity  of 
the  conclusion,  they  do  not  aid  in  an  easy  solution  of 
the  problem  but  only  emphasize  its  complexity.  To 
map  out  both  the  lag  and  effective  change  of  direction 
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Angie  of  attach,  degrees 


Figure  27.— Variation  of  dynamic  torque  with  angle  of  attack  for  a  single  cup  in 
cup  wheel  A  with  D!L  =  0.30.  Performance  factor  »/V=0.351.  Tunnel  air  speed, 
12.0  meters  per  second 


Figure  28. — Variation  of  dynamic  torque  with  angle  of  attack  for  a  single  cup  in 
cup  wheel  4  with  .0/21=0.43.  Performance  factor  v/V=  0.429.  Tunnel  air  speed, 
21.8  meters  per  second. 


Figure  30. — Variation  of  dynamic  torque  with  angle  of  attack  for  a  single  cup  in 
cup  wheel  B  with  0/21=0.30.  Performance  factor  ff/U=0.272.  Tunnel  airspeed, 
12.03  meters  per  second. 


Figure  31. — Variation  of  dynamic  torque  with  angle  of  attack  for  a  single  cup  in 
cup  wheel  B  with  D/L  =  0A3.  Performance  factor  v/V-0.238.  Tunnel  air  speed, 
21.8  meters  per  second. 


Figure  29.— Variation  of  dynamic  torque  with  angle  of  attack  for  a  single  cup  in 
cup  wheel  A  with  21/21=0.80,  Performance  factor  vlV=0. 212.  Tunnel  air  speed, 
21 .8  meters  per  second 


Figure  32. — Variation  of  dynamic  torque  with  angle  of  attack  for  a  single  cup  in 
cup  wheel  B  with  D/L- 0.80.  Performance  factor  v!V—  0.226.  Tunnel  air  speed, 
21.8  meters  per  second. 
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Figure  33.— Comparison  of  experimental  and  calculated  curves  of  dynamic  torque  against  angle  of  attack  for  one  cup  of  cup  wheel  A  with  D/L= 0.30.  Ratio  v/V= 

0.459.  Tunnel  air  speed,  12.03  meters  per  second. 


Figure  34. — Smoke  flow  through  anemometer  cup  wheel  turning  freely  in  air  stream.  Air  speed,  1.83  meters  per  second. 
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for  each  angle  of  attack  for  a  range  of  arm  lengths, 
cup  sizes,  and  wind  speeds  would  involve  considerable 
time  and  effort.  If  further  work  is  to  be  undertaken 
to  clear  up  the  general  problem  of  cup  interference,  the 
work  will  necessarily  have  to  be  limited  to  fewer  cup 
sizes  and  cup  arrangements  than  were  used  in  this 


Figure  35.— Variation  of  drag  with  revolution  speed  for  cup  wheel  A  for  different 
arm  lengths  and  different  air  speeds. 

investigation.  Obviously,  such  a  restriction  would 
seriously  limit  the  value  of  the  work. 

From  the  collective  results  of  the  dynamic-torque 
and  calibration  tests,  it  appears  that  a  value  of  Z)/i  = 
0.40  will  give  nearest  to  a  straight  line  for  the  per¬ 
formance  factor  v/V,  at  least  for  the  4-inch  cups. 

A  comparison  of  the  v/V  for  zero  torque  as  obtained 
by  the  four  methods  used  is  given  in  table  II. 


TABLE  II 

VALUES  OF  v/V  FOR  ZERO-TORQUE  OBTAINED 
BY  FOUR  DIFFERENT  METHODS 

[Diameter  of  hemispherical  cups =10.16  centimeters] 


D/L 

Calculated 

Dynamic- 

torque 

tests 

Dynamic- 

torque 

recorder 

Calibration 

tests 

3-cup  wheel 

0. 30 

0.315 

0.  332 

0.  348 

0.  336 

.43 

.315 

.385 

.327 

.  345 

.80 

.315 

.375 

.360 

.362 

4-cup  wheel 

0.30 

0.315 

0.  350 

0.  322 

0.  336 

.43 

.315 

.  405 

.  370 

.  350 

.80 

.315 

.  377 

.  400 

.  354 

2,000 
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Figure  36. — Variation  of  drag  with  revolution  speed  for  cup  wheel  B  for  different 
arm  lengths  and  different  air  speeds. 
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DRAG  MEASUREMENTS 

In  order  to  obtain  information  regarding  the  forces 
experienced  by  anemometer  mountings  and  bearings 
under  operating  conditions,  the  drag  on  several  cup 
wheels  was  measured.  The  drag  of  the  spindle  has 
been  subtracted  from  these  results. 
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Figure  37.— Variation  of  drag  with  revolution  speed  for  cup  wheel  C  for  different  arm  lengths  and  different  air  speeds. 
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Figure  3S.— Variation  of  drag  with  revolution  speed  for  cup  wheel  D  for  different  arm  lengths  and  different  air  speeds. 
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Curves  of  cup-wheel  revolution  speed  against  drag, 
each  curve  being  for  constant  air  speed,  are  given  in 
figures  35  to  38. 

ACCURACY  OF  MEASUREMENTS 

Static  and  dynamic  torque  could  be  measured  with 
a  precision  of  ±35  gram-centimeters  except  in  a  few 
cases  where  the  balance  was  vibrating.  This  vibration 
was  occasionally  set  up  by  a  resonant  response  of  the 
whole  pendulum  at  certain  combinations  of  air  speed 
and  cup-wheel  revolution  speed  to  such  an  extent  that 
it  could  not  be  completely  damped.  These  resonance 
conditions  were  avoided  insofar  as  possible.  Air  speed 
was  measured  with  an  accuracy  of  ±2  percent  and 
cup-wheel  revolution  speed  could  be  determined  within 
±1  percent.  The  error  in  measurement  of  cup  diam¬ 
eters  and  arm  lengths  was  negligible.  The  precision 
of  measurement  of  lift  and  drag  forces  on  individual 
cups  varied  from  ±0.5  gram  at  low  air  speeds  to  ±5 
grams  at  high  air  speeds.  The  drag  measurements  on 
complete  cup  wheels  are  correct  to  within  ±10  grams. 

Certain  irregularities  occur  in  the  plotted  curves, 
that  is,  the  curves  from  various  cup  sizes  and  arm 
lengths  do  not  always  show  similar  shapes  when  they 
apparently  should.  When  small  cups  or  short  arm 
lengths  are  used,  thus  making  the  torques  to  be  meas¬ 
ured  small,  it  is  reasonable  to  assume  that  these 
irregularities  are  due  to  errors  in  measurement.  W  it h 
the  larger  cups  and  longer  arm  lengths,  however,  the 
same  assumption  cannot  be  made.  1  he  results  have 
been  checked  in  many  cases  and  found  to  repeat 


themselves.  It  is  therefore  concluded  that  these  irregu¬ 
larities  must  be  due  to  certain  abnormalities  in  the 
aerodynamic  forces. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Ya.,  October  10,  1984- 
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THE  MEASUREMENT  OF  THE  FIELD  OF  VIEW  FROM  AIRPLANE  COCKPITS 

By  Melvin  N.  Gough 


SUMMARY 

A  method  has  been  devised  for  the  angular  measure¬ 
ment  and  graphic  portrayal  of  the  view  obtained  from  the 
pilot's  cockpit  of  an  airplane.  The  assumptions  upon 
wh  ich  the  method  is  based  and  a  description  of  the  instru¬ 
ment,  designated  a  “visio meter" ,  used,  in  the  measure¬ 
ments  are  given.  Account  is  taken  of  the  fad  that  the 
pilot  has  2  eyes  and,  thus  2  separate  sources  of  vision. 
The  view  is  represented  on  charts  using  an  equal-area 
polar  projection,  a,  description  and,  proof  of  which  are 
given.  The  use  of  this  chart,  aside  from  its  simplicity, 
may  make  possible  the  establishment  of  simple  criterions 
of  the  field  of  view.  Charts  of  five  representative  air¬ 
planes  with  various  cockpit  arrangements  are  included. 

INTRODUCTION 

It  is  becoming  increasingly  evident  that  a  good  field 
of  view  from  the  pilot’s  cockpit  of  an  airplane  is  one 
of  the  main  requirements  for  safe  flying.  The  airplane 
has  several  characteristics  that  necessitate  an  unusually 
open  field  of  view  for  the  pilot.  These  characteristics 
are:  relatively  high  speed,  capability  of  maneuvera¬ 
bility  in  three-dimensional  space,  and  principal  axes 
unconnected  to  those  of  other  objects  fixed  or  in  motion. 

Probably  the  first  notable  realization  of  the  vital 
importance  of  a  good  field  of  view  arose  during  the 
World  War.  Many  pilots  went  so  far  as  to  remove 
the  fabric  from  various  portions  of  their  airplanes  in 
an  attempt  to  eliminate  “blind  spots”,  accepting  the 
suspected  loss  of  performance  (reference  1).  The 
results  of  war  time  efforts  to  improve  the  angles  of 
gunfire  and  reduce  the  vulnerable  blind  sectors  were 
at  the  time  considered  military  secrets  (references  2, 
3,  and  4),  but  are  now  available  to  a  considerable 
extent  in  literature  on  airplane  design  (references  5 
and  6). 

The  rapid  growth  of  commercial  aviation  since  the 
war  has  added  to  the  demand  for  a  better  understand¬ 
ing  of  vision  requirements  (references  7  and  8).  Many 
methods  of  determining  such  requirements  have  been 
proposed  and  tried  (references  2,  3,  9,  10,  and  11). 
No  systematic  study  of  the  problem  having  been 
made,  the  question  of  providing  an  adequate  field  of 
view  is  generally  left  to  the  judgment  of  the  designer. 


Any  rating  of  the  field  of  view  of  the  completed  air¬ 
plane  would  be  very  arbitrary  and  is  usually  confined 
to  pilots’  reports  of  “good”  or  “bad.”  Several  at¬ 
tempts  to  establish  a  coefficient  for  rating  the  vision 
characteristics  of  airplanes  have  been  unsuccessful 
owing  to  the  lack  of  information  concerning  the  field 
of  view  of  the  already  existing  types. 

Because  of  the  various  requirements,  it  is  desirable 
to  know  to  what  degree  and  in  what  direction  vision 
is  necessary  for  a  given  purpose  and  under  various 
conditions  of  flight.  It  is  also  very  desirable  that  a 
simple  and  exact  means  be  made  available  by  which 
the  prospective  operator  may  make  known  his  wants 
and  the  manufacturer  denote  how  nearly  he  is  able  to 
fulfill  them. 

The  development  of  a  simple  and  exact  method  of 
measuring  and  presenting  the  field  of  view  from  the 
pilot’s  cockpit  should  make  possible  a  systematic  col¬ 
lection  of  data  from  a  large  number  of  existing  repre¬ 
sentative  airplanes,  which,  together  with  existing  ideas 
concerning  the  known  usefulness  of  the  view  they 
afford  and  their  suitability  for  the  intended  function, 
may  make  possible  a  comparative  evaluation  of  this 
almost  neglected  quality.  A  study  of  the  relative  im¬ 
portance  of  various  portions  of  the  field  of  view  should 
prove  of  value  in  the  design  of  new  types;  the  manner 
in  which  they  compare  with  the  old  should  become  as 
evident  to  the  designer  as  to  the  pilot. 

The  present  report  describes  a  practicable  method 
for  measuring  and  presenting  the  pilot’s  field  of  view. 
An  instrument  designated  a  “visiometer”  was  con¬ 
structed  that  permits  a  step-by-step  measurement  of 
the  outline  of  the  airplane  as  seen  by  the  pilot.  The 
data  thus  obtained  are  plotted  directly  on  a  form  of 
polar  chart  from  which  areas  may  be  measured.  In¬ 
formation  on  36  airplanes  has  been  satisfactorily  ob¬ 
tained.  These  studies  are  being  conducted  by  the 
National  Advisory  Committee  for  Aeronautics  at 
Langley  Field,  Va. 

METHOD  OF  MEASUREMENT 

Preliminary  considerations. — In  the  method  em¬ 
ployed  the  pilot  of  an  airplane  is  considered  to  be  at 
the  center  of  an  imaginary  sphere  whose  radius  is 
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infinitely  larger  than  the  distance  from  the  pilot  to 
any  part  of  the  airplane.  The  outline  of  the  portions 
of  the  airplane  seen  by  the  pilot  may  then  he  projected 
onto  the  surface  of  the  sphere  and  defined  by  the 
lengths  of  arcs  on  the  spherical  surface  or  by  the 
angles  which  they  subtend  at  the  center  of  the  sphere. 
At  present  only  the  forward  hemisphere,  symmetrical 
about  the  direction  of  flight,  is  being  considered. 

The  location  of  the  point  to  be  considered  as  the 
center  of  the  sphere  is  based  on  several  assumptions, 
some  of  which  follow.  The  height  of  the  plane  of  the 
eyes  of  the  average  pilot  is  about  31  inches  above  the 
seat  cushion  or  parachute.  In  a  natural  position  a 
head  movement  of  6  inches  to  either  side  of  the  posi¬ 
tion  of  direct  forward  vision  is  easily  obtainable.  No 
fore-and-aft  movement  is  considered  here.  For  air¬ 
planes  with  adjustable  seats,  the  seat  is  raised  to  its 
highest  position  for  taking-off,  landing,  and  taxying, 
and  lowered  during  flight  just  to  afford  protection  be¬ 
hind  the  windshield.  These  factors  determine  four 
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Figure  1.— Fields  of  vision  of  the  eyes  of  the  average  pilot. 


positions  considered  as  representative  of  those  natu¬ 
rally  assumed  by  a  pilot  under  normal  conditions; 
namely,  flight  attitude,  pilot  central;  flight  attitude, 
pilot  to  one  side;  landing  attitude,  pilot  central;  and 
landing  attitude,  pilot  to  one  side. 

The  natural  position  of  the  pilot  is  one  of  rest  with 
face  forward  and  head  erect  and  with  the  line  of  sight 
directed  forward  along  the  line  of  flight.  From  this 
position  the  two  most  natural  motions  of  the  head  are 
obtained  by  rotation  about  a  lateral  axis  and  about  a 
vertical  axis.  Motion  about  a  longitudinal  axis,  if 
made  by  the  pilot,  is  usually  accompanied  by  a  lateral 
swaying  of  the  body  and  requires  considerable  effort. 
By  the  two  previously  mentioned  motions  of  the  head 
the  pilot  may  direct  his  sight  to  any  point  in  the  forward 
hemisphere,  maintaining  his  line  of  sight  normal  to  a 
line  between  the  pupils  of  his  eyes.  For  the  average 
pilot  it  has  been  found  that,  with  fixed  body,  the  eyes 
move  approximately  on  the  surface  of  a  sphere  of  4.6 
inches  radius,  the  center  of  which  may  be  assumed  to 
be  in  the  horizontal  plane  containing  the  eyes  when  the 
head  is  erect. 


It  is  evident  that  the  projection  of  the  airplane  from 
a  single  observation  point  represents  the  view  seen 
with  monocular  vision;  actually,  binocular  vision  exists 
and  should  be  considered.  Although  it  is  possible,  but 
unnatural,  for  the  pilot  to  place  his  head  in  the  posi¬ 
tions  necessary  to  obtain  the  maximum  benefit  of 
binocular  vision  in  all  planes,  the  assumption  is  made, 
on  the  basis  of  the  previously  considered  motions,  that 
the  line  between  the  eyes  is  maintained  horizontal. 

It  should  be  mentioned,  although  it  will  be  given  no 
consideration,  that  the  pilot  can  move  his  eyes  while 


Figure  2.-  Binocular  vision  in  the  plane  of  the  eyes. 


holding  his  head  stationary.  The  pilot  therefore  pos¬ 
sesses  binocular  vision  regardless  of  the  location  of  the 
object,  provided  that  it  is  within  the  field  of  binocular 
fixation,  which  extends  roughly  50°  from  the  primary 
position  of  the  eye.  (See  fig.  1  and  reference  12.) 

Physical  examinations  of  service  pilots  have  shown 
the  interpupillary  distance  between  the  eyes  of  the 
average  pilot  to  be  2.5  inches  (reference  12).  An  ob¬ 
struction  of  smaller  dimensions  than  2.5  inches  may  be 
neglected  since,  with  binocular  vision,  convergence 
occurs  beyond  it  and  it  ceases  to  be  a  blind  spot.  This 
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Figure  3.— Angles  subtended  by  distant  objects.  (Interpupillary  distance  so  small 
as  to  effect  no  difference  between  monocular  and  binocular  vision.) 

effect  is  a  maximum  in  planes  containing  the  line 
joining  the  two  eyes  of  the  pilot. 

The  diagram  shown  in  figure  2  has  been  constructed 
to  show  the  effect  of  binocular  vision  in  the  plane  of  the 
eyes.  The  two  eye  positions  M  and  Mf  are  located 
having  an  eccentricity  7/2  with  respect  to  monocular 
vision,  where  I  is  the  average  interpupillary  distance. 
Monocular  vision  from  0  locates  a  point  of  object  A 
on  the  sphere  at  point  B,  but  sight  from  M  locates 
A  at  C.  As  the  sphere  is  considered  to  have  an  infinite 
radius,  the  line  CM  is  parallel  to  the  line  CO  and  the 
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arc  EC  may  be  measured  at  the  center  of  the  sphere  by 
the  angle  a.  j 

£*=tan-1 — 

2  d 

By  measurement,  therefore,  from  a  single  point  the 
positions  on  the  surface  of  the  imaginary  sphere  of  the 
outline  of  the  obstruction  are  improperly  located  in  all 
planes  containing  the  eyes  by  an  amount  equal  to  the 
angle  a  and  the  blind  angle  subtending  the  obstruction 


It  is  evident  that  reasonably  large  objects  may  be 
hidden  by  blind  angles  of  small  magnitude  (fig.  3).  An 
object,  such  as  another  airplane,  with  a  linear  dimen¬ 
sion  of  40  feet  along  its  longitudinal  or  lateral  axis, 
subtends  an  angle  of  less  than  1°  at  a  distance  of  one- 
half  mile.  A  dimension  on  the  vertical  axis  of  15  feet 
subtends  an  angle  of  approximately  0.3°. 

N.  A.  C.  A.  visiometer. — When  considering  the  meas¬ 
urement  of  fields  of  view,  one  immediately  thinks  of 


Figure  4. — N.  A.  C.  A.  visiometer. 


is  represented  as  too  large.  The  error,  moreover,  is 
wholly  dependent  on  the  distance  of  the  obstruction 
from  the  pilot  and  varies  inversely  as  d.  In  applying 
a  correction  for  this  error,  particularly  for  obstructions 
of  large  area,  one  must  take  into  account  which  eye  is 
causing  the  blind-angle  reduction  and  the  location  of 
the  portions  of  the  edge  of  the  obstruction  with  respect 
to  the  line  of  sight. 


the  camera  because  of  its  similarity  to  the  eye.  Previ¬ 
ous  investigators  have  used  the  pinhole  camera 
(reference  11)  and  have  also  photographed  the  image 
of  the  airplane  on  a  spherical  mirror.  Among  other 
things,  however,  the  difficulty  of  superimposing  the 
photographs  or  the  possibilities  of  applying  a  correction 
for  binocular  vision  resulted  in  favoring  a  step-by-step 
angular  measurement  method. 
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The  planes  in  which  the  angles  defining  a  point  in 
space  are  measured  depend  upon  the  type  of  chart  to  be 
used  in  representing  them.  As  polar  coordinates 
seemed  best,  for  reasons  to  be  given  later,  an  instru¬ 
ment  termed  a  “visiometer”  was  designed  to  measure 
them. 

Photographs  of  the  visiometer  are  reproduced  as 
figure  4.  All  measurements  being  made  with  the  air¬ 
plane  on  the  ground,  the  steel  base  of  the  instrument  was 
designed  to  fit  in  the  average  seat.  Adjusting  screws  A 
are  provided  for  leveling.  Vertical  adjustment  B  and 


L  are  provided  for  setting  up  the  instrument.  The 
entire  instrument  weighs  27  pounds  and  occupies  about 
the  same  space  as  would  be  taken  by  the  pilot. 

The  procedure  used  in  taking  measurements  with  the 
instrument  in  an  airplane  is  quite  simple.  The  loca¬ 
tor,  shown  with  visiometer  in  figure  5,  is  placed  with 
its  tip  at  the  point  to  be  used  as  the  center  of  the 
projection.  The  visiometer  is  then  placed  in  the  center 
of  the  seat,  the  cross  hairs  of  the  rear  sight  are  placed 
at  the  tip  of  the  locator  and,  by  means  of  the  adjust¬ 
ments  available,  the  protractor  is  so  set  that  its  axes 


Figure  5.— N.  A.  C.  A.  visiometer  and  locator  mounted  in  the  cockpit  of  a  Fairchild  cabin  monoplane. 


fore-and-aft  and  lateral  tracks  C  permit  the  duralumin 
head  to  be  placed  at  the  desired  center  of  the  projec¬ 
tion.  The  pointer  D,  which  is  sighted  by  means  of 
the  universally  mounted  mirror  E,  is  equipped  with  a 
front  bead  sight  F  and  a  rear  ring  and  cross-hair  sight 
G.  The  intersection  of  the  cross  hairs  is  the  point 
about  which  all  motions  of  the  instrument  head  are 
made.  The  pointer  is  mounted  on  the  protractors  H 
and  the  protractor  mounting  J.  The  protractor 
mounting  may  be  rotated  about  the  rear  sight  G  in  the 
bed  K.  The  line  of  sight  of  the  pointer  is  defined  by 
the  angles  read  on  the  protractors  H.  Level  bubbles 


of  rotation  are  perpendicular  and  parallel  to  the  span 
and  the  thrust  line  of  the  airplane,  the  angle  of  the 
thrust  line  to  the  horizontal  having  been  previously 
determined  by  a  propeller  protractor.  This  condition, 
in  which  the  axis  of  rotation  of  the  forward  hemisphere 
is  parallel  to  the  thrust  line  of  the  airplane,  the  visiom¬ 
eter  correctly  located  with  respect  to  the  seat,  and  the 
seat  lowered  so  that  the  pilot  is  just  fully  protected  by 
the  windshield,  is  known  as  the  “flight”  attitude. 
The  “landing”  attitude  is  obtained  by  raising  the  seat 
through  its  full  range  of  travel  and  pitching  the  pro¬ 
tractor  mounting  so  that  the  axis  of  the  hemisphere  is 
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below  the  thrust  line  of  the  airplane  by  an  angle  equal 
to  the  landing  angle.  In  both  the  flight  and  landing 
attitudes  the  protractor  mounting  may  be  moved  to 
the  side  positions.  The  outline  of  the  structure  of  the 
airplane  is  measured  with  the  center  of  rotation  in  each 
of  the  four  positions:  (1)  Pilot  central,  flight  attitude; 


Figure  6. — Meridianal,  or  equatorial,  projection  of  a  hemisphere. 

(2)  pilot  to  side,  flight  attitude;  (3)  pilot  central, 
landing  attitude;  and  (4)  pilot  to  side,  landing  attitude. 

When  making  the  measurements  the  instrument  is 
sighted  on  various  points  defining  the  outline  of  the 
airplane  and  the  data  are  plotted  directly  on  a  chart. 
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Figure  7.— Polar  projection  field-of-view  chart,  scale,  and  chart  board. 


lair  curves  are  drawn  through  the  points  obtained. 
It  is  less  confusing  if  one  part,  such  as  the  wing  or 
windshield,  is  followed  around  to  completion.  Where 
the  pilot’s  cockpit  is  located  in  the  plane  of  symmetry 
of  the  airplane  only  the  left  portion  of  the  hemisphere 
is  measured  unless  some  appreciable  unsymmetrical 
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Figure  8.— Superposition  of  polar  and  meridi.mal  projections  of  a  hemisphere. 


obstruction  exists.  After  the  angular  measurements 
are  made,  the  distances  from  the  center  of  the  projec¬ 
tion  to  various  points  on  the  airplane  are  measured  to 
be  used  in  applying  the  binocularity  correction. 

It  is  desirable  that  the  measurements  be  made  in  a 
well-lighted  hangar  with  walls  contrasting  in  color 
to  that  of  the  airplane.  The  airplane  should  be  so 
placed  that  it  is  laterally  level.  The  mounting  and 
locating  of  the  instrument  requires  approximately  45 
minutes.  Measurements  from  the  four  positions, 
including  recording  of  the  results,  requires  two  men 
from  3  to  G  hours  depending  upon  the  complexity  of 
the  outline  to  be  measured. 


REPRESENTATION  OF  RESULTS 

The  representation  of  the  surface  of  a  sphere  upon 
a  plane  has  long  been  used  in  map  making  and  no  one 
method  of  projection  has  been  found  to  be  entirely 
satisfactory.  (See  references  13  and  14.)  No  map  on 
a  plane  surface  can  accurately  represent  both  size  and 
shape  of  a  figure  on  a  spherical  surface,  for  it  is  im¬ 
possible  to  preserve  the  same  scale  in  all  directions  at 
all  points.  Such  a  representation  may  be  a  compro¬ 
mise  fulfilling  one  of  the  following  conditions: 

(1)  It  may  keep  the  area  directly  comparable  all 
over  the  map  at  the  expense  of  the  correct  shape. 

(2)  It  may  keep  the  shapes  of  small  features  correct 
at  the  expense  of  a  changing  scale  all  over  the  map 
with  the  knowledge  that  large  areas  will  not  preserve 
their  shape. 


172 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


(3)  It  may  be  a  compromise  between  (1)  and  (2) 
so  as  to  minimize  the  errors  by  taking  both  shape  and 
area  into  account. 

(4)  It  may  preserve  the  correct  directions  of  all 
lines  drawn  from  the  center  of  the  map. 

Conditions  (1)  and  (4)  seemed  most  desirable  for 
the  representation  of  the  field  of  view'  because  of  the 
possibility  of  measuring  and  comparing  areas  in  an 
effort  to  establish  a  criterion.  These  two  characteris¬ 
tics  are  maintained  in  a  projection  known  as  the 
“Lambert  equal-area  projection”,  a  description  of 
which  will  now  be  given. 

It  is  necessary  to  have  some  points  or  lines  of  ref¬ 
erence  on  the  surface  of  a  sphere  so  that  other  points 


intersection  of  these  systems  at  oblique  angles;  and 
the  consequent  inconvenience  of  plotting  positions. 
(See  fig.  6.)  A  polar  projection  is  more  easily  con¬ 
structed  because  the  meridians  become  straight  lines 
and  the  parallels  become  concentric  circles.  (See  fig. 
7.)  A  superposition  of  these  tw'o  forms  of  coordinates 
(fig.  8)  is  of  value  in  applying  the  correction  for 
binocularity. 

In  order  to  construct  a  chart  of  the  Lambert  equal- 
area  polar  projection,  the  radius  of  the  circle  repre¬ 
senting  the  parallel  on  the  projection  is  taken  as  the 
chord  distance  of  the  parallel  from  the  pole  on  the 
sphere.  Figure  9,  in  which  circles  are  drawn  for  every 
10°  parallel  on  the  sphere,  shows  the  construction  of 
such  a  chart  for  a  sphere  of  radius  a.  The  meridians 
are  straight  lines  radiating  from  the  pole  and  dividing 
the  circles  into  equal  parts.  From  this  figure  it  is 
apparent  that 

P  •  P  A  0  .  P 

—  =  sm  —  and  p=2a  sin  — 

2a  2  y  2 

where  p  is  the  chord  distance  of  the  parallel  from 
the  pole. 

a,  the  radius  of  the  sphere. 

P,  the  arc  from  the  pole  to  the  parallel. 

The  area  contained  in  the  circle  having  radius  p  is 

P 

up 2  and  equals  4-rra 2  sin  2 

It  remains  but  to  prove  that  the  area  of  the  spherical 
surface,  or  polar  cap,  bounded  by  the  same  parallel  is 
equal  to  that  just  found  on  the  chart.  The  surface 

.  .  47rtt2 

area  of  the  hemisphere  is  — ^ —  or  2-n-a2.  The  area  of 


Figure  9. — Construction  of  Lambert  equal-area  polar  projection. 

may  be  located  with  respect  to  them.  The  most 
convenient  method  seems  to  be  by  lines  representing 
latitude  and  longitude  as  used  for  points  on  the  sur¬ 
face  of  the  earth.  The  intersections  of  the  axis  of  the 
sphere  with  the  surface  are  the  poles.  The  intersec¬ 
tion  with  the  surface  of  the  sphere  of  a  plane  passed 
through  the  center  of  the  sphere  perpendicular  to  the 
axis  is  the  equator.  All  planes  containing  the  axis  of 
the  sphere  intersect  the  surface  to  form  meridians  of 
longitude.  Planes  passed  through  the  sphere  parallel 
to  the  equator  intersect  the  surface  as  parallels  of 
latitude. 

It  is  immediately  apparent  that  a  map  of  the  pro¬ 
jection  of  such  a  hemisphere  may  be  made  either  with 
one  pole  as  the  center  of  the  chart  or  with  the  center 
on  the  equator,  in  which  case  we  have  a  projection  on 
the  meridian.  The  latter  method  will  not  be  con¬ 
sidered  because  of  the  inconvenience  of  computing  the 
coordinates  and  the  plotting  of  the  double  system  of 
complex  curves  of  the  meridians  and  parallels;  the 


the  shaded  portion  is  2i xa2  sin  0.  This  expression 

becomes  2ira2  cos  P  since  0=^  —  P^- 

Area  of  cap  =  27ra2— 2ixa2  cos  P—2ra2  (1  — cos  P) 

P 

—  4ixa2  sin2  7^  which  is  equal  to  the  plane 


area  found  above.  Thus  the  total  area  of  the  polar 
cap  is  equal  to  the  total  area  of  the  chart.  Since  the 
proof  holds  for  any  parallel,  the  area  of  the  ring  between 
any'  two  parallels  is  equal  in  area  to  the  area  on  the 
chart  and,  since  the  ring  is  equally  divided  by  the 
meridians,  the  area  of  a  section  on  the  chart  is  equal 
to  the  area  on  a  sphere  bounded  by  the  same  parallels 
of  latitude  and  meridians  of  longitude.  The  equal- 
area  projection  therefore  preserves  the  ratio  of  areas 
constant;  that  is,  any  given  part  of  the  chart  bears 
the  same  relation  to  the  area  that  it  represents  that 
the  whole  chart  bears  to  the  whole  area  represented. 
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A  form,  including  tlie  chart  just  described,  was 
constructed  and  prints  were  made  from  it  to  record 
directly  the  data  obtained  by  the  visiometer.  In 
figure  7  one  is  shown  mounted  on  a  data  board,  with 
the  celluloid  scale  used  to  facilitate  plotting. 

The  projection  as  made  from  a  single  point  is  first 
drawn  on  the  chart  in  dotted  lines  to  assist  in  inter¬ 
preting  the  chart.  The  binocularity  correction  ob¬ 
tained  from  figure  10  is  then  applied  by  the  use  of 
figure  8  and  the  resultant  figure  drawn  in  solid  lines. 
The  blind  regions  are  cross-hatched  and  transparent 
surfaces  properly  represented  in  the  final  chart.  In 
addition  to  plotting  the  outline,  photographs  of  the 
airplane  and  the  general  information  necessary  to  fill 
in  the  complete  form  were  obtained. 


the  correction,  it  is  therefore  necessary  to  convert  the 
magnitude  of  the  correction  into  terms  of  the  scale  of 
the  chart  in  the  region  in  which  the  correction  is  to  be 
applied.  This  conversion  is  accomplished  by  means  of 
figure  10.  When  the  distance  of  a  point  on  the  obstruc¬ 
tion  from  the  pilot  and  the  horizontal  plane  or  latitude 
in  which  it  occurs  are  known,  the  magnitude  of  the 
correction  to  be  applied  to  the  chart  may  be  determined 
directly  in  terms  of  latitude  and  longitude  difference 
to  the  new  position  in  which  binocularity  locates  it. 

It  will  be  noted  that  the  value  of  the  correction 
increases  very  rapidly  with  decreasing  distance  from 
the  instrument,  particularly  below  10  inches,  but  for¬ 
tunately  portions  of  the  structure  are  seldom  very 
close  to  the  pilot’s  face. 


The  application  of  the  binocularity  correction  to  the 
measured  data  requires  some  explanation.  In  the 
preliminary  considerations  the  correction  was  shown 
to  be  applicable  for  the  reduction  of  obstructions  in 
planes  containing  the  eyes  and  to  vary  with  the  dis¬ 
tance  from  the  various  parts  of  the  airplane  to  the  pilot. 
By  a  superposition  of  the  meridional  projection  on  the 
polar  projection  (fig.  8),  the  location  of  the  horizontal 
planes  and  the  scale  of  the  chart  along  them  is  deter¬ 
mined.  Since  the  meridians  converge  toward  the 
poles,  the  scale  on  the  parallels  is  reduced  in  that  direc¬ 
tion.  The  correction,  however,  is  a  portion  of  a  great 
circle  and  has  a  certain  magnitude  a  regardless  of  its 
point  of  application  on  the  chart.  In  order  to  apply 


Owing  to  the  variations  in  the  paper  used,  slight 
variations  in  the  size  of  the  chart  have  been  found. 
As  area  evaluation  will  most  probably  be  made  on  a 
percentage  basis,  the  results  should  not  be  appre¬ 
ciably  affected.  From  a  large  number  of  charts  it 
was  determined  that  the  maximum  variation  in 
radius  was  ±1  percent  and  that  the  area  of  the 
form  was  correct  to  within  ±1  percent.  When 
plotting  on  the  chart,  an  accuracy  of  }i°  may  be 
maintained  in  a  radial  direction  and  between  radial 
lines  on  the  periphery.  This  latter  error  increases 
toward  the  center  of  the  chart  owing  to  the  conver¬ 
gence  of  the  radial  lines,  although  the  importance  of 
this  accuracy  decreases. 
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DISCUSSION 

The  visiometer  lias  proved  very  practicable.  It  is 
convenient  to  transport,  easy  to  set  up,  and  simple  to 
operate.  The  mirror  facilitates  sighting  with  little 
motion  on  the  part  of  the  observer.  Depending  upon 
the  size  of  the  airplane,  the  location  of  the  cockpit, 
the  entering  steps,  the  wings,  and  the  type  of  cockpit 
enclosure  if  one  exists,  it  has  frequently  been  found 


distortions  near  the  edge.  It  is  only  necessary  to 
remember  that  the  chart  is  the  representation  of  a 
hemisphere  on  a  plane  surface  and  that  it  extends 
through  90°  in  every  direction  from  the  center. 

The  entire  horizon  is  visible  in  the  FllC-2  (fig.  H) 
airplane  in  the  flight  attitude.  The  seat  being  lowered, 
the  pilot  is  well  protected  by  the  windshield  in  the 
central  position,  while  still  able  to  get  from  behind  it 


Flight  attitude 

Figure  11.— Photograph  and  fleld-of-view  charts  for  trac: 


inconvenient  and,  in  many  cases,  very  uncomfortable 
to  reach  the  instrument  to  operate  it  after  it  has  been 
mounted  in  the  cockpit. 

The  variety  of  locations  of  regions  that  obstruct  the 
pilot’s  vision  in  the  forward  hemisphere  is  shown  by 
the  charts  for  airplanes  representing  different  cockpit 
and  wing  arrangements.  Some  difficulty  may  be 
experienced  in  interpreting  the  charts  owing  to  shape 


Landing  attitude 

biplane  fighter  FllC-2  with  cockpit  behind  wing  cellule. 


bv  a  small  movement  of  the  head  to  the  side.  The 
region  restricted  by  the  engine  and  wings  is  not  mate¬ 
rially  reduced  by  lateral  movement,  although  that 
restricted  by  the  fuselage  is  improved.  The  several 
small  blind  regions  caused  by  the  cabane  and  inter¬ 
plane  struts  are  of  small  consequence,  particulary  the 
former,  as  they  are  considerably  displaced  by  lateral 
movement.  In  the  landing  attitude  the  nose  of  the 
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fuselage  and  the  engine  entirely  restrict  the  view  in 
the  direction  of  flight.  By  the  raised  seat  the  pilot  is 
placed  more  nearly  on  the  chord  line  of  the  wing,  how¬ 
ever,  and  the  blind  areas  due  to  it  are  materially 
reduced.  In  both  attitudes  the  gaps  between  the  en¬ 
gine  cylinders  appear  to  be  of  appreciable  magnitude. 

Figure  12  shows  that  the  top  wing  and  the  fuselage 
of  the  XB2Y-1  airplane  cover  considerable  area  and, 


improved  by  replacing  the  cabin  top  with  transparent 
material. 

The  XSE-2  airplane  (fig.  15),  although  having  an 
engine  in  the  nose  of  the  fuselage,  has  no  area  restricted 
in  the  forward  hemisphere  by  the  wing. 

In  all  the  charts  the  effect  of  binocular  vision  in 
reducing  the  width  in  the  horizontal  plane  of  structural 
members,  particularly  those  near  the  pilot,  is  quite 


Pi  I  of 
io  side 


Pitot 
cent  rat 


Ftight  attitude 


Landing  atti tude 


Figure  12. — Photograph  and  field-of-view  charts  for  tractor  biplane  bomber  XB2Y-1  with  cockpit  behind  wing  cellule. 


since  the  engine  is  completely  cowled,  no  view  between 
the  cylinders  is  obtained.  The  P-26A  low-wing  mono¬ 
plane  (fig.  13)  is  notable  for  the  unrestricted  view  in 
the  upper  portion  of  the  hemisphere,  the  absence  of 
struts,  and  the  large  area  covered  by  the  engine. 

In  figure  14  showing  the  W-l  airplane,  the  excellent 
view  obtained  with  a  pusher  arrangement  is  shown. 
This  particular  arrangement  could  be  considerably 


apparent.  Equally  so  is  the  consistent  location  of  the 
region  blanked  by  the  fuselage.  The  small  portions 
of  the  horizon  restricted  by  the  nose  of  the  fuselage 
in  the  landing  attitudes  for  the  W-l  and  XSE-2  air¬ 
planes  are  particularly  noteworthy. 

Of  course,  there  are  many  other  positions  which  the 
pilot  may  assume  in  addition  to  those  which  have  been 
chosen  as  representative.  The  pilot  may  sway  fore 
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and  aft  and  also  effect  a  movement  of  his  head  in  a 
vertical  direction,  in  addition  to  moving  his  eyes. 
The  view  afforded  by  these  movements  may  be  of 
interest  in  particular  cases  and  may  be  determined 
and  charted  in  a  manner  similar  to  that  described. 
It  may  be  argued,  however,  that  the  airplane  of  the 
future  should  be  so  arranged  as  to  afford  the  pilot 


obtained  for  the  four  described  positions  of  the  pilot 
may  be  combined  into  one  chart  for  more  direct  com¬ 
parison,  and  may  even  include  data  from  other  and 
more  extreme  positions.  For  the  sake  of  descriptive 
simplicity,  these  variations  have  been  omitted  in  the 
charts  herein  presented,  although  it  may  be  of  value 
when  the  subject  of  evaluation  is  given  more  attention. 


Flight  attitude 

Figure  13. — Photograph  and  field-of-view  cha 


maximum  desirable  view  with  no  inconvenience  or 
unnecessary  movement  on  his  part.  It  would  there¬ 
fore  appear  that  in  measuring  the  view  from  existing 
airplanes  the  aim  should  be  to  determine  what  can  be 
seen  from  such  positions  and  thus  what  improvement 
should  be  effected,  rather  than  what  can  be  seen  from 
unusual  and  uncomfortable  positions  that  the  pilot 
may  assume. 

The  presentation  of  the  final  data  on  the  charts  may 
also  be  varied  in  many  ways.  For  example,  the  charts 


s  fur  tractor  low-wing  monoplane  fighter  P-26A. 


CONCLUDING  REMARKS 

It  is  believed  that  the  method  described  reasonably 
represents  the  view  obtained  by  the  pilot  and  permits 
more  rational  comparisons  of  the  relative  merits  of 
various  airplane  arrangements  than  has  been  possible 
heretofore.  The  method  may  be  extended  to  include 
the  rear  hemisphere  or  may  be  used  at  any  other 
observation  point.  The  method  is  adaptable  for  use 
in  rating  fields  of  gunfire  as  well  as  the  field  of  view  of 
photographers  and  observers. 
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In  any  event,  the  plotting  of  the  view  in  the  forward 
hemisphere  from  existing  airplanes,  together  with  the 
opinions  received  from  the  operating  personnel,  should 
result  in  a  more  definite  understanding  of  field-of-view 
requirements  and  thus  be  a  contribution  to  improved 
safety  in  flight. 
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Figure  15.— Photograph  and  field-of-view  charts  for  tractor  high-wing  monoplane  scout  XSE-2  with  cockpit  ahead  of  wing. 
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FULL-SCALE  WIND-TUNNEL  TESTS  OF  A  PCA-2  AUTOGIRO  ROTOR 

By  John  B.  Wheatley  and  Manley  J.  Hood 


SUMMARY 

This  paper  presents  the  results  of  force  tests  on  and  air¬ 
flow  surveys  near  a  PCA-2  autogiro  rotor  in  the  N.  A. 
C.  A.  full-scale  wind  tunnel.  The  force  tests  were  made 
at  three  pitch  settings  and  several  rotor  speeds;  the  effect 
of  fairing  protuberances  on  the  rotor  blade  was  deter¬ 
mined.  Induced  downwash  and  yaw  angles  were  de¬ 
termined  at  two  tip-speed  ratios  in  a  plane  1 ){ feet  above 
the  path  of  the  blade  tips.  The  results  show  that  the 
maximum  L/D  of  the  rotor  cannot  be  appreciably  in¬ 
creased  by  increasing  the  blade  pitch  angle  above  about 
4-5°  at  the  blade  tip;  that  the  protuberances  on  the  blades 
cause  more  than  5  percent  of  the  total  rotor  drag;  and 
that  the  rotor  center-of-pressure  travel  is  very  small. 

INTRODUCTION 

The  National  Advisory  Committee  for  Aeronautics 
has  for  several  years  been  making  an  intensive  study 
of  rotating-wing  aircraft  initiated  because  of  the  defi¬ 
nite  promise  of  this  type  of  flying  machine  in  the 
related  fields  of  safety  and  low-speed  control.  The 
experimental  work  completed  to  date  has  consisted  of 
flight  tests  on  a  PCA-2  autogiro  (references  1  and  2) 
from  which  the  gliding  performance,  fixed-wing  loads, 
and  rotor-blade  motion  of  the  machine  were  deter¬ 
mined.  Following  these  tests  an  attempt  was  made  to 
deduce  from  them  the  aerodynamic  characteristics  of 
the  rotor  (reference  3),  but  the  results  were  unsatis¬ 
factory  for  several  reasons.  No  quantitative  evalua¬ 
tion  of  the  interference  of  the  remainder  of  the  machine 
upon  the  rotor  was  possible,  but  the  most  serious  fault 
with  the  results  lay  in  the  fact  that  the  drag  of  the 
rotor,  its  most  important  characteristic,  could  not  be 
found.  In  order  to  obtain  complete  and  accurate  in¬ 
formation  concerning  the  aerodynamic  characteristics 
of  the  PCA-2  autogiro  rotor  and  to  supply  data  appli¬ 
cable  to  an  analysis  of  the  sources  of  its  drag,  the  rotor 
was  removed  from  the  machine  and  tested  alone  in  the 
full-scale  wind  tunnel  at  Langley  Field  in  December 
1933. 

The  test  program  included  force  tests  at  one  pitch 
setting  and  several  rotor  speeds  with  the  blade  pro¬ 
tuberances  both  exposed  and  faired,  and  at  two 


additional  pitch  settings  and  at  several  rotor  speeds 
with  the  protuberances  faired.  In  addition,  air-flow 
surveys  were  made  at  two  air  speeds  in  a  plane  parallel 
to  and  about  1%  feet  above  the  path  described  by  the 
blade  tips. 

This  report  contains  a  presentation  of  the  data 
obtained  in  the  full-scale  wind-tunnel  tests.  The 
results  of  an  analysis  of  this  information  will  be  sub¬ 
sequently  published. 

APPARATUS 

The  autogiro  rotor  used  in  these  tests  is  shown 
mounted  in  the  wind  tunnel  in  figure  1 ;  figure  2  shows 
its  geometrical  characteristics.  For  the  first  tests  the 
rotor  was  exactly  as  furnished  on  the  PCA-2  auto¬ 
giro  (fig.  3  (a)  ),  but  during  all  subsequent  tests  there 
were  fairings  over  the  droop-cable  fittings  and  damp¬ 
ing  devices  for  the  interblade  cables  (fig.  3  (b)  ). 

The  N.  A.  C.  A.  full-scale  wind  tunnel,  together 
with  its  G-component  balance  and  air-flow  survey 
apparatus  used  for  these  tests,  is  described  in  detail 
in  reference  4.  Sphere  drag  tests  made  since  this 
reference  was  published  show  the  critical  Reynolds 
Number  in  the  wind  tunnel  to  be  between  340,000 
and  370,000,  indicating  the  turbulence,  as  measured 
bv  this  method,  to  be  about  the  same  as  has  been 
found  in  free  air.  (See  reference  5.) 

The  rotor  was  supported  on  the  balance  by  a  steel 
tube  tripod  having  an  apex  formed  by  a  steel  casting 
containing  a  mechanism  for  changing  the  angle  of 
attack.  This  mechanism  consisted  of  a  double 
worm  and  gear  reduction  operated  by  a  hand  crank 
in  the  balance  house.  The  angle  of  attack  (the  acute 
angle  between  the  direction  of  flight  and  a  plane  per¬ 
pendicular  to  the  rotor  axis)  was  indicated  by  a 
revolution  counter  geared  to  the  crank  shaft.  The 
entire  supporting  system  beneath  the  rotor  was 
shielded  from  the  air  stream  to  eliminate  tare  drag. 

The  rotor  speed  was  obtained  from  an  indicator  at 
the  angle-of-attack  control  station,  connected  to  a 
tachometer  magneto  driven  by  the  rotor.  An  addi¬ 
tional  indicator  was  placed  at  the  wind-tunnel  con¬ 
trol  station  for  the  use  of  the  tunnel  operator  while 
the  rotor  was  being  started. 
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TEST  PROCEDURE 

The  rotor  was  started  by  the  air  stream,  no  mechani¬ 
cal  starting  gear  having  been  incorporated  in  the  test 
set-up.  The  rotor  was  set  at  about  10°  angle  of  at- 


necessary  readings  were  taken.  The  angle  of  attack 
was  then  adjusted  to  give  other  desired  rotor  speeds, 
readings  were  again  taken,  and  the  process  was  re¬ 
peated  at  other  air  speeds.  For  each  condition  of 


Figure  1. — PCA-2  autogiro  rotor  in  N.  A.  C.  A.  full-scale  wind  tunnel. 


tack,  the  wind  tunnel  was  started  slowly  by  jogging 
on  and  off  the  lowest-speed  switch  point,  and  the  air 
speed  was  gradually  increased  as  the  rotor  picked  up 
speed. 


Blade-section  profile _ 

Disk  area _ 

Area  of  1  blade _ _ 

total  blade  area 


Solidity, 


Disk  area 


Gottingen  429. 
1,590  square  feet. 
38.6  square  feet. 

0.0976. 


Figure  2. — Geometrical  characteristics  of  the  PCA-2  autogiro  rotor. 


Force  tests  were  made  by  the  following  procedure: 
The  wind-tunnel  control  was  set  for  the  lowest  air 


speed,  the  angle  of  attack  was  adjusted  so  the  rotor 
operated  steadily  at  a  desired  rotor  speed,  and  the 


operation  the  readings  of  all  the  scales  were  mechani- 
callv  recorded  and  visual  readings  were  taken  of  rotor 
speed,  rotor  angle  of  attack,  and  air-stream  dynamic 


(a)  Protuberances  exposed. 

(b)  Protuberances  faired. 

Figure  3.— Protuberances  on  PCA-2  autogiro  rotor  blade. 

pressure.  In  order  to  compute  true  air  speed,  the 
air  temperature,  barometric  pressure,  and  wet-  and 
dry-bulb  temperatures  were  obtained  by  visual  ob¬ 
servations  at  intervals  during  the  test. 
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Figure  4.— PCA-2  autogiro  rotor  characteristics,  0=3.0°,  pitch  setting  =  1.9°,  Ar=100 
p.  m.,  protuberances  faired  and  exposed. 


Figure  6. — PCA-2  autogiro  rotor  characteristics,  0=3.7°,  pitch  set- 
ting=l,9°,  AT=140  r.  p.  m.,  protuberances  faired  and  exposed. 


Tip -speed  ra  iio,  /U 

Figure  5.— PCA-2  autogiro  rotor  characteristics,  0=3.2°,  pitchsetting=1.9°,  Ar=120 
r.  p.  m.,  protuberances  faired  and  exposed. 


Figure  7.— PCA-2  autogiro  rotor  characteristics,  0=4.0°,  pitch  setting=1.9°, 
AT=150  r.  p.  m.,  protuberances  faired  and  exposed. 
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Figure  8—  PCA-2  autogiro  rotor  characteristics  with  protuberances 
faired,  pitch  setting=0.8°. 


Figure  10. —  PCA-2  autogiro  rotor  characteristics  with  protuberances 
faired,  pitch  setting=2.7°. 


Figure  9. — PCA-2  autogiro  rotor  characteristics  with  protuberances  faired, 

pitch  setting  =  1.9°. 


The  highest  angle  of  attack  at  which  it  was  possible 
to  test  the  rotor  in  the  wind  tunnel  was  limited  in  some 
cases  by  the  fact  that  the  tunnel  cannot  he  operated 
below  23  miles  per  hour  and  in  other  cases  by  the  jet 
size.  At  the  highest  angle  of  attack  (26°  uncorrected), 
the  blade  tips  were  3.6  feet  and  5.9  feet  from  the  top 
and  bottom  boundaries  of  the  jet,  respectively.  The 
lowest  angle  of  attack  at  which  the  rotor  could  be 
tested  wTas  limited  by  the  highest  air  speed  available, 
1 19  miles  per  hour,  with  the  rotor  in  the  jet. 

Air-flow  surveys  were  made  in  a  plane  approximately 
parallel  to  and  about  1)4  feet  above  the  circle  described 
by  the  blade  tips.  The  apparatus  and  method  used 
are  described  in  reference  4,  except  that  angles  were 
measured  by  the  pressure  method  instead  of  hv  the 
null,  or  alinement,  method. 

When  the  pitch  setting  of  the  rotor  blades  was 
changed  it  was  adjusted  within  0.1°  with  a  level 
protractor.  In  order  to  check  the  track  of  the  blades, 
the  rotor  was  run  and  a  paint  brush  was  lowered  onto 
the  rotor  from  above  until  the  high  blades  were  marked. 
Indicated  adjustments  were  then  made  and  the  process 
repeated  until  the  rotor  operated  smoothly  as  indi¬ 
cated  by  the  steadiness  of  the  balance  scales.  When 
the  rotor  operation  was  considered  satisfactory,  the 
blade  tips  tracked  to  within  about  1%  inches. 

RESULTS 

The  results  of  the  tests  are  contained  in  tables  I  to 
IV  and  figures  4  to  17,  inclusive.  All  data  have  been 
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corrected  for  jet-boundary  and  blocking  effect;  in 
addition,  the  drag  of  the  rotor  hub  was  measured 
with  the  blades  removed  and  subtracted  from  the 
rotor  drag. 

It  will  be  noted  that  the  nominal  pitch  angle,  repre¬ 
sented  by  the  symbol  0,  differs  from  the  pitch  setting 
noted  on  each  figure  and  is  not  constant  at  a  given 
pitch  setting.  The  nominal  pitch  angle  is  flic  pitch 
angle  of  the  tip  of  the  rotor  blade  under  operating 
conditions  and  the  pitch  setting  is  the  pitch  angle  at 
the  tip  of  the  rotor  blade  when  at  rest.  The  difference 
between  flic  two  is  the  dynamic  twist,  arising  because 
the  component  of  centrifugal  force  normal  to  the  rotor 
blade  is  applied  aft  of  the  blade  center  of  pressure; 
the  couple  resulting  from  these  two  forces  is  within 
small  limits  proportional  to  the  thrust,  so  the  dynamic 
twist  also  varies  with  the  thrust.  Flight  tests  on  the 
PCA-2  rotor  established  the  fact  that  the  dynamic 
twist  is  about  0.89°  at  the  tip  for  1,000  pounds  thrust, 
and  the  nominal  pitches  assigned  to  the  different  runs 
made  in  the  wind-tunnel  tests  were  determined  from 
this  relation,  employing  the  average  thrust  obtained 
at  a  given  rotor  speed. 


Figures  4  to  7  show  the  influence  on  the  Z/77  and 
angle  of  attack  of  the  rotor  resulting  from  fairing  the 
blade  protuberances  shown  in  figure  3,  the  results  being 
presented  for  one  pitch  setting  and  for  several  rotor 
speeds.  Figures  8  to  10  show  the  influence  of  a  change 
in  the  pitch  setting  of  the  rotor,  curves  being  shown  on 
each  figure  for  different  designated  rotor  speeds.  Ex¬ 
perimental  points  have  been  omitted  on  figures  8  to  10 
because  the  curves  are  so  close  together  that  confusion 
would  have  resulted  had  they  been  included.  The 
quantity  and  dispersion  of  the  test  points  arc,  how¬ 
ever,  the  same  for  these  figures  as  for  figures  4  to  7. 

In  figures  11  to  13  are  presented  vector  sheaves  for 
the  three  pitch  settings  tested.  The  accidental  errors 
in  the  measurements  of  aerodynamic  moments  were  as 
large  as  or  larger  than  the  differences  caused  by  varying 
the  rotor  speed.  For  this  reason,  the  average  value  of 
the  moment  coefficients  obtained  at  different  rotor 
speeds  was  used  to  construct  the  vector  sheaves. 

Figures  14  and  15  contain  the  contour  maps  of  the 
downwash  angles  measured  in  a  plane  about  iy2  feet 
above  the  tips  of  the  rotor  blades,  and  figures  1G  and  17 
show  the  contour  maps  of  the  yaw  angles  measured  in 
the  same  plane. 
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I'Igure  11.— Vector  sheaf  of  PCA-2  autogiro  rotor, 
pitch  setting=0.8° 

71946 — 36— — 13 


Figure  12— Vector  sheaf  of  PCA-2  autogiro  rotor, 
pitch  setting=1.9°. 


Figure  13.— Vector  sheaf  of  PCA-2  autogiro  rotor, 
pitch  setting=2.7°. 
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PRECISION 

The  relation  between  blade  pitch  angle  and  rotor 
thrust  that  was  used  in  assigning  values  of  nominal 


Figure  14. — Downwash  angle  distribution  over  disk  of  PCA-2  autogiro 
rotor,  *4=0.294,  Ar=120  r.  p.  m.,  pitch  setting=1.9°. 


ascribed  to  the  following  possible  causes:  Failure  to 
obtain  steady  conditions  on  the  rotor  before  taking 

w  o 

readings,  fluctuations  in  the  dynamic  pressure  and 
rotor  speed  as  readings  were  taken,  and  observational 


Air  direction 

r 


Figure  10.— Induced  yaw  distribution  over  disk  of  PCA-2  autogiro 
rotor,  *1=0.294,  Ar=120  r.  p.  m.,  pitch  setting  =  1.9°. 


pitch  angle  to  the  various  curves  presented  herein  was 
established  by  photographic  studies  of  the  rotor  in 
flight.  The  precision  of  the  results  so  obtained^was 
sufficient  to  determine  the  proportionality  between  the 


errors  in  reading  the  dynamic  pressure  and  rotor  speed. 
The  number  of  experimental  points  is,  however,  suffi¬ 
cient  to  reduce  the  accidental  error  in  the  faired  curves 
of  the  figures  to  a  negligible  value. 


Air  direction 

r 
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Figure  15.— Downwash  angle  distribution  over  disk  of  PCA-2  autogiro 
rotor,  <4=0.448,  Ar=115  r.  p.  m.,  pitch  setting  =  1.9°. 


Figure  17. — Induced  yaw  distribution  over  disk  of  PCA-2  autogiro 
rotor,  *4  =  0.448,  Ar=115r.  p.  m.,  pitch  setting  =  1.9°. 


thrust  and  dynamic  twist  to  within  about  10  percent, 
and  the  nominal  pitch  is  considered  accurate  to  within 
±0.2°. 

The  accidental  errors  disclosed  by  the  dispersion  of 
the  experimental  points  in  figures  4  to  7  may  be 


Consistent  errors  in  the  results  may  be  considered  as 
arising  only  from  the  blocking  and  jet-boundary  cor¬ 
rections  applied  to  the  measured  coefficients.  Tare 
forces  were  so  small  a  percentage  of  measured  forces 
that  they  may  be  neglected  in  this  consideration.  The 
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blocking  correction,  necessitated  by  the  disturbance  of 
the  uniform  velocity  distribution  across  the  jet  by  a 
body  in  the  jet,  was  determined  by  velocity  surveys 
across  the  wind-tunnel  return  passage  accurately 
enough  to  insure  dynamic  pressure  being  correct 
within  ±1  percent.  The  jet-boundary  correction  was 
applied  as  in  reference  6,  the  value  of  the  correction 
factor  5  being  assumed  equal  to  that  for  an  airfoil  of 
span  equal  to  the  rotor  diameter.  It  is  recognized 
that  the  trailing  vortices  behind  the  rotor  are  in  all 
probability  essentially  different  in  distribution  from 
those  behind  a  wing,  but  this  discrepancy  may  be  cor¬ 
rected  by  using  a  slightly  different  equivalent  span  for 
the  rotor.  The  value  of  5  is,  however,  almost  constant 
for  all  wing  spans  between  35  and  45  feet  and,  since  the 
rotor  diameter  is  45  feet,  this  value  of  the  span  was 
used  to  determine  5. 

Unfortunately,  no  quantitative  value  could  be  as¬ 
signed  to  the  correction  that  should  be  applied  to  the 
measured  downwash  angles  at  different  stations  along 
the  chord  of  the  rotor  disk.  Studies  of  this  question, 
soon  to  be  published,  indicated  that  in  this  case  the  cor¬ 
rection  would  be  less  than  10  percent  of  the  measured 
value  of  the  downwash  angle  at  the  trailing  edge  of  the 
disk,  or  less  than  1  °,  and  the  correction  would  be  zero 
near  the  transverse  diameter  of  the  disk.  Because 
quantitative  information  was  lacking,  no  correction 
was  made  to  the  survey  results  except  the  subtraction 
of  a  constant  value  equal  to  the  jet-boundary  effect  on 
angle  of  attack.  The  contours  shown  are  thought  to 
be  within  1  foot  of  their  correct  position. 

The  vector  sheaves  shown  in  figures  11  to  13  include 
errors  in  both  the  moment  and  lift  coefficients.  The 
relative  magnitudes  of  the  coefficients  and  the  number 
of  experimental  points  are  such,  however,  that  the 
position  of  each  vector  is  determined  to  within  ±  % 
inch. 

The  following  table  summarizes  the  precision  of  the 
results  arrived  at  from  the  previous  discussion: 


CL -  ± 2  percent. 

UD -  ±4  percent. 

Cy -  ±8  percent. 

a -  ±0.2°. 

m -  ± 2  percent. 

A -  ±0.5  percent. 

Ci -  ±20  percent. 

('i 

- -  ±20  percent. 

Vectors -  ±14  inch. 

Contours - -  ±  l  foot. 


DISCUSSION 

Change  of  nominal  pitch  angle  with  thrust. — The 

importance  of  assigning  the  correct  nominal  pitch 
angle  to  each  run  made  in  the  tunnel  tests  lies  in  the 
sensitivity  of  the  fundamental  parameters  of  the  rotor 
to  small  changes  in  pitch.  The  data  obtained  in  these 
tests  were  intended  primarily  for  analytical  purposes 


and,  lor  this  reason,  every  effort  was  made  in  prelim¬ 
inary  flight  tests  to  establish  definitely  the  relations 
governing  the  changes  in  pitch  with  the  rotor  operating 
conditions.  It  is  thought  that  the  accurate  determi¬ 
nation  of  the  pitch  angle  eliminates  a  major  source  of 
discrepancies  in  the  data  which  otherwise  might  occur 
j  during  analysis. 

Effect  of  blade  protuberances. — The  influence  of 
protuberances  on  the  blade  is  demonstrated  in  figures 
4  to  7.  It  is  seen  from  figure  3  that  the  fairings 
employed  could  not  entirely  eliminate  the  drag  caused 
by  the  blade  fittings,  but  the  reduction  in  rotor  drag 
due  to  the  fairings  amounted  to  about  15  pounds  for 
a  3,000-pound  machine,  or  about  4  horsepower  required 
at  100  miles  per  hour.  Although  it  was  necessary  to 
obtain  some  information  concerning  the  protuberance 
drag  in  order  to  evaluate  the  drag  caused  by  the  re¬ 
mainder  of  the  rotor,  the  results  are  of  minor  practical 
importance  because  of  the  current  trend  toward  the  use 
of  cantilever  blades  with  no  protuberances. 

Effect  of  rotor  speed  and  pitch  angle. — Figures  8 
to  10  illustrate  the  change  in  rotor  characteristics 
with  rotor  speed  and  pitch  setting.  It  is  shown  that 
at  a  constant  pitch  setting  and  tip-speed  ratio  there 
is  a  small  but  consistent  increase  of  lift  coefficient  as 
the  tunnel  speed  and  rotor  speed  increase.  The  change 
in  LII)  is  not  absolutely  consistent  but  appears  to  be 
an  increase  at  low  tip-speed  ratios,  culminating  in  a. 
higher  maximum  and  falling  off  more  rapidly  after  the 
peak,  as  the  rotor  speed  increases.  The  angle  of  attack 
also  changes  with  rotor  speed.  Figure  8  shows  a  fairly 
consistent  decrease  in  this  quantity  at  a  given  tip- 
speed  ratio  as  the  rotor  speed  increases. 

The  effect  of  pitch  setting  on  rotor  characteristics 
may  be  ascertained  by  a  comparison  of  figures  8,  9, 
and  10.  At  a  given  tip-speed  ratio  it  is  seen  that  the 
lift  coefficient  and  LjD  increase  with  the  pitch  setting, 
though  there  is  a  small  difference  between  the  LjD  in 
figure  8  and  in  figure  10.  The  pitch  setting  does  not 
change  the  tip-speed  ratio  at  which  maximum  Z//> 
occurs,  this  value  of  /u  being  approximately  0.35  for 
all  blade  settings. 

By  reference  to  the  increase  in  rotor  lift  coefficient 
and  change  in  Z/7>  with  rotor  speed,  it  is  found  that 
the  variations  can  be  explained  as  a  result  of  an  increase 
in  nominal  pitch  angle,  caused  in  turn  by  the  increase 
in  thrust  at  greater  rotor  speeds.  Evidence  supporting 
this  statement  is  afforded  by  the  change  in  the  positions 
of  the  envelopes  of  the  CL  and  L/D  curves  in  figures  8, 
9,  and  10  corresponding  to  definite  changes  in  the 
pitch  setting,  the  variation  of  the  same  characteristics 
:  with  rotor  speed  being  closely  parallel. 

Vector  sheaves. — The  resultant  force  vectors  of  the 
rotor  are  projected  upon  the  longitudinal  and  lateral 
planes  containing  the  rotor  axis  in  figures  11  to  13, 
each  figure  presenting  average  results  for  one  pitch 
!  setting.  The  projections  of  the  vectors  in  the  longi- 
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tudirial  plane  in  each  figure  move  forward  with  de¬ 
creasing  tip-speed  ratio  to  a  maximum  distance  from 
the  axis  at  a  tip-speed  ratio  of  approximately  0.3. 
This  type  of  variation  is  probably  a  consequence  of  the 
lag  of  the  blade  flapping  behind  the  forces  causing  it, 
although  present  knowledge  of  the  mechanics  of  the 
rotor  is  too  meager  to  explain  the  center-of-pressure 
movement  in  detail. 

The  recession  of  the  force  vectors  from  the  axis  of 
rotation  in  a  lateral  direction  as  the  tip-speed  ratio 
increases  can  be  reasonably  interpreted.  As  the  asym¬ 
metry  of  the  rotor,  represented  by  the  tip-speed  ratio, 
increases,  the  equalization  of  lift  on  opposite  sides  of 
the  plane  of  symmetry  becomes  more  difficult  and  is 
less  completely  accomplished,  causing  a  shift  in  the 
center  of  pressure  almost  proportional  to  the  tip-speed 
ratio. 

Velocity  surveys. — The  downwash-angle  contours 
shown  in  figures  14  and  15  have  several  points  of  inter¬ 
est.  There  is  an  increase  in  downwasli  angle  in  passing 
from  the  leading  to  the  trailing  edge  of  the  disk  along 
the  plane  of  symmetry,  which  is  in  agreement  with  the 
expected  variation  for  a  lifting  surface  of  such  large 
chord  and  low  aspect  ratio.  The  downwasli  also  shows 
a  peak  occurring  just  aft  of  the  transverse  position  of 
the  retreating  blade  and  a  decreased  downwasli  where 
the  velocity  over  the  retreating  blade  is  reversed. 
These  conditions  are  consistent  with  the  large  flapping 
motion,  leading  to  high  angles  of  attack,  of  the  trans¬ 
verse  retreating  blade  and  the  poor  flow  conditions  in 
the  reversed  velocity  region.  Also  noteworthy  is  the 
upfiow  in  both  forward  quarters  of  the  disk,  near  its 
edge. 

The  induced  yaw  angles  plotted  in  figures  16  and  17 
disclose  little  of  interest.  In  figure  16  there  is  a  pro¬ 
nounced  yaw  away  from  the  plane  of  symmetry  on  the 
aft  part  of  the  disk,  but  this  phenomenon  is  not 
exhibited  on  figure  17,  made  at  a  greater  tip-speed 
ratio.  No  satisfactory  explanation  of  this  peculiar 
flow  has  been  obtained. 


CONCLUSIONS 

1.  The  aerodynamic  characteristics  of  the  PCA-2 
autogiro  rotor  change  with  rotor  speed  and/or  thrust. 

2.  The  existence  of  a  blade  twist  proportional  to 
thrust  explains  the  change  in  rotor  characteristics  with 
thrust. 

3.  The  maximum  Ljl)  of  the  rotor  cannot  be  appre¬ 
ciably  increased  by  increasing  the  pitch  angle  above 
approximately  4.5°  at  the  blade  tip. 

4.  The  drag  of  protuberances  on  the  rotor  blade  is 
an  appreciable  percentage  of  the  total  rotor  drag, 
being  more  than  5  percent  on  the  PCA-2  blades. 

5.  Lateral  and  longitudinal  center-of-pressure  travel 
is  very  small,  being  less  than  2  inches  in  the  plane  of 
the  rotor  disk. 

6.  Pronounced  variations  in  downwasli  exist  at 
certain  portions  of  the  rotor  disk. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  October  12,  1934- 
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TABLE  I.— PITCH  SETTING  *=  1.9°,  PROTUBERANCES 

EXPOSED 


Tip- 

speed 

ratio 

a 

Angle 

of 

attack 

O 

Cl 

Lift 

coeffi¬ 

cient 

Cn 

Drag 

coeffi¬ 

cient 

LID 

Lift- 

drag 

ratio 

N 

Rotor 

speed 

r.p.m. 

c, 

Rolling- 

moment 

coefficient 

Cm 

Pitching- 

moment 

coefficient. 

Cr 

Lateral- 

force 

coeffi¬ 

cient 

0. 133 

18.7 

0.  605 

0.  228 

2.  65 

98.  3 

0.001574 

0.  000130 

0.0131 

.  134 

18.8 

.  597 

.226 

2.  64 

97.5 

.001242 

-. 000103 

.0130 

.  169 

13.0 

.423 
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3.  68 

98.8 

.  001287 
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.0102 

.  136 

18.6 

.  601 

.  223 

2.69 

109.2 

.  001845 

.  000028 

.0077 

.  148 

16.  1 

.540 

.  176 

3.  07 

119.7 

.  002695 

.  000756 

.  0036 

.  148 

16.0 

.547 

.  177 

3.  09 

119.2 

.  C01653 
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.  0036 
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.  0559 
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8.8 

.335 

.0593 

5.  65 

132.8 

.000941 

.  000243 
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.  000045 
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.  160 
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.  000565 

0 
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117.6 

.  000455 

.  000073 

.0034 

.224 

7.8 

.  268 

.0492 

5.  44 

137.3 

.  000580 

.  000061 

.0041 
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.  266 
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.  000832 
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.0042 

.  199 
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.  351 
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.  000721 

.  000070 
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.201 

9.7 

.349 
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.341 
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98.0 
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.  000055 
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.  000045 
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.299 

4.7 

.  1350 

.0212 

6.  37 
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.  000386 

.  000059 
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.310 

4.7 

.  1309 

.0204 

6.42 

1  IS.  1 

.  000256 

.  000047 

.  0026 

.246 

6.4 

.  2185 

.  0368 

5.  94 

138.  5 

.  000439 

.  000042 

.  0039 

.249 

6.5 

.215 
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137.6 

.  000492 

.  000090 
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.226 

7.8 

.275 

.0500 

5.  50 

147.7 

.  000723 
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.0044 

.224 

7.8 

.279 
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5.  48 

•148.6 

. 000098 

.  000079 

.0044 

.312 

4.4 

.  1229 

.  0190 

6.47 

118.  5 

.  000282 

-.  000005 

.0025 

.262 

6.0 

.  1924 

.0315 

6.  11 

137.6 

.  000484 

.  000072 

.0038 

.236 

7.0 

.  250 

.  0438 

5.71 

146.5 

.  000744 

.000102 

.0041 

.  386 

3.4 

.  0737 

.0110 

6.  70 

98.0 

.  000159 

.000011 

.0011 

.335 

4.0 

.  1050 

.  0160 

6.56 

119.  7 

.  000278 

.  000036 

.0020 

.278 

5.3 

.  165 

.  0263 

6.  27 

138.  5 

.000512 

.  000091 

.0033 

.257 

6.  1 

.207 

.0338 

6. 12 

147.4 

.  000585 

.  000081 

.  0035 

.414 

3.0 

.  0638 

.0109 

5. 85 

97.5 

.000410 

.000016 

.0009 

.343 

3.9 

.  1004 

.0154 

6.  52 

121.4 

.  000448 

.000049 

.0020 

.292 

4.8 

.  1496 

.  0226 

6.  61 

138.  5 

.  000329 

.  000026 

.0030 

.270 

5.6 

.  184 

.0289 

6.37 

146. 1 

.  000515 

.  000075 

.  0030 

.421 

2.9 

.  0624 

.  0095 

6.  58 

99.  2 

.  000258 

.  000038 

.0309 

.374 

3.4 

.0825 

.0124 

6.  65 

117.  1 

.000319 

.  000029 

.0014 

.308 

4.5 

.  1335 

.0200 

6.  68 

138.  5 

.  000397 

.  000046 

.0027 

.284 

4.8 

.  166 

.  0253 

6.  56 

146.9 

.  000456 

.  000056 

.0029 

.449 

2.6 

.  0534 

.0082 

6.51 

98.3 

.  000081 

.  000054 

.0007 

.382 

3.3 

.0786 

.0121 

6.  59 

119.  7 

.  000317 

.  000049 

.0015 

.326 

4.0 

.1177 

.0173 

6.80 

136.8 

.000416 

.  000062 

.  0023 

.464 

2.4 

.0489 

. 00777 

6.  29 

98.8 

.  003050 

.000048 

.0006 

.412 

2.8 

.  0652 

.0100 

6.  52 

117.  1 

.  000257 

.  000046 

.0010 

.342 

3.7 

.  0984 

.0161 

6.  11 

139.2 

.  000377 

.  000050 

.  0021 

.318 

4.0 

.1201 

.0191 

6.  29 

147.4 

.  000426 

.  000067 

.  0022 

.490 

2.  1 

.  0444 

. 00712 

6.  24 

98.8 

.000144 

.  000019 

.0005 

.414 

2.9 

.  0657 

.0101 

6.  50 

121.4 

.  000339 

.  000027 

.0012 

.356 

3.4 

.  0955 

.  0140 

6. 82 

139.2 

.000137 

.  000020 

.0018 

.329 

3.8 

.  1176 

.0174 

0.  75 

14.8.2 

.  000525 

.  000082 

.0021 

.512 

2.  1 

.0390 

.  00662 

5.89 

98.8 

.  000099 

.  000032 

.0004 

.443 

2.7 

.  0562 

.  00897 

6.  26 

119.  7 

.  000259 

.  000024 

.0009 

.379 

3.  1 

.0839 

.0123 

6.82 

138.5 

.  000268 

.  000008 

.0015 

.352 

3.5 

.  1013 

.  0148 

6.84 

147.4 

.  000429 

.  000047 

.0019 

.535 

2.0 

.0371 

. 00630 

5.  89 

99.7 

.  000150 

.  000015 

.  0003 

.494 

2.3 

.0439 

.00718 

6.  11 

117.6 

.  000094 

.  000012 

.  0006 

.  405 

2.9 

.0718 

.0110 

6.  53 

141.7 

.  00034S 

.  000042 

.  0014 

.375 

3.0 

.  0885 

.0132 

6.  70 

152.  3 

.  000553 

-.  CO 3004 

.0015 

.584 

1.9 

.0317 

.  00562 

5.  66 

99.7 

.  000298 

.  000033 

.0004 

.637 

1.8 

.0284 

.00514 

5.  57 

98.8 

.  000289 

.000018 

.0002 

.517 

2. 1 

.0403 

.  00680 

5. 93 

120.  5 

.  000129 

.  000018 

.0005 

.440 

2.5 

.  0588 

.  00897 

6.  CO 

140.9 

.  000278 

.  000030 

.0010 

.412 

2.7 

.0707 

.01050 

6.  73 

149.0 

.  000471 

.  OCOOOS 

.0013 

.  593 

1.8 

.  0305 

.  00538 

5.  75 

114.  7 

.  000009 

.  000015 

.0003 

.493 

2.  1 

.  04'  ' 

.  00749 

6.  23 

137.7 

.  000229 

.  000022 

.  0005 

.  705 

1.4 

.02-k) 

.  00454 

5.  33 

97.  1 

.  000149 

.  000033 

.0001 

.608 

1.  6 

.  0303 

.  00546 

5.  61 

120.  5 

.  000198 

.  000034 

.0003 

.520 

1.7 

.  0418 

.  00678 

6.  15 

140.  9 

.  000287 

.  000050 

.  0005 

.722 

1.  2 

.0234 

.  00459 

5.  09 

102.  1 

. 000218 

.  000025 

.0002 

TABLE  II— PITCH  SETTING  =  0.8°,  PROTUBERANCES 

FAIRED 


Tip- 

speed 

ratio 

a 

Angle 

of 

attack 

O 

Cl 

Lift 

coeffi¬ 

cient 

Cn 

Drag 

coeffi¬ 

cient 

o'5  T 

N 

Rotor 
speed 
r.  p.  m. 

Ci 

R  olling- 
moment 
coefficient 

Cm 

Pitchlng- 

mcment 

coefficient 

Cr 

Lateral- 

force 

coeffi¬ 

cient 

0. 124 

19.7 

0.  509 

0. 199 

2.  56 

111.3 

0.  001684 

0.000174 

0.  0055 

.124 

19.7 

.508 

.  197 

2.  58 

111.3 

.  001348 

-.000128 

.  0058 

.125 

19.6 

.519 

.  199 

2.61 

124.6 

. 001455 

.  0006C6 

.  0018 

OF  A  PCA-2  AUTOGIRO  ROTOR  187 


TABLE  II.— PITCH  SETTING  =  0.8°,  PROTUBERANCES 
FAIRED- — Continued 


Tip- 

speed 

ratio 

a 

Anide 

of 

attack 

o 

Cl 

Lift 

coeffi¬ 

cient 

Cr> 

Drag 

coeffi¬ 

cient 

LID 

Lift- 

drag 

ratio 

N 

Rotor 
speed 
r.  p.  m. 

Ci 

Rolling- 

moment 

•oefficient 

Cm 

Pitching- 

moment, 

coefficient 

Cr 

Lateral- 

force 

coeffi¬ 

cient 

0. 125 

19.6 

0.515 

3. 198 

2.60 

124.3 

0.001088 

000156 

0015 

.  136 

17.2 

.460 

.  155 

2. 97 

119.7 

.  001500 

.  000228 

0024 

.  136 

17.3 

.456 

.  155 

2.94 

120.0 

.  001300 

.  000085 

002 1 

.  126 

19.  1 

.559 

.  187 

2.99 

151.5 

.  001516 

.000015 

002Q 

.  126 

19.  1 

.  558 

.  188 

2.  97 

151.5 

.  001386 

.  000009 

0027 

.  127 

19.0 

.533 

.  188 

2.  83 

139.  1 

.  001875 

.  000299 

0001 

.  127 

19.0 

.535 

.  190 

2.81 

138.9 

.  001742 

.  000150 

0007 

.  170 

12.7 

.311 

.  0806 

3.86 

121.0 

.001196 

.000154 

0022 

.170 

12.7 

.312 

.0808 

3.  86 

120.  5 

. 000072 

.  000023 

0033 

.  159 

13.9 

.371 

.  102 

3.  64 

136.  8 

.  000869 

.  0C0056 

0000 

.  157 

13.8 

.378 

.  103 

3.67 

136.8 

.  000920 

.000121 

0008 

.  126 

19.  1 

.  563 

.  189 

2.98 

151.5 

.  001959 

.  000203 

0021 

.  125 

19.  1 

.561 

.  189 

2.97 

151.5 

.  001529 

.  000125 

0024 

.  199 

10.4 

.234 

.0526 

4.  45 

119.  2 

.  00085.3 

.  000132 

0031 

.  197 

10.4 

.235 

.  0526 

4.47 

118.9 

. 000563 

.  000052 

0030 

.224 

8.8 

.185 

.  0373 

4.  96 

118.9 

.  000487 

.000117 

0021 

.226 

8.8 

.  183 

.  0369 

4.96 

119.  2 

.000394 

.  000079 

0023 

.  186 

11. 0 

.278 

.  0636 

4.37 

136.8 

.000512 

.  000057 

.  0015 

.  186 

11.0 

.278 

.  0632 

4.  40 

136.  4 

.  000359 

-.  000029 

0017 

.  144 

15.7 

.459 

.  127 

3.6! 

156.8 

.  001094 

.  000088 

0029 

.  143 

15.7 

.463 

.  129 

3.59 

157.2 

.  001089 

.  000075 

0030 

.  172 

12.  1 

.341 

.  07S4 

4.35 

158.0 

.001137 

.  000277 

0012 

.  171 

12.  1 

.348 

.  0792 

4.40 

158.4 

.000813 

.  000071 

0016 

.208 

9.4 

.228 

.0465 

4.90 

140.4 

.001001 

.  000381 

0011 

.207 

9.4 

.228 

.  0465 

4.90 

140.4 

.  000827 

.  000294 

0012 

.254 

7.4 

.  1429 

.  0262 

5.  46 

119.2 

.  000254 

.  000052 

.  0016 

.  255 

7.4 

.1412 

.  0259 

5.  46 

119.7 

.  000310 

.  000088 

0014 

.280 

6.5 

.  1156 

.  0201 

5.  74 

119.2 

.  000242 

.  000074 

0010 

.281 

6.5 

.  1138 

.  0198 

5.  74 

118.9 

.  000239 

.  000092 

.  0009 

.  238 

7.8 

.  1677 

.  0309 

5.4.3 

137.  2 

.  000854 

.  000383 

.  0008 

.239 

7.8 

.  1678 

.0311 

5.40 

136.  8 

.  000751 

.  000334 

.0010 

.200 

9.6 

.256 

.0515 

4.97 

155.5 

.  000365 

.  000153 

.  0002 

.200 

9.6 

.  255 

.  0518 

4.92 

155.  5 

.  000682 

.000155 

.0006 

.216 

8.5 

.219 

.  0412 

5.31 

1 50.  4 

.  000225 

.  000099 

.  0002 

.216 

8  5 

.221 

.0416 

5.31 

158.9 

.000173  | 

.  000100 

.  0002 

.257 

7.0 

.  1442 

.  0255 

5.  65 

138.  5 

. 000970 

.  000399 

.  0007 

.257 

7.0 

.  1446 

.  0255 

5.67 

138.  5 

.  000543 

,  000270 

.  0009 

.304 

5.8 

.  0982 

.  0166 

5.91 

118.9 

.  000163 

.  000070 

.  0007 

.303 

5.8 

.0971 

.  0165 

5.  89 

119.7 

.  000279 

.  000103 

.  0097 

.320 

5.4 

.  C859 

.  0142 

6.  05 

118.9 

.  000C86 

.  000046 

.0005 

.322 

5.4 

.0844 

.0140 

6.  03 

118.0 

.000010 

- .  000001 

.0007 

.269 

6.7 

.  1321 

.0228 

5.  80 

138.4 

.  000656 

.  000272 

.  0007 

.265 

6.7 

.  1356 

.  0237 

5.  72 

138.  9  ! 

.  000542 

.  000287 

.  0006 

.227 

8.  1 

.1981 

.  0366 

5.41 

157.2 

.000115 

.  000039 

.  0002 

.229 

8.1 

.  1959 

.  0363 

5.  40 

156.3 

.  000256 

.  000098 

.  0002 

.248 

7.2 

.  1633 

.0288 

a.  67 

157.2 

.  000364 

.  000130 

.  0004 

.247 

7. 1 

.  1651 

.  0291 

5.  68 

157.2 

.000291 

.000146 

.  0004 

.  289 

6.0 

.1115 

.  0186 

5.96 

137.  6 

.  000308 

. 000275 

.0004 

.289 

6.0 

.  1124 

.  0191 

5.  89 

137.  6 

.  000574 

. 000230 

.  0006 

.339 

5.2 

.  0765 

.0126 

6.07 

119.2 

.000115 

.  000045 

.0005 

.339 

5.2 

.  0757 

.0127 

5. 96 

119.2 

0 

.  000003 

.  0006 

.356 

4.8 

.  0693 

.0114 

6.  08 

119.2 

. 000223 

.  00C074 

.0004 

.355 

4.  8 

.  0691 

.0113 

6. 11 

119.2 

. 000166 

.  000044 

.0004 

.289 

5.8 

.1129 

.  0189 

5.  97 

141.6 

. 000665 

.  000229 

.0006 

.291 

5.8 

.1107 

.0183 

6.  05 

141.3 

.000617 

.  000222 

.  0006 

.256 

6.7 

.  1522 

.  0260 

5.  86 

156.8 

.  000365 

.  000123 

.0004 

.256 

6.7 

.  1529 

.  0261 

5.  86 

156.3 

.  000272 

.  000072 

.  0005 

.266 

6.3 

.  1407 

.  0236 

5.  96 

159.  7 

.  C00218 

.  000091 

.  0(06 

.268 

6.3 

.  1389 

.0232 

5.  99 

158.  0 

.000419 

.  000103 

.  0005 

.315 

5.3 

.0941 

.0153 

6.  15 

137.6 

.  000525 

.  000235 

.0003 

.313 

5.3 

.  0940 

.0154 

6. 10 

138.4 

.  000536 

.  000234 

.0003 

.373 

4.6 

.0614 

.0101 

6.08 

118.9 

.  000086 

.  000043 

.0003 

.378 

4.6 

.  0596 

.  00993 

6.00 

118.0 

. OOOC95 

.  000050 

.  0003 

.390 

4.4 

.0570 

. 00933 

6.  10 

119.2 

.  000098 

.  OOOC24 

.  0003 

.  387 

4.3 

.0577 

.  00945 

6.  10 

120.0 

.000137 

.  000070 

.0003 

.331 

5.  0 

.  0826 

.0132 

6.  26 

138.4 

.  000204 

.  0C00C4 

.  0005 

.330 

5.0 

.0830 

.  0133 

6.  24 

138.4 

.  000282 

.  000089 

.  0005 

.287 

5.8 

.1191 

.0190 

6.27 

156.  3 

.  000364 

.  000071 

.  0005 

.286 

5.7 

.  1196 

0189 

6.  33 

156.3 

.  000309 

.  000098 

.0004 

.302 

5.3 

.1088 

.0170 

6.40 

158.0 

.  000223 

.  000067 

.0005 

.300 

5.3 

.1081 

.0173 

6.  25 

158.9 

.  000349 

.000112 

.  0003 

.358 

4.6 

.0702 

.0115 

6. 10 

136. 4 

.000165 

.  00C055 

.0004 

.354 

4.6 

.0710 

.0117 

6.07 

136.  8 

.000128 

.000019 

.  0006 

.412 

4.0 

.0499 

. 00830 

6.  02 

118.9 

. 000067 

.000043 

.0002 

.412 

4.0 

.0493 

.00819 

6.  02 

118.9 

.  000001 

.  000026 

.  0001 

.439 

3.9 

.0433 

. 00725 

5.  98 

117.2 

.  000078 

.  000025 

.  0001 

.438 

3.9 

.0442 

. C0753 

5.88 

117.  2 

.  C00043 

.  C00057 

.  0(01 

.364 

4.4 

.  0678 

.0110 

6. 16 

138.9 

.  C00218 

.  000034 

.  C005 

.  365 

4.4 

.0668 

.  0109 

6. 13 

138.4 

.  000234 

.  C0C075 

.  0003 

.320 

5.0 

.  0924 

.0143 

6. 46 

155.  5 

.  000195 

.  G0C050 

.0004 

.321 

5.0 

.0902 

.0142 

6.  35 

154.8 

. 000263 

.  CC0072 

.  coot 

.331 

4.6 

.  0867 

.0135 

6.42 

158.0 

.000313 

.  000080 

.0003 

.333 

4.6 

.0853 

.0132 

6.  46 

156.3 

. 000365 

.  000068 

.  0004 

.382 

4.2 

.0608 

.0100 

6.  08 

138.4 

. 000276 

.  000059 

.  0003 

.381 

4.2 

.  0609 

.0100 

6.  09 

138.4 

. 000147 

.  000040 

. (003  | 

.451 

3.8 

.0416 

.00711 

5.  85 

118.9 

.000147 

.  0CO031 

.  0001 

.453 

3.8 

.0405 

.00691 

5.  86 

118. 1 

. 000008 

.  000026 

0 

.494 

3.6 

.0352 

. 00620 

5.  08 

118.5 

.  000069 

.  000021 

.0003 

.490 

3.6 

.  0359 

.  00624 

5.  75 

119.7 

.000120 

.000016 

0 

.  411 

4.  1 

.  0534 

.  00891 

6.  00 

141.7 

.  000284 

. 000078 

.  0001 

.411 

4. 1 

.0513 

.  00867 

5.92 

140.9 

.  000059 

.  000020 

.0002 

.363 

4.3 

.0716 

.0114 

6.  28 

158.9 

.  000335 

.  000068 

.0001 

.  363 

4.3 

.  0703 

.0111 

6.  34 

158.9 

.  0C03C5 

.  000058 

.0003 

.541 

3.5 

.0292 

. 00541 

5.40 

116.3 

.  000009 

.  000023 

-.0001 

.542 

3.5 

.0289 

.  00529 

5. 46 

116.3 

.  0C0060 

.  000008 

0 

.449 

3.8 

.0437 

.  00739 

5.91 

139.  1 

.  0C0078 

.  000035 

.0001 

.453 

3.8 

.0425 

.  00727 

5.  85 

137.0, 

.000128 

.  CC0025 

.  0002 

.  495 

3.4 

.  0354 

.  00620 

5.71 

137.6 

. 00C089 

. C00019 

.0002 

.  496 

3.4 

.  0354 

.  00627 

5.  65 

137.6 

. 000109 

. C00022 

.  0(01 

.  589 

3.  1 

.0257 

.  00470 

5.47 

116.3 

. 000049 

. 000024 

0 

.580 

3.  1 

.0256 

.  00478 

5.  35 

116.3 

.  00C069 

.  000022 

0 

.612 

2.9 

.  0254 

.  00471 

5.40 

120.5 

.  000128 

1  . 000033 

0 

.595 

2.9 

.  0253 

.  00476 

5.31 

123.0 

.000118 

.  0C0042 

0 

.500 

3.2 

.  0363 

.  00653 

5.  56 

145.7 

.000159 

.(00015 

.0002 

.505 

3.2 

.  0358 

.  00620 

5.  77 

145.0 

.000099 

.000017 

0 
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TABLE  III.— PITCH  SETTING =  1.9°,  PROTUBERANCES 

FAIRED 


M 

Tip- 

speed 

ratio 

a 

Angle 

of 

attack 

O 

Cl 

Lift 

coeffi¬ 

cient 

Co 

Drag 

coeffi¬ 

cient 

L/D 

Lift- 

drag 

ratio 

N 

Rotor 

speed 

r.p.m. 

c, 

Rolling- 

moment 

coefficient 

I 

C  m 

Pitching- 

moment 

coefficient 

Cy 

Lateral 

force 

coeffi¬ 

cient 

0. 145 

15.9 

0.  526 

0.  168 

3. 13 

98.8 

0. 001319 

0.  000207 

0.  0136 

.  145 

15.8 

.  535 

.  171 

3.  13 

98.  3 

.001100 

.  000086 

.0137 

.  132 

18.4 

.617 

.  227 

2.  72 

102.  1 

,001231 

. 000077 

.0133 

.  133 

18.  5 

.  01 1 

.  227 

2.  09 

101.3 

.001033 

.  000070 

.  0130 

.  181 

11.2 

.  360 

.  0847 

4.25 

98.3 

.000511 

0 

.0083 

.  181 

11.2 

.  366 

.  0866 

4.23 

99.  2 

.  000885 

.  000139 

.  0084 

.  133 

18.  4 

.  624 

.  228 

2.  74 

114.  7 

.001114 

.  000042 

.0066 

.  133 

18.  4 

.  621 

.  228 

2.  73 

114.3 

.001395 

-.  000099 

.  0072 

.  153 

14.6 

.  515 

.  152 

3.39 

121.  4 

. 001367 

. 000290 

.0001 

.  153 

14.  6 

.  516 

.  151 

3.42 

121.  4 

.001130 

.  000263 

.  0059 

.  210 

8.3 

.  258 

.0491 

5.  20 

100.  5 

.000841 

-.000171 

.  0057 

.  215 

8.  3 

.  259 

.  0493 

5.  20 

100.  5 

. 000600 

-.000127 

.  0057 

.  195 

9.7 

.  330 

.  0700 

4.72 

117.  1 

.  000936 

000405 

.  0075 

.  140 

17.  2 

.613 

.  196 

3.  13 

130.  0 

. 001258 

.  000040 

.  0052 

.  249 

6. 6 

.  192 

.  0323 

5.  94 

98.8 

.  000422 

.000169 

.  0040 

777 

.257 

.  0474 

5.  21 

118.  1 

.  000054 

.  000201 

.  0059 

.171 

12.2 

.  450 

.  Ill 

4.  05 

137.2 

. 001951 

.  000829 

.0038 

.  147 

10.  1 

.  586 

.  171 

3.  43 

145.7 

.001021 

-.000072 

.0083 

.  275 

5.  5 

.  1 58 

.  0240 

0.  42 

100.  0 

.  000270 

.  000040 

.  0030 

.  252 

6. 1 

.  195 

.  0323 

6.  03 

1 19.  2 

.  000285 

.  000409 

.  0043 

.  207 

8.  7 

.313 

.  0601 

5.21 

136.0 

.  000797 

.  000273 

.  0050 

.  182 

11.0 

.  414 

.  0927 

4.47 

146.  1 

.001107 

. 000134 

.  0055 

.315 

4.3 

.  1101 

.  0170 

0.  S3 

98.8 

.  000989 

.  000248 

.  0009 

.282 

5.0 

.  1522 

.  0237 

0.  42 

1 17.  0 

.  001084 

.  000028 

.0021 

.  229 

7.  1 

.  257 

.  0443 

5.80 

138.4 

.  001229 

.000118 

.  0035 

.  205 

8.8 

.333 

.  0646 

5.  10 

147.7 

.  001608 

.  000196 

.  0035 

341 

3.  7 

.  0965 

.0141 

0.84 

98.8 

.001045 

. 000871 

.0005 

.305 

4.2 

.  1290 

.0193 

6.  68 

118.9 

. 000927 

-.000018 

.0019 

.254 

5.8 

.  201 

.0318 

6.32 

137.  2 

.  000808 

.  000011 

.  0032 

.  232 

6.9 

.  254 

.  0437 

5.81 

140.  9 

.  001320 

.000171 

.0031 

.373 

3.2 

.  0796 

.0110 

0.  86 

98.8 

.  000884 

-.000012 

.  0004 

.  303 

4.2 

.  1294 

.0193 

0.71 

118.9 

.  000320 

.  000056 

.  0020 

.  252 

5.8 

.200 

.  0329 

0.  26 

137.7 

.  000590 

.000111 

.0040 

.231 

6.9 

.  255 

.  0435 

5.  86 

146.  5 

.  000485 

.  000068 

.0040 

.  309 

3.2 

.  0806 

.0113 

7.  13 

98.8 

.000176 

.  000045 

.0012 

.  324 

4.0 

.  1103 

.  0104 

0.  73 

117.0 

.  000256 

.  000046 

.0021 

.  203 

5.  4 

.  179 

.0278 

0.  44 

136.8 

.  000397 

.  000063 

.0036 

.  242 

6.  3 

.233 

.  0382 

0.  10 

145.7 

.  000612 

.  000099 

.0038 

.  394 

3.0 

.  0697 

.  0100 

6.  97 

98.0 

.  000029 

.000014 

.  0010 

.331 

3.  7 

.  1072 

.0156 

0.  87 

122.  6 

. 000348 

. 000042 

.0021 

.  288 

4.7 

.  150 

.  0227 

6.  01 

137.2 

.  000043 

.  000064 

.  0029 

.  260 

5.  5 

.  200 

.0311 

0.  43 

14.8.  2 

.  000336 

. 000050 

.  0034 

.418 

2.  7 

.0616 

.  0090 

6.  85 

98.3 

.  000039 

.000017 

.0008 

.  356 

3.4 

.  0897 

.0132 

0.  79 

118.9 

.  000098 

-.000006 

.0011 

.300 

4.3 

.  1382 

.  0204 

0.  80 

137.  7 

.  000096 

. 000040 

.0028 

.274 

5.  0 

.  176 

.  0268 

0.  50 

146.  9 

.  000426 

. 000058 

.0031 

.431 

2.  6 

.  0573 

.  0085 

0.  75 

99.  2 

.  000186 

.  000059 

.0007 

.  309 

3.2 

.0823 

.0119 

6.  90 

120.0 

.  000107 

.  000035 

.0014 

.314 

3.9 

.  1251 

.0181 

0.  91 

138.  5 

.  000404 

.  000038 

.  0025 

.  289 

4.4 

.  155 

.  0228 

6.  86 

145.  7 

.  000358 

-.000013 

.0028 

.452 

2.4 

.  0513 

.  00794 

0.  40 

99.  0 

.  000059 

.  000020 

.0006 

.  382 

2.8 

.  0758 

.0108 

7.  02 

120.5 

.000127 

.  000037 

.0012 

.325 

3.6 

.  1 100 

.0166 

6.  99 

138.  9 

.  000405 

.  000074 

.  0023 

.  303 

3.9 

.  1397 

.  0199 

7.01 

147.  3 

.  000300 

.  000023 

.  0020 

.  467 

2  2 

.  0470 

.0074 

6.  43 

100.0 

.  000025 

.  000007 

.  0000 

.417 

2.  5 

.  0622 

.  0090 

0.  92 

118.  1 

.000129 

.  000030 

.  0009 

.  345 

3.3 

.  1006 

.  0143 

7.  03 

139.  7 

. 000267 

.  000049 

.  0020 

.319 

3.  7 

.  1239 

.0178 

0.96 

149.  9 

.  000485 

.  000069 

.  0022 

.  496 

1.  9 

.0421 

.  0065 

6.  47 

99.  2 

.  000009 

.  000029 

.0005 

.  438 

2.3 

.  0560 

.  0083 

0.  75 

1 17.  2 

.000148 

.  000028 

.0008 

.  355 

3.  0 

.  0961 

.  0137 

7.01 

141.7 

.000418 

.  000047 

.  0019 

.337 

3.4 

.  1085 

.  0157 

6.91 

147.  4 

.  000297 

.  000058 

.  0019 

.526 

1.9 

.0373 

.  00601 

0  32 

98.  0 

.  000043 

.  000006 

.0004 

.  457 

2.  2 

.  0505 

.  00764 

6.  65 

117.2 

.  000092 

.  000018 

.  0007 

.381 

2.  7 

.  0805 

.  0115 

7.  00 

139.2 

.  000269 

.  000020 

.0016 

.351 

3.0 

.  0999 

.0140 

7.  13 

147.7 

.  000258 

.  000043 

.0018 

.  552 

1.7 

.  0336 

.  00549 

0.  22 

97.6 

.  000080 

.  000006 

.  0003 

.  496 

2.0 

.  0430 

.  00084 

6.  42 

118.  1 

.  000180 

.  000025 

.  0006 

.419 

2.5 

.  0647 

.  00957 

6.81 

138.7 

.  000169 

.  000014 

.0012 

.389 

2.  6 

.  0783 

.0113 

0.93 

148.2 

.  000997 

.  000006 

.0013 

.  591 

1.7 

.  0300 

.00521 

5.  77 

100.  0 

.  000150 

.  000025 

.  0003 

.  528 

1.9 

.  0378 

. 00621 

6.  10 

119.2 

.  000239 

.  000025 

.0005 

.458 

2.  1 

.  0528 

. 00790 

6.  77 

136.4 

.  000200 

.  000025 

.0008 

.  416 

2.3 

.0666 

. 00980 

6.  80 

149.9 

.  000290 

.  000044 

.0011 

.  045 

1.  0 

.  0257 

.  00457 

5.71 

98.0 

.  000009 

.000031 

.  0001 

.588 

1.5 

.0311 

.  00534 

5.  87 

116.  7 

.  000250 

.  000025 

.  0004 

.491 

1.8 

.0450 

.  00725 

6.  25 

138.  5 

. 000348 

.000051 

.  0007 

.  701 

1.  3 

.0233 

.00431 

5.  42 

97.6 

.000110 

.  000032 

.0001 

.023 

1.3 

.0287 

.00511 

5.  74 

118.  1 

. 000084 

.  000087 

.  0003 

.  525 

1.  6 

.  0394 

. 00649 

6.  00 

140.0 

. 000230 

I  .  000027 

.  0004 

.724 

1.  1 

.  0223 

. 00425 

5.  55 

102.  1 

-.000028 

.  000032 

.0001 

TABLE  IV— PITCH  SETT  INC  =  2.7°,  PROTUBERANCES 

FAIRED 


M  ! 

Tip- 

speed 

ratio 

a 

Angle 

of 

attack 

O 

Cl 

Lift 

coeffi¬ 

cient 

Co 

Drag 

coeffi¬ 

cient 

L/D 

Lift- 

drag 

ratio 

N 

Rotor 

speed 

r.p.m. 

Ci 

Rolling- 

moment 

coefficient 

0  m 

Pitching- 

moment 

coefficient 

CY 

Lateral- 

force 

coeffi¬ 

cient 

0.  145 

16.9 

0.  670 

0.  2106 

3. 18 

117.  2 

0. 002270 

0.  000649 

0.0C93 

.  145 

10.9 

.671 

.2108 

3.  18 

117.2 

.  002051 

.  000720 

.0088 

.  170 

12.  7 

.527 

.  1330 

3.97 

1 19.  7 

.001522 

.  000370 

.0073  i 

.  171 

12.7 

.520 

.  1310 

3.97 

119.  7 

. 001326 

.  000298 

.0067 

.  t43 

17.7 

.683 

.2148 

3.  18 

127.5 

. 001847 

000389 

.0136 

.  145 

17.9 

.669 

.2156 

3.  11 

128.0 

. 001641 

.  000191 

.0137 

.  174 

12.  5 

.  516 

.  1226 

4.  21 

129.  1 

.001215 

.  000279 

0086 

.  174 

12.4 

.522 

.  1225 

4.  26 

129.  5 

. 001273 

.  000359 

.0086 

.203 

9.  1 

.380 

.  0768 

4.95 

120.  5 

.001155 

.  000324 

.0053 

.202 

9.0 

.386 

.  0766 

5.04 

120.  1 

. 001458 

.  000435 

.0053 

.210 

8.3 

.359 

.  0671 

5.  35 

129.  1 

.  000870 

.  000143 

.0062 

.212 

8.4 

.352 

.  0666 

5.  29 

128.8 

. 000832 

.  000221 

.0057 

.242 

6.3 

.266 

.  0439 

6.05 

118.9 

. 000729 

.  000178 

.  0C47  j 

.241 

6.3 

.264 

.  0439 

6.01 

119.2 

.  000719 

.  000176 

.0046 

.242 

6.  4 

.271 

.0450 

6.  02 

129. 1 

. 001022 

.  000248 

.0050 

.  240 

6.4 

.275 

.  0455 

6.  04 

129.  5 

.  000699 

.000177 

.0049 

.270 

4.8 

.207 

.0310 

6.  68 

1 18.  9 

.  000472 

.  000084 

.0039 

.270 

4.8 

.206 

.  0309 

6.  67 

119.2 

.  000466 

.  000132 

.0037 

.268 

5.0 

.  216 

.  0326 

6.  62 

128.8 

. 000652 

.  000106 

.  0042 

.268 

5.0 

.217 

.  0327 

6.64 

129.  1 

. 000610 

.000117 

.  0043 

.297 

3.9 

.  167 

.0241 

6.  93 

118.9 

.  000475 

.  000070 

.0036 

.295 

3.9 

.  167 

.  0241 

6.  93 

119.2 

.  000361 

.000109 

.  0034 

.  284 

4.3 

.  187 

.0274 

6.  83 

128.0 

.  000471 

. 000096 

.0038 

.285 

4.3 

.  185 

.0275 

6.  73 

128.4 

.  000521 

. 000104 

.0037 

.308 

3.  6 

.  151 

.0215 

7.  02 

119.7 

. 000442 

.  000099 

.0033 

.307 

3.6 

.  154 

.0217 

7.  10 

120.  5 

. 000359 

.  000169 

.0033 

.305 

3.6 

.  160 

.  0230 

6.  96 

128.8 

. 000402 

.  000087 

.  0033 

.306 

3.6 

.  157 

.0225 

6.98 

129.  1 

.  000550 

.000116 

.0033  I 

.335 

3.0 

.  1271 

.  0180 

7.  06 

119.  2 

.  000247 

.  000046 

.0030 

.  339 

3.  0 

.  1231 

.  0176 

7.  00 

118.  1 

.000316 

.  000071 

.0028 

.319 

3.4 

.  1445 

.  0206 

7.  02 

127.  5 

. 000445 

.  000097 

.0029 

.315 

3.3 

.  1479 

.  0207 

7.  14 

128.8 

. 000302 

.  000102 

.0031  | 

.349 

2.7 

.1148 

.0162 

7.  09 

118.  5 

. 000347 

.  000053 

.0028 

.350 

2.7 

.  1147 

.0161 

7.  11 

118.9 

.  000308 

.  000035 

.0028 

.337 

3.0 

.  1271 

.0179 

7.  10 

128.8 

.  000455 

.  000076 

.0028 

.334 

2.9 

.  1303 

.0182 

7.  16 

129.  1 

. 000219 

.  000017 

.0031 

.368 

2.  3 

.  1030 

.0144 

7.  14 

118.9 

.  000297 

.  000048 

.0024 

.369 

2.4 

.  1013 

.0142 

7.  13 

1 19.  2 

.  00C287 

.  000054 

.0024 

.356 

2.5 

.  1125 

.0156 

7.21 

128.8 

.  000387 

.  000061 

.0026 

.353 

2.5 

.  1139 

.0158 

7.21 

128.8 

.  000279 

.  000029 

.0026 

.390 

2.0 

.0874 

.0124 

7.05 

118.  1 

. 000197 

.  000025 

.0021 

.396 

2.0 

.0857 

.0121 

7.  08 

116.3 

.  000084 

.  000019 

.0020 

.377 

2.  2 

.0984 

.  0137 

7.  18 

128.4 

. 000169 

.  000022 

.0023 

.374 

2.2 

.  1013 

.0141 

7.  18 

129.5 

.  000358 

.  000043 

.0023 

.409 

1.8 

.0802 

.0114 

7.  04 

1 19.  2 

.  000238 

.  000041 

.0019 

.412 

1.8 

.0784 

.0111 

7.  06 

118.  5 

. 000228 

.000051 

.0019 

.392 

2.0 

.0899 

.  0125 

7.  19 

128.8 

. 000289 

. 000031 

.0021 

.392 

2.0 

.  0905 

.0125 

7.  24 

128.8 

. 000240 

. 000018 

.0021 

.428 

1.6 

.0717 

.0102 

7.  03 

118.  1 

. 000149 

.  000032 

.0016 

.429 

1.6 

.0731 

.0104 

7.  03 

1 18.  5 

. 000239 

.  000037 

.0017 

.414 

1.8 

.0798 

.0112 

7.  13 

128.8 

.000301 

-.000006 

.0017 

.409 

1.8 

.0811 

.0114 

7. 11 

129.  1 

. 000151 

-.000002 

.0018 

.445 

1.5 

.  0663 

. 00970 

6.84 

119.  2 

. 000310 

.  000024 

.0015 

.446 

1.5 

.  0661 

.  0G977 

6.  77 

119.  2 

.  000339 

. 000032 

.0015 

.438 

1.6 

.  0693 

. 00991 

7.  00 

128.0 

.  000219 

. 000023 

.0014 

.434 

1.6 

.0707 

.0103 

6.87 

129.  1 

. 000248 

. 000043 

.0015 

.480 

1.4 

.  0549 

. 00847 

6.  48 

117.2 

. 000240 

.  000001 

.0011 

.481 

1.4 

.0567 

. 00878 

6.  46 

117.  2 

.  000351 

.  000001 

.0011 

.449 

1.6 

.  0657 

.00915 

6.92 

129.  5 

.  000219 

. 000026 

.0013 

.449 

1.6 

.0661 

. 00975 

6.  78 

129.  5 

.  000190 

. 000017 

.0013 

.491 

1.  3 

.0536 

. 00845 

6.  34 

118.  9 

.  000299 

. 000040 

.0010 

.498 

1.3 

.  0510 

.00813 

6.  27 

117.2 

.  000230 

.  000004 

.0011 

.  462 

1.  7 

.0616 

. 00921 

6.69 

129.  1 

. 000199 

.  000026 

.0012 

.  467 

1.4 

.  0596 

.00901 

6.  62 

128.  4 

.  000160 

.  000015 

.0013 

.  503 

1.  2 

.0505 

.  00806 

6.  26 

118.9 

.  000099 

.  000021 

.0010 

.497 

1.  2 

.0518 

. 00806 

6.  43 

120.  5 

. 000139 

.  000018 

.0011 

.483 

1.4 

.0533 

.  00883 

6.  04 

129.  5 

.  000300 

.  000014 

.0010 

.479 

1.3 

.  0582 

. 00872 

6.  67 

130. 8 

.  000279 

.  000026 

.0011 

.  527 

1.  1 

.  0459 

. 00753 

6.  10 

1 18.  9 

. 000199 

.  000023 

.  0008 

.  533 

1.  1 

.0444 

. 00739 

6.  01 

117.6 

. 000220 

. 000008 

.  ocos 

.  512 

1.  2 

.0492 

. 00782 

6.  29 

128.  0 

. 000279 

. 000025 

.  0010 

.  500 

1.2 

.  0523 

. 00799 

6.  55 

130.8 

. 000219 

. 000032 

.0010 

.  548 

1.0 

.  0426 

. 00724 

5.  89 

118.9 

.  00024!) 

.  000018 

.0007 

.  553 

1.0 

.0424 

. 00690 

6.  15 

1 18.  9 

.  000189 

.  000040 

.0007 
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POTENTIAL  FLOW  ABOUT  ELONGATED  BODIES  OF  REVOLUTION 

By  Carl  Kaplan 


SUMMARY 

This  report  presents  a  method  of  solving  the  problem 
of  axial  and  transverse  potential  flows  around  arbitrary 
elongated  bodies  of  revolution.  The  solutions  of  La¬ 
place's  equation  for  the  velocity  potentials  of  the  axial 
and  transverse  flows,  the  system  of  coordinates  being  an 
elliptic  one  in  a  meridian  plane,  are  known  to  be  of  the 
following  form : 

CO 

<£=/  AnQJ\)Pnfl)  (axial  flow) 

J—J 

71  =  1 

CO 

</>  —  (X) Pf  (n)  cos  0  (transverse  flow) 

71  =  1 

If  a  power-series  development  of  A  in  n  is  assumed 
as  the  equation  of  the  meridian  profile  in  elliptic  co¬ 
ordinates,  the  boundary  conditions  of  the  two  types  of 
flow  yield  linear  equations  for  the  determination  of  the 
coefficients  An  and  Ani.  It  is  further  shown  that  a 
knowledge  of  these  coefficients  leads  directly  to  the  sink- 
source  and  doublet  distributions  corresponding  to  the 
axial  and  transverse  flows,  respectively . 

The  theory  is  applied  to  a  body  of  revolution  obtained 
from  a  symmetrical  Joukowsky  profile,  a  shape  re¬ 
sembling  an  airship  hull.  The  pressure  distribution 
and  the  transverse-force  distribution  are  calculated  and 
serve  as  examples  of  the  procedure  to  be  followed  in  the 
case  of  an  actual  airship.  A  section  on  the  determina¬ 
tion  of  inertia  coefficients  is  also  included  in  which 
the  validity  of  some  earlier  work  is  questioned. 

INTRODUCTION 

There  are  two  methods  of  handling  the  problem  of 
potential  flow  about  a  body  of  revolution.  One,  the 
indirect  method  first  used  by  Taylor  (reference  1) 
and  by  G.  Fuhrmann  (reference  2)  who  computed  the 
pressure  distribution  by  the  method  of  sources  and 
sinks  suggested  by  Rankine.  Fuhrmann  assumed 
certain  sink-source  distributions  and  calculated  the 
pressure  distribution  for  the  streamline  body  resulting 
from  the  assumed  sink-source  system.  He  also  con¬ 
structed  models  of  the  calculated  shapes  and  measured 


the  pressure  distributions  over  them  when  placed  in  a 
wind  tunnel. 

The  other  method,  developed  by  von  K&rman 
(reference  3),  considered  the  direct  problem;  i.  e.,  the 
calculation  of  the  pressure  distribution  over  a  given 
streamline  shape.  He  approximated  the  requisite 
sink-source  distribution  by  a  computed  continuous 
system  of  sinks  and  sources  arranged  in  stepwise  con¬ 
stant  intensity.  The  various  strengths  were  deter¬ 
mined  from  the  condition  that  the  airship  hull  is  a 
streamline  surface  in  the  parallel  flow  and  the  flow 
induced  by  the  sinks  and  sources.  By  satisfying  this 
condition  at  an  arbitrary  number  of  points  equal  to  the 
number  of  unknown  sink  and  source  segments,  von 
Karman  obtained  a  system  of  linear  equations  for  the 
determination  of  the  unknown  strengths  of  the  sink- 
source  distribution.  He  also  treated  the  case  of 
transverse  flow  (references  3  and  4)  by  the  distribution 
of  doublets  along  the  axis  of  symmetry  of  the  body  of 
revolution  and  calculated  the  strengths  of  the  various 
doublet  segments  in  a  manner  similar  to  that  used  for 
the  sink-source  intensities. 

The  present  paper  is  an  attempt  to  treat  the  direct 
problem  according  to  the  methods  of  the  potential 
theory.  Thus,  Laplace’s  equation  for  the  velocity 
potential  is  set  up  in  a  system  of  elliptic-cylindrical 
coordinates  A,  n,  0  and  solved  in  conjunction  with  the 
appropriate  boundary  conditions  for  axial  and  trans¬ 
verse  flows.  It  is  then  assumed  that  a  power-series 
development  of  A  in  ^  represents  the  meridian  profile 
of  the  elongated  body  of  revolution.  The  boundary 
conditions  for  the  twro  types  of  flow  may  then  be  ex¬ 
pressed  in  the  form  of  power  series  in  n  valid  for  the 
entire  range  of  n-  This  method  leads  to  two  sets  of 
linear  equations,  each  set  infinite  in  number  of  equa¬ 
tions  and  each  equation  containing  an  infinite  number 
of  unknown  coefficients  which  serve  to  determine  the 
velocity  potentials  for  the  axial  and  transverse  flows. 
Incidental  to  the  major  task  of  determining  these 
coefficients,  the  sink-source  and  doublet  distributions 
corresponding  to  the  axial  and  transverse  flows  are  also 
determined.  Thus  the  results  of  this  method  are  essen¬ 
tially  the  same  as  those  obtained  by  the  method  of 
von  Karman  but  are  obtained  in  a  more  rigorous  and 
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direct  manner.  In  von  Karman’s  method,  approxima¬ 
tions  are  made  prior  to  the  analysis;  whereas,  in  the 
method  presented  in  this  paper,  approximations  are 
made  after  the  analysis  has  been  carried  through  in  a 
rigorous  manner. 

FUNDAMENTAL  EQUATIONS 


FLOW  PARALLEL  TO  THE  AXIS  OF  SYMMETRY 

In  this  case  the  flow  is  the  same  for  all  meridian 
planes  (2,  p )  and  therefore  the  velocity  potential  </>  is 
a  function  only  of  A  and  p.  Equation  (3)  then  reduces  to 


The  fluid  motion  is  assumed  to  be  steady  and  imita¬ 
tion  al.  There  then  exists  a  velocity  potential  <£, 
which  is,  in  general,  a  function  of  the  rectangular 
Cartesian  coordinates  ( x ,  y,  z).  In  cases  of  rotational 
symmetry,  however,  it  is  appropriate  to  introduce  the 
cylindrical  coordinates  (2,  p,  9)  where  2  denotes  the 
distance  along  the  axis  of  symmetry,  p(=  -\fx2Jry2)  the 
perpendicular  distance  from  this  axis,  and  9  the  angle 
between  the  (z,  p)  and  (z,  x )  planes.  (See  fig.  1.) 


jC 


Furthermore,  since  only  elongated  surfaces  of  revolu¬ 
tion  are  to  be  considered  it  is  natural  to  introduce  a 
prolate-elliptic  coordinate  system  in  the  (z,  p)  plane. 
The  equations  of  transformation  from  the  coordinates 
(z,  p)  to  the  prolate-elliptic  coordinates  (f,  77)  are: 

z=2a  cosh  f  cos  tj\  .  . 

p—2a  sinh  f  sin  77 1 


where 


and  Q~ri<^2ir 


Thus  constant  and  77= constant  represent  con  focal 
ellipses  and  hyperbolas,  respectively,  the  distance 
between  the  foci  being  4 a. 

For  any  point  in  space  P(x,  y,  z)  then 


x=2a(\2— 1)1(1  —p2)*  cos  9 
y  —  2a{\2— 1)1(1  —  p2)l  sin  9- 
2= 2a  Ap 


(2) 


where  A  =  cosh  f  and  p  =  cos  17. 

If,  furthermore,  the  fluid  is  incompressible  the 
velocity  potential  4>  satisfies  Laplace’s  equation 
A2<f>= 0  and  since  the  (A,  p,  9)  system  of  coordinates  is 
an  orthogonal  one,  takes  the  form: 

#x[  - 1  >  st] + ( 1  -  3?] 

.  /  1  .1  \3 20  A 

+  (a2-1  +  1-pV3^_0  (3) 


If  this  equation  is  to  be  satisfied  by  a  product 

0=Z(A)M(/x) 

it  follows  that 


L( A)  d£(X2 


1) 


dL{  A) 
d\ 


} 


1  d 


M(p)  dp 


[« 


0,dM(p) 
■^TT  j 


which  separates  into  two  ordinary  differential  equations 


a[(1-x!)a]+^=° 

rjh-  ^fl+cM=0. 


(5) 


where  c  is  an  arbitrary  constant. 

Furthermore,  if  c=n(n-\- 1),  each  of  these  equations  is 
of  the  Legendre  type  and  therefore  the  general  solution 
of  equation  (4)  is 

co 

^=^A„P,(X)P„(m)  (6) 

71=  0 


This  expression  for  4>  has  a  singularity  at  infinity 
since  Pn( A)  is  a  polynomial  of  the  nth  degree  in  A  and 
is  therefore  infinite  for  A=oo .  Since  the  region  outside 
a  surface  is  to  be  considered  and  since  it  must  include 
the  region  at  infinity,  another  solution  for  Z(A)  is 
required.  This  solution,  linearly  independent  of 
Pn{ A),  is  the  zonal  harmonic  of  the  second  kind  and  is 
denoted  by  Qn( A)  where 


QnW 


=  PnW  f 


d  A 


[P„(A)2](A2-lj 


It  vanishes  for  A=co  but  has  a  singular  point  for 
A=  it  1  where  it  is  infinite  like  log  (A±  1). 

Thus,  for  example,  since  P0(A)  =  1,  Pi(A)  =  A,  it  is 
found  that 


n  f”  d A  1.  A+l  1  1,1 

<2°(X)  =  Jx  x^l=21°gx=I  =  x'L3V'  5V 

where  |A|>1  and 


Qi( A)  =  A  f 
J\ 


d  A  1  ,  A  — | —  1 

-I)=2  X  °g  A^-T" 


x  A2  (A2—  1) 
3A2^5A4^7A6 


It  may  also  be  shown  that 

<?»(X)==L„(X)  log^j-7C(X) 
where  Kn{ A)  is  a  polynomial  of  the  (n—  l)th  degree. 
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Another  useful  expression  for  Qn(\)  is  that  due  to 
F.  Neumann  (reference  5);  namely 


(8) 


Expanding 


Ai 


in  decreasing  powers  of  X, 


oo 

X)  2  i  XfiP«(X1)^XI 

j  =0 

Expressing  A^  in  terms  of  zonal  harmonics  (refer¬ 
ence  5) 


1  7-1 

2’  2 


-2! 

k= 0 


(2i—4k+l)i! 
■2k+l]  [2k] 


P  f-2fc(Xi) 


where  the  upper  limit 


i_ 

2 

i-  1 


1  used  depends  on  whether  i  is 


{even 

oc^  j  and  where  [2 n\ = 2  •  4  •  6  .  .  .  2n ;  [2w  —  1 1  =  1  •  3  •  5  . . . 

(2w—l) ;  [0]  =  [1]  =  [  — lj-=l.  Also  (2»-l) /=[2n-l] 
[272,-2]. 

Substituting  this  expression  for  X/  in  the  foregoing 
equation  for  Q»(\)  it  follows. that 

i  iii 


!=0 


k= 0 


The  zonal  harmonics  Pn(\ i)  are  orthogonal  functions 
and  satisfy  the  following  relations: 

J1  0  if  r  +  s 

PTPsd\i—  2  if  r=s 
i  2r+l 

Expanding  the  preceding  expression  for  Qn{\)  with 
regard  to  i  and  writing  the  terms  with  equal  indices  of 
k  in  columns  and  adding  these  columns,  there  is  ob¬ 
tained,  using  the  orthogonal  property  of  the  PM(Xi),s, 
the  following  equation: 


ft(x)=zk: +tk+mk]  where  n =0-  2>'  •  •  (9) 

k= o 

This  expression  is  convergent  for  [  Xj)>  1  and  divergent 
for|X|^l. 

Instead  of  being  given  by  equation  (6)  the  velocity 
potential  is  now  given  by  the  following  expression: 


03 

<£ = '^JAnQn  ( X)  Pn  (p) 

n=  0 


(10) 


which  gives  the  general  solution  of  equation  (4)  for 
regions  outside  a  surface  of  revolution  and  extending 
to  infinity. 


In  cases  of  rotational  symmetry  where  the  lines  of 
flow  are  in  meridian  planes,  it  is  convenient  to  intro¬ 
duce  Stokes’  stream  function  \p.  This  function  arises 
from  the  statement  that  the  fluid  is  incompressible 
(equation  of  continuity)  and  is  related  to  the  velocity 
potential  <j>  according  to  the  following  equations: 


d\ p  def)  .  d\I/  dd> 
3—  =  p  3—  and  3—= — p  v— 
dp  ^  dz  d  z  Ko  p 


(11) 


The  lines  1 p=  constant  represent  the  streamlines.  It 
may  be  remarked  that,  unlike  the  two-dimensional  case 
where  both  the  stream  function  and  the  velocity  po¬ 
tential  satisfy  Laplace’s  equation,  Stokes’  stream  func¬ 
tion  does  not  satisfy  it. 

The  introduction  of  the  variables  X,  p  into  equations 
(11)  by  means  of  equations  (1)  leads  to  the  following 
relations: 


5x=2a(1  -V)  and  §*=  -2«(X“- 1)  ^ 


(12) 


II  a  substitution  is  made  for  4>  from  equation  (10)  and 
P„(p)  is  replaced  by  its  value  obtained  from  Legendre’s 
differential  equation,  that  is: 

it  is  found  that 


i/'=2a(l  — p2)(X2 


n=  1 


An  dPn  dQ 


72(71+1)  dp  dX 


^+ constant  (13) 


Furthermore,  if  the  body  of  revolution  is  moving 
with  a  velocity  U  in  the  direction  of  the  axis  of  sym¬ 
metry  2,  it  may  be  conveniently  supposed  to  be  at 
rest  and  the  fluid  to  have  a  translation  —  U  super¬ 
posed  on  its  actual  motion.  This  consideration  adds 
a  term  2 at/Xp  to  the  velocity  potential  and  2a2  (7(1  —  p2) 
(X2  — 1)  to  the  stream  function.  Therefore 


^=2a2(l-p2)(X2-l)(7 


oo 

s 

_ n=  1 


An  dPndQn 
aUn(n-\- 1)  dp  d\  + 


(14) 


At  the  surface  of  the  fixed  body  of  revolution  the 
normal  velocity  of  the  fluid  must  be  zero  and  therefore 
the  boundary  must  coincide  with  a  streamline 
xf/  =  constant,  say  0.  Hence  the  boundary  condition  at 
the  surface  is  given  by 


oo 

y  An 
/  mini 

n  =  \ 


dPndQn 

(72+1)  dp  dX 


-fa  (7=0 


(15) 


In  order  to  find  the  velocity  components  U\,  iq,,  in 
the  directions  of  the  coordinate  lines  X,  p,  respectively, 
it  is  to  be  noted  that  since  the  system  of  coordinates  is 
an  orthogonal  one, 

l</>  ]  dcf> 

r~  and  uu=~^- 

)S\  ^  OSn 


U\  — 


ds2 = dz 2 + dp2 = d.S\2 + ds2 


71046— so¬ 


li 


where 
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By  means  of  the  equations  of  transformation  (1),  it  is 
found  that 

2  2  ‘ 

A  — fl 


ds\=2a 


X2-  1 


d\ 


and 

Therefore: 


dsu  =2  a(  ^  d  p 


1  /X2— 1  \*d<j> 


and 
I  fence: 


Ux'  2 a\\2—p2J  c)X 

'  2a\X2 — n2)  d/jL 


U- 


1 


(X 


2-')(at)+  (1G) 


'4a2(X2— m2) 

SINK-SOURCE  DISTRIBUTION 

The  distribution  of  sinks  and  sources  is  assumed  to 
lie  along  the  segment  of  the  axis  of  symmetry  2, 
—  2d  rg  z^'la,  and  to  be  of  intensity  I{zi)  per  unit 
length.  At  any  point  ( z ,  p)  in  any  meridian  plane  the 
velocity  potential  due  to  this  distribution  is  given 
(reference  6,  p.  60)  by 


0= 


1  f2a 

J  —2a 


(17) 


47rJ-2a[(2  Z\)2-\-p~\- 

For  points  lying  on  the  2  axis  but  outside  the  distribu¬ 
tion,  the  velocity  potential  is  given  by  the  simplified 
expression 

1  ( 2a  I(zi)dz\ 


0 


=J  Pa  Kzi)dz 

47T  J —2a  Z  —  Zi 


Substituting  for  2  and  zu  2 a\  and  2 r/Xb  respectively, 
the  preceding  equation  takes  the  form 


,  L  f1  7(2 aX)dX 

*  4t rj_!  X —  Xi 


Finally,  substituting  for  <t>  from  equation  (10)  and 
noting  that  Pn(l)—  1  for  all  values  of  n, 


co 

^,lnQAX)=rJ_i 

71=  1 


I(2a\l)d\i 


(18) 


This  is  an  integral  equation  for  the  unknown  function 
/(2aXj).  It  may  be  solved  in  the  following  manner: 

From  F.  Neumann’s  expression  for  Qn  (X)  given  by 
equation  (8)  the  following  development  is  suggested 
for  the  distribution  function: 

co 

I(2a\1)  =  yXgnPn(X1) 

71=1 

where  —  1  ^  Xj  ^  1 

It  then  follows  directly  from  equation  (8)  that 


CO 

71  =  1 


for  all  values  of  X. 

Hence  an=2icAn 


and 


J(2aX1)=27r>  AnPn(\x) 

71  =  1 


(19) 


Thus,  given  the  potential  function  0,  that  is  the 
An’s,  this  expression  determines  the  equivalent  sink- 
source  distribution. 

FLOW  NORMAL  TO  THE  AXIS  OF  SYMMETRY 

The  differential  equation  for  the  velocity  potential  in 
the  case  of  transverse  flow  is  given  by  equation  (3). 
Recalling  that  this  expression  is  Laplace’s  equation  in 
the  coordinates  X,  p,  9,  it  may  be  solved  by  supposing 
4>  to  be  a  product  N{\,  p)  R(9).  Replacing  </>  in  equa¬ 
tion  (3)  by  this  product,  the  following  pair  of  differen¬ 
tial  equations  is  obtained: 


w+m=° 


a 

ax 


i>- 


;  -*\J  '  d 


—¥ 


d_ 

ax  j  f  dp 

x2-m2 


N—0 


(20) 


(1  — M2)  (X2  1 , 

The  general  solution  of  the  first  equation  is  given  by 
R=A  cos  k  9-\-B  sin  k  9 

where  A  and  B  are  arbitrary  constants. 

Putting  N(\,  p)  =  L{\)  M(p)  in  the  second  equation 
leads  to  the  following  pair  of  ordinary  differential 
equations: 

AS] +(c- 


d\ 

d_ 

dp 


dXj 


iV|I=0 


(21) 


where  c  is  an  arbitrary  constant. 

Both  of  the  latter  equations  are  of  the  form  of  the 
differential  equation  for  the  associated  Legendre  func¬ 
tions  provided  that  c=n(nJr  1).  Accordingly, 

M(p)  =  Pnk(p )  and  L(X)  =  Pn*(X) 
where,  for  example, 

UkPn{p) 


Pnk(p)  =  (l-P2) 


2\2. 


dpk 


The  general  solution  of  equation  (3)  may  then  be 
written  as 

^i=ES7/(^/(X)[4  cos  k9+Bnk  sin  kd] 

n=0 k=0 

This  expression,  however,  has  a  singularity  at  infin¬ 
ity  and  since  only  the  region  outside  a  given  surface  of 
revolution  is  of  interest,  the  infinite  region,  or  the 
neighborhood  of  X=  00  ,  must  be  considered.  Therefore 
P/(X)  is  replaced  by  the  associated  Legendre  function 
of  the  second  kind  QnkW,  where  by  definition, 


<V(x)=(x2-i)4^|^ 


Then 


co  7? 


01  =  J2Bnk(PQnk(P)\^nk  cos  kd+Bnk  sin  kd]  (22) 

n=0  k=0 

If  the  body  of  revolution  moves  with  a  uniform 
velocity  V  in  the  direction  of  the  x  axis,  it  may  be 
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supposed  to  be  at  rest  and  the  fluid  to  have  a  transla¬ 
tion  —  Y  superposed  on  its  actual  motion.  Then 


(23) 


Consider  the  body  profile  in  any  one  of  the  meridian 
planes  9.  At  any  arbitrary  point  of  it  the  normal 
derivative  of  </>  is  given  by 


dcf)  ,  Ocp  7  dd>  , 


(24) 


Since  the  normal  velocity  along  the  meridian  curve  is 
zero,  it  follows  from  equations  (23)  and  (24)  that 


^  +  vY  )dsb 
0sx  c)sx , 


Also,  x—p  cos  9,  so  that 


d<f>  i  ,  T7  dx  \  , 

sA1'  sC(fek= 


0 


dx  dp  dx  ndp 

—-cos  9^-  find  ==cos  9 


ds  > 


dsy 


dsL 


ds. 


Therefore 


d<t>\ 

IAOX 


(25) 


In  order  that  the  condition  of  no  flow  normal  to 
the  body  of  revolution  be  valid  for  all  values  of  9, 
there  must  be  chosen  from  among  all  the  solutions 
given  by  equation  (22)  that  one  which  has  cos  9  as  a 
factor;  namely: 

=  ^-n\Pn(p.)QnW  COS  9 

71  =  I 


or 


*i=2aF  cos  0(X!- 1)»(1  -P)»  VO (20) 

in, 


71  =  1 


where  Cn=-„  T , 
2a  1 

Furthermore 


dsK=2c 


cn  --y 


X2  — 


d\  and  dsfi=2a 


X2-l 

so  that  equation  (25)  becomes 
d 


X2-p2V 

1-m2 


dp 


fa  (</>!  +  pY cos  9)  1 


'  p' 


d\ 

'd  (  ,  T7  x  ~  X2— 1  dp 

cos  ft) 

Finally,  by  means  of  equation  (26)  and  the  differ¬ 
ential  equation  for  the  Legendre  polynomials  the  fore¬ 
going  boundary  condition  takes  the  following  form: 


n=  t 


d(\„)dPndQn  ,  .  d  ,p  q 
d»  dfi  d\  nW+V  dX^’V" 


d(\p) 

dp 


(27) 


DISTRIBUTION  OF  DOUBLETS 

i  he  doublets  are  assumed  to  have  their  axes  in  the 
x  direction  and  to  lie  along  the  segment  —  2 a  ^  zx  2 a 
of  the  axis  of  symmetry  2.  The  velocity  potential  at 


any  point  (2,  p)  of  some  meridian  plane  9  then  takes 
the  form  (see  reference  6): 

p  cos  9  r 2a  J(zddz 1 

0i =■ - 


47T 


\  C2a  J (; 

J  —  2a[(z  ; 


-Zl)2  +  p2P 

where  J(zx)  is  the  intensity  of  the  doublets  per  unit 
length. 

Substituting  for  01  from  equation  (26)  it  follows  that 


dJYdQn^l  P 
Zj  "  dp  d\  47rJ_2a  [{z  2]) 2 

77  =  1 


^1 


+pT 


For  points  laying  on  the  2  axis  but  outside  the  distri¬ 
bution  this  equation  takes  the  following  simplified 
form: 

00 

FYra(7i-j-l)  p  dQ,n  1  (•'  J(2aX,)r/X,  . 

Zj  2  (fX~167ra2J,  (X--X03  ^ 


77  =  1 


where  z{  is  replaced  by  2 a\u  2  bv  2«X,  and 

\  dp  A=u 

,  n(n  + 1 )  rm  .  .  .  , 

by - ~ - ihis  is  an  integral  equation  lor  the  un¬ 

known  function  J(2a\x).  In  the  solution  of  this  inte¬ 
gral  equation  it  is  necessary  that  a  development  of 

)a  as  a  series  of  Legendre  ploynomials  in  Xt  be 

obtained.  The  form  of  this  development  is  suggested 
by  Neumann’s  equation  (8).  Thus  assume  that 


a> 

~-^=^\,P„(X,)P„(X) 

n  =  1 


1 


-  in  Neu- 


Then  substituting  this  expression  for 

A  Ai 

mann’s  equation  and  making  use  of  the  orthogonality 
relations  satisfied  by  the  Legendre  polynomials,  it  is 
found  that 

b„  =  2n-\- 1 

Therefore 


X 


— ^^(2pT  l)P„(X,)t?„(X) 

77=1 


Differentiating  this  last  expression  once  with  regard  to 
X  and  once  with  regard  to  Xt,  it  follows  that 

d\)dQn(X) 


1  dP„(X 

(X-XO3-  Zj  2  d\  d\ 

77  =  1 

Equation  (28)  then  becomes 

n(n+1)  d®n= 


77  =  1 


1 


00 

^n+Dd^f_JC2a^dX  (29) 

77  =  1 


327 ra 


It  is  now  obvious  that  the  following  assumption  must 
be  made: 

00 

J(2aX,)  =  -8«t2V(l-V)^)c„A» 

m- 1 
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and  substituting  this  expression  in  equation  (29)  it 
follows  that 


00 

Yj  (0,-0 


dQn . 


cl\ 


=  0 


71  =  1 


In  order  that  this  equation  he  valid  for  arbitrary  val¬ 
ues  of  X, 

Cn=Cn 

and  therefore 


J(  2a\)  =  -8«t2F(l  -  V)  Yc,^5 


(30) 


71=1 


Thus,  given  the  velocity  potential  that  is,  the 
Cn' s,  this  expression  determines  the  equivalent  doublet 
distribution. 

DETERMINATION  OF  THE  COEFFICIENTS  An  AND  Cn 

Any  symmetrical  profile  may  be  represented  by  a 
power  series  in  p(=  cos  77).  That  is 


X 


00 

=2a"‘' 

r=0 


(31; 


The  rapidity  of  convergence  of  this  series  depends, 
however,  on  the  choice  of  origin  with  respect  to  the 
profile.  Since  \=a0  defines  an  ellipse,  the  rapidity  of 
convergence  of  the  foregoing  series  may  be  looked  upon 
as  a  measure  of  the  resemblance  of  the  profile  to  the 
ellipse  X  =  r/0.  The  proper  choice  of  origin  may  be 
attained  in  the  following  manner.  The  radius  of 
curvature  R  of  an  ellipse  at  the  end  of  its  major  axis 
is  given  by 

B2 


R 


A 


where  A  and  B  are  its  semimajor  and  semiminor  axes’ 
respectively. 

Eliminating  rj  from  equations  (1),  the  following 
equation  of  a  system  of  confocal  ellipses  results: 

(2«co'shrP+(2asinhr)2  =  1  •  (Tlie  distance  between 

foci  is  4 a.) 

In  terms  of  elliptic  coordinates  then 

r,  o  .  sinlr  f 
cosh  <f 

Furthermore,  for  an  elongated  ellipse  the  semimajor 
axis  2a  cosh  f  is  large  compared  to  the  semiminor  axis 
2a  sinli  f.  This  limitation  means  that  £■  is  small. 
Neglecting  powers  of  higher  than  the  second  it 
follows  that  (see  reference  7) 

R=2a{2  (approximately) 

Tlie~ends  of  the  ellipse  are  at 

±2 a  cosh  f=±2fl^l+y+  •  •  •  ^=±^2a+^ 


approximately) 


and  therefore  the  focus  of  an  elongated  ellipse  very 
nearly  bisects  the  line  joining  the  end  of  the  semimajor 
axis  and  the  center  of  curvature.  Thus  the  proper 
choice  of  origin  is  the  point  bisecting  the  line  of  length 
4a  extending  from  the  point  midway  between  the  lead¬ 
ing  edge  and  the  center  of  curvature  of  that  edge  to  a 
point  midway  between  the  trailing  edge  and  the  center 
of  curvature  of  that  edge.  Having  thus  chosen  a 
reference  frame  ( z ,  p)  in  which  to  present  the  profile, 
the  next  step  is  to  obtain  the  series  equation  (31). 
This  equation  may  be  obtained  with  the  help  of  the 
following  expressions.  From  equation  (1)  it  can  be 
found  that 


x=l 


,2a+1  +{rJ  + 


.5 ra-A+An 


la 


1 


+  1+  5 


,2 a  '  V  1  \2 aj  V  \2a  /  '  via 


1  + 


(32) 


where  —  1  ^  p  ^  1 . 

A  series  of  corresponding  values  of  X  and  p  are  thus 
obtained.  In  order  to  express  X  as  a  polynomial  in  p 
of,  say,  degree  n,  it  is  most  convenient  to  employ  the 
method  of  least  squares  for  determining  the  (n-j-1) 
constants  aT  (reference  8). 

FLOW  PARALLEL  TO  THE  AXIS  OF  SYMMETRY 

The  boundary  condition  for  this  type  of  flow  is  given 
by  equation  (15).  In  that  expression  functions  of  the 

type  appear  and  these  are  to  be  expressed  as  power 

series  in  p. 

Suppose  the  meridian  profile  to  be  given  by  the  fol¬ 
lowing  analytic  expression: 


co 

:flp  +  P/  (fll.wP” 

71  =  0 


(33) 


d-Qr 


Then  on  the  profile,  - may  be  looked  upon  as  a 

function  of  p  and  can  be  developed  in  a  Taylor  series 
in  the  neighborhood  of  p  =  0  or  X=m0.  That  is, 


dQn 

d\ 


co 

p=  0 


(\—a0)pdp+1Qn 


p! 


daA+1 


\\ 


qiere  dv+1Qn  ( dv  lQj A 

da0v+l  \  d\p+1  /  \=r/0 


Substituting  for  X — o0  from  equation  (33),  it  follows 
that 

dQn^yAy  Xd^Qn 

d\  2jp!\2j'  ,q  /  daA+i 

p=o  \?=o  / 

In  the  following  the  expansion  of  Sv  in  powers  of  p  is 
to  be  determined  (reference  9,  p.  122),  p  being  any 
positive  integer  and  where 


00 

7=0 


?p 
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Thus 


00  CO 

S2  =  ^<Zl,rAtr^)\i  ,g 

g=0  g=0 


or 


CO  00 


s2= 

r=0  p  =  r 


&l,p—T  P1 


Expanding  S2  with  respect  to  r  and  writing  the  terms 
with  equal  indices  of  p  in  columns  and  adding  these 
columns, 


CO  J)  CO 

(h,v-r-=S^Jl2 
p  = 0  r=0  p=0 


.J) 


where 


«2 


>P 


P 

=  ^  ,V~T  Q\ ,T 

r— 0 


In  a  similar  manner, 


where 


where 


co 

p  =  0 


V 

0*3, p—  y  '&!  ,p- t  A  2 ,r 
r  =  0 


and,  in  general,  it  is  permissible  to  write 


where 


s,=S 

p—0 


Pt.p  P1 


at 


Hence 


r= 0 


,  0  if 

,®Lj» -t  ai~i,r  ana  a^tT-  ^  r_Q 


dQn_  .YW’+’&W 


dX  £jpl  daQp+'  ZjP'9  M 

p=0  <;  =  0 


or 


CO  00 


d\  Z_lZjp!  rf«o"  K 
p  =  0  q  =  p 

Expanding  according  to  p  and  writing  the  terms  with 
equal  indices  of  g  in  columns  and  adding  these  columns, 


dQn 

d\ 


g=0  p  —  0 


ap,q-pdP+lQn 

da0p+1 


(34) 


ap>  o  =  a% 

av,i=paP~hhA 

aP,2=paf-1a,,2. 


P(P- 


- qp —~o~ 

9/  ul,0  u),l 


a»,s=J>af,o1Oi,a+p(p  — l)af,o2«i.iai.2+2t£ — LS — ~ ffl?.o]3flu 


(35) 


and  so  on. 

The  boundary  condition  also  contains  terms  of  the 
dP 

type -j-5  where  Pn(p)  is  the  Legendre  polynomial  in  n 
of  degree  n  and  is  given  by 

where  the  upper  limit  for  j  is 


n  n—  I 

V— a  f  “‘f 2 11 — 2i — IT 

p”«=  J  ™ 

j= 0 


w 

even 

n —  1 

•  according  as  n  is 

odd 

/ 

a 

71  — 2  n  —  1 
9  ’  9 


Then, ^2? =  V  (_iy  J2np2i^l] 

’  (111  Z-J  (ra— 2?-'''ro-,M 

;= 0 


(37) 


Substituting  for  and  -j-  the  expressions  given  by 

equations  (34)  and  (37)  into  the  boundary  condition 
equation  (15), 


7?  — 2  71  —  1 
9  *  9 


Vs _ An. _  VX  ,  [2n-2j-l]  ,  „  77_ n 

Zjn(n+1)  2j  ^  (»— 2j—  l)/[2y]M  2j^2j  P-  da0p+l 

w=l  ;=0  q—0  p=0 

Expanding  according  to  powers  of  n  and  writing  the  terms  with  equal  indices  of  j  in  columns  and  then  adding 
these  columns, 


00  00 


X^  X^  (_  i)i  ^2n  — 11 

Zj  Zj  wfa-flZ  (n— 2j- 


;=0  n=2]+\ 


P 


n—2j—l 


v  ,V<V‘-'<p+,«‘+flr7-o 

2j  2-I  triaj*  +";'-0 

((  =  0  p  =  0 
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Putting  n-2j—l-\-q=m  this  becomes 

7 


CO  CO  CO 


V  „m(_  i  \j_ _  Ajfi+w-; _ [2j-\-lJr2m—2q]  \^ap,Q- 

Zj  Zj  Zj  '  (2 j + 1  +  rn  -  q)  (2 j + 2  +  m  —  q )  (m —q)![2j\  Zj  P •' 

j—0  (]=0  m  =  q 


,dp+lQ2 


j+l+m-q 


da0p+l 


all  =0 


p=o 


Expanding  with  respect  to  q  and  writing  the  terms  with  equal  indices  of  m  in  columns  and  adding  these  columns, 

1  +2m  —  2q]  Vx 
'—q)’-[2j\  Zj  V- 


m  oo 

1\J _ Azj+x+m-q _ _ 

Zj  ZjZj  j  (2j+l+ra— q)(2j-\-2+m~ q) 


[2j+l+2m—2q\  \y  ap,  g-p dp f  1  Q2j+ i+  m- q  _| _af/_Q 


(m- 


da()p+l 


m  —0  c/=0  j=  0 


P  =  0 


If  this  expression  is  to  he  valid  everywhere  on  the  boundary  surface,  it  must  hold  for  the  entire  range  of  p..  It 
follows  that  the  coefficients  of  the  various  powers  of  /x  are  identically  zero.  Finally,  the  introduction  of  k  and 
n  by  means  of  the  substitutions  q=m  —  k  and  p—m—n,  respectively,  leads  to  the  following  expression  of  the 
boundarv  condition: 


77i  n 


vy  :,.r  >  \ ' _ [-j':- ^ M  w.-.i  >  ,  • ,, 

2j2jk!(m-n)> >'  {;2j+l+k)(2j+2+k)[2j\  da 


k!ym —  n) 

n= 0  k—  0  1=0 


(39) 


where 


s  m 

~0 


i  j  ^  n  U  m  _  n  i  9 

1 1  yyi~ ^  ^  ,  ?  “  J 


Equation  (39)  represents  a  set  of  linear  equations 
infinite  in  number  and  containing  an  infinite  number 
of  unknowns  An.  It  provides  a  formal  and  rigorous 
solution  of  the  problem  of  potential  flow  about  a 
body  of  revolution,  parallel  to  its  axis  of  symmetry. 

In  the  foregoing  equations  the  only  unknowns  are 
the  vlra’s.  The  aP,q  s  are  related  to  the  coefficients  of 
the  power  series  of  X  in  /x  (giving  the  meridian  profile 
equation  (33))  and  are  evaluated  by  means  of  equa¬ 
tions  (35).  Finally,  the  Qn’s  and  their  derivatives  are 
well-defined  Legendre  functions. 

For  example,  if  the  meridian  profile  is  an  ellipse  \—a0, 
then  equation  (39)  becomes 


oo 

s 

_/  =  n 


/ _ -j  \  j _ Vhj+l-f  m  [2jT2m-f- 1]  d Q2j+i+  m 

1  }  (2j  + 1  +  m)  (2 j + 2 + m)  m![2j] 

=  —bnn  aU 


dttc 


For  m—  1,  2,  3,  .  .  .  this  is  an  infinite  set  of  linear 
homogeneous  equations  for  the  unknowns  A2,  A3, 

. and,  since  the  determinant  of  the  coefficients 

is  different  from  zero,  the  only  solution  is  that  y!2, 


y!3,  .  are  zero.  From  the  first  equation, 

i.  e.,  m  —  0,  it  is  then  found  that 


Hence 

</>= 


2a U 

2  aU 

dQi~ 

I log 

«oT  1 

da  o 

an—  1 

«o2~l 

2  aU 

( 

log 

x  +  l 

y  log 

Jj 

®oT  1 

a0  V 

X— 1 

a0—  1 

^  1 

O  ! 

tc 

I — * 

If  A  and  B  are  the  semimajor  and  semiminor  axes  of  the 
meridian  ellipse  and  e  its  eccentricity,  then 


2a— Ae,  a0= —>  2a(a02~l)i—B 


so  that 
0  = 


UA 

( 

1  i _ f  +  e 

1  \ 

~X  log  _  1  jM 


2e  &  1-e  1—e2 


This  result  agrees  with  the  well-known  expression  for 
the  velocity  potential  of  a  prolate  ellipsoid  of  revolu¬ 
tion  (reference  10,  p.  132). 


FLOW  NORMAL  TO  THE  AXIS  OK  SYMMETRY 


The  case  of  flow'  normal  to  the  axis  of  symmetry  will  now  be  treated  in  a  manner  similar  to  the  case  of  parallel 
flow.  The  boundary  condition  is  given  by  equation  (27): 


iHvr  at” 

71=1 


_d(\n) 
d  p 


From  equation  (33), 


^^T-ao  +  ^(n+2)a1(„M,l+1 

n  =  0 


(40) 
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Referring  to  equation  (38)  it  follows  that 
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co  m  co 


Ye  ,  Yu"*Y  Y(  1  J2j+l+2m-2q] 

Zj “  J  dnl\  °*2J  Llf  1}  (m=dm~Ci 

77  =  1  m=  0  0=0  7=0 


771=0  5= 0  5=0 

co  00  771  oo 


\  ^^PiQ—p  ^  ^?2^+l+w-? 

'w+mZj  p/  da0p+i 


p=0 


'25+1+ 777 


71=0 


771=0  5=0  j=0 


\  ^ttp.q-p 

"vZj  p/ 

p  =  0 


-pd’+'Qu 


25+1  +  777-5 


t/«oP+1 


or 


00  771  co 


T2j+l+2m-25U  Yfct 
Zj  "  Z  dh  d\  Z/*  ZjZj  (m— q)![2j]  ^W+«-8/,  7?/ 

77=  1  777  =  0  (7=0  7  =  0  Z 


27+1+777-5 


777  =  0  5  =  0  j  =  0 

777  co 


57=0 

7 


da0p+l 


+2>"'S<—«> . . 

77=0  777=0  5  =  0  5  =  0 

Analogous  to  equation  (34) 


/2++1+  777  -5 


da0p+l 


p= 0 


(41) 


/)  _ \  V  »\  ^ap,5-p  dpQ„ 

H'~Zl  Zj  p/  *0' 


5=0  p=0 

Hence,  in  a  manner  similar  to  the  derivation  of  equation  (38) 


00 

2 

777=1 


mju 


777—1 


777  03 

22 

5=0  j=0 


OO 

^7i(n  +  l)C„|j(P„e,)  = 

n=  1 

_  1 ) 0 + m - (1 )  (2i + 1  +rn  —  q) f  . _1  7  2  _ 2  a  V",>.5- 
-  (m~-g)/[2j]  ^  +  2gi  ^25+i»-g// 

p=0 


V  <1c2 5+  777—  5 

da(^ 


(42) 


Substituting  equations  (40),  (41),  and  (42)  in  the  boundary  condition  and  equating  the  coefficients  of  the  various 
powers  of  n  equal  to  zero,  the  following  set  of  equations  is  obtained: 

co 

[2 n]  | ^uij^o  <fa0+1  ~  @n + 1 ) (2n + 2) (?2«+x J — 2 na { i0 C2nZj^ j = do  for  h = 0 


and  (after  rearranging  as  for  equation  (39)) 

h  —  1  k  71  co 


V  Y  y(h-k+p  a  Yf-n  7-[2i+i+2m]-, 
Aj  Zj  2jm!(k-n)!  l’h-k~l  k-n’n~mZj{  1  [2 j]  C'2j 

k=0  77=0  777  =  0  5=0 


dk~n+1Q2 


25+  1  +  77? 


25+1+777  *-??+! 


"T&O 


/?  77 

Y  Y  a*-”»w  ~ 

/  /  /  nnHh—n )! 


77=0  777=0 

ft+i  77 


y  ,.[2i+l+2w]  dh  ^25+  1  +  777 

/Z/  '  [2i]  °2J+1+m  da0h~n+l 


5=o 


(h  I  riW  »/)+i-7(,?(-7«  V  , (2j  +  ?a) (2j  + 1  +  7tt) [2/ - 1  +  2m ]  ,  dh  n+lQ,j+m 

_  {h+  1}2j  Zj mKJh +1 — w) /2j  ~~ 1  W  ~^+w 

77=0  777=0  5=0 


(A -b  1 )  <7 1 ,  *  _  1 


(43) 


where  A  =  1,  2,  3, . »  . 

This  set  of  equations  represents  a  formal  and  rigorous  solution  of  the  problem  of  potential  flow  about  a  body 
of  revolution  with  flow  normal  to  the  axis  of  symmetry.  The  only  unknown  quantities  are  the  infinite  number 
of  Cn  s.  The  other  quantities  appearing  in  the  equations  are  determined  as  in  equations  (39). 

If  the  meridian  profile  is  an  ellipse  A =a0,  the  a1)n’s  are  all  zero  and,  from  the  second  expression  of  equa¬ 
tion  (43), 


W  1  \  1  ]  I  dQ.2n+\+h  (2 71  h  2)/^. 

Zr  j  ~~h!\2n\  l  0  da0  (2 n+h)l  V 


C-2„4-\4-h - 0 


277+1+7?  |  '-72??+1+7j 


n—o 


where  h  =  1,  2, 
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This  expression  represents  an  infinite  set  of  linear 

homogenous  equations  in  the  unknowns  C2,  C3, . 

and,  since  the  determinant  of  the  coefficients  is  differ¬ 
ent  from  zero,  it  immediately  follows  that  the  only 
solution  is  C2—C2—Ci—.  .  .  .  =  0.  From  the  first 
expression  of  equation  (43),  it  follows  that 

a0 


Cv 


This  result  could  have  been  easily  obtained  from  the 
general  expression  for  the  velocity  potential  given  by 
equation  (26).  Thus,  assume  that 


<tn—2aV cos  0(X2-1)*(1 

If  the  body  moves  in  the  positive  direction  of  the  y 
axis  with  constant  velocity  V,  it  may  be  supposed  to 
be  at  rest  and  the  fluid  to  have  a  translation  —  V  super¬ 
posed  on  its  actual  motion.  Accordingly 

$=2aV  cos  e(X!-l)*(l-M2)qy.^+l) 

At  the  surface  of  the  ellipsoid  of  revolution  gener¬ 
ated  by  the  ellipse  A=«0,  the  normal  velocity  of  the 
fluid  must  be  zero.  Therefore 


dcf) 

dn 

From  Legendre’s  equation 


=2 aV  cos  6 


Clc 


A 


[cm 


Hence  (see  reference  10,  p.  133) 

«o 


Cv 


-«0 


ao#-26,(ao) 


0  log  — 

2  cl0—  1 


«o 


—  9 


(o  ^  «0  1  «0'  1 

In  the  appendix  an  application  of  the  boundary  con¬ 
dition  (equations  (30)  and  (43))  for  axial  and  trans¬ 
verse  flows,  respectively,  is  made  to  a  body  of  revolu¬ 
tion  obtained  from  a  symmetrical  Joukowsky  profile. 

INERTIA  COEFFICIENTS  OF  BODIES  OF  REVOLUTION 

It  is  of  some  interest  to  obtain  the  coefficients  of 
inertia  for  axial  and  transverse  flows  and  also  to  com¬ 
pare  them  with  those  of  an  ellipsoid  of  revolution  of 
equal  fineness  ratio  (references  11  and  12). 

When  a  body  moves  in  a  fluid  at  rest  at  infinity  the 
total  kinetic  energy  of  the  fluid  is  given  by 


2T=-aff^dS 


(44) 


where  </>  is  the  velocity  potential  of  the  fluid  motion, 
^  the  normal  derivative  of  4>  where  the  positive  direc¬ 
tion  of  the  normal  to  the  surface  of  the  body  is  into  the 
fluid  and  the  integration  is  performed  over  the  surface 
of  the  body;  a  denotes  the  density  of  the  fluid. 


+  ao-^+«o  I— — 0 


da02 


~]d_\ 

dn 


FLOW  PARALLEL  TO  THE  AXIS  OF  SYMMETRY 

Since  the  velocity  potential  of  this  type  of  flow  is 
independent  of  the  angular  coordinate  d,  the  following 
equation  may  be  written  for  the  element  of  surface: 

dS=2wpds 

where  ds  denotes  the  element  of  length  along  a  merid¬ 
ian  profile.  Hence, 

00 


2  T=  - 2  7T  (7  xj)  i 


If  the  body  moves  in  the  direction  of  its  axis  of  sym¬ 
metry  with  a  uniform  velocity  U  the  boundary 
condition  is 

00  ,  TTdz  i 

-A-ds=  —  L  ds 
on  on 


Also,  according  to  equation  (24) 


0’ 


ds 


_\A2 —  1  /  dp 


1 


»> 


dn 

Therefore, 

2T=  —  SttuwJ  ’  0  ^(1  -m2)  X  (X2-  l)p]dp 
In  general  then 


co 

2  T=  —  8  7 T(l2cU  ^  |^  ( 1  —  /X2)  X  ^  —  ( X2  —  1 )  pjy  An  Pn  (p)Qn(  X)  dp 

71  =  1 


(46) 


If  M  is  the  mass  of  fluid  displaced  by  the  body,  then 
the  coefficient  of  inertia  ka  is  the  quantity  multiplying 
MTJ2  in  the  expression  for  2  T. 

If  the  body  is  a  prolate  spheroid  \—a0  the  foregoing 
expression  for  2T  becomes: 


2T=^c(2ayU2(a02-l) 


1  i  #oTl 

77  Go  log - T 

2  u  *  a0—  1 


1 


«o 


_Iloo.^o±! 

D2-l  2 10&  a0—  1 


But  2 a=Ae,  a0=—  and  2a(a02— 1)1=7?  where  A,  B 

are  the  semimajor  and  semiminor  axes,  respectively, 
and  e  the  eccentricity  of  the  elliptical  meridian  section. 
Therefore 


2T- 


1  !  1  Tfi 

TrlogT - 1  . 

2e  bl—e  4 

"1  T,  1+e  3 

1  —  e2  2e  °&  1  — e 


TrAB2<rU2=kaML 
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The  strength  per  length  dz\  is  then 
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The  coefficient  of  inertia  for  a  prolate  ellipsoid  in 
uniform  axial  motion  is  then  given  by 


ka  = 


LiogL±f. 

2e  s  l -e 


1 


1 


1 


log 


(47) 


1  — e2  2e  1  —  e 

(See  reference  10,  p.  144) 

Equation  (46)  is  now  evaluated  for  the  case  of  a 
body  of  revolution  obtained  from  the  Joukowsky  pro¬ 
file  ex  =  0. 1 5,  e2=0.10.  (See  appendix.)  The  volume 
of  this  body  is  found  to  be 

(2— (2a)3  X  0.05342 

so  that  the  expression  for  2 T  may  be  written: 

o 'r_27r (2a)3 X 0.003 139  _ 

~ J  aQb2 

g7r(2a)3X0. 05342 

or  ka= 0.0881.  (See  table  I.) 

Compare  this  value  of  ka  with  that  of  a  prolate  sphe¬ 
roid  whose  fineness  ratio  is  the  same  as  for  the  above- 
mentioned  body  of  revolution.  The  fineness  ratio /is 
defined  as  the  ratio  of  the  length  to  the  maximum 
diameter  of  the  body.  The  maximum  diameter  is 
obtained  from  equation  (53)  by  means  of  the  condi¬ 


tion 


dp 


dv 


0  and  the  length  of  the  body  is  given  by 

f=2a(XM=1-j-  XM=_1).  By  means  of  these  expressions  it  is 
found  that /=  4. 208.  The  fineness  2’atio  for  an  ellipse 
is  given  b}7 

J-  A  1 


B 


Jl-e2 


or 


e  =  -y/l  — jr2  —0.97 1 


where  e  is  the  eccentricity  of  the  ellipse. 

Substituting  this  value  of  e  into  equation  (47),  the 
following  value  of  ka  is  obtained, 

A,,a=0.0757 

A  theorem  enunciated  by  Munk  (reference  13)  states 
that  when  the  disturbance  caused  by  a  body  moving  in 
an  infinite  fluid  is  replaced  by  fictitious  sinks  and 
sources,  the  total  mass  is  the  sum  of  the  products 
obtained  by  multiplying  the  intensity  of  each  source  or 
sink  by  the  potential  of  the  parallel  flow.  This 
theorem  will  now  be  shown  to  be  only  a  first  approxi¬ 
mation  and  to.  hold  exactly  only  for  ellipsoids  of 
revolution.  Thus  from  equation 


1 0 


co 

t) =2i^y^  An 

7i  =  l 


P«(X  i) 


where 


9 


a\i 


4-iraa  ^An  7A(X:)  d\i 

n  =  l 

The  velocity  potential  at  (tj,  0)  of  the  parallel  flow  is 
given  by 

4>=2a  U\i 

Hence,  according  to  Munk’s  theorem 

oo 

2Ttotal=8Tr(ra2l/y^An  |  Xx  P„(Xj)  dXx 

n  =  1 


or 


2  T 


total * 


-b^U2ib 


Therefore 


2  Tt 


fluid ' 


4  7r(2a)3  Ax 
3  Q  2aU 


> 


1  )MU2 


where  Q  is  the  volume  of  the  body  and  M  is  the  mass 
of  the  displaced  fluid. 

The  coefficient  of  inertia  for  axial  flow  is  therefore 


u  _  4  7r(2a)3  Ax 

a~  3  Q  2 aU 


1 


This  expression  for  ka  is  valid  for  a  prolate  ellipsoid 
but  is  not  valid  for  a  more  general  shape. 

It  is  obvious  from  this  expression  that  Monk’s 
theorem  applies  exactly  only  to  ellipsoids  of  revolu¬ 
tion  since  only  the  coefficient  Ax  appears.1  In  order  to 
provide  a  numerical  comparison  between  Monk’s 
theorem  and  the  exact  method,  the  foregoing  equation  is 
evaluated  for  the  body  of  revolution  whose  meridian 
curve  is  the  Joukowsky  profile  ex  =  0.15,  e2=0.10.  It 
yields  a  value  £tt=0.0717  as  compared  with  the  more 
exact  value  ka—  0.0867  already  obtained  by  means  of 
the  fundamental  equation  (46). 

FLOW  NORMAL  TO  THE  AXIS  OF  SYMMETRY 

For  flow  normal  to  the  axis  of  symmetry  the  velocity 
potential  depends  not  only  on  the  elliptic  coordinates 
X,  p,  but  also  on  the  cylindrical  coordinate  6.  Hence, 
the  equation  for  the  element  of  surface  dS  is 

dS—pddds 

and  equation  (44)  becomes 

2  T=-cSfrtjgidxde 

If  the  body  moves  in  the  direction  of  the  transverse 
axis  Ox  with  a  constant  velocity  \'  the  boundary 
condition  is 


d<j> 

d^ds= 


dp  , 

cosed hds 


1  The  above  criticism  of  Munk’s  theorem  has  been  found  to  be  incorrect.  (It  is  to  be  noted  that  the  volume  of  the  body  contains  all  of  the  coefficients  A„  implicitly.) 
This  theorem  may  be  readily  verified  by  applying  Green’s  second  theorem  to  the  space  internal  to  the  shape  and  enclosing  the  appropriate  distribution  of  sinks  and 
sources  7.  Then  if  <I>,  =  Ux  and  <h2=<J>  (where  A2<t>+7=0),  Green’s  second  theorem  together  with  equation  (44)  immediately  yields  the  following  expression  on  Munk’s  theorem: 


27’  fluid 


L  UKv  (volume  of  body)  =  — 


fff  Ut.A&  d r  =  f  S  f  Ux. 7  (It 


200 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


Also,  in  general 


lienee 


oo 

0=2  a  V  cos  0(A2 —  1)  -  (1  -tfiS'Cn 

nn  71  = 


,  dPndQn 
dfx  d\ 


From  equation  (45),  it  follows  that 

Op2 


dn 


ds=—Sa2(l—/j.r)i  (A2 —  1) -  (pc/A-f- A(/p) 


22  =  (2o)3..F-£  (1  -P) (x2-d(4>x)2 rf. 


(48) 


For  a  prolate  spheroid,  A=a0  and 

<l>=2aV  cos  e(X!-l)t  (1-M2)* 


where 


6V 


tto 


a°rf«l  2ft(ao) 


Therefore 

2  T=  - 


a0 


.  «o  + 1 

— x  lor 


a°2  1  2  *a°  - IT  A  B2a  V2 = k  tA  I V  2 


f/oi  ao  ~T  l  ,  Co 
lor  -ttut 


2  ^ao—  1  c0“  1 


or 


JC  T - 


1  1  —e2,  l+e 

e~  2eA  to  1  —  e 
1  i  1  e2 ,  1  H~g 

- 7>~r  o~  U  log  r— 

e*  2eA  tel—  e 


(49) 


(See  reference  10,  p.  145.) 

For  the  body  of  revolution  whose  meridian  curve  is 
the  Joukowsky  profile  ei=0.15,  e2  =  0.10  (see  appendix) 
it  is  seen  from  equation  (48)  that 

2T=  ^WXO.059587  Q=0Jjm  xM  y! 

|  7T (2a)3 X 0.05342 

O 

Therefore  £>=0.8366.  (See  table  IT.) 

According  to  equation  (49)  for  the  prolate  ellipsoid 
of  equal  fineness  ratio /=4. 208  and  £>=0.8689. 

According  to  Munk’s  theorem  the  inertia  coefficient 
£>  of  transverse  flow  may  be  obtained  from  the  doublet 
distribution  along  the  axis  of  symmetry.  Again,  as  in 
the  case  of  axial  flow,  this  theorem  is  a  first  approxima¬ 
tion  and  holds  exactly  only  for  ellipsoids  of  revolution 
since  an  expression  for  £>  is  obtained  that  contains 
only  the  coefficient  C\.  Thus  from  equation  (30)  it 
follows  that 


71  =  1 


co 

J(z,)  =  -  8«t2F(l  -  X,2)  ^  O.  ^ 

71  =  1 


Then  according  to  Munk 


2 Tl0tal=oV^  ^  J(2a\l)2ad\l 


or 


2  T  total—  —  lOxaVI 


72EC"£(1-X'2)3V3VrfX' 

n  =  1 


since 


Hence 


and 


dPx 


d\ 


“Ttotal=  -~ira(2a)zV2Ci 


|  ir  (2  a)*Cx  +  Q 

~Tfluid— —  - - * - MV* 


or 


l\  7’ - 


Q 


|x(2«)3C,  +  <? 


Q 


In  order  to  give  a  numerical  comparison  between 
Munk’s  theorem  and  the  exact  method,  the  fore¬ 
going  equation  is  evaluated  for  the  body  of  revolution 
whose  meridian  curve  is  the  symmetrical  Joukowsky 
profile  ei  =  0.15,  c2=0.10.  It  yields  a  value  £>=0.8210 
as  compared  with  the  more  exact  value  £>=0.8366 
obtained  from  the  fundamental  equation  (48). 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Ya.,  November  12,  1984- 


appendix 


APPLICATION  OF  THE  ANALYSIS  TO  SURFACES  OF 
REVOLUTION  OBTAINED  FROM  SYMMETRICAL  JOU- 
KOWSKY  PROFILES 

By  means  of  the  mapping;  function 

2 

r=r/+p  (50) 


transformation  from  the  rectangular  coordinates  (2,  p) 
to  the  elliptic  coordinates  (£,  77).  Since  (2,  p)  refer  to 
points  of  the  Joukowsky  profile  J ,  using  equations  (51) 
and  (52),  the  following  parametric  equations  of  the 
system  of  symmetrical  Joukowsky  profiles  may  he 
obtained 


the  circle  l\  of  radius  a  in  the  'p  plane  is  transformed 
into  the  line  segment  (—2a,  0;  2a,  0)  in  the  f  plane 
and  the  circle  of  radius  (IT^-j-e^Ja  with  center  at 
(e,  a,  0)  is  transformed  into  a  symmetrical  Joukowsky 
profile  J  in  the  f  plane.  (See  fig.  2.) 


P‘ 

i 


y '  plane 


Figure  2.— Mapping  of  a  circle  into  a- symmetrical  Joukowsky  profile. 

If  in  the  p  plane  PQ=ae fo,  PO—ae *,  angle  POQ= 77, 
and  angle  PQz' —dp  then,  according  to  the  law  of 
cosines, 


e 2(£  ?o)  =  1  +25  cos  0 -J-52 


(51) 


where  8=v- — L- — 

1  +ei  +  e2 

Again,  by  the  law  of  sines 


sin  d> 

tan  v~n — — 7 

5-f-cos  cj> 

Putting  p=aei+iv  into  equation  (48), 


(52) 


=  2a  cosh  (£+177) 

or  z—2a  cosh  £  cos  77,  p  —  2a  sinh  £  sin  77 
1  lie  latter  two  equations  are,  in  fact,  the  equations  of 


\  =  6 1  (1  ~4-25fT52)  tt  5 

28  1 2e1(l+25r+52)^ 

5-f-p 

M-_(1  +  2  5f+52)^ 


(53) 


I 

where  X=cosh  £,  p=cos  77,  and  r=cos  </>  (the  inde¬ 
pendent  parameter). 

from  these  equations  X  can  be  expressed  as  a  power 
series  in  p  by  means  of  a  Maclaurin’s  expansion  in  the 
neighborhood  of  p  =  0  (i.  e.  v=—8).  Thus,1 


X— 1  +  ay-p^T2— -  ^  (54) 

where 

.  _6,2(l-52)-52  .  5 

0  26,5(1  -S2)^  ’  “  6,2(1  -52)  +  52  and  7~jjZIg2fl 
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Equation  (39)  is  a  set  of  linear  equations  for  the 
infinite  number  of  unknown  coefficients  rl„  and  pro¬ 
vides  a  solution  of  the  problem  of  axial  potential  flow 
about  a  body  of  revolution.  In  practice  it  is  necessary 
to  evaluate  only  the  first  few  coefficients  .  1  n.  From 
equation  (39),  neglecting  the  rln’s  after  A5,  the  follow¬ 
ing  equations  are  obtained: 

1  This  power  series  suggests  the  form 

yf  l  +  >2) 

In  fact,  if  the  expression  for  m  from  equation  (53)  is  herein  substituted  the  equation 
for  X  is  obtained. 
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8a,'o^"4i+8^"42_2ai'“a§43_6^"4‘+a,o^"l5=0 
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c/a0; 


d(k 

d2Q,  A  ,o/J(?3  «„  ^3 


^i+16a,-°rf5?42+2  O0*;-2®'' 


-0 


^3  rS\A 


1  da02~~ai'°  dajjxxz  ^lfida0^ 
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V  da0  ~~Ql1  da02~aifi  d^)A'a 
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8V6ai-2^  +  6ai-°ai-1^+ai-°  ^4y)^l  +  24(v2«l.l^A  +  «1.0 
J-oTr^r  A  3^4^3~14 

+  2L6(  ,-°  ll2)  da02~6aifia'''  rfa03_  1,0  da04_T3 


+  6  14 


(w^_6a,,^_3ai/^ 


c/a0  ’  <r/a02  ,0  da 03 


A4  -f- 


[6(fl,-2_ 14«„)^  +  +«..»  (/ao4 


] 


A,= 0 


8  [o4a  d'Q' 

L  13f/«o2 


2  +  12(2a,  ,#1.2+a,  ll!)^  +  12«u«1/^l  +  a,.„*SSl 


2d4Q  i 

d2Q2  ,  d3<?2  ,  „  3 d4Q2 


dad  J 


+32v6a,w  +6o,-«o>-i^+a-*®M 


(too4 


+  2^24(50,.,  a,.,)  rf^3  +  12(ofl,,,r  2'+o«u  Oi.i2)^-  12auo,/^ -a,,„4 g^-f]  +3 
+  24r2(7a1.0-3o1,2)^-6o,.0ou^-a1,03^l+4 


(55) 


da04J 


+  [504S_24(14a'-'-®‘’3)^+12(2®‘'«a'.2+au2-14a1.0!)^  +  12o1,o,.„2^|+a,..4rf3ft 


dad 


o 


4S =0 


The  coefficients  of  the  unknown  AL„’s  can  be  calcu¬ 
lated  simply  by  a  knowledge  of  power-series  develop¬ 
ment  of  X  in  /u  (i.  e.,  the  quantities  a0,  auo,  au,  .  .  .  are 
obtained  from  equation  (33)).  The  zonal  harmonics 
Qn  («o)  are  given  by  means  of  the  recursion  formula: 

(n + 1 )  Qn+i  (a0)  —  (2  n + 1 )  a0Qn  (o0)  +nQn_x  (a0)  =  0 


In  the  application  of  this  recursion  formula  it  is  neces¬ 
sary  to  calculate  Q0(ao)  and  Qi(ao)  independently  where 


Qo(a0)  =  \  log  and  Qx (a0)=a 

lift  1 


0^0  v.uo 


-1 


dQn 


The  first  derivatives  are  then  obtained  from  the 

dcLo 

following  relation: 


^vS+s=(1+<'»)3^+eoW+3e,(«o)+5Q2(«o)+ . . .  +(2»+i)c.(«o) 


where  it  is  necessary  to  determine  independently. 

In  order  to  calculate  the  higher  derivatives  the  pre¬ 
ceding  recursion  formula  may  be  repeatedly  differen¬ 
tiated  with  regard  to  a0.  The  higher  derivatives  of 
Qo  and  Qi  are  obtained  independently  by  means  of  the 
(r — 1 ) th  derivative  of  Legendre’s  differential  equation: 


(a02— 1) 


d^Q» 

daJ+1 


+  2r(l*J(tr  ~  (n  +  r)  (n—r+ 1) 


dr~lQn 

dad-1 


0 


If  the  constants  a0,  rtu,  alj2,  •  •  •  and  the  various 
derivatives  of  Ql  are  known,  the  coefficients  of  the 
unknowns  At  in  equation  (54)  are  easily  calculated. 
The  resulting  system  of  linear  equations  can  then  be 
solved  for  the  Ah’s  which  in  turn  determine  the  poten¬ 


tial  function  4>  given  by  equation  (10).  A  knowledge 
of  the  potential  function  yields  directly  the  velocity  u 
given  by  equation  (16).  Finally,  according  to  Ber¬ 
noulli's  equation,  the  pressure  p  on  the  surface  is 
given  by 

P~d  2  Pu2—PoA  2  pt  2 
or 


0,=' 


P  —  Vn 


P, 


l~\mwherei)s=iU2 


The  numerical  work  is  straightforward  but  somewhat 
tedious  owing  largely  to  a  lack  of  tables  of  the  zonal 
harmonics  of  the  second  kind. 

As  an  illustration  of  the  procedure  here  outlined, 
consider  the  body  of  revolution  whose  meridian  curve  is 
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the  Joukowsky  profile  (reference  14)  defined  by  e)  =  0.15 
and  62=0.10.  (See  fig.  2.)  From  equation  (53)  there 
can  be  written  then  for  the  power-series  development 
of  X: 

\=1.02340  +  0.02630/x+0. 007476+ 

-  0.0000273+ +  •  •  •  ,  (56) 

a  very  rapidly  convergent  series. 

19.385  Ax  -  3.780 

10.372  Ax—  7.635  A2~  2.342 

-  1.152  Ax+  1.294  +2 —  0.810 

-  0.500  Ax  A-  0.685  A2—  0.763 
-27.957  /F  +  39.785  +2-57.432 

The  solution  is  given  by 2 


Here 

a0=  1.02340,  aj  o=0.0263,  ax  !=0. 007476, 
a,  o=0,  alt 3=  -0.0000273,  .... 

The  zonal  harmonics  of  the  second  kind  and  their 
derivatives  are  given  by  table  IIT. 

Substituting  these  numerical  values  into  equations 
(55)  the  following  set  of  live  linear  equations  is  ob¬ 
tained  for  Ax,  +2,  +3,  +4,  and  A5: 


+3 

+  1.400 

+5=2, 

a3-\- 

4.333  +4  + 

+5=0 

+3- 

0.850  +4+ 

+5  =  0 

+1+ 

0.300  +4  + 

+5  =  0 

+3+63.549  +4  + 

+5  =  0 

Ax  =  0.0573 X2aU,  +2=0.0726X2a£7,  +3= 0.0296 X 2a U,  +,= 0.0065  X2a£7,  +5=0.0015X2« U 
The  sink-source  distribution  obtained  from  equation  (19)  is: 


J(2aX1)=47raC/(— 0.0339  +  0.0157X1  +  0.0846X12+0.0606X13  +  0.0283X14+0.0119X15)  (58) 


Figure  3  shows  a  graph  of  this  function  with 
Z(2aX1)/47rfl7r  as  ordinate’and  X4  as  abscissa. 


In  order  to  obtain  the  pressure  distribution,  the 
following  expressions  can  be  evaluated  at  a  sufficient 
number  of  points  of  the  boundary: 


5 


71=1 


and  then  substituted  into  equation  (16)  for  u2  where  u 
is  now  the  velocity  at  the  surface  of  the  body  with  the 
body  considered  to  be  at  rest  with  regard  to  the  fluid. 
The  velocity  u  is  calculated  by  means  of  the  following 
expression: 


1 


x2-  + 


(X2-l) 


p.GO+m  +  U~+) 


(59) 


Note  here  that  the  velocity  potential 

d>=2af7[0.0573  jPi(m)Qi(m)  +  0.0726  P2(m)(M+  +  •  •  •  +0.0015  P6(m)Qs00] 


is  exact  for  the  body  of  revolution  obtained  by  super¬ 
posing  a  uniform  velocity  U  on  the  flow  from  the  sink- 
source  distribution  given  by  equation  (58).  This  body 
is  a  very  good  approximation  to  the  actual  body 
obtained  by  revolving  the  Joukowsky  profile  about 
the  axis  of  symmetry,  so  that  in  calculating  the  pres¬ 
sure  distribution  it  is  permissible  to  use  the  (X,  m) 
values  as  given  by  equation  (55). 

Table  IV  shows  the  sequence  of  operations  to  be  fol¬ 
lowed  in  obtaining  the  pressure  distribution  and  figure 
4  presents  graphically  the  pressure  distribution. 


2  In  its  exact  form  the  system  contains  an  infinite  number  of  equations  with  an  infinite  number  of  unknowns  Ai,  Aj,  .  .  .  .  lor  practical  purposes,  however,  I  ho 
following  method  of  solution  is  suggested.  Suppose  the  system  of  equations  to  have  been  solved  to  an  arbitrary  degree  of  approximation,  say  three.  Then  to  this  solu¬ 
tion  there  corresponds  a  definite  sink-source  (or  doublet,  as  the  case  may  be)  distribution  from  which  can  be  obtained  the  corresponding  profile  and  hence  a  (X,  m) 
curve.  This  (X,  M)  curve  can  then  be  compared  to  the  (X,  „)  curve  of  the  actual  profile.  In  order  to  improve  the  approximation,  the  true  (X,  m)  curve  can  be  shifted 
in  such  a  manner  that  a  repetition  of  the  process  of  solution,  to  the  same  degree  of  approximation,  yields  a  new  system  of  (X,  n)  values  closer  to  the  actual  set  of  (X,  a) 
values  than  the  first  approximation.  In  this  manner  the  process  can  be  carried  on  until  the  desired,  degree  of  accuracy  is  obtained. 
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From  equations  (43),  for  the  first  five  coefficients 
Cu  C2,  C3,  C4,  Ca  the  following  set  of  linear  equations 
can  be  obtained: 


A'=a°fr2Q' 

at 


AllC,+Ai‘C,+A,>Ct+AltCi+At‘Cl=<h 
AllCl+At2C1+A,zCz+AtlCi+Ai’Ci=i  o„  ,_2 
where  i= 2,  3,  4,  5 
and 


A  4—  —  ^  n  dQ* 

Ai=^—(—a  d®5  i  r(j  \ 
Al  4  \2  a°da0  1  ^7 

A1— a  (a  °  dQi 

A 2  -ai>V°^a02 


“  da, 


A2!-s[<i1.0’'|&  +  (a0+2au)  6ft] 

A2<=-^[a,„2^  +  «lo+2(l,,)g-20ft] 

A  l_«0«1.02  ,  _  2v«Pgl  „  «[gl 

As~  2  da03  +  ((7°cfl’1  ai-° }  da02  Sa'-1  da0 

Sah03d3Q2  fn  N  d2Qo  ,  ,0  „  N 

“3L"2"  ^7+ai-o(3a>.i+«o)  35?  +  (3a,l2-7a1,o) 


A2- 


A33= 


'3[a°4’°  l?3  +  2  (aoai.i-16a1>02)  2  (5a°+33ai,i)  ^+30&] 


^34_  2  [  2°  +ai.o(3a1,1  +  a0)  (3a1>2-28ali0) 

243i=^[^^  +  (aoaii,_43«,0Y|f-(14a0  +  S7«,,)g+420ft] 

a0au03dHl  ,  /  ai.oV<2,  ,  ,  0 

6  rfao^^'V^1'1  3  Jda/+(a°ai'2  3ai-°ai'1)  5a?“4ai* 

A  -3L  3f  +“-•»  2  S5T  +  (4allo<ii,2+2a1,1-+a0a,.1-4all0  )ST-  +  (4a,,3-9«1.I)a^J 

A.3= 


d§! 

25f/n 


UqUi.o" 


<23<? 


(60) 


4  c/a04  2  ^loAo^li  ~fli,o2)  ^3  A 2  (aoaL2  43ali0alii  5a0a10)  ^-y+3(35aii0 — --^1,2) 

A‘=-|[y^+3a,/yy-0^+3(4a,,o«,.2+2o1.,3-!-a0ai,1-l8«,,0!)^  +  (12a,.s-11l«,,,-7ao)^  +  l40ft 

A5=  +  „(a0a,il  —  !9a,/)  ^i  +  |  («o«i.2~  1  15a,,oau—  14a«Oi.o)^~2+3(133a,.o— 29au) 

d  i dbQ\  .  ai,of  th.o2\dAQ\  .  /  a0ai.i  —  3ali02\d3Qi  ,  ,  n  ?  a  \d2Q\ 

rl5“  24  (/(ioi+  2  l¥u  6  yW+\  °  1,0  1,2  14  2  yda03+(a°ai4_“ai’1  _4  1'°ai4)'^_5  ''"(/o 
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Satf&Q*  I  35ai,, -ba0d4Q2  ,  i  3  9 \  cPQo 

V!=31_  4 Tdri+a'K°  ~JJ~  *oi+a,'»(5 - 27 - +«o“u- 2 «..o2)  ^3 

(5ai.3ai,0+  3!  (f  l  1J  -  p  fti/f ,  3  10(1]  +  (5ttlt4 —  1  lttj  2)  — ^”1 


t/a0J 


1  fW^Ga  |  O'l.o2  /0n  io„  i\^Qi  |  3|~  ,  9  ~WQ? 

5—  2(  8  da05'  3  ^  a°ai’1  l^ai,o)  t/aQ4^_2l_a°  aiJ  — ai,o‘(°^o+53ai,i)  r(j^z 


A3=-r 


+3^«o(tti,3  5a,, ,)  ~\~ 2ct  1,0 (20<xli0  27a]2)  27(Zij2J^^|  "I-  15(17alfi —  1  laii3) 

srSai.o0 d5Q4  s5aiti-\-a0diQ4  f  (fi,o&i.2+(h,i2  ,  22  9 

A5 -  — 2I  ' ~JT~da^+  l'°  - 2 - 7/^4  “r3ffi,o(5 - 9 - MoOi.]-  ^-(U.o 


d?Q\ 


3  u',-°2)  c/a03 


-j-  (15(11,3(11,0 “I- 1  oai,2a4,iT 3(?odi,2  13oalf0(ii,i  i  RoQ'i.o)  T  (1 5dj  4  —  1 3S(Z x  2 ~ l- 161  <Xi  0)  7^“^ 


^-5|^64L'5§+-#  (6aotti,i~71ai,02)  -^f+jg^a0(aiii24-2a1,0ai,2)  — ai.o2(14a0+  143a,  ,i)J^^ 


+3[a0^ 


3  14aU  ,  9|  r>  \  i  161 

9(alii-+2aiioali2)  +— r~a 


8 


,3/ni  ,  „.0  ,(/Q5  945  n 

'•»  Jfa?  +  g  (21a.-  14oa,,3+6o8a,.,)-^  j-  ft 


Again,  substituting  the  numerical  values  given  by  equation  (53)  and  table  III  into  the  loregoing  expres¬ 
sions,  there  result  the  following  equations: 

-22.402  Ci-  1.363  <72+  34.018  <73+  2.578  04-  39.602  C5=  1.02340 

25.036  Ci— -67.392  C2-  45.658  C3+ 163.240  C4+  66.762  C5=0.05260 
-20.665  Ci  +  78.034  (72-132.860  C3-221.940  C4+497.330  C5=0. 02243  (61) 

-15.235  Ci  +  64.050  C2- 178.260  <73+202.310  C4-f  391.330  C5= 0 
10.437  C,— 46.495  C2+150.380  C3-361.150  C4-|-197.350  C5=0. 00014 


The  solution  is  given  by 

Cx  =  —0.0486 
C2=  —0.0178 
C3=  — 0.0027 


C4= -0.00028 
C5=  -0.00005 

The  doublet  distribution  function  J(2aXi)  then  be¬ 
comes: 


J(2aXi)  =  87ra2y(l-Xi2)  (0.0447  +  0.0512X1  +  0.01S7X12+0.0049X,3  +  0.0022X14) 


(62) 


The  graph  of  this  function  with  J /  8tv  a2  V  as  ordinate 
and  X4  as  abscissa  is  shown  in  figure  3. 

DETERMINATION  OF  THE  TRANSVERSE-FORCE  DISTRIBUTION 

When  the  axial  flow  is  combined  with  the  transverse 
flow  some  information  regarding  the  distribution  of 
forces  over  the  surface  of  the  body  can  be  obtained  by 
introducing  the  notion  of  the  transverse-force  coeffi¬ 
cient.  For  the  pressure  difference  at  the  surface, 
according  to  Bernoulli’s  equation: 

V  /t 72  1  T T2  2\ 

P  — Po=9^+ 2) 

where  p„  is  the*  pressure  at  an  infinite  distance  from 
the  body  and  q  is  the  velocity  of  the  fluid  at  the 


surface,  supposing  the  body  to  be  at  rest  and  the 

.  .  ,  U 

fluid  to  strike  it  at  an  angle  a  where  tan  a—y' 

Now  q  has  three  components — in  the  directions  ds\, 
ds M,  and  pdd.  They  may  be  denoted  by  qx,  q„  and  qe, 
respectively.  Also  denote  by  ux  and  aM  the  velocity 
components  of  the  axial  flow  and  by  V\,  rM  the  velocity 
components  of  the  transverse  flow  taken  in  the  plane 
6-—0.  Then, 

qx=ux~\-vx  cos  6 
q^Up+Vp  cos  6 
qe=ve  sin  6 

Introducing  these  values  into  Bernoulli’s  equation, 


p  _  p0 = £/2  +  V2  -  ux2  -  uM2  _  t’x2  cos2  6-v2  cos2  6 -vd  sin2  6-2  (uxVx+u^)  cos  0J 
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It  is  only  the  term 


criUxVx-^UfjV^)  cos  d—a(uv )  cos  6 


that  need  be  considered,  for  the  other  terms  have  equal 
values  for  6  and  7 r-0  and  accordingh7  vanish  when 
integrated  over  the  entire  cross  section.  The  resulting 
transverse  force,  relative  to  an  annular  element  of 
width  unity,  is  therefore 


dQ 

dz 


cos2  d  p  dd  =  a  r  p  {u  v) 


Klemperer  defines  the  transverse-force  coefficient  by 


0= 


dQ 

dz 

UU*+V2) 


—  2i rp 


(uv) 
U2jr  V2 


or 


2a 


(63) 


By  means  of  the  velocity  potentials  of  the  axial  and 
transverse  flows  this  last  expression  takes  the  following 
form:3 


_ §^_ 

2ai v  sin  2a 


(X2— 1)(1— m2) 


X2-V 


V  71=  1  /  7!  =  1 


«(»+l)<?„(X)-X^-*] 


T  x 


\^j2aU  dMn^n(X)  +  X)'^j<7”  d\\^^n+l)Pn^~^d~^ 

\n=l  /  ln=l 


+  M 


(64) 


Tables  IV  and  V  give  the  numerical  data  for  the 
evaluation  of  the  right-hand  side  of  equation  (61)  and 
figure  5  represents  graphically  these  numerical  results 


3  •  Z 

with  pr - . — pr-  as  ordinate  and  ~  (=A a)  as  abscissa. 

2a 7r  sm  2  a  2a  v 

According  to  theory  the  positive  and  negative  areas 

included  by  the  /3  curve  and  the  x  axis  are  equal;  that 

is,  there  is  no  resultant  lift  force  but  only  a  simple 

couple. 

REFERENCES 

1.  Taylor,  D.  W.:  On  Solid  Stream  Forms.  Trans.  Inst. 
Naval  Architects  (British),  vol.  xxxvi,  1895,  p.  234. 
Taylor,  D.  W.:  On  Ship-Shaped  Stream  Forms.  Trans. 
Inst.  Naval  Architects  (British),  vol.  xxxv,  1894,  p.  385. 


2.  Fuhrmann,  G.:  Theoretische  und  Experimentelle  Unter- 

suchungen  an  Ballon- Modellen.  Jahrbuch  1911-12  der 
Motorluftschiff-Studiengesellschaft,  p.  65. 

3.  von  Kdrman,  Th.:  Calculation  of  Pressure  Distribution  on 

Airship  Hulls.  T.  M.  No.  574,  N.  A.  C.  A.,  1930. 

4.  Lotz,  I.:  Calculation  of  Potential  Flow  Past  Airship  Bodies 

in  Yaw.  T.  M.  No.  675,  N.  A.  C.  A.,  1932. 

5.  Whittaker,  E.  T.,  and  Watson,  G.  N.:  A  Course  of  Modern 

Analysis.  Cambridge  University  Press,  1927. 

6.  Muller,  W.:  Mathematische  Stromungslehre.  Julius 

Springer,  Berlin,  1928,  pp.  60  and  70. 

7.  Theodorsen,  Theodore:  Theory  of  Wing  Sections  of  Arbi¬ 

trary  Shape.  T.  R.  No.  411,  N.  A.  C.  A.,  1931. 

8.  Whittaker,  E.  T.,  and  Robinson,  G.:  The  Calculus  of  Ob¬ 

servations.  Blackie  and  Son,  Ltd.,  1924,  pp.  209  and  291. 

9.  Schwatt,  I.  J.:  An  Introduction  to  the  Operations  with 

Series.  The  Press  of  the  University  of  Pennsylvania, 
1924,  p.  122. 

10.  Lamb,  H.:  Hydrodynamics.  Fifth  Edition,  Cambridge 

University  Press,  1924. 

11.  Bateman,  H.:  The  Inertia  Coefficients  of  an  Airship  in  a 

Frictionless  Fluid.  T.  R.  No.  164,  N.  A.  C.  A.,  1923. 

12.  Zahm,  A.  F.:  Flow  and  Force  Equations  for  a  Body  Re¬ 

volving  in  a  Fluid.  T.  R.  No.  323,  N.  A.  C.  A.,  1929, 
Table  III. 

13.  Munk,  Max  M.:  Notes  on  Aerodynamical  Forces — I. 

Rectilinear  Motion.  T.  N.  No.  104,  N.  A.  C.  A.,  1922. 

14.  Ferrari,  Carlo:  Sul  carnpo  aerodinamico  attorno  ad  un 

solido  siluriforme.  Memorie  della  R.  Accaclemia  delle 
Scienze  di  Torino,  Serie  II,  vol.  LXVII,  N.  4.,  1932. 

3  Mr.  Upson  has  kindly  pointed  out  to  the  author  the  very  close  check  of  his 
approximation  formula  (equation  (10),  N.  A.  C.  A.  Report  4051  for  the  transverc 
force  with  the  more  exact  equation  (63). 


POTENTIAL  FLOW  ABOUT  ELONGATED  BODIES  OF  REVOLUTION 


207 


TABLE  I 


(X2  — 1)^ 

dX 

(tn 

(1-M2)N 

(1  — M2)x 
dX 

(X2-1)m 

-U-m2)X 

dX 

du 

5 

y^.AnPn 
n=  1 

Qn(X) 

[(X2— l)M 

5 

AnPnfji) 

71  =  \ 

Qn(X) 

i 

0.  11757 

0.  04114 

0 

0 

0.  11757 

0. 10025 

0.01179 

.  9 

. 09814 

.  03968 

.  20000 

.  00794 

.  09120 

.08114 

. 00740 

.8 

.  08067 

.03821 

. 37772 

.01443 

.  06624 

. 06337 

.  00420 

.  7 

.06511 

.  03673 

.53319 

.  01958 

.  04553 

.  04695 

.  00214 

.  c 

.05129 

.  03525 

.  66680 

.  02351 

.  02778 

.  03191 

.  00089 

.  5 

.03916 

.  03376 

.  77882 

.  02629 

.  01287 

.01818 

.  00023 

.  4 

.  02859 

.  03227 

.  86950 

.  02806 

. 00053 

.  00575 

.  00000 

.3 

.  01950 

.  03078 

.  93908 

.02891 

-.00941 

-.  00503 

.  00001 

#  2 

.01175 

.  02929 

.  98780 

.  02893 

-.01718 

-.01464 

.  00025 

.  i 

. 00529 

.  02780 

1.  01585 

.  02824 

-. 02295 

-. 02294 

.  00053 

a 

0 

.  02630 

1.  02340 

.  02692 

-. 02692 

-. 02991 

.  00081 

t 

-. 00421 

.  02481 

1.  01064 

.  02507 

-. 02928 

-. 03560 

.  00104 

— .  2 

00744 

.  02331 

. 97770 

.  02279 

-.03023 

-.  04004 

.  00121 

-.3 

-. 00979 

.  02182 

. 92472 

.02018 

-. 02997 

-.  04324 

.  00130 

-.4 

-.01136 

.  02033 

.  85183 

.01732 

-. 02868 

-. 04522 

.  00130 

-.5 

-. 01219 

.01884 

.  75908 

. 01430 

-.  02649 

-.  04604 

.  00122 

f) 

-.01244 

.  01735 

.  64660 

.01122 

-. 02366 

-.04132 

.00107 

— .  7 

-.01217 

.01587 

. 51441 

.  00816 

-.02033 

-.  04433 

. 00090 

-.8 

-.01145 

.01439 

.  36257 

.  00522 

-. 01667 

-. 04203 

.  00070 

— .  9 

-.01041 

.01292 

. 19110 

.  00247 

-. 01288 

-. 03895 

.  00050 

-1 

-. 00912 

.01146 

0 

0 

-. 00912 

-.  03542 

.  00032 

According  to  the  trapezoidal  rule 

5 

/i  1  [  W- y Q„(X)dM=0.003139 

J  n=  1 


TABLE  II 


(X2  — 1) 
(1-/D 

dX,x 

(X2  1)  ( 1  M2) 

(mS+x) 

5 

•<C-\  dPn  dQn 

^-Cndn  dX 
n=  1 

(X2  —  1 )  ( 1  — M5) 

y  p  dl \j  d  Qn 
7  n  dfx  d\ 

i 

0 

1.  09839 

0 

0.  66858 

0 

.9 

.  02072 

1.  08882 

. 02256 

. 75868 

. 01712 

.  8 

.  03630 

1.  07978 

.  03920 

. 770^9 

. 03022 

.  7 

.  04744 

1.07118 

. 05081 

. 78269 

.  03977 

.  6 

.  05471 

1.  06302 

. 05816 

.  79534 

.  04626 

.  5 

.  05874 

1.05530 

.  06199 

.  80838 

.05011 

.  4 

.  06004 

1.  04803 

.  06292 

.  82192 

. 05172 

.  3 

.  05914 

1.  04120 

.  06 1 58 

.  83623 

.  05149 

#  2 

.  05641 

1.03482 

.  05837 

.  85079 

.  0)966 

.  I 

.  05237 

1.  02889 

.  05388 

.  86590 

. 04666 

0 

.  04735 

1.  02340 

.  04846 

.  88209 

.  04363 

-.  1 

.  04172 

1.01837 

.  04249 

.89411 

.  03799 

-.  2 

.  03573 

1.01378 

.  03622 

.91522 

.  03315 

-.3 

.  02968 

1.  00964 

.  02997 

. 93289 

.  02796 

-.  4 

.  02382 

1.  00595 

.  02396 

.  95040 

.  02278 

-.5 

. 01828 

1.  00269 

.  01833 

. 96979 

.  01777 

-.  6 

.01327 

. 99990 

.01327 

.98811 

.01311 

— .  7 

.  00886 

. 99754 

.  00884 

1.  00804 

.  00891 

— .  8 

.  00515 

.  99562 

.  00513 

1.  03084 

.  00529 

-.  9 

.  00219 

. 99414 

. 00218 

1.05385 

.  00230 

-1 

0 

.  99309 

0 

1.  27840 

0 

According  to  the  trapezoidal  rule 


(^+x)£o,^ 


dQn. 


dX 


du  =  0.05C5S7 


TABLE  III— (a0=  1.0234) 


71 

Qn 

dQn 

dao 

(PQn 
da  o1 

d3Q„ 

dao3 

d<Q„ 

dao4 

d>Q„ 
dao 5 

0 

2.  2299 

-21.  1202 

913. 16 

-7807! 

100107X102 

-17115X105 

i 

1.  2821 

-19.  3845 

892.  28 

-77157 

99326 

-17015 

2 

.8532 

-17.  2740 

855.  00 

-75394 

97792 

-16817 

3 

.  6005 

-15.  1187 

805.  90 

-72882 

95556 

-16526 

4 

.  4356 

-13.  0705 

749.  00 

-69752 

92690 

-16148 

5 

.  3220 

-11.  1983 

688.  24 

-66141 

89278 

-15692 

TABLE  IV 


1  ^ 

X 

l-M2 

X2-1 

X*-m2 

Pi 

P2 

Pi 

Pt 

Pi 

Qi 

Qi 

Qi 

Qi 

Qi 

1 

.95 
.  90 
.80 
.70 
.  60 
.  50 
.40 
.30 
.20 
.  10 

0 

-.  10 
-.  20 
-.30 
-.40 
-.  50 
-.  60 
-.  70 
-.  80 
-.90 
— .  95 
-1.00 

1.  0572 
1.  0551 
1.0531 

1.  0492 
1.  0455 
1.0419 

1.  0384 
1.0351 

1.  0320 

1.  0290 

1.  0261 

1.  0234 
1.0209 

1.  0184 
1.0162 
1.0141 

1.  0121 
1.0103 

1.  0087 
1.0071 

1.  0058 

1.  0052 

1.  0046 

0.000 
.  0975 
.  19 
.36 
.  51 
.64 
.  75 
.84 
.  91 
.  96 
.99 

1 

.99 
.96 
.91 
.84 
.  75 
.64 
.  51 
.36 
.  19 
.0975 

0 

0.  11757 
.  1133 
.  1090 
.  1008 
.  0930 
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FLIGHT  INVESTIGATION  OF  LATERAL  CONTROL  DEVICES  FOR  USE  WITH 

FULL-SPAN  FLAPS 

By  H.  A.  Soule  and  W.  H.  McAvoy 


SUMMARY 

Flight  tests  were  made  of  five  different  lateral  control 
devices  that  appeared  adaptable  to  wings  fitted  with  full- 
span  flaps:  Controllable  auxiliary  airfoils  ( airfoils 
mounted  above  and  forward  of  the  leading  edge  of  the 
wings),  external  ailerons  ( airfoils  mounted  above  the 
wing  and  slightly  forward  of  its  maximum  ordinate ), 
upper-surface  ailerons  (. similar  to  split  trailing-edge 
flaps  except  that  they  constitute  the  upper  surface  of  the 
wing),  ailerons  that  retract  into  the  wing  when  in  neutral, 
and  narrow-chord  conventional  ailerons  in  combination 
with  a  special  type  of  split  flap  that  retracts  into  the 
under  surface  of  the  wing  forward  of  the  ailerons.  The 
devices  were  tested  on  a  small  parasol  monoplane. 

Only  the  retractable  ailerons  and  the  narrow-chord 
ailerons  in  combination  with  the  special  split  flap  were 
found  to  be  satisfactory.  The  absence  of  appreciable 
aerodynamic  hinge  moments  of  the  retractable  ailerons 
was  considered  to  be  somewhat  objectionable  but  this 
characteristic  can  probably  be  remedied  by  a  slight 
modification.  The  external  ailerons  were  unsatisfactory 
in  the  normal-flight  range  because  of  an  irregular  varia¬ 
tion  of  their  hinge  moments  with  deflection  and  a  rela¬ 
tively  weak  rolling  action.  These  ailerons  are  believed 
to  warrant  further  development,  however,  because  they 
retain  their  effectiveness  above  the  stall.  The  controllable 
auxiliary  airfoils  had  lag  as  well  as  excessive  hinge 
moments  and  lienee  appear  to  warrant  no  further  develop¬ 
ment.  The  upper  surface  ailerons  had  excessive  hinge 
moments  but  were  otherwise  satisfactory . 

Experience  gained  in  the  use  of  flaps  during  these  tests 
has  indicated  the  desirability  of  a  flap  that  ca  n  be  operated 
quickly  and  easily. 

INTRODUCTION 

The  Natiom  1  Advisory  Committee  for  Aeronautics 
is  conducting  an  investigation  in  wind  tunnels  and  in 
flight  for  the  purpose  of  improving  the  lateral  control 
of  airplanes.  In  the  wind-tunnel  investigation,  the 
results  of  which  are  reported  in  reference  1,  a  compari¬ 
son  has  been  made  of  various  lateral  control  devices 
with  particular  reference  to  conditions  at  high  angles 
of  attack  where  conventional  ailerons  were  known  to 
give  unsatisfactory  control.  The  first  series  of  flight  1 


tests  (reference  2)  were  made  to  check  the  wind-tunnel 
data  on  several  of  the  more  promising  devices. 

In  connection  with  the  split  flap,  which  is  now 
coining  into  general  use  as  a  means  of  decreasing  the 
landing  speed  and  increasing  the  gliding  angle  at 
landing,  it  has  been  shown  (reference  3)  that  by  the 
present  practice  of  installing  the  flap  over  only  the 
section  of  wing  between  conventional  ailerons,  the 
full  potential  value  of  the  flap  is  not  realized.  An 
appreciable  reduction  in  the  minimum  flying  speed  of 
the  airplane  would  be  obtained  if  the  conventional 
ailerons  were  replaced  by  some  lateral  control  device 
permitting  the  use  of  a  full-span  flap.  Mr.  Zaparka, 
by  employing  external  ailerons  above  the  rear  of  the 
wing,  has  already  demonstrated  one  means  of  accom¬ 
plishing  lateral  control  with  full-span  flaps.  During 
the  wind-tunnel  tests  of  reference  1,  several  other 
control  devices  that  were  adaptable  to  wings  with 
a  full-span  flap  were  tried.  Of  these  the  controllable 
auxiliary  airfoil  (fig.  1  (a)),  the  external  aileron  mounted 
above  the  wing  near  the  maximum  ordinate  (refer¬ 
ence  1,  pt.  XIII)  (fig.  1  (b)),  and  the  upper-surface 
aileron  (reference  1,  pt.  XII)  (fig.  1  (c))  showed  sufficient 
promise  to  warrant  testing  them  in  flight.  The  present 
paper  deals  with  the  results  of  flight  tests  of  these 
lateral  control  systems.  In  addition,  there  are  also 
reported  tests  of  two  lateral  control  systems  intended 
primarily  to  replace  the  conventional  aileron  control 
system  and  permit  the  installation  of  full-span  flaps; 
they  were  not  expected  to  give  control  above  the 
stalling  angle.  One  of  these  control  systems  consisted 
of  retractable  ailerons  (fig.  1  (d))  similar  in  form  to  the 
retractable  spoilers  of  reference  2  but  situated  near  the 
trailing  edge  of  the  wing  to  act  somewhat  in  the  manner 
of  the  upper-surface  ailerons.  The  other  consisted  of 
a  combination  of  very  narrow-chord  conventional 
flap-type  ailerons  and  a  special  type  of  split  flap 
(fig.  2)  that  retracted  forward  of  the  ailerons  similar  in 
manner  to  the  movement  of  the  Zap  flap.  The  motion 
of  the  flap  was  so  arranged  that  in  no  position  did  the 
flap  interfere  with  the  operation  of  the  ailerons. 

The  flight  tests  were  made  in  two  parts.  The  first 
part  consisted  of  tests,  similar  to  those  in  reference  2, 
l  in  which  the  pilots  recorded  their  impressions  of  the 
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effectiveness  of  each  lateral  control  device  in  a  series 
of  standard  maneuvers.  The  completeness  with 
which  these  tests  were  made  depended  on  the  findings 
on  the  first  flight.  The  second  part  of  the  tests  were 
made  only  with  the  retractable  ailerons  and  the  com¬ 
bination  of  narrow-chord  ailerons  and  special  flap,  the 
only  control  systems  found  to  warrant  additional 
tests.  In  the  more  complete  tests,  instrument  measure¬ 
ments  were  made  of  the  lag  characteristics  and  of  the 
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- 180  " — 

Controllable  auxiliary  airfoil 


(a)  Controllable  auxiliary  airfoil 


(b)  External  aileron 


Figure  1. — Lay-out  of  special  wing  equipped  with  plain  split  flap,  controllable 
auxiliary  airfoil  aileron,  external  aileron,  upper-surface  aileron,  and  retractable 
aileron. 

rolling  and  yawing  action  of  the  control  devices. 
These  values  were  compared  with  similar  results  ob¬ 
tained  with  the  standard  ailerons  of  the  Fairchild  22 
airplane,  the  airplane  on  which  the  various  lateral 
control  devices  were  mounted  for  the  tests. 

APPARATUS 

The  investigation  was  conducted  with  2  Fairchild 
22  airplanes  and  3  wings  for  these  airplanes,  the  stand¬ 


ard  wing  and  2  special  wings  incorporating  full-span 
flaps  and  the  special  control  devices.  The  Fairchild 
22  is  a  small  light  parasol  monoplane  shown  in  the 
photograph  in  figure  3  and  by  a  three-view  diagram  in 
figure  4.  The  standard  wing  and  control  system  for 
the  airplane  are  shown  in  figure  5.  The  wing  has  an 
N-22  airfoil  section,  circular  tips,  and  an  area  of  172 
square  feet.  It  is  installed  on  the  airplane  with  an 
angle  of  wing  setting  of  1°  and  a  dihedral  angle  of 
The  unbalanced  ailerons  have  a  chord  of  18 
percent  of  the  wing  chord  and  are  practically  full 
span  (83  percent  6/ 2),  extending  from  just  inboard  of 
the  circular  tips  to  the  center-section  cut-out  of  the 
trailing  edge.  They  are  operated  with  a  differential 
motion  having  an  up  deflection  of  19°  and  a  down 
deflection  of  8°. 

One  special  wing  (fig.  1)  was  of  the  same  section  and 
approximately  the  same  lay-out  as  the  standard  wing 
with  the  exception  that  this  wing  was  constructed 


Figure  2.— Lay  out  of  special  wing  equipped  with  split  flap  retracting  forward  of 
narrow  conventional  ailerons. 


with  square  tips  more  closely  to  approximate  the  model 
used  in  the  wind-tunnel  tests  of  reference  1 .  Its  area 
was  161  square  feet.  The  wing  was  installed  on  the 
airplane  with  the  same  angle  of  wing  setting  as  the 
standard  wing  but  with  3°  dihedral.  It  was  equipped 
with  plain  split  flaps  (fig.  1)  extending  from  the  tips 
to  the  center-section  cut-out  (90  percent  6/2).  Their 
chord  was  20  percent  of  the  wing  chord  and  their 
maximum  deflection  60°.  Originally  three  independ¬ 
ent  lateral  control  systems  were  incorporated  in  the 
wing:  The  controllable  auxiliary  airfoils,  the  external 
ailerons,  and  the  upper-surface  ailerons.  During  the 
course  of  the  investigation  the  wing  was  modified  and 
the  retractable  ailerons  were  added. 

The  controllable  auxiliary  airfoils  (fig.  1  (a))  were  of 
the  N.  A.  C.  A.  22  section  and  were  installed  with  their 
trailing  edges,  when  neutral,  15.2  percent  c  (where  c 
is  the  chord  of  the  main  wing)  forward  of  the  leading 
edge  of  the  wing  and  13.6  percent  c  above  the  chord  of 
the  wing.  In  the  neutral  position  their  chord  lines 
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were  parallel  to  that  of  the  wing.  Each  airfoil  had  a 
chord  of  15.2  percent  c  and  extended  over  the  semispan 
of  the  wing.  This  arrangement  was  found  in  reference 
4  to  give  the  greatest  increase  in  performance;  conse¬ 
quently,  in  the  present  installation  the  airfoils  func¬ 
tioned  as  a  high-lift  as  well  as  a  lateral  control  device. 
For  the  purpose  of  lateral  control  the  airfoils  were 
hinged  at  a  point  35  percent  of  their  chord  back  of  their 
leading  edge  and  2.8  percent  of  their  chord  below  their 
chord  line.  The  operating  mechanism  was  so  arranged 
that  the  right  airfoil  rotated  trailing  edge  down 
through  an  angle  of  45°  when  the  control  column  was 
moved  to  the  right,  while  the  left  airfoil  remained 
stationary.  For  a  left  movement  of  the  control 
column,  only  the  left  airfoil  was  moved. 

The  external  ailerons  (fig.  1  (b))  were  symmetrical 
airfoils  having  the  N.  A.  C.  A.  0012  section.  Their 
hinge  axes  were  located  10  percent  c  aft  of  the  leading 
edge  and  20.8  percent  c  above  the  chord  of  the  wing. 
Each  aileron  was  located  with  its  leading  edge  20  per¬ 
cent  of  the  aileron  chord  ahead  and  its  chord  line  11.2 
percent  of  the  aileron  chord  above  the  aileron  hinge 
axis.  The  ailerons  extended  55.5  percent  6/2  inboard 
of  the  wing  tips  and  had  “a  chord  of  15.2  percent  of  the 
wing  chord.  When  neutral  the  aileron  chord  was 
parallel  to  the  main  wing  chord.  As  with  the  control¬ 
lable  auxiliary  airfoils,  the  control  mechanism  was 
arranged  to  operate  only  one  aileron  at  a  time. 
Through  an  adjustment  of  the  linkage,  the  ailerons 
could  be  given  either  a  rotation  of  trailing  edge  up 
45°  or  trailing  edge  down  45°. 

The  upper-surface  ailerons  (fig.  1  (c))  had  spans  55.5 
percent  b/2  and  chords  18.2  percent  c.  They  were 
operated  up-only  with  a  maximum  deflection  of  40°. 
As  the  upper-surface  ailerons  most  nearly  approached 
the  conventional  ailerons,  means  were  provided  where¬ 
by  these  could  be  operated  as  a  safety  device  through 
an  independent  control  system  with  an  auxiliary 
control  stick  during  the  preliminary  flights  of  the 
controllable  auxiliary  airfoils  and  the  external  ailerons. 

The  retractable  ailerons  (fig.  1  (d))  were  developed 
during  the  tests  to  replace  the  upper-surface  ailerons 
when  it  became  apparent  that  the  latter  were  unsatis¬ 
factory  because  of  the  high  operating  forces  required. 
Each  aileron  consists  of  a  curved  plate  normally 
enclosed  in  the  wing  with  its  upper  edge  flush  with  the 
upper  surface  of  the  wing.  For  control  the  aileron  on 
the  wing  that  is  to  he  depressed  is  rotated  out  of  the 
wing  about  an  axis  coincident  with  the  center  of  cur¬ 
vature  of  the  plate.  As  the  principal  aerodynamic 
forces  on  the  plate  act  normal  to  the  surface,  the 
aerodynamic  hinge  moment  is  negligible.  The  differ¬ 
ence  between  the  retractable  ailerons  and  the  retracta¬ 
ble  spoilers  of  reference  2  is  in  their  location  on  the 
wing  surface,  the  retractable  ailerons  being  located 
on  the  after  part  of  the  wing  in  a  position  approxi¬ 
mating  that  for  the  hinge  line  of  the  upper-surface 


ailerons;  whereas  the  retractable  spoilers  are  located 
ahead  of  the  maximum  ordinate  of  the  wing. 

The  hinge  axis  of  the  retractable  ailerons  was  65 
percent  c  aft  of  the  leading  edge  and  18.4  percent  c 
above  the  chord  of  the  wing.  The  slots  through  which 
the  ailerons  projected  were  located  76.5  percent  c  aft 
of  the  leading  edge  of  the  wing.  The  over-all  span  of 
each  aileron  was  50  percent  6/2.  Because  of  inter¬ 
ference  with  a  principal  structural  member,  each  aile¬ 
ron  was  made  in  two  sections.  At  full  deflection  the 
ailerons  projected  12  percent  c  above  the  surface  of 
the  wing.  For  reasons  which  will  be  discussed  later, 
these  ailerons  were  operated  with  an  extreme  differ¬ 
ential  motion  instead  of  up-only,  despite  the  fact  that 
the  motion  of  the  down-going  aileron  was  entirely 
witliin  the  wing. 

The  second  special  wing  (fig.  2)  had  the  same  plan 
form  as  the  standard  wing  but  had  the  N.  A.  C.  A. 
2412  airfoil  section.  This  wing  was  installed  on  the 
airplane  with  a  dihedral  angle  of  }/2°  and  an  angle  of 
wing  setting  of  4  an  angle  which  gave  the  same  angle 
of  thrust  line  for  zero  lift  as  did  the  standard  wing. 
The  features  of  this  wing  were  a  special  flap  having  a 
span  of  78.9  percent  of  the  wing  span  and  a  chord  of 
20  percent  of  the  wing  coord,  which  when  fully  deflected 
was  in  the  same  position  relative  to  the  wing  as  the  plain 
split  flap  on  the  first  special  wing.  This  flap,  however, 
retracted  upward  and  forward  into  the  wing  in  a  manner 
similar  to  that  used  in  the  Zap  flap  so  that  it  would  not 
interfere  with  the  operation  of  a  very  narrow-chord 
aileron  of  the  conventional  flap  type.  The  aileron  had 
the  same  span  as  the  standard  aileron  but  a  chord  of 
only  13.6  percent  of  the  wing  chord.  In  order  to  com¬ 
pensate  for  its  smaller  chord  the  aileron  was  given  larger 
deflections  (up  25°  and  down  14°)  than  the  standard 
ailerons. 

TESTS 

In  accordance  with  established  practice  followed 
with  new  types  of  lateral  control  systems,  all  the 
devices  reported  in  this  paper  were  tried  out  in  the 
full-scale  wind  tunnel  before  they  were  used  in  flight 
tests.  The  wind-tunnel  runs  are  made  to  eliminate 
some  of  the  danger  of  the  preliminary  flights  by  giving 
the  pilots  an  opportunity  to  become  somewhat  familiar 
with  the  operating  characteristics  of  the  different  con¬ 
trol  systems  at  an  air  speed  corresponding  to  the  speed 
of  flight.  Usually  no  measurements  are  made  and  the 
results  of  the  tests  are  not  reported.  In  the  present 
case,  however,  note  is  made  of  the  tunnel  work  because 
tests  were  made  while  the  airplane  was  in  the  tunnel 
to  obtain  an  indication  of  the  lag  characteristics  of  the 
control  systems  in  which  the  control  surfaces  were 
mounted  on  the  forward  portion  of  the  wing.  The 
results  of  these  tests  are  included  with  the  flight  results. 

The  flight-test  work  consisted  of  preliminary  flights 
to  uncover  any  radical  differences  in  the  operation  of 
the  various  control  systems  from  that  of  conventional 
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Figure  3.— Fairchild  22  airplane. 
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ailerons,  of  observation  flights  in  which  the  pilots 
observed  the  control  action  for  a  series  of  standard 
maneuvers,  and  of  instrument  flights  during  which 
the  lag  and  the  rolling  and  yawing  action  were  meas¬ 
ured.  The  extent  to  which  the  tests  were  completed 
with  each  control  system  depended  on  the  findings 
of  the  preliminary  flights.  Thus,  only  the  preliminary 
flights  were  made  with  the  controllable  auxiliary  air¬ 
foils  and  external  ailerons  with  down-only  motion; 
whereas  the  complete  series  of  tests  was  carried  out 
on  the  retractable  ailerons  and  the  very  narrow-chord 
ailerons.  For  purposes  of  comparison,  the  tests  were 
also  conducted  with  the  standard  wing  and  ailerons 
for  the  Fairchild  22  airplane. 

The  tests  in  which  the  results  depended  on  the  pilot’s 
observations  alone  were  performed  independently  by 
two  pilots.  In  these  tests  the  airplane  w*as  put  through 
a  standard  series  of  maneuvers  designed  to  show  quali¬ 
tatively  the  effectiveness  of  each  device  in  producing 
lateral  control  and  its  effect  on  the  stability  of  the 
airplane,  the  pilots  making  notes  at  the  time  of  the 
tests  on  special  forms  provided  for  the  purpose. 

For  the  instrument  flights,  2  angular  velocity  re¬ 
corders  (1  to  record  the  rolling  action  and  1  the  yawing 
action),  an  instrument  to  record  the  lateral  position 
of  the  control  column,  an  air-speed  recorder,  and  a 
timer  were  installed  in  the  airplane.  The  procedure 
followed  in  the  tests  was  to  record  the  motion  of  the 
airplane  for  a  short  period  immediately  following  an 
abrupt  right  displacement  of  the  control  column  from 
neutral  during  steady  gliding  flight.  In  order  to  deter¬ 
mine  whether  or  not  the  control  action  of  the  devices 
tested  was  approximately  proportional  to  the  control 
displacement  and  whether  or  not  comparisons  could 
be  made  on  the  basis  of  the  action  at  full  deflection, 
a  series  of  runs  was  first  made  at  a  constant  air  speed 
in  which  the  control  action  for  several  intermediate 
stick  deflections  as  well  as  for  full  deflection  were 
recorded.  The  control  action  for  full  deflection  was 
then  measured  at  several  air  speeds  covering  the  lower 
portion  of  the  speed  range  where  most  difficulty  is  met 
in  obtaining  satisfactory  lateral  control. 

RESULTS 

Reduction  of  instrument  data. — Lag  in  the  control 
action  was  determined  as  the  time  between  the  initial 
movement  of  the  control  column  and  the  start  of  the 
rolling  action  in  the  desired  direction.  The  lag  for 
the  retractable  ailerons  may  be  noted  in  figure  6,  which 
gives  sample  time  histories  of  the  rolling  velocity  for 
the  different  devices  and  shows  the  general  character 
of  the  response  obtained  with  each  device  at  a  speed 
slightly  above  the  stalling  speed  for  the  given  wing 
arrangement.  Because  of  the  different  air  speeds  of 
the  tests  and  the  different  moments  of  inertia  of  the 
wings  used,  no  direct  comparisons  should  be  made 
between  the  curves  of  the  figure. 


An  inspection  was  made  of  the  record  of  the  vawine: 

_  .  v  o 

velocity  to  determine  the  sign  of  the  yawing  action 
relative  to  the  Z  body  axis. 

The  record  of  the  rolling  velocity  was  first  graphi¬ 
cally  differentiated  to  determine  the  maximum  angular 
acceleration  in  roll.  As  the  records  showed  that  the 
airplane  acquired  an  appreciable  rolling  velocity  while 
the  lateral  control  surface  was  being  fully  deflected,  it 
was  apparent  that  the  moment  which  could  be  com¬ 
puted  directly  from  this  acceleration  would  not  corre¬ 
spond  to  the  moments  obtained  from  wind-tunnel  tests 
where  the  model  is  held  rigidly  and  not  permitted  to 
roll.  In  an  attempt  to  make  the  flight  data  compara¬ 
ble  with  wind-tunnel  data,  the  acceleration  was  cor¬ 
rected  to  zero  rate  of  roll.  In  order  to  make  this 
correction,  the  maximum  angular  velocity  and  the 
angular  velocity  at  the  instant  of  maximum  angular 
acceleration  were  then  determined.  The  assumption 
was  made  that  the  resultant  rolling  moment  is  com¬ 
posed  of  a  moment  resulting  from  the  control  deflec¬ 
tion  independent  of  the  rate  of  roll  and  a  damping 
moment  varying  directly  with  the  rate  of  roll  and  that 
at  the  maximum  rate  of  roll  these  two  moments  are  of 
equal  magnitude.  On  this  basis  the  approximate 
acceleration  for  zero  rate  of  roll  was  then  found  by 
means  of  the  equation 


( ^P\  ( _ Pmax  \ 

\dtj  Tec\pmax  PrecJ 


where  is  the  acceleration  that  would  be  induced 
by  the  lateral  control  device  at  zero 
rate  of  roll. 


the  maximum  acceleration  recorded. 


p  ,  the  maximum  rolling  velocitv. 

x  max 


p^ec,  the  rolling  velocity  at  time  of  maximum 
acceleration. 


For  the  devices  tested  the  information  thus  obtained 
is  given  as  a  function  of  the  air  speed  at  the  time  of  the 
control  deflection.  (See  figs.  7  to  9.)  Rolling-mo¬ 
ment  coefficients  were  computed  byt  the  formula 


(dp\ 

1  _  \  dt  Jo  A 
qbS 


where  A  is  the  moment  of  inertia  about  the  X  body 
axis  and,  for  the  airplane  with  the  standard  ailerons 
installed,  is  696  slug  feet,2,  for  the  retractable  ailerons 
1,294  slug  feet2,  and  for  the  narrow  ailerons  1,061  slug 
feet.2  The  rolling-moment  coefficients  are  plotted  in 
figure  10  as  a  function  of  the  lift  coefficient.  The  lift 
coefficient  was  computed  by  the  equation 
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The  weights  W  with  the  standard  ailerons,  the  re¬ 
tractable  ailerons,  and  the  narrow-chord  ailerons  were 
1,494  pounds,  1,654  pounds,  and  1,585  pounds,  re- 


Figuke  7. — Variation  of  maximum  angular  velocity  and  acceleration  with  air 

speed  for  standard  ailerons. 


Figure  8.—' Variation  of  maximum  angular  velocity  and  acceleration  with  air  speed 

lor  retractable  ailerons. 


Figure  9.— Variation  of  maximum  angular  velocity  and  acceleration  with  air  speed 

for  narrow-chord  ailerons. 


c 

spectively.  The  rolling  criterion  W  is  shown  in 


figure  11. 

Desirable  characteristics  of  a  lateral  control  sys¬ 
tem. — As  the  characteristics  of  each  lateral  control 
system  in  the  present  tests  have  been  considered  rela¬ 


tive  to  the  desirable  characteristics  of  a  lateral  control 
system  as  discussed  in  reference  2,  the  following  resume 
of  that  discussion  has  been  inserted  in  this  paper. 

There  should  be  no  lag  in  the  rolling  action  of  a  lateral 
control  system;  that  is,  there  should  be  no  apparent 
time  lapse  between  the  control-surface  movement  and 
the  start  of  the  rolling  motion  in  the  desired  direction. 
The  rolling  action  should  also  be  proportional  to  the 
movement  of  the  control  stick.  The  rolling  moment, 


Figure  10.— Variation  of  Ci  with  Cl  for  standard,  retractable,  and  narrow-chord 

ailerons. 


Figure  11. — Comparative  curves  of  rolling-moment  criterion  for  standard,  retract¬ 
able,  and  narrow-chord  ailerons. 

one  of  the  two  elements  constituting  the  rolling  action, 
should  be  as  large  as  possible.  It  is  limited  only  by 
structural  considerations  and  the  possible  discomfort 
that  the  acceleration  produced  by  it  may  cause  the 
occupants  of  the  airplane.  The  maximum  rolling 
velocity,  the  other  element  of  the  rolling  action,  should 
also  be  large,  but  with  this  characteristic  there  is 
apparently  an  upper  useful  limit  which  the  pilots  are 
not  likely  to  exceed  even  if  higher  rates  of  roll  are  avail¬ 
able. 
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The  yawing  action  should  be  zero  but  small  yawing 
moments  of  either  sign  cause  no  appreciable  difficulty 
in  the  normal-flight  range.  Beyond  the  stall,  however, 
it  is  better  that  the  yawing  action  be  positive  rather 
than  negative. 

The  stick  force  should  be  as  light  as  possible  con¬ 
sistent  with  the  feel  of  a  definite  neutral  point  and  a 
progressive  increase  of  force  as  the  stick  is  displaced 
from  neutral. 

Standard  ailerons. — The  standard  ailerons  are  con¬ 
sidered  by  the  pilots  to  be  representative  of  conventional 
lateral  control  systems.  The  pilots  reported  that  the 
ailerons  were  light  in  operation  and  gave  immediate 
response  and  good  rolling  action  up  to  the  stall.  At 
angles  of  attack  above  the  stall,  however,  the  ailerons 
were  found  to  be  unsatisfactory.  When  the  ailerons 
were  applied  in  this  range,  the  airplane  might  or  might 
not  roll  in  the  desired  direction  and  the  ailerons  would 
not  reverse  a  stalled  turn  after  it  was  once  started. 
The  yawing  action  was  negative  and  fairly  large. 
Below  the  stall  the  adverse  yaw,  although  apparent, 
caused  no  great  annoyance,  at  least  to  experienced 
pilots.  Above  the  stall,  however,  it  probably  accounted 
for  the  lack  of  ability  to  reverse  stalled  turns. 

The  pilots’  observations  concerning  the  lag  and 
yawing  action  were  substantiated  by  the  instrument 
measurements.  A  control  movement  caused  immedi¬ 
ate  response  in  roll  (fig.  6).  The  recorded  yawing 
action  about  the  body  axis  was  negative;  therefore,  it 
must  have  been  negative  about  the  wind  axis. 

The  rolling-moment  coefficient  for  these  ailerons  was 
found  to  be  practically  constant  over  the  speed  range 
tested  and  had  an  average  value  of  approximately 
0.032.  As  a  result  the  rolling  criterion  (fig.  11)  fell 
off  rapidly  with  increasing  lift  coefficient  from  a  value 
of  0.062  at  a  lift  coefficient  of  0.30  to  0.02  at  the  stall. 
The  maximum  rate  of  roll  (fig.  7)  obtained  with  the 
ailerons  varied  almost  linearly  with  speed  from  0.55 
radian  per  second  at  135  feet  per  second  to  0.28  radian 
per  second  at  75  feet  per  second. 

Controllable  auxiliary  airfoils.- — The  tests  in  the  full- 
scale  tunnel  indicated  that  the  controllable  auxiliary 
airfoils  would  probably  have  lag  and  that  the  stick 
forces  required  to  operate  them  would  be  excessive. 
In  flight  the  pilot  found  it  nearly  impossible  to  move  the 
control  stick  from  neutral  even  at  low  speeds  because  of 
the  high  stick  forces.  No  check  could  therefore  be 
made  on  the  lag.  As  the  tests  with  other  control 
systems  have  shown  that  the  conclusions  drawn  from 
the  full-scale  tunnel  tests  regarding  lag  were  reliable, 
no  attempt  was  made  to  improve  the  stick  forces  by 
relocating  the  hinge  axis.  This  control  system  was 
discarded  after  the  preliminary  flights. 

External  ailerons. — The  tests  in  the  full-scale  wind 
tunnel  had  indicated  that  with  the  down-only  move¬ 


ment  the  external  ailerons  would  have  lag.  Flight 
tests  were  carried  only  to  the  point  where  the  lag  was 
found  to  be  present. 

The  only  instrument  tests  made  with  the  external 
ailerons  with  up-only  movement  were  those  to  show 
the  general  character  of  the  response  to  control  dis¬ 
placement  and  to  prove  that  the  system  had  no  lag. 
The  rolling  action  was  observed  by  the  pilots  to  be 
weak  at  all  speeds  and  practically  constant  throughout 
the  flight  range.  In  this  respect  the  action  differed 
from  that  for  normal  ailerons  for  which  the  rolling 
action  increases  with  air  speed.  Neither  was  the  rolling 
action  proportional  to  the  stick  deflection.  The  con¬ 
trols  gave  only  a  very  slight  response  until  approxi¬ 
mately  half  of  the  full  deflection  was  attained.  The 
yawing  action  was  slightly  positive  and  the  control 
system  did  give  a  fair  amount  of  control  beyond  the 
stall.  The  principal  objection  to  the  control  system 
was  the  stick  force  required,  which  was  very  heavy  and 
not  proportional  to  the  deflection.  The  force  was  high 
for  the  initial  movement  of  the  stick  and  increased 
with  deflection  through  the  first  half  of  the  range. 
With  further  deflection  the  stick  force  decreased 
noticeably  over  a  portion  of  the  range  but  increased 
again  as  full  deflection  was  approached. 

Modifications  consisting  of  shifting  the  hinge  axis 
of  these  ailerons  first  to  their  22%  percent  chord  point 
and  then  to  their  25  percent  chord  point  were  tried  in 
an  attempt  to  improve  the  stick  force.  These  changes 
did  not  affect  the  rolling  and  yawing  action  sufficiently 
to  be  noticed  by  the  pilots.  The  stick  force,  however, 
was  reduced  but  the  manner  in  which  the  force  varied 
with  deflection  was  not  changed.  At  the  rearmost 
position  of  the  hinge  axis,  the  average  stick  force  was 
still  quite  heavy,  but  at  the  point  where  the  stick  force 
was  lowest,  just  beyond  the  one-half  deflection  point, 
the  force  became  approximately  zero.  Further  rear¬ 
ward  positions  of  the  axis  were  not  tried  because  of  the 
probability  of  overbalance  at  this  deflection.  As  the 
lateral  control  with  the  external  ailerons  was  not  satis¬ 
factory  with  flaps  up,  no  tests  were  made  with  the 
flaps  down. 

Upper-surface  ailerons. — With  the  upper-surface 
ailerons  the  control  characteristics  with  the  exception 
of  the  hinge  moment  were  much  the  same  as  with  the 
normal  ailerons.  The  rolling  action  was  satisfactory 
with  flaps  either  up  or  down,  up  to  but  not  beyond  the 
stall.  The  yawing  action  was  slightly  adverse  with 
flaps  up  and  definitely  adverse  with  flaps  down.  It 
seems  peculiar  that  changing  the  form  of  a  wing  tip 
by  raising  the  aileron  should  reduce  the  drag  on  that 
side  of  the  wing  but  this  finding  is  in  agreement  with 
the  results  of  the  wind-tunnel  tests  on  the  upper- 
surface  aileron.  Evidently  the  induced  drag  is  reduced 
by  a  greater  amount  than  the  profile  drag  is  increased. 
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The  stick  forces  were  excessive  with  the  upper- 
surface  ailerons.  It  was  impossible  fully  to  deflect  the 
controls  at  any  but  low  speeds.  In  an  attempt  to 
improve  the  control  action  so  as  to  obtain  a  better 
indication  of  the  control  effectiveness  from  the  pilots’ 
standpoint,  a  mechanical  balance  was  applied  to  the 
control  system.  The  balance,  which  was  unsuitable 
for  permanent  use,  consisted  of  springs  that  applied  an 
increasingly  greater  moment  against  the  aerodynamic 
moment  as  the  control  was  deflected  from  the  neutral 
position.  On  the  ground  with  the  weight  of  the  up 
aileron  acting  against  the  balance,  a  10-pound  pull  on 
the  control  column  was  required  to  return  the  aileron 
to  neutral  from  the  fully  deflected  position.  Some 
indication  of  the  magnitude  of  the  aerodynamic  forces 
acting  on  the  control  system  in  the  normal-flight  range 
can  be  obtained  from  the  fact  that  at  an  air  speed  of 
25  miles  per  hour  during  the  taxi  run  the  air  forces 
were  sufficient  to  return  the  up  aileron  to  neutral 
against  the  spring  system.  With  the  exception  of  stick 
forces,  the  control  was  apparently  satisfactory  and,  as 
the  result  of  a  study  made  to  reduce  the  stick  forces, 
the  retractable  ailerons  were  developed. 

Retractable  ailerons. — The  retractable  ailerons,  as 
expected,  had  about  the  same  characteristics  as  the 
upper-surface  ailerons  with  the  exception  of  the  re¬ 
quired  stick  force.  The  pilots  considered  the  rolling 
action  slightly  improved  and  noted  that  with  flaps  up 
the  yawing  action  was  approximately  zero.  With 
flaps  down,  however,  the  yawing  action  was  negative, 
although  less  than  for  the  upper-surface  ailerons.  The 
required  control-stick  force  was  the  same  in  the  air  as 
on  the  ground,  the  only  appreciable  hinge  moment 
being  that  resulting  from  the  weight  of  the  control 
surfaces.  The  stick  forces  for  this  control  system  were 
considered  by  the  pilots  to  represent  the  opposite 
extreme  from  those  for  the  controllable  auxiliary  air¬ 
foils.  The  stick  was  so  light  as  to  have  no  “feel”,  par¬ 
ticularly  near  neutral  where  the  mechanical  advantage 
for  the  two  control  surfaces  was  approximately  equal 
and  their  weight  moments  tended  to  balance.  No  lag 
in  the  rolling  action  was  noticed  by  the  pilots.  Except 
for  the  stick-force  characteristics  the  pilots  considered 
the  retractable  ailerons  to  be  better  than  the  standard 
ailerons. 

The  instrument  records  (see  fig.  6)  showed  the  re¬ 
tractable  ailerons  to  have  a  lag  of  about  0.10  second. 
Apparently  this  amount  of  lag  is  not  noticeable  to  the 
pilots.  The  maximum  accelerations  obtained  with  the 
retractable  ailerons  with  flaps  up  were  slightly  less 
than  with  the  standard  ailerons  at  comparable  speeds. 
The  maximum  angular  velocities,  however,  were  much 
higher,  in  the  order  of  one  and  one-half  times  as  great. 
These  apparently  contradictory  results  are  explained 
by  a  greater  moment  of  inertia  for  the  wing  in  which 
the  retractable  ailerons  were  installed,  the  effect  of  the 
greater  moment  of  inertia  being  to  decrease  the  angular 


acceleration  for  a  given  rolling  moment  without  chang¬ 
ing  the  maximum  angular  velocity.  The  rolling- 
moment  coefficients  and  rolling  criterions  were  actually 
greater  with  the  retractable  ailerons  by  amounts 
corresponding  to  the  greater  maximum  angular 
velocities. 

Both  the  rolling  velocity  and  acceleration  were  in¬ 
creased  at  a  given  air  speed  by  lowering  the  flaps. 
A  fairly  high  value  of  the  rolling-moment  coefficient 
(0.060)  was  maintained  up  to  the  stall  of  the  airplane 
with  the  flaps  down,  although  the  maximum  acceler¬ 
ation  at  the  stall  was  less  with  the  flaps  down  than  up, 
because  of  the  lower  speeds  with  the  flaps  down.  The 
rolling  criterion,  which  is  dependent  on  the  rolling- 
moment  coefficient,  was  greater  with  the  flaps  down 
at  the  same  values  of  the  lift  coefficient. 

The  records  of  yawing  action  indicated  that  with  the 
flaps  up  the  retractable  ailerons  had  a  positive  yawing 
moment  and  with  flaps  down,  zero  yawing  moment. 
The  records  may,  at  first,  appear  to  be  in  disagreement 
with  the  pilots’  reports  that  the  yawing  action  was 
zero  with  flaps  up  and  negative  with  flaps  down  but 
this  seeming  disagreement  can  be  readily  explained 
from  the  fact  that  the  instruments  recorded  the  yawing 
action  about  the  body  Z  axes;  whereas  the  pilots 
observe  the  action  about  an  axis  more  nearly  in  line 
with  the  wind  Z  axis  (reference  2).  Evidently  in  the 
present  case  the  resultant  rotation  with  the  flaps  up 
took  place  about  the  wind  X  axis  and  consequently 
had  no  component  about  the  wind  Z  axes  although  a 
positive  one  about  the  body  Z  axes.  With  the  flaps 
down  the  resultant  rotation  was  about  the  body  X 
axis  and  had  a  negative  component  about  the  wind  Z 
axes,  which  the  pilots  observed. 

Narrow-chord  ailerons. — According  to  wind-tunnel 
tests,  the  narrow-chord  ailerons  should  have  given 
approximately  the  same  control  characteristics  as  the 
standard  ailerons,  the  smaller  chord  being  compensated 
for  by  the  greater  deflections.  The  pilots’  observations 
indicated  that  such  was  the  case.  As  with  other 
trailing-edge  controls,  the  narrow-chord  ailerons  were 
unsatisfactory  above  the  stall.  These  ailerons,  as 
expected,  gave  adverse  yaw  both  with  flaps  up  and 
down.  The  stick  forces  were  the  most  satisfactory 
of  all  the  control  systems  tested.  They  were  lighter 
than  the  normal  ailerons  but  sufficiently  heavier  than 
the  retractable  ailerons  to  give  the  desired  feel  to  the 
stick. 

The  instrument  records  indicated  that  the  rolling 
action  was  a  little  better  than  that  for  the  standard 
wing.  The  maximum  rolling  velocity  was  slightly 
greater  but  was  less  than  with  the  retractable  ailerons. 
The  rolling-moment  coefficients  and  the  rolling  crite¬ 
rions  also  were  somewhat  greater  than  for  the  standard 
ailerons,  although  less  than  for  the  retractable.  The 
records  indicated  that  the  adverse  yaw  was  smaller 
with  the  flaps  down  than  up.  The  yawing  action  with 
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the  flaps  down  was,  in  fact,  comparable  with  that  for 
the  retractable  ailerons  with  flaps  down. 

DISCUSSION 

Although  with  the  present  installation  it  was  impos¬ 
sible  to  determine  the  rolling  and  yawing  action  of 
controllable  auxiliary  airfoils  because  of  the  high 
stick  forces  required  to  move  the  airfoils,  the  auxiliary 
airfoils  appear  to  offer  very  little  promise  for  develop¬ 
ment  into  a  satisfactory  combination  high-lift  and 
lateral  control  device.  The  hinge  moments  might  have 
been  reduced  and  a  satisfactory  value  obtained  by 
relocating  the  airfoil  hinge  axis  as  was  done  with  the 
external  ailerons,  but  this  procedure  did  not  seem  desir¬ 
able  in  view  of  the  lag  exhibited  by  the  control  sys¬ 
tem.  The  occurrence  of  the  lag  is  a  serious  matter  and 
in  this  case  is  probably  greater  than  that  obtained  with 
a  plain  spoiler  control  because  the  airfoils  are  rotated 
in  a  direction  to  increase  the  lift  on  themselves  while 
spoiling  the  flow  over  the  main  wing.  The  possibility 
of  rotating  the  airfoils  in  the  opposite  direction  has 
been  considered,  but  the  tests  of  reference  1,  part  X, 
show  that  adequate  control  is  not  likely  to  be  obtained 
throughout  the  complete  flying  range  if  the  airfoils 
are  rotated  trailing  edge  up. 

The  external  ailerons  with  down-only  movement 
similar  to  the  controllable  auxiliary  airfoils  are  likely 
not  to  be  susceptible  to  further  development  because 
of  lag.  With  up-only  movement,  however,  they  have 
chance  of  development,  particularly  in  view  of  the 
fact  that  they  gave  a  fair  degree  of  control  beyond  the 
stalling  angle.  There  is  also  the  likelihood,  as  shown 
by  reference  1,  part  XIII,  that  they  increase  the  lateral 
stability  of  the  airplane  at  the  higher  angles  of  attack, 
although  this  increase  was  not  noted  during  the  flight 
tests.  Several  lines  of  development  might  be  followed. 
It  might  be  possible  to  find  an  airfoil  section  whose 
center-of-pressure  characteristics  are  more  adaptable 
to  use  as  external  ailerons  than  the  N.  A.  C.  A.  0012 
section  now  employed,  and  by  this  means  a.  linear  varia¬ 
tion  of  lunge  moment  with  deflection  might  be  ob¬ 
tained.  The  problem  of  obtaining  moments  of  reason¬ 
able  magnitude  would  then  simply  be  one  of  correctly 
locating  the  hinge  axis.  The  external  ailerons  in  the 
present  installation  are  set  when  in  neutral  at  the  angle 
found  to  give  the  greatest  lift.  Consequently  a  move¬ 
ment  of  an  aileron  in  either  direction  decreases  the 
lift  on  that  wing  and  it  is  therefore  necessary  that  only 
one  aileron  be  operated  at  a  time.  Were  the  neutral 
angle  chosen  to  give  less  than  the  maximum  lift  possi¬ 
ble,  the  ailerons  could  be  operated  through  a  normal 
differential  linkage  and  the  hinge  moments  would 
probably  be  improved. 

The  problem  of  obtaining  satisfactory  stick  forces 
for  lateral  control  systems  in  which  the  control  surface 
on  only  one  wing  is  moved  at  a  time,  such  as  the  con¬ 
trollable  auxiliary  airfoils,  the  external  ailerons,  and 


the  upper-surface  ailerons,  is  always  likely  to  be  more 
difficult  than  for  conventional  ailerons.  In  the  case  of 
conventional  ailerons,  the  surfaces  on  the  opposite 
wings  are  interconnected  and  hinge  moments  of  the 
same  sign  and  magnitude  balance.  Consequently,  at 
the  neutral  position  the  sign  and  magnitude  of  the 
hinge  moments  of  the  individual  ailerons  are  of  no 
significance,  except  possibly  where  the  span  loading  is 
unsymmetrical  as  during  a  sideslip.  It  is  only  required 
that  the  change  of  moment  when  the  ailerons  are 
deflected  be  of  small  magnitude  and  that  the  sign  of 
the  change  be  such  as  to  return  the  control  stick  to 
neutral.  Where  only  one  control  surface  is  moved  at  a 
time,  however,  the  surfaces  cannot  be  interconnected 
and  the  sign  and  magnitude  of  the  hinge  moments  of 
the  individual  surfaces  become  of  considerable  im¬ 
portance  as  the  entire  moment  of  one  surface  is  trans¬ 
mitted  to  the  stick  as  soon  as  the  stick  is  moved  from 
neutral.  Another  important  point  in  regard  to  control 
devices  of  this  type  is  that  when  the  control  column  is 
carried  through  neutral  in  a  continuous  motion,  as 
when  reversing  a  bank,  the  inertia  loads  set  up  by 
stopping  one  surface  and  setting  the  other  in  motion 
are  transmitted  through  the  stick  and  are  a  source  of 
considerable  annoyance  to  the  pilot. 

Of  the  lateral  control  devices  originally  tested  the 
upper-surface  ailerons  appeared  to  offer  the  greatest 
promise  of  being  developed  into  a  satisfactory  control 
system,  as  they  had  about  the  same  characteristics  as 
conventional  ailerons  with  the  exception  of  the  required 
stick  force.  The  retractable  ailerons  were  developed 
from  the  upper-surface  ailerons  through  an  attempt  to 
obtain  the  same  rolling  and  yawing  action  with  de¬ 
creased  stick  forces.  In  effect,  the  upper-surface 
ailerons  are  flap-type  spoilers  located  at  the  trailing 
edge  of  the  wing  instead  of  ahead  of  the  maximum 
ordinate  as  is  usual  with  spoilers.  Experience  has 
indicated  that  flap-type  spoilers  are  interchangeable 
with  retractable  spoilers  as  far  as  the  rolling  and  yaw¬ 
ing  actions  are  involved,  and  that  retractable  spoilers 
have  very  low  hinge  moments  (reference  2).  The  re¬ 
tractable  ailerons  are,  in  effect,  retractable  spoilers  and 
were  therefore  substituted  for  the  upper-surface 
ailerons.  In  the  actual  installation  it  was  necessary 
to  install  the  retractable  ailerons  slightly  ahead  of  the 
upper-surface  ailerons  to  obtain  sufficient  internal 
space  into  which  to  retract  the  ailerons.  As  a  result 
the  retractable  ailerons  had  one-tenth  second  lag; 
whereas  the  upper-surface  ailerons  had  none.  The 
fact  that  the  pilots  did  not  notice  this  lag  indicates 
that  it  is  not  absolutely  necessary  that  the  lag  be  zero, 
as  was  previously  thought.  On  the  other  hand,  the 
lag  should  not  be  much  over  one-tentli  second  as  the 
tests  of  reference  2  have  already  shown  that  a  lag  of 
only  one-quarter  second  is  very  objectionable.  Mechan¬ 
ically,  the  difficulty  of  having  the  inertia  loads  of  the 
surfaces  reacting  through  the  stick  when  the  control 
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stick  is  carried  through  neutral  was  alleviated  by  using 
a  differential  movement  with  the  retractable  ailerons, 
one  aileron  retracting  into  the  wing  as  the  other  moves 
out  from  the  wing  surface. 

As  previously  mentioned,  the  only  characteristics  of 
the  retractable  ailerons  to  which  the  pilots  reacted 
unfavorably  were  the  very  light  stick  forces  and  the 
lack  of  control  feel.  The  principal  aerodynamic 
forces  on  the  ailerons  are  normal  to  their  surfaces  and 
consequently  the  resultant  force  passes  through  the 
center  of  curvature.  As  the  hinge  axis  was  made 
coincident  with  the  center  of  curvature  in  the  present 
installation  to  keep  the  size  of  the  slot  required  in  the 
wing  surface  to  a  minimum,  the  ailerons  produced 
practically  no  aerodynamic  moment.  Only  the  mo¬ 
ment  resulting  from  the  weight  of  the  surfaces  could 
he  felt  when  moving  the  control  stick.  Consequently, 
the  control  feel  was  independent  of  air  speed  and,  in 
fact,  was  the  same  in  flight  as  on  the  ground.  Two 
means  of  introducing  aerodynamic  hinge  moments 
that  will  vary  with  deflection  and  thus  improve  the 
aerodynamic  feel  of  the  device  have  been  suggested. 
One  is  to  offset  the  hinge  axis  from  the  center  of  curva¬ 
ture  so  that  the  resultant  force  will  pass  above  the 
hinge.  The  other  is  to  utilize  a  wind  vane  either  at¬ 
tached  or  auxiliary  to  the  control  surface.  Both  these 
methods  require  development.  The  use  of  a  hinge  axis 
not  coincident  with  the  center  of  curvature  of  the  plate 
necessitates  a  wider  slot  in  the  wing.  The  minimum 
offset  of  the  hinge  axis  should  be  determined  so  that 
the  narrowest  slot  can  be  used.  The  shape,  size,  and 
disposition  of  the  wind  vane  should  also  be  investi¬ 
gated. 

Quite  aside  from  their  control  action,  the  retractable 
ailerons  have  several  disadvantages.  The  external 
hinge  must  add  an  appreciable  amount  to  the  wing- 
drag.  The  slot  in  the  wing  surface  may  also  contribute 
to  the  drag,  although  the  slot  is  possibly  so  far  aft  on 
the  wing  surface  as  to  be  in  a  region  of  turbulent  flow 
and  not  appreciably  affect  the  drag.  The  possibility 
of  eliminating  the  external  hinges  by  operating  the 
ailerons  on  a  track,  as  is  conventional  with  leading-edge 
slots,  was  considered.  With  the  ailerons  of  the  chord 
used  in  the  present  installation  this  arrangement  would 
be  difficult,  space  not  being  available  for  the  necessary 
guides.  It  may  be  possible,  however,  in  other  installa¬ 
tions  with  ailerons  of  greater  span  and  less  chord  to 
use  some  such  operating  system.  The  structural 
problems  arising  from  the  slotted  wing  surface  are  not 
serious.  It  is  necessary  to  weatherproof  the  compart¬ 
ments  into  which  the  ailerons  retract.  The  trailing 
edge  of  the  wing  in  the  present  installation  is  supported 
on  a  false  spar  mounted  between  the  flap-hinge 
brackets.  The  retractable  ailerons  have  the  advan¬ 


tage  of  being  adaptable  for  use  with  any  type  of  full- 
span  flap. 

The  narrow-chord  ailerons  proved  to  be  the  most 
satisfactory  lateral  control  tested  for  use  with  full-span 
flaps  and  require  no  further  development.  The  flap 
for  use  with  them,  however,  must  be  adapted  to  the 
purpose.  It  should  be  appreciated  that  the  narrow¬ 
ness  of  the  chord  lias  to  be  compensated  for  by  greater 
deflections.  In  general,  the  maximum  rolling  moment 
that  can  be  obtained  with  the  aileron  set  at  any 
angle  decreases  with  the  aileron  chord.  Thus  the 
adaptability  of  the  lateral  control  system  is  limited  by 
the  amount  of  aileron  control  required,  the  size  of  the 
aileron  being  limited  to  the  area  aft  of  the  flap. 

A  check  of  the  flight  data  on  rolling-moment  coeffi¬ 
cients  for  the  different  control  devices  against  data  on 
corresponding  control  arrangements  given  in  reference 
1  indicates  that  correcting  the  flight  data  to  zero  rate 
of  roll  does  not  eliminate  all  the  differences  between 
the  flight  and  wind-tunnel  test  conditions  and  that  the 
data  from  the  two  types  of  tests  are  not  comparable. 
The  flight  tests  give  lower  rolling-moment  coefficients 
than  do  the  tunnel  tests.  The  rolling  criterion  is,  of 
course,  affected  in  the  same  manner  as  the  rolling- 
moment  coefficient.  Consequently,  although  the  desir¬ 
able  value  of  the  rolling  criterion,  0.075,  used  in  refer¬ 
ence  1  may  be  satisfactory  for  wind-tunnel  work,  it 
probably  should  be  revised  downward  when  flight  data 
are  considered.  The  control  with  the  three  devices 
tested  was  considered  satisfactory  within  the  range  of 
the  instrument  tests  although,  with  the  standard 
ailerons,  the  rolling  criterion  had  a  value  as  low  as 
0.020  at  slow  speed. 

From  the  experience  gained  with  flaps  during  the 
tests,  some  points  concerning  their  operation  have 
been  noted.  Extended,  both  flaps  were  aerodynami- 
cally  the  same,  the  principal  difference  between  them 
being  in  the  mechanism  to  retract  them  and  the  man¬ 
ner  in  which  they  were  retracted.  No  tests  were  made 
in  flight  to  obtain  the  aerodynamic  characteristics  of 
the  flaps,  the  plain  split  flap  having  already  been 
tested  on  the  airplane  in  the  full-scale  tunnel.  (See 
reference  5.)  Neither  flap  installation  was  entirely 
satisfactory  in  flight  because  of  the  high  operating 
forces  required  and  the  resulting  length  of  time  re¬ 
quired  to  extend  or  retract  them.  A  condition  of 
apparent  general  instability  at  low  speeds  was  also 
noted  with  the  flaps  down  for  which  no  satisfactory 
explanation  can  be  given  at  this  time. 

Experience  with  these  flaps  having  indicated  the  ne¬ 
cessity  for  the  development  of  a  quickly  operated  flap, 
such  a  development  has  been  started.  A  balanced  split 
flap  with  low  hinge  moments  is  now  undergoing  flight 
tests  in  combination  with  the  retractable  ailerons. 


USE  WITH  FULL-SPAN  FLAPS 
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FLIGHT  INVESTIGATION  OF  LATERAL  CONTROL 
CONCLUSIONS 

1.  The  controllable  auxiliary  airfoils  were  unsatis¬ 
factory  as  a  means  of  obtaining  lateral  control  and, 
because  of  their  lag  characteristics,  offer  little  promise 
of  development. 

2.  The  external  ailerons  with  down-only  movement 
were  also  unsatisfactory  because  of  their  lag.  With 
up-only  movement  they  were  the  only  device  tested 
that  gave  any  control  above  the  stall.  In  the  normal- 
Hight  range,  however,  they  are  in  need  of  further 
development  because  of  the  relatively  poor  effective¬ 
ness  and  the  irregular  variation  of  hinge  moments.  It 
is  desirable  that  this  development  be  attempted  be¬ 
cause  external  ailerons  give  control  beyond  the  stall, 
and  the  results  may  possibly  show  a  method  of  im¬ 
proving  the  lateral  stability  in  this  flight  range. 

3.  The  upper-surface  aileron  had  rolling  and  yawing 
characteristics  similar  to  those  of  conventional  ailerons 
but  required  an  excessively  large  operating  force. 

4.  The  retractable  aileron  and  the  narrow-chord 
aileron  are  both  satisfactory  for  use  with  full-span 
flaps.  The  retractable  aileron  has  greater  adaptability 
than  the  narrow-chord  aderon  but  necessitates  a  more 
complicated  installation.  Neither  device  gives  control 
above  the  stall. 

5.  The  tests  have  shown  the  desirability  for  de¬ 
veloping  a  flap  that  can  be  operated  easily  and  quickly. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  November  7,  1984. 
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THE  DRAG  OF  AIRPLANE  WHEELS,  WHEEL  FAIRINGS,  AND  LANDING  GEARS 
II— NONRETRACTABLE  AND  PARTLY  RETRACTABLE  LANDING  GEARS 

By  David  Biermann  and  William  H.  Herrnstein,  Jr. 


SUMMARY 

This  is  the  second  paper  giving  the  results  obtained  in 
the  N.  A.  C.  A.  20-foot  wind  tunnel  on  the  drag  due  to 
landing  gears.  The  first  paper  presented  the  results  of 
tests  made  with  full-scale  models  of  wheels,  wheel  fairings, 
and  landing  gears  intended,  for  airplanes  of  approxi¬ 
mately  3,000  pounds  weight.  The  present  report  gives 
the  results  of  tests  of  nonretractable  and  partly  retractable 
landing  gears  intended  for  heavier  low-wing  mono¬ 
planes  of  the  transport  and  bomber  type. 

The  tests  were  made  on  112.8-scale  models  of  gears 
with  a  capacity  of  16,000  pounds  total  weight.  The 
landing  gears  were  mounted  on  a  wing  of  5-foot  chord, 
15-foot  span,  and  thickness  of  20  percent  of  the  chord. 
The  effect  of  a  radial-engine  nacelle  mounted  in  the  lead¬ 
ing  edge  of  the  wing  on  the  drag  of  the  landing  gears  was 
also  investigated.  Propeller  tests  were  made  in  conjunc¬ 
tion  with  several  types  of  landing  gears  in  order  to  ascer¬ 
tain  the  e  ffect  of  the  landing  gears  on  the  propeller  char¬ 
acteristics. 

The  tests  indicated  that,  in  general,  the  presence  of  the 
engine  nacelle  did  not  appreciably  affect  the  drag  due  to 
the  landing  gears.  The  retractable  landing  gears  were  at 
least  one-half  retracted  into  the  wing  or  fairing  before 
the  drag  became  less  than  that  due  to  the  best  nonretract¬ 
able  landing  gears.  Landing  gears  that  were  partly 
retracted  into  a  nacelle  near  the  maximum  section  or  into 
the  wing  near  the  leading  edge  had  a  much  higher  drag 
than  landing  gears  that  were  partly  retracted  farther  aft 
on  the  wing.  The  drag  due  to  streamline  wheels  used  on 
partly  retracted  landing  gears  was  less  than  that  for  low- 
pressure  wheels.  Landing  gears  that  were  partly  or 
fully  retracted  into  streamline  fairings  below  the  wing 
had  only  slightly  greater  drag  than  those  that  were  partly 
retracted  into  me  wing  or  nacelle.  The  propulsive  effi¬ 
ciency  was  reduced  from  1  to  3  percent  by  the  presence 
of  landing  gears  tested  in  conjunction  with  the  propeller. 

INTRODUCTION 

As  a  result  of  interest  aroused  by  a  previous  report 
on  landing  gears  (reference  1),  the  program  was  ex¬ 
tended  to  include  tests  on  landing  gears  intended  for 


low-wing  monoplanes  of  the  transport  and  bomber 
types. 

Several  suitable  types  of  gears  that  appeared  prom¬ 
ising  in  the  original  program  were  further  investigated. 
Also,  gears  intended  to  partly  or  fully  retract  into  the 
wing  or  into  special  fairings  were  tested  when  in  the 
landing  condition  as  well  as  in  the  partly  retracted 
condition.  Since  airplanes  of  this  type  frequently 
have  engine  nacelles  built  into  the  leading  edge  of  the 
wing  in  the  same  vertical  plane  as  the  gear,  such  a  con¬ 
dition  was  investigated  for  mutual  interference  be¬ 
tween  the  nacelle  and  the  gear  as  well  as  for  the  effect 
of  the  gear  on  the  aerodynamic  characteristics  of  the 
propeller. 

The  chief  purpose  of  the  tests  was  to  obtain  com¬ 
parative  drag  data  between  the  most  promising  non- 
retractable  gears  and  the  partly  retractable  gears,  and 
also  to  obtain  quantitative  information  on  the  drag  of 
these  various  types  of  gears. 

APPARATUS  AND  TESTS 

The  20-foot  wind  tunnel,  in  which  the  tests  were 
made,  is  described  in  reference  2.  The  standard  ap¬ 
paratus  and  test  methods  were  used. 

The  landing  gears  were  tested  in  the  presence  of  a 
15-foot  span,  5-foot  chord  wing  mounted  in  an  inverted 
position.  This  wing  had  been  used  in  previous  wing- 
nacelle  tests.  The  tests  were  run  in  two  parts.  In 
the  first  part  the  landing  gears  were  tested  in  the 
presence  of  the  wing  alone;  whereas  in  the  second  part 
an  engine  nacelle  was  mounted  in  the  leading  edge  of 
the  wing  (fig.  1).  Propeller  tests  were  made  in  con¬ 
junction  with  several  types  of  landing  gears.  The 
wing  and  nacelle  are  described  in  detail  in  reference  3. 
The  nacelle,  which  was  of  the  N.  A.  C.  A.  cowled  type, 
was  located  in  the  position  B  described  in  the  same 
reference. 

The  wing  was  assumed  to  be  a  section  of  a  wing  of  a 
16,000-pound  low-wing  monoplane  scaled  down  to 
1/2.8  size.  The  model  wing  thus  represented  a  full- 
scale  wing  having  a  chord  of  14  feet  and  a  thickness  of 
2.8  feet.  The  model  radial  engine,  which  was  20 
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inches  in  diameter,  therefore  represented  a  full-scale 
engine  of  56  inches  diameter. 

Only  half  of  each  landing  gear  was  tested.  Each 
unit  was  mounted  at  the  center  of  the  span  of  the  wing 


Figure  1. — Landing  gear  A  mounted  on  wing  with  nacelle. 


section  near  the  leading  edge.  The  chordwise  location 
of  the  wheels  when  in  the  landing  position  was  deter¬ 
mined  from  an  assumed  center-of-gravity  location  of 
the  complete  airplane. 


—-scale  model  of  the  42  by  15.00-16  low-pressure  wheel. 


1 

—-scale  model  of  the  45-ineh  streamline  wheel. 

2.8 

Figure  2. — Cross-sectional  views  of  low-pressure  and  streamline  wheels. 

A  1/2.8-scale  wooden  model  of  a  42  by  15.00-16  low- 
pressure  wheel  was  used  for  most  of  the  tests.  Some 
of  the  tests  were  also  made  with  a  model  of  a  45-inch 


streamline  wheel.  These  wheels  (fig.  2)  have  a  load- 
carrying  capacity  of  8,000  pounds  each,  according  to 
reference  4. 

The  principal  dimensions  of  the  nonretractable  land¬ 
ing  gears  (A,  B,  and  C)  are  given  in  figures  3,  4,  and  5. 


Figure  3.— Landing  gear  A. 


These  sketches  also  show  the  geometric  relation  be¬ 
tween  the  landing  gear,  wing,  and  nacelle  (when  the 
nacelle  was  in  place).  Two  variations  of  landing-gear 
height  were  made,  one  being  24%  inches  and  the  other 
30%  inches.  These  values  represent  full-scale  heights 


of  69%  inches  and  86  inches,  respectively.  The  sizes 
of  the  structural  members  are  believed  to  be  consistent 
with  reasonable  design  requirements.  The  shapes  and 
sizes  of  the  fairings  and  fillets  were  chosen  from  the 
most  promising  results  of  previous  tests. 


A  cantilever  half-fork  landing  gear  (gear  D,  fig.  6) 
was  chosen  as  the  basic  type  to  be  used  for  all  tests  of 
partly  retractable  landing  gears.  The  principal  di¬ 
mensions  were  the  same  as  for  the  nonretractable  types 
except  that  none  of  the  members  was  streamlined. 
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Two  methods  of  retraction  were  employed:  Retraction 
by  drawing  the  wheel  vertically  into  the  nacelle  (when 
a  nacelle  was  used),  and  retraction  by  swinging  the 
wheel  rearward  into  the  wing  or  into  special  streamline 
fairings.  Dimensions  of  these  fairings  are  given  in 
fio-ures  7  and  8. 

o 


In  addition  to  the  tests  of  the  complete  landing 
gears,  the  low-pressure  wheel  was  tested  by  itself  in 
several  chord  wise  locations  on  the  wing  alone  and  with 
various  degrees  of  retraction  into  the  wing.  Both  low- 
pressure  and  streamline  wheels  were  tested  when 
yawed  various  amounts.  In  these  yaw  tests  the  wheels 


Figure  7. — Landing  gear  D  retracted  into  streamline  fairing. 


were  located  50  percent  of  the  chord  from  the  leading 
edge  and  were  tested  with  the  tires  touching  the  lower 
surface  of  the  wing,  and  also  with  half  of  the  wheels 
retracted  into  the  wing. 

For  part  of  the  tests,  lift  and  drag  readings  of  the 
complete  set-up  were  measured  at  five  air  speeds, 


Figure  8. — Landing  gear  D  partly  retracted  into  streamline  fairing. 


ranging  from  50  to  100  miles  per  hour,  and  at  six 
angles  of  attack  ranging  from  — 8°  to  4.5°.  It  was 
found  that  for  the  partly  retracted  landing  gears  the 
lift  was  not  affected  by  the  presence  of  the  landing 
gear;  hence  the  lift  readings  were  neglected  for  a  part 
ol  these  tests.  The  aerodynamic  characteristics  of 
71046 — 36 - 


the  wing  and  nacelle  may  be  found  in  reference  3. 
It  should  be  noted  that  zero  lift  of  the  wing  occurs 
at  an  angle  of  attack  of  about  —7.5°  and  that  the 
lift  coefficient  of  the  wing  at  0°  angle  of  attack  is 
0.366. 

The  measured  lift  was  reduced  to  the  usual  coeffi¬ 
cient,  CL.  The  drag  due  to  the  landing  gears  in  the 
presence  of  the  wing,  or  the  wing  and  nacelle,  was 
assumed  to  be  equal  to  the  drag  of  the  complete  set¬ 
up  with  the  landing  gear  in  place  minus  the  drag  of 
the  wing  alone,  or  the  wing  plus  nacelle  as  the  case 
might  be.  The  drag  difference,  in  pounds,  at  100 
miles  per  hour  was  taken  at  constant  values  of  lift 
coefficient  of  the  wing.  The  final  drag  results  due 
to  the  model  landing  gears  are  plotted  against  lift 
coefficient. 

Since  the  model  was  1/2.8  full  size,  the  drag  of  both 
halves  of  the  full-scale  landing  gears,  neglecting  scale 
effect,  would  be: 


2.82X2X 


100 


VxD, 


or  15.68 


XD 


where 

Bis  velocity  of  full-scale  airplane,  miles  per  hour. 

U  is  the  drag  of  model  landing  gear,  pounds. 

When  applying  the  results  to  similar  landing  gears 
with  dimensions  differing  from  those  of  the  gears 
investigated,  reasonably  close  approximations  may  be 
made  by  using  the  ratios  of  the  projected  areas  of  the 
landing  gears  for  the  characteristic  areas.  Some  judg¬ 
ment  should  be  exercised,  however,  in  applying  the 
results  to  landing  gears  of  different  size  and  shape, 
especially  to  those  used  on  high-speed  airplanes. 

The  propeller  characteristics  are  reduced  to  the 
usual  coefficients: 


(T-AD)  n  _  P 
Lt'  '  pv?Du  JP  PnsD5 

where 

T  is  thrust  of  propeller  (tension  in  shaft). 

A D,  increase  in  drag  due  to  action  of  propeller. 
n,  revolutions  per  unit  time. 

D,  propeller  diameter. 

P,  motor  power. 

and 


_CT  V 
v  CP  nD ’ 


propulsive  efficiency. 


The  results  obtained  in  tests  of  landing  gears  and 
wheels  made  in  the  presence  of  the  wing  without  nacelle 
are  presented  in  figures  9  to  16,  inclusive:  Nonretract- 
able  types  in  figures  9,  10,  and  11;  retractable  types 
in  figures  11  to  14,  inclusive;  of  wheels  in  various 
locations  in  figure  15;  and  wheels  with  different  degrees 
of  yaw  in  figure  16. 

The  results  obtained  from  tests  of  landing  gears  and 
wheels  made  in  the  presence  of  the  wing  and  nacelle 
are  presented  in  figures  17  to  25,  inclusive:  Nonre- 
tractable  landing  gears  in  figures  17,  18,  and  19; 
retractable  landing  gears  in  figures  19  to  22,  inclusive; 
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Figure  ll. — Drag  of  landing  gears  C  and  D  in  presence  of  wing. 


Figure  12. — Drag  of  landing  gear  D  retracted  by  various  amounts  into  wing. 
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Figure  13. — Drag  of  landing  gear  D  partly  retracted  into  streamline  fairing  in 

presence, of  wing. 


Figure  15. — Drag  of  low-pressure  wheel  at  various  chordwise  locations  and  with 
various  degrees  of  retraction  into  wing. 


Iigure  14. — Drag  of  landing  gear  D  retracted  into  streamline  fairing  in  presence  of  Figure  16. — Drag  of  low-pressure  and  streamline  wheels  in  yaw  in  presence  of  wing. 

wing. 


Drag  of  one-holf  gear  a!  100  m.p.h.,  lb.  |y  Drag  of  one  -half  gear  af  100  m.p.h.,  lb - 
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Figure  18. — Drag  of  landing  gear  B  in  presence  of  wing  and  nacelle. 


Figure  20. — Drag  of  landing  gear  D  retracted  vertically  by  various  amounts  into 

nacelle. 
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wheels  in  yaw,  in  figure  23;  and  the  results  of  propeller 
tests  made  in  conjunction  with  several  different  landing 
gears  in  figures  24  and  25. 


Figure  21.— Drag  of  landing  gear  D  retracted  various  amounts  into  wing  in  presence 

of  nacelle. 


Figure  22.— Drag  of  landing  gear  D  retracted  into  streamline  fairing  in  presence  of 

wing  and  nacelle. 


ACCURACY 

The  faired  drag  curves  are  believed  to  be  accurate 
to  within  one-half  pound.  For  the  low-drag  landing 
gears  this  represents  a  relatively  high  percentage  of 
the  landing-gear  drag.  However,  since  a  fairly  large 


Figure  23. — Drag  of  low-pressure  and  streamline  wheels  in  yaw  in  presence  of  wing 

and  nacelle. 


Figure  24.— Effect  of  landing  gears  A  and  B  on  propeller  characteristics.  Propeller 
4412,  diameter  4  feet,  set  17°  at  0.75  radius;  angle  of  attack  of  wing,  0°. 
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number  of  tests  were  made  on  landing  gears  with  only 
slight  changes,  it  was  possible  to  improve  the  accuracy 
by  fairing  at  one  time  a  series  of  curves  for  one  type 
of  landing  gear.  The  results  are  considered  sufficiently 
accurate  for  comparative  purposes  and  should  give 
fairly  close  approximations  when  applied  to  full-scale 
airplanes.  The  faired  lift  curves  are  considered  correct 
within  ±1  percent  at  0°  angle  of  attack. 

The  thrust  and  power  coefficients  are  thought  to  be 
correct  within  ±  1  percent  over  the  greater  portion  of 
the  curves,  while  the  propulsive  efficiency  is  believed 
to  be  correct  within  ±2  percent. 


Figure  25.— Effect  of  landing  gear  D  on  propeller  characteristics.  Propeller  4412, 
diameter  4  feet,  set  17°  at  0.75  radius;  angle  of  attack  of  wing,  0°. 


DISCUSSION 

LANDING  GEARS  AND  WHEELS  MOUNTED  ON  WING  WITHOUT 

NACELLE 

Nonretractable  types. — Figure  9  presents  the  results 
from  tests  of  landing  gear  A.  At  low  values  of  lift 
coefficient  the  drag  due  to  the  landing  gear  was  reduced 
considerably  by  the  presence  of  an  expanding  fillet. 
The  term  “expanding”  refers  to  the  fillet  radius  and 
means  that  it  increases  progressively  in  the  downstream 
direction.  In  this  instance  the  fillet  started  with  nearly 
zero  radius  at  the  maximum  section  of  the  landing-gear 
fairing  and  increased  to  about  4  inches  at  the  trailing 
edge  of  the  fairing.  The  drag  of  the  landing  gear  was 
not  critical  to  changes  in  lift  coefficient  when  a  fillet 
was  present. 

The  results  from  tests  of  landing  gear  B  are  given 
in  figure  10.  It  should  be  noted  that  this  landing  gear 
had  the  lowest  drag  of  any  nonretractable  gear  tested. 
Even  though  the  oleo  strut  was  small  in  comparison 
to  the  fairing  used  on  landing  gear  A,  the  presence  of 


expanding  fillets  materially  reduced  the  drag  of  the 
landing  gear. 

The  results  from  tests  of  landing  gear  C,  which  was  a 
half-fork  type  ecpiipped  with  both  low-pressure  and 
streamline  wheels,  are  given  in  figure  11.  For  this 
type  of  landing  gear  the  drag  was  considerably  lower 
when  streamline  wheels  were  used.  The  presence  of 
the  airfoil  section  adjacent  to  the  wheel  was  thought  to 
be  an  important  factor  in  obtaining  the  low  drag. 

Partly  retractable  types. — Figure  11  also  shows  the 
results  from  tests  of  landing  gear  D.  As  may  be  seen, 
the  only  difference  between  landing  gears  C  and  D  was 
the  lack  of  the  streamline  fairing  on  the  fork  and  oleo 
strut  of  landing  gear  D.  At  a  lift  coefficient  of  0.2 
the  drag  was  increased  from  5  to  17  pounds  for  the 
30%-inch  landing  gear  by  removing  the  strut  and  fork 
fairings.  It  is  noteworthy  that  the  slopes  of  these 
curves  are  much  greater  than  for  those  of  landing 
gear  C.  The  probable  reason  for  this  increase  is  the 
increasingly  disturbing  effect  of  the  oleo  strut  on 
the  flow  over  the  wing  with  decreasing  values  of  lift 
coefficient.  The  same  effect  was  previously  noted  in 
the  case  without  fillet  on  landing  gear  A. 

Values  of  drag  due  to  landing  gear  D  when  partly 
retracted  into  the  wing  by  various  amounts  are  shown 
in  figure  12  for  both  streamline  and  low-pressure 
wheels.  The  drag  of  the  landing  gear  equipped  with 
streamline  wheels  ranges  from  15  to  20  percent  less 
than  for  low-pressure  wheels,  regardless  of  the  amount 
the  landing  gear  is  retracted  into  the  wing.  Although 
the  landing-gear  drag  (with  low-pressure  wheels)  is 
reduced  considerably  by  folding  the  wheel  against  the 
wing,  the  wheel  must  be  retracted  at  least  one-fourth 
into  the  wing  before  the  drag  becomes  less  than  that 
for  landing  gear  C  and  one-half  before  the  drag  becomes 
less  than  for  landing  gear  B . 

From  structural  considerations  it  may  be  undesirable 
to  retract  the  landing  gear  either  fully  or  partly  into 
the  wing.  Figure  13  illustrates  the  results  from  tests 
on  landing  gear  D  partly  retracted  into  a  streamline 
fairing  mounted  on  the  lower  surface  of  the  wing. 
The  drag  of  the  landing  gear  when  folded  against  the 
wing  was  reduced  about  50  percent  by  the  presence 
of  a  streamline  fairing  behind  the  tire  (gap  open 
between  tire  and  fairing,  see  fig.  8)  and  was  reduced 
an  additional  12  percent  by  closing  the  gap  between  the 
wheel  and  the  fairing.  Removing  the  oleo  strut  and 
fork  reduced  the  drag  still  further  bjr  about  20  percent. 

With  the  landing  gear  one-half  retracted  into  the 
wing  the  presence  of  a  fairing  (gap  open)  behind 
the  portion  of  the  wheel  that  remained  in  the  air 
stream  reduced  the  drag  approximately  50  percent. 
(See  figs.  12  and  13  for  comparison.) 

Still  greater  reductions  in  drag  may  be  gained  by 
completely  retracting  the  landing  gear  into  a  streamline 
fairing  (fig.  14).  The  landing-gear  fairing,  with  the 
cap  on,  had  less  than  half  the  drag  of  the  landing  gear 
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partly  retracted  into  the  fairing  previously  discussed. 
Removal  of  the  fairing  cap,  however,  increased  the 
drag  about  55  percent  at  a  lift  coefficient  of  0.2. 

Wheels. — The  results  from  tests  of  wheels  at  various 
chordwise  locations  and  with  various  degrees  of  retrac¬ 
tion  into  the  wing  are  given  in  figure  15.  At  low  values 
of  the  lift  coefficient  (0.2)  the  drag  due  to  the  wheel 
increased  rapidly  as  the  wheel  was  moved  toward 
the  leading  edge.  For  higher  values  of  the  lift  coeffi¬ 
cient  (0.4)  the  wheel  location  was  less  critical,  with 
the  exception  of  the  wheel  one-fourth  retracted.  For 
any  chordwise  location  the  drag  due  to  the  wheel 
reduced  rapidly  with  retraction. 

Figure  16  shows  the  results  from  tests  of  both  low- 
pressure  and  streamline  wheels  in  yaw.  At  a  lift 
coefficient  of  0.2  the  drag  due  to  the  low-pressure  wheel 
when  touching  the  wing  at  the  50  percent  chord  point 
was  increased  about  10  percent  due  to  10°  yaw  and 
about  55  percent  due  to  20°  yaw.  Although  the 
streamline  wheel  had  less  drag,  the  increased  drag  due 
to  yaw  amounted  to  about  17  percent  for  10°  yaw  and 
about  75  percent  for  20°  yaw.  With  the  low-pressure 
wheel  one-half  retracted  into  the  wing  the  increased 
drag  due  to  yaw  amounted  to  about  30  percent  for  10° 
yaw  and  over  100  percent  for  20°  yaw. 

LANDING  GEARS  AND  WHEELS  MOUNTED  ON  WING  WITH 

NACELLE 

These  tests  were  almost  identical  with  the  tests  of 
landing  gears  and  wheels  mounted  on  the  wing  with¬ 
out  nacelle  and,  in  general,  the  results  are  about  the 
same.  There  are,  however,  a  few  interesting  points. 

Nonretractable  types. — Expanding  fillets  on  landing 
gear  A  (fig.  17)  were  not  so  effective  at  low  values  of  the 
lift  coefficient  as  they  were  without  the  nacelle.  Evi¬ 
dently  the  nacelle  had  the  effect  of  preventing  separa¬ 
tion  of  flow  at  the  intersection  of  gear  and  wing  for 
these  negative  angles  of  attack. 

Increasing  the  size  of  the  expanding  fillets  used  on 
landing  gear  B  (fig.  18)  did  not  affect  the  drag,  even 
though  the  small  fillets  materially  reduced  the  drag. 

The  streamline  wheel,  as  well  as  the  low-pressure 
wheel,  was  used  both  on  landing  gears  C  and  D  (fig.  19). 
The  drag  due  to  landing  gear  C  was  materially  less 
with  the  streamline  wheel  than  with  the  low-pressure 
wheel.  When  the  streamline  fairings  had  been  re¬ 
moved  from  the  half-fork  and  oleo  strut  (landing  gear 
D),  there  was  no  apparent  advantage,  however,  in  the 
streamline  wheel. 

Partly  retracted  types. — It  appears  from  figure  20 
that  partly  refracting  landing  gear  D  vertically  into  the 
nacelle  at  its  maximum  cross  section  is  undesirable 
with  respect  to  drag.  At  a  lift  coefficient  of  0.2  the 
drag  due  to  the  landing  gear  when  half  the  wheel  was 
retracted  into  the  wing  (leaving  only  slightly  more 
than  the  tire  protruding  out  of  the  nacelle)  was  greater 
than  the  drag  due  to  landing  gears  A  and  B  and  almost 


i  as  high  as  for  landing  gear  C.  The  drag  of  landing 
gear  D  when  partly  retracted  by  this  method  was  con¬ 
siderably  higher  than  when  retracted  by  swinging  the 
wheel  back  into  the  wing  (fig.  21). 

The  drag  due  to  landing  gear  D  enclosed  in  a  stream¬ 
line  fairing  (fig.  22)  was  somewhat  less  with  the  nacelle 
in  place  than  when  tested  on  the  wing  without  nacelle 
(fig.  14). 

Wheels. — The  results  from  tests  of  wheels  in  yaw 
measured  in  the  presence  of  the  wing  and  nacelle  (fig. 
23)  are  almost  identical  with  the  results  from  tests  of 
wheels  in  presence  of  the  wing  without  the  nacelle. 

Propeller  characteristics. — The  propeller  character¬ 
istics  measured  in  the  presence  of  the  wing  and  nacelle 
alone  and  also  in  the  presence  of  the  nonretractable 
landing  gears  A  and  B  are  given  in  figure  24.  The 
peak  propulsive  efficiency  was  reduced  about  2.5  per¬ 
cent  by  the  presence  of  landing  gear  A,  the  reduction 
being  manifested  by  an  increased  power  coefficient. 
The  propeller  was  less  affected  by  the  presence  of  land¬ 
ing  gear  B,  the  propulsive  efficiency  being  reduced 
only  about  1  percent. 

The  propeller  characteristics  measured  in  the  pres¬ 
ence  of  landing  gear  D  in  the  landing  position  and  also 
one-fourth  retracted  into  the  wing  are  given  in  figure 
25.  Both  the  thrust  and  power  curves  are  somewhat 
lower  than  those  for  the  wing  and  nacelle  alone  through¬ 
out  the  range  for  both  attitudes  of  the  landing  gear. 
The  peak  propulsive  efficiency,  however,  was  reduced 
only  about  1  percent  for  the  landing  gear  in  the  partly 
retracted  position  as  well  as  for  the  landing  gear  of 
30  /4-inch  height  in  the  landing  position.  For  the  land¬ 
ing  gear  of  24%-inch  height  in  the  landing  position 
the  propulsive  efficiency  was  reduced  about  2  percent 
for  the  climbing  and  high-speed  range  of  V/nD. 

EFFECT  OF  LANDING  GEARS  ON  HIGH  SPEED 

Figure  46  of  reference  1  may  be  found  convenient 
in  computing  the  effects  of  the  various  types  of  land¬ 
ing  gears  on  the  high  speed  of  an  airplane. 

CONCLUSIONS 

The  results  of  this  investigation  indicate  the  fol¬ 
lowing: 

1.  In  general,  the  presence  of  the  engine  nacelle  did 
not  appreciably  affect  the  drag  due  to  the  landing 
gears. 

2.  The  retractable  landing  gears  were  at  least  one- 
half  retracted  into  the  wing  or  a  fairing  before  the 
drag  became  less  than  that  due  to  the  best  nonre¬ 
tractable  landing  gears. 

3.  Landing  gears  that  were  partly  retracted  into  a 
nacelle  near  the  maximum  section  or  partly  retracted 
into  the  wing  near  the  leading  edge  had  a  much  higher 
drag  than  landing  gears  that  were  partly  retracted 
farther  aft  on  the  wing. 
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4.  Streamline  wheels  used  on  retractable  landing 
gears  had  less  drag  than  low-pressure  wheels  when  the 
landing  gear  was  partly  retracted  into  the  wing. 

5.  Landing  gears  that  were  partly  or  fully  retracted 
into  streamline  fairings  below  the  wing  had,  in  general, 
only  slightly  greater  drag  than  landing  gears  that  were 
partly  retracted  into  the  wing  or  nacelle. 

6.  The  peak  propulsive  efficiency  was  reduced  from 
1  to  3  percent  by  the  presence  of  the  landing  gears 
tested  in  conjunction  with  the  propeller. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  F ield,  Va.,  June  21 ,  1034. 
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SPINNING  CHARACTERISTICS  OF  WINGS 
I— RECTANGULAR  CLARK  Y  MONOPLANE  WING 

By  M.  J.  Bambeh  and  C.  H.  Zimmerman 


SUMMARY 

A  series  of  wind-tunnel  tests  of  a  rectangular  Clark  V 
wing  was  made  with  the  N.  A.  C.  A.  spinning  balance 
as  part  of  a  general  program  of  research  on  airplane 
spinning.  All  six  components  of  the  aerodynamic  force 
and  moment  were  measured  throughout  the  range  of  angles 
of  attack,  angles  of  sideslip,  and  values  of  ilb/2V  likely 
to  be  attained  by  a  spinning  airplane ;  the  results  were 
reduced  to  coefficient  form. 

The  latter  part  of  the  report  contains  an  analysis 
illustrating  the  application  of  data  from  the  spinning 
balance  to  an  estimation  of  the  angle  of  sideslip  neces¬ 
sary  for  spinning  equilibrium  at  any  angle  of  attack. 
The  analysis  also  shows  the  amount  of  yawing  moment 
that  must  be  supplied  by  the  fuselage,  tail,  and  inter¬ 
ference  effects  in  a  steady  spin.  The  effects  of  variation 
of  such  factors  as  mass  distribution,  attitude,  wing 
loadings,  etc.,  upon  the  likelihood  of  a  monoplane  with 
a  rectangular  Clark  Y  wing  attaining  a  steady  spin  as 
revealed  by  the  analysis  are  considered  in  the  discussion. 

It  is  concluded  that  a  conventional  monoplane  with  a 
rectangular  Clark  Y  wing  can  be  made  to  attain  spinning 
equilibrium  throughout  a  wide  range  of  angles  of  attack 
but  that  provision  of  a  yawing-moment  coefficient  of 
—0.02  (i.  e.  against  the  spin)  by  the  tail,  fuselage,  and 
interferences  will  insure  against  attainment  of  equilibrium 
in  a  steady  spin. 

INTRODUCTION 

Estimations  of  tlie  probability  of  an  airplane’s 
attaining  a  steady  spin  and  also  of  the  ease  and 
quickness  of  recovery  can  be  made  when  the  airplane 
is  being  designed  only  if  data  on  the  aerodynamic 
characteristics  of  the  component  parts,  together  with 
interference  effects,  are  available  for  all  spinning  atti¬ 
tudes  and  conditions  within  the  possible  range.  The 
National  Advisory  Committee  for  Aeronautics  has 
undertaken  an  extensive  program  of  research  using  the 
spinning  balance  to  obtain  such  data  for  a  number  of 
wings  and  wing  combinations.  As  rapidly  as  con¬ 


ditions  permit  the  tests  will  be  extended  to  cover  tail 
and  fuselage  combinations  and  interference  effects. 

The  first  part  of  this  report  presents  the  aerody¬ 
namic  characteristics  of  a  rectangular  Clark  Y  mono¬ 
plane  wing,  which  was  the  first  wing  tested  on  the 
spinning  balance,  throughout  the  ranges  of  angle  of 
attack,  angle  of  sideslip,  and  i'lbf 21  ’  likely  to  be  attained 
in  steady  spins  by  an  airplane  of  conventional  type. 
In  the  second  part  of  the  report  the  data  are  analyzed 
to  show  the  sideslip  at  the  center  of  gravity  and  the 
yawing-moment  coefficient  necessary  from  parts  of 
the  airplane  other  than  the  wing  for  equilibrium  in 
spins  at  various  angles  of  attack  for  various  loadings, 
mass  distributions,  and  values  of  the  pitching-moment 
coefficient. 

The  analysis  illustrates  the  use  of  a  method  of  esti¬ 
mating  the  effects  of  the  wing  characteristics  upon  the 
conditions  necessary  for  steady  spinning  equilibrium. 
When  sufficient  data  are  available  on  the  aerodynamic 
characteristics  of  various  combinations  of  tails  and 
fuselages  throughout  the  spinning  range,  the  method 
can  be  used  to  calculate  actual  spinning  attitudes  for 
specific  combinations  and,  if  extended,  to  estimate  the 
time  necessary  for  recovery  from  those  attitudes  with 
specific  control  movements.  The  method  of  analysis 
is  similar  to  that  developed  by  British  investigators 
(reference  1)  but  differs  from  it  in  detail  because  of 
differences  in  the  form  of  the  available  data. 

AERODYNAMIC  DATA 

APPARATUS  AND  MODEL 

Aerodynamic  forces  and  moments  in  the  various 
spinning  attitudes  were  measured  with  the  spinning 
balance  (reference  2)  in  the  N.  A.  C.  A.  5-foot  vertical 
wind  tunnel  (reference  3). 

The  Clark  Y  wing  model  is  rectangular,  5  inches  by 
30  inches,  with  square  tips.  It  is  made  of  laminated 
mahogany  and  cut  out  at  the  center  for  a  ball-clamp 
attachment  to  the  balance.  The  model  is  shown  in 
place  on  the  spinning  balance  in  figure  1. 
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Figure  1.— The  rectangular  Clark  Y  wing  mounted  on  the  spinning  balance  in  the  vertical  wind  tunnel. 


SPINNING  CHARACTERISTICS  OF  RECTANGULAR  CLARK  Y  WING 
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TESTS 


All  six  components  of  the  aerodynamic  force  and 
moment  exerted  on  the  model  were  measured  at  5° 
intervals  of  angle  of  attack  (measured  at  the  plane  of 
symmetry)  from  25°  to  70°.  Because  of  the  spread  of 
the  data,  from  5  to  10  tests  were  made  and  the  results 
averaged  for  each  test  condition  at  angles  of  attack  of 
30°,  40°,  50°,  and  65°.  At  each  angle  of  attack  the 
model  was  tested  with  —10°,  —5°,  0°,  5°,  and  10° 
sideslip.  At  each  angle  of  sideslip  f3  for  each  angle  of 
attack,  tests  were  made  with  values  of  126/2U  of  0.25, 
0.50,  0.75,  and  1.00.  All  tests  were  made  with  the 
quarter-chord  point  of  the  lower  surface  of  the  wing  at 
zero  radius. 

The  air  speed  for  values  of  126/2 V  of  0.25  and  0.50 
was  65  feet  per  second.  With  126/2  V  equal  to  0.75  and 
to  1.00  the  air  speeds  were  60  and  45  feet  per  second, 
respectively.  These  speeds  cover  a  range  of  values  of 
Reynolds  Number  from  106,000  to  153,000.  Early 
tests  on  the  spinning  balance  indicated  little  scale 
effect  within  this  range  (reference  2). 


SYMBOLS 


The  symbols  used  in  the  paper  are  listed  here  for 
ready  reference. 

Angle  of  attack  at  center  of  gravity. 


a 


/3=sin  1  y!  Angle  of  sideslip  at  the  center  of  gravity. 

V,  Resultant  linear  velocity  of  the  center  of 

gravity. 

v,  Linear  velocity  along  the  Y  airplane 

axis,  positive  when  the  airplane  is 
sideslipping  to  the  right. 

12,  Resultant  angular  velocity,  radians  per 

second. 

b,  Span  of  wing. 

S,  Area  of  wing. 

S=KpB2,  Dynamic  pressure. 
p,  Air  density,  slug/cu.  ft. 

A",  Longitudinal  force  acting  along  the  X 

airplane  axis,  positive  forward. 

Y,  Lateral  force  acting  along  the  Y  airplane 

axis,  positive  to  the  right. 

Z,  Normal  force  acting  along  the  Z  airplane 

axis,  positive  downward. 

L,  Rolling  moment  acting  about  the  X  air¬ 

plane  axis,  positive  when  it  tends  to 
lower  the  right  wing. 

M,  Pitching  moment  acting  about  the  Y  air. 

plane  axis,  positive  when  it  tends  to 
increase  the  angle  of  attack. 

N,  Yawing  moment  acting  about  the  Z  air¬ 

plane  axis,  positive  when  it  tends  to 
turn  the  airplane  to  the  right. 

Forces  and  moments  with  double  primes  (e.  g.,  X") 
are  in  the  ground  system  of  axes  where  Z"  is  positive 


downward  and  X"  is  along  the  radius  of  the  spin, 
positive  toward  the  center  of  the  spin. 

Coefficients  of  forces  are  obtained  by  dividing  the 
force  by  qS. 

Coefficients  of  moments  are  obtained  by  dividing 
the  moment  by  qbS. 

m  Relative  densitv  of  airplane  to  air.  Under 
pSb  standard  conditions,  p  =  13.1  W/Sb. 
m=WJg,  Mass. 

kx,kY,kz,  Radii  of  gyration  of  the  airplane  about  the 
X,  Y,  and  Z  airplane  axes,  respectively. 

b2 _  W  fr  Pitching-moment  inertia  param- 

kz — kx  g(C—A)’  eter. 

kz—kY2 _ C—B  Rolling-moment  and  yawing-mo- 


l  2 

K-Z 


h  2' 

ft X 


C-A 


ment  inertia  parameter. 


A=mkx2,  Moment  of  inertia  about  the  Ar  airplane  axis. 
B=mkY2,  Moment  of  inertia  about  the  Y airplane  axis. 
C=mkz2,  Moment  of  inertia  about  the  Z  airplane  axis. 

RESULTS 

Results  of  the  measurements  have  been  reduced  to 
the  following  coefficient  forms,  which  are  standard 
with  the  exception  of  that  for  pitching  moment,  for 
which  the  coefficient  is  based  on  the  span  rather  than 
on  the  chord: 

Y 


X 


Z 


Cr 


-  |C0 

^  1  CH 

II 

Cy~^s 

-1  ICO 

s  1  CH 

II 

L 

_  M 

TV 

qbS 

° m  qbS 

qbS 

Pitching-moment  coefficients  can  be  referred  to  the 
chord  of  the  wing  by  multiplying  the  values  given  by  6. 
All  values  are  given  in  terms  of  right  spins. 

The  values  of  the  coefficients  for  body  axes  are 
plotted  against  angle  of  attack  in  figures  2  to  7.  The 
coefficients  for  ground  axes  (assuming  the  spin  axis  as 
the  Z"  axis  positive  downward  in  flight)  are  plotted 
against  angle  of  attack  in  figures  8  to  13. 

Variations  of  Ct ,  Cm,  and  C„  with  (3  and  126/2  V  are 
plotted  for  typical  cases  in  figures  14  to  16. 

The  data  given  in  the  faired  curves  of  figures  2  to  7 
are  believed  to  be  correct  for  the  model  under  the 
conditions  of  test  within  the  following  limits: 

Cx,±  0.01  ±0.002 

CY,  ±0.01  Cm, ±0.005 

Uz,  ±0.04  Cn,±  0.002 

No  corrections  have  been  made  for  tunnel-wall,  block¬ 
ing,  or  scale  effects. 

DISCUSSION 

Although  values  of  the  coefficients  have  been  in¬ 
cluded  for  ground  axes,  in  order  to  avoid  confusion  this 
discussion  will  be  confined  to  the  coefficients  based  on 
body  axes. 

Longitudinal-force  coefficient  Cx. — The  longitudinal- 
force  coefficient  was  small  throughout  the  range.  In 


L ongitudinot-force  coefficient ■ 


Figure  2. — Variation  of  longitudinal-force  coefficient  Cx  (body  axes)  with  angle  of  attack. 


4^ 


Figure  3.— Variation  of  lateral-force  coefficient  CY  (body  axes)  with  angle  of  attack. 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


Rolling-moment  coefficient,  Ct 


SPINNING  CHARACTERISTICS  OF  RECTANGULAR  CLARK  Y  WING  235 


Pitching-moment  coefficient , 


Yawing -moment  coefficient , 


70 


236  REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


Lateral -f orce  coefficient,  C\ 


3* 

•—I 

Q 


to 

^1 


SPINNING  CHARACTERISTICS  OF  RECTANGULAR  CLARK 


Normal-  force  coefficient,  Cz ■■ 


Angle  of  attack,  d  ,  degrees 

15  30  35  40  45  50  55  60  65  10 


Rolling-moment  coefficient,  C2 ■■ 


238  REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


Pitching-moment  coefficient, 


Angle  of  attach,  d.  ,  degrees 

25  30  35  40  45  50  55  60  65  70 


Yawing-moment  coefficient,  Cn» 


Figure  13.— Variation  of  yawing-moment  coefficient,  Cn"  (ground  axes)  with  angle  of  attack. 
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Ro  1 1  in  g  -momen  t  coe  fficien  t,  Ct 


FrouRE  14. — Valuation  of  rolling-moment  coefficient  C'j  (body  axes)  with  angle  of  sideslip  and  with 

Slb/2  V. 


Pitch  mg -moment  coefficient , 


Angle  of  sideslip,  f3  ,  degrees  fib/PV 

-10  '-5  0  5  10  .25  .50  .75  1.00 


Figure  15.— Variation  of  pitching-moment  coefficient  Cm  (body  axes)  with  angle  of  sideslip  and 

with  V.b/2  V. 
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general,  values  were  negative  at  low  angles  of  attack 
and  positive  at  high  angles.  Changes  with  sideslip 
were  small  and  irregular. 

Lateral-force  coefficient  CY. — The  lateral-force  co¬ 
efficient  was  very  small,  never  greater  than  0.05  in 
absolute  value,  and  no  decided  trends  were  indicated. 

Normal-force  coefficient  Cz. — The  normal-force  vec¬ 
tor  was  nearly  the  same  as  the  resultant-force  vector 
throughout  the  tests.  It  increased  in  magnitude  with 
angle  of  attack  except  at  the  higher  values  of  126/2  F 
between  the  angles  of  55°  and  70°.  The  change  with 
126/2 17  was  quite  marked.  The  highest  value  of  the 
coefficient  reached  was  2.17  at  a=55°  with  126/2  F=  1.00. 
This  value  is  43  percent  greater  than  that  predicted 
by  the  strip  method,  assuming  a  rectangular  distribu- 


of  126/21^  of  0.75  and  1.00,  the  change  of  rolling-moment 
coefficient  with  change  in  sideslip  was  the  same  as  at 
the  lower  rates  of  rotation  at  intermediate  angles  of 
attack  but  changed  sign  at  each  end  of  the  angle-of- 
attac.k  range.  Increasing  the  value  of  126/2  F  resulted 
in  larger  negative  values  of  Ct  throughout  the  range 
of  the  tests,  the  effect  being  more  pronounced  at  low 
angles  of  attack  than  at  high  angles. 

Pitching-moment  coefficient  Cm. — The  pitching- 
moment  coefficient  became  more  negative  with  increase 
in  angle  of  attack  at  all  values  of  /3  and  126/2  F.  The 
curves  are  similar  to  those  of  Cz.  Pitching-moment 
coefficient  changed  irregularly  with  sideslip.  In  gen¬ 
eral,  the  changes  were  small  and  revealed  no  distinct 
trends.  At  30°  angle  of  attack  no  definite  trend  of 


Figure  16. — Variation  of  yawing-moment  coefficient  Cn  (body  axes)  with  angle  of  sideslip  and  with  06/2  V. 


tion.  The  normal  force  changed  considerably  with 
sideslip,  particularly  at  the  higher  values  of  126/2  F. 
In  general,  there  was  but  small  change  with  outward 
(negative)  sideslip  hut  definite  decrease  in  value  with 
inward  sideslip. 

Rolling-moment  coefficient  Ch — The  rolling-moment 
coefficient  changed  but  slightly  with  angle  of  attack  at 
low  values  of  126/2  F.  At  values  of  126/2  F  greater  than 
0.50  the  decrease  in  moment  opposing  the  rotation  with 
increase  in  angle  of  attack  was  quite  marked.  Sideslip 
had  a  pronounced  effect  upon  the  rolling-moment  co¬ 
efficient.  With  126/2 V=  0.25,  the  coefficient  became 
more  positive  with  change  of  sideslip  from  inward  to 
outward  at  all  angles  of  attack.  The  same  was  true 
with  126/2 F=  0.50  except  at  an  angle  of  attack  of  25°, 
where  the  change  was  slight  and  indefinite.  At  values 


change  of  Cm  with  126/2 F  was  indicated.  At  higher 
angles  of  attack  Cm  became  more  negative  with  increase 
in  126/2  F. 

Yawing-moment  coefficient  Cn. — Values  of  yawing- 
moment  coefficient  were  small  throughout  the  range 
covered  by  the  tests,  the  maximum  value  being  0.022 
with  <x=25°,  /3=0°,  and  126/2F=1.00.  There  was  a 
general  tendency  for  Cn  to  decrease  with  increase  in 
angle  of  attack,  although  individual  curves  had  positive 
slopes  at  some  angles  of  attack.  Changes  of  Cn  with 
sideslip  were  small  and  irregular  and  did  not  reveal  any 
definite  trends.  Yawing-moment  coefficient  curves 
revealed  a  general  tendency  for  the  coefficient  to  in¬ 
crease  with  increase  of  126/2  F,  although  individual 
curves  had  negative  slopes  over  part  of  the  126/2  range. 
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FORMULAS  FOR  COMPUTATION  OF  SPINNING  EQUILIBRIUM  OF 

AIRPLANES 

The  following  formulas  were  obtained  from  exact 
equations  for  equilibrium  in  a  steady  spin  by  a  series 
of  approximations.  (See  Appendix.)  Comparison  of 
values  of  Ct  for  equilibrium  estimated  by  this  method 
with  values  obtained  from  flight  results  (references  4 
and  5)  shows  the  results  to  fall  well  within  the  experi¬ 
mental  accuracy  of  the  aerodynamic  data  for  ordinary 
values  of  sideslip.  For  values  of  sideslip  of  10°  in¬ 
ward  or  15°  outward  the  results  may  be  in  error  by 
as  much  as  10  percent,  the  estimated  values  being 
less  in  absolute  magnitude  than  the  true  values. 
From  a  practical  standpoint  even  this  amount  of 
discrepancy  is  insignificant,  the  only  effect  being  a 
slightly  erroneous  estimation  of  the  amount  of  side¬ 
slip  necessary  for  equilibrium  and  a  small  error  in 
estimating  the  gyroscopic  yawing-moment  coefficient. 

The  formulas  arc: 


ilb 


~Cm  b2 


2V  \  3.84m  sin  2 a  kz2—kx 


Ci=<A 


b/-ky 2 

b  ^k^—kx1' 


Cm  tan  a 
2M 


1  ruJkz2—kYT\—Cm  sin  0 


Cn=C,  cot 


a 


COS  a 

b  2 _ b  2N 

It  y  bx 

k7 


-kx2\ 

-ky2) 


w 


m 


(1) 


(2) 


(3) 


13.1  W 


here  u— ~ or'  Under  standard  conditions,  p  =  A  , 
p  S  b  ’  S  b 

(reference  G). 


RANGE  OF  INDEPENDENT  VARIABLES  USED  IN  COMPUTATIONS 


Estimations  were  made  of  the  spinning  equilibrium 
from  30°  to  70°  angle  of  attack  and  from  —10°  to 
10°  angle  of  sideslip  for  a  representative  case  with 
the  following  assumed  characteristics: 

—  Cm 

Slope  of  pitching-moment  curve,  _9qo— 0.0020 

Lift  coefficient,  Ch=Cx" 

Relative  density  of  airplane  to  air,  p=b. 0 
Pitching-moment  inertia  parameter, 


b2 


kz2—kx 


:80 


Rolling-moment  and  yawing-moment  inertia  param¬ 
eter, 

kz2 — kY2 


kz2 — kx2 


=  1.0 


and  for  15  additional  cases  determined  by  changing 
the  variables  one  at  a  time  from  this  mean.  These 
conditions  are  summarized  in  table  I. 


TABLE  I 

CONDITIONS  USED  AS  BASIS  OF  SPINNING 
ESTIMATIONS 


-Cm 

Cl 

62 

kzi-kY 2 

a-  20° 

ky.i-kx 2 

kz2-kx 2 

0.  0010 

Cx" 

5.  0 

80 

1.0 

.  0015 

Cx" 

5.0 

80 

1.  0 

.0020 

Cx" 

5.0 

80 

1.0 

.  0025 

Cx" 

5.0 

80 

1.  0 

.  0030 

Cx" 

5.  0 

80 

1.  0 

.  0020 

0  .HCx" 

5.0 

80 

1.0 

.  0020 

1,2  Cx" 

5.0 

80 

1.0 

.  0020 

Cx" 

2.5 

80 

1.0 

.  0020 

Cx" 

7.  5 

80 

1.  0 

.  0020 

Cx" 

10.  0 

80 

1.0 

.  0020 

Cx" 

5.0 

60 

1.0 

.  0020 

Cx" 

5.0 

100 

1.0 

.  0020 

Cx" 

5.0 

120 

1.  0 

.  0020 

Cx" 

5.0 

80 

.  5 

.  0020 

Cx" 

5.0 

80 

1.  5 

.0020 

Cx" 

5.0 

80 

2.0 

The  variations  in  relative  density  p  (reference  6) 
include  the  range  of  conventional  airplanes,  p=2.5  cor¬ 
responding  to  a  wing  loading  of  G  pounds  per  square 
foot  and  a  span  of  31.2  feet  and  p=\0  corresponding 
to  a  wing  loading  of  20  with  a  span  of  2G.1  feet,  under 
standard  conditions. 

Variations  in  the  parameters 

b2  3  kz2-kv2 

b~2  b  2  and  i  — ,  -2 

rtZ  ltX  liZ  ltx 


cover  the  range  given  in  reference  7  for  11  airplanes. 
These  parameters  may  be  rewritten  as 

Wb2  C _ B 

pc=A) and  c=a’  resPectiveIy> 


where  A  —  mkx2,  the  moment  of  inertia  about  the  A" 

axis. 

B=mkY2,  the  moment  of  inertia  about  the  Y 
axis. 


C—mkz2,  the  moment  of  inertia  about  the  Z 
axis. 


METHOD  OF  ARRIVING  AT  CONDITIONS  FOR  SPINNING 

EQUILIBRIUM 


The  values  of  angle  of  sideslip  and  of  aerodynamic 
yawing-moment  coefficient  that  must  be  contributed 
by  parts  of  the  airplane  other  than  the  wing  were 
estimated  by  the  following  method: 

The  value  of  ilb/ 2V  was  computed  with  the  appro- 

b2  . 

priate  values  of  Cm,  p,  and  j— tz — using  equation  (1) 

b'z  ICx 

for  angles  of  attack  of  30°,  40°,  50°,  60°,  and  70°. 

The  aerodynamic  rolling-moment  coefficient  neces¬ 
sary  for  equilibrium  was  computed  from  equation  (2), 

•  •  i  ^  £  yy  kz2—ky2  k  2  —  ky2 

using  appropriate  values  oi  CL,  ,  -,y-2 — — — j2L, 

o  Ykz — kx  kz — kx 


and  Cm  for  angles  of  sideslip  of  —10°,  —5°,  0°,  5°,  and 
10°  at  angles  of  attack  of  30°,  40°,  50°,  G0°,  and  70°. 
The  value  of  CL  was  obtained  from  the  test  data  for 
the  appropriate  values  of  a,  (3,  and  ilb/ 2U.  The  value 
of  Cm  was  assumed  not  to  change  with  sideslip.  Values 
of  Ci  so  computed  were  plotted  against  angle  of  sideslip. 
(See  figs.  17  and  18.) 


Rolli'nq-moment  coefficient,  Ci  Rolling-moment  coefficient, 
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Figure 


17.— Sample  chart  illustrating  method  of  determining  angle  of  sideslip  and  tail  and  fuselage  yawing-moment  coefficients  necessary  for  equilibrium 

in  spins  with  kx2=ky2. 

Cm  =  — 0.0020(a— 20°)  #*=10  Cl=Cx" 


kz2-ky2 

kz2—kx'1 


=  1.0 


b2 

kz2—kx2 


=80 


-to  -5  0  5  /0  30  40  50  60  70 

Ang/e  of  sideslip,  (3 ,  degrees  Angle  of  attack ,  ct ,  degrees 


Figure  18. — Sample  chart  illustrating  method  of  determining  angle  of  sideslip  and  tail  and  fuselage  yawing-moment  coefficients  necessary  for  equilibrium 

in  spins  with  kx2i>ky2. 

Cm  =  -  0.0020(a— 20°)  ju  =  10  Cl  =  Cx" 


kz2—ky2 
kz2-kx 2 


=2.0 


b2 


kz2~kx2 


=80 
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Aerodynamic  values  of  Ct  were  determined  for  the 
values  of  Ub/2V  computed  from  equation  (1)  at  the 
appropriate  values  of  a  and  /3  by  adding  to  the  value 
given  by  the  wing  on  the  spinning  balance  an  arbitrary 
constant  amount  AC)=0.02,  for  reasons  given  in  the 
discussion.  These  values  of  Ct  were  also  plotted  in 
figures  17  and  18.  The  points  at  which  curves  for 
the  same  angle  of  attack  intersect  represent  conditions 
of  equilibrium  of  all  forces  and  moments  except  yawing 
moment.  A  smooth  curve  was  drawn  connecting  such 
points. 

Values  of  Cn  necessary  to  balance  the  gyroscopic 
yawing  moment  were  calculated  from  equation  (3)  for 
the  values  of  Ci  on  the  curve  of  equilibrium  of  rolling 
moments  and  were  plotted  against  angle  of  attack. 
The  values  of  Cn  for  the  appropriate  conditions  of  a,  (3, 
and  Qb/2V  from  the  tests  of  the  Clark  Y  wing  were 
increased  by  A(7„= 0.006  and  plotted  against  a  on  the 
same  charts.  The  algebraic  difference  between  the 
two  curves  of  Cn  already  plotted  was  then  plotted  and 
represents  the  value  of  Cn  that  must  be  supplied  by 
fuselage,  empennage,  interference  effects,  etc.,  to  give 
equilibrium  in  a  steady  spin  at  the  given  angle  of  attack. 


UESULTS  OF  COMPUTATIONS 


Sample  charts  illustrating  the  method  of  estimating 
the  value  of  Cx  and  of  sideslip  for  rolling-moment 
equilibrium  at  any  angle  of  attack  and  giving  the 
variation  of  sideslip  with  angle  of  attack  for  those 
particular  cases,  are  given  in  figures  17  and  18.  Sam¬ 
ple  variations  of  C„  with  angle  of  attack  are  also 
shown. 

The  variations  of  sideslip  necessary  for  equilibrium  in 
-Cm  n  b 2 

9qo’  L'l 


a  spin  with 


a- 


' L , 


h  2_U  2 
ftjY  ft Z 


and  kz 


kz2- 


■ ky 2 

-kx2 


for 


angles  of  attack  of  30°,  40°,  50°,  60°,  and  70°  are  plotted 
in  figures  19  to  23,  inclusive.  In  these  figures,  as 
elsewhere  in  the  report,  negative  sideslip  is  outward 
sideslip. 

Values  of  aerodynamic  yawing-moment  coefficient 
which  must  be  supplied  by  parts  of  the  airplane  other 
than  the  wings  are  plotted  against  the  independent 
variables  for  angles  of  attack  of  30°,  40°,  50°,  60°,  and 
70°  in  figures  24  to  28,  inclusive.  A  negative  value 
indicates  that  the  moment  supplied  must  oppose  the 
rotation. 

DISCUSSION 


Purpose  of  including  computations. — The  computed 
values  of  sideslip  and  of  yawing-moment  coefficient  for 
spinning  equilibrium  with  a  rectangular  Clark  Y  wing 
are  included  as  a  basis  for  discussion  of  the  meaning 
of  the  aerodynamic  characteristics  of  the  wing  in  terms 
of  spinning  characteristics.  They  also  illustrate  a 
comparatively  simple  and  direct  method  of  estimating 
the  spinning  characteristics  of  an  airplane  for  which  the 
inertia  and  aerodynamic  characteristics  are  known  or 
have  been  estimated. 


Validity  of  assumptions. — The  degree  of  approxi¬ 
mation  of  the  computed  results  caused  by  the  approx¬ 
imations  in  the  formulas  has  been  discussed  in  the 
section  giving  the  formulas.  The  approximations  have 
no  significant  effect  upon  the  points  considered  in  the 
present  discussion. 

When  making  the  computations,  Cm  was  assumed  to 
vary  linearly  with  angle  of  attack  and  was  not  corrected 
for  the  effect  of  V.bf 2V  or  Such  an  assumption  is 

legitimate  for  purposes  of  this  discussion  but  should 
not  lie  taken  as  other  than  very  roughly  representative 
of  the  case  of  an  actual  airplane. 

It  was  assumed  that  no  aerodynamic  rolling  moment 
is  supplied  by  parts  other  than  the  wing  or  by  inter¬ 
ference  effects.  As  a  matter  of  fact,  there  will  be 
rolling-moment  contributions  from  the  fuselage,  hori¬ 
zontal  and  vertical  tail  surfaces,  wheels,  etc.,  but  these 
will  all  be  small  in  comparison  with  the  wing  rolling 
moment  and  will  make  but  very  minor  changes  in  the 
estimated  angle  of  sideslip. 

When  making  the  corrections  in  Ct  and  Cn,  it  was 
assumed  that  consistent  differences  that  had  been 
found  between  model  and  full-scale  values  (reference  8) 
were  due  to  scale  effects  upon  the  wings.  This  as¬ 
sumption  is  probably  correct  for  Cx  but  is  not  neces¬ 
sarily  so  for  Cn,  since  the  aerodynamic  yawing  moment 
from  other  parts  of  the  airplane  is  of  the  same  order  of 
magnitude  as  that  from  the  wings. 

The  values  of  ACt  and  ACn  of  0.02  and  0.006,  respec¬ 
tively,  were  chosen  after  consideration  of  the  differences 
between  model  and  full-scale  data  for  tests  in  7  different 
spinning  conditions  for  an  F4B-2  airplane  and  2  dif¬ 
ferent  conditions  for  an  NY-1  airplane.  There  is  not 
sufficient  experimental  evidence  to  warrant  placing 
implicit  trust  in  the  quantitative  values  of  these  cor¬ 
rections;  but  that  corrections  must  be  applied  of  the 
same  order  of  magnitude  seems  beyond  doubt,  par¬ 
ticularly  in  view  of  the  fact  that  British  investigators 
working  under  different  conditions  have  found  similar 
discrepancies  between  full-scale  and  model  results 
(references  9  and  10). 

Typical  examples. — -Typical  cases  showing  the  na¬ 
ture  of  the  variations  of  Cu  (3,  and  Cn  with  angle  of 
attack  are  given.  The  first  case  (fig.  17)  represents 
the  mean  condition  assumed  for  the  calculations  and 
corresponds  to  71=71  with  average  values  of  Cm,  n,  and 

b2 

t  2 — r— 2 •  The  second  case  (fig.  18)  corresponds  to  the 
ftz  Yy 

b2 

same  values  of  Cm,  v,  and  j— , — r—2  with  A^>B. 

/b  z  Kx 

In  both  the  illustrative  cases,  Ct  varies  from  a  small 
positive  value  at  30°  angle  of  attack  to  a  large  negative 
value  at  70°.  All  the  curves  of  rolling  moment 
equilibrium  were  similar.  Positive  values  of  Cx  indicate 
that  the  outer  wing  tip  is  above  the  inner  tip. 

In  all  but  one  case  the  angle  of  sideslip  necessary 
for  equilibrium  varied  from  a  small  value,  either 


SPINNING  CHARACTERISTICS  OF  RECTANGULAR  CLARK  Y  WING 


245 


Figure  19. — Effect  of  pitching-moment  coefficient  upon  sideslip  necessary  for 

equilibrium  in  a  spin. 
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Figure  20.— Effect  of  relative  density  of  airplane  upon  sideslip  necessary  for 

equilibrium  in  a  spin 
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Figure  21. — Effect  oflift  coefficient  upon  sideslip  necessary  for  equilibrium  in  a  spin. 
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Figure  22.— Effect  of  pitching-moment  inertia  parameter  upon  sideslip  necessary 

for  equilibrium  in  a  spin. 
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Fic.uke  23. — Effect  of  rolling-moment  and  yawing-rnoment  inertia  parameter  upon 
sideslip  necessary  for  equilibrium  in  a  spin. 
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'  iguke  24. —  K I  feet  of  pitching-moment  coefficient  upon  yawing-moment  coefficient 
that  must  be  supplied  by  parts  other  than  the  wing  for  equilibrium  in  a  spin. 
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Figure  25. — Effect  of  relative  density  of  airplane  upon  yawing-moment  coefficient 
that  must  be  supplied  by  parts  other  than  the  wing  for  equilibrium  in  a  spin. 
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Figure  26. — Effect  of  lift  coefficient  upon  yawing-rnoment  coefficient  that  must 
be  supplied  by  parts  other  than  the  wing  for  equilibrium  in  a  spin. 
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I*  igure  27. — Effect  of  pitching-moment  inertia  parameter  upon  yawing-rnoment 
coefficient  that  must  be  supplied  by  parts  other  than  the  wing  for  equilibrium 
in  a  spin. 
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Figure  28. — Effect  of  rolling-  and  yawing-rnoment  inertia  parameter  upon  yawing- 
rnoment  coefficient  that  must  be  supplied  by  parts  other  than  the  wing  for 
equilibrium  in  a  spin. 
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inward  or  outward  (positive  or  negative,  respectively, 
for  a  right  spin  as  here  shown),  at  low  angles  of  attack 
to  a  fairly  large  value  outward  at  intermediate  and 
high  angles.  The  one  exception  was  the  case  of  a 
lightly  loaded  airplane  (yu  =  2.5)  for  which  an  outward 
sideslip  of  approximately  10°  was  required  throughout 
the  angle-of-attack  range. 

The  variations  of  Cn  with  angle  of  attack  shown  in 
figures  17  and  18  are  typical  of  all  the  computed  values. 
The  case  shown  in  figure  17  represents  the  condition 
when  A=B  and  the  inertia  moment  is  therefore  zero. 
Figure  18  illustrates  the  nature  of  the  variation  of  the 
aerodynamic  moment  necessary  to  balance  the  inertia 

/b  2 _ b  2  \ 

moment  for  a  case  when  A^Byj^ — ^2^>1  J-  The 

values  of  Cn  that  must  he  supplied  by  the  fuselage, 
empennage,  and  interference  effects  are  in  most  cases 
negative  and  of  the  order  of  —0.01  at  angles  of  attack 
of  30°  and  40°,  becoming  less  negative  and  in  some 
cases  slightly  positive,  at  the  higher  angles. 

Effect  of  variation  of  pitching-moment  coefficient 
Cm: — Increasing  the  pitching-moment  coefficient  in 
the  negative  sense  at  any  angle  of  attack  increases  the 
value  of  9b /2V  necessary  for  equilibrium  of  pitching- 
moment  coefficients  and  affects  both  the  aerodynamic 
characteristics  and  the  inertia  rolling  and  yawing 
moments.  As  a  result  (see  fig.  19)  the  amount  of 
outward  sideslip  necessary  for  equilibrium  of  rolling 
moments  increases  as  Cm  is  made  more  negative  at 
any  angle  of  attack.  There  was  little  change  in  the 
yawing-moment  coefficient  required  for  equilibrium 
(fig.  24)  and  no  marked  trend  was  revealed. 

The  net  results  of  changing  Cm  will  depend  on  the 
static  stability  in  yaw  (slope  of  curve  of  yawing  mo¬ 
ment  against  sideslip)  of  the  airplane  with  respect  to 
body  axes  at  the  angle  of  attack  under  consideration 
and  upon  the  distance  of  the  damping  surfaces  of  the 
fuselage  and  empennage  from  the  center  of  gravity. 
If  it  be  assumed  that  the  value  of  Cn  from  all  parts 
other  than  the  wing  can  be  separated  into  one  part 
due  to  the  sideslip  at  the  center  of  gravity  and  into 
another  part  due  to  the  rotation,  it  can  be  shown  that 
theoretically  the  yawing-moment  coefficient  due  to 
sideslip  varies  linearly  with  sideslip  and  that  the  mo¬ 
ment  coefficient  opposing  the  spin  supplied  by  the 
damping  surfaces  increases  approximately  linearly 
with  increase  of  9b/2V.  Such  a  treatment  is  valid  for 
stability  computations  where  small  rates  of  rotation 
and  small  angles  of  sideslip  are  involved.  The  concept 
is  valuable  in  considering  the  effect  upon  yawing- 
moment  equilibrium  in  spins;  but,  because  of  the  high 
rates  of  rotation  and  large  angles  of  sideslip  involved 
together  with  the  accompanying  interference  effects, 
it  is  doubtful  if  very  satisfactory  results  can  be  obtained 
from  a  quantitative  analysis.  On  a  qualitative  basis 
it  appears  that  increasing  Cm  in  the  negative  sense  will 
reduce  the  likelihood  of  attaining  equilibrium  in  a  spin 


if  the  airplane  is  statically  stable  in  yaw  because  of  the 
necessary  increase  in  9b /2V  and  in  outward  sideslip. 
If  the  machine  is  unstable  in  yaw,  the  effect  of  attaining 
equilibrium  depends  on  the  relative  magnitudes  of  the 
stability  and  the  damping  factors. 

Effect  of  variation  of  relative  density  yu. — The 
smallest  value  of  yu  used  in  the  analysis,  corresponding 
to  a  wing  loading  of  6  pounds  per  square  foot  and  a 
span  of  31  feet,  gave  an  indication  of  the  necessity  for 
very  large  values  of  outward  sideslip  for  rolling 
equilibrium  at  all  angles  of  attack.  Increasing  g  de¬ 
creased  the  amount  of  outward  sideslip  very  markedly, 
particularly  at  the  lower  angles  of  attack.  It  there¬ 
fore  appears  that  the  airplane  will  spin  with  less  out¬ 
ward  sideslip  when  heavily  loaded  or  at  high  altitudes 
than  when  lightly  loaded  or  at  low  altitudes. 

Increasing  n  gave  a  general  indication  of  decrease 
in  the  possibility  of  attaining  yawing-moment  equilib¬ 
rium.  The  rate  of  change  was  generally  small,  although 
a  large  change  was  noted  between  yu  —  2.5  and  n  —  5.0 
when  a  was  70°. 


The  net  effect  of  increasing  m  on  the  probability  of 
attaining  spinning  equilibrium  will  depend  on  the  static 
stability  in  yaw  and  upon  the  distance  of  damping 
elements  from  the  center  of  gravity,  as  was  pointed  out 
in  the  discussion  of  the  effect  of  pitching-moment 
equilibrium.  As  will  be  seen  from  equation  (1),  in¬ 
creasing  yu  decreases  9b /2V  and  hence  that  portion  of 
the  yawing-moment  coefficient  due  to  rotation  that 
always  opposes  the  rotation.  If  the  airplane  is 
statically  stable  in  yaw,  increasing  n  will  tend  to  make 
easier  the  attainment  of  yawing-moment  equilibrium  by 
decreasing  the  moment  opposing  the  spin  because  of 
the  outward  sideslip.  The  change  in  value  of  Cn  neces¬ 
sary  with  increase  of  g  will  also  affect  the  result.  In 
general,  it  is  probable  that  increasing  \i  will  increase 
the  possibility  of  attaining  spinning  equilibrium. 

Effect  of  changing  CL. — There  were  no  changes 
worthy  of  note  with  change  in  CL. 

Effect  of  changing  pitching-moment  inertia  parameter 


b2 


kz2-kA 

kA-W 


-Increasing  this  parameter  while  keeping 


— r~ 2  constant  is  equivalent  to  decreasing  both  A 

nz  — Kx 


vT 

and  C  with  respect  to  117>2.  Such  a  change  results  in 
the  necessity  for  increased  amounts  of  outward  side¬ 
slip  at  all  angles  of  attack.  The  effect  on  yawing- 
moment  coefficient  required  for  balance  was  slight, 
although  there  was  a  general  tendency  toward  increase 
of  likelihood  of  attaining  equilibrium  except  at  60° 
angle  of  attack. 


The  net  effect  of  changes  in  upon  the  pos- 

Kz  fCx 

sibility  of  attaining  spinning  equilibrium  is  similar  to 
that  of  changes  in  Cm  since  increasing  the  parameter 
also  increases  the  value  of  9b /2  V. 


71  <146— 36 
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Effect  of  changing  the  rolling-moment  and  yawing- 

2 _ f  'c  2  £  2 _ 2 

moment  inertia  parameter  ^ ™ 1 —  Z 


r 

Cv‘ 


When 


'■Z  'EY  kz-  kY 2 

1,  13= A  and  the  gyroscopic  yawing  moment  is  zero. 
(Sec  equation  (3).)  Increasing  the  parameter  without 
.  b2 

changing  ,  t, — j—t2  is  equivalent  to  decreasing  13  or  to 
kz~  kx 

decreasing  the  mass  distribution  along  the  longitudinal 
axis  with  respect  to  that  along  the  lateral  axis.  Such 
a  change  resulted  in  the  requirement  of  slightly  more 
outward  sideslip  for  equilibrium  at  low  angles  of  attack 
and  less  outward  sideslip  at  high  angles  of  attack. 
Increasing  this  parameter  also  resulted  in  an  increase 
in  the  probability  of  attaining  yawing-moment  equilib¬ 
rium  at  low  angles  of  attack  and  a  decrease  in  the  pos¬ 
sibility  of  attaining  that  equilibrium  at  high  angles  of 
attack.  This  effect  is  largely  due  to  the  change  in  the 
gyroscopic  yawing-moment  coefficient. 

ki-kj 


Since  changes  in 


do  not  affect  i!bl2V  the 


k*-kx 

net  effect  upon  the  possibility  of  attaining  spinning 
equilibrium  will  depend  upon  the  effect  on  sideslip  and 
the  effect  on  Cn  required  for  equilibrium.  If  the  air¬ 
plane  is  statically  stable  in  yaw,  increasing  the  ratio 
will  produce  counteracting  effects.  If  the  airplane  is 
statically  unstable  in  yaw,  the  effects  will  be  additive, 
making  very  much  more  likely  the  attainment  of 
equilibrium  at  low  angles  of  attack  and  very  much  less 
likely  the  attainment  of  equilibrium  at  high  angles. 

Effect  of  ACi  and  ACn  on  the  computed  results. — 
The  discussion  of  the  effect  upon  the  likelihood  of 
securing  spinning  equilibrium  has  been  confined  to 
cases  for  which  the  values  for  Ct  and  Cn  obtained  from 
model  tests  have  been  changed  by  AC)=0.02  and 
ACn—  0.006,  respectively.  If  the  value  of  Ct  obtained 
from  model  tests  had  been  used  directly,  2.5°  to  7.5° 
more  outward  sidesli p  than  shown  in  figures  17  to  28 
would  have  been  needed  for  equilibrium  of  rolling 
moments. 

As  sideslip  has  but  small  influence  upon  the  aero¬ 
dynamic  value  of  Cn,  the  effect  of  omitting  A Gt  upon 
the  value  of  Cn  necessary  for  equilibrium  would  have 

V  2  _J{.  2 

been  small  for  the  cases  with  the  parameter  — r~2=  1  • 

kz  'ey 

Had  this  ratio  been  other  than  1,  the  effect  would  have 
been  to  give  the  curves  of  Cn  required  at  low  angles  of 


attack  the  same  slope  as  those  in  the  present  analysis 
at  high  angles  of  attack,  and  to  show  an  even  less  possi¬ 
bility  of  obtaining  equilibrium  in  high-angle-of-attack 
spins  with  increase  of  the  ratio. 

Adding  A(7W= 0.000  to  the  measured  values  had  no 
other  effect  than  to  add  —0.006  to  the  value  of  Cn 
required  of  the  fuselage,  empennage,  and  interference 
effects  for  equilibrium  of  yawing  moments. 

It  is  apparent  that,  if  the  foregoing  corrections  rep¬ 
resent  the  true  differences  between  model  and  full-scale 
results,  models  can  he  expected  to  spin  with  about  5° 
more  outward  sideslip  than  the  full-scale  airplane  and 
to  be  not  so  likely  to  attain  steady  spinning  equilibrium 
at  a  given  angle  of  attack  if  statically  stable  in  yaw. 
The  evidence  is  insufficient,  however,  to  substantiate 
fully  a  conclusion  to  that  effect. 

CONCLUSIONS 

If  it  be  assumed  that  the  corrections  applied  are  of 
the  right  order  of  magnitude,  the  following  conclusions 
are  indicated  by  the  analysis  presented  for  a  conven¬ 
tional  monoplane  with  a  rectangular  Clark  Y  wing: 

1.  The  value  of  the  yawing-moment  coefficient  re¬ 
quired  from  the  fuselage,  tail,  and  interference  effects 
for  steady  spinning  equilibrium  is  small  throughout  the 
angle-of-attack  range  investigated.  It  appears  that 
the  spinning  attitude  of  such  an  airplane  will  depend 
very  greatly  upon  details  of  arrangement  of  the  fuselage 
and  tail. 

2.  The  maximum  yawing-moment  coefficient  that 
must  be  supplied  by  parts  other  than  the  wing  to  in¬ 
sure  recovery  from  steady  spinning  equilibrium  is 
Cn=- 0.02.  ‘ 

3.  Increasing  the  static  stability  in  yaw  (making 
more  negative  the  slope  of  curve  of  yawing  moment 
against  sidesli]))  about  body  axes  at  spinning  angles  of 
attack  will  decrease  the  possibility  of  attaining  equi¬ 
librium  of  yawing  moments  at  angles  of  attack  greater 
than  40°  and  hence  will  tend  to  prevent  flat  spins. 
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EQUATIONS  FOR  USE  IN  COMPUTING  STEADY 
SPINNING  EQUILIBRIUM 

Derivation. — If  it  be  assumed  that  the  cross-wind 
force  in  a  steady  spin  without  sideslip  is  zero,  the 
equations  of  balance  of  forces  read, 

-^pV2SCl  cos  \p'  cos  <p'=mQrR  (4) 

t )P\  2SCl >  cos  <ja\p\  "2SCl  sin  <p'=mg  (5) 

IpV2SCd  sin  <7 =  ~pV2SCL  sin  \p'  cos  A  (G) 

where  R  is  the  radius  of  the  spin, 

R,  the  angle  between  the  projection  of  the  lift 
vector  upon  a  horizontal  plane  and  the  spin 
radius. 

A,  the  angle  between  the  horizontal  and  the  lift 
vector. 

and  a,  the  angle  between  the  flight  path  and  the 
vertical. 

1  he  foregoing  equations  of  balance  of  forces  are  true 
regardless  of  sideslip  if  the  cross-wind  force  is  such  that 

Cc=  —  CR  sin  cos-1  (cos2  a-)- sin2  ’a  cos  /3) 

sin  cos~’  (cos2  a-j-sin2  a  cos  /3)  =  sin  f3  sin  a  (approx.) 

It  can  be  shown  that  A  is  the  tan-1  (tan  <r  sin  \p'). 
Both  a  and  A  are  generally  small  and  A  must  neces¬ 
sarily  be  quite  small  so  that  sin  ip'  may  be  considered  0 
and  cos  <p'  taken  equal  to  1. 

Also,  since 


sill  a  = 

V 

(7) 

i/V2—ttR2 

(8) 

cos  a  — 

V 

lf>V’SCL 

cos  \p'  =  mV.2R 

(0) 

',.  r  >y 

P2— QjR2 
y  =mg 

(10) 

OR 

n 

Ld  V  ~ 

=  CL  sin  A 

(11) 

from  the  nect  <sity  for  balance  of  the  gyroscopic  and 
aerodynamic  pitching  moments, 

2^  2Sb C m  =  (A  —  C)  p r 

=  (A—  C)ll2  cos  a  sin  a  cos2  (a  A  ft)  (approx.)  (1 2) 


The  angle  (<r-f  0)  is  approximately  the  angle  of  the  Y 
axis  to  the  horizontal  and  is  generally  less  than  10° 
and  seldom  greater  than  20°. 

Assuming  that  an  average  value  of  (o-f/3)  is  11°, 
cos-  ( cr  — J—  /3)  =0.96  and  (12)  may  be  rewritten  as 


9pl  2SbCm=0.9Gil2(A— C)  sin  a  cos  a  (13) 


Eliminating  sin  A  and  cos  A  from  equations  (9)  and 
(11)  and  substituting  from  equation  (13), 


R= 


—  0.96 (/I  —  ( ')  sin  a  cos  a  Cl 


=  (14) 


y  m2b2C„2—  CD^pSbCm  X  0.96  {A  -  C)  sin  a  cos  a 


Experience  with  actual  values  has  shown  that  the 
second  term  under  the  radical  sign  is  negligible  com¬ 
pared  with  the  first  and  therefore  equation  (14)  may  be 
rewritten, 


R= 


-0M(A~C)  sin  2 aCh 


mbC 


(15) 


Also 

\pV2SbC i=if  sin  a  sin  (<r+0)  cos  (<r-}-/3)  (C  —  B)  (16) 
(nearly) 

and 


2pV2SbCn=9.2  cos  a  sin  (o-+/3)  cos  (<r-f/3)  (. B—A )  (17) 

(nearly) 

or  for  an  average  case, 

~p\r2SbCi=().9Sil2  sin  a  sin  (a  +0)  ( C—B )  (18) 

~pY2SbCn—0.<d8tt2  cos  a  sin  (a A 13)  {B—A)  (19) 

If  it  be  further  assumed  that 

sin  (cr- j-j8)  =  sin  a -Lsin  j3 

it  follows  that, 

a  — (C— B)Ci  /0.48p  tan  a.Cm  ,  ( O ■  B)  ( sin  p 
1  m  V  -T(A-0  +i.\  <’,  ms  (7  (-0) 

Letting  n=  the  equations  finally  resulting  are, 


V.b 


C 


b2 


—  /  _  _____  \x 

2 V  V  3 . 84 ju  sin  2 a  A I, A  b.A 


(21) 
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n  —  n  (  kz2—kY‘ 
L\b,'kz2-kx2 

+1-<ra 


—  Cm  tan  ot 
2M 

-  Cm  sin  (3 
cos  a 


and 


Cn=  Cl  COt 


a 


ky2-kx2 

ky}-kyl 


(22) 


(23) 


Discussion. — The  foregoing  equations  were  devel¬ 
oped  from  a  study  of  the  geometry  of  the  spin  along 
the  lines  suggested  in  reference  11.  ff  hey  differ  from 
the  equations  in  regular  use  by  British  investigators 
(reference  1)  in  the  following  particulars. 

In  the  foregoing  derivation,  cross-wind  force  is  as¬ 
sumed  to  vary  in  a  specific  manner  with  sideslip  rather 
than  to  be  zero.  The  angle  \p'  is  eliminated  by  trig¬ 
onometrical  substitution  rather  than  by  treating  cos  yff 
as  equal  to  1 .  These  differences  make  no  essential 
difference  in  the  results. 

British  investigators  have  found  it  necessary  to  ob¬ 
tain  the  total  rolling-moment  coefficient  when  the  wing 
is  rolling  and  sideslipping  by  adding  to  the  rolling- 
moment  coefficient  when  rolling  without  sideslip  a 
value  of  rolling-moment  coefficient  obtained  with  the 
wing  sideslipping  but  not  rolling.  Their  equation  for 
determination  of  the  angle  of  sideslip  for  equilibrium 
(reference  1)  is  based  on  this  assumption.  With  the 
N.  A.  C.  A.  spinning  balance  the  rolling-moment  co¬ 
efficient  can  be  obtained  with  the  wing  rolling  and 
sideslipping.  The  foregoing  equations  were  developed 
to  permit  of  a  graphical  solution  for  angle  of  sideslip 
using  the  spinning-balance  data. 


The  foregoing  equations  retain  small  correction 
factors  that  arise  from  consideration  of  the  cosines 
of  angles  that  may  vary  from  0°  to  20°  as  having  an 
average  value  of  0.98. 
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A  COMPARISON  OF  FUEL  SPRAYS  FROM  SEVERAL  TYPES  OF  INJECTION  NOZZLES 

By  Dana  W.  Lee 


SUMMARY 

A  series  of  tests  was  made  of  the  sprays  from  If  fuel- 
injection  nozzles  of  9  different  types,  the  sprays  being 
injected  into  air  at  atmospheric  density  and  at  6  and  If 
times  atmospheric  density.  High-speed  spark  photo¬ 
graphs  of  the  sprays  from  each  nozzle  at  each  air  density 
were  taken  at  the  rate  of  2,000  per  second,  and  from  them 
were  obtained  the  dimensions  of  the  sjjrays  and  the  rates 
of  spray-tip  penetration.  The  sprays  were  also  injected 
against  plasticine  targets  placed  at  different  distances 
from  the  nozzles,  and  the  impressions  made  in  the 
plasticine  were  used  as  an  indication  of  the  distribution 
of  the  fuel  within  the  spray.  Cross-sectional  sketches  of 
the  different  types  of  sprays  are  given  showing  the  relative 
sizes  of  the  spray  cores  and  envelopes.  The  character¬ 
istics  of  the  sprays  are  compared  and  discussed  with 
respect  to  their  application  to  various  types  of  engines. 

INTRODUCTION 

Since  tlie  development  of  the  N.  A.  C.  A.  spray- 
photographic  apparatus,  a  large  number  of  spray 
photographs  have  been  reproduced  in  various  technical 
publications  of  the  Committee.  Some  of  these  publi¬ 
cations  being  concerned  chiefly  with  engine  per¬ 
formance,  the  spray  photographs  were  used  in  connec¬ 
tion  with  the  description  of  the  fuel-injection  system 
of  the  engine.  Other  publications  have  dealt  entirely 
with  certain  characteristics  of  fuel  sprays,  such  as  the 
rate  of  spray-tip  penetration,  spray  cone  angle,  atomi¬ 
zation  and  distribution  of  the  fuel;  and  with  the  effects 
on  the  spray  characteristics  of  such  factors  as  nozzle 
design,  injection  pressure,  physical  properties  of  the 
fuel,  density  and  velocity  of  the  air  into  which  the 
injections  took  place.  The  purpose  of  the  present 
report  is  to  summarize  many  of  these  previously 
reported  tests  and  to  present  and  discuss  the  results  of 
some  recent  tests  made  with  nine  different  types  of 
nozzles.  These  recent  tests  were  made  under  the  same 
conditions  ffm  each  nozzle  so  that  the  results  might  be 
directly  compared. 

The  list  of  references  given  at  the  end  of  this  report 
includes  most  of  the  N.  A.  C.  A.  technical  papers  in 
which  spray  photographs  appear;  with  each  reference 


is  combined  a  short  summary  of  the  portion  concerned 
with  fuel-spray  characteristics.  The  first  Committee 
publications  containing  fuel-spray  photographs  ap¬ 
peared  in  1926;  the  present  report  was  prepared  in 
1934.  All  the  photographs  and  data  presented  were 
obtained  at  the  N.  A.  C.  A.  engine-research  labora¬ 
tories  at  Langley  Field,  Ya. 

APPARATUS  AND  TEST  PROCEDURE 

Sketches  of  the  various  types  of  nozzles  used  to  pro¬ 
duce  the  sprays  discussed  in  this  report  are  shown  in 
figure  1.  The  plain  nozzles  having  cylindrical  orifices 
are  similar  to  those  used  in  previous  investigations  at 
this  laboratory.  The  seat  angle  is  150°  and  the  angle 
of  the  conical  approach  to  the  orifice  is  60°.  Three 
nozzles  of  this  type  were  tested,  two  having  orifice 
diameters  of  0.020  inch  and  orifice  lengths  of  0.010  and 
0.100  inch,  and  one  having  an  orifice  diameter  of  0.060 
inch  and  a  length  of  0.180  inch. 

The  lip  nozzle  has  an  orifice  diameter  of  0.014  inch 
and  an  orifice  length-diameter  ratio  of  2.  The  angle 
between  the  axis  of  the  fuel  jet  and  the  surface  of  the 
lip  on  which  it  impinges  is  45°. 

Two  impinging-jets  nozzles  were  used,  one  having  2 
orifices  each  0.020  inch  in  diameter,  and  the  other 
having  4  orifices  each  0.030  inch  in  diameter.  In  the 
4-orifice  nozzle  (not  shown  in  fig.  1)  the  plane  through 
2  of  the  orifices  is  at  right  angles  to  that  through  the 
other  2,  all  4  jets  meeting  at  a  common  point.  The 
angle  between  opposite  jets  is  74°  in  each  case. 

The  annular-orifice  nozzles  differ  from  the  others  in 
that  the  seating  surfaces  also  form  the  discharge 
orifices,  which  therefore  vary  in  area  with  the  injection 
pressure.  Two  nozzles  of  this  type  were  tested;  they 
had  spray  cone  angles  of  about  45°  and  125°. 

The  pintle  nozzle  combines  some  of  the  characteris¬ 
tics  of  the  plain  and  the  annular-orifice  nozzles.  The 
enlarged  views  of  the  orifice  show  the  valve  stem  lifted 
0.015  inch  and  0.038  inch,  these  values  having  been 
found  to  be  of  particular  interest. 

The  multiple-orifice  nozzle  has  six  orifices  in  one 
plane.  The  two  center  orifices  have  diameters  of  0.019 
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(a)  Plain  nozzle. 


(b)  Lip  nozzle. 


(c)  Nozzle  with  two  impinging  jets. 


(cl)  Nozzle  with  an  annular  orifice  of 
varying  area.  Spray  cone  angle,  45°. 


(e)  Nozzle  with  an  annular  orifice  of 
varying  area.  Spray  cone  angle,  125°. 


(f)  Pintle  nozzle,  showing  valve  stem 
seated. 


0  .5 
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Scale,  inch 


g)  Multiple-orifice  nozzle  with  enlarged  view  of 
orifices 


(i)  Centrifugal  nozzle. 


j)  Nozzle  with  helical  grooves  in  the  orifice  w 


alls. 


valve  stem  lifted  0.015  inch  (left)  and  0.038  inch 
(right). 


inch,  the  next  two  0.014  inch,  and  the  outer  two  0.008 
inch.  The  length  of  each  orifice  is  twice  its  diameter. 

The  orifice  of  the  slit  nozzle  is  0.008  inch  wide  and 
0.085  inch  long.  It  was  formed  by  making  a  saw  cut 
across  the  end  of  the  nozzle,  just  deep  enough  to  cut 
into  the  bottom  of  the  cylindrical  well  below  the  stem 
seat. 

A  combination  nozzle  (not  shown  in  fig.  1)  was 
constructed  by  cutting  a  0.005-inch  slit  across  the  end 
and  through  the  center  of  each  orifice  of  a  multiple- 
orifice  nozzle  like  the  one  shown  in  the  figure. 

The  centrifugal  nozzle  is  the  same  as  the  plain  nozzle 
except  that  the  fuel  passes  through  helical  grooves  on 
the  valve  stem,  thus  acquiring  a  whirling  motion  before 
it  goes  through  the  cylindrical  orifice.  There  are  four 
grooves  on  the  valve  stem,  the  helix  angle  is  30°,  and 
the  total  area  of  the  grooves  and  clearance  space  is 
0.00052  square  inch.  The  diameter  of  the  orifice  is 
0.020  inch  and  its  length  is  0.010  inch. 

The  ninth  type  of  nozzle  has  a  large  cylindrical  orifice 
on  the  walls  of  which  are  cut  two  helical  grooves.  The 
diameter  of  the  orifice  is  0.040  inch;  its  length  is  0.060 
inch.  The  grooves  have  a  square  cross  section,  are 
0.010  inch  on  a  side,  and  each  makes  one  complete 
revolution. 

All  the  nozzles  except  the  two  having  annular  ori¬ 
fices  were  used  in  automatic  differential-area  injec¬ 
tion  valves  similar  in  principle  to  that  shown  in  figure 
2  (a).  The  stems  of  these  valves  slide  in  the  valve 
bodies  with  lap  fits;  fuel  under  pressure  enters  the 
valves  below  the  lap  and  lifts  the  stems  against  the 
force  of  helical  springs  bearing  on  them  above  the  lap. 
As  soon  as  the  stem  is  lifted  from  the  nozzle  seat,  fuel 
begins  to  flow  through  the  nozzle  and  an  additional 
stem  area  is  exposed  to  the  fuel  pressure  so  that  the 
stem  lifts  rapidly.  When  the  fuel  pressure  drops  at 
the  end  of  the  injection  period,  the  spring  quickly 
returns  the  stem  to  its  original  position;  but  there 
frequently  follows  a  series  of  bounces  of  the  stem 
caused  either  by  the  elasticity  of  the  parts  or  by 
pressure  waves  set  up  in  the  fuel  in  the  injection  tube 
by  the  sudden  stoppage  of  the  flow.  (See  references 
1  and  2.)  These  bounces  result  in  secondary  fuel  dis¬ 
charges  that  follow  the  main  disharge. 

The  annular-orifice  nozzles  are  built  integrally  with 
their  injection  valves.  A  sketch  of  the  valve  that 
produced  the  sprays  with  cone  angles  of  45°  is  shown  in 
figure  2  (b).  The  seat  on  the  valve  stem  is  held 
against  that  on  the  valve  body  by  a  helical  spring 
around  the  upper  end  of  the  stem.  Fuel  enters  the 
spring  chamber  and  passes  down  along  the  valve  stem 
to  the  nozzle.  When  the  force  exerted  by  the  fuel  on 
the  enlarged  end  of  the  stem  exceeds  that  of  the 
spring,  the  valve  opens.  No  additional  area  being 
uncovered  by  the  opening  of  the  valve,  the  stem 
motion  is  not  accelerated  as  is  the  case  with  the  differ¬ 
ential-area  valves,  and  the  opening  and  closing  are 


Figure  l.— Sketches  of  the  nine  types  of  nozzles. 
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relatively  slow.  A  sketch  of  the  injection  valve  with 
an  annular  orifice  that  produced  the  sprays  with  cone 
angles  of  125°  is  shown  in  figure  2  (c).  The  elastic 
deflection  of  the  valve  parts  is  sufficient  to  open  the 
orifice. 

All  of  the  injection  valves  except  the  two  with  annu¬ 
lar  orifices  were  equipped  with  screw  stops  to  limit  the 
lifts  of  the  valve  stems,  but  it  was  only  for  the  tests 
with  the  pintle  nozzle  that  such  a  stop  was  used.  In 
all  other  tests  the  stop  was  removed  so  that  the  stem 
was  lifted  by  the  fuel  pressure  until  the  force  due  to 
that  pressure  was  balanced  by  the  opposing  spring 
force. 

As  the  injection  system  of  the  N.  A.  C.  A.  spray- 
photographic  apparatus  has  been  described  in  reference 


all  tests,  but  the  injection  period  varied  somewhat 
with  the  different  types  of  valves  and  nozzles,  an  aver¬ 
age  value  being  about  0.004  second.  Although  this 
injection  period  is  longer  than  would  be  used  in 
modern  high-speed  engines,  it  was  adopted  for  these 
tests  because  it  allowed  the  sprays  to  become  fully 
developed  before  cut-off.  The  viscosity  of  the  Auto- 
Diesel  fuel  used  for  the  tests  described  in  this  report 
was  0.055  poise  at  20°  C.  and  atmospheric  pressure. 

The  test  procedure  followed  for  each  of  the  14  noz¬ 
zles  was  as  follows: 

1.  Spark  photographs  were  taken  with  the  N.  A. 
C.  A.  spray-photographic  apparatus  (reference  3)  show  ¬ 
ing  the  development  of  the  sprays  in  air  at  room  tem¬ 
perature  and  at  densities  1  of  1 , 6,  and  14  atmospheres. 


(a)  Valve  with  a  differential-area  spring-loaded 
lapped  stem.  Constant  orifice  area. 


Scale,  I  inch 


i- 


t 


(b)  Annular-orifice  valve  with  spring- 
loaded  stem.  Variable  orifice  area. 


(c)  Springless  annular  -  orifice 
valve.  Variable  orifice  area. 


Figure  2. — Sketches  of  the  three  types  of  injection  valves. 


2,  only  a  brief  mention  of  its  characteristics  will  be 
necessary  here.  F uel  under  pressure  in  a  large  reser¬ 
voir  is  released  to  the  injection  tube  by  a  mechani¬ 
cally  operated  needle  valve.  Another  valve  termi¬ 
nates  the  injection  period  by  opening  the  injection 
tube  to  the  atmosphere.  Only  one  injection  can  be 
made  without  resetting  the  apparatus.  With  certain 
exceptions  detailed  later,  the  following  settings  of  the 
injection  system  were  observed  for  all  tests:  reservoir 
pressure,  4,000  pounds  per  square  inch;  valve-opening 
pressure,  3,500  pounds  per  square  inch;  initial  pressure 
in  the  injection  tube,  1,500  pounds  per  square  inch. 
The  setting  of  the  cams  controlling  the  time  during 
which  the  fuel  under  pressure  in  the  reservoir  was 
released  to  the  injection  valve  remained  the  same  for 


When  the  spray  was  nonsymmetrical  about  the  axis, 
two  sets  of  photographs  were  taken,  the  nozzle  being 
rotated  90°  between  sets. 

2.  The  rate  of  spray-tip  penetration  and  the  width 
of  the  spray  at  different  distances  from  the  nozzle  were 
measured  from  the  photographs. 

3.  Individual  discharges  from  each  of  the  nozzles 
were  caught  and  weighed  on  an  analytical  balance. 

4.  The  sprays  were  injected  against  smoothly  sur¬ 
faced  pieces  of  plasticine  placed  at  various  distances 

i  Values  of  air  density  are  given  in  this  report  as  atmospheres,  that  is,  as  so  many 
times  the  density  of  “standard”  air  (0.0765  pound  per  cubic  foot).  Although  not 
conventional,  this  term  is  convenient,  inasmuch  as  the  values  are  the  same  as  those 
of  the  engine  compression  ratios  giving  equal  air  densities  at  top  center.  Air  densi¬ 
ties  equal  to  those  in  engines  are  used  rather  than  the  corresponding  air  pressures, 
for  it  has  been  shown  in  reference  4  that  changing  the  air  density  has  a  much  greater 
effect  on  the  spray  characteristics  than  changing  the  air  pressure. 
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from  the  nozzles,  in  air  at  the  three  previously  men¬ 
tioned  densities.  The  impressions  made  by  the  sprays 
in  the  plasticine  served  as  an  indication  of  the  distri¬ 
bution  of  the  fuel  within  the  sprays. 

5.  Cross-sectional  sketches  of  the  sprays  were  made 
showing  the  relative  sizes  of  the  spray  cores  and  enve¬ 
lops.  The  dimensions  for  the  cores  were  obtained 
from  the  impressions  in  the  plasticine  and  those  for 
the  envelops  from  the  spray  photographs.  In  the 
preparation  of  these  sketches  the  sprays  were  arbitra¬ 
rily  divided  into  three  regions:  (1)  the  inner  region, 
where  the  velocity  and  concentration  of  the  fuel  is 
sufficient  to  cause  it  to  penetrate  the  plasticine  to  a 
depth  of  one-eighth  inch  or  more  (represented  by  solid 
black);  (2)  the  intermediate  region,  where  the  fuel  pen¬ 
etrates  the  plasticine  less  than  one-eighth  inch  (repre¬ 
sented  by  lines);  and  (3)  the  outer  region,  where  the 
fuel  makes  no  impression  in  the  plasticine  (represented 
by  dots).  Actually  the  two  inner  regions  are  not  dis¬ 
tinct  but  blend  into  one  another  and  constitute  what 
is  referred  to  as  the  “spray  core.”  The  division  be¬ 
tween  the  core  and  the  outer  region,  which  is  referred 
to  as  the  “spray  envelop,”  is  distinct  in  most  cases 
although  it  is  not  so  sharp  as  represented  in  the 
sketches.  The  directions  of  the  lines  in  the  middle 
regions  are  not  intended  to  indicate  the  directions  of 
the  motion  of  the  fuel  drops,  and  the  spacing  of  the 
lines  only  approximately  represents  the  depths  of  the 
impressions  in  the  plasticine  at  the  corresponding 
points.  No  attempt  was  made  to  represent  the  dis¬ 
tribution  of  the  fuel  in  the  envelops. 

A  close  examination  of  the  photographs  made  with 
the  high-speed  photographic  apparatus  will  show  that 
there  is  some  blurring  of  the  image  caused  by  the 
motion  of  the  fuel  during  the  time  of  the  spark  dis¬ 
charge.  The  spark  circuit  described  in  reference  5 
produces  single  sparks  of  such  a  short  duration  that 
spray  photographs  taken  with  its  light  are  not  blurred. 
This  circuit  was  used  to  photograph  the  early  stages 
of  sprays  from  the  14  nozzles  tested,  injected  into  air 
at  atmospheric  density  and  room  temperature.  Many 
details  of  spray  structure  are  shown  that  are  not  dis¬ 
cernible  on  the  other  photographs. 

DISCUSSION 

CHARACTERISTICS  OF  SPRAYS  FROM  THE  NINE  TYPES  OF  NOZZLES 

Plain  nozzles  (figs.  3  to  11). — The  simplest  example 
of  a  plain  nozzle  is  a  hole  drilled  in  a  flat  plate.  Al¬ 
though  such  a  nozzle  is  easily  made  and  will  usually 
perform  satisfactorily,  its  coefficient  of  discharge  is 
sometimes  as  low  as  0.65.  The  coefficient  may  be 
raised  to  values  as  great  as  0.95  by  providing  a  conical 
approach  to  the  nozzle  bore  and  relieving  all  sharp 
edges.  (See  reference  6.) 

Sprays  from  this  type  of  nozzle  are  conical  in  form. 
(See  figs.  3  to  6.)  Data  presented  in  reference  7  show 
that  the  apex  angle  varies  from  10°  to  25°,  depending 


on  the  orifice  diameter,  the  orifice  length-diameter 
ratio,  and  the  density  of  the  air  into  which  the  sprays 
are  injected.  Reference  7  also  shows  how  the  rate  of 
spray-tip  penetration  varies  with  the  injection  pressure, 
orifice  diameter,  length-diameter  ratio,  and  air  density. 
Increasing  the  orifice  diameter,  provided  that  the  injec¬ 
tion  pressure  remains  constant,  tends  to  increase  the 
rate  of  spray-tip  penetration;  it  also  tends  to  lower  the 
average  injection  pressure  (reference  8)  and,  therefore, 
the  rate  of  spray-tip  penetration.  The  net  result  will 
depend  on  the  pressure  at  the  nozzle  and  on  the  tube 
diameters  for  the  injection  system  under  consideration. 
With  the  system  used  for  the  present  tests,  spray-tip 
penetration  increased  with  increase  in  orifice  diameter 
up  to  0.030  inch  and  then  decreased.  As  the  orifice 
length-diameter  ratio  is  increased  from  0.5  to  10,  the 
spray-tip  penetration  first  decreases,  then  increases, 
and  finally  decreases  again.  The  values  of  the  length- 
diameter  ratio  for  the  maximum  and  minimum  pene¬ 
tration  points  have  been  determined  for  orifice  diam¬ 
eters  from  0.008  to  0.040  inch.  They  vary  from  about 
7  and  3  for  the  0.008-inch  orifice  to  about  4  and  1  for 
the  0.040-incli  orifice.  Figures  7  (a),  (b),  and  (c)  show 
the  effect  of  air  density  on  the  rate  of  spray-tip  pene¬ 
tration  for  sprays  from  the  three  plain  nozzles  used  in 
the  present  tests.  Additional  data  on  spray-tip  pene¬ 
tration  and  spray-cone  angle  may  be  found  in  refer¬ 
ence  9. 

The  distribution  of  the  fuel  within  sprays  from  plain 
nozzles  is  very  uneven.  For  several  inches  after  leaving 
the  nozzle,  most  of  the  fuel  is  concentrated  in  a  narrow 
central  core  and  is  moving  forward  very  rapidly.  Sur¬ 
rounding  the  core  is  an  envelop  composed  of  the  slowly 
moving  fuel  drops  that  have  been  torn  away  from  the 
core.  After  the  first  few  inches,  the  distinction  between 
core  and  envelop  becomes  less  marked  as  more  and 
more  of  the  fuel  loses  most  of  its  velocit}^  relative  to 
the  air.  The  diameter  and  length  of  the  core  varies 
with  the  density  of  the  chamber  air;  the  core  becomes 
much  shorter  and  slightly  thicker  with  increasing  air 
density.  (See  figs.  8  and  9  and  references  5  and  10.) 

The  fineness  of  the  atomization  of  sprays  from  plain 
nozzles  increases  with  the  fuel-injection  velocity  and 
with  a  decrease  in  the  orifice  diameter.  Tests  made  at 
this  laboratory  (reference  11)  indicate  that  neither  the 
orifice  length-diameter  ratio  nor  the  air  density  has 
any  decided  effect  on  fuel  atomization,  but  tests  made 
at  other  laboratories  (references  10  and  12)  indicate 
that  the  atomization  becomes  finer  as  the  air  density 
is  increased. 

The  two  0.020-inch  orifice  plain  nozzles  included  in 
the  test  program  represent  the  type  used  in  high¬ 
speed  engines  in  which  the  fuel  is  injected  directly  in 
the  main  combustion  chamber  and  typify  the  usual 
limits  of  orifice  length-diameter  ratio.  The  nozzle 
with  the  0.060-inch  orifice  represents  either  the  case 
of  a  large  engine  with  direct  injection  or  that  of  a 
small  precombustion-chamber  engine. 
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Future  3. — Fuel  sprays  from  a  plain  nozzle  injected  into  air  having  different  densities.  Orifice  diameter,  0.020  inch;  orifice  length,  0.010  inch. 
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Figure  4. — Fuel  sprays  from  a  plain  nozzle  injected  into  air  having  different  densities.  Orifice  diameter,  0.020  inch;  orifice  length,  0.100  inch. 
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Fig  se  5. — Fuel  sprays  from  a  plain  nozzle  injected  into  air  having  different  densities.  Orifice  diameter,  0.080  inch;  orifice  length,  0.180  inch. 
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(a)  Plain  nozzle. 

Orifice  diameter,  0.030  inch; 
orifice  length,  0.010  inch 


Plain  nozzle. 

Orifice  diameter,  0.030  inch; 
orifice  length,  0.100  inch 


(d)  Lip  nozzle,  broad 
side  of  spray 


(e)  Lip  nozzle,  narrow 
side  of  spray 


(g)  Two-implnging-jets  nozzle, 
narrow  side  of  spray 


(c)  Plain  nozzle. 

Orifice  diameter,  0.060  inch; 
orifice  length,  0.180  inch 


(f)  Two-impinging-jets  nozzle, 
broad  side  of  spray 


Four -impinging -jets 
nozzle 


(i)  Annular-orifice  nozzle. 
Spray  cone  angle,  45° 


Figure  6.— Photographs  of  the  early  stages  of  sprays  from  the  nozzles  tested.  Injection  pressure,  4,000  pounds  per  square  inch;  air  density,  1  atmosphere. 
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(a)  Plain  nozzle.  Orifice  dia-  (b)  Plain  nozzle.  Orifice  (c)  Plain  nozzle.  Orifice  (d)  Two-impinging-jets  nozzle,  (c)  Four-impinging-jets  nozzle, 
meter,  0.020  inch;  orifice  diameter,  0.020  inch;  orifice  diameter, 0.060  inch:  orifice 
length,  0.010  inch.  length,  0.100  inch.  length,  0.180  inch. 


(f)  Annular-orifice  nozzle.  Spray  (g)  Pintle  nozzle.  Valve-stem  (h)  Pintle  nozzle.  Valve-stein  (i)  Multiple-orifice  nozzle, 

cone  angle,  45°.  motion  limited  to  0.043  inch.  motion  limited  to  0.015  inch. 


(j)  Slit  nozzle.  (k)  Combination  multiple-orifice  (1)  Centrifugal  nozzle.  Dashed  lines  repie-  (m)  Nozzle  with  helical  grooves 

and  slit  nozzle.  sent  initial  portion  of  spray,  noncentrF-  in  the  orifice  walls. 

ugal.  Solid  lines  represent  main  portion 
of  spray,  centrifugal. 

Figure  7.— Effect  of  air  density  on  the  tip  penetration  of  sprays  from  the  nozzles  tested 
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The  total  discharge-orifice  areas  of  the  different 
nozzles  tested  and  the  weights  of  fuel  discharged  per 
injection  are  listed  in  table  I.  Notice  that  although 
the  area  of  the  0.060-inch  orifice  is  9  times  that  of  the 
0.020  by  0.010  inch  orifice,  its  discharge  weight  is 
only  2.6  times  as  great.  Computations  based  on 
these  discharge  weights  show  that  the  effective  injec¬ 
tion  pressure  for  the  0.020-inch  nozzle  was  12  times 
that  for  the  0.060-inch  nozzle.  This  extreme  differ¬ 
ence  in  effective  injection  pressure  is  due  to  the  fact 
that  when  nozzles  with  large  orifices  are  installed  in 
the  injection  valves  used  for  the  present  tests,  the  flow 
area  past  the  valve  seat  is  much  less  than  that  through 
the  nozzle,  so  that  most  of  the  pressure  drop  takes 
place  before  the  nozzle  is  reached.  (See  reference  2.) 


TABLE  I. — ORIFICE  AREAS  AND  DISCHARGE 
WEIGHTS  OF  14  TESTED  NOZZLES 


Nozzle 

Specifications 

Total 

orifice 

area 

Dis¬ 

charge 

weight 

Square 

inch 

Pound 

Plain  _ _ 

Orifice  diameter,  0.020  inch;  length, 
0.010  inch. 

0.00031 

0.  00032 

Orifice  diameter,  0.020  inch;  length, 
0.100  inch. 

.  00031 

© 

o 

o 

Orifice  diameter,  0.060  inch;  length, 
0.180  inch. 

. 00283 

.  00084 

Lip -  - 

Orifice  diameter,  0.014  inch _ 

.00015 

.00017 

j  2-impinging-jets.-  . . 

Diameter  of  each  orifice,  0.020  inch.  _ 

. 00063 

.00058 

4-impinging-jets _ 

Diameter  of  each  orifice,  0.030  inch. . 

.  00283 

.  00075 

Spray  cone  angle,  45°  .  . 

Variable 

.  00264 

Spray  cone  angle,  125° _ 

Variable 

.  00035 

Pintle _  -  - 

Valve-stem  motion  limited  to  0.046 
inch. 

Variable 

.  00064 

Valve-stem  motion  limited  to  0.015 
inch. 

Variable 

.  00053 

Multiple  orifice.  _  _ 

Two  0.019  inch,  two  0.014  inch,  and 
two  0.008  inch  diameter  orifices. 

. 00100 

.  00074 

|  Slit - - - 

Slit  length,  0.085  inch;  width,  0.008 
inch. 

. 00068 

.  00049 

Combination  mill- 

Cylindrical  orifices  as  in  multiple- 

.  00122 

.  00087 

tiple  orifice  and 
slit. 

orifice  slit  width,  0.005  inch. 

Centrifugal . . 

Orifice  diameter,  0.020  inch;  length, 
0.010  inch. 

.  00031 

.  00015 

Cylindrical  orifice 
with  grooves. 

Orifice  diameter,  0.040  inch;  grooves, 
0.010  inch  square. 

.  00146 

.  00081 

Photographs  were  also  taken  of  sprays  from  the 
0.020  by  0.100  inch  orifice  impinging  on  a  glass  plate 
placed  3  inches  away  from  the  nozzle,  and  set  at  90° 
and  at  45°  to  the  spray  axis.  As  figures  10  and  11 
show,  there  was  little  reflection  of  the  spray  from  the 
plate,  most  of  it  spreading  out  along  the  surface  of 
t  he  glass.  In  figures  10  (b)  and  10  (c)  the  spray  may 
be  seen  turned  a  second  time  by  the  chamber  walls 
so  that  it  moves  backward  toward  the  nozzle. 

Because  of  the  poor  distribution  of  the  fuel  in 
sprays  from  nozzles  having  single  cylindrical  orifices, 
they  are  generally  used  only  in  engines  of  the  pre- 
combustion-chamber  type  or  in  direct-injection  en¬ 
gines  having  a  rapid  air  movement  past  the  nozzle, 
which  distribute  the  fuel  throughout  the  combustion 
chamber. 

Lip  nozzles  (figs.  6,  8.  and  12). — The  photographs 
of  figure  12  show  that  the  fuel  does  not  rebound  from 
the  lip  to  any  great  extent  but  is  spread  out  into  a 
wedge-shaped  sheet  of  spray  extending  in  the  same 
direction  as  the  lip  surface.  When  figure  12  (a)  was 
taken,  the  injection  valve  was  set  at  such  an  angle 


that  the  plane  of  the  spray  was  at  right  angles  to  the 
camera  axis.  The  construction  of  the  glass-sided 
pressure  chamber  used  when  the  sprays  were  photo- 
graplied  in  air  at  densities  above  atmospheric  pre¬ 
vented  the  photography  of  the  sprays  at  this  angle 
when  they  were  injected  into  the  chamber.  Figures 
12  (b),  (c),  and  (d)  show  the  narrow  sides  of  the 
sprays.  Notice  how  closely  they  follow’  first  the  lip 
surface  and  then  the  chamber  wall.  The  cores  of  the 
sprays  have  the  form  of  a  narrow  sheet  and  break  up 
close  to  the  lip.  The  fuel  is  fairly  well  distributed 
across  the  sprays,  as  is  shown  by  the  impressions  in 
the  plasticine.  (See  fig.  8  (b).)  The  different  angles 
at  which  the  impressions  appear  in  the  photographs 
do  not  signify  an y  twisting  of  the  sprays  but  are 
merely  a  result  of  the  manner  in  which  the  plasticine 
targets  were  assembled  for  photographing.  Distances 
to  the  targets  were  measured  from  the  end  of  the  lip. 
Spray-atomization  tests  made  with  the  nozzle  shown 
in  figure  1  (b)  and  described  in  reference  1 1  showed 
that  impingement  had  no  effect  on  the  size  of  the  fuel 
drops.  Although  lip  nozzles  produce  sprays  similar 
to  those  from  slit  nozzles,  the  round  orifice  of  the 
former  is  less  likely  to  become  clogged  than  a  narrow 
slit  and  erosion  of  the  orifice  will  have  less  effect  on 
the  shape  of  the  spray.  Lip  nozzles  have  not  been 
used  to  any  great  extent.  In  most  applications 
where  a  spray  of  such  a  form  is  desired,  multiple- 
orifice  nozzles  having  two  or  more  round  orifices  are 
used.  Three  cases  in  which  lip  nozzles  were  used  are 
described  in  references  13,  14,  and  15. 

Impinging-jets  nozzles  (figs.  6  to  9  and  13  to  15).— 
Nozzles  of  the  impinging-jets  type  have  plain  round 
orifices  whose  axes  intersect  at  a  point  close  to  the 
nozzle.  Two  such  impinging  jets  form  a  flat  spray 
at  right  angles  to  the  plane  through  the  orifices  and 
four  impinging  jets  form  a  thick  conical  spray.  Pre¬ 
liminary  experiments  on  impinging-jets  nozzles  con¬ 
ducted  at  this  laboratory  (reference  16)  showed  that 
the  jets  should  be  smooth  and  uniform  in  size,  that 
they  should  impinge  close  to  the  orifice,  and  that  an 
angle  of  74°  between  the  jets  resulted  in  a  well- 
dispersed  spray.  Tests  reported  in  reference  11 
showed  that  sprays  from  the  same  impinging-jets 
nozzle  used  in  the  present  tests  have  very  good  fuel 
distribution  but  poor  atomization  and  penetrating 
power.  Poor  atomization  is  probably  not  a  charac¬ 
teristic  of  impinging  jets,  however,  but  in  this  particu¬ 
lar  case  may  have  been  due  to  the  large  volume  of  the 
passages  in  the  nozzle  between  the  stem  scat  and  the 
orifices  and  to  the  severe  bouncing  of  the  valve  stem 
after  cut-off. 

Figures  13  and  14  show  the  wide  and  the  narrow 
sides  of  sprays  from  the  nozzle  having  two  0.020-inch 
impinging  jets.  The  cores  of  these  sprays  are  approx¬ 
imately  elliptical  in  section  and  disintegrate  very  close 
to  the  nozzle,  as  shown  by  the  impressions  in  the 
Plasticine  targets  (fig.  8  (c) ).  Notice  that  a  large 
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Figure  8— Impressions  made  in  plasticine  targets  by  fuel  sprays  from  different  nozzles.  Distance  from  nozzle  to  target,  in  inches,  is  shown  below  each  target;  the  air 

density  is  shown  at  the  end  of  each  row. 
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(a)  Sprays  from  a  plain  nozzle. 
Orifice  diameter,  0.030  inch; 
orifice  length,  0.010  inch 
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Figure  9. — Cross-sectional  sketches  of  fuel  sprays  from  different  nozzles,  showing  relative  sizes  of  the  spray  cores  and  envelops. 
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Figure  9.— Continued 
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Figure  10. — Fuel  sprays  from  a  jilain  nozzle  striking  a  plate  set  at  90°  to  the  spray  axis,  in  air  having  different  densities.  Orifice  diameter,  0.020  inch;  orifice  length,  0.100  inch. 
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Figure  11.— Fuel  sprays  from  a  plain  nozzle  striking  a  plate  set  at  45°  to  the  spray  a.\  is,  in  air  having  different  densities.  Orifice  diameter,  0.020  inch;  orifice  length,  0.100  inch 
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Figure  12. — Fuel  sprays  from  a  lip  nozzle  injected  into  air  having  dilferent  densities. 
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Figure  13.— Fuel  sprays  from  a  nozzle  with  two  impinging  jets  injected  into  air  having  different  densities.  Wide  side  of  spray  shown. 
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Figure  U—  Fuel  sprays  from  a  nozzle  with  two  impinging  jets  injected  into  air  having  different  densities.  Narrow  side  of  spray  shown. 
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increase  in  the  air  density  has  little  effect  on  the  spray 
core.  Notice  also  that  an  increase  in  the  air  density 
results  in  a  small  increase  in  the  size  of  the  spray  core 
in  contrast  to  the  effect  on  the  cores  of  sprays  from 
plain  nozzles. 

Photographs  of  sprays  from  a  nozzle  having  four 
0.030-inch  impinging  jets  are  shown  in  figure  15. 
Figure  8  (d)  shows  that  the  spray  cores  are  circular 
in  section,  persist  a  little  longer  than  those  in  sprays 
from  nozzles  with  two  impinging  jets,  and  increase 
somewhat  in  size  and  length  with  increasing  air 
density.  The  large  total-orifice  area  of  the  four-jets 
nozzle  caused  the  effective  injection  pressure  to  be  low. 
The  valve  stem  was  not  held  away  from  its  seat  during 
the  entire  injection  period,  resulting  in  an  intermittent 
fuel  discharge.  No  measurements  of  the  coefficient 
of  discharge  of  impinging-jets  nozzles  have  been  made 
at  this  laboratory  but  the  data  in  table  I  indicate  that 
they  are  somewhat  less  than  for  plain  nozzles  of  the 
same  total-orifice  area.  No  engine  tests  have  been 
made  with  the  four-jets  nozzle  but  the  two-jets  type 
has  been  used  with  good  results  in  a  2 -stroke-cycle 
spark-ignition  engine  in  which  fuel  injection  took  place 
before  the  start  of  the  compression  stroke  (reference 
17).  The  use  of  impinging-jets  nozzles  will  probably 
be  limited  to  cases  where  the  air  density  at  the  time 
of  injection  is  quite  low  or  where  directed  air  move¬ 
ment  is  employed. 

Annular- orifice  nozzles  (figs.  6  to  9  and  16  to  18). — 

Most  annular-orifice  nozzles  are  built  integrally  with 
their  injection  valves,  the  valve  stems  having  enlarged 
ends  on  which  the  seating  surfaces  are  located.  The 
spray  may  be  in  the  form  of  a  hollow  cylinder  or  a 
hollow  cone  of  any  angle  desired.  The  width  of  the 
nozzle  orifice,  and  therefore  that  of  the  spray  core, 
varies  with  the  injection  pressure;  but  the  cone  angle 
of  the  spray  as  it  leaves  the  nozzle  is  unchanged.  The 
distribution  of  the  fuel  in  such  sprays  is  good,  provided 
that  the  valves  and  nozzles  are  in  excellent  mechanical 
condition.  Erosion  of  the  orifice  walls  by  grit  in  the 
fuel  is  particularly  serious  for  the  opening  is  so  narrow 
that  even  slight  scoring  upsets  the  fuel  distribution. 
The  orifice  walls  are  usually  also  the  valve-seating  sur¬ 
faces  and  scoring  of  them  prevents  tight  seating.  An¬ 
other  common  cause  of  poor  fuel  distribution  is  eccen¬ 
tricity  of  the  valve  stem.  Both  of  these  faults  are 
illustrated  by  the  photograph  in  figure  18  (a),  which  is 
a  view  taken  along  the  axis  of  the  nozzle  shown  in 
figure  1  (e).  This  nozzle  had  been  used  for  about  100 
hours  before  the  photograph  was  taken.  When  it  was 
new,  the  sprays  from  it  were  much  more  uniform  and 
concentric.  (See  reference  18.) 

The  two  valves  having  annular  orifices  were  operated 
at  the  same  injection  pressure  as  all  the  other  valves 
(4,000  pounds  per  square  inch),  but  the  valve-opening 
pressure  for  these  valves  was  about  1,000  pounds  per 
square  inch  and  the  initial  pressure  used  was  about  500 
pounds  per  square  inch.  The  conical  cores  of  the 


sprays  disintegrated  close  to  the  nozzles.  Increasing 
the  air  density  from  1  to  14  atmospheres  reduced  the 
cone  angle  of  the  spray  cores  from  the  45°  nozzle  to 
about  35°  and  reduced  the  cone  angle  of  the  envelop 
to  a  lesser  extent.  Another  effect  of  increasing  the  air 
density  was  to  cause  more  of  the  fuel  to  be  deflected 
into  the  space  inside  the  hollow  conical  core.  The 
sprays  were  unsymmetrieal,  probably  owing  to  eccen¬ 
tricity  of  the  valve  stems. 

The  use  of  sprays  from  annular  orifices  in  compres¬ 
sion-ignition  engines  seems  to  be  decreasing.  One 
favorite  arrangement  is  to  place  a  wide-angle  nozzle 
directly  over  the  center  of  the  piston,  thus  reducing 
to  a  minimum  the  distance  the  spray  must  travel. 
Annular-orifice  nozzles  have  been  used  in  spark-igni¬ 
tion  engines  for  the  injection  of  both  gasoline  and  fuel 
oil  (reference  19).  In  these  engines  the  injection  takes 
place  during  the  intake  stroke  or  during  the  early  part 
of  the  compression  stroke.  As  there  is  more  time  for 
the  mixing  of  the  fuel  and  the  air,  good  distribution  of 
the  fuel  in  the  sprays  is  not  so  important  as  with  com¬ 
pression-ignition  engines. 

Pintle  nozzles  (figs.  7,  9,  18,  19,  20,  and  21). 
Pintle  nozzles  are  also  known  as  “pin”  nozzles.  Al¬ 
though  many  of  them  have  annular  orifices,  they  are- 
discussed  as  a  separate  type  because  the  sprays  they 
produce  are  not  like  those  from  large-diameter  annular 
orifices.  Pintle  nozzles  are  modifications  of  the  plain 
type,  a  projection  on  the  valve  stem  extending  through 
the  orifice  so  that  an  annular  space  is  formed.  The 
projecting  part  may  be  cylindrical,  conical,  or  it  may 
be  smallest  at  the  orifice  exit,  expanding  beyond  this 
point.  The  pintle  in  the  nozzle  tested  is  of  this  last 
mentioned  style,  with  an  expansion  angle  of  20°. 

When  the  stem  is  barely  lifted  from  its  seat,  the  fuel 
is  directed  against  the  pintle  by  the  conical  approach 
to  the  orifice  and  is  then  deflected  by  the  surface  on  the 
end  of  the  pintle  so  that  it  leaves  in  the  form  of  a 
hollow  cone  having  an  angle  determined  by  that  of  the 
pintle  surface.  As  soon  as  the  stem  lifts  a  little  more, 
however,  the  cone  angle  of  the  spray  decreases  and 
the  major  part  of  the  fuel  charge  leaves  the  nozzle  at 
an  angle  only  slightly  greater  than  would  be  the  case 
were  the  pintle  not  present.  A  study  of  figure  1  (f), 
including  the  enlarged  views  with  the  stem  lifted  0.015 
and  0.038  inch,  will  help  to  clarify  this  point.  As  the 
stem  returns  to  its  seated  position  at  the  end  of  the 
injection  period,  the  spray  angle  increases.  These 
changes  in  spray  angle  are  clearly  shown  in  figure  19  (a), 
the  spray  angle  being  greatest  at  the  beginning  and 
end  of  the  injection  period.  This  difference  is  much 
reduced  when  the  air  density  is  increased.  The 
changing  spray  angle  is  strikingly  illustrated  in  figure 
19  (d).  In  this  case  the  valve-opening  pressure  was 
reduced  to  3,000  pounds  per  square  inch  with  the 
result  that  the  valve  opened  sooner  and  closed  after 
about  0.0038  second,  reopened  quickly  and  closed 
again  at  about  0.005  second,  opened  for  the  third  time 
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Figure  15— Fuel  sprays  from  a  nozzle  with  four  impinging  jets  injected  into  air  having  different  densities. 
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Figure  16.— Fuel  sprays  from  a  nozzle  with  an  annular  orifice  of  varying  area  injected  into  air  having  different  densities.  Spray  cone  angle,  45°. 


1C 


COMPARISON  OF  FUEL  SPRAIS  FROM  SEVERAL  TYPES  OF  INJECTION  NOZZLES 


.005 


.004 


. 003  . 002 

Time,  second 

(a)  Air  density,  1  atmosphere 


,001 


.005 


.004 


.003  .002 

Time,  second 

(b)  Air  density,  6  atmospheres 


.001 


.005 


.004 


.003  .002 

Time,  Becond 

(c)  Air  density,  14  atmospheres 


.001 


CO 

<D 

A 

O 

G 


c& 

o 

<n 


03 

O 

XX 

o 

a 


<D 

H 

d 

o 

CO 


^4 

K) 


Figure  17. — Fuel  sprays  from  a  nozzle  with  an  annular  orifice  of  varying  area  injected  into  air  having  different  densities.  Spray  cone  angle,  125°, 
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(a)  Annular-orifice  nozzle.  Spray  cone 
angle, 135°. View  of  end  of  Injection  valve 


(g)  Centrifugal 
nozzle 


(c)  Pintle  nozzle.  Valve-Btem  motion 
limited  to  0.015  inch 


(l)  Nozzle  with  helical  grooves  in 
the  orifice  walls 


(b)  Pintle  nozzle.  Valve-stem  motion 
limited  to  0.046  inch 


(f)  Slit  nozzle,  narrow 
side  of  spray 


(d)  Multiole-orlf ice 
nozzle 


■  (e)  Slit  nozzle,  broad 
side  of  sDray 


(h)  Combination  multiple-orifice 
and  slit  nozzle  ’ 


Figvre  18.— Photographs  of  the  early  stages  of  sprays  from  the  nozzles  tested.  Injection  pressure,  4,000  pounds  per  square  inch:  air  density,  1  atmosphere. 
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Figure  19.— Fuel  sprays  from  a  pintle  nozzle  injected  into  air  having  different  densities.  Valve-stem  motion  limited  to  0.040  inch. 
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Figure  20.— Fuel  sprays  from  a  pintle  nozzle  injected  into  air  having  different  densities.  Valve-stem  motion  limited  to  0.015  inch. 
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Figure  21. — Impressions  made  in  plasticine  targets  by  fuel  sprays  from  a  pintle  nozzle.  Variables  are  air  density,  distance  from  nozzle  to  target,  and  stem-stop  setting. 
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and  finally  closed  shortly  after  0.006  second.  (See 
reference  2.) 

A  comparison  of  the  photographs  in  figure  19  with 
those  of  sprays  from  two  other  nozzles  of  the  same 
style  but  with  pintle  angles  of  8°  and  30°  (reference  20) 
showed  that,  although  in  air  at  atmospheric  density 
the  spray  angle  increased  with  increasing  pintle  angle, 
the  difference  decreased  as  the  air  density  was  in¬ 
creased  until  at  18  atmospheres  the  sprays  were  nearly 
alike.  The  rate  of  spray-tip  penetration  for  sprays 
from  pintle  nozzles  of  the  style  tested  at  this  labora¬ 
tory  increases  slightly  with  decreasing  pintle  angle  and 
is  about  the  same  as  that  for  sprays  from  corresponding 
plain  nozzles. 

All  the  previously  mentioned  tests  with  the  pintle 
nozzle  were  made  with  the  movement  of  the  valve 
stem  limited  to  0.046  inch,  the  condition  under  which 
this  valve  is  ordinarily  used.  The  interesting  varia¬ 
tion  in  spray  angle  with  stem  lift  led  to  the  installation 
of  a  screw  stop  to  limit  the  lift  to  values  less  than 
0.046  inch.  Figure  20  shows  the  appearance  of  sprays 
from  the  pintle  nozzle  with  the  stem  lift  limited  to 
0.015  inch.  The  spray  in  air  at  atmospheric  density 
remained  at  an  angle  of  about  20°  throughout  the 
injection  period,  but  in  air  at  densities  of  6  and  14 
atmospheres  the  spray  appeared  to  be  very  much  like 
those  made  with  the  stem  motion  limited  to  0.046  inch. 

The  results  of  the  plasticine  target  tests  made  with 
pintle-nozzle  sprays  are  particularly  interesting  and 
help  to  explain  their  unusual  behavior.  Figure  21  (a) 
shows  how  the  distribution  of  the  fuel  in  the  spray 
close  to  the  nozzle  changes  with  air  density  and  with 
different  limitations  of  the  stem  motion.  Notice  that 
in  air  at  atmospheric  density,  as  the  limit  of  the  stem 
motion  is  increased,  the  fuel  distribution  shifts  from 
one  extreme  to  the  other;  in  air  at  a  density  of  6  atmos¬ 
pheres  the  change  is  much  less;  at  14  atmospheres 
there  is  almost  no  change.  Impressions  were  also 
obtained  with  the  stem  lift  limited  to  0.038  inch;  but 
they  were  the  same  as  those  made  with  a  stem  lift  of 
0.046  inch,  indicating  either  that  the  stem  does  not 
lift  higher  than  0.038  inch  under  these  injection  con¬ 
ditions  or,  if  it  does,  that  further  lift  has  no  effect  on 
the  spray.  The  other  groups  of  targets  (figs.  21  (b), 
(c),  and  (d))  show  the  distribution  of  the  fuel  at 
different  distances  from  the  nozzle,  with  the  stem 
motion  limited  to  0.015  inch  and  0.046  inch,  in  air  at 
densities  of  1,  6,  and  14  atmospheres. 

Pintle  nozzles  have  attained  widespread  use  in 
light,  high-speed,  compression-ignition  engines,  espe¬ 
cially  tho^e  with  divided  combustion  chambers  and 
those  having  high-velocity  air  flow. 

Multiple-orifice  nozzles  (figs.  7,  18,  22,  and  23). — 
In  a  quiescent  combustion  chamber,  the  fuel  sprays 
must  be  distributed  to  all  parts  of  the  chamber.  The 
most  satisfactory  type  of  nozzle  thus  far  developed  for 
this  purpose  is  one  containing  a  number  of  small  cylin¬ 
drical  orifices.  The  large  amount  of  data  available  on 


the  characteristics  of  sprays  from  such  orifices  makes  it 
possible  to  design  multiple-orifice  nozzles  that  will 
perform  satisfactorily  in  combustion  chambers  of  many 
different  forms.  In  the  multiple-orifice  nozzles  used 
at  this  laboratory,  angles  of  20°  to  30°  between  the 
axes  of  the  separate  jets  have  been  found  to  give  good 
results  (reference  21).  Very  small  orifices  have  been 
added  between  the  larger  ones  for  the  purpose  of  sup¬ 
plying  fuel  to  the  air  close  to  the  nozzle  and  their  use 
has  resulted  in  a  slight  gain  in  engine  performance  hut 
the  gain  is  not  considered  sufficient  to  justify  the  added 
complication  of  the  nozzle  (reference  22).  Reducing 
the  angle  between  the  individual  sprays,  thus  elimi¬ 
nating  the  blank  spaces  between  them,  has  not  resulted 
in  any  improvement  in  engine  performance.  The  use 
of  a  nozzle  having  16  orifices  in  3  planes,  and  a  fuel 
pump  having  a  very  high  rate  of  discharge,  resulted  in 
poor  engine  performance.  Such  results  as  these  show 
that  multiple-orifice  nozzles  that  appear  from  spray 
photographs  to  give  good  fuel  distribution  do  not  always 
give  good  engine  performance.  Experiments  have 
shown  that  in  nozzles  of  the  type  shown  in  figure  1  (g) 
the  small  side  orifices  must  he  made  larger  than  would 
he  indicated  by  the  amount  of  air  they  are  to  serve, 
probably  because  the  pressure  of  the  fuel  at  these 
orifices  is  reduced  after  injection  begins  by  the  flow  of 
fuel  past  them  toward  the  larger  orifices  (reference  23). 

Slit  nozzles  (figs.  7,  9,  18,  22,  24,  and  25).-  Slit 
nozzles  are  similar  in  construction  to  plain  nozzles,  a 
narrow  slit  taking  the  place  of  the  cylindrical  orifice. 
The  characteristics  of  the  spray  are  quite  different, 
however,  resembling  in  many  respects  those  of  sprays 
from  lip  and  annular-orifice  nozzles.  The  shape  of  the 
sprays  depends  on  the  dimensions  of  the  slit  and  on 
the  form  of  the  passage  between  the  stem  seat  and 
the  slit.  Tests  made  at  this  laboratory  have  shown 
that,  if  the  bottom  of  the  cylindrical  passage  between 
the  valve  seat  and  the  orifice  is  made  conical  instead 
of  flat,  the  spray  core  tends  to  separate  into  two 
widely  divergent  jets.  The  width  of  the  spray  may  be 
increased  without  this  separation  by  making  the  bot¬ 
tom  of  the  passage  spherical  with  its  radius  about  twice 
that  of  the  cylindrical  passage.  The  photographs  of 
figures  24  and  25  show  that  the  sprays  from  the  slit 
nozzle  tested  were  not  symmetrical  in  either  plane, 
probably  owing  to  the  fact  that  the  plane  of  the  slit 
was  not  quite  parallel  to  the  axis  of  the  nozzle.  The 
nozzle  was  rotated  180°  between  the  time  of  taking 
figures  25  (b)  and  25  (c).  The  shapes  of  the  cores  of 
the  sprays  from  the  slit  nozzle  tested  are  indicated 
hy  the  plasticine  target  tests  (fig.  22  (b)).  The  im¬ 
pressions  are  very  ragged  and  show  that  the  plane  of 
the  core  twisted  through  an  angle  of  about  50°  after 
leaving  the  nozzle.  In  the  photograph  the  targets  are 
arranged  to  show  this  twisting,  the  plane  through  the 
slit  being  parallel  to  the  row  of  targets  in  each  case. 
When  making  the  cross-sectional  sketches  of  the  sprays 
from  the  slit  nozzle  (fig.  9  (h))f  the  cores  were  assumed 
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Figure  22. — Impressions  made  in  Plasticine  targets  by  fuel  sprays  from  different  nozzles.  Distance  from  nozzle  to  target,  in  inches,  is  shown  below  each  target;  the 
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Figure  23.— Fuel  sprays  from  a  multiple-orifice  nozzle  injected  into  air  having  different  densities. 
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Figure  24— Fuel  sprays  from  a  slit  nozzle  injected  into  air  having  different  densities.  Wide  side  of  spray  shown. 
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Figure  25. — Fuel  sprays  from  a  slit  nozzle  injected  into  air  having  different  densities.  Narrow  side  of  spray  shown. 


Scale,  inches  Scale,  inches  Scale,  inches 


.006  .005  .004  '  .003  .002  .001  0 

Time,  second 

(a)  Air  density,  1  atmosphere 


.006  .005  .004  .003  .002  .001  0 

Time,  second 

(b)  Air  density,  6  atmospheres 


.006  .005  .004  .003  .002  .001  0 

Time,  second  ] 

(c)  Air  density,  14  atmospheres 


Figure  26. — Fuel  sprays  from  a  centrifugal  nozzle  injected  into  air  having  different  densities. 
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Figure  27.— Fuel  sprays  from  a  combination  multiple-orifice  and  slit  nozzle  injected  into  air  having  different  densities. 


COMPARISON  OF  FUEL  SPRAYS  FROM  SEVERAL  TYPES  OF  INJECTION  NOZZLES  283 


284 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


.004  .003  .002  .001  0 

Time,  second 

(b)  Air  density,  6  atmospheres 


'  .004  .003  .002  -001  0 

Time,  second 

(c)  Air  density,  14  atmospheres 


Figure  28—  Fuel  sprays  from  a  nozzle  with  helical  grooves  in  the  orifice  walls  injected  into  air  having  dillerent  densities. 
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to  have  remained  parallel  to  the  slit.  The  dimensions 
of  the  spray  cores  were  obtained  from  the  plasticine 
targets  but  the  corresponding  true  dimensions  of  the 
envelops  could  not  be  obtained  from  the  spray  photo¬ 
graphs.  For  the  wide  views  the  envelops  were  drawn 
as  they  appeared  in  the  photographs  but  for  the 
narrow  views  they  were  assumed  to  have  the  same 
appearance  as  sprays  from  the  0.020-inch  orifice  plain 
nozzle. 

Slit  nozzles  are  used  where  a  simple  design  is  desired 
but  where  the  sprays  from  a  plain  nozzle  would  pene¬ 
trate  too  far.  The  fuel  distribution  in  sprays  from 
slit  nozzles  being  easily  changed  by  scoring  of  the 
orifice  walls  or  by  clogging  of  parts  of  the  narrow  slit, 
particular  care  should  be  taken  to  keep  the  fuel  clean. 

Centrifugal  nozzles  (figs.  7,  9,  18,  22,  and  26). — 
With  centrifugal  nozzles,  a  rotary  motion  is  imparted 
to  the  fuel  by  helical  grooves  on  the  valve  stem 
causing  the  spray  to  expand  immediately  on  leaving 
the  orifice.  The  spray  angle  increases  as  the  pitch 
of  the  grooves  is  decreased,  as  the  ratio  of  the  orifice 
area  to  groove  area  is  increased,  as  the  orifice  length- 
diameter  ratio  is  decreased,  and  as  the  air  density  is 
decreased.  Some  centrifugal  nozzles  are  so  con¬ 
structed  that  the  amount  of  whirling  of  the  fuel  may 
be  increased  as  the  engine  load  is  increased.  The  rate 
of  spray-tip  penetration  is  considerably  less  than  with 
plain  nozzles,  decreasing  in  general  as  the  spray  angle 
increases.  Both  spray  angle  and  spray-tip  penetra¬ 
tion  increase  as  the  areas  of  both  the  orifice  and 
grooves  are  increased  proportionately,  and  a  slightly 
higher  rate  of  penetration  is  obtained  when  the  valve 
seat  is  located  between  the  grooves  and  the  orifice, 
rather  than  above  the  grooves.  (See  references  4,  7, 
24,  and  25.) 

Sprays  from  the  centrifugal  nozzles  used  at  this 
laboratory  are  composed  of  two  parts.  At  the  begin¬ 
ning  of  each  injection  period,  a  small  portion  of  the 
fuel  charge  is  injected  without  any  rotary  motion. 
This  fuel  was  probably  left  in  the  nozzle  between  the 
grooves  and  the  orifice  at  the  end  of  the  preceding 
injection  and  it  forms  a  spray  similar  to  those  from 
plain  nozzles.  The  rest  of  the  fuel  charge  is  injected 
with  rotary  motion  and  spreads  out  into  a  hollow 
cone  surrounding  the  earlier  nonrotating  spray.  The 
two  parts  may  be  seen  distinctly  in  the  photographs 
of  figure  26.  Apparently  very  little  fuel  is  contained 
in  the  nonrotating  spray  for,  although  its  initial 
velocity  is  high,  its  penetrating  power  is  low,  and  it  is 
soon  overtaken  by  the  main  discharge.  In  figure  7  (1) 
two  sets  of  curves  are  given  for  the  penetration  of  the 
centrifugal  sprays,  corresponding  to  the  two  parts  of 
the  sprays.  The  dashed  lines  represent  the  non- 
rotating  part  and  the  solid  lines  represent  the  rotating 
part.  Figure  22  (c)  shows  that  the  two  parts  of  the 


spray  have  distinct  cores.  After  they  have  broken 
up,  the  distribution  of  the  fuel  in  the  sprays  improves 
considerably. 

The  popularity  of  the  centrifugal-type  nozzle  is 
apparently  decreasing.  Their  very  low  coefficients  of 
discharge  (reference  6),  low  rate  of  spray  penetration, 
and  poor  atomization  of  the  fuel  (reference  11)  make 
them  less  suitable  for  high-speed,  compression-ignition 
engines  than  other  types  of  nozzles.  They  are  suited 
to  spark-ignition  engines  using  fuel-injection  systems, 
but  other  types  of  high-dispersion  nozzles  serve  as 
well  and  are  less  complicated.  A  comparison  of  the 
discharge  weights  from  the  centrifugal  nozzle  and 
from  a  plain  nozzle  of  the  same  orifice  area  (see 
table  I)  indicates  the  large  difference  in  the  discharge 
coefficients  of  the  two  types. 

Nozzles  that  are  combinations  of  two  types  (figs.  7, 
9,  18,  27,  and  28). — Photographs  of  sprays  from  plain 
and  multiple-orifice  nozzles  show  that  very  little  fuel 
is  delivered  to  the  air  near  the  nozzle,  most  of  it  going 
to  the  farther  side  of  the  combustion  chamber.  Among 
the  injection  nozzles  tested  at  this  laboratory  in  an 
attempt  to  correct  this  situation  there  have  been 
three  in  which  plain  orifices  were  combined  with 
nozzles  having  low  penetration  and  high  dispersion. 

Photographs  of  sprays  from  a  combination  of 
multiple-orifice  and  slit  nozzles  are  shown  in  figure  27, 
the  plane  of  the  slit  and  the  axes  of  the  cylindrical 
orifices  being  coincident.  It  is  apparent  from  the 
photographs  that  this  nozzle  delivers  more  fuel  to  the 
air  near  the  nozzle  than  does  the  multiple-orifice  type, 
especially  at  the  higher  air  densities.  As  both  the 
photographs  and  a  comparison  of  figure  22  (a)  and 
figure  22  (d)  will  show,  the  angle  between  the  jets  from 
the  cylindrical  orifices  has  been  altered  even  though 
the  angles  between  the  orifices  themselves  remained 
the  same.  Several  nozzles  of  the  multiple-orifice  and 
slit  type  were  made  and  tested  on  an  engine  having  a 
quiescent  combustion  chamber  of  the  vertical-disk 
form.  Preliminary  test  results  were  not  encouraging 
and  further  test  work  was  postponed. 

A  nozzle  containing  both  multiple  orifices  and 
impinging  jets  is  described  in  reference  16,  which  also 
contains  photographs  of  sprays  produced  by  it.  Two 
impinging  and  two  nonimpinging  jets  were  used,  the 
discharge  area  of  the  latter  being  2.25  times  that  of  the 
former.  The  photographs  showed  that  the  spray 
produced  by  the  impinging  jets  became  entrained  in 
the  higher  velocity  sprays  from  the  nonimpinging  jets 
so  that  little  fuel  remained  near  the  nozzle.  Tests 
made  with  this  nozzle  in  a  compression-ignition  engine 
having  a  vertical-disk  form  of  combustion  chamber 
gave  inferior  results  as  compared  with  those  when 
multiple-orifice  nozzles  were  used.  The  engine  deto¬ 
nated  readily  and  the  performance  was  poor. 
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A  nozzle  having  helical  grooves  cut  in  the  walls  of 
its  cylindrical  orifice  was  made  and  tested  to  deter¬ 
mine  whether  such  grooves  would  impart  sufficient 
rotation  to  the  fuel  jet  to  increase  its  cone  angle. 
If  such  were  the  case,  the  principle  might  be  of  use  in 
multiple-orifice  nozzles,  the  construction  of  which 
prevents  whirling  the  fuel  before  it  reaches  the  orifices. 
The  spray  photographs  in  figure  28  and  the  photo¬ 
graphs  of  the  plasticine  targets  (fig.  22  (e))  show  that 
the  spray  did  not  rotate  as  a  whole  and  that,  although 
the  cone  angle  is  somewhat  greater  than  for  sprays 
from  grooveless  orifices  of  the  same  dimensions,  the 
difference  is  due  rather  to  increased  turbulence  of  the 
fuel  than  to  centrifugal  force.  The  small  sprays  at 
the  base  of  the  main  sprays  are  the  discharges  from 
the  ends  of  the  two  helical  grooves.  The  rate  of 
spray-tip  penetration  was  reduced  by  the  presence 
of  the  grooves,  as  the  curves  of  figure  7  (m)  show. 
The  dashed  line  of  that  figure  shows,  for  comparison, 
the  tip  penetration  of  a  spray  from  a  grooveless  orifice 
of  the  same  dimensions  in  air  at  a  density  of  14 
atmospheres. 

SOME  OTHER  NOZZLES  AND  INJECTION  VALVES 

The  nozzles  and  injection  valves  herein  described 
include  representatives  of  most  of  the  types  commonly 
used  at  the  present  time.  A  great  many  variations  of 
the  pintle  and  annular-orifice  types  of  nozzles  have 
been  used,  as  well  as  of  the  impinging-jets,  slit,  and 
centrifugal  types.  (See  reference  26.)  Injection 
valves  have  been  used  in  which  steel  diaphragms  took 
the  place  of  springs,  either  allowing  the  nozzle  to 
move  away  from  the  stationary  stem  (reference  25) 
or  allowing  the  stem  to  move  away  from  the  nozzle 
(reference  26).  An  injection  valve  having  two  con¬ 
centric  lapped  stems  set  to  open  at  different  fuel 
pressures  and  opening  up  separate  orifices  in  the 
nozzle  lias  been  made  and  tested  at  this  laboratory 
(reference  27). 

EFFECT  OF  AIR  FLOW 

All  the  spray  photographs  shown  in  this  report  were 
made  with  the  air  motionless.  The  air  in  some  com¬ 
bustion  chambers  may,  for  practical  purposes,  be 
considered  motionless  but  in  many  other  cases  the 
sprays  are  injected  into  air  having  a  high  velocity. 
Tests  of  the  effect  of  air  velocities  up  to  about  60  feet 
per  second  on  fuel  sprays  are  reported  in  reference  28. 
Other  tests  using  air  velocities  up  to  800  feet  per 
second  are  reported  in  references  29  and  30,  and  the 
effect  of  air  velocities  up  to  27  feet  per  second  on  the 
distribution  of  fuel  following  injection  cut-off  is 
reported  in  reference  31.  The  tests  showed  that  air 
moving  at  60  feet  per  second  or  less  will  blow  the 
envelops  away  from  the  cores  of  sprays  during  the 
injection  period  and  will  help  to  distribute  all  the  fuel 
throughout  the  combustion  chamber  after  injection 
cut-off.  Air  velocities  of  the  order  of  300  feet  per 
second  were  necessary,  however,  to  break  up  the 
spray  cores  during  the  injection  period. 


EFFECT  OF  AIR  AND  FUEL  TEMPERATURES 

All  the  photographs  shown  in  this  report  were  made 
with  the  air  and  fuel  at  room  temperature.  Some 
photographs  showing  the  effects  of  air  and  fuel  tempera¬ 
tures  on  fuel  sprays,  at  an  air  density  of  1  atmosphere, 
are  reproduced  in  reference  32.  Photographs  of  fuel 
sprays  in  the  N.  A.  C.  A.  spray-combustion  apparatus 
(reference  29)  show  their  behavior  in  air  at  engine 
temperatures  and  pressures.  The  rate  of  spray-tip 
penetration  is  decreased  slightly  by  heating  the  air 
and  considerably  more  so  by  heating  the  fuel  (reference 
32).  Raising  the  temperature  of  the  air  assists  in  the 
dispersion  of  the  fuel  throughout  the  combustion 
chamber  and  causes  an  appreciable  amount  of  the 
fuel  to  be  vaporized  during  the  injection  period. 
(See  reference  33.) 

EFFECT  OF  DIFFERENT  FUELS 

The  fuel  used  for  all  the  sprays  shown  in  this  report 
was  a  commercial  diesel  fuel.  Spark  photographs  of 
sprays  of  gasoline,  kerosene,  diesel  oil,  and  heavy  fuel 
oil  from  both  plain  and  centrifugal-type  nozzles  have 
been  made  at  this  laboratory,  and  the  results  are  given 
in  reference  4.  The  spray  penetration  was  found  to 
increase  slightly  and  the  spray  cone  angle  to  decrease 
slightly  with  increasing  specific  gravity  of  the  fuel. 
Photographs  of  diesel-fuel  and  gasoline  sprays  made 
at  low  injection  pressures  and  air  densities  (reference 
34)  show  little  difference  in  penetration  rates  or  general 
appearance.  Photographs  of  diesel-fuel  and  safety- 
fuel  sprays  in  the  N.  A.  C.  A.  spray-combustion 
apparatus  (reference  29)  show  that  the  diesel  fuel 
penetrated  faster  than  the  safety  fuel.  Photomicro¬ 
graphs  of  sprays  of  six  different  liquids  are  shown  in 
reference  35.  Measurement  of  the  drop  sizes  led  to 
the  conclusion  that  the  average  drop  diameter  increases 
with  increases  in  fuel  viscosity  or  surface  tension. 
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opening  pressure,  and  chamber-air  density  on  the  spray- 
tip  penetration. 
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tude  and  uniformity  of  the  initial  pressure  in  the  injection- 
valve  tube  and  of  the  injection-tube  length  on  the  sprav- 
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29.  Rothrock,  A.  M.:  The  N.  A.  C.  A.  Apparatus  for  Studying 

the  Formation  and  Combustion  of  Fuel  Sprays  and  the 


Results  from  Preliminary  Tests.  T.  R.  No.  429,  N.  A. 
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is  shown  with  the  fuel  and  air  at  room  temperature,  and 
another  with  fuel  and  air  temperatures  of  110°  and 
1,100°  F.  Curves  of  spray-tip  penetration  against  time, 
derived  from  the  published  photographs,  are  also  included. 
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399,  N.  A.  C.  A.,  1931. 

Photographs  of  gasoline  sprays  from  plain  open  nozzles 
with  0.008-  and  0.020-inch  orifices  are  shown.  The 
injection  pressures  were  100,  300,  and  500  pounds  per 
square  inch,  and  the  air  densities  were  1  and  4.2  atmos¬ 
pheres.  Curves  of  spray-tip  penetration  against  time 
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35.  Lee,  Dana  W.,  and  Spencer,  Robert  C.:  Photomicrographic 
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A  large  number  of  photomicrographs  of  fuel  sprays 
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different  fuels,  a  wide  range  of  injection  pressures  was 
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compared  with  data  from  other  sources. 
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AN  ANALYSIS  OF  LONGITUDINAL  STABILITY  IN  POWER-OFF  FLIGHT 

WITH  CHARTS  FOR  USE  IN  DESIGN 

By  Charles  H.  Zimmerman 


SUMMARY 


This  report  presents  a  discussion  oj  longitudinal 
stability  in  gliding  flight  together  with  a  series  oj  charts 
with  which  the  stability  characteristics  oj  any  airplane 
may  be  readily  estimated. 

The  first  portion  oj  this  report  is  intended ,  primarily , 
for  students  oj  the  subject.  The  relationships  governing 
stability  characteristics  are  derived  jrom  equations  oj 
equilibrium  rejerred  to  moving  axes  that  are  tangent 
and  perpendicular  to  the  instantaneous  jlight  path.  It 
is  shown  that  instability  oj  the  motion  can  arise  only 
through  an  increase  of  linear  and  angular  momentum  in 
the  system  during  one  complete  cycle.  The  interaction 
of  events  leading  to  increase  or  decrease  oj  momentum 
during  a  cycle  is  explained  in  detail.  The  construction 
oj  charts  showing  the  ejects  of  the  nondimensional 


parameters  CL,  C. 


dCL  dC 


D 


D) 


da’  ~dof’  ~mQ’  a71^  uPon 

the  stability  characteristics  is  explained  and  the  ejfects 
oj  the  more  important  oj  the  aerodynamic  and  mass 
characteristics  oj  the  airplane,  as  revealed  by  the  charts, 
are  discussed. 

The  latter  portion  of  the  paper  is  devoted  to  a  series  oj 
jO  related  charts  with  which  the  dynamic  stability  oj  any 
airplane  in  power-ojj  jlight  may  be  readily  estimated. 
The  use  of  the  charts  is  explained  in  detail  so  that 
reference  to  the  earlier  discussion  is  unnecessary . 


INTRODUCTION 

The  longitudinal  stability  of  aircraft  has  received 
very  extensive  and  exhaustive  treatment  by  able 
writers  (see  references  and  bibliography),  but  the 
classical  treatment  of  the  subject  has  been  rather 
difficult  for  those  not  familiar  with  higher  mathematics. 
The  study  reported  herein  was  undertaken  with  the 
purpose  of  making  more  understandable  the  mathe¬ 
matical  treatment  and  of  preparing  a  method  of  esti¬ 
mating  stability  characteristics  that  would  be  suffi¬ 
ciently  accurate  and  rapid  to  appeal  to  practical 
designers. 

The  section  preceding  the  group  of  charts  for  deter¬ 
mining  st  ability  characteristics  in  power-off  flight  is 
devoted  to  a  derivation,  in  relatively  simple  terms, 
of  the  mathematical  relationships  and  to  a  discussion 
oi  the  formulas.  The  portion  following  the  group  of 
charts  consists  of  an  explanation  of  the  method  of 
using  them.  It  is  not  necessary  to  read  the  first  por¬ 
tion  in  order  to  use  the  charts  with  satisfactory  results. 


All  symbols  not  given  in  the  report  cover  are  defined 
where  used  and  are  also  listed  in  the  appendix. 

I.  ANALYSIS  AND  DISCUSSION 
DERIVATION  OF  MATHEMATICAL  FORMULAS 

Definition  of  stability  characteristics. — The  sta¬ 
bility  characteristics  of  an  airplane  are  those  qualities 
which  define  the  nature  of  the  motion  after  a  deviation 
from  an  initial  condition  of  equilibrium.  The  motion 
may  be  periodic,  consisting  of  a  series  of  oscillations 
having  a  certain  period  and  rate  of  increase  or  decrease 
in  amplitude,  or  aperiodic  with  a  certain  rate  of  return 
toward  or  deviation  from  the  equilibrium  position. 
I11  many  stable  airplanes  the  return  to  a  condition  of 
nonoscillating  equilibrium  is  spoken  of  as  aperiodic  or 
“dead  beat”  when  it  is  essentially  oscillatory  in 
character  but  very  heavily  damped. 

Fundamental  concepts  and  assumptions. — The  forces 
and  moments  determining  the  motion  of  the  airplane 
are  of  two  kinds:  (1)  Aerodynamic  forces  and  moments 
created  by  movement  of  the  lifting  and  control  sur- 
faces  relative  to  the  surrounding  air;  (2)  mass  forces 
and  moments  arising  from  the  weight  and  acceleration, 
angular  as  well  as  linear,  of  the  airplane.  The  funda¬ 
mental  basis  of  the  discussion  presented  in  this  report 
is  that  at  all  times  there  exists  a  state  of  equilibrium 
between  the  mass  forces  and  moments  and  the  aero¬ 
dynamic  forces  and  moments. 

A  complete  treatment  of  the  stability  of  airplanes 
would  be  extremely  lengthy  and  very  complex.  Cer¬ 
tain  assumptions  have  therefore  been  made.  As  (he 
motion  of  an  airplane  is  three  dimensional,  it  is  to  be 
expected  that  any  treatment  of  the  subject  will  be 
incomplete  if  it  neglects  certain  of  the  components  of 
the  motion.  Fortunately,  conventional  airplanes  are 
symmetrical  (within  limits  here  applicable)  with 
respect  to  the  plane  that  includes  the  fuselage  axis  and 
is  perpendicular  to  the  span  axis.  It  is  obvious  that  a 
longitudinal  motion  having  no  component  of  linear 
velocity  perpendicular  to  that  plane  or  no  component 
of  angular  velocity  about  any  axis  lying  in  that  plane 
cannot  introduce  asymmetric  forces  or  moments. 
Such  motion  can  therefore  be  treated  as  an  independent 
phenomenon. 

The  longitudinal-stability  characteristics  will  neces¬ 
sarily  be  affected  by  any  deflection  of  the  lifting  or 
control  surfaces.  The  influence  of  wing  elasticity  and 
of  free  longitudinal  control  will  not  be  considered  in 
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the  primary  analysis  because  such  a  consideration 
would  complicate  the  relationships  and  obscure  the 
fundamental  principles. 

It  is  assumed  that  forces  and  moments  acting  upon 
the  wing  and  the  horizontal  tail  surfaces  vary  as  the 
square  of  the  air  speed  and  the  first  power  of  the  angle 
of  attack  of  the  individual  surfaces  and  that  they  are 
not  affected  by  the  rate  of  change  of  either  the  air 
speed  or  the  angle  of  attack.  Also  the  forces  upon 
the  lifting  surfaces  are  assumed  not  to  be  affected  by 
the  rate  of  rotation  of  those  surfaces  (reference  1). 

Each  of  the  foregoing  assumptions  necessarily  in¬ 
volves  a  certain  degree  of  approximation  but  they  are 
confirmed  by  comparison  between  measured  and  cal¬ 
culated  values  of  stability  characteristics  (reference  2 
and  unpublished  data)  and  are  justified  by  the  simpli¬ 
fication  of  the  relationships  they  permit. 

Equations  of  equilibrium. — As  has  been  previously 
stated,  the  course  of  the  airplane  in  flight  is  determined 
by  the  conditions  necessary  to  maintain  equilibrium 
between  mass  and  aerodynamic  forces  and  moments 
at  all  times.  In  steady  flight  the  equilibrium  may  be 
expressed  by  the  equations  (see  fig.  1): 


Figure  1. — Angular  and  vectorial  relationships  in  flight,  power  off. 


W  sin  7  +  T*pE2£<?D=0  a 
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where  (la)  refers  to  forces  tangent  to  the  instantane¬ 
ous  flight  path,  (lb)  to  forces  perpendicular  to  the 
instantaneous  flight  path  in  the  plane  of  symmetry, 
and  (lc)  to  moments  about  an  axis  through  the  center 
of  gravity  and  perpendicular  to  the  plane  of  symmetry. 
After  displacement  from  the  steady-flight  condition 
the  equations  of  equilibrium  read: 
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where 


dV 

dt 


acceleration  tangent  to  flight  path. 


^c/7  centrifugal  acceleration  normal  to  the  flight 
dt  path. 

d2d  angular  acceleration  of  airplane  about  the 
dt2’  lateral  axis. 

Since  the  effects  of  angular  velocity  and  of  acceleration 
upon  the  forces  are  neglected,  A CD  may  be  written  as 
dC  dC 

Aa-j-^  and  ACV  as  Aa-j-^;  A Cm  may  be  written  as 
da  Cla 

dC  dC 

A«  ^  where  A q=q,  the  angular  velocity  in 

pitch,  since  q  is  zero  in  the  original  condition;  and 
AE,  A7,  A  a,  and  q  are  small  quantities  by  assumption. 
Terms  involving  products  of  two  or  more  small  quan¬ 
tities  will  be  neglected. 


Also 


and 


Then: 


sin  (7-f-A7)=sin  7  cos  A7  +  COS  7  sin  A7 
=sin  7EA7  cos  7 

cos  (7-j- A7)  =cos  7  cos  A7  — sin  7  sin  A7 
=  cos  7  — A7  sin  7 


IE  sin  7  +  TEA7  cos  y  -\~l)pV2SCDJrpVSCDhV-\-^pV2S-^Aa=— 

W  cos  t-H’At  sin  7  ~ \e V2SC,~P VSC,A V~  IpvV'Va = - m lAj 

ipI"ScC„+pUSce„AU+IpU2&^Aa+IpU2Sc^  =  mi,2~ 

Subtracting  (1)  from  (3) 

IEA7  cos  7  +  p  VSCdA  Vr+  \P  EhS’^ A«  -  -  md^t 

-WA 7  sin  1-pVSCLAV-\PV2Sdj^Aa=-mVdJt 

oVScCmAV^Lv2Scd^q  +  ~pV2Scd4^Aa  =  rnk/l^2 

Z  dq  2  da  dt 


a 


a 


b 


(4) 


c 
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From  equations  (1) 


W  cos  7 =~pV2SCl 


W  sin  7=  —ipV2SCD 
Cm  =  0 


Therefore, 


.  Ip' V*SCLAy -  p\ 7SC,A  V-  fp  V*sf^A  «=  md ' 


(It 


Ip V2SCd Ay  -  p VSCLA  V- Aa  =  -  m vt?  b 
2  2  rfa  <7  £ 

1  pV’Sc^iq + Ip  F2S<4G=  Aa= mi  ^  c 

2  dq  1  '  2  da  dt 2 

Dividing  (5a)  and  (5b)  by  ~  PV2S  and  (5c)  by  pSV 

dV 

-CrAy-2Cr.AV  dCDAg- 2  m  dl 
L  7  DV  da  ~pSV  V 

CDAy-2cM-d^Aa=-2^T/  *L 

V  da  pSv  dt 


(5) 


1  VcdCma+ 1  VcdCmAa—m,Cr2  d2° 

2  dqqrt9  d„  nS!V  df* 


da 


pSV  dt 1 


(6) 


Let 


m 


crrf=T  (after  Glauert,  reference  3) 
po  V 


AV 


AV' 


V 

dV 

clt  dV' 

V  dt 


CLAy-2CDA V '  - d^Aa  =  2 

da  dt 


a 


CDAy-2CLA V'  - - 2 T” 

da  d  t 

1  \  Tcd(r  <mo  -4-1 1 7cd^'mAa  =  tJc  2— 

2  dqi  +  2'  daA  kr  dt2 

Equations  (7a)  and  (7b)  are  nondimensional  and  the 
only  variables  are  A7,  AV',  and  A  a.  In  order  to  re¬ 
duce  (7c)  to  a  comparable  form  it  is  necessary  to 
dC 

rewrite  — which  is  the  only  constant  in  the 
dq 

equations  not  in  readily  usable  form,  and  to  express 
9  in  terms  of  7  and  a. 

The  greater  portion  of  the  change  in  pitching  mo¬ 
ment  produced  by  rotation  occurs  because  the  rota¬ 
tion  changes  the  angle  of  attack  of  the  tail  surfaces. 
A  positive  rotation  q  causes  the  tail  to  move  downward 
with  a  velocity,  relative  to  the  center  of  gravity,  equal 
to  ql  where  l  is  the  distance  from  the  center  of  gravity 
to  the  mean  quarter-chord  point  of  the  horizontal 
surfaces.  The  tangent  of  the  change  in  angle  of 
attack  at  the  tail  is  tan  A at=ql/V  which  may  be  re- 


sideration.  The  change  in  moment  due  to  the  change 
in  the  angle  of  attack  at  the  tail  is 


da 


2  dat 


where  — slope  of  normal-force  curve  of  tail  surfaces. 

doc  1 

St,  area  of  horizontal  tail  surfaces. 
r)t,  tail  efficiency, 
or,  in  coefficient  form, 


V d<7'‘  $ 


Introducing  an  empirical  factor  K  to  allow  for  wing 
damping 

dCm  jrl  S,  dCZt  l 
dq  c  SVtdat  V 

Therefore  (7c)  may  be  rewritten  as 


l/2z ?dCzt  S,  ,  1 

2l  hd, U  Sm+ 2 


TT  dCm.  1  2d26 

V  C-^-Aa—Tky  — 


da 


dt 2 


(8) 


Dividing  (8)  through  bv  Ay2  and  multiplying  by  r  to 
make  the  expression  nondimensional, 


1  l 2  dCZtSt 


1  me  dCr, 


d2e 


r2  ky2K  da  t  S  pSJcr2  da  dt2 


(9) 


Letting: 


fo  =  p  (reference  3) 


po 


1  A2  _ dCZtSt 


,1  Ac  dCm  d2d 
2  k?KYo 7,  S  T”'«+ 2"  k?  ^daAa=T  dt‘ 

For  convenience  let 


(10) 


and 


1  l2  dCZtSt 
r]t2h^K~d^l  S 

1  Ic  dC„ 


2  kY2  da 


ma 


d26 

mQTq-\-pmaAa=T2jj2 

dd 


(11) 


Since  0=(a-)-7)  and  q— (see  fig.  1),  q  and  9  may 

be  replaced  by  a  and  7  reducing  the  number  of  vari¬ 
ables  in  equations  (7a),  (7b),  and  (11)  to  three.  These 
equations  are  rewritten  as, 


.C*,-2CBAV-t§ZAa  =  2r4£ 


dr 

CDAy-2CLAV'-~£Aa 


ZT 


dy 

dt 


m 


fda.dy\.  Jdi2a  d1  y\ 

did  dt)+m“Aa=r  \dr*+w) 


(12) 


The  foregoing  equations  of  equilibrium  must  each 
be  satisfied  at  each  instant  (neglecting  approximations 
assumed)  of  flight.  It  is  obvious  that  each  of  the 
variables  A7,  A  a,  and  A  V'  will  affect  each  of  the  others, 
and  it  is  reasonable  to  assume  that,  if  any  one  of  them 
follows  a  regular  scheme  of  variation  with  time,  then 


placed  by  Aat=qlfV  for  the  small  angles  under  con-  the  others  will  vary  according  to  the  same  scheme. 
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Assume  therefore  that  the  variables  change  accord¬ 
ing  to  the  exponential  expressions: 

A7  =  y1cx' 

Aa=Bext 
AV'  =  Ce xt 

(In  mathematical  terms  exi  is  an  integrating  factor.) 
where 

A,  B,  and  C  are  constants  depending  on  the  mag¬ 
nitude  of  the  initial  disturbance. 
e,  the  base  of  natural  logarithms=2. 71828. 

X,  an  arbitrary  constant. 
t,  time  in  seconds. 

It  appears  that  if  X  is  positive  Ay,  Aa,  and  A  U '  will 
increase  with  time  and  therefore  the  motion  will  be 
unstable.  If  X  is  negative  the  departures  from  the 
condition  of  steady  flight  will  decrease  and  the  motion 
will  be  stable. 

Now  if 

Ay  —  Aext 
dy 


(It 


A\eX! 


Substituting  in  (12) 


dJ2-A\2ext 

etc. 


dC, 


-  ClAcxi  -  2  CnCext  -  ~r^Bex  l=2  r  \Cex 


da 


dCL 


C»Aex l-2 CLCeu-  ~/?ex ‘  =  -  2 rA\ext 


h 


m,  t(B  \exlJr  A  \ex ') + [xmaBex  1  =  t2( \2Bex  1  -f  X2/kx  ')(* 
Each  of  the  equations  may  he  divided  hv  ext 


(13) 


f/d' 

4 _ of1  n~  -L 

tLA  ZLoC  da 


B  =  2t\C 


dC 1 

CdA-2ClC--j^B=-2t\A 

mi  Q t  X  (A  -f-  B)  /j.iYiaB—  ( r  X)  ■  (A  -f-  B) 
From  (14b) 


b 


(14) 


c 


2  rXA  +  CDA-'^B 

2  CL 


Also,  since  r  and  X  do  not  appear  except  in  the  product 
rX,  let  X'  =  rX 

Substituting  in  (14a) 


ClA-^'A+GvA-^b) 


d(\„\  dCj 

da 


yB 


Multiplying  by  CL 


dCLl 


CM -2C„y  A  -  Co2  A + CJPB  -  C 


dCD 


da"  "Ld 


B 


a 


,in 

=  2  ( X') 1 2 A  +  \'CdA  -  y  ^B 


or,  since  CL2+CD2  =  CR 

A[  T  Cid  -\~3CDy  -f-2  (X')"] 


dCL  „dCo 


Bi  +CD^-CL 


da 


Therefore, 


>7  dCL _ ,  ,  dC o  .  '  ,dCL 

A  Lnda  Ll  da  +  A  da 


B~  Cy+3CAX'  +  2(X')2 
Also  from  (14c) 

A[mqy  —  (X')2]=-8[(X')2— mgy  —  nma] 

Therefore, 

A_nma-\-mgy  —  ( X ')2 
B  —  m9X'  +  (X')2 

It  therefore  appears  that  equilibrium  at  all  times  is 
possible  when, 

rdCk_rdC2,./dCk 

D  da  L  da  da  n ina~\-7uQ\ ' — (X')2  (15) 


C R2 -\-2>C Dy  T2  (X')2 


—  mQ\'  +  (X')‘ 


or 


[-mffX'+(X')2l  (C 


dCL  CidCp+y 


dCL 


n da  '  L  da  1  '  da 

=  [CR2-\-3CDy  +2  (y)2][/j.ma-{-mgy  (X')2] 

Expansion  of  this  relationship  and  collection  of  terms 
give  the  biquadratic  expression 


(xo4+ (yy[_-mg+l(scD^) 

+  CX0{-^+©-- 


l/~  dCT. 


da 


+:>( a 

+  X 


-c^+cy) 

,f_w  1  (cdC±_cdC» 
L  Q2  \L°da  tLda 

a  2 

MmUf-=0 


(16) 


For  simplicity  the  biquadratic  may  he  expressed  as: 

A(yy+B(yy+C(y)2+Dy+E=  o  (17) 


where 

A=1 


B-[-m*+K3Co+®! 

-[-»4(3  c^)-m.+%cJg-cj£+otf 

[ 

E=--*-nma 


^  '  z  \  "  da/  '  "  z\  -  aa  ~a 

0=1  -mA(  C„dZA-C,d^  +  cA)-\cDij.m^ 


n  2 
n 


Unfortunately  there  is  no  simple,  direct  method  of 
solving  biquadratics.  It  is  possible,  however,  to  factor 
a  biquadratic  into  two  quadratics,  each  of  which  is 
susceptible  to  direct  solution. 
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The  biquadratic 

(X,)4+5(X')3+Cy(X,)2+Z>X'  +  JE’=0 
may  be  replaced  by  the  expression 

T  (X r) "  — 1~  X'  — 1—  ^>i][(X/)~  — )—  C/2X'  — (—  6^1  =  0 
from  which 


It  appears  that 


B=al-\-a2 
C =  ci\Q>2  +  b\  +  b2 
D=alb2Jra2bi 
E=bA 

The  general  case  may  be  worked  out  as  follows: 


a2=B—ax 

C=al(B — a.{)  Ebx  +  &2 
D=axb2E  (B—a^bi 


Therefore, 

C=aI(B-a,)+bl+gj  a 

D=aif+(B-al)b,  h 

Dropping  the  subscripts: 


and 


<7+6  + 


E 


a  = 


b-B-bD 

b2—E 


These  relations  can  be  solved  by  plotting  the  curves 
of  b  against  a.  There  are  two  intersections  of  these 
curves,  in  general,  corresponding  respectively  to  ax, 
bu  and  to  a2,  b2. 

Also  from  (19) 


^=C-b-a(B-a) 

D=aC—ab—a2(B—a)Eb(B—a) 
,  D-aC+a2B-as 
6= - B^2a - 

Substituting  (21c)  in  (19a) 


a 

b[(21) 

c 


By  use  of  the  foregoing  relationships  the  coefficients 
of  the  quadratics  may  be  determined  with  as  high  a 
degree  of  accuracy  as  desired  by  graphical  means  or 
by  trial  substitutions. 

At  first  glance  it  appears  that  a  6th-power  equation 
such  as  (23)  would  be  harder  to  solve  than  a  4th-power 
equation  such  as  (17).  In  equation  (17),  however,  the 
complex  roots  must  be  obtained;  whereas  in  (23)  it  is 
necessary  to  solve  only  for  the  real  values.  Equation 
(23)  is  useful  from  a  practical  standpoint  chiefly  in 
obtaining  accurate  values  of  a2  by  making  trial  sub¬ 
stitutions  from  approximate  values  obtained  from  the 
expression  for  a2  given  on  page  6.  Because  of  the 
very  small  value  of  a2  it  is  generally  not  necessary  to 
include  the  terms  in  (23)  that  contain  powers  of  a2 
higher  than  the  third. 

Significance  of  X'. — As  appears  in  equations  (18), 
there  are  possible  either  4  real  values  of  X',  2  real 
and  1  pair  of  complex  values,  or  2  pairs  of  complex 
values.  The  values  of  B,  C,  and  D  in  the  normal 
flying  range  of  conventional  airplanes  are  always 
positive  because  of  the  signs  and  magnitudes  of  their 
constituent  factors.  It  is  obvious  that  no  positive  real 
value  of  V  can  satisfy  the  biquadratic  unless  E  is 
negative  but  that  if  E  is  negative  there  is  such  a 
solution  for  X'.  A  positive  real  value  of  X'  signifies 
an  aperiodic  divergence.  If  —  g ma  is  positive  corre¬ 
sponding  to  static  stability,  then  E  is  positive  and  the 
biquadratic  expression  indicates  no  possibility  of  an 
aperiodic  divergence. 

The  values  of  B,  C,  D,  and  E  are,  in  general,  such 
that  the  solution  for  X'  gives  two  pairs  of  complex 
values.  It  can  be  shown  by  mathematical  reasoning 
not  essential  to  this  treatment  that  an  expression  of 
Kexn' — where  X'=+±i  +  and  where  K,  +,  and  + 
are  constants  and  i=-yj—  1  —  can  be  replaced  by  an 
equivalent  expression,  K'e f,<'  cos  (i p't'—b)  where  K' 
and  <5  are  new  constants.  Therefore  Ay =A  eE1'  may 
be  replaced  by  Ay =A'ert>  cos  ( \f/'t'—8 )  and  similarly 
for  the  other  variables.  It  appears  that  the  motion 
indicated  by  a  complex  root  is  therefore  made  up  of 
sinusoidal  variations  of  the  angle  of  attack,  angle  of 
attitude,  angle  of  the  flight  path,  and  velocity  along 
the  flight  path  and  that  the  amplitudes  of  the  oscilla¬ 
tions  increase  or  decrease  with  time  depending  upon 
whether  +  is  positive  or  negative.  From  equations 
(18)  it  appears  that 


or 


C=a(B-a)  + 

EE 


D-aC+a-B-a 
B  -2a 
B—2a 


) 


D — a  0+  a  2B — a? 


a6 — a5  (37+  +  a4  (3Z?2 +20) 

-  a?  (B3 + ABC)  +  a2  (2B2C+ BD  EC2-  4  E) 

— a  (B2D + BC2 — 4  EB)  EBCD — D2—B2E = 0 


(22) 


(23)  | 
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where  p',  p',  p',  and  ^2'  express  the  stability  charac¬ 
teristics  of  the  airplane. 

From  the  expression  Ay=^A'P'1'  cos  (i p't'  —  8)  the 


^  7T 

period  of  the  oscillation  is  P'=  77  and  the  time  for 

v 

the  oscillation  to  damp  to  one-half  amplitude  from  any 

()  @93 

instant  chosen  as  the  time  of  starting  is  T'= - V7—  ■ 

Since  A'  was  set  equal  to  Ar  during  the  derivation,  P' 


and  T'  are  in  units  of  time  which  are  equal  to  t- 


ld 

V 


seconds  or  the  time  in  seconds  necessary  for  the  air¬ 
plane  to  travel  the  length  l  at  the  velocity  V  multi¬ 
plied  by  the  relative-density  factor  p.  Therefore  the 
final  expression  for  the  time  in  seconds  for  the  oscilla¬ 
tion  to  decrease  to  one-half  amplitude  is 


,  -0.693  -0.693  m 

-  p  T_  p  Psv 

-0.313  /llVr 

{ '  V  s 


(24) 


under  standard  conditions;  and  the  period  in  seconds  is 


P 


T 


2.83  / Wn 
P  \  S  Cl 


(25) 


(. BCD— D2—B2E )  is  negative.  This  fact  was  first 
pointed  out  by  Routh  (reference  4)  by  a  somewhat 
different  derivation  and  the  factor  is  known  as  “  Routh’s 
Discriminant.” 

There  has  been  developed  in  reference  1  an  approxi¬ 
mation  for  the  case  when  D  and  E  are  small  with 
respect  to  B  and  C  by  assuming  that 


ax—B 

bx=C 

Then 

D=Bb2+a2C 

E=Cb2 

or 

h  E 

b2-c 

and 

D  BE 

a'2~C  C2 

It  follows  that, 


(28) 


(29) 

(30) 


under  standard  conditions. 

Substituting  for  a  in  equation  (23): 

(2f')6+  (2f')5(3R)  +  (2f')4(3R2+2C) 

+  (2n3(R3+4R<7)  +  (2p)2C2B2C+BD+C2-4E) 

+  (2f')  (B2D+BC2-4EB)+BCD-D2-B2E=  0 

(26) 

From  equation  (21) 

n,v  D+2f'0+3(i-')2S+4(f')3 

(* J  “ - B+iF -  (27) 

Reference  to  equation  (26)  reveals  that  from  the 
values  of  B,  C,  D,  and  E  in  the  normal-flying  ranges  the 
coefficients  of  the  terms  in  2‘p  will  all  be  positive. 
Therefore  a  positive  real  value  of  p  can  exist  only  if 


IE  1  (D  BE\2 
2  C  4VC  C2) 


(31) 


These  approximate  expressions  are  generally  used 
and  are  satisfactory  for  most  cases  encountered. 

Since  B  and  C  are  large  in  the  normal-flight  range, 
values  of  and  \px'  define  a  very  heavily  damped 
oscillation  which  is,  in  general,  of  short  period.  This 
oscillation  is  unimportant,  except  possibly  in  special 
cases  above  the  stall;  throughout  the  remainder  of  the 
report  p  and  p  will  be  used  without  the  subscripts 
to  refer  to  the  slightly  damped  phugoid  oscillation 
previously  defined  by  p'  and  \f/2' . 

Derivation  of  expression  describing  the  sinusoidal 
motion. — The  expression  Ay=Aeu—Aexu'  can  be 
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replaced  by  the  equivalent  expression  Ay=A'e?'‘' 
cos  ( \p't’—8 )  where  A'  and  6  depend  upon  the  instant 
from  whence  time  is  taken  as  zero.  If  time  is  zero 
when  Ay  is  at  a  point  of  maximum  amplitude  y4'  =  Ay0 


and  6  =  0  so  that 

Ay  =  Ay0e!'1'  cos  \ p't'  (32) 

It  follows  that 

A<x=  Aa0d'''  COS  (yj/'t'  —  6,)  (33) 

AV'  =  AV0'eri'  cos  (34) 

Ad=Ad0e^‘'  cos  53)  (35) 


where  A«0)  A  TV,  and  A0O  are  the  magnitudes  that  the 
variables  would  have  were  they  at  a  maximum  at  zero 
time  and  S1}  52,  and  63  are  phase  angles  of  the  variables 
with  respect  to  the  flight-path  angle. 

These  values  of  Ay,  A  a,  and  AF'  may  be  substi¬ 
tuted  in  equations  (12)  and  solutions  made  for 
and  \f/' .  It  will  be  found  that  the  complete  solution 
for  and  \pf  given  in  the  preceding  section  can  be 

checked  in  this  manner  and  the  values  of  tan  5 

A  (Xq  A  v  o 

and  tan  62  are  found  at  intermediate  steps  to  be: 


o 


A7o_ 

A«o 


c 


dCr 


D 


da 


r  dCD 
Ll  d 


la 


+r 


,dCL\ 


da  7 


sin  8i 


dC L 

da 


V(ZCD+AS’) 


\SCd+4{')  C0s  6i 


(36) 


(37) 


(in 


,dCL 


tan  8o= 


where 


Cnda  N  ( T)2] 


(39) 


N 


■2Mm„-4!-'mt-2(^)2+6(i-')2+(2r-»!t)(cc+^)] 


The  detailed  derivation  is  not  repeated  because  it 
is  quite  long  and  tedious  and  introduces  no  new  con¬ 
cepts. 

Application  of  mathematical  formulas. — The  rela¬ 
tionships  derived  in  the  preceding  section  of  this 
report  make  possible  various  treatments  of  the  prob¬ 
lem  of  determining  stability.  The  period  and  time 
to  damp  to  one-half  amplitude  may  be  determined 

directly  having  given  CL,  CD>  — m9,  an(^ 

—  from  the  equations  (17),  (24),  (25),  and  either 
(26)  and  (27)  or  (30)  and  (31). 

An  understanding  of  the  underlying  principles  gov¬ 
erning  stability  can  be  had  only  from  a  consideration 
of  the  variations  of  the  angle  of  attack,  angle  of  atti¬ 
tude,  angle  of  flight  path,  and  velocity  along  the  flight 


path  relative  to  each  other.  Figures  2  to  14  are  in¬ 
cluded  to  show  the  nature  of  these  variations.  Figures 
2  to  9  present  the  effects  of  changing  —mQ  and  —  Mma 
independently  for  two  sets  of  typical  values  of 

Cl’  Cd’  and  ~dcd'  Flffures  10  to  14  illustrate 

qualitatively  the  variations  in  phase  relationships  re¬ 
sulting  from  changes  in  —  nma  and  serve  as  a  basis 
for  the  discussion  of  their  effects  upon  the  stability 
of  the  airplane.  The  relationships  (36)  to  (39)  can 
be  used  to  determine  the  characteristics  of  the  motion 
for  any  particular  design. 

The  solution  for  the  stability  characteristics  gives 
no  direct  indication  of  the  effect  of  variation  of  the 
individual  parameters  upon  the  st  ability  characteristics. 
By  means  of  the  relationship  that  follows  directly 
from  equation  (22) 


[d+2f'c+4(f')2l 

_i_  f-mJd+2(-/c  +  4(r/)2l-Mffla(e+2(-/)+2r/k/+2C/c  +  4(r/)2j  ] 

I  —  mq  +  (c  +  4 f7)  j 

—  fum  J _ — (c+4f') _ ]_ 

“l-mff[d+2f,c+4(r/)2]  —  MWa(c+2f,)  +  2f'[d+2f'c-f-4(r/)2ir 


(40) 
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where 


e=l.5CD 

/=4<v 


charts  may  he  plotted  showing  the  variations  of  — mq 
with  - — fj.ma  necessary  to  secure  given  values  of 
and  i p' .  A  number  of  these  charts  have  been  prepared 
covering  the  range  of  conditions  likely  to  be  encoun¬ 
tered  in  normal  flight  and  are  included  in  this  report. 
(See  figs.  15  to  54.) 

DISCUSSION 

The  mathematical  relationships  evolved  in  the  pre¬ 
ceding  paragraphs  permit  calculation  of  the  probable 
stability  characteristics  of  a  proposed  design,  but  they 
offer  little  information  as  to  the  relative  importance 
of  various  factors  or  as  to  the  reasons  for  the  effects 
produced  by  changes  in  those  factors.  In  the  following 
paragraphs  the  oscillatory  motion  is  first  considered 
in  detail  so  that  the  sequence  of  flight  conditions  that 
must  exist  if  instability  is  to  arise  may  be  pointed  out- 
Next  is  given  a  general  discussion  of  charts  (ligs.  15 
to  54)  that  show  the  effects  on  the  stability  character- 

dC 

istics  of  the  six  fundamental  parameters  CL,  CD, 

da 

dC 

— and  —  mq.  Finally,  the  effects  of  various 
da 

physical  characteristics  of  the  airplane  on  its  stability 
are  considered  in  the  light  of  the  earlier  discussion. 

The  oscillatory  motion. — -When  the  terms  in  A V’ 
were  eliminated  by  simultaneous  solution  of  the  equa¬ 
tions  of  equilibrium  tangent  and  normal  to  the  flight 
path,  respectively,  the  following  equality  was  found  to 
exist: 


/~i  dCL _ ^  dCp  ,  \  rdCL 

IJ  da  L  da  da  _^ma-\-mq X'— (X')2 

<V+3C0\'  +  2(\')2~  -?u8\'  +  (X')2 

The  terms  to  the  left  of  the  equality  sign  arise  out  of 
the  necessity  for  equilibrium  of  forces;  the  terms  to  the 
right  arise  out  of  the  necessity  for  equilibrium  of 
moments.  If  a  case  be  investigated  with  —  inna  =  0 


dC,Y 

da  ) 


dC 

Since  both  CD  and  are  positive  below  the  stall,  it 

da 

follows  that  if  —/uma  is  zero  the  linear  motion  of  the 
airplane  is  a  heavily  damped  oscillation  with  the  period 


1  /n  dCL 

2 \Ld da 


2tt 


a 


dC 


D 


d 


a 


and  the  time  to  damp  to  one-half  amplitude 


T'  = 


1 

4 


0.693 


all  in  nondimensional  units,  or  the  motion  is  an  aperi¬ 
odic  convergence  with  the  time  to  converge  to  one-half 
amplitude 


depending  on  the  relative  magnitudes  of  the  quantities. 

Since  instability  of  the  linear  motion  cannot  arise 
when  ~p.ma  is  zero,  it  seems  probable  that  under¬ 
standing  as  to  the  underlying  causes  of  instability  may 
he  gained  by  considering  the  effect  of  —  / ima  upon 
the  sequence  of  flight  conditions  during  oscillatory 
motion.  In  the  following  paragraphs  the  part  played 
by  —/j.ma  is  analyzed  by  physical  reasoning.  Only 
the  case  when  —iima  is  positive  is  considered  because 
when  ~nma  is  negative  an  aperiodic  divergence  from 
the  equilibrium  condition  occurs  and  the  question  of 


dynamic  stability  does  not  arise.  It  is  first  pointed 
out  that  —idma  plays  a  primary  part  in  determining 
the  phase  angles  between  the  change  of  angle  of  attack 
and  the  changes  in  attitude  and  flight-path  angles. 
It  is  next  shown  that  stability  of  the  angular  motion 
depends  upon  the  phase  angle  between  the  angle-of- 
attack  change  and  the  attitude  change.  It  is  finally 
shown  that  instability  of  the  linear  motion  can  arise 
only  when  the  phase  angle  between  the  angle-of-attack 
change  and  the  flight-path-angle  change  falls  within  a 
certain  range. 


Ratio  of  variable  to  A  r0  '  i  i  Ratio  of  variable  to  A  r0 
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Time  in  nondimensiona /  units 


Cl  =  1.40  Cd=0.20  ^'=4.00  -,?--=0.89 

da  da 

-nm„  =  2.50  —  777,=  1  .00  f'  =  0.01  +'=0.70 

FIGURE  2. 


-Mm„=4.94  -771,  =  1.00  f'=0  ^'=0.82 

FIGURE  3, 

Figures  2  and  3.— Variations  of  components  of  longitudinal  motion  with  time. 
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Cl =1.40 


Cd  =  0.20 


( l  Cl 

da 


=  4.00 


dCn 

da 


=  0.89 


—iima= 20.00  — to,=1.00 


r=-0.09  ^'=0.94 


FIGURE  4. 


Cl  =1.40 


Cl>  =  0.20 


dCv 

da  ' 


4.00 


</C, 

da 


=  0.89 


— /ma=5.00  -to, =0.50  r'=0.03 


^'=0.89 


FIGUR  E  5. 


Cl  =1.40  Cc  =  0.20  ^  =  4.00  ^  =  0.89  ~nma  =  5.00  -to,  =  3.00  £'  =  -0.07  V  =  0.67 

(la  (la 

FIGURE  6. 

Figures  4,  5,  and  6.— Variations  of  components  of  longitudinal  motion  with  time. 
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FIGURE  7. 


FIGURE  8. 


Cl  =  0.20 


— jun7«  =  5.00 


Cd =0.043 


rfCVj=4.00  —5^- =  0.013 


dct  ’  '  ”  da 

-TO, =3.00  F  =  -0.027  *'=0.11 

FIGURE  9. 


Figures  7,  8,  and  9.  -  Variations  of  components  of  longitudinal  tnotion  with  time. 
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Figures  10  to  12  illustrate  qualitatively  the  effect 
of  —  pma  upon  (?!  and  <54,  the  phase  angles  between  the 
angle  of  attack  and  the  flight  path  and  attitude  angles, 
respectively.  When  —  prna  is  zero  the  attitude  does 
not  change  with  time  and  hence,  if  an  oscillation  is  set 
up  in  the  flight-path  angle  (7),  it  is  obvious  that  the 
angle  of  attack  must  change  as  shown  in  figure  10  where 
5,  is  180°.  Although  not  shown  in  figure  10,  physical 
reasoning  leads  to  the  conclusion  that  54  is  90°.  When 

—  p cm a  is  very  large  the  moment  tending  to  cause  the 
attitude  to  change  with  the  flight  path  is  also  large 
and  the  angle-of-attack  change  is  small.  The  condi¬ 
tions  are  approximated  by  figure  12.  The  phase 
angles  and  54  are  also  small  and  approach  zero  as 

—  pma  is  increased.  Figure  11  shows  an  intermediate 
case  which  more  truly  represents  the  usual  condition 
than  either  of  the  others.  Here  5a<^  1 80°  and  54<C90°. 
The  curves  of  figures  10  to  12  were  drawn  from  physical 
reasoning  but  are  fully  confirmed  by  the  computed 
curves  of  figures  2  to  4  and  7  and  8. 

Referring  to  the  curves  of  figures  2  to  9  one  sees 
that,  if  2  points  are  chosen  exactly  1  period  apart  when 
Ay  is  zero,  the  value  of  AH'  will  be  found  to  be  greater 
at  the  second  point  than  at  the  first  if  the  motion 
is  unstable,  to  be  unchanged  if  the  motion  is  neutrally 
stable,  and  to  be  less  if  the  motion  is  stable.  Similar 
observations  can  be  made  with  respect  to  the  val¬ 
ues  of  Ay  when  AY'  is  zero  and  to  the  values  of 


(I  Ad 

-ir  when  Ad  is  zero.  In  other  words,  when  neutral 
at  • 

stability  exists,  the  momentum  along  the  average 
flight  path  AV) ,  the  momentum  perpendicular 

to  the  average  flight  path  (mV sin  Ay),  and  the  angular 
momentum  are  each  the  same  at  the  end  of  a  period 
as  at  the  beginning.  If  instability  exists,  there  is 
more  momentum  at  the  end  of  the  period  for  each  of 
the  types  of  motion  than  at  the  beginning.  It  is 
therefore  desirable  to  consider  the  sequence  of  flight 
conditions  that  results  in  the  increase  or  decrease  of 
momentum  in  the  system. 

Consider  first  the  angular  motion.  Figure  13  is  an 
illustration  of  a  typical  set  of  variations  of  A  a,  Ay, 
and  Ad  when  is  zero.  At  the  beginning  of  the  half 

period  when  Ad  is  a  maximum,  Aq  ^or  A  is  zero  and 

the  angular  momentum  BAq  is  therefore  zero.  At 
the  end  of  the  half  period  A q  is  again  zero.  It  there¬ 
fore  follows  that  the  angular  momentum  introduced 
into  the  system  during  the  half  cycle  must  be  balanced 
by  the  momentum  removed  during  the  same  interval. 

At  each  instant  when  there  is  a  finite  value  of  A  a, 
there  is  a  pitching  moment  introduced  into  the  system 


equal  to 


A  1  T/2  qdCm 

Aa2pT  Sc~dY 


Since  a  moment  A1  applied 


during  a  time  t  introduces  angular  momentum  into  the 
system  equal  to  Aft 


rrik  2 


dd 
dt 


W 
-l 


1  dc 
A  a±pV2Sc^dt 

2  (la 

^  fin 

^  ± PV2Sc  ~^Aa0e*1  cos  (ft-Sjdt 

represents  the  angular  momentum  introduced  into  the 
system  during  one-half  cycle  (neglecting  the  effects  of 
terms  involving  the  products  of  two  small  quantities, 
as  has  been  done  throughout  the  discussion). 

Considering,  for  simplicity,  the  case  of  neutral 
stability 

/dd\  1  an 

mk'\dt)rL- 0  2p’l’2&_3vA“ocos  <lt 

1  dCm  “F<=7r 

2  p}~ScAa°~da. 

= - 7 - sin  (i/d— 54) 

y  _ ^<=0 

p V2ScAa0  sin  o, 

is  the  angular  momentum  introduced  into  the  system. 

The  rotational  velocity  causes  a  change  of  angle  of 
attack  at  the  tail  that  introduces  a  moment  tending  to 
oppose  the  rotation.  The  magnitude  of  this  change  is 


Aa 


.  dd  7dd 
jAq_dt_dt 


V 


V  V 


since 


(IS  dd 
dt  dt 


,dd 


1  fdCZlS\ldt  n 

The  moment  is  ~Ky,^p\  2S  lyfa~  ^ )  y  •  (Seep.  3.) 

The  angular  momentum  removed  from  the  system 
(f=0)  during  the  half  cycle  is 

dCZtS,\  .  _ 

-fa  £  J  sm  fdt 


m 


kK%)rSZ'-K'vvse 


I11  the  case  of  neutral  stability  the  momentum  intro¬ 
duced  must  equal  that  removed  and  therefore 


(in 

pV2ScAa0— sin  <54 

da 


fdCZtS\ 


* 


or 


pm  a  Aaa  .  n 

7'- A 


(41) 


From  figures  2,  3,  4,  7,  and  8  it  is  evident  that  as 

,  and  54  all  decrease.  The  first 


1  Aav 


—  pma  increases  , 

y  Ay0 

term  in  equation  (41)  may  therefore  either  increase 
or  decrease  with  increase  in  —pma;  hence  increasing 

—  pma  may  decrease  the  angular  momentum  added 
during  a  cycle.  What  happens  in  an  actual  case 
depends  on  the  magnitudes  of  the  quantities,  as  will  be 
brought  out  later  in  the  discussion. 
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Figure  10.— Variations  of  angle  of  attack,  angle  of  pitch,  and  angle  of  flight  path 
when  static  stability  is  zero.  Damping  coefficient  assumed  zero. 


Figure  12. — Variations  of  angle  of  attack,  angle  of  pitch,  and  angle  of  flight  path 
when  static  stability  is  great.  Damping  coefficient  assumed  zero. 
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7 r 
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Figure  n.  Variations  of  angle  of  attack,  angle  of  pitch,  and  angle  of  flight  path 
when  static  stability  is  small.  Damping  coefficient  assumed  zero. 


Figure  13.— Variations  of  angle  of  attack,  angle  of  flight  path,  rotational  velocity, 
and  angle  of  pitch  for  an  illustrative  case.  Damping  coefficient  assumed  zero. 


Figure  14.— Variations  of  angle  of  attack,  rate  of  change  of  angle  of  flight  path,  and 
angle  of  flight  path  for  an  illustrative  case.  Damping  coefficient  assumed  zero. 
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The  introduction  of  linear  momentum  along  and 
perpendicular  to  the  flight  path  might  lie  discussed  by 
considering  equations  (12a)  and  (12b)  separately  but 
the  analysis  may  be  simplified  by  combining  the  two 

dV' 

through  elimination  of  terms  involving  AV'  and  ^ -• 
The  relationship  established  is: 

/nr  2  A  o  n  dy  9  ‘/t  y 

—  Cr  Ay—3CDT-j-—2r 


( Cl>da  °Lda)Xa  T(la  dt 

Considering  the  case  of  zero  damping  during  the  in¬ 
terval  from  \pt=  0  to  \pt=T  it  is  obvious  from  figure  14 
that  the  integral  sum  of  terms  multiplied  by  Ay  or  by 

A2 7  ; 
dt2 

with  respect  to  the  zero  line.  The  equation  of  equality 
of  momentum  introduced  to  that  removed  becomes: 


dCL  n  dCD\  dCL  da 


I  is  zero  because  these  quantities  are  symmetrical 


r-3cA=  r* -(c^-cd^dt 

J  *t= o  at  J  *t= o  \  da  (la/ 


J 


dCL  da , 
tt=o  7  da  dt 


which  reduces  to 


-3C 


(CD 


y  dC± 

da 


q  dCD 


\ 

) 


da  J  Aao  •  .  .  (1C £,  A«o 


D " 


r 


sin  cos  5i  =  0 

Ay0  da  Ay0 

(42) 


The  growth  of  linear  momentum  therefore  depends 

upon  (V  -°^>  and  i p'  in  addition  to  the  parameters 
^7o 

CD,  Cl,  and  Since  is  normally  positive 

da  da  Ay0 

the  following  facts  appear:  CD  is  a  factor  serving 
always  to  remove  momentum  from  the  system; 

—  7  is  a  factor  adding  enere;v  to  the 

V  da  (la  J 

dC  dC 

system  when  CL  ~ i>CD— T as  is  normally  the  case 
da  da 

dC 

at  high  angles  of  attack;  and  adds  momentum  to 

da 

the  system  when  <C  90 0  and  removes  momentum 
when  <5i)>90o.  When  —  p.ma  is  zero,  5!=  180°  and  the 

/  J  q  \ 

factor  removing  energy  from  the  system  is  y3CD-\- 

as  was  shown  earlier  in  the  discussion.  As  —ixma  is 

increased,  8V~ — °,  and  all  decrease  (figs.  2,  3,  4,  7, 

Ayo  y 


dCn\  1  Aoio 

^7o 


sin<5 


and  8).  The  factor  ( 

\  da  (la 

reaches  its  maximum  at  some  point  between  5,  =  180° 

and  <5i  =  90°.  The  factor  y—  cos  changes  from 

(la  Ay0 

a  stabilizing  to  an  unstabilizing  influence  at  5,  =  90° 
and  reaches  a  maximum  as  an  unstabilizing  element 
between  5!  =  90°  and  <5i  —  0.  It  would  appear  at  first 


dC 

thought  that  the  effect  of  as  an  unstabilizing 

da 

factor  would  always  be  small  because  of  the  decrease  of 

with  increase  of  cos  5!  but  such  is  not  necessarily 
A70 

dC 

the  case  because  of  the  large  ratio  of  to  CD,  particu- 

da 

larly  at  low  angles  of  attack. 

There  is  an  interesting  point  in  connection  with  the 

factor  (c — CL that  appears  as  the  chief 

unstabilizing  element  at  small  values  of  —  p.ma.  If  the 
law  of  induced  drag  be  applied  to  determine  CD  and 

~~ ,  it  appears  that 

pdCL  rdCD\r  dC  dCL  p  dCDi 

c°da  CLda  )  CD*da+CDida  Cl  da 

2dCL  dCL 


fi  2yyp  ' 

_  p  dCL  .  L  da  __  p  L  da 
~tDPda+'  b2  L  b2 


7 r  * y 


Ts 


dCL  /  r  CL2 

—j — /  ^D. 

da 


V 

7T 


Sj 


d 


a 


D  , 


a 


Di 


Therefore  equation  (42)  may  be  rewritten  as 

‘iCD+dji  sin 8i+l’os s,]=0 


(43) 


It  appears  that  instability  of  the  linear  motion  for 
small  values  of  — y.ma  can  occur  only  at  angles  of 
attack  where  CD/>CDn.  The  detrimental  effect  of 
CDi  is  not  as  great  as  at  first  appears,  however,  be¬ 
cause  the  damping  factor  3  CD  increases  with  CDi  also. 

In  the  foregoing  analysis,  the  effect  of  has  been 
neglected  and  therefore  the  statements  made  cannot 
be  considered  rigorously  true  when  the  stability  or  in¬ 
stability  is  of  appreciable  magnitude.  The  analysis 
does,  however,  point  out  the  more  important  influences 
and  the  nature  of  the  interaction  of  events  that  brings 
them  into  play.  Equation  (43)  cannot  be  applied  near 

dCL 


dC 


2a 


the  stall  where  ceases  to  equal 


L  da 

w 

S 


7 r 


In  figures  2  to  14,  inclusive,  and  in  the  discussion  of 
the  oscillatory  motion  an  arbitrary  value  of  Ay0=l  has 
been  assumed.  No  attempt  will  be  made  to  evaluate 
Ay0  in  terms  of  control  movements  or  gust  velocities 
as  the  actual  magnitude  is  unimportant  with  respect 
to  stability  (assuming  that  the  deviations  are  not  so 
great  as  to  destroy  the  validity  of  the  basic  assump¬ 
tions).  It  seems  not  out  of  place,  however,  to  suggest 


that  relative  magnitudes  of  — 

A70 


A«o  Akp7  A9q 
A70  A70 


’  <5i,  <52,  etc., 


ANALYSIS  OF  LONGITUDINAL  STABILITY  IN  POWER-OFF  FLIGHT 


303 


may  have  important  bearing  upon  the  comfort,  ease  of 
handling,  and  design  load  factor  of  aircraft  and  that 
further  work  taking  these  factors  into  consideration 
might  lead  to  valuable  information. 

Charts  of  rotational  damping  factor  against  static 
stability  factor. — In  the  section  dealing  with  applica¬ 
tion  of  mathematical  formulas  a  convenient  graphical 
means  of  showing  the  variation  of  and  \p'  with  —  mQ 
and  — ixma  has  been  described.  This  method  of  pres¬ 
entation  was  given  by  Gates  (reference  5)  in  essen¬ 
tially  the  same  fashion  although  differing  in  detail. 
In  reference  5  preference  is  given  to  charts  with 
coordinates  of  tail  volume  and  fore-and-aft  location 
of  the  center  of  gravity.  Preference  has  been  given 
in  this  report  to  charts  with  coordinates  of  rotational 
damping  factor  and  static-stability  factor  because  they 
are  more  convenient  for  use  with  data  from  wind- 
tunnel  tests,  they  do  not  require  assumption  of  arbi¬ 
trary  fixed  values  for  several  important  factors,  and 
they  cover  a  much  wider  range  for  a  given  number  ol 
charts.  The  charts  are  entirely  nondimensional  and 


rin 

vary  only  with  CL,  CD, 


,  dCD 
and  -j — 
da 


Variation  of 


empirical  factors  such  as  the  K  in  —mQ,  rjt,  (see 


p.  17),  etc.,  affect  only  —  mQ  or  —nma,  as  the  case  may 
be,  and  their  effects  upon  the  stability  are  readily 
apparent. 

The  series  of  charts  presented  (figs.  15  to  54)  are 
intended  to  show  somewhat  more  precisely  and  com¬ 
pletely  than  has  been  done  in  the  preceding  discussion 


dC, 


dC, 


the  effects  of  the  parameters  CL,  CD,  and  - 

da  (la 


upon  dynamic  stability  and  to  provide  a  convenient 
graphical  means  by  which  the  designer  may  estimate 
the  probable  stability  characteristics  of  a  proposed 
airplane  and  the  effects  of  various  changes  without 
recourse  to  extensive  calculations.  The  charts  cover 
the  range  of  values  of  the  parameters  that  appear 
likely  to  be  attained  in  the  near  future.  The  values 
represented  are  summarized  in  table  I. 

Certain  general  characteristics  of  the  charts  are  im¬ 
mediately  apparentupon inspection.  As  —  n ma increases 
from  zero,  f '  at  first  becomes  more  positive  correspond¬ 
ing  to  a  decrease  in  dynamic  stability  but,  at  a  fairly 
small  value  of  —  n?na,  changes  its  trend  and  becomes  more 
negative.  This  tendency  is  general  throughout  all  the 
charts  and  is  apparent  whether  —  mg  is  large  or  small. 
It  will  be  remembered  that  such  an  effect  appeared 
probable  from  the  discussion  of  the  introduction  of 
angular  momentum  into  the  system  during  a  cycle 
by  —  ma.  As  pointed  out  at  that  stage  of  the  report, 

-A~°>  sin  <54,  and  \>  all  decrease  with  increase  of  —  urn  • 

the  charts  of  variation  of  the  stability  characteristics 
with  —  mq  and  —nma  show  definitely  that  the  decrease 
of  the  product  of  these  factors  is  much  more  than 
sufficient  to  nullify  the  increases  in  —  \ima  after  a 
certain  value  of  — \ima  has  been  exceeded.  Increase 


of  \f/' ,  hence  decrease  in  period  of  the  oscillations,  with 
increase  of  —ixma  occurs  at  practically  all  values  of 
— mq  and  —  nma. 

Increases  of  —  mQ  give,  in  general,  more  negative 
values  of  f'  and  consequently  more  rapid  dying  out  of 
the  oscillations.  At  large  values  of  —  j uma  increases 
in  —  mq  give  more  positive  values  of  but  this  effect 
is  not  of  practical  importance.  It  will  be  noticed  that 
at  fairly  large  values  of  —is?na  increasing  —  mq  has  but 
slight  effect  but  that  —  mq  becomes  of  increasing  im¬ 
portance  as  —jima  is  made  smaller.  Increasing  — m,Q 
decreases  \ p'  rather  gradually,  giving  oscillations  of 
longer  period.  It  appears  that  if  the  criterion  of  sta¬ 
bility  be  taken  as  the  number  of  oscillations  necessary 
for  the  amplitude  to  decrease  to  one-half  its  original 
value  then  the  value  of  —  m„  is  of  particular  importance. 

The  charts  of  figures  23,  27,  28,  and  29  show  that 
increasing  CL  without  changing  other  factors  increases 
cpiite  markedly  the  tendency  to  instability.  This  ob¬ 
servation  agrees  well  with  the  effect  to  be  expected 
from  increasing  CL  that  might  have  been  predicted  from 

the  part  played  by  CL  in  the  factor  ( 

\  da  J  da  / 

in  equation  (42). 

The  effect  of  increasing  CD  without  changing  other 
factors  appears  in  figures  29,  30,  and  31.  It  will  be 
seen  that  increasing  CD  reduces  the  range  of  instability 
and  brings  the  curves  of  £'=k  nearer  together  with  a 
very  large  net  increase  in  damping.  The  effect  upon 
\p'  is  negligible. 

The  slope  of  the  lift  curve  is  of  importance  although 
not  giving  such  extreme  effects  as  changes  in  CL  and  CD 
(figs.  34,  35,  and  36).  Here  again  the  effect  is  in  good 


dC 

agreement  with  equation  (42).  Increasing  tends 

to  extend  the  instability  region  to  greater  values  of 
—  ju ma  or,  in  other  words,  if  — /x rna  is  large,  8V  is  less  than 


90°  and 


becomes  a  definite  unstabilizing 


factor. 


At  small  values  of  —  ma, 


is 


a  stabilizing  factor, 


as  is  apparent  from  the  curves. 


•  dCL 
ncreasing  — 
da 


also 


tends  to  decrease  \j/'. 

Increasing  the  slope  of  the  drag  curve  is  distinctly 
unfavorable  to  stability  as  shown  in  figures  42,  44,  and 
45.  The  period  of  the  oscillation  is  but  slightly 
affected. 

Reference  to  charts  15,  21,  and  33  shows  that  the 
general  effect  of  increasing  angle  of  attack  is  to  in¬ 
crease  the  region  of  instability  but  to  decrease  the 
spread  between  curves  of  £'—k.  It  appears  that 
instability  of  the  oscillatory  motion  is  very  unlikely 
for  small  angles  of  attack  and  becomes  increasingly 
likely  with  increase  of  that  angle.  On  the  other  hand, 
if  —fima  and  —  mQ  remain  unchanged  throughout  the 
change  of  angle  of  attack,  the  value  of  may  become 
more  negative,  which  seems  to  be  directly  contra¬ 
dictory  to  the  preceding  statement.  The  explanation 
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lies  in  the  fact  that  at  small  angles  of  attack  changes 
of  —  p?na  and  —  mq  have  little  effect  upon  the  damping 
coefficient;  whereas  at  large  angles  of  attack  a  small 
change  in  —  pma  or  —  mg  may  change  the  damping 
coefficient  from  a  definite  negative  value  to  a  definite 
positive  value.  The  period  of  the  oscillation  decreases 
markedly  with  the  increase  of  angle  of  attack  but  the 
decrease  is  not  so  great  as  would  appear  to  he  the  case 
from  consideration  of  the  increase  in  \p' .  The  period 


in  seconds  is  proportional  to 


and  the  increase  in 


CL  is  sufficiently  great  partly  to  counteract  the  increase 
in  4/' ■ 

The  effects  of  various  physical  characteristics  of 
the  airplane  on  the  stability.  —In  the  preceding  dis¬ 
cussion  no  consideration  has  been  given  to  the  various 
dimensional  characteristics,  aerodynamic  interferences, 
etc.,  that  determine  the  values  of  the  fundamental 
parameters.  A  large  number  of  factors  affect  the 
stability  but  in  many  cases  the  effects  are  of  a  minor 
nature.  Only  the  more  important  ones  will  be  dis¬ 
cussed  in  the  following  paragraphs. 

The  wing  loading  appears  in  but  two  places  in  the 
analysis  of  stability  in  this  report.  The  nondimen- 
sional  relative-density  factor 


m 


M  = 


IF 

s 

32.2  pi 


(standard  conditions  at  sea  level) 


is  directly  proportional  to  wing  loading  and  the  factor 

IW~ 


m 

PS\ 


S 


a. 


9  9.9 


-is  proportional  to  the  square  root  of 


wing  loading.  Since  p  appears  only  as  the  coefficient 
of  —  ma  it  is  apparent  that  the  variation  of  the  non- 
dimensional  values  of  and  \pf  with  p  are  the  same  as 
for  variations  of  — pma.  It  therefore  appears  that, 
if  the  longitudinal  motion  of  an  airplane  with  respect 
to  the  air  is  to  be  unaffected,  an  increase  in  the  wing 
loading  of  a  given  design  must  be  accompanied  by  a 

dC 

proportional  decrease  in  provided  that  l,  c,  and 


kY  are  unchanged.  Aside  from  the  effect  upon  —pma 
the  wing  loading  affects  the  stability  characteristics 
through  the  time  factor  r,  which  appears  in  the  reduc¬ 
tion  of  the  nondimensional  units  and  \f/'  to  the  time 
to  damp  to  one-lialf  amplitude  and  to  the  period  of 
the  oscillation  in  seconds 


and 


r= -0.693 


2  7T 


p— rr  r 


IF 


If  — pm a  is  preserved  unchanged  as  is  increased, 


both  the  period  and  the  time  to  damp  are  increased 
but  the  number  of  oscillations  for  a  given  degree  of 
damping  is  unchanged.  The  effect  of  an  increase  of 
wing  loading  without  change  of  other  factors  is  there¬ 
fore  to  increase  both  xp'  and  r  with  the  net  effect,  in 
general,  of  increasing  the  period;  to  make  more 
negative  if  —  pma  is  large,  with  a  net  effect  upon  the 
time  to  damp  either  of  an  increase  or  of  a  decrease; 
and  to  make  less  negative  if  —pma  is  small,  resulting 
in  a  comparatively  large  net  increase  in  the  time  to 
damp  to  one-half  amplitude. 

The  aspect  ratio  of  the  wing  combination  affects  the 
stability  indirectly  through  its  effect  upon  the  para¬ 


meters 


dCD 

da’ 


and  CD  at  a  given  value  of  CL. 


dCr 

Increasing  the  aspect  ratio  increases  and  decreases 

da 


dC 

both  — and  CD.  Comparison  of  the  curves  of  figures 

36  and  39  corresponding  to  aspect  ratios  of  5  and  8, 
respectively,  shows  that  (neglecting  the  effect  due  to 


dC 

change  of  which  is  comparatively  small  and  will 

not  materially  affect  the  conclusions  to  be  drawn)  the 
net  effect  of  increasing  the  aspect  ratio  is  to  increase 

dC 

the  range  of  instability.  The  decrease  in  an 

da 


effect  favorable  to  stability,  is  less  important  than  the 
decrease  in  CD,  which  quite  markedly  tends  to  decrease 
the  stability. 

The  effect  of  parasite  drag  is  brought  out  quite 
clearly  in  figures  33,  36,  and  40.  (In  general,  increas¬ 
ing  the  parasite  drag  also  increases  the  slope  of  the 
drag  curve  and  this  fact  has  been  taken  into  account 
in  the  figures  by  using  the  method  of  reference  6.) 
It  is  apparent  that  the  drag  is  an  important  item  in 
determining  the  stability  characteristics  of  a  design 
and  that  the  “cleaner”  the  airplane  the  greater  the 
tendency  to  unstable  oscillations.  Increasing  the 
parasite  drag  results  in  a  decrease  in  the  unstabilizing 
factor  (CDi—CD  )  and  an  increase  in  the  stabilizing 
factor  3CD,  which  appears  in  equation  (42)  in  the 
discussion  of  the  growth  of  linear  momentum  during  a 
cycle.  It  appears  therefore  that  air  brakes  of  various 
kinds  may  be  expected  to  have  beneficial  effects  upon 
the  longitudinal  stability  provided  that  they  do  not 
introduce  undesirable  moments  or  interferences. 
Highly  efficient  designs  that  achieve  high  values  of 
CLmax  without  the  use  of  devices  introducing  parasite 
drag  may  be  expected  to  be  deficient  in  longitudinal 
damping. 

The  moment  of  inertia  of  the  airplane  about  the 
lateral  axis  appears  as  the  term  kY2  in  the  denominators 
of  the  expressions  for  -mq  and  -ma.  Increasing  kY 
decreases  both  -mQ  and  -pma  proportionally  with  a 
corresponding  increase  in  the  time  to  damp.  The 
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effect  may  be  readily  visualized  by  imagining  any 
point  -nma,  -mQ  upon  the  chart  moved  from  or 
toward  the  origin  along  a  radial  line  an  amount  such 
that  the  ratio  of  the  new  distance  to  the  origin  to  the 
original  distance  is  the  ratio  of  the  original  value  of 
kY2  to  the  new  value.  It  is  therefore  to  be  expected 
that  distribution  of  the  mass  of  an  airplane  along  its 
longitudinal  axis  may  lead  to  unstable  oscillations 
although  other  factors  such  as  length  and  size  of  tail, 
location  of  the  center  of  gravity,  etc.,  are  such  that 
ordinarily  the  damping  would  be  satisfactory.  The 
effect  upon  the  period  of  changing  kY2  is  not  great 
although  increasing  JeY2  will,  in  general,  lead  to  oscil¬ 
lations  of  shorter  period. 

The  location  of  the  center  of  gravity  affects  the 
longitudinal  stability  through  its  effect  upon  the 
dC 

term  appearing  in  the  expression  for  —  ma.  The 

pitching  moment  of  an  airplane  about  the  center  of 
gravity  may  he  expressed  as 


c.g . 


-  Czw{Cq—  Ca)  +  CXw—  +  C 


+  oil 


dCZtl  S_t 

dat  c  * S' 


Vt 


Differentiating  with  respect  to  angle  of  attack 


dC„ 


d 


a 


—dCz  dCx  ~ 

“(0,-0.)  +  -^ 


dC7l 


d 


a 


\a 


d 


a 


datdCZt  l  St 

da  dat  cSVt 


or,  for  practical  purposes, 

(jn  fin 
da  ~  da  Ca) 


dCx, 


dC  r 


da 

da,dCZtlS1 

,  CaS 


da 


+  ”  +  da 


where 

Cg,  ratio  of  distance  of  c.  g.  from  the  leading  edge 
of  the  wing  to  the  wing  chord. 

Ca,  ratio  of  the  distance  of  the  aerodynamic  center  of 
the  wing  from  the  leading  edge  of  the  wing  to 
the  wing  chord. 

CZyj,  normal-force  coefficient  of  wing. 

CXw,  longitudinal-force  coefficient  of  wing. 
z,  distance  of  mean  wing  chord  below  c.  g. 

Cmp,  parasite  pitching-moment  coefficient  of  fuselage 
and  landing  vear. 

(I  (X  • 

i  1 ,  ratio  of  change  of  angle  of  attack  at  the  tail  to 
cln  nge  of  angle  of  attack  at  the  wing,  an  em¬ 
pirical  factor  depending  upon  downwash  (refer¬ 
ence  7). 
dC 

Since  is  positive,  increasing  Cg  by  moving  the 

dC 

center  of  gravity  toward  the  rear  tends  to  make 

less  negative  and  to  decrease  —g ma.  The  effect  of 


longitudinal  center-of-gravity  location  upon  the  sta¬ 
bility  characteristics  thus  follows  from  the  preceding 
discussion  of  the  effect  of  changes  in  —gma.  The 
location  of  the  aerodynamic  center  of  the  wing,  de¬ 
fined  by  Ca,  affects  the  stability  in  the  same  manner 
as  the  location  of  the  center  of  gravity  but  with  the 
opposite  sign.  The  value  of  Ca  given  by  w'ing  theory 
is  0.25  (reference  8).  Wind-tunnel  data  indicate  the 
actual  values  to  range  from  0.23  to  0.25  for  conven¬ 
tional  airfoils  (reference  9). 

The  vertical  location  of  the  center  of  gravity  with 
respect  to  the  mean  aerodynamic  wing  chord  is  not 
unimportant  in  many  cases  and  should  be  considered 
particularly  in  high-wing  or  low-wring  monoplanes. 

c.  dCXw .  g 

since  is  positive,  positive  values  of  —  (as  in  the 

dC 

case  of  a  low- wing  monoplane)  make  less  negative 

and  may  cause  an  unstable  divergence  (static  insta¬ 
bility)  in  cases  that  would  be  considered  stable  on  the 
basis  of  calculations  involving  only  Cg.  The  value  of 
dCXm  . 

is  derived  as  follows: 


da 


CXw^=  —  CDw  cos  a+0L  sin  a 


dCXl 

da 


=  a 


dC, 


n, 


d 


a 


dCL 


cos  «+(  £/>»+  fia 


Sill  a 


i  n  i  dCDw 
where  CD,n  and  — r— 
w  da 

dCL 


with  Cl=IA, 


are  for  the  wing  alone. 


b2 


For  a  case 


da 


4,  £^=0.01,  £=6,  a=  15° 


S' 


dC 


dw  2  X  1.4X4 


da 


67rJ 


=  0.60 


dCx, 


da 


(0.8X0.966)  +  (4.1 1X0.259) 
0.77+1.06=1.83 


Assuming  the  case  of  a  low-wing  monoplane  with 

0.25  and  (+=0.30,  it  will  be  found  that  the  stability 
will  be  the  same  as  though 

-=0  and  <+=0.30  +  f™-X0.25'N)  =0.41. 


The  example  represents  perhaps  an  extreme  case  but 
illustrates  the  desirability  of  investigating  the  effect  of 
vertical  center-of-gravity  location. 

The  value  of  the  slope  of  the  curve  of  parasite 
pitching-moment  coefficient  against  angle  of  attack 
may  be  determined  with  reasonable  accuracy  only  by 
careful  testing  of  a  scale  model  or  the  complete  air¬ 
plane.  For  a  number  of  designs  of  military  airplanes 
for  which  sample  computations  were  made  and  com- 

dC  dC 

pared  with  measured  values  of  — Z+JL-  values  of  — _? 

da  da 

were  found  to  range  from  0  to  0.4,  with  an  average 
value  of  0.2,  at  angles  of  attack  corresponding  to 


cruising  and  high  speeds. 


dC 

The  value  of  — became 
da 
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less  positive  as  the  angle  of  attack  was  increased  in  all 
cases  where  it  was  of  appreciable  magnitude  but  in 
no  case  became  negative.  It  therefore  appears  that 
the  parasite  pitching  moment  will  be,  in  general,  such 
as  to  decrease  — pma  with  corresponding  effects  upon 
the  stability  characteristics. 

The  tail  length,  size,  and  aspect  ratio  are  very 
important  factors  in  the  stability  characteristics.  Tail 
length  appears  both  in  —  mq  and  in  —  p ma.  It  will  he 
remembered  that 


i2  s,  da 


in 


Kvt2ky 2  8  dat 

m  Ic  r dCL 
^Wa~~PSl  2k?' 
da  i  dCZf  $t  l 

da  i  8  C 


da 


dCx  z  ,  dC« 


a  a 


0 


d 


a 


d 


a 


Increasing  /  has  a  very  beneficial  effect  upon  the  factor 
-mQ,  which  is  proportional  to  the  square  of  l.  In 
an  actual  case  increasing  l  will  also  increase  kY,  and 
perhaps  in  some  cases  rjh  so  that  the  net  increase  in 
- m u  will  only  approximate  that  indicated  by  consider¬ 
ing  only  the  square  of  the  tail  length.  Increasing  l 
makes  —  pma  larger  because  of  the  increase  in  moment 
arm  of  the  tail.  There  are  also  secondary  effects  because 
da 

l  affects  rjt,  and  kY.  The  net  effect  of  small  in¬ 
creases  in  tail  length  can  only  be  predicted  from  con¬ 
sideration  of  the  particular  design.  There  is  a  small 
range  of  conditions,  corresponding  to  small  values  of 
-yma,  in  which  increasing  l  increases  the  time  to  damp 
because  the  effect  upon  —  p ma  is  of  more  importance 
than  the  increase  in  —  mQ.  Large  increases  in  l  will 
always  increase  the  period  and  decrease  the  time  to 
damp. 

It  has  been  mentioned  that  l  affects  rjt  and  -j— 

da 

The  effect  upon  ru  is  small  and  may  be  neglected. 


Increasing  tail  length  increases 


da, 

da 


The  angle  of 


attack  at  the  tail  may  be  expressed  as 

at=a-\-it  —  e 

where  it  is  the  incidence  of  the  tail  referred  to  the  wim 
chord. 

The  downwash  may  be  expressed  as 
60 


R 


(x+l)-°-zs(y+l)-°-2ZCL  (reference  10) 


where  R  is  the  equivalent  monoplane  aspect  ratio  of 
the  wing  combination  and  x  and  y  are  the  distances  of 
the  tail  plane  behind  and  above  or  below  the  trailing 
edge  of  the  wing  in  chord  lengths.  The  value  e  there¬ 
fore  decreases  exponentially  with  tail  length  and  hence 


da. 


d 


a 


1  — 


d e 
da 


=  1  -K^ 

da 

becomes  greater  with  increase  of  l. 


Static  stability  factor ,  Tnu 


C'z.=0  20 


d  CL 

da 


U.00  Co  =  0.023 

FIGURE  15. 


dCn_ 

da 
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dCL 

da 


=  3.00 


Cd  =  0.043 


^  =  0.10 
da 


Cl  =  0.20 


FIGURE  16. 


Rotational  domping  factor,  -  m  Rotational  damping  factor. 
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FIGURE  17. 


Static  stability  factor,  - pmu 
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FIGURE  18. 


Figures  15  to  20.— Dynamic  stability  charts. 


FIGURE  20. 


Rotational  d  am  ping  factor,  —  m  Rotational  damping  factor , 
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Static  stability  factor,  —pma 
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FIGURE  22. 
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FIGURE  23. 


Static  stability  factor,  -pma 


Cl=0.80 


dCi. 

da 


=  3.00 


Cd=0.072 


dCn 

da 


=0.24 


FIGURE  24. 
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Static  stability  factor,  - u ma 
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FIGURE  26. 


'  =  0.65 


Figures  21  to  26. — Dynamic  stability  charts 


Rofaiiona/  damping  factor,  —  R o  fat  ion  at  damping  fac  for , 
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FIGURE  27. 
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FIGURE  29. 
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Figures  27  to  32. — Dynamic  stability  charts. 
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FIGURE  36. 

Figures  33  to  38. — Dynamic  stability  charts. 
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Figures  39  to  44.— Dynamic  stability  charts. 
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Figures  45  to  50. — Dynamic  stability  charts. 
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Figures  51 


to  54.— Dynamic  stability  charts. 
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The  size  of  the  tail  appears  in  the  ratio  SJS  occurring 
in  the  expressions  for  — mQ  or-  ma.  Increasing  SJS 
increases  both  — mQ  and  —/jma.  In  the  case  of  —mQ 
the  increase  is  proportional  to  SJS  but  in  the  case 
of  -juTOa  the  increase  is  more  than  proportional  to 
the  increase  in  St/S  because  — nma  would  normally  be 
negative  were  SJS  equal  to  zero.  Increasing  tail  size 
may  be  expected  to  have  a  net  effect  somewhat  less 
beneficial  than  increasing  l  unless  the  airplane  already 
has  a  large  value  of  — /j.rna. 

The  aspect  ratio  of  the  tail  surfaces  affects  the 

....  dC7  .  dCz 

stability  through  — 7— •  Increases  m— 7 — have  the  same 

dat  dat 

effect  as  increases  in  SJS  and  need  no  further  discus¬ 
sion.  It  will  be  noticed  that  if  SJS  is  increased  by 

dCz 

increasing  the  chord,  —j — -  will  be  decreased  so  that  the 

dat 

net  effect  will  be  less  than  would  be  expected  on  the 
basis  of  tail  size  alone. 

The  tail  efficiency  factor  7 p  affects  the  stability 
characteristics  in  the  same  manner  as  the  ratio  SJS. 
Tail  efficiency  depends  upon  the  interference  effects  of 
the  wings,  landing  gear,  and  fuselage  upon  the  tail 
plane.  Warner  states  (reference  11)  that,  in  general, 
tail  efficiency  has  been  found  to  range  from  0.6  to  0.8 
with  extreme  values  as  low  as  0.54  and  as  high  as  1.2. 
Computations  made  by  the  author  for  a  number  of 
military  airplanes  indicate  that  for  modern  designs  the 
tail  efficiency  factor  will  be  of  the  order  of  0.75  to  0.8. 

The  series  of  charts  of  stability  characteristics  against 

—  m9  and  — nma  has  been  extended  to  include  the 
range  of  high-lift  devices  known  at  the  present  time 
(figs.  41  to  54).  The  charts  bear  no  evidence  of  in¬ 
creased  difficulty  with  longitudinal  stability  by  the 
use  of  these  devices.  Devices  which  increase  the 
parasite  drag  as  well  as  the  maximum  lift  coefficient 
are  more  desirable  than  those  which  merely  serve  to 
maintain  the  flow  to  high  angles  of  attack.  It  will 
be  noticed,  however,  that  in  order  to  use  the  charts 
with  variable-area  lifting  surfaces  the  true  area  of  the 
extended  wing  must  be  used  in  order  to  come  within 
the  range  of  parameters  given.  When  the  true  area 
is  used,  SJS  and  y  will  have  been  decreased  and  the 
quantity  c{Cg—Ca)  changed.  The  effective  value  of 

—  m  Q  is  thereby  decreased  as  compared  with  the  wing 
with  lifting  surfaces  contracted;  whereas  the  value  of 

—  :xma  may  be  either  decreased  or  increased,  depending 
upon  the  relative  values  of  the  quantities.  The  fact 
that  an  airplane  has  good  stability  characteristics 
with  conventional  surfaces  is  therefore  no  assurance 
that  trouble  will  not  be  experienced  when  high-lift 
devices,  particularly  those  increasing  the  wing  area, 
are  added.  In  connection  with  calculations  of  stability 
with  high-lift  devices  it  should  be  noted  that  in  cases 
of  such  devices  as  split  flaps,  variable-area  wings,  etc., 
which  greatly  increase  the  camber  of  the  wings,  par¬ 
ticular  attention  should  be  paid  to  reductions  in  tail 
efficiency  ru  which  may  occur  in  some  instances 


because  of  the  change  of  effective  location  of  the  tail 
surfaces  relative  to  the  wing  chord.  (See  also  refer¬ 
ence  12.) 

The  analysis  and  discussion  have  been  confined  to 
consideration  of  only  the  long-period  oscillations  or 
the  divergence  of  an  airplane  as  a  rigid  body.  The 
effects  of  such  physical  characteristics  as  wing  or 
tail-supporting  structure  elasticity  or  of  free  longitudi¬ 
nal  controls  are  not,  however,  unimportant.  No 
attempt  will  be  made  to  analyze  these  effects  mathe¬ 
matically  but  they  will  be  briefly  discussed  in  connec¬ 
tion  with  the  basic  relationships  brought  out  in  the 
foregoing  portions  of  the  report. 

The  effects  of  wing  elasticity  have  been  treated  mathe¬ 
matically  in  reference  13.  Although  these  effects  are 
normally  not  important  they  may  in  some  cases, 
particularly  in  view  of  the  high  speeds  being  obtained 
with  modern  aircraft,  be  sufficient  to  change  a  nor¬ 
mally  positive  value  of  —  yma  to  a  negative  value  with 
possibly  serious  tendencies  to  divergence.  The  obvi¬ 
ous  means  of  guarding  against  such  possibilities  are 
to  make  the  wings  rigid  in  torsion  and  to  use  airfoil 
sections  having  positive  or  zero  values  of  Cmo_ 

The  effect  of  elasticity  of  the  tail-supporting  struc¬ 
ture  is  primarily  of  importance  in  connection  with  the 
phenomena  of  buffeting  and  tail  flutter  and  needs  no 
consideration  here  other  than  to  call  attention  to  the 
possibility  of  resonance  between  the  natural  frequency 
of  oscillation  of  the  tail  structure  and  the  short-period 
oscillations  of  the  airplane,  which  are  normally  very 
heavily  damped.  The  results  of  such  resonance  would 
probably  be  structural  failure  and  would  not  receive 
practical  classification  as  instability. 

The  effect  of  freedom  of  the  longitudinal  controls 
has  been  treated  mathematically  in  reference  14.  The 
mathematical  analysis  introduces  several  new  factors 
into  an  already  complex  problem  and  it  seems  likely 
that  no  designer  would  attempt  to  predict  the  stability 
with  free  controls.  From  a  practical  standpoint  it  is 
obvious  that  if  the  control  surfaces  do  not  deflect 
appreciably  as  the  airplane  follows  the  sinusoidal  vari¬ 
ation  of  angle  of  attack,  etc.,  the  stability  will  be  the 
same  with  free  controls  as  with  fixed  controls. 

The  influences  that  cause  the  control  surfaces  to 
deflect  are  the  aerodynamic  hinge  moment  caused  by 
change  of  angle  of  attack  of  the  tail  and  air  speed;  the 
inertia  moment  that  tends  to  keep  the  surfaces  from 
following  the  changes  of  attitude  of  the  airplane;  and 
the  mass  moment,  in  the  case  of  statically  unbalanced 
controls,  that  tends  to  deflect  the  elevator  under  the 
influence  of  gravity  and  accelerations  of  the  tail  plane 
is  accelerated  normal  to  the  longitudinal  axis.  The 
aerodynamic  hinge  moment,  which  is  normally  of  such 


sign  as  to  decrease  and  hence  both  —m9  and  — 


may  be  kept  small  by  aerodynamic  balance  of  the 
elevator  surfaces.  The  inertia  moment  is  small  and 


ANALYSIS  OF  LONGITUDINAL  STABILITY  IN  POWER-OFF  FLIGHT 


315 


may  be  neglected,  as  in  reference  14.  The  mass 
moment  may  be  kept  small  by  statically  balancing 
the  elevator. 

It  follows  from  the  foregoing  discussion  that  sta¬ 
bility  with  free  controls  can  be  insured  by  providing 
ample  stability  with  fixed  controls  and  then  aero- 
dynamically  and  statically  balancing  the  elevator  sur¬ 
faces  or  making  the  control  irreversible.  It  is  generally 
not  desirable  to  attain  complete  aerodynamic  balance, 
but  the  difference  between  the  stability  with  free  con¬ 
trols  and  that  with  fixed  controls  can  be  made  small 
without  complete  aerodynamic  balance  or  without 
making  the  controls  completely  irreversible. 

CONCLUSIONS 

1.  It  is  believed  that  for  the  average  student  of  the 
subject  this  substitute  treatment  of  the  derivation  of 
the  relationships  governing  longitudinal  stability  will 
be  more  understandable  than  the  classical  treatment. 

2.  Increase  in  the  amplitude  of  longitudinal  oscilla¬ 
tions  with  time  is  possible  only  when  the  change  in 
angle  of  attack  lags  the  change  in  flight-path  angle. 
The  lag  of  the  angle  of  attack  with  respect  to  the 
flight-path  angle  depends  primarily  upon  the  static- 
stability  factor  —fxma. 

3.  The  nondimensional  parameter  —  j uma  not  only 
plays  the  most  important  part  in  determining  the  lag 
of  the  angle  of  attack  with  respect  to  the  flight-path 
angle  but  also  is  the  only  source  of  unstabilizing 
angular  momentum  with  power  off.  Increasing  the 
value  of  —  / xma ,  i.  e.,  increasing  the  static  stability, 
will  increase  the  tendency  to  instability  if  the  original 
value  of  —  yu rna  is  small.  After  a  certain  value  of 
—\xma  is  reached,  further  increases  in  the  negative 
sense  will  reduce  the  tendency  to  instability. 

4.  The  effect  of  the  vertical  location  of  the  wing 
relative  to  the  center  of  gravity  should  not  be  neglected 
in  calculating  the  static  stability. 

5.  Aerodynamically  efficient  airplanes  are  more 
likely  to  be  dynamically  unstable  than  less  efficient 
types. 

6.  Increasing  the  wing  loading  will  increase  the 
period  of  the  oscillations  but  will  not  necessarily  make 
the  airplane  either  more  or  less  stable. 

7.  High-lift  devices  that  depend  partly  upon  in¬ 
creases  in  wing  area  may  lead  to  instability  if  the  size 
and  disposition  of  the  tail  surfaces  are  determined  on 
the  basis  of  the  contracted  wing. 

8.  There  is  no  likelihood  of  dynamic  instability  at 
the  angle  of  attack  corresponding  to  maximum  or 
cruising  speeds.  The  damping  of  the  oscillations  may 
be  more  or  less  pronounced  at  low  speeds  than  at  high 
speeds.  There  is  likelihood  of  dynamic  instability  at 
low  speeds. 

9.  Stability  with  free  controls  can  be  brought  close 
to  that  with  fixed  controls  by  aerodynamically  and 
statically  balancing  the  elevators. 


II.  ESTIMATION  OF  STABILITY 

METHOD 


The  charts  included  in  this  report  (figs.  15  to  54) 
provide  an  easy  method  of  estimating  the  dynamic 
stability  of  airplanes.  In  order  to  use  the  charts  it  is 
necessary  to  know  the  values  of  the  nondimensional 

parameters  CL,  CD,  and  —fjma  for  the 

da  da 

airplane  at  the  speed  under  consideration.  Knowing 
the  parameters,  turn  to  the  charts  and  select  those  for 

which  CL,  CD,  and  most  nearly  represent  the 
da  da 

case  under  consideration.  Spot  the  particular  point 
representing  —mq  and  —nma  upon  the  charts.  Hough 
interpolations  between  the  values  of  and  \ p'  so  in¬ 
dicated  will,  in  general,  provide  a  sufficiently  accurate 
estimation  of  the  stability  characteristics  of  the  design. 
The  time  to  damp  to  one-half  amplitude,  in  seconds, 
is 

lw~ 

rp  -0.313V  S  L 
and  the  period  in  seconds  is 

/H- 

p  2.83 \  S  L 

r 


The  number  of  oscillations  for  the  amplitude  to  die  to 

r  \i r 

one-half  the  original  value  will  be  p—~ 


DETERMINATION  OF  NONDIMENSIONAL 
PARAMETERS 

The  nondimensional  parameters  should  be  taken 
from  available  flight  or  wind-tunnel  data  if  possible. 
If  such  data  cannot  be  obtained  they  may  be  calculated 
by  methods  outlined  in  the  following  paragraphs. 

Lift  coefficient  CL. — The  lift  coefficient  CL  follows 
directly  from  the  wing  loading  and  the  speed.  In  gen¬ 
eral,  it  is  desirable  to  choose  CL  as  0.20,  0.80,  1.40, 
1.90,  or  2.40  to  facilitate  use  of  the  charts.  For  air¬ 
planes  with  variable-area  wings  the  wing  area  in  use 
under  the  flight  condition  should  be  used  as  the  basis 
of  calculations. 

Drag  coefficient  CD. — The  drag  coefficient  CD  may 
be  estimated  from  the  relationship 


C 


D 


=c 


Dp 


T 


7 r 


c, 2 

(My 

s  ( 


(see  reference  0) 


where  CDp  is  the  parasite-drag  coefficient, 


the  equivalent 


monoplane 


aspect  ratio 


(reference  7  gives  k  in  convenient  form). 
e,  an  airplane  efficiency  factor  ranging  from  1 
for  very  clean  designs  to  0.7  for  very 
inefficient  designs  (reference  G). 
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Slope  of  lift  curve 

dCL 


-The  slope  of  the  lift 


curve  may  be  taken  as  4  (all  values  of  angles  are 

in  radian  measure)  at  low  and  intermediate  angles  of 
attack  and  as  3  near  the  stall  if  the  values  of  the  other 
parameters  are  based  on  the  true  wing  area  and  the 
airplane  is  a  conventional  type.  It  should  be  noted 
that  in  cases  of  extremely  high  or  extremely  low  aspect 
dC 

ratios  for  which  differs  considerably  from  4  the 

wing  area  may  be  considered  such  as  to  make 

f^J=4  if  CL,  Cd,  and  ~r^ ’  ~rnQ,  p,  and  —  ma  are 
da  da 

each  multiplied  by  the  ratio  of  4  to  the  actual  value  of 

dC^ 

da 


for  reference  to  the  charts.  In  such  a  case  the 


ratio  must  not  be  neglected  in  the  conversion  to  time 
in  seconds. 

dC 

Slope  of  the  drag  curve  — The  slope  of  the 

drag  curve  may  be  estimated  from  the  relationship 


dC, 


D 


9  rdp_L 
da 


d 


a 


7 r- 


dCL 


The  value  of  here  used  may  be  taken  as  4  through- 


dCD 


dCL 


out  the  flight  range  as  does  not  fall  off  with 
near  the  stall. 

Rotational  damping  factor  —  mt. — This  parameter 
will,  in  general,  have  to  be  estimated  although  it  may 
be  determined  from  tests  of  an  oscillating  model,  or 
from  tests  on  a  whirling  arm  (reference  15).  For 
purposes  of  estimation  the  equation 

„  P  S,  dCL, 

2k y2  S  da, 

where  K  is  taken  as  1.25  will  generally  be  sufficiently 
accurate.  The  tail  efficiency  rjt  may  be  taken  as  0.75 
or  0.80  for  modern  designs.  The  distance  from  the 
center  of  gravity  to  the  elevator  quarter-chord  point 
l,  the  ratio  of  tail-plane  area  to  wing  area  St/S,  and 
the  radius  of  gyration  of  the  airplane  about  the  span 
axis  kY  are  dimensional  characteristics  of  the  airplane. 
The  radius  of  gyration  may  be  found  from  the  rela¬ 
tionship 

' "  9 


k 


iBg 

Ytf 


where 

B  is  the  moment  of  inertia  about  the  span  axis. 
g,  the  acceleration  of  gravity. 

W,  weight  of  the  airplane, 
or  estimated  from  the  relationship 


ky  —  V  CB  (l  j  ■ 2  -j-  h  “) 


where 

CB  is  an  empirical  constant. 
lu  over-all  length  of  the  airplane. 
h,  over-all  height  of  the  airplane. 

From  11  airplanes  for  which  CB  was  determined 
(reference  16) 

0.0325^  CBtk  0.0394  with  the  average  value  0.0362. 

In  the  absence  of  test  data  the  slope  of  the  lift 
curve  for  the  tail  may  be  taken  as 
dCL,  5  5 

-t — = — '-fr-  (reference  17) 

dat  1 4-  — 

St 

Static  stability  factor  —  p?na. — The  static  stability 
factor  is 

If  Ic  dCmc.g. 


nma=  — 


SPX32.2Xl  2k r2  d 


a 


or 


6.5^c  dCmc  g 


(standard  conditions) 


kY~  da 

where  c  is  the  chord  length  upon  which  Cm  is  based. 
Various  methods  have  been  proposed  for  estimating 

dCr,.  „  „ 

The  author  prefers  the  relationship 


lc  .g . 


d 


a 


dC m  dCL  dCx  z  dCmv  l  S,  dCL,  da, 

da  da  ,J  a  da  C  da  ^ 1  c  S  dat  da 

where 

Cg  is  the  distance  of  the  center  of  gravity  of  the 
airplane  from  the  leading  edge  of  the  reference 
chord  in  chord  lengths. 

Ca,  the  distance  of  the  aerodynamic  center  of  the 
wings  (reference  8)  from  the  leading  edge  of 
the  reference  chord  in  chord  lengths. 

dCXw 

-  ’  the  slope  of  the  curve  of  longitudinal  force  co¬ 

efficient  for  the  wings  alone  against  angle  of 


attack  and  is 


(  C 

d^Dw\ 

da 

~\L 

da  ) 

where 

dCDw 

and  CD 

da 

alone. 

dCr 


"Dw+  da 


sin  a 


—■ »  the  distance  of  the  reference  chord  below  the 

c 

center  of  gravity  in  chord  lengths. 

dCm  ... 

-  y  the  slope  of  parasite  pitching  moment  due  to 

fuselage,  engine  nacelles,  landing  gear,  etc., 
against  angle  of  attack. 

the  rate  of  change  of  the  angle  of  attack  at  the 

tail  with  change  of  angle  of  attack  of  the  air¬ 
plane  and  is 

(~—  l  —  (-.e  where  e  is  the  angle  of  downwash  at  the  tail. 

d  a  da 
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The  value  of  Ca  varies  from  0.23  to  0.25  referred 
to  the  mean  aerodynamic  chord  of  conventional  air- 

dCm 

foils  (reference  9).  The  value  of  ~3a  “ay  be  6Sti- 

mated  if  the  designer  so  desires.  The  author  has 
found  the  value  to  vary  from  0  to  0.4  for  a  few  military 
airplanes  at  low  angles  of  attack  with  the  average 

d,Cm 

value  about  0.2.  The  value  of  v  was  found,  for 

(la 

the  cases  considered,  to  fall  off  to  approximately  zero 
at  high  angles  of  attack. 

The  rate  of  change  of  downwash  angle  at  the  tail 
with  change  of  angle  of  attack  may  be  estimated  from 
the  relationship 

ji=MvAx+1)~°'M(y+ir°'aifc (reference  10) 

s 


is  in  radian  measure 


where 

da 7 

da 

x,  the  distance  of  the  tail  plane  to  the  rear  of  the 

trailing  edge  of  the  wing  in  chord  lengths. 

y,  the  distance  of  the  tail  plane  above  or  below 

the  trailing  edge  of  the  wing  in  chord  lengths. 

tp  .1  n  n  _  de  0.65  dCL 

for  the  average  case  y—0,  x=2.5,  =  =,-,-. -r-^ 

&  d  ’  ’da  (kb)2  da 


S 


EXAMPLES 

AIRPLANE  A 


67=0.80 


07=0.080 


da 

dCD 


da 


L  3.95 
0.39 


(Taken  from  full-scale  flight  data.) 

—mQ= 2.6  — yma=  16.5 

(Estimated.) 

From  figure  23  £*'=  —  0.044  ^'=0.48 

From  figure  25  £*'  =  —  0.035  ^'=0.48 

From  interpolation  between  the  figures  on  the  basis 
of  CD,  £*'=  —  0.039  and  \F=0.48.  From  interpolation 

jn 

between  the  figures  on  the  basis  of  — £*'=  —  0.038 
e  da 

and  ^'  =  0.48.  From  full-scale  unpublished  flight  tests 
of  this  airplane  £*'=  —  0.041  and  \f/'=0.72. 


AIRPLANE  B 


67=0.80 

67=0.076 


da 


x=3.60 
D  0.42 


■m, 


1.5 


da 

dC 

da 
nma= 9 


(Taken  from  full-scale  flight  data.) 

From  figure  23  £*'  =  —  0.034  ^'=0.49 

From  figure  24  £*'  =  —  0.030  ^'=0.50 

From  figure  25  £*'=—0.025  ^'=0.48 

From  interpolation  between  figures  23  and  24  on  the 
basis  of  CD,  £*'  =  —  0.031  and  ^'=0.50.  From  inter¬ 
polation  between  figures  23  and  24  on  the  basis  of 
dC 

6  = -0.033  and  \f/'=0A9.  From  interpolation 

dC 

between  figures  24  and  25  on  the  basis  of  -77 

da 

£*'=  —0.027  and  *'=0.49. 

From  full-scale  flight  tests  of  this  airplane  (refer¬ 
ence  2)  £-'  =  —  0.038  and  ^'=0.55. 


AIRPLANE  C 


67=0.80 


O„=0.094 


—  raff=2.3 


—^=4.00 
da 


dCD 


=0.51 


da 

—  yma= 4.8 


(Estimated  data.) 

From  figure  23,  £*'  =  —0.034  and  \C=0.4. 

No  interpolation  is  necessary.  From  extrapolation  of 
full-scale  unpublished  flight  data  £*'=  —  0.030  and  t p'  = 
0.72. 

AIRPLANE  D 

dCL 


07= 0.80 
Oo=0.12 


— m9= 1.76 


da 

dCD 


=4.00 


=  0.54 


da 

—  pm  a =3.- 40 


(Estimated  data.) 

From  figure  26,  £*'=  —  0.03  to  —0.04  and  <//  =  0.39. 
From  full-scale  unpublished  data  £*'  =  —  0.035  and  \p'  = 
0.53. 

Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  December  13,  1934 


APPENDIX 


RECAPITULATION  OF  SYMBOLS 


A,' 

B: 

C, 

D, 

E, 


coefficients  of  stability  quartic. 


| coefficients  of  stability  quadratic. 

H(c°d£-c^+c°) 

.‘V- 

/—  In  2 

c,  base  of  natural  logarithms. 
e,  airplane  efficiency  factor  such  that  CDi= — jjyKv2 


Eir 


c_i_ 

(kby 

s 


CR,  coefficient  of  resultant  force. 

Cz,  coefficient  of  force  normal  to  the  wing  chord, 
positive  downward. 

Cx,  coefficient  of  force  parallel  to  the  wing  chord, 
positive  forward. 

Ca,  coefficient  of  aerodynamic  center  (ratio  of  dis¬ 
tance  of  aerodynamic  center  from  leading  edge 
to  chord  length). 

Cg,  coefficient  of  center  of  gravity  (ratio  of  distance 
of  center  of  gravity  from  leading  edge  to  chord 
length). 

Cm  ,  coefficient  of  pitching  moment  other  than  that 
from  wings  and  horizontal  tail  surfaces. 

Cm0,  coefficient  of  pitching  moment  of  wing  at  zero 
lift. 

Cm<.  ,  coefficient  of  pitching  moment  with  respect  to 
center  of  gravity. 

p  _  kY2  coefficient  of  radius  of  gyration  about 

B  il\  Eh2)’  lateral  axis. 

/ 1,  over-all  length  of  airplane. 

h,  over-all  height  of  airplane. 

I,  distance  from  center  of  gravity  to  quarter-chord 
point  of  horizontal  tail  surfaces. 

i=  V~  1 

K,  empirical  factor  by  which  computed  value  of 
rotational  damping  factor  of  tail  is  multiplied 
to  give  total  rotational  damping  factor. 

k,  empirical  factor  for  conversion  of  biplane  span 
to  equivalent  monoplane  span. 

3IS 


—  pm«=  — 


771 


Ic  dC  r 


pSl  2k y 2  da 

l 2  St  dCLt 

—mQ=K  tj  i 


c'°'i  static-stability  factor. 

OJ  2  0  ,  ,  rotational  damping  factor. 

2ky  o  dat 

O,  subscript  denoting  that  the  value  of  the  symbol 

refers  to  zero  time. 

P' ,  period  of  an  oscillation,  nondimensional  units. 

P,  period  of  an  oscillation,  seconds. 

T'}  time  for  an  oscillation  to  decrease  to  one-lialf 
amplitude,  nondimensional  units. 

T,  time  for  an  oscillation  to  decrease  to  one-half 
amplitude,  seconds. 

t,  subscript  denoting  that  the  symbol  refers  to  the 
horizontal  tail  surfaces. 

Alr/,  ratio  of  AV  to  V. 

w,  subscript  denoting  that  the  symbol  refers  to  the 

wing  alone. 

x,  distance  of  horizontal  tail  surfaces  to  the  rear 

of  the  trailing  edge  of  the  wing,  chord  lengths. 

y,  distance  of  horizontal  tail  surfaces  above  or 

below  the  wing  chord  (extended),  chord 
lengths. 

z,  distance  of  wing  chord  below  center  of  gravity. 
0,,  angle  of  lag  of  change  in  angle  of  attack  with 

respect  to  change  in  angle  of  flight  path. 
do,  angle  of  lag  of  change  in  velocity  along  flight 
path  with  respect  to  change  in  angle  of  flight 
path. 

c>3,  angle  of  lag  of  change  in  angle  of  pitch  with 
respect  to  change  in  angle  of  flight  path. 

<h,  angle  of  lag  of  change  of  angle  of  attack  with 
respect  to  change  in  angle  of  pitch. 
in,  tail  efficiency. 

0.693 


r  =  — 


T' 


damping  coefficient. 


2  7f 

i period  coefficient. 

771 

n  =  relative  density. 

pot 


time  conversion  factor. 
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THE  DRAG  OF  AIRPLANE  WHEELS,  WHEEL  FAIRINGS,  AND  LANDING 

GEARS— III 


By  William  H.  Herrnstein,  Jr.,  and  David  Biermann 


SUMMARY 

The  tests  reported  in  this  paper  conclude  the  investiga¬ 
tion  of  landing-gear  drag  that  has  been  carried  out  in  the 
N.  A.  C.  A.  30-foot  wind  tunnel .  They  supplement 
earlier  tests  (i reported  in  Technical  Report  No.  J+85)  made 
with  full-scale  dummy  wheels ,  wheel  fairings,  and  landing 
gears  intended  for  airplanes  of  3,000  pounds  gross  weight 
and  include  tests  of  tail  wheels  and  tail  skids. 

For  airplanes  of  this  weight  classification  the  results 
indicate  that  the  drag  of  a  landing  gear  having  slight 
wheel-strut  interference  will  be  materially  less  when 
equipped  with  the  proper  size  of  streamline  wheels  than 
when  furnished  with  low-pressure  wheels.  The  drag  of 
a  cantilever  landing  gear  is  as  low  when  equipped  with 
the  proper  size  of  streamline  wheels  as  when  equipped 
with  low-pressure  wheels  and*  the  best  type  of  wheel 
-fairing. 

Two  of  the  landing  gears  tested  combine,  to  a  high 
degree,  the  structural  advantages  of  the  tripod  types  with 
the  low  drag  of  the  full  cantilever  types. 

The  drag  of  a  conventional  tripod  landing  gear  with 
streamline  wheels  can  be  reduced  about  39  percent  by 
careful  fairing  of  all  strut  intersections. 

Expanding  fillets  are  usef  ul  in  reducing  landing-gear 
drag,  especially  on  landing  gears  that  are  attached  to 
wings. 

The  drags  of  tail-wheel  units  and  tail  skids  are,  even 
in  the  worst  case,  almost  negligible. 

INTRODUCTION 

The  suggestions  and  queries  that  followed  the  publi¬ 
cation  of  reference  1  resulted  in  a  considerable  exten¬ 
sion  of  the  original  program  of  the  investigation  of 
landing-gear  drag.  The  first  part  of  the  extended  pro¬ 
gram  was  reported  in  reference  2  and  deals  with  tests 
of  landing  gears  for  low-wing  monoplanes  having  a 
gross  weight  of  about  16,000  pounds.  The  second 
part  of  the  extended  program  is  herein  reported  and 
contains  information  on  the  drag  of  nonretractable 
landing  gears  for  airplanes  of  about  3,000  pounds 
gross  weight. 


Data  were  obtained  concerning  five  general  subjects: 

1.  Drag  measurements  of  several  landing  gears  each 
equipped  with  21-inch  and  24-inch  streamline  wheels 
in  addition  to  the  27-inch  streamline  and  8.50-10 
low-pressure  wheels  previously  tested.  Since  the  pub¬ 
lication  of  reference  1  the  load-carrying  capacity  of 
the  streamline  wheels  has  been  changed,  the  21-incli 
and  24-inch  now  overlapping  at  about  3,000  pounds 
and  the  27-inch  being  used  on  heavier  airplanes. 

2.  Development  and  tests  of  landing  gears  combining 
the  best  features  of  the  cantilever  and  tripod  types. 

3.  Tests  of  additional  fairings,  particularly  about  the 
wheel-strut  intersections. 

4.  Measurement  of  the  mutual  interference  between 
a  wing  and  attached  landing  gear. 

5.  Measurement  of  the  drag  of  a  tail-wheel  unit  and 
that  of  several  tail  skids. 

APPARATUS 

The  tests  were  made  in  the  N.  A.  C.  A.  20-foot 
tunnel  which  with  its  test  equipment  is  fully  described 
in  reference  3.  The  method  of  supporting  the  test 
models  on  the  balance  is  shown  by  figure  1. 

All  the  test  models  were  designed  for  an  airplane  of 
3,000  pounds  gross  weight.  The  fuselage,  engine, 
wing,  and  most  of  the  landing  gears  used  for  these  tests 
were  the  ones  used  for  the  tests  reported  in  reference 
1,  differing  only  in  the  strut  fairings  and  size  of  the 
wheels.  The  fuselage  dimensions  as  well  as  the  land¬ 
ing  gear,  wing,  and  engine  locations  are  shown  in 
figure  2. 

Wheels— In  addition  to  the  8.50-10  low-pressure 
wheel  and  the  27-inch  streamline  wheel  used  for  the 
tests  of  reference  1,  new  21-incli  and  24-inch  stream¬ 
line  wheels  were  added  because  they  are  commonly 
used  on  airplanes  of  about  3,000  pounds  gross  weight 
in  place  of  the  27-inch  wheels,  which  are  now  being 
used  on  heavier  airplanes.  The  wooden  models  ol 
the  wheels  (see  fig.  3)  were  made  to  a  tolerance  of 
±y32  inch.  All  tires  had  smooth  treads. 

Landing  gears. — All  the  landing  gears  were  designed 
to  comply  with  the  requirements  of  the  Bureau  of 
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Air  Commerce,  Department  of  Commerce,  and  tlie 
design  outside  dimensions  were  strictly  adhered  to  in 
the  fabrication  of  the  various  parts.  Landing  gears  la, 
11a,  lib,  15a,  15b,  15c,  and  1G  (see  figs.  4,  5,  6,  7,  8,  9, 
and  10,  respectively)  were  attached  directly  to  the 
fuselage.  Landing  gear  13  (fig.  12)  was  attached  to 
the  wing.  Landing  gears  la,  11a,  lib,  and  13  were  of 
the  same  basic  types  as  those  reported  in  reference  1 ; 
landing  gears  15a,  15b,  15c,  and  1G  were  types  not 


in  the  rear.  Tail  skid  2  consisted  of  two  struts  in 
tandem,  one  of  which  was  an  oleo  unit.  Tail  skid  3 
was  of  the  cantilever  spring-leaf  type;  tail  skid  4 
was  of  cantilever  construction  with  the  shock-absorber 
unit  inside  the  fuselage. 

TESTS 

Drag  and  air  speed  were  measured  for  all  tests  and 
additional  lift  measurements  were  taken  in  conjunction 


1  •  /  1-  / 

1  7  i  J  ;  1 
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Hr  •■:■■■■.  " 

wffi i*  1 1  iiiir  *  3tv9H ; 

Figure  1. — Fuselage  with  landing  gear  15c  mounted  on  balance. 


previously  tested.  Dimensions  for  the  wheel  fairings 
used  on  landing  gears  1  la,  11b,  and  13  may  be  obtained 
from  reference  1. 

Tail  skids  and  tail-wheel  unit. — The  tail-wheel  unit 
used  in  the  tests  was  taken  from  service  and  consisted 
of  an  Air  Corps  tail-wheel  fork  and  a  10  by  3-4  wheel. 
The  principal  dimensions  of  the  unit  may  be  obtained 
from  reference  4.  Figure  14  shows  the  location  of 
this  unit  with  reference  to  the  test  fuselage  and  also 
shows  the  details  of  tail  skids  1,  2,  3,  and  4.  Tail 
skid  1  was  of  tripod  construction  with  an  oleo  unit 


with  the  tests  of  landing  gears  13  and  1G.  Landing 
gear  13  was  the  only  landing  gear  whose  drag  was 
measured  in  the  presence  of  the  wing.  Landing  gears 
11a  and  13  were  tested  in  conjunction  with  a  radial 
air-cooled  engine  located  in  the  nose  of  the  fuselage 
but  in  the  absence  of  propeller  slipstream. 

Landing  gears  equipped  with  four  different  wheels. — 
Landing  gears  la,  11a,  lib,  15a,  15b,  and  15c  were 
tested  when  equipped  with  8.50-10  low-pressure  wheels, 
and  with  21 -inch,  24-inch, and  27-inch  streamline  wheels. 
It  was  thought  that  such  a  variety  of  landing  gears 
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Figure  2. — Sketch  of  fuselage  showing  locations  of  wing,  wheels,  and  engine. 

Note.— For  gears  designed  for  a  6-  by  18-foot  wing  (low-wing  monoplane),  the  wheel  locations  are  13)£  inches  to  the  rear  of  the  standard  locations. 


21 -inch  streamline  wheel  and  tire  21-ineh  streamline  wheel  and  tire 

Figure  3.— Dimensions  of  wheels. 
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would  give  an  indication  of  the  relative  merits  of  these 
wheels  on  almost  any  type  of  nonretractable  landing 
gear  for  a  3,000-pound  airplane. 

Landing  gears  combining  the  advantages  of  the 
cantilever  and  tripod  types. — Because  the  tests  re¬ 
ported  in  reference  1  had  indicated  that  the  drag  of 
conventional  tripod  landing  gears  was  large  because 
of  the  high  interference  and  fitting  drag,  it  was  thought 
that  if  this  part  of  the  drag  of  a  tripod  landing  gear 
were  eliminated  it  would  be  possible  to  combine  the 
light  structure  of  such  a  landing  gear  with  the  low-drag 
features  of  the  cantilever  types.  With  this  idea  in 
mind,  landing  gears  15a,  15b,  and  15c  (figs.  7,  8,  and  9) 
were  designed  and  tested. 

Landing  gears  with  various  fairings  and  modifica¬ 
tions. — Landing  gear  la  was  tested  with  a  long-tailed 
fairing  at  the  wheel-strut  intersection  and  then  with 
additional  fairings  at  the  axle  cross  and  the  intersection 
of  the  landing  gear  and  the  fuselage.  The  drag  of  the 
landing  gear  was  later  measured  with  the  additional 
fairings  on  but  with  blunt-tailed  fairings  replacing  the 
long-tailed  fairings  at  the  wheel-strut  intersection 
(fig.  4).  Landing  gear  13  was  tested  with  modifications 
1,  2,  3,  4,  5,  and  6,  which  are  shown  in  figure  12.  Land¬ 
ing  gears  15a,  15b,  and  15c  were  tested  with  fairings 
at  the  wheel-strut  intersections  and  then  landing  gears 
15a  and  15c  were  tested  without  the  fairings  (figs.  7, 
8,  and  9,  respectively).  The  drag  and  lift  of  landing 
gear  16  was  measured  with  and  without  an  expanding 
fillet  at  the  intersection  of  the  fuselage  and  landing 
gear  (fig.  10). 

Mutual  effect  of  wing  and  landing  gear  on  landing- 
gear  drag. — Lift  and  drag  measurements  were  obtained 
for  a  set-up  composed  of  the  fuselage,  wing  set  at  0°, 
and  landing  gear  13  for  various  angles  of  pitch  from 
—  5°  to  6°.  Similar  measurements  were  obtained  for 
the  fuselage  and  wing  combination  with  the  landing 
gear  removed.  From  these  data  the  landing-gear 
drag  with  respect  to  the  total  lift  was  determined, 
thereby  taking  into  account  any  changes  in  induced 
drag  due  to  the  presence  of  the  landing  gear. 

Tail-wheel  unit  and  several  tail  skids. — The  drag  of 
the  tail-wheel  unit  in  its  original  form  and  with  modi¬ 
fications  1  and  2  was  measured  with  the  landing  gear 
removed.  The  drag  of  tail  skids  1,  2,  3,  and  4  was  also 
obtained.  (See  fig.  14.) 

ACCURACY 

Tests  made  in  conjunction  with  the  fuselage  alone 
are  estimated  to  be  accurate  to  within  ±0.5  pound; 
tests  made  in  conjunction  with  the  fuselage,  wing,  and 
engine  at  various  angles  of  pitch  are  believed  to  be 
accurate  to  within  ±1.0  pound.  The  faired  lift  curves 
are  considered  correct  within  ±  1  percent  at  0°  angle 
of  pitch.  The  discrepancies  between  the  results 
obtained  in  this  investigation  and  those  reported  in 
reference  1  for  similar  conditions  are  believed  to  be 


due  to  differences  in  the  set-ups  made  at  the  two 
different  times. 

RESULTS  AND  DISCUSSION 

All  drag  and  lift  values  presented  in  this  report  were 
taken  from  faired  curves  of  drag  and  lift  plotted 
against  dynamic  pressure.  In  all  cases,  excepting 
those  where  the  forces  are  presented  plotted  against 
angle  of  pitch  or  lift  coefficient,  the  values  are  given 
for  0°  angle  of  pitch. 

Landing  gears  equipped  with  four  different 
wheels. — The  results  of  the  tests  of  several  landing 
gears  equipped  with  different  wheels  are  given  in  the 
figures  showing  the  landing  gears  and,  for  convenience, 
are  summarized  in  table  I.  Some  of  the  results 
obtained  during  the  original  tests  presented  in  reference 
1  are  included  for  comparative  purposes. 

The  results  of  tests  of  landing  gear  la  (fig.  4) 
equipped  with  the  8.50-10  low-pressure  wheel  and  the 
24-inch  and  27-inch  streamline  wheels  confirm  those 
of  reference  1  in  showing  that  the  streamline  wheel 
has  no  aerodynamic  advantage  over  the  low-pressure 
wheel  unless  the  interference  at  the  wheel-strut 
intersection  is  small.  Unless  this  wheel-strut  inter¬ 
ference  is  small  the  low-pressure  wheel  is  slightly 
superior. 

The  8.50-10  wheel  and  the  21 -inch,  24-inch,  and 
27-inch  streamline  wheels  were  used  on  landing  gear 
11a.  (See  fig.  5.)  Since  the  landing  gear  had  very 
small  interference  and  total  drag  the  streamline  wheels 
were  better  than  the  low-pressure  wheel.  The  drag 
with  the  21-inch  wheel  was  reduced  to  20.0  pounds, 
6.5  pounds  less  than  that  of  the  low-pressure  wheel 
under  the  same  conditions  and  only  slightly  greater 
than  the  drag  with  the  low-pressure  wheel  and  the 
best  wheel  fairing  (wheel  fairing  C). 

When  the  same  wheels  were  used  with  landing  gear 
1  lb  as  were  used  with  1  la  the  superiority  of  the  stream¬ 
line  wheels  was  even  more  pronounced.  (See  fig.  6.) 
The  use  of  the  24-inch  streamline  wheel  resulted  in  a 
landing-gear  drag  equal  to  that  with  the  8.50-10  low- 
pressure  wheel  and  wheel  fairing  A.  When  the  21- 
inch  wheel  was  used  the  landing-gear  drag  dropped 
from  17.5  to  13.5  pounds.  In  addition  to  the  low 
drag  that  can  be  obtained  with  the  proper  size  of 
streamline  wheels  without  wheel  fairings,  further 
advantages  are  presented  in  that  the  installation  is 
lighter,  less  costly,  and  more  accessible  for  repairs. 

Tests  of  landing  gears  15a,  15b,  and  15c  again 
demonstrate  that  the  streamline  wheel  is  effective  in 
reducing  the  landing-gear  drag,  especially  when  the 
wheel-strut  interference  is  reduced.  (See  figs.  7,  8, 
and  9.)  As  might  be  expected,  the  smallest  stream¬ 
line  wheel  reduces  the  drag  the  most. 

Landing  gears  combining  the  advantages  of  the 
cantilever  and  tripod  types. — Landing  gears  15a,  15b, 

1  and  15c  were  designed  and  tested  in  an  effort  to 
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Drag  of  landing  gear  at  100  m.  p.  h.  (oleos  extended): 

8.50-10  low-pressure  wheels,  strut  intersections  not  faired  (tests  of  reference  1) _ _ 

24-inch  streamline  wheels,  strut  intersections  not  faired . . . . . 

24-inch  streamline  wheels,  long-tailed  fairings  at  wheel-strut  intersections  only _ 

24-ineh  streamline  wheels,  all  strut  intersections  streamlined,  including  axle  cross _ 

27-inch  streamline  wheels,  all  strut  intersections  streamlined,  including  axle  cross _ 

8.50-10  low-pressure  wheels,  all  strut  intersections  streamlined,  including  axle  cross _ 

8.50-10  low-pressure  wheels,  blunt-tailed  fairings  at  wheel-strut  intersections,  others  unchanged 
24-inch  streamline  wheels,  blunt-tailed  fairings  at  wheel-strut  intersections,  others  unchanged... 


Pounds 


42.5 
44.0 
31.0 
27. 0 
30.0 

32.5 
35.  5 
34.  5 


Drag  of  landing  gear  at  100  in.  p.  h.:  Pounds 

8.50- 10 1.  ,v-pressure  wheels,  wheel  fairings  B,  no  engine  in  fuselage  (tests  of  reference  1) . . . . . . . . . .  20. 5 

8.50- 10  low-pressure  wheels,  wheel  fairings  C,  no  engine  in  fuselage  (tests  of  reference  1) _ _ _  18. 5 

8.50-10  low-pressure  wheels,  wheel  fairings  C,  engine  in  fuselage _ _ _ _ _ _ _ _ _ _ _  18.  0 

8.50-10  low-pressure  wheels,  wheel  fairings  D,  (modification  Di),  no  engine  in  fuselage  (tests  of  reference  1) _ _ _ _  19. 5 

8.50-10  low-pressure  wheels,  airfoil  section  alongside  wheel,  no  engine  in  fuselage _ _ _  _ _ _ _  26. 5 

21-inch  streamline  wheels,  airfoil  section  alongside  wheel,  no  engine  in  fuselage _ _ _  20. 0 

24-inch  streamline  wheels,  airfoil  section  alongside  wheel,  no  engine  in  fuselage. _ _ _ _ _ _  _  22.  5 

27-inch  streamline  wheels,  airfoil  section  alongside  wheel,  no  engine  in  fuselage _ _ _  _  _  24. 5 

27-inch  streamline  wheels,  airfoil  section  alongside  wheel,  no  engine  in  fuselage  (tests  of  reference  1) _ _ _ _ _  22. 0 


X  rJi.  to  t  . 
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Y ,  Wheel  fairing  A 

Z ,  27"  streamline  wheel 


Drag  of  landing  gear  at  100  in.  p.  h.:  hounds 

8.50-10  low-pressure  wheels _ _ _ _  24.0 

s. 50-10  low-pressure  wheels  (tests  of  reference  1) _ _ _ ....  ..  _  _  -  ..  _  ... _ _ - . . .  23.5 

8. 50-10  low-pressure  wheels,  wheel  fairings  A  (tests  of  reference  1) _  _ _ _ -  _  17.5 

21-inch  streamline  wheels _ _ _ _  .  .  _ _  .  .  .  .  _  13.5 

24-inch  streamline  wheels. _ _ _ _ - _ _  _ _ _ _ _  17.5 

27-inch  streamline  wheels _ _ _ _ _ _ _ _ _  20. 5 

27-inch  streamline  wheels  (tests  of  reference  1) _ _ _ - _ _ _ _ _ _ _ _ _  21.5 


Drag  of  landing  gear  at  100  m.  p.  h.  (oleos  extended): 

21-inch  streamline  wheels,  wheel-strut  intersections  faired _ 

■’4-inch  streamline  wheels,  wheel-strut  intersections  faired _ 

7-inch  streamline  wheels,  wheel-strut  intersections  faired. . . 
.50-10  low-pressure  wheels,  wheel-strut  intersections  faired.. 

.50-10  low-pressure  wheels,  wheel-strut  fairings  removed _ 

24-inch  streamline  wheels,  wheel-strut  fairings  removed . 


Pounds 

.  23.0 
..  27.0 
.  30. 0 
.  31. 0 
29.0 
..  28.5 
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Figure  8.— Drag  and  dimensions  of  landing  gear  15b. 

Drag  of  landing  gear  at  100  m.  p.  h.  (oleos  extended):  Pouvds 

24-inch  streamline  wheels,  all  intersections  filleted _  . 

8.50-10  low-pressure  wheels,  all  intersections  filleted _  —  gr!. 
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eliminate  the  high  interference  and  fitting  drag  of 
conventional  tripod  landing  gears  and  bring  such 
landing  gears  into  the  same  drag  range  as  the  canti- 


was  only  about  4.0  pounds  greater  than  that  of  canti¬ 
lever  landing  gear  lib;  the  additional  drag  represents 
that  due  to  the  struts.  (Cf.  figs.  6  and  9.) 


lever  types.  It  is  apparent  from  figures  7,  8,  and  9 
that  landing  gear  15a  with  the  oleo-axle  intersection 
next  to  the  wheel  is  not  the  equal  of  landing  gears  1 5b 


-4  -a  o  a 

Anqle  of  pitch,  degrees 
Figure  11. — Lift  and  drag  of  landing  gear  16. 


4 


or  15c  on  which  the  interference  has  been  reduced  by 
having  the  intersection  placed  a  considerable  distance 
up  the  axle.  Landing  gears  15b  and  15c  bad  practically 
the  same  drag  when  tested  under  similar  conditions. 
Both  had  very  low  drags  for  tripod  landing  gears. 
With  streamline  wheels  the  drag  of  landing  gear  15c 


Landing  gears  with  various  fairings  and  modifica¬ 
tions. — Figure  4  shows  the  effects  of  two  different  fair¬ 
ings  at  the  wheel-strut  intersection  of  landing  gear  la. 
One  fairing  had  a  long  tail  and  the  other  was  blunt  at 
the  rear.  The  long-tailed  fairing  was  appreciably 
more  effective  in  reducing  the  drag,  as  may  be  seen  by 
an  examination  of  the  drag  values.  This  fairing  when 
used  in  conjunction  with  the  24-inch  streamline  wheel 
reduced  the  landing-gear  drag  from  44.0  pounds  to 
31.0  pounds  thereby  effecting  a  saving  in  drag  of  30 
percent.  Fairing  all  strut  intersections  at  the  fuselage 
and  also  the  axle  cross  accounted  for  a  further  decrease 
of  4.0  pounds. 

The  negligible  effect  of  an  engine  on  the  drag  of 
landing  gear  11a  with  8.50-10  low-pressure  wheels  and 
wheel  fairing  C  is  shown  in  figure  5. 

The  effects  of  various  modifications  to  landing  gear 
13  are  shown  by  figure  13(b).  At  a  lift  coefficient  of 
0.2  the  drag  of  the  original  landing  gear  is  shown  to  be 
12.5  pounds  at  100  miles  per  hour.  The  addition  of 
expanding  fillets  (modification  1)  reduced  the  drag 
to  11.0  pounds.  When  the  engine  was  placed  in  the 
nose  of  the  fuselage  (modification  6),  the  drag  of  the 
landing  gear  dropped  to  10.5  pounds.  These  drag 
values  are  the  lowest  recorded  for  any  nonretractable 
landing  gear  tested  during  the  investigation.  When 
modification  2  (wheel  fairing  extended  to  wing)  was 
made  to  the  original  landing  gear,  the  drag  was  in¬ 
creased  from  12.5  to  21.0  pounds.  The  addition  of 
modifications  3  and  4  (expanding  fillets  of  different 
size)  to  the  landing  gear  in  this  condition  reduced  the 
drag  from  21.0  pounds  to  17.0  and  15.0  pounds  for  the 
small  and  large  fillets,  respectively.  When  streamline 
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side  brace  struts  were  added  (modification  5)  to  modi¬ 
fications  2  and  3  and  to  modifications  2  and  4,  the  drae 
was  increased  to  25.0  and  23.0  pounds,  respectively. 


Mutual  effect  of  wing  and  landing  gear  on  landing- 
gear  drag. — Figure  13  shows  how  the  mutual  effect  of 
a  wing  and  landing  gear  may  affect  the  drag  credited 


U,  Modification  1  ,  expanding  fillet, 

V,  Mod.  E ,  wheel  fairing  ex/ 


g  f'Het  _  W,  Mod.  3,  expanding  fiHet(max.rad.  6")  y,  Mod.  5,  streamline  tube,  ltd"* 3 '/d 
ndedtowmg.  X,  "  4,  "  "  (  •>  «  9")  Z,8. -50-/0  low-pressure  wheel. 


Modification  6  (engine  in  fuselage)  in  combination  with 
modifications  2  and  4  resulted  in  a  drag  of  13.0  pounds, 
just  2.5  pounds  greater  than  for  the  landing  gear  in  its 
best  condition  (modifications  1  and  6).  In  all  tests 
where  the  engine  was  used  it  was  in  the  uncowled  con¬ 
dition.  Results  reported  in  reference  1  showed,  how¬ 
ever,  that  there  was  little  difference  in  the  effect  of  the 
engine  on  landing-gear  drag  when  the  engine  was 
uncowled  and  when  it  was  equipped  with  N.  A.  C.  A. 
cowling. 

The  effect  of  adding  a  wheel-strut  fairing  to  landing 
gear  15a  is  shown  in  figure  7.  The  fairing  decreased 
the  drag  but  not  nearly  as  much  as  did  a  similar  fairing 
on  landing  gear  la  (fig.  4).  The  reason  for  this  differ¬ 
ence  is  not  clear  for  the  fairings  were  very  much  alike 
and  so  were  the  intersections  at  the  wheel  and  struts. 

Figure  9  shows  how  a  fillet  at  the  wheel-strut  inter¬ 
section  affected  the  drag  of  landing  gear  15c.  The 
fillet  reduced  the  drag  1.5  and  1.0  pounds  when  used 
with  the  8.50-10  low-pressure  and  24-inch  streamline 
wheels,  respectively.  Although  the  reduction  was  not 
great,  it  is  probably  sufficient  to  warrant  the  use  of 
such  fillets. 

The  results  of  drag  and  lift  tests  made  with  landing 
gear  16  (fig.  10)  are  presented  in  figure  11.  Inasmuch 
as  thi  landing  gear  had  a  large  lifting  surface,  it  was 
thought  advisable  to  take  lift  data  in  conjunction  with 
the  drag  measurements.  The  landing  gear  was 
tested  with  and  without  an  expanding  fillet  at  the 
fuselage  junction.  The  fillet  had  practically  no  effect 
on  the  lift  and  little  effect  on  the  drag.  The  drag  was 
higher  than  expected,  being  about  28.0  pounds  at  100 
miles  per  hour. 


to  the  landing  gear,  depending  upon  the  manner  of 
presenting  the  results.  Landing  gear  13  (fig.  12)  was 
used  for  this  illustration.  The  curves  in  figure  13(a) 


(a)  Drag  uncorrected  for  induced  drag  (curves  from  reference  1) 

(b)  Drag  corrected  for  induced  drag  (present  tests) 


Figure  13.— Drag  of  landing  gear  13  with  various  modifications. 

were  taken  from  those  presented  in  reference  1  and  are 
based  on  the  assumption  that  the  landing-gear  drag 
was  the  difference  in  drags  of  the  set-ups,  with  and 
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without  landing  gear,  at  the  same  angle  of  pitch.  This 
method  did  not  take  into  account  any  change  in  in¬ 
duced  drag  that  might  be  caused  by  the  presence  of 
the  landing  gear.  Figure  13(b),  which  presents  the 
results  of  the  present  investigation,  does  take  into 
account  changes  in  induced  drag  because  the  landing- 
gear  drag  was  obtained  by  taking  the  difference 
between  the  drags  of  the  set-ups,  with  and  without 
landing  gear,  at  equal  lifts. 

A  comparison  of  the  two  sets  of  curves  shows  that 
the  change  in  induced  drag  should  be  considered,  es¬ 
pecially  after  modification  2  (wheel  fairing  extended 
to  the  wing)  has  been  made.  At  a  lift  coefficient  of 


Tail- wheel  unit  and  several  tail  skids. — Figure  14 
gives  the  drag  of  a  tail-wheel  unit  and  several  tail  skids 
when  measured  with  no  landing  gear  on  the  fuselage. 
The  addition  of  a  wheel  fairing  to  the  tail  wheel  did 
not  decrease  the  drag  of  the  unit.  Adding  a  stream¬ 
line  fairing  to  the  fork  did  decrease  the  drag  a  small 
amount  (0.5  pound).  Tail  skid  1,  which  was  built  of 
round  tubing,  had  slightly  less  drag  than  the  tail- 
wheel  unit  in  its  best  condition,  3.0  pounds  as  com¬ 
pared  with  3.5  pounds  at  100  miles  per  hour.  Tail  skid 
3  had  the  highest  drag,  being  equal  to  that  of  the  tail- 
wheel  unit  in  the  unfaired  condition  (4.0  pounds). 
Tail  skid  2  had  but  1.5  pounds  drag  and  tail  skid  4 


Tail  post  of  fuselage 


Modification 
2-Navy  / 
strut 
section 


U.S.  Air  corps 
~~  c'  tail  wheel  fork 


5'A" 


/O  by  3-4  tail  wheel 

Modification  /- 
wheel  fairing 


Tail-wheel  unit— Drag  at  100  rn.  p.  h.: 

Tail-wheel  unit  with  no  fairing _ pound.--.  4.  0 

Tail-wheel  unit  with  modification  1 _ do _ 4.0 

Tail-wheel  unit  with  modifications  1  and  2 _ _ -.do _ 3.  5 


Tail  skid  1 — Drag  at  100  m.  p.  h _ _ pounds..  3.  0 


Tail  skid  2— Drag  at  100  m.  p.  h-.pound. 


3_.  1.5  Tail  skid  3 — Drag  at  100  m.  p.  h _ pounds..  4.0  Tail  skid  4 — Drag  at  100  m.  p.  h _ pound..  1.0 

Figure  14. — Drag  and  dimensions  of  tail-wheel  unit  and  various  tail  skids. 


0.2,  which  is  a  reasonable  assumption  for  the  high-speed 
condition,  the  angle  of  pitch  for  the  set-up  without 
landing  gear  was  —0.75°.  If  no  induced-drag  change 
due  to  the  presence  of  the  landing  gear  be  assumed,  the 
drag  of  the  landing  gear  with  modification  1  would  be 
14.5  pounds.  By  the  present  method  the  drag  is  shown 
to  be  1 1.0  pounds.  The  difference  is  not  large  for  this 
case.  A  similar  comparison  of  the  landing  gear  with 
modification  2  shows  that  drag  varies  from  14.5  pounds, 
assuming  no  induced-drag  change,  to  21.0  pounds.  The 
results  also  definitely  show  that  modification  1  is  supe¬ 
rior  to  modification  2,  a  fact  not  indicated  in  reference 
1 .  Check  tests  have  proved  that  other  results  reported 
in  reference  1  where  landing  gears  were  tested  in  con¬ 
junction  with  the  wing  are  not  subject  to  any  appre¬ 
ciable  induced-drag  correction. 


only  1.0  pound.  These  results  indicate  that  the  drag 
of  tail-wheel  or  skid  units,  even  in  the  worst  cases,  is 
almost  negligible. 

Effect  of  landing  gears  on  high  speed. — Figure  46  of 
reference  1  may  be  found  convenient  in  computing  the 
effects  of  the  various  types  of  landing  gears  on  the  high 
speed  of  an  airplane. 

CONCLUSIONS 

The  results  of  this  investigation  indicate  the  follow¬ 
ing  to  be  true  for  airplanes  of  3,000  pounds  gross  weight: 

1.  The  drag  of  a  landing  gear,  for  which  the  inter¬ 
ference  between  wheels  and  struts  is  small,  is  appreci¬ 
ably  less  with  streamline  wheels  than  with  low-pres¬ 
sure  wheels  of  equal  load-carrying  capacity.  When 
the  wheel-strut  interference  is  high  the  drag  of  a 
landing  gear  with  streamline  wheels  is  greater. 


DRAG  OF  A.IRPLANE  WHEELS,  WHEEL  FAIRINGS  AND  LANDING  GEARS 


331 


2.  A  low-drag  cantilever  landing  gear  has  about  the 
same  drag  when  equipped  with  the  correct  size  of 
streamline  wheel  as  when  equipped  with  the  low- 
pressure  wheel  and  the  best  type  of  wheel  fairing. 

3.  By  careful  design  to  eliminate  acute  angles 
between  the  members  and  by  fairing  the  fittings,  the 
drag  of  a  tripod  landing  gear  can  bo  made  to  approach 
that  of  a  cantilever  landing  gear  without  any  marked 
increase  in  weight. 

4.  The  drag  of  a  conventional  tripod  landing  gear 
with  streamline  wheels  may  be  reduced  as  much  as  39 
percent  by  carefully  fairing  the  strut  intersections. 

5.  Expanding  fillets  are  useful  in  reducing  landing- 
gear  drag,  especially  on  landing  gears  that  are  attached 
to  wings. 

6.  The  drag  of  tail-wheel  units  and  tail  skids  is, 
even  in  the  worst  cases,  almost  negligible. 


Langley  Memorial  Aeronautical  Laboratory, 

National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  November  21,  1934 • 
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TABLE  I.— THE  DRAG  AT  100  M.  P.  Id.  OF  VARIOUS  LANDING-GEAR  AND  WHEEL  ARRANGEMENTS 


[8.50-10  low-pressure  wheels;  21-inch,  24-inch,  and  27-inch  streamline  wheels] 


Landing-gear  and  wheel  arrangement 

Drag 

Landing-gear  and  wheel  arrangement 

Drag 

Gear  la  with  wheel-strut  intersections  unfaired: 

Pounds 

Gear  15a  unmodified: 

Pounds 

24-inch  wheels _  -  -  .. _ _  __  _  . 

44.  0 

24-inch  wheels 

28. 5 

8.50-10  wheels,  tests  of  reference  1 _  _  _ _ 

42.  5 

8.50-10  wheels 

29.  0 

Gear  la  with  long  tailed  fairings  at  wheel-strut  intersections: 

Gear  15a  with  fairings  at  wheel-strut  intersections: 

24-inch  wheels.—  _ _ _  _  ... 

31.  0 

21-inch  wheels 

23.  0 

Gear  la  with  long-tailed  fairings  at  wheel-strut  intersections  and  fairings 

24-inch  wheels _ _ _ _ _ _ _ _ _ 

27.0 

at  all  other  strut  intersections,  including  axle  cross: 

27-inch  wheels _  _ _ ...  _ ... _  ... 

30. 0 

24-inch  wheels _  _  _  _ 

27.0 

8.50  10  wheels  _  . .  _  _  _ _  .  _  .  _ _  . 

31.  0 

27-inch  wheels _ _  ..  _ _  _ 

30.  5 

Gear  15b  with  fairings  at  wheel-strut  intersections  and  all  other  strut 

8.50-10  wheels _ _  ...  _ _ _  _ _ 

32.  5 

intersections: 

Gear  la  with  blunt-tailed  fairings  at  wheel-strut  intersections  and  fairings 

24-inch  wheels _ _  .  -  .  . . . ...  _ _  . 

22. 0 

at  all  other  strut  intersections,  including  axle  cross: 

8.50-10  wheels...  _  _ 

25.0 

24-inch  wheels- _ _ _  .  _  -  - , . 

34.5 

Goar  15c  with  fairings  at  all  intersections  except  the  wheel-strut  inter- 

8.50-10  wheels _  ... _ _  _  ..  .  ..  _  . 

35.  5 

section: 

Gear  11a  with  11-inch  chord  airfoil  along  the  side  of  v.  heels: 

24-inch  wheels _  _ _  _ _ — 

23.  0 

21-inch  wheels . . .  . .  —  ..  _  - — 

20.0 

8.50-10  wheels _  _  _ _ _ _ 

27.0 

24-inch  wheels _  _  -  _  _  -  —  - 

22.5 

Gear  15c  with  fairings  at  wheel-strut  intersections  and  all  other  strut 

27-inch  wheels _ 

24.5 

intersections: 

27-inch  wheels,  tests  of  reference  1  __  .  _  _ _ _  ____ 

22. 0 

21-inch  wheels... . . . . .  .  . .  .... 

17.  5 

8.50-10  wheels  _  _  .  _ -  - _ 

26.  5 

24-inch  wheels  .  .  _  ..  _  ...  . .  . . 

22.0 

Gear  lib  unmodified: 

27-inch  wheels _  _  _  _  _ 

25.0 

21-inch  wheels _ _ _ 

13.5 

8.50-10  wheels _ _ _ _ 

25.  5 

24-inch  wheels _ _ _ _ - . .  — 

17.5 

27-inch  wheels _  _ _ — 

20.5 

27-inch  wheels,  tests  of  reference  1 - 

21.5 

8.50-10  wheels - -  -  --- 

24.0 

8.50-10  wheels,  tests  of  reference  1 _ _ - . -  — 

23.  5 
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THE  INFLUENCE  OF  WING  SETTING  ON  THE  WING  LOAD  AND  ROTOR  SPEED  OF 

A  PCA-2  AUTOGIRO  AS  DETERMINED  IN  FLIGHT 

By  John  B.  Wheatley 


SUMMARY 

Flight  tests  were  made  on  a  PCA-2  autogiro  with  wing 
settings  oj  2.2°,  0.9°,  and  —0.5°.  The  wing  load  and 
rotor  speed  were  measured  in  steady  glides.  The  results 
obtained  show  that  a  wide  variation  in  rotor  speed  as  a 
junction  oj  air  speed  can  be  obtained  by  a  suitable  adjust¬ 
ment  of  the  wing  setting ;  that  by  decreasing  the  wing  set¬ 
ting  the,  upper  saje  flying  speed,  determined  by  the  decrease 
in  rotor  speed,  is  greatly  increased ;  and  that  the  interfer¬ 
ence  of  the  wing  on  the  rotor  thrust  and  lift  coefficients  is 
negligible.  The  prediction  of  autogiro  wing  loads  is 
assisted  by  the  data  given  in  this  paper. 

INTRODUCTION 

During  the  flight  tests  on  a  PCA-2  autogiro  (refer¬ 
ences  1  and  2)  it  was  found  that  at  an  air  speed  of 
about  140  miles  per  hour  the  rotor  speed  decreased  to 
a  value  (100  r.  p.  m.)  that  approached  the  lowest  safe 
operating  condition.  A  restrictive  limit  upon  the  safe 
diving  speed  of  the  machine  was  thus  imposed  and 
flight  at  high  air  speeds  was  made  somewhat  hazardous. 
An  examination  of  the  previously  obtained  information 
concerning  the  division  of  load  between  rotor  and  wing 
(reference  2)  disclosed  that  the  rotor  was  carrying  only 
60  percent  of  the  weight  at  high  speed,  the  remainder 
being  carried  by  the  fixed  wing.  This  condition  was 
thought  to  be  the  major  cause  of  the  decrease  in  rotor 
speed. 

Although  the  trend  of  the  design  of  modern  small 
autogiros  is  toward  the  elimination  of  the  fixed  wing, 
in  larger  sizes  it  will  probably  remain  to  support  the 
landing  gear  and  possibly  to  increase  the  efficiency. 
The  wing  load  is  not  easily  predicted  because  there  are 
no  quantitative  data  on  either  rotor  downwash  or 
rotor-wing  interference.  The  effects  of  successive 
changes  in  wing  setting  on  the  wing  load  and  rotor 
speed  were  therefore  determined.  The  wing  setting 
was  r  ade  adjustable  on  the  ground  by  alterations  in 
the  wing-root  fittings,  and  pressure-distribution  meas¬ 
urements  of  the  fixed  wing  loads  at  different  wing  set¬ 
tings  were  obtained  in  flight  tests.  The  information 
obtained  in  these  tests  should  be  of  material  use  in  the 
prediction  of  the  wing  load  and  rotor  speed  of  a  given 


design.  This  paper  presents  the  results  of  the  tests 
conducted  by  the  National  Advisory  Committee  for 
Aeronautics  at  Langley  Field,  Va.,  in  1933  and  1934. 

APPARATUS  AND  METHODS 

The  autogiro  used  in  these  tests  was  a  standard  Pit¬ 
cairn  PCA-2  (references  1  and  2)  except  that  altera¬ 
tions  were  made  in  the  wing-root  fittings  so  that  the 
angle  of  wing  setting  iw,  measured  with  reference  to  a 
plane  perpendicular  to  the  rotor  axis,  was  adjustable 
on  the  ground.  The  fittings  were  modified  in  such  a 
manner  that  wing  settings  of  2.2°,  0.9°,  and  —0.5° 
could  be  obtained. 

The  required  measurements  in  flight  were  obtained 
by  the  standard  N.  A.  C.  A.  photographic-recording 
instruments.  The  wing  normal  force  on  one  wing 
panel  was  determined  by  pressure-distribution  meas¬ 
urements;  the  other  panel  loads  were  not  measured 
because  in  reference  2  it  had  been  found  that  the  two 
wing  panel  loads  were  very  nearly  equal.  Dynamic 
pressure  was  measured  by  an  air-speed  recorder  con¬ 
nected  to  a  swiveling  pitot-static  head  mounted  on  a 
boom  projecting  ahead  of  the  fixed  wing;  recorded 
values  were  corrected  by  calibrating  the  installation 
against  a  trailing  pitot-static  head  suspended  beneath 
the  machine.  Attitude  angle  was  recorded  by  a  pendu¬ 
lum-type  inclinometer,  changes  in  static  pressure  by  a 
recording  statoscope,  and  rotor  speed  by  visual  obser¬ 
vations  of  an  electric  tachometer  driven  by  the  rotor. 
The  air  density  for  each  run  was  determined  by  a 
visual  observation  of  the  pressure  altitude  on  an  indi¬ 
cating  altimeter  and  by  observing  ground  temperature 
and  assuming  a  temperature  gradient  of  —3°  F.  per 
thousand  feet  of  pressure  altitude. 

The  flight,  tests  consisted  of  a  series  of  steady  glides 
with  the  propeller  stopped  in  a  vertical  position  and 
with  the  successive  wing  settings  of  2.2°,  0.9°,  and 
—0.5°.  During  these  tests  the  rotor  speed  and  wing 
pressure  distribution  were  measured;  the  rotor  speed 
was  obtained  from  a  time  history  of  rotor  revolutions. 
As  the  data  obtained  on  rotor  speeds  were  inconsistent 
with  existing  data  (reference  2)  on  a  wing  setting  of 
3.6°,  it  was  decided  to  obtain  rotor  speeds  from  visual 
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observations  of  an  electric  tachometer  connected  to  the 
rotor  and  to  use  the  rotor  speeds  so  obtained  in  the 
test  data  instead  of  using  the  values  obtained  from  the 
rotor  counter.  Auxiliary  tests  were  made  at  wing 
settings  of  2.2°,  0.9°,  and  —0.5°  in  which  the  air-speed 
head  was  calibrated  against  a  trailing  pitot-static  head. 


Indicated  air  speed,  V,  ,  m.p.h. 

Figure  ].— F.fl'ect  of  wing  setting  on  the  rotor  speed  of  a  PCA-2  autogiro  as  a 

function  of  airspeed. 


RESULTS 

Kotor  speeds  were  corrected  to  a  density  of  0.00210 
slug  per  cubic  foot  by  the  relation  that  the  rotor  speed 
varies  inversely  with  the  square  root  of  the  relative 
density.  Figures  1  and  2  show  the  rotor  speeds,  ob¬ 
tained  from  the  electric  tachometer,  plotted  against 
indicated  air  speed  and  tip-speed  ratio,  respectively. 
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Figure  2.— Effect  of  wing  setting  on  the  rotor  speed  of  a  PCA-2  autogiro  as  a 

function  of  tip-speed  ratio. 


The  percentages  of  the  total  lift  carried  by  the  wing 
at  each  wing  setting  are  shown  in  figure  3  as  functions  of 
the  tip-speed  ratio.  Wing  lift  coefficient  is  plotted  in 
figure  4  for  each  wing  setting.  Figure  5  shows  the  in¬ 
dicated  vertical  velocities  as  functions  of  the  indicated 
air  speed.  An  effective  angle  of  attack  of  the  fixed 
wing,  obtained  as  the  quotient  of  the  wing  lift  coeffi¬ 


cient  and  the  calculated  wing  lift-curve  slope,  is  plotted 
in  figure  6.  The  calculated  lift-curve  slope  aw  was 
assumed  to  be  the  slope  of  a  wing  of  the  same  aspect 
ratio  and  section,  arbitrarily  reduced  by  5  percent  to 
allow  for  wing-fuselage  interference.  The  downwash 
at  the  wing,  which  was  assumed  to  be  the  difference 
between  the  angle  of  the  wing  to  the  undisturbed  air 
stream  and  this  effective  angle  of  attack,  is  shown  in 
figure  7.  The  rotor  lift  and  thrust  coefficients  are 
shown  in  figures  8  and  9,  respectively,  as  functions  of 
the  tip-speed  ratio.  The  rotor  forces  were  calculated 
on  the  assumption  that  the  load  on  the  rotor  was  the 
total  weight  less  the  amount  carried  bv  the  wing. 

PRECISION 

Accidental  errors,  as  reflected  in  the  dispersion  of 
the  experimental  points,  have  no  serious  influence  on 
the  faired  curves.  The  probable  experimental  error  in 
the  faired  curves  is  estimated  to  be: 

Nr' _ 

Vi _ 

ij. - 

Wing  loads _ 

Clw  (below  maximum  Clw) 

VVi - 

Ct - 

CLr - 


O  ./  .2  .3  .4  .5  .6  .7  .8 


Tip-speed  ratio ,  p 

Figure  3.— Change  of  wing  load  of  a  PCA-2  autogiro  with  wing  setting. 

DISCUSSION 

The  data  obtained  in  these  tests  were  intended  to 
supplement  the  information  on  wing  loads  contained 
in  reference  2.  A  comparison  of  the  data  showed, 
however,  that  the  wing  load  at  a  wing  setting  of  3.6° 
(reference  2)  was  actually  smaller  at  some  tip-speed 
ratios  than  the  load  obtained  at  a  wing  setting  of  2.2°. 
This  discrepancy  can  be  partly  explained  by  the  differ¬ 
ences  in  the  test  procedure  and  in  the  condition  of  the 
wing  root.  The  tests  in  reference  2  were  made  with 
•  an  idling  propeller  and  with  the  wing  root  in  its  original 
condition;  whereas  the  tests  here  reported  were  made 
with  a  stopped  propeller,  and  with  the  wing  root  altered 
to  permit  the  change  in  wing  setting  by  the  addition  of 
a  small  fairing  that  slid  up  and  down  the  side  of  the 
fuselage.  The  discrepancy  in  the  wing-load  results 
could  have  been  caused  by  these  two  tests  differences, 


±1  r.  p.  m. 
±1  percent. 
±2  percent. 
±  3  percent. 
±3  percent. 
±5  percent. 
±  3  percent. 
±3  percent. 
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since  the  form  of  the  wing  root  and  the  air-flow  con¬ 
ditions  at  that  point  are  critical  factors  insofar  as  the 
wing  lift  coefficient  is  concerned. 

The  influence  of  wing  setting  upon  rotor  speed  is 
clearly  illustrated  in  figures  1  and  2.  A  change  in  the 
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Figure  4.— Influence  of  wing  setting  on  the  wing  lift  coefficient  of  a  PCA-2  autogiro. 


wing  setting  from  2.2°  to  —0.5°  resulted  in  a  change  in 
the  rotor  speed  at  130  miles  per  hour  from  120  r.  p.  m. 
to  155  r.  p.  m.;  by  extrapolation  of  the  curves  shown  in 
figure  1  it  can  be  seen  that  at  —0.5°  wing  setting  the 
rotor  speed  will  be  greater  than  100  r.  p.  m.  at  180  miles 


Figure  5.— Vertical  velocity  of  a  PCA-2  autcgiro  in  a  steady  glide  as  affected  by 

wing  setting. 


per  hour.  The  value  of  100  r.  p.  m.  is  assumed  from 
experience  to  be  the  lowest  safe  operating  speed. 

A  comparison  of  figure  3  with  figure  2  establishes 
the  correlation  between  wing  load  and  rotor  speed; 
successive  decrements  of  the  wing  load  are  shown  to 
correspond  to  successive  and  approximately  propor¬ 
tional  increment?  in  the  rotor  speed. 


The  wing  lift  coefficient  CL  shown  in  figure  4  varies 
in  the  expected  manner  with  wing  setting.  The  low 
values  of  maximum  CLw  for  ^=0.9°  and  —0.5°  are 
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Figure  6. ^Effective  wing  angles  of  attack  of  a  PCA-2  autogiro. 


thought  unimportant.  The  angle  of  attack  changes 
rapidly  in  the  range  where  the  maximum  CLw  occurs, 
and  the  number  of  points  obtained  in  this  range  was 
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Figure  7.— Rotor  downwash  angles  at  wing  of  a  PCA-2  autogiro. 


probably  insufficient  definitely  to  determine  the 
maximum  lift  in  each  condition. 

Figure  5  discloses  that  the  measurements  of  vertical 
velocity  by  the  recording  statoscope  are,  unfortunately, 


Figure  8. — Thrust  coefficient  of  a  PCA-2  autogiro  rotor  as  affected  by  wing  setting. 


not  sufficiently  accurate  to  indicate  the  changes  in  per¬ 
formance  caused  by  changing  the  wing  setting.  The 
wing  would  be  expected  to  carry  its  load  more  effi- 
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cientiy  than  the  rotor;  consequently  the  performance 
of  the  autogiro  should  be  affected  adversely  by  shifting 
load  from  the  wing  to  the  rotor.  This  effect  is,  however, 
apparently  smaller  than  the  dispersion  of  the  points 
on  the  vertical  velocity  curves  and  therefore  cannot 
be  evaluated. 

The  angles  of  attack  of  the  wing  shown  in  figure  6 
are  not  entirely  consistent  with  the  changes  in  wing 
setting.  The  discrepancies  are,  however,  small  enough 
to  be  considered  part  of  the  experimental  error,  so 
that  the  results  of  the  figure  support  the  hypothesis 


TO 


d 

•kT 

1 

<a 

o 

o 

S- 


8 


6 


□ 

4- 

— 

D° 

-f 

•  *  to  <—  •  i— 

X  ..  =  0.9° 

—  -  s~\  r~o 

d 

r 

3  » 

UJ 

+ 

□ 

% 

a 

X 

* 

% 

^qaj 

*5006 

JCffl  ^ 

+ 

*CK+ 

X 

■* 

0  ./  .2  .3  .4  .5  .6 

Tip -speed  ratio,  p 


.7 


Figure  9. — Lift  coefficient  of  a  PCA-2  autogiro  rotor  as  affected  by  wing  setting. 


that  the  change  in  the  wing  angle  of  attack  is  equal  to 
the  change  in  wing  setting. 

In  order  that  the  results  of  these  tests  should  be  of 
general  use,  the  rotor  downwash  angles  have  been  cal¬ 
culated  and  are  shown  in  figure  7.  Identical  curves 
should  have  been  obtained  for  the  three  wing  settings 
since  the  rotor  lift  coefficient  at  a  given  tip-speed 
ratio  appears  not  to  have  been  affected  by  the  fixed 
wing.  Results  for  the  wing  setting  of  2.2°,  however, 
are  not  in  accord  with  those  for  the  other  two  settings 
and  are  inconsistent  in  that  they  show  a  decreasing 
downwash  angle  with  decreasing  jx  (increasing  rotor 


lift  coefficient)  over  a  portion  of  the  range  covered. 
The  correct  curve  is  probably  a  weighted  mean  of  the 
three  curves  shown. 

Figures  8  and  9  are  considered  of  interest  because 
they  establish  the  fact  that  the  wing  has,  over  a  wide 
range,  a  negligible  interference  effect  on  the  rotor  within 
the  limits  of  experimental  error.  It  also  appears  that 
the  scale  of  the  rotor,  considered  proportional  to  the 
product  of  its  tip  speed  and  predominating  chord,  is 
large  enough  so  that  an  increase  in  the  scale  of  35  per¬ 
cent  (a  change  in  N/  from  118  r.  p.  m.  to  155  r.  p.  m.) 
has  no  appreciable  influence  on  its  lift  and  thrust 
coefficients. 

CONCLUSIONS 

1.  A  wide  variation  of  rotor  speed  as  a  function  of 
air  speed  may  be  obtained  by  suitable  adjustments  of 
the  wing  setting. 

2.  It  is  possible  by  a  suitable  adjustment  of  the  wing 
setting  to  increase  the  air  speed  at  which  the  rotor 
speed  of  the  PCA-2  autogiro  becomes  dangerously  low 
(less  than  100  r.  p.  m.)  from  140  miles  per  hour  to  about 
180  miles  per  hour. 

3.  The  interference  of  the  wing  on  the  autogiro  rotor 
is  negligible  insofar  as  the  thrust  and  lift  coefficients 
are  concerned. 


National  Advisory  CoMx\iittee  for  Aeronautics, 
Langley  Memorial  Aeronautical  Laboratory, 
Langley  Field,  Va.,  December  28,  1934. 
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A  TURBULENCE  INDICATOR  UTILIZING  THE  DIFFUSION  OF  HEAT 

By  G.  B.  SCHUBATTER 


SUMMARY 

In  cooperation  with  the  National  Advisory  Committee 
for  Aeronautics,  the  National  Bureau  of  Standards  for 
severed  years  has  been  studying  methods  of  determining 
the  turbulence  in  wind  tunnels,  especially  by  the  “ hot-wire  ” 
method  and  the  sphere  method.  This  paper  describes  a 
third  method. 

The  effect  of  turbulence  upon  the  diffusion  of  heat  from 
a  small  electrically  heated  wire  in  an  air  stream  was 
investigated .  The  turbulence  of  the  stream  was  introduced 
by  a  series  of  geometrically  similar  screens  placed  one  at 
a  time  across  the  upstream  section  of  the  tunnel.  With  the 
wire  set  at  various  distances  from  the  screens,  curves  of 
temperature  distribution  were  obtained  by  traversing  the 
heated  wake  at  a  distance  of  2  inches  behind  the  wire  with 
a  small  thermocouple.  A  single  relation  was  found  to 
exist  between  the  width  of  the  wake  at  half  maximum  and 
distance  in  screen  wire  diameters  from  the  several  screens. 
The  correlation  of  width  at  half  maximum  with  percentage 
turbulence,  as  measured  by  the  “ hot-wire' ’  method,  could 
be  represented  approximately  by  a  single  curve. 

INTRODUCTION 

The  evaluation  of  wind-tunnel  turbulence  is  by  no 
means  common  practice  in  aerodynamic  laboratories, 
even  though  turbulence  is  recognized  as  an  important 
aerodynamic  factor  in  wind-tunnel  tests.  This  situa¬ 
tion  is  due  largely  to  the  fact  that  a  turbulence  deter¬ 
mination  is  attended  with  more  difficulty  and  uncer¬ 
tainty  than  is  the  average  aerodynamic  measurement. 

It  is  possible  to  determine  quantitatively  the  ratio  of 
the  root-mean-square  of  the  speed  fluctuation  at  a 
point  to  the  average  speed.  This  quotient  times 
100  is  usually  called  the  percentage  turbulence. 
The  percentage  turbulence  may  be  measured  by  a  mod¬ 
ified  hot-wire  anemometer  and  accessory  equipment, 
including  an  amplifier  and  an  electrical  network  to 
compensate  for  the  lag  of  the  wire  (references  1  and  2). 
The  apparatus  is  expensive  and  cumbersome  and  its 
operation  requires  considerable  skill  and  care  on  the 
part  of  the  operator. 

Simpler  turbulence  indicators,  which,  if  desired,  might 
be  calibrated  in  terms  of  percentage  turbulence  by 
comparison  with  a  “hot-wire”  instrument,  have  been 
sought.  A  device  of  this  sort,  which  has  found  wide 
use  in  comparing  the  turbulence  of  different  wind  tun¬ 


nels,  is  the  sphere  (references  3,  4,  and  5).  The  corre¬ 
lation  of  its  critical  Reynolds  Number  (defined  as  the 
Reynolds  Number  for  which  the  drag  coefficient  is  0.3) 
with  percentage  turbulence  has  been  made  in  several 
laboratories,  but  the  universality  of  this  correlation  is 
still  under  investigation. 

The  present  article  describes  a  scheme  of  turbulence 
measurement  based  on  the  diffusion  of  heat  from  a 


Figure  1.— Diagram  of  apparatus  used  to  traverse  the  heated  wake. 


heated  wire.  It  has  been  found  by  experiment  that 
the  width  of  the  heated  wake  increases  as  the  turbu¬ 
lence  increases,  indicating  a  relation  between  the  rate 
of  diffusion  and  the  degree  of  turbulence  present  in  the 
air  stream. 

APPARATUS 

The  apparatus  for  producing  the  heated  wake  and 
traversing  it  to  determine  its  width  is  shown  in  figure 
1.  A  platinum-iridium  wire  2.8  inches  long  and  0.002 
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inch  in  diameter  is  located  at  A.  At  B  two  no.  36 
wires,  one  of  copper  and  the  other  of  constantan,  are 
soldered  together  forming  one  junction  of  a  thermo¬ 
couple.  The  other  junction  of  the  same  size  at  C  is 
placed  just  far  enough  from  B  to  be  completely  outside 
the  heated  wake.  The  prongs  carrying  the  heating 
wire  and  the  thermocouple  are  attached  rigidly  to  the 
arm  D,  which  can  be  rotated  about  a  vertical  axis 
passing  through  the  heating  wire  to  carry  the  thermo¬ 
couple  B  across  the  wake.  The  platinum-iridium 
wire  was  heated  by  an  electric  current  ranging  from 
0.2  to  0.8  ampere,  depending  on  the  heating  desired. 
The  current  could  be  maintained  sufficiently  constant 
by  means  of  a  rheostat  and  a  0  to  1  ampere  range 
ammeter.  The  thermocouple  was  connected  to  a 


-4  0  4  -4  0  4  8  12 


Angle  in  degrees 

Figure  2.— Distribution  curves  obtained  by  traversing  the  heated  wake  at  a  dis¬ 
tance  of  2  inches  from  heated  wire.  Curve  (a):  1.1  percent  turbulence.  Curve 
(b):  3.5  percent  turbulence. 

sensitive  wall  galvanometer  (sensitivity  0.06  micro¬ 
volt  per  mm  per  m  scale  distance). 

Figure  2  shows  two  typical  distribution  curves 
obtained  with  the  apparatus  for  a  spacing  of  2  inches 
between  the  heating  wire  and  the  thermocouple. 
Curve  “a”  corresponds  to  a  turbulence  of  1.1  percent 
and  “b”,  to  a  turbulence  of  3.5  percent.  For  both 
curves  the  heat  input  was  5.7  watts  and  the  air  speed 
36  feet  per  second.  Since  the  maximum  ordinate  of 
curve  “a”  corresponds  to  a  temperature  rise  of  only 
3°  C.,  and  the  copper-constantan  thermocouple  has  a 
thermoelectric  power  of  41  microvolts  per  degree 
Centigrade,  the  necessity  for  a  rather  sensitive  gal¬ 
vanometer  is  obvious. 

THEORY 

It  is  desirable  that  the  heating  wire  have  a  small 
diameter  so  as  to  create  little  disturbance  of  the  flow. 
The  transverse  flow  of  heat  will  be  due  to  ordinary 


molecular  conduction  plus  the  eddy  conduction  arising 
from  the  turbulence  initially  present  in  the  air  stream. 
Let  us  consider  first  the  case  where  the  stream  is  com¬ 
pletely  free  from  turbulence  and  the  wire  produces  a 
negligible  disturbance.  Regarding  the  wire  as  a  line 
source  of  heat  and  the  air  speed  as  uniform,  the  tem¬ 
perature  distribution  is  given  at  points  not  too  close  to 
the  wire  by  the  equation:1 

-y2 *pcv 

AT=ATmaxe  (1) 

where  y  is  distance  across  the  wake  measured  from  the 
center;  x  is  distance  downstream  from  the  wire;  AT 
is  the  temperature  rise  at  any  point  ( x ,  y );  ArTmax  is 
the  maximum  temperature  rise  at  the  point  ( x ,  o);  v  is 
air  speed  and  p,  c,  and  k  are  density,  specific  heat  at 
constant  pressure,  and  thermal  conductivity  of  the  air, 
respectively. 

It  will  be  observed  that  equation  (1)  is  anal¬ 
ogous  to  the  expression  for  the  linear  flow  of  heat 
from  an  instantaneous  plane  source.  The  approxi¬ 
mations  involved  when  applied  to  the  present  prob¬ 
lem  may  be  illustrated  by  visualizing  the  process 
described  by  equation  (1).  A  line  of  air  particles,  after 
being  heated  by  contact  with  the  wire,  is  carried  on 
in  the  x  direction  with  the  speed  v.  While  the  line 
moves  through  the  distance  x,  during  the  time  interval 

X 

-)  the  heat  flows  outward  from  the  line  of  particles  in 

the  ±y  direction,  and  at  x  has  attained  the  distribution 
given  by  equation  (1).  Clearly,  the  finite  size  of  the 
wire,  the  conduction  of  heat  in  the  x  direction,  the 
retardation  of  the  flow  by  the  wire  and  the  stirring 
action  due  to  whatever  eddies  are  formed  in  the  wake 
of  the  wire  have  been  neglected. 

If  the  air  incident  upon  the  wire  is  turbulent,  there 
is  an  apparent  conductivity  expressed  by  (A- fd), 
where  (3  is  the  eddy  conductivity  due  to  the  turbulence. 
Equation  (1)  then  becomes 

—y2per 

A7’=AT„„e4“+«*  (2) 

The  width  of  the  wake  at  half  maximum  tempera¬ 
ture  is  selected  to  represent  the  width  characteristic 
of  the  wake.  From  curves  such  as  shown  in  figure  2 
the  angle  subtended  at  the  wire  by  the  wake  width  at 
half  maximum  may  be  obtained.  For  convenience, 
the  results  will  be  expressed  in  terms  of  tins  angle 
rather  than  in  actual  width,  the  term  angular  width 
and  the  symbol  a  being  used  to  designate  the  angle. 

•X  CD  cd  o 


1  The  exact  form  of  the  temperature  distribution  behind  a  line  source  in  laminar 
air  flow  as  given  by  Drew  (Trans.  Am.  Inst.  Chem.  Engineers,  vol.  2fi,  1931,  p.  30)  is 


PJ1z 

AT-*Tke  “A'o (z) 


where  q  is  the  heat  output  per  unit  length  of  the  wire,  z  stands  for  the  combination 
(gllc  Vr2+j/2^  and  AVz)  is  a  Bessel  function  of  zero  order.  At  large  values  of  z, 

A'o  (z)  may  be  set  equal  to  ^ ~e~z.  After  expanding  V^+i/2  lor  2/<-<7r an'l  neglect¬ 
ing  small  terms,  equation  (1)  follows. 
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When 


AT 

AT 

max 


O  in  equation  (1),  y  is  the  half  width 


at  half  maximum.  Making  the  substitution  2 y 
and  solving  for  a0,  we  obtain 


a0=  190.8 


k 


p  cvx 


a0x 

57.3 


(3) 


where  a0  is  the  angular  width  in  degrees  at  half  maxi¬ 
mum  for  laminar  flow.  Making  a  similar  substitution 
in  equation  (2),  we  obtain 


a  = 


190.8-y, 


(fc+ff) 

p  cvx 


(4) 


RESULTS 

Measurements  were  made  in  the  4 la-foot  wind  tunnel 
of  the  National  Bureau  of  Standards,  in  an  air  stream 
made  turbulent  by  a  series  of  geometrically  similar 
square-mesh  screens  placed  one  at  a  time  across  the 
upstream  section  of  the  tunnel.  The  amount  of  tur¬ 
bulence  obtained  from  any  one  screen  was  varied  bv 
working  at  several  distances  from  the  screen.  The 
first,  second,  and  third  columns  of  table  I  give,  respec¬ 
tively,  the  mesh  and  wire  diameter  of  the  screens  and 
the  distance  in  wire  diameters  from  the  screens  for  the 
several  working  positions.  The  distance  was  measured 
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D/d  -  Distance  from  screen  in  wire  diameters 


Figure  3. — Variation  of  a<uri>  with  distance  from  screens  expressed  in  screen  wire  diameters. 


where  a  As  the  angular  width  for  turbulent  flow.  By 
squaring  equation  (4) 


,  36400  k 

a  — - 

p  CVX 


36400  0 
p  cvx 


aQ2  turb 


Oiturb 


a 


■«  0 


(5) 


where  aturb  is  the  angular  width  due  to  the  turbulence 
alone. 

From  the  foregoing  expressions,  it  is  clear  that  the 
hea  t  output  does  not  have  to  be  known.2  It  is  nec¬ 
essary  only  that  the  heating  be  constant,  during  a 
traverse  of  the  wake,  and  of  sufficient  magnitude  to 
allow  the  temperature  distribution  to  be  measured. 

3  The  temperature  rise  is  so  small  that  the  variation  cf  k  with  wake  temperature 
may  i  e  7:ej  letted. 


from  the  screen  to  a  point  midway  between  the  heating 
wire  and  thermocouple.  Since  the  screen  pattern  in 
the  speed  distribution  persisted  to  about  65  wire  diam¬ 
eters  downstream  from  the  screen,  the  measurements 
were  made  at  distances  greater  than  65  diameters. 

The  fourth  column  of  table  I  gives  the  observed 
angular  widths  for  a  2-inch  spacing  between  the  heat¬ 
ing  wire  and  thermocouple.  The  values  of  aturb  cal¬ 
culated  by  equation  (5)  are  given  in  the  fifth  column 
of  table  I.  A  comparison  of  these  two  columns  shows 
that  the  effect  of  a0  becomes  less  as  a  increases.  From 
runs  made  at  wind  speeds  ranging  from  8  to  55  feet 
per  second,  it  was  found  that  a  varied  with  the  speed, 
but  that  oiturb  was  constant  to  within  the  limits  of 


experimental  uncertainties. 


Since 


Oiturb  = 


/36400/3 


V 


pCVX 
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the  eddy  conductivity  /3  must  therefore  be  proportional 
to  the  air-stream  velocity  v. 


cant  that  the  points  fall  about  a  single  curve  in 
figure  3,  whereas  they  follow  a  family  of  curves  in 


Figure  4.— Variation  of  percentage  turbulence  with  distance  from  screens  expressed  in  screen  wire  diameters. 


Figure  3  shows  the  variation  of  atUTb  with  distance, 
expressed  in  screen  diameters,  from  the  several 


O  1  2  3  4  5 

Percent  turbulence 


Figure  5.— Correlation  of  alu,b  with  percentage  turbulence.  M  denotes  the  screen 
mesh.  (See  illustration  in  figs.  3  and  4.) 


screens.  Figure  4  is  the  corresponding  diagram  of 
percentage  turbulence,  measured  by  the  “hot-wire” 
method,  for  the  same  series  of  screens.3  It  is  signifi- 


figure  4.  A  possible  interpretation  of  this  result  is 
that  the  “hot-wire”  method  differentiates  between  the 
scale  of  the  turbulence  produced  by  screens  of  different 
size,  but  that  the  diffusion  method  does  not.  It  is 
reasonable  to  assume  that  the  eddy  size  may  bear  a 
direct  relation  to  the  screen  size.  If  so,  it  seems  pos¬ 
sible  that  the  wire  of  about  one  centimeter  length 
employed  in  the  “hot-wire”  method  may  average  out 
the  speed  fluctuations  to  a  progressively  greater  degree, 
and  give  a  smaller  response,  as  the  eddies  get  progres¬ 
sively  smaller.  This  subject  is  now  under  investiga¬ 
tion  at  the  National  Bureau  of  Standards. 

Figure  5  shows  the  correlation  of  a  tun,  with  percent¬ 
age  turbulence.  Obviously,  from  figures  3  and  4  the 
correlation  cannot  be  represented  exactly  by  a  single 
curve.  However,  the  majority  of  points  fall  near  a 
straight  line  passing  through  the  origin,  the  marked 
deviations  entering  only  for  the  %-inch  and  h'-inch 
mesh  screens. 

When  the  effect  of  spacing  between  the  heating  wire 
and  thermocouple  was  investigated,  it  was  found  that  a 
was  essentially  the  same  regardless  of  the  spacing  in  the 
range  from  %  inch  to  6  inches.  This  means  that 
the  wake  is  wedge-shaped,  the  width  at  half  maximum 
varying  linearly  with  x.  From  these  results  /3  was 
calculated  and  found  to  be  proportional  to  x. 

It  is  possible  to  summarize  all  the  results  to  date  in 
an  empirical  equation  for  /3  of  the  following  form: 


(3=K  v  x 


■> 


s  These  data  were  obtained  by  W.  C.  Mock,  Jr.,  and  the  author  in  connection  with 
another  research  project  of  the  aerodynamic  section. 


A  TURBULENCE  INDICATOR  UTILIZING  THE  DIFFUSION  OF  HEAT 


341 


where  K  is  a  constant  of  proportionality  and  ^v>2  is 
the  root-mean-square  of  the  speed  fluctuation.  The 
constant  K  is  equal  to  0.63  p  c. 

A  study  of  diffusion  sucli  as  outlined  here  offers  a 
promising  field  for  future  research  both  in  theory  and 
experiment. 


National  Bureau  of  Standards, 

Washington,  D.  C.,  March  8,  1935. 
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a  degrees 
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1.70 

1.28 
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.  192 
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1.48 

1.84 
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1,  540 

1.75 

1.35 
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1.  49 

.988 

by  H _ 
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1.76 

1.36 
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1 . 96 

1.  01 
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141 

4.46 

4.  32 

2,  082 

1.53 

1.05 

14  by  14 _ 

.047 

1,423 
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1.53 

1.  so 

1.05 

1.  41 
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2.  72 

2.  48 

Average  wind  speed=36.2  ft.  (s.)-i  =  1,104  cm  (s)-> 
Average  air  temperature=18.3°  C. 

Average  barometer  reading=753  mm  Ilg 
p=  1.220X10- 3  grams  (cmr3 
c= 0.240  cal.  (gram)-'  (°  C.)-' 

*  =  5.00X10-5  eal.  (s)->  (cm)-'  [°  C.  (cm)-']-' 

a- =5.08  cm 

<*0=1.114° 
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SOME  EFFECTS  OF  INJECTION  ADVANCE  ANGLE,  ENGINE-JACKET  TEMPERATURE, 
AND  SPEED  ON  COMBUSTION  IN  A  COMPRESSION-IGNITION  ENGINE 

By  A.  M.  Rothrock  and  C.  D.  Waldron 


SUMMARY 

An  optical  indicator  and  a  high-speed  motion-picture 
camera  capable  of  operating  at  the  rate  of  2,000  frames 
per  second  were  used  to  record  simultaneously  the  pressure 
development  and  the  flame  formation  in  the  combustion 
chamber  of  the  N.  A.  C.  A.  combustion  apparatus. 
Tests  were  made  at  engine  speeds  of  570  and  1 ,500  r.  p.  m. 
The  engine-jacket  temperature  was  varied  from  100°  to 
300°  F.  and  the  injection  advance  angle  from  13°  after 
top  center  to  120°  before  top  center. 

The  results  show  that  the  course  of  the  combustion  is 
largely  controlled  by  the  temperature  and  pressure  of  the 
air  in  the  chamber  from  the  time  the  fuel  is  injected  until 
the  time  at  which  combustion  starts  and  by  the  ignition 
lag.  The  motion  pictures  of  the  combustion  show  that  in 
a  (quiescent  combustion  chamber  with  a  short  ignition  lag 
the  flame  first  appears  in  the  spray  envelope  and  from 
there  spreads  throughout  the  chamber  and  that  with  a  long 
ignition  lag  the  flame  may  first  appear  in  any  part  of  the 
chamber.  The  conclusion  is  presented  that  in  a  compres¬ 
sion-ignition  engine  with  a  quiescent  combustion  chamber 
the  ignition  lag  should  be  the  longest  that  can  be  used 
without  excessive  rates  of  pressure  rise:  any  further  short¬ 
ening  of  the  ignition  lag  decreases  the  effective  combustion 
of  the  engine. 

INTRODUCTION 

When  the  N.  A.  C.  A.  combustion  apparatus  was 
first  completed  it  was  used  to  investigate  the  vaporiza¬ 
tion  of  the  fuel  spray  under  conditions  of  air  pressure 
similar  to  those  in  a  high-speed  compression-ignition 
engine  (references  1  and  2).  The  air  temperatures 
throughout  the  cycle  being  considerably  lower  than 
those  in  an  actual  engine,  the  process  could  be  studied 
without  the  influence  of  combustion.  As  a  result  of 
these  tests  it  was  found  that  the  vaporization  was 
much  more  rapid  than  had  originally  been  believed. 
Although  the  tests  did  not  in  themselves  show  whether 
or  not  the  combustion  took  place  from  the  liquid  or 
from  the  vapor  phase,  they  did  show  that  the  vaporiza¬ 
tion  was  sufficiently  fast  that  combustion  could  take 
place  from  the  vapor  phase;  the  conclusion  was  drawn 
that  this  was  probably  the  case. 
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In  the  second  series  of  tests  (reference  3),  in  which 
fuel  injection  was  used  in  conjunction  with  spark  igni¬ 
tion,  certain  composite  effects  of  air  temperature,  air 
pressure,  and  time  on  the  combustion  process  were 
investigated.  The  tests  showed  that  at  low  tempera¬ 
tures  the  rate  of  fuel  combustion  varied  according  to  the 
volatility  of  the  fuel  but  that  at  higher  temperatures 
(and  these  higher  temperatures  were  below  those 
experienced  in  the  conventional  compression-ignition 
engine)  both  the  rate  and  the  extent  of  the  combustion 
were  apparently  independent  of  the  volatility  of  the 
fuel  but  were  dependent  on  its  chemical  properties. 

With  these  tests  as  a  background,  the  investigations 
were  extended  to  include  compression  ignitions  under 
such  conditions  that  the  air  temperature  as  well  as  the 
air  pressure  more  nearly  duplicated  that  experienced 
in  the  actual  engine.  In  order  to  make  such  an  inves¬ 
tigation  it  was  necessary  to  alter  the  N.  A.  C.  A.  com¬ 
bustion  apparatus  so  that  the  air  temperatures  would 
he  raised  considerably  and  to  use  a  high-speed  motion- 
picture  camera  permitting  the  flame  formation  to  be 
studied  by  means  of  individual  photographs  instead  of 
in  the  one  continuous  photograph  for  the  whole  cycle, 
as  in  the  previous  tests.  It  is  the  purpose  of  this 
report  to  discuss  tests  with  the  altered  apparatus  that 
have  been  conducted  on  the  effects  of  injection  advance 
angle,  engine-jacket  temperature,  and  engine  speed  on 
the  combustion  process  in  a  high-speed  compression- 
ignition  engine  employing  a  quiescent  combustion 
chamber.  Preliminary  reports  on  these  tests  have 
been  presented  in  references  4  and  5. 

The  data  were  obtained  at  the  Committee’s  labora¬ 
tories  at  Langley  Field,  Va.,  during  the  latter  part  of 
1933  and  the  early  part  of  1934. 

APPARATUS  AND  METHODS 

For  the  present  tests  a  new  injection  system  was 
added  to  the  N.  A.  C.  A.  combustion  apparatus  and 
the  original  injection  system  was  used  to  operate  an 
automatic  scavenging,  or  compression-release,  valve 
(fig.  1).  With  the  present  arrangement  the  compres¬ 
sion-release  valve  is  controlled  by  valves  C  and  D  and 
the  high-pressure  reservoir.  With  this  arrangement 
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full  compression  exists  only  for  the  single  cycle  in 
which  the  injection  of  the  fuel  occurs,  the  engine  being 
scavenged  on  all  preceding  and  succeeding  cycles 

(fig-  2). 

The  apparatus  is  brought  to  speed  by  the  electric 
driving  motor.  During  this  time,  on  each  stroke  of 


ber  during  this  scavenging  process.  The  data  were 
obtained  with  the  N.  A.  C.  A.  gas-sampling  valve 
(reference  6)  used  as  a  low-pressure  indicator.  At 
570  r.  p.  m.  the  engine  was  approximately  87  percent 
scavenged  on  each  stroke  and  at  higher  speeds  up  to 
1,400  r.  p.  m.  approximately  72  percent  scavenged. 


the  piston  the  air  is  forced  out  through  the  compres¬ 
sion-release  valve  in  the  cylinder  head.  On  the  down 
strokes  the  compression-release  valve  closes,  because 
of  the  reversal  of  air  flow,  and  a  partial  vacuum  is 
created.  When  the  piston  uncovers  the  ports  at  the 
bottom  of  the  stroke,  fresh  air  is  inducted  into  the 


Figure  2.— Contact  print  of  original  indicator-card  negatives.  Injection  start  10° 

before  top  center. 


displacement  volume.  The  volumetric  efficiency  of 
the  engine  depends  on  the  ability  of  the  air  to  enter 
the  ports  during  approximately  90  crankshaft  degrees. 
Figure  3  shows  the  pressures  in  the  combustion  cham- 


An  analysis  of  the  gases  in  the  cylinder  during  the 
scavenging  process  showed  no  indication  of  carbon 
dioxide. 

When  the  test  speed  is  reached,  the  clutch  is  engaged 
for  a  single  revolution  of  the  camshaft,  that  is,  for  two 
revolutions  of  the  crankshaft.  When  valve  B  closes, 
the  plunger  in  the  injection  pump  compresses  the  fuel 
in  the  small  pump  reservoir.  This  compression  of  the 
fuel  holds  the  valve  stem  A  against  its  seat  so  that 
none  of  the  fuel  can  enter  the  injection  tube  from  the 
small  reservoir.  Shortly  before  the  pump  plunger 
reaches  the  top  of  its  stroke  it  engages  the  valve  stem 
A,  causing  the  stem  to  lift  from  its  seat.  A  hydraulic 
pressure  wave  of  high  intensity  is  transmitted  through 
the  injection  tube  to  the  injection  valve.  Injection 
continues  until  the  force  exerted  by  the  wave  drops  to 
a  value  less  than  the  closing  pressure  of  the  injection 
valve.  The  fuel  quantity  discharged  is  controlled  by 
the  injection-valve  opening  pressure.  The  tempera¬ 
ture  of  the  fuel  in  the  injection  valve  is  maintained  at 
a  constant  value  by  continuously  circulating  fuel  from 
the  fuel  tank,  through  the  injection  tube,  through  four 
0.010-incli  holes  to  the  center  of  the  hollow  injection 
valve  stem,  and  back  to  the  fuel  tank. 

The  bore  of  the  engine  is  5  inches  and  the  stroke,  7 
inches.  The  height  of  the  inlet  ports  is  0.5  inch.  The 
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compression  ratio,  based  on  the  6.5-incli  stroke,  was 
13.9  with  the  indicator  and  glass  window  installed  and 
13.2  with  the  windows  in  each  side. 

The  six-orifice  fuel-injection  nozzle  used  is  shown  in 
figure  4.  The  spray  photographs  record  no  fuel  being 
discharged  from  the  two  outside  orifices,  because  the 
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Figure  3.— Cylinder  pressures  during  intake  process. 


combined  area  of  the  orifices  (equivalent  to  that  of  a 
single  0. 060-inch  orifice)  was  large  in  comparison  with 
the  passages  through  the  injection  valve  (0.100  inch 
in  diameter). 

Because  the  fuel  used  in  the  first  part  of  the  tests 
was  unavoidably  destroyed  it  was  necessary  to  com- 


Figure  4.— Cross  section  of  the  six-orifice  nozzle. 


pkte  the  tests  with  a  second  diesel  fuel.  Their  dis¬ 
tillation  curves  are  shown  in  figure  5.  Fuel  1  had  a 
viscosity  of  0.10  poise  and  fuel  2  a  viscosity  of  0.05 
poise  at  70°  F.  In  all  tests  the  fuel  quantity  was 
(>  00025  pound  per  injection,  giving  an  estimated  air 
factor  of  approximately  1.4.  No  differences  were 
noted  in  the  combustion  characteristics  of  the  two  fuels. 


No  apparatus  is  available  at  the  laboratory  for  meas¬ 
uring  the  temperature  of  the  compressed  air  during  the 
operating  cycle.  The  combustion  characteristics  of 
the  tests  reported  herein  have  shown  that  a  jacket 
temperature  of  70°  F.  results  in  an  air  temperature  in 
excess  of  that  obtained  with  a  jacket  temperature  of 
350°  F.  before  the  present  alterations  were  made  to 
the  apparatus.  The  present  tests  have  also  shown 
that  with  a  cylinder  and  head  jacket  temperature  of 
100°  F.  the  indicator  cards  are  very  similar  to  those  in 
a  normal  high-speed  compression-ignition  engine,  the 
operating  range  of  injection  advance  angles  being  the 
same  as  that  experienced  in  the  various  test  engines  in 
the  laboratory.  All  temperatures  given  in  this  report 
are  those  of  the  glycerin  as  it  left  the  jackets. 


Figure  5. — Distillation  curves  (A.  S.  T.  M.  method)  of  the  two  fuels  used  in 

the  tests. 


In  most  of  the  tests  herein  reported  a  glass  window 
was  installed  in  one  side  of  the  combustion  chamber 
and  the  optical  indicator  described  in  reference  3  in 
the  other  side.  (See  fig.  1.)  A  synchronous  motor 
drove  the  indicator  film  drum  at  a  constant  peripheral 
speed  of  100  inches  per  second.  Because  of  the  large 
stiff  diaphragm  in  the  indicator,  the  optical  record 
closely  followed  the  course  of  the  pressure  rise  within 
the  combustion  chamber  except  in  the  case  of  detona¬ 
tion,  which  set  the  unit  vibrating. 

The  camera  used  in  these  tests  (reference  7)  per¬ 
mitted  high-speed  motion  pictures  to  be  taken  of  the 
flame  spread  in  the  portion  of  the  combustion  chamber 
directly  behind  the  2^-inch  glass  window.  This 
camera  takes  motion  pictures  at  rates  up  to  2,250 
frames  per  second  by  the  use  of  a  prism  rotating  at  a 
high  speed.  The  exposure  time  is  one-third  the  time 
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interval  between  exposures.  Although  this  time  is 
considerably  longer  than  that  employed  in  the  N.  A. 
C.  A.  high-speed  spark  photographic  system  (reference 
8),  it  is  sufficiently  short  to  study  the  flame  formation 
in  the  combustion  chamber.  In  order  to  synchronize 
the  motion  pictures  of  the  flame  spread  with  the  indi¬ 
cator  card,  two  sparks  90  crankshaft  degrees  apart 
were  simultaneously  recorded  on  the  two  records. 

In  another  series  of  tests  the  indicator  was  removed 
and  glass  windows  were  installed  in  both  sides  of  the 
combustion  chamber.  A  1,000-watt  light  was  then 
directed  through  a  ground  glass  onto  the  window  that 
replaced  the  indicator.  When  the  motion  pictures 
wTere  obtained  with  this  set-up,  a  silhouette  of  the 
spray  was  recorded  before  the  start  of  combustion. 
'Plie  intensity  of  the  subsequent  combustion  was  suf¬ 
ficiently  greater  than  the  intensity  of  the  light  from  the 
bulb  that  the  combustion  was  recorded  on  the  film. 

RESULTS  AND  DISCUSSION 


indicator  cards 


The  most  noticeable  effect  to  be  expected  from  a 
variation  of  injection  advance  angle  and  of  engine- 


20  A.T.C.  T.C.  20  40  60  B.T.C.  80 


Start  of  injection,  crankshaft  degrees 

Figuke  6. — Effect  of  injection  advance  angle  on  ignition  lag  at  different  jacket 
temperatures.  Engine  speed  570  r.  p.  m. 


jacket  temperature  is  on  the  ignition  lag.  In  these 
tests  the  ignition  lag  is  defined  as  the  time  interval 
between  the  start  of  injection  as  determined  from 
injecting  against  a  paper  mounted  on  the  engine  fly¬ 
wheel  and  the  start  of  pressure  rise  caused  by  combus¬ 
tion  as  shown  on  the  indicator  card.  At  570  r.  p.  m. 
the  results  (fig.  6)  show  that  the  ignition  lag  decreases 
markedly  as  the  injection  advance  angle  is  decreased, 
reaches  a  minimum,  and  then  starts  to  increase.  In 
each  case  the  injection  was  retarded  until  ignition  did 
not  occur.  The  effect  of  increased  jacket  temperature 
was  to  decrease  the  ignition  lag,  considerably  with  long 
ignition  lags,  and  to  a  lesser  degree  with  short  ignition 
lags. 

The  curves  are  of  more  interest  if,  instead  of  plot¬ 
ting  the  ignition  lag  as  the  ordinate,  the  start  of 


combustion  is  plotted  (fig.  7).  The  curves  now  show 
that  as  the  start  of  injection  is  advanced  the  start 
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minimum  air  temperature  for  each  initial  air  pressure 
at  which  auto-ignition  will  occur  and  that,  within  the 
limits  imposed  by  the  apparatus,  this  temperature 
at  a  given  engine  speed  is  independent  of  the  condi¬ 
tions  to  which  the  fuel  has  previously  been  subjected. 
The  curves  indicate  that  with  the  increased  rate  of 
pressure  rise  at  the  higher  speed  the  limiting  value 
of  temperature  is  higher  than  was  the  case  at  the 
lower  speed. 


Figure  9.- -Effect  of  injection  advance  angle  on  instantaneous  cylinder  pressures  at 
an  engine  speed  of  1,500  r.  p.  m. 

That  the  rate  and  the  extent  of  effective  combus¬ 
tion  are  dependent  on  the  air  temperature  and  the 
pressure  to  which  the  fuel  has  been  subjected  before 
the  start  of  combustion  and  on  the  time  lag  is  indi¬ 
cated  in  figures  8  and  9.  At  an  engine  speed  of  570 
i’.  p.  m.  and  an  engine-jacket  temperature  of  150° 
F.  (fig.  8),  the  rate  of  pressure  rise  increased  as  the 
start  of  injection  advanced  until,  with  an  injection 
start  of  40°  before  top  center,  the  combustion  took 


place  with  a  decided  knock.  When  the  injection 
start  was  still  further  advanced  to  80°  before  top 
center,  the  course  of  the  combustion,  but  not  the 
time  of  start,  was  changed  decidedly.  The  burning 
was  very  weak  and  appeared  to  take  place  in  two 
stages,  an  initial  slow  rate  followed  by  an  increase 
in  the  rate.  This  phenomenon  was  also  found  in  the 
tests  reported  in  reference  3.  With  the  latest  injec¬ 
tion  start  the  combustion  took  place  slowly  but, 
according  to  computations,  to  about  the  same  extent 
as  with  the  conventional  advance  angles.  At  an 
engine  speed  of  1,500  r.  p.  m.  (fig.  9)  and  150°  F. 
jacket  temperature  the  decrease  in  the  rate  of  pressure 
rise  with  the  earlier  injection  starts  was  not  so  marked. 

When  the  engine-jacket  temperature  was  increased 
to  300°  F.  at  570  r.  p.  m.  (fig.  8),  the  first  characteristic 
noticed  was  that  the  rate  of  pressure  rise  was  decreased 
by  the  increase  in  the  jacket  temperature.  This 
result  was  to  be  expected  because  of  the  decreased 
ignition  lag.  Other  factors,  however,  are  apparently 
effective  because  the  rate  of  combustion,  as  indicated 
by  the  rate  of  pressure  rise,  was  considerably  loss  for 
the  ignition  lag  of  55°  with  an  injection  advance 
angle  of  80°  before  top  center  than  for  the  lag  of 
24°  with  an  injection  advance  angle  of  40°  before 
top  center  for  the  engine-jacket  temperature  of  150° 
F.  The  curves  show  that  at  the  higher  temperature 
the  maximum  rate  of  combustion  occurs  at  an  injec¬ 
tion  advance  angle  of  about  60°  instead  of  one  of 
about  40°.  At  300°  F.  the  pressure  curve  at  an 
injection  start  of  80°  before  top  center  very  closely 
approaches  that  for  a  start  of  40°  before  top  center. 
Particularly  noticeable  at  the  higher  jacket  tempera¬ 
tures  was  the  decrease  in  the  rapidity  of  the  burning 
as  indicated  by  the  sound  of  the  explosion.  At  an 
engine  speed  of  1,500  r.  p.  m.  and  a  jacket  tempera¬ 
ture  of  300°  F.  (fig.  9)  the  rate  of  burning  was  less 
rapid  than  at  the  lower  temperature  and,  up  to  an 
injection  start  of  80°  before  top  center,  no  decrease 
in  the  maximum  pressures  or  rates  of  combustion 
was  evident.  The  curves  indicate  that  the  rate  of 
burning  based  on  degrees  as  well  as  on  seconds  was 
more  rapid  than  at  the  lower  engine  speed. 

An  indication  of  the  effectiveness  of  the  combustion 
is  shown  in  figure  10.  It  must  be  remembered  that 
the  explosion-pressure  ratio  Pi/P2  is  not  an  exact 
measure  of  the  combustion  efficiency  because  a  cer¬ 
tain  amount  of  afterburning  is  not  included  when  it 
takes  place  after  the  maximum  pressure  is  reached 
and  also  because  the  pressure  ratio  depends  to  a 
certain  extent  on  the  initial  temperature  at  the  start 
of  combustion.  (See  fig.  11.)  In  the  present  tests 
the  P1/P2  ratio  for  complete  combustion  with  no  ex¬ 
cess  air  is  estimated  from  figure  1 1  to  be  between  4 
and  6.  When  the  injection  was  retarded  at  a  jacket 
temperature  of  150°  F.  and  an  engine  speed  of  570 
r.  j).  m.,  the  pressure  ratio  steadily  increased  to  a 
maximum,  decreased,  and  then  sharply  increased. 
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As  the  jacket  temperature  was  increased,  the  first 
maximum  occurred  earlier  in  the  cycle  and  decreased 
in  magnitude  until  finally,  at  the  highest  temperature, 
the  maximum  disappeared  altogether  and  the  curve 
was  approximately  a  straight  line  until  the  increase 
for  injection  start  at  top  center  occurred.  The  re¬ 
sults  indicate,  as  has  already  been  shown  to  a  con¬ 
siderably  greater  extent  in  reference  3,  that  as  the 
ignition  lag  was  increased  the  completeness  of  the 
effective  portion  of  the  combustion,  except  at  high 
temperatures,  first  increased  and  then  decreased.  In 
those  cases  where  detonation  occurred  it  was  with 
the  injection  advance  angle  that  gave  the  first  maxi¬ 
mum  value  of  the  ratio.  The  cause  of  the  sudden 
increase  in  the  pressure  ratio  for  the  injection  at  or 
close  to  top  center,  but  on  the  expansion  stroke, 
cannot  be  explained. 


Figure  10. — Effect  of  injection  advance  angle  on  ratio  of  explosion  pressure  Pi  to 
normal  compression  or  expansion  pressure  Pi. 


At  an  engine  speed  of  1,500  r.  p.  m.  the  PJP2  curves 
show  the  same  effect  to  a  lesser  degree.  At  the  higher 
speed  the  pressure  ratio  at  300°  F.  reaches  the  same 
maximum  for  the  injection  starts  before  top  center  as 
does  the  pressure  ratio  at  150°  F.  Comparison  with 
the  value  for  570  r.  p.  m.  shows  that  the  ratio  at  300°  F. 
is  slightly  higher  at  1,500  r.  p.  m.  and  that  the  maxi¬ 
mum  ratio  for  150°  F.  is  lower.  The  combustion  at 
the  higher  speed  was  never  accompanied  by  the 
severe  knocking  that  occurred  under  the  same  con¬ 
ditions  at  570  r.  p.  m.  Again  the  sharp  increase  for 
combustion  starting  after  top  center  is  noticed.  The 
curves  again  indicate  a  slightly  greater  effective  com- 


Additional  effects  of  the  temperature  on  the  course 
of  the  combustion  at  the  lower  engine  speed  are 
shown  in  figure  12.  The  rates  of  heat  input  to  the 
gases  in  the  combustion  chamber  were  derived  by  the 
method  discussed  in  reference  9.  The  curves  show 
that  when  the  jacket  temperature  was  increased  from 
150°  to  300°  F.  the  ignition  lag  with  an  injection  start 
of  10°  before  top  center  was  decreased  by  about  2° 
and  for  an  injection  start  of  20°  before  top  center  by 
about  3°.  The  course  of  the  combustion  as  indicated 
by  the  rate-of-heat-input  curves  and  by  the  pressure 
curves  shows,  however,  considerable  difference  for  the 
two  temperatures  at  the  later  injection  start,  the  same 
differences  appearing  to  a  lesser  degree  at  the  earlier 


A,  injection  start  30°  B.  T.C. 

B  ,  ..  /o°  ■■ 

- Jacket  temperature.  300  °F 


B.T C.  Crank  anqte,  degrees  A.  T.C 


Figure  12.— Effect  of  jacket  temperature  on  instantaneous  cylinder  pressures  and 
rates  of  heat  exchange.  Engine  speed  570  r.  p.  m. 


injection.  The  maximum  rate  of  burning,  and  conse¬ 
quently  the  maximum  rate  of  pressure  rise,  was 
decreased  by  increasing  the  jacket  temperature. 
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Increasing  the  jacket  temperature  in  turn  increased 
the  air  temperature  throughout  the  compression  stroke. 
Consequently,  at  the  higher  jacket  temperatures  the 
fuel  was  sprayed  into  hotter  air.  It  had  been  hoped 
that  this  increased  temperature  would  increase  the  rate 
of  vapor  diffusion  of  the  fuel  and  so  result  in  better  mix¬ 
ing  of  the  fuel  and  air.  Although  this  result  probably 
did  occur,  it  was  more  than  offset  at  the  lower  speed  by 
the  disadvantage  of  the  decreased  ignition  lag  and 
decreased  air  charge.  When  combustion  started,  any 
unmixed  fuel  had  a  more  difficult  time  reaching  the 
oxygen  necessary  for  its  combustion  because  the  fuel 
already  burned  had  diluted  the  oxygen  with  inert 
gases  and  had  also  decreased  the  oxygen  content  of  the 
air.  The  data  indicate  that  in  a  compression-ignition 
engine  with  a  quiescent  combustion  chamber  the 
ignition  lag  should  be  shortened  only  to  that  value 
which  gives  smooth  running  of  the  engine,  for  any  fur¬ 
ther  decrease  of  the  ignition  lag  results  in  a  poorer 
mixture  of  the  fuel  and  the  air  at  the  time  combustion 
is  started  and  so  results  in  a  less  effective  combustion. 
This  conclusion  is  supported  bv  the  results  presented  in 
reference  9  and  has  also  been  suggested  by  Boerlage  and 
Van  Dyck  (reference  10).  This  statement  implies  that 
the  ignition  lag  of  many  fuels  now  in  use  is  sufficiently 
short  and  that  the  problem  of  the  high-speed  com¬ 
pression-ignition  engine  must  be  attacked  to  a  greater 
extent  from  considerations  of  distribution  at  the  time 
combustion  starts,  although  the  chemistry  of  the  fuel 
must,  of  course,  not  be  forgotten.  At  high  engine 
speeds  (1,500  r.  p.  in.)  the  differences  in  the  indicated 
thermal  efficiencies  caused  by  increased  jacket  tem¬ 
perature  are  not  marked  and  it  is  possible  that  an  in¬ 
creased  jacket  temperature  might  be  beneficial  in  such 
cases. 

MOTION  PICTURES  OF  FLAME  FORMATION 

The  discussion  thus  far  has  been  limited  to  the  exami¬ 
nation  of  the  combustion  phenomena  as  recorded  by 
the  indicator  cards.  The  conclusions  reached  are  given 
additional  support  from  a  study  of  the  high-speed 
motion  pictures  of  the  flame  formation  and  flame 
movement  in  that  part  of  the  combustion  chamber  j 
behind  the  glass  window.  A  description  of  these  data  ' 
will  be  given  before  their  significance  is  discussed. 
When  writing  this  description  the  motion  pictures 
(reference  11)  were  projected  and  consequently  the 
motion  of  the  flame  described  in  the  subsequent  pages 
is  not  always  easily  visualized  from  the  figures  as 
presented.  For  this  reason  the  description  is  given  in 
more  detail  than  would  otherwise  have  been  the  case. 
In  addition  to  the  reproductions  of  the  whole  of  the 
period  of  inflammation,  enlargements  to  0.6  full  size 
of  the  first  four  frames  of  the  flame  formation  have 
been  reproduced  for  the  first  series  to  permit  a  closer 
examination  of  this  part  of  the  combustion  period. 

In  the  entire  series  of  photographs  presented,  the 
time  scale  lias  been  obtained  from  an  average  of  all  the 
time  scales  of  the  films  shown  on  any  particular  photo- 


Figure  13.— ElTect  of  injection  advance  angle  on  flame  formation.  Engine  speed,  570  r.  p.  rn.;  engine-jacket  temperature  ,150°  F.;  fuel  quantity  ,0.00025  lb. 
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graph.  The  speed  at  which  the  motion  pictures  were 
taken  varied  from  1,800  to  2,200  frames  per  second. 
The  top  center  position  may  be  one  frame  in  error 
either  to  the  right  or  left.  The  bottom  of  the  com¬ 
bustion  chamber  is  to  the  right  in  all  the  figures. 

Reference  to  the  first  frame  of  figures  13  and  14  at 
an  injection  advance  angle  of  0°  shows  several  areas  of 
incandescence  between  the  main  sprays  and  between 
the  main  and  auxiliary  sprays,  the  light  from  the 
combustion  illuminating  part  of  the  main  sprays.  In 
the  second  frame  the  flame  has  practically  surrounded 


period  show  more  uniformity  between  successive  cycles 
in  the  compression-ignition  engine.  During  the  whole 
of  the  period  of  luminescence  there  is  an  apparent 
indiscriminate  motion  of  the  flame.  Whether  this 
motion  is  flame  travel  or  movement  of  the  gases  can¬ 
not  be  said  except  in  the  case  of  the  period  of  after¬ 
burning  when  it  is  most  probably  gas  movement.  The 
afterburning  is  marked  by  well-defined  regions  of 
both  luminous  and  nonluminous  gases  and  there  is  a 
general  downward  movement  of  the  flame  because  of 
the  flow  into  the  displacement  volume. 


Figure  14. — Effect  of  injection  advance  angle  on  flame  formation.  Engine  speed,  570  r.  p.  m.;  engine-jacket  temperature,  150°  F . ;  fuel  quantity,  0.00025  lb.; 
compression  ratio,  13.9.  A,  i.  a.  a.  0°;  B,  i.  a.  a.  10°;  C,  i.  a.  a.  20°;  S,  fuel  spray  illuminated  by  flame.  (See  also  fig.  13.) 


the  sprays  but  has  not  as  yet  filled  the  chamber.  In 
the  third  frame  the  flame  fills  most  of  the  visible 
section  of  the  chamber.  During  the  whole  of  the 
flame  spread  there  is  no  indication  of  orderly  flame 
propagation,  as  is  the  case  in  the  spark-ignition  en¬ 
gine.  This  fact  is  to  be  expected  when  it  is  considered 
that,  whereas  with  spark  ignition  there  is  only  one 
source  of  flame  start,  with  compression  ignition  there 
are  innumerable  sources.  It  must  be  remembered, 
however,  that  the  indicator  cards  for  the  combustion 


For  an  injection  start  of  10°  before  top  center,  the 
first  frame  shows  the  flame  starting  around  the  spray 
cores  and  again  the  core  of  one  of  the  main  sprays  is 
illuminated.  In  the  second  frame  the  flame  has 
reached  most  of  the  visible  portions  of  the  chamber  and 
the  general  outline  of  the  sprays  is  still  visible.  In  the 
third  frame  the  flame  has  about  reached  its  maximum 
spread.  The  flame  movement  is  apparently  more 
violent  than  with  the  later  injection  start.  The  mo¬ 
tion  pictures  give  an  impression  of  churning  through- 
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out  the  chamber  but  of  no  orderly  movement  of  the 
gases  as  a  whole.  As  before,  with  injection  at  top 
center  there  is  a  definite  downward  motion  during  the 
expansion  stroke.  The  period  of  afterburning  now 
shows  the  flame  in  more  of  the  chamber  without  the 
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flame  lias  spread  to  most  of  the  chamber  except  for  an 
area  between  the  lower  portions  of  the  two  main  sprays. 
This  area  is  filled  with  flame  in  the  next  frame.  After 
the  fourth  or  fifth  frame  the  flame  seems  to  rotate 
counterclockwise  at  a  high  velocity.  The  rotation  is 


Figure  15.— Effect  of  injection  advance  angle  on  flame  formation.  Engine  speed,  570  r.  p.  m.;  engine-jacket  temperature,  150°  F.;  fuel  quantity,  0.00025  lb.;  compression 

ratio,  13.9.  A,  i.  a.  a.  30°;  B.  i.  a.  a.  40°;  C,  i.  a.  a.  60°;  D,  i.  a.  a  80°.  (See  also  fig.  13.) 


intensity  of  light;  the  areas  of  luminescence  shade  more 
gradually  from  light  to  dark. 

When  the  injection  start  is  20°  before  top  center, 
the  first  frame  shows  several  spots  of  incandescence 
well  distributed  throughout  the  chamber  but  not  de¬ 
fining  the  spray  pattern.  In  the  second  frame  the 


followed  by  the  flame’s  again  filling  the  chamber  but  with 
low  intensity  and  a  general  downward  movement  ac¬ 
companied  by  swirls  within  the  flame.  The  shading  from 
light  to  dark  in  the  afterburning  period  is  very  gradual. 

A  comparison  of  the  first  frames  of  figures  13  and 
15  where  injection  starts  30°  before  top  center  shows 
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t lie  flame  appearing  at  the  edges  of  the  chamber.  In 
the  second  frame  the  flame  has  filled  most  of  the  cham¬ 
ber;  the  uniformity  and  the  intensity  of  the  flame  in¬ 
crease  in  the  next  two  frames.  The  flame  is  in  general 
motion  throughout  the  burning.  The  afterburning 
period  is  shorter  than  with  the  later  injections  and  the 
flame  disappears  last  in  the  center  of  the  chamber. 

When  injection  starts  40°  before  top  center,  the 
first  frame  shows  the  chamber  brilliantly  lighted 
throughout  the  visible  portion.  (This  test  run  was 
characterized  by  severe  knock.)  Other  tests  under  the 
same  condition  have  shown  the  flame  to  start  near  the 
edge  of  the  chamber.  In  the  second  frame  the  flame 
has  started  to  disappear  at  the  edge  of  the  chamber,  the 
dark  spot  growing  larger  in  the  successive  frames, 
but  the  (lame  again  spreads  outward  a  few  frames 
later.  The  afterburning  period  has  disappeared  and 
the  flame  last  appears  at  the  top  of  the  chamber. 

For  an  injection  start  of  00°  before  top  center,  the 
flame  formation  is  very  different  from  all  those  pre¬ 
viously  presented.  The  flame  first  appears  to  rotate 
counterclockwise  but  this  rotation  is  suddenly  stopped 
and  the  general  flame  pattern  remains  stationary  ex¬ 
cept  for  the  downward  movement  during  the  after¬ 
burning  period.  The  flame  is  first  recorded  in  the 
upper  right-hand  corner  of  the  chamber  and  consists  of 
numerous  small  “spheres”  of  light.  The  second  frame 
shows  areas  of  varying  intensity  throughout  at  least 
half  the  chamber.  The  blurring  of  the  spots  in  this 
frame  indicates  the  motion  previously  mentioned. 
The  third  frame  shows  the  character  of  the  flame  to  be 
changing  and  marks  the  end  of  the  rotation.  The 
upper  left-hand  section  still  shows  the  flame  to  be  in 
motion  but  in  the  rest  of  the  chamber  it  is  stationary. 
In  the  successive  frames  the  small  areas  of  incandes¬ 
cence  are  seen  to  appear  and  disappear,  some  of  them 
lasting  for  only  one  frame  but  producing  a  marked 
glow  around  the  sections  containing  the  greatest  num¬ 
ber  of  these  small  areas.  The  general  appearance  of 
the  flame  remains  unaltered  but  the  spots  of  light 
change  position  and  the  glow  throughout  the  visible 
portion  of  the  chamber  increases  in  intensity.  The 
period  of  afterburning  is  quite  similar  to  that  with  the 
injection  starting  at  top  center.  In  repetitions  of  this 
test  the  general  form  of  the  flame  was  reproduced,  al¬ 
though  the  parts  of  the  chamber  in  which  the  flame 
predominated  varied  from  one  run  to  the  next. 

The  first  appearance  of  flame  consists  of  several 
more  or  less  isolated  spots  in  the  upper  left-hand  sec¬ 
tion  for  an  injection  start  of  80°  before  top  center. 
In  the  second  frame,  flame  appears  in  both  the  upper 
left-hand  and  the  lower  light-hand  sections.  In  every 
case  the  impression  is  given  that  the  areas  of  flame 
consist  of  numerous  individual  spheres  of  incandescence 
existing  for  varying  lengths  of  time.  The  flame  never 
fills  more  than  a  small  portion  of  the  chamber  and  no 
general  area  of  incandescence  occurs,  as  it  did  with  the 
injection  start  of  60°  before  top  center. 
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Figure  16.-  Effect  of  injection  advance  angle  on  flame  formation  Engine  speed,  570  r.  p.  in.;  engine-jacket  temperature,  300°  F.;  fuel  quantity  .0.00025  lb. 


COMBUSTION  IN  A  COMPRESSION-IGNITION  ENGINE 


353 


In  general,  the  motion  pictures  of  the  flame  at  an 
engine  speed  of  570  r.  p.  m.  and  a  jacket  temperature 
of  300°  F.  (fig.  16)  are  similar  to  those  taken  at  the 
lower  temperature.  With  the  exception  of  an  injec¬ 
tion  advance  angle  of  40°,  however,  the  flame  period 
is  shorter  at  the  higher  jacket  temperature.  The  rate 
of  spread  of  flame  is  greater  during  the  initial  burning 
period  in  spite  of  the  fact  that  the  higher  temperatures 
made  the  burning  smoother.  The  afterburning  peri¬ 
ods  are,  in  no  cases,  characterized  by  the  small  bright 
areas  of  incandescence  that  appeared  at  the  lower 
temperature  with  both  the  late  and  early  injections. 
The  results  indicate  that  the  vaporization  and  diffusion 
of  the  fuel  were  more  rapid  at  the  higher  temperature. 

The  motion  pictures  of  the  flame  taken  at  an  engine 
speed  of  1,500  r.  p.  m.  and  an  engine-jacket  tempera¬ 
ture  of  150°  F.  are  shown  in  figure  17.  The  data  show 
that  at  the  higher  engine  speed  the  flame  period  in 
crankshaft  degrees  was  considerably  increased  although 
the  general  formation  of  the  flame  remained  unchanged. 
Even  with  the  very  early  injection  starts  the  flame 
filled  all,  or  nearly  all,  of  the  visible  portions  of  the 
chamber.  With  injection  starts  of  100°  and  120° 
before  top  center  the  photograph  of  the  flame  was 
characterized  by  the  same  type  of  small  brilliant  areas 
that  were  photographed  at  the  lower  speed.  It  is 
interesting  to  note  that  with  the  injection  starting  at 
top  center  the  start  of  flame  was  late  enough  on  the 
expansion  cycle  so  that  the  downward  movement  of 


the  combustion  chamber  except  at  the  core  of  the  fuel 
sprays  close  to  the  nozzle. 


MOTION  PICTURES  OF  FUEL  SPRAYS  AND  OF  FLAME 

The  results  obtained  when  the  glass  windows  were 
placed  in  both  sides  of  the  combustion  chamber  with 
a  1,000-watt  lamp  focused  on  the  side  opposite  the 
high-speed  motion-picture  camera  are  shown  in  figures 
IS  and  19.  In  figure  18,  which  represents  the  same 
conditions  as  figure  14A  except  for  the  slightly  lower 
compression  ratio,  the  two  main  sprays  are  seen  to 
extend  across  the  visible  portion  of  the  chamber.  No 
fuel  issued  from  the  two  outside  orifices  of  the  six- 
orifice  nozzle.  The  sprays  from  the  two  0.024-inch 
orifices  did  not  reach  the  chamber  walls.  The  sprays 
are  all  clearly  visible  in  the  fourth  frame  in  which  the 
start  of  the  flame  is  shown  in  the  envelope  of  one  of 
the  main  sprays.  Other  photographs  taken  under  the 
same  conditions  have  shown  the  flame  to  start  in  the 
envelope  of  one  of  the  outside  sprays  (reference  5). 
In  all  the  tests  made  under  these  conditions  the  flame 
has  first  appeared  near  the  core,  that  is,  in  the  envelope, 
of  one  of  the  sprays.  In  the  fifth  frame  the  flame  has 
spread  around  the  upper  main  spray  and  has  started 
around  the  second  main  spray,  but  both  sprays  are 
still  visible.  In  the  sixth  frame  the  flame  has  spread 
still  farther,  but  one  of  the  main  sprays  can  still  be 


seen.  In  the  seventh  frame  the  sprays  are  no  longer 
visible,  being  either  completely  obscured  by  the  flame 
or  sufficiently  vaporized  so  that  they  do  not  show. 
The  photographs  clearly  show  how  with  a  short  igni¬ 
tion  lag  the  fuel  still  in  the  liquid  phase  is  surrounded 
by  the  burning  mixture  and  that  the  unburned  fuel 
must  get  through  this  burning  portion  to  mix  with 
fresh  air. 

In  figure  19,  comparable  with  figure  15B,  the  spray 
is  seen  to  issue  from  the  four  center  orifices;  the  two 
outside  sprays  reach  the  edge  of  the  combustion  cham¬ 
ber.  The  effects  of  the  lower  air  density  on  the  in¬ 
creased  penetration  and  decreased  rate  of  spray  diffu¬ 
sion  are  noticed.  The  fuel  apparently  continues  to 
issue  from  the  two  center  or  main  orifices  after  dis¬ 
charge  has  stopped  from  the  two  0.024-incli  orifices. 
Cut-off  occurs  at  about  30°  before  top  center  and  the 
sprays  then  begin  to  lose  their  definite  form.  The 
process  of  the  spray  diffusion  and  vaporization  is 
visible  in  the  eighth  to  twelfth  frames.  From  20°  to 
14°  before  top  center,  no  fuel  is  visible.  Vaporization 
is  now  apparently  quite  complete.  At  14°  before  top 
center  the  flame  first  appears  and  by  the  next  frame 
the  flame  has  spread  to  most  of  the  chamber.  In  (his 
case,  with  the  increased  time  interval  for  the  mixing  of 
the  fuel  and  air,  the  mixture  that  has  been  formed  by 
the  time  the  combustion  starts  is  such  that  the  flame 
]  spreads  throughout  the  chamber  with  extreme  rapidity 
and  the  burning  is  extremely  rapid. 

In  a  discussion  of  the  flame  photographs  as  a  whole 
the  question  may  be  asked:  Does  the  combustion 
itself  produce  turbulence  in  the  burning  gases?  The 
projection  of  the  motion  pictures  shows  various  types 
of  movement  within  the  flame.  These  movements 
have  been  discussed  in  the  descriptions  of  the  photo¬ 
graphs  and  may  be  divided  into  two  classes — those 
in  which  the  flame  moves  as  a  single  unit  and  those 
in  which  there  is  an  apparent  churning  within  the 
flame.  Any  apparent  movement  of  flame  may  be 
caused  by  either  of  two  actions.  The  gases  may  be 
stationary  and  the  flame  spreading  through  these  gases, 
or  the  gases  may  be  incandescent  and  actually  in 
motion.  Probably  both  of  these  phenomena  occur  to 
a  certain  extent.  The  burning  raises  the  temperature 
of  the  gases  in  that  portion  of  the  chamber  in  which  it 
is  taking  place  and,  as  a  result,  raises  their  pressure. 
The  increase  in  pressure  causes  an  expansion  of  the 
gases  and  therefore  a  movement  of  the  gases  in  front 
of  the  flame.  In  this  case  the  rate  of  movement  would 
be  controlled  by  the  force  exerted  by  the  increased 
pressure  and  by  the  inertia  of  the  gases  to  be  set  in 
motion.  Unless  there  is  a  visible  body  the  movement 
of  which  can  be  observed,  any  conclusion  as  to  the  type 
of  movement  taking  place  must  be  a  matter  of  conjec¬ 
ture.  In  certain  of  the  films  there  are  isolated  spots  of 
flame  during  the  afterburning  that  do  not  appear  to 
move  with  the  rapidity  of  the  flame  as  a  whole.  This 
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Figure  17. — Effect  of  injection  advance  angle  on  flame  formation.  Engine  speed,  1,500  r.  p.  m.;  engine-jacket  temperature,  150°  F.;  fuel  quantity,  0.00025  lb. 
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phenomenon  would  indicate  that  the  motion  of  the 
flame  is  not  that  of  moving  gases.  The  point  must 
not  be  lost  sight  of,  however,  that  these  spots  of  incan¬ 
descence  may  be  solid  carbon,  in  which  case  their  own 
inertia  would  cause  them  to  move  at  a  slow  rate.  Of 
course,  the  general  downward  movement  of  the  flame 
in  the  afterburning  period  is  certainly  a  mass  move¬ 
ment  of  the  gases  caused  by  their  expansion  into  the 
displacement  volume.  It  is  probable  that  the  apparent 
eddies  in  the  flame  are  also  gas  movements.  It  is  the 
opinion  of  the  authors  that  in  the  period  of  initial 
burning  the  apparent  movement  is  that  of  the  flame 
and  not  the  gases  except  as  the  gases  are  compressed 
ahead  of  the  flame;  particularly  does  this  statement 
apply  to  the  violent  rotations  that  occur  with  the  rapid 
rates  of  burning.  (See  also  reference  12.) 


may  not  be  cf  importance.  It  is  quite  possible  that 
some  of  the  gases  were  incandescent  but  they  were 
not  at  the  time  in  the  visible  portion  of  the  chamber; 
this  condition  does  not  seem  likely  from  the  general 
appearance  of  the  start  of  flame  as  registered  on  the 
photographic  film.  The  appearance  of  flame  is  an 
indication  of  the  energy  state  of  the  molecules  of  the 
gas  and  not  necessarily  of  any  chemical  reactions  that 
may  be  taking  place  in  the  gas.  In  other  words,  any 
chemical  reaction  may  or  may  not  be  completed  during 
the  time  the  flame  is  still  filling  the  chamber.  Exami¬ 
nation  of  the  cases  under  consideration  shows  that  the 
pressure  of  combustion  first  increased  slowly  during  the 
nonluminous  period  followed  by  a  more  rapid  increase 
during  the  luminous  period.  All  the  gases  will  need 
to  be  photographed  during  the  whole  period  between 


Figure  18.— High-speed  motion  pictures  showing  the  fuel  spray  and  the  flame  formation  under  nondetonating  conditions.  Engine  speed,  570  r.  p.  m.; 
engine-jacket  temperature,  150°  F.;  fuel  quantity,  0.00025  lb.;  compression  ratio,  13.2;  i.  a.  a.  0°.  A,  flame  start. 


Comparison  of  the  flame  photographs  with  the  indi¬ 
cator  cards  taken  either  simultaneously  or  under 
similar  conditions  shows  that  the  maximum  rate  of 
pressure  rise  occurs  with  the  maximum  rate  of  flame 
spread  and  not  with  the  maximum  amount  of  flame. 
Whether  or  not  this  latter  period  is  the  final  formation 
of  water  and  carbon  dioxide  as  has  been  suggested  by 
Marvin,  Caldwell,  and  Steele  (reference  13)  for  the 
spark-ignition  engine,  cannot  be  said. 

A  comparison  of  the  indicator  cards  at  the  early 
injection  starts,  notably  80°  injection  advance  angle  at 
570  r.  p.  m.  and  150°  F.  jacket  temperature,  shows  that 
there  was  heat  input  to  the  system  because  of  combus¬ 
tion  before  flame  was  photographed  in  the  visible  por¬ 
tion  of  the  combustion  chamber.  This  fact  may  or 


injection  and  the  end  of  combustion  before  definite 
conclusions  can  be  drawn  as  to  whether  or  not  the 
initial  period  of  burning  is  accompanied  by  luminosity. 

The  tests  presented  in  the  present  report  and  in 
reference  3  indicate  that  the  general  problem  of  com¬ 
bustion  in  the  compression-ignition  engine  and  in  the 
spark -ignition  engine  have  much  in  common  and  that 
data  directly  applicable  to  the  compression-ignition 
engine  can  be  obtained  by  the  use  of  spark  ignition. 
Consequently,  it  is  possible  to  conduct  tests  in  a  con¬ 
stant-volume  bomb  with  spark  ignition  and  so  separate 
some  of  the  combined  effects  of  temperature,  pressure 
or  density,  and  time.  Such  tests  are  being  conducted 
at  this  laboratory  and  may  lead  to  some  explanation 
of  the  various  effects  already  presented. 
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Figure  19.— High-speed  motion  pictures  showing  the  fuel  spray  and  the  flame  formation  under  detonating  conditions.  Engine  speed,  570  r.  p.  m.; 
engine-jacket  temperature,  150°  F.;  fuel  quantity,  0.00025  lb.;  compression  ratio,  13.2;  i.  a.  a.  40°.  A,  flame  start. 
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CONCLUSIONS 

The  following  conclusions  are  presented: 

1.  The  ignition  lag  in  an  engine  with  a  quiescent 
combustion  chamber  should  be  decreased  to  that  value 
required  to  prevent  objectionable  rates  of  pressure 
rise.  The  ignition  lag  should  not  be  decreased  to  less 
than  this  value  because  by  so  doing  the  effectiveness 
of  the  combustion  is  decreased. 

2.  With  a  short  ignition  lag  in  a  quiescent  combus¬ 
tion  chamber  the  burning  starts  in  the  spray  envelope 
and  from  there  spreads  throughout  the  combustion 
chamber.  With  a  long  ignition  lag  the  burning  may 
start  at  any  point  in  the  chamber.  In  either  case  the 
burning  may  start  at  one  point  or  simultaneously  at 
several  points. 

3.  The  course  of  the  combustion  (aside  from  the 
original  chemical  properties  of  the  fuel)  is  affected  by: 

a.  The  time  interval  between  the  start  of  injection 
and  the  start  of  combustion. 

b.  The  temperatures  and  pressures  existing  in  the 
combustion  chamber  during  this  time  interval. 

c.  The  temperature  and  pressure  of  the  air  and  the 
distribution  of  the  fuel  at  the  start  of  combustion. 

4.  In  case  the  ignition  lag  is  too  long  it  may  be 
decreased  considerably  by  increasing  the  temperature 
of  the  engine  coolant. 

5.  If  the  ignition  lag  is  short,  increasing  the  tem¬ 
perature  of  the  engine  coolant  decreases  the  ignition 
lag  sufficiently  to  decrease  the  rate  of  pressure  rise 
but  may  in  some  cases  decrease  the  effective  combus¬ 
tion  of  the  engine. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  fcr  Aeronautics, 
Langley  Field,  Va.,  January  15,  1935. 
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NOISE  FROM  TWO-BLADE  PROPELLERS 

By  E.  Z.  Stowell  and  A.  F.  Deming 


SUMMARY 

The  two-blade  propeller ,  one  of  the  most  powerful 
sources  of  sound  known,  has  been  studied  with  the  view 
of  obtaining  fundamental  information  concerning  the 
noise  emission.  In  order  to  eliminate  engine  noise,  the 
propeller  was  mounted  on  an  electric  motor.  A  micro¬ 
phone  was  used  to  pick  up  the  sound  whose  characteristics 
were  studied  electrically .  The  distribution  of  noise 
throughout  the  frequency  range,  as  well  as  the  spatial 
distribution  about,  the  propeller,  was  studied.  The 
results  are  given  in  the  form  of  polar  diagrams. 

The  mechanical  power  radiated  in  the  form  of  sound  was 
measured  for  three  different  pitch  settings  of  the  propeller. 
It  was  found  that  the  percentage  of  the  acoustical  power 
going  into  the  fundamental  note  ( the  11  roar ”)  became 
very  large  as  the  power  supplied  to  the  propeller  was 
increased. 

The  effect  of  such  sounds  upon  the  ear  was  investigated 
both  theoretically  and  experimentally.  Computations  of 
loudness  level  about  the  propeller  at  five  distances  were 
made.  Attempts  to  check  these  computations  experi¬ 
mentally  showed  discrepancies;  explanations  are  given 
for  the  direction  and  magnitude  of  the  deviations  from 
the  calculated  loudness  levels. 

An  appendix  of  common  acoustical  terms  is  included. 

INTRODUCTION 

A  study  of  the  emission  of  noise  from  any  source 
involves  the  physical  measurement  of  the  power  out¬ 
put  and  spectral  distribution  of  the  noise  and  also  a 
determination  of  the  response  of  the  average  ear  to 
noise  of  that  amount  and  spectral  distribution.  The 
full-sized  airplane  propeller  rotating  at  normal  speed 
is  one  of  the  most  intense  sources  of  sound  known. 
The  amount  of  power  in  watts  being  continuously 
radiated  as  sound  from  such  a  propeller  is  exceeded 
by  no  other  continuously  operating  source,  except 
certain  types  of  signaling  devices  of  very  high 
efficiency. 

The  reduction  of  the  power  going  into  sound  is 
important,  not  from  considerations  of  mechanical 
efficiency  but  because  of  the  undesirable  effects  of 
such  terrific  blasts  of  noise  upon  the  human  body. 
The  Committee  on  the  Effect  of  Noise  on  Human 


Beings  of  the  Noise  Abatement  Commission  of  New 
York  City  (reference  1)  reported  that:  “(1)  Hearing 
is  apt  to  be  impaired  in  those  exposed  to  constant 
loud  noises;  (2)  noise  interferes  seriously  with  efficiency 
of  the  worker.  It  lessens  attention  and  makes  con¬ 
centration  upon  any  set  task  difficult.”  It  is  evident 
that,  although  passengers  in  a  commercial  airplane 
may  find  the  noise  temporarily  disagreeable,  the  effect 
of  the  noise  upon  the  pilots  who  are  immersed  in  it 
day  after  day  may  be  greater  and  even  “interfere 
seriously  with  efficiency.” 

Not  only  is  an  airplane  propeller  one  of  the  most 
prolific  sound  emitters  known,  but  it  also  occupies  an 
almost  unique  position  among  the  category  of  sound 
emitters  for  another  reason:  The  extraordinary  com¬ 
plexity  of  the  emitted  sound.  The  propeller  does  not 
seem  to  be  a  single  source  of  sound;  in  fact,  as  many  as 
four  separate  origins  of  sound  may  be  distinguished. 
They  are  listed  below  in  order  of  importance. 

(1)  With  all  propellers  there  exists  a  source  whose 
origin  is  still  obscure.  This  source  emits  a  series  of 
musical  notes  that  are  all  multiples  of  a  single  fre¬ 
quency,  the  fundamental.  The  frequency  of  the  fun¬ 
damental  is,  for  a  two-blade  propeller,  twice  the  num¬ 
ber  of  revolutions  per  second  and  was  first  observed 
by  Lynam  and  Webb  (reference  2).  The  number  of 
harmonics  may  be  as  many  as  50  or  60.  Noise  from 
this  source  is  called  “rotation  noise.” 

If  obstacles  exist  close  to  the  propeller  such  that  the 
air  between  the  obstacle  and  the  propeller  blade  is 
appreciably  compressed  at  each  blade  passage,  the 
compressed  volume  of  air  will  serve  as  a  sound  source 
emitting  the  same  frequencies  as  those  described  in  the 
previous  paragraph.  The  sound  resulting  from  this 
source  is  not  propeller  noise  in  the  true  meaning  of  the 
word.  “Propeller  noise”  as  used  in  this  paper  refers 
to  sound  generated  in  the  propeller  disk  independently 
of  the  presence  of  obstacles. 

(2)  With  all  propellers,  the  periodic  release  of 
vortices  from  the  trailing  edge  of  each  blade  constitutes 
a  source  of  sound.  These  sounds  form  a  continuous 
spectrum  in  the  middle  band  of  frequencies  (1,000  to 
5,000  cycles)  and  are  designated  as  a  group  by  the  term 
“vortex  noise.”  The  existence  of  these  sounds  was 
first  realized  by  the  Japanese  (reference  3). 
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(3)  Flutter  of  the  propeller  blades  may  give  rise 
to  a  considerable  emission  of  sound. 

(4)  A  pure  note  of  constant  frequency  which  seems 
to  be  caused  by  a  pressure  oscillation  about  the  width 
of  the  blade  has  been  observed  under  certain  conditions. 
This  may  be  called  the  “blade  note.” 

The  last  two  sources  come  into  operation  only  under 
special  conditions,  but  the  first  two  sources  are  always 
present.  This  report  concerns  itself  only  with  these 
two  sources. 

Before  any  problem  of  noise  reduction  can  be  at¬ 
tacked  scientifically,  two  questions  must  be  answered, 
namely: 

(1)  What  is  the  physical  description  of  the  noise, 
i.  e.,  the  amount  of  the  fluctuation  about  atmospheric 
pressure  due  to  the  noise  (sound  pressure)  and  the 
rate  of  the  fluctuation  (frequency)? 

(2)  What  is  the  response  of  the  average  ear  to  noise 
of  this  description,  or  what  is  the  loudness  level? 
This  question  is  the  psychological  counterpart  of  (1). 
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Figure  1.— Detail  of  propeller  blade. 


The  complete  answer  to  (1)  usually  enables  the  sources  J 
to  be  located  and  experimented  with  individually. 
The  answer  to  (2)  permits  the  effect  of  this  experi¬ 
mentation  to  be  computed  in  terms  of  the  response  of 
the  average  human  ear.  The  answers  to  both  ques¬ 
tions  obtained  under  certain  specified  conditions,  are 
given  in  this  report. 


THE  PHYSICAL  DESCRIPTION  OF  PROPELLER  NOISE 

The  propeller  used  in  this  investigation  was  8%  feet 
in  diameter  with  two  aluminum  alloy  blades.  Details 
of  the  blade  sections  are  shown  in  figure  1  with  the  | 
pitch  angles  adjusted  for  absorption  of  100  horsepower 
at  1,800  revolutions  per  minute.  The  propeller  was  j 
mounted  on  an  electric  motor  as  shown  in  figure  2. 
The  motor  is  235  feet  from  the  nearest  obstruction  and 
is  capable  of  rotation  in  a  horizontal  plane  through 
360°.  This  arrangement  permits  a  noise  survey  to  be 
made  about  the  propeller  with  a  microphone  fixed  in 
position.  The  motor  will  supply  200  horsepower  at 
3,450  revolutions  per  minute.  It  is  30  inches  wide  at 
the  widest  point  and  so  offers  no  appreciable  obstruc¬ 


tion  to  the  flow  from  an  Sfj-foot  propeller.  Tip  speeds 
in  excess  of  the  velocity  of  sound  can  be  obtained  with 
this  arrangement. 

The  fluctuations  of  air  pressure  about  atmospheric 
pressure  due  to  the  sound  waves  (sound  pressure)  are 
measured  with  microphones  of  the  electrodynamic 
type  and  their  associated  amplifiers.  The  response  of 
the  equipment  to  sound  pressure  is  known  in  absolute 
units  to  ±25  percent,  which  is  ample  when  it  is  remem¬ 
bered  that  a  range  of  pressures  of  a  million  to  one 
may  be  covered. 


Figure  2. — Motor  with  propeller  mounted. 


Measurement  of  the  total  sound  pressure  is  rarely 
of  any  value  by  itself ;  it  is  generally  necessary  to  resolve 
the  sound  into  its  frequency  components  in  some  man¬ 
ner.  The  N.  A.  C.  A.  sound  laboratory  has  equipment 
that  permits  the  resolution  to  be  accomplished  in 
three  different  ways.  The  sound  wave  may  be 
examined  with  a  portable  General  Electric  oscillograph 
and  the  analyses  performed  mathematically.  This 
method  has  not  been  used,  although  a  visual  examina¬ 
tion  of  the  wave  form  is  sometimes  helpful.  A  quicker 
method  is  to  pass  the  electrical  counterpart  of  the 
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sound  wave  through  an  analyzer  specially  built  for  the 
purpose  (reference  4).  This  instrument  has  been  much 
improved  since  the  publication  of  its  description.  In 
this  method  photographic  records  are  obtained  for  any 
portion  of  the  frequency  spectrum  desired.  The  third 


361 

pressure  in  front  at  0°  and  a  minimum  in  the  slipstream 
at  180°,  possibly  owing  to  the  shielding  by  the  motor. 

As  the  propeller  in  these  tests  was  rotating  1,800 
times  a  minute,  the  frequency  of  the  fundamental  note 
was  60  cycles.  This  is  the  only  frequency  that  can  be 
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Figure  3. — Sound-measuring  equipment. 


method  consists  in  the  use  of  electrical  filters  that  pass 
isolated  frequency  bands.  Only  instrument  readings 
result  from  the  use  of  this  method.  The  layout  of 
this  equipment  is  shown  in  figure  3. 

With  the  microphone  at  a  distance  of  80  feet  from 
the  propeller,  measurements  of  sound  pressure  were 
made  every  15°  about  the  propeller  by  turning  the 
motor  through  that  angle.  In  addition  to  measuring 
the  total  sound  pressure,  the  sound  pressures  were 
measured  individually  in  five  frequency  bands  covering 
the  entire  propeller  noise  spectrum,  viz,  from  0  to  100 
cycles,  100  to  500  cycles,  500  to  1,000  cycles,  1,000  to 
5,000  cycles,  and  all  above  5,000  cycles.  These 
measurements  are  plotted  in  figure  4;  the  unit  for  the 
radius  vector  is  the  bar,  which  is  nearly  one-millionth 
of  the  normal  pressure  of  the  atmosphere. 

The  total  sound  pressure  shows  a  well-marked  peak 
at  120°,  that  is,  30°  behind  the  plane  of  rotation  in  the 
direction  of  the  slipstream;  there  is  considerable  sound 


present  in  the  sound-pressure  measurements  from  the 
0-100  cycle  band.  The  maximum  in  the  total  sound 
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Figure  4.— Polar  diagram  of  sound  pressure,  5  frequency  bands. 


pressure  at  120°  is  almost  wholly  accounted  for  by  the 
corresponding  maximum  in  this  band. 
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Figure  5.— Typical  sound-analysis  records. 
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It  is  seen  from  the  diagrams  for  the  other  frequency 
bands  that,  as  the  frequency  increases,  more  and  more 
of  the  sound  is  thrown  forward  along  the  axis.  Par¬ 
ticular  attention  may  be  directed  to  the  1,000-5,000 
cycle  band,  which  contains  mostly  vortex  noise.  It  is 
seen  to  have  a  maximum  at  0°. 

As  a  check,  a  similar  survey  was  carried  out  at  a 
distance  of  200  feet  in  a  different  direction.  Substan¬ 
tially  the  same  distributions  of  sound  pressure  were 
found  at  this  location.  The  sound  pressures  were 
reduced  in  the  inverse  ratio  of  the  distances,  as  called 
for  by  the  inverse-square  law. 

One  fact  is  plainly  evident  from  figure  4:  The  funda¬ 
mental  note  of  the  rotation  noise,  at  the  GO-cycle  j 
frequency  is  by  far  the  most  important  component  of 
the  noise.  In  order  to  obtain  more  information  about 
the  rotation  noise,  the  sound  was  analyzed  and  separate 
sound-pressure  measurements  were  made  of  the  first 
six  harmonics.  Figure  5  shows  records  obtained  of  the 
sound  analysis  covering  the  frequency  range  from  0  to 
3,000  cycles.  The  large  isolated  components  on  the 
left  are  the  harmonics  of  the  rotation  noise;  the  prac¬ 
tically  continuous  background  is  known  from  records 
of  sound  from  rotating  rods  to  be  due  to  vortex  noise. 
From  many  records  of  this  sort  the  distribution  of  the 
harmonics  about  the  propeller  may  be  obtained;  this 
distribution  is  shown  in  figure  6.  The  diagram  for  the 
fundamental  is  seen  to  check,  in  its  essentials,  the 
diagram  for  the  0-100  cycle  band  of  figure  4;  whereas 
the  other  harmonics  are  smaller  than  the  fundamental. 

From  the  standpoint  of  the  noise  engineer,  the  fore¬ 
going  information  is  adequate  to  describe  the  main 
features  of  the  problem  of  propeller  noise.  There  is, 
however,  an  additional  quantity  that  might  possibly 
be  of  use,  viz,  the  mechanical  power  radiated  as  sound. 
This  quantity  may  be  readily  calculated  from  the  data 
on  sound  pressure.  Details  of  the  calculation  may  be 
found  in  the  appendix.  The  results  of  these  calcula¬ 
tions  show  how  the  fundamental  note  increases  in  im¬ 
portance  as  the  power  supplied  to  the  propeller  in¬ 
creases;  these  results  are  shown  in  table  I.  The 
revolution  speed  was  the  same  in  all  cases.  Variation 
of  power  was  accomplished  by  changing  the  pitch 
setting  of  the  propeller  blades. 


Table  I.— POWER  RADIATED  AS  SOUND 


Frequency  band 

Power  emitted  in  sound 

Percentage  power  in 
band 

35  hp. 

70  hp. 

140  hp. 

35  hp. 

70  hp. 

140  hp. 

Cycles 

0  to  100 

Watt 

0.  0132 

Watt 

0. 100 

Watt 

0. 986 

28.  4 

49.  7 

77.0 

100  to  500  . 

.  0086 

.034 

.  158 

18.5 

17.6 

12.3 

500  to  1 ,000  -  - 

.0112 

.020 

.  040 

24.0 

10.  1 

3.  2 

1.000  to  5,000. 

.0133 

.  044 

.  0885 

28.7 

22.  1 

6.9 

5,000  up _ 

.  0002 

.001 

.0118 

.  4 

.  5 

.  6 

1  Fundamental  only. 
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For  the  engine  powers  used  in  commercial  airplanes, 
the  power  going  into  the  form  of  sound  will  evidently 
mostly  consist  of  the  fundamental  frequency. 

RESPONSE  OF  THE  EAR  TO  PROPELLER  NOISE 

Sound-pressure  measurements  are  of  little  value 
unless  they  can  be  interpreted  in  terms  of  aural  sensa¬ 
tion.  The  purely  physical  composition  of  the  noise  is 
known  in  some  detail;  the  problem  is  to  determine 
what  will  be  the  effect  on  the  average  ear  of  such 
sound  spectra  as  those  observed.  It  is  necessary  at 
this  point  to  consider  some  of  the  characteristics  of 
the  average  ear. 

If  one  listens  to  a  single  pure  tone  and  the  sound 
pressure  due  to  the  tone  is  doubled,  the  loudness  level 
appears  to  have  increased  only  slightly.  The  range  of 
loudness  level  that  the  ear  appreciates  is  very  much  less 
than  the  range  of  sound  pressure  that  produces  it. 
For  this  reason,  the  ear  is  sometimes  said  to  possess  a 
logarithmic  response,  over  a  limited  range,  to  sound 


pressures  on  the  eardrum,  although  the  response  is 
actually  so  very  approximately  logarithmic  that  it  can¬ 
not  he  represented  by  any  simple  formula. 

As  a  result  of  this  approximately  logarithmic  re¬ 
sponse  of  the  ear,  the  decibel  scale  for  representing  this 
response  has  come  into  existence.  This  scale  has 
proved  so  convenient  in  acoustical  work  that  it  is  used 
not  only  to  represent  loudness  level,  which  is  a  psy¬ 
chological  quantity,  but  also  to  represent  a  purely 
physical  quantity  known  as  “ intensity  level.”  Any 
sound  whatever  that  gives  rise  to  a  sound  pressure  p 
at  any  point  in  free  space  is  said  to  have  an  intensity 
level  of  20  logI0  (5,000  p)  decibels  at  that  point  (p 
expressed  in  bars).  Obviously  one  can  draw  no  con¬ 
clusions  about  the  loudness  of  the  sound  from  a  knowl¬ 
edge  of  the  intensity  level  alone.  The  sound  must  be 
compared  with  some  other  sound  arbitrarily  selected  as 
a  standard  of  loudness  level.  The  reference  has  been 
agreed  upon  to  be  a  pure  1,000-cycle  note  and  the 
loudness  level  of  any  sound  is  now  defined  as  the 
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intensity  level  of  the  equally  loud  1,000-cycle  note 
(reference  5).  Thus  a  rather  vague  psychological 
quantity  has  been  defined  in  terms  of  a  purely  physical 
quantity  and  has  been  rendered  accessible  to  ordinary 
physical  measurements,  provided  that  it  is  possible  to 
determine  what  is  the  “equally  loud  1,000-cycle  note.” 

This  comparison  may  be  made  in  two  ways:  By 
direct  observation  or  by  computation  based  upon  pre¬ 
vious  comparisons. 

The  loudness  levels  of  pure  tones  are  quite  accu¬ 
rately  known  (reference  6);  the  accepted  data  are 
shown  in  figure  7.  The  value  on  each  curve  at  the 
1,000-cycle  ordinate  is  the  loudness  level. 

Practically  all  noise,  however,  is  made  up  of  complex 
sounds.  The  loudness  level  of  a  complex  sound  is 
not  obtained  simply  by  adding  the  individual  loudness 
levels  of  the  components;  owing  to  the  phenomenon 
known  as  “masking”,  certain  of  the  components  will 
contribute  more  to  the  total  loudness  level  than  others. 
The  computation  of  the  loudness  level  of  a  complex 


Figure  7. — Loudness-level  contours  for  pure  tones.  (Reprinted  from  reference.) 


sound  is  quite  a  complicated  process  and  the  interested 
reader  is  referred  to  the  original  publication  for  details 
(reference  6).  No  sound-  or  noise-meter  has  vet  been 
devised  that  responds  to  sounds  in  the  same  way  as 
the  human  ear,  and  there  is  very  little  likelihood  of  such 
an  instrument  coming  into  existence.  Consequently, 
accurate  values  of  loudness  level  will  not  be  obtained 
directly  from  any  microphone-amplifier  system  for 
some  time  to  come  but  will  have  to  be  either  computed 
or  obtained  by  comparison  with  a  1,000-cycle  note. 

The  sound  pressures  recorded  graphically  in  figure 
4  were  converted  into  intensity  levels  and  the  loud¬ 
ness  levels  about  the  propeller  at  80  feet  were  com¬ 
puted.  Assuming,  then,  that  the  sound  pressure  falls 
off  inversely  as  the  distance,  the  intensity  levels  to  be 
expected  at  32,  200,  500,  and  1,250  feet  were  calcu¬ 
lated.  These  distances,  together  will)  the  original  one 
of  80  feet,  form  a  series  with  a  common  factor  of 
2 y2.  From  the  new  intensity  levels  the  loudness  levels 


at  those  distances  were  obtained;  the  levels  appear  as 
the  solid  lines  in  figure  8. 

It  is  seen  that  these  levels  bear  little  resemblance  to 
the  curves  of  figure  4  from  which  they  were  com¬ 
puted.  The  strong  120°  peak  so  distinctive  in  the  polar 
diagram  of  sound  pressure  evidently  is  no  louder  to  the 
ear  than  the  high-frequency  sound  in  front  at  0°. 
The  result  is  that  the  polar  diagram  of  loudness  level 
is  very  nearly  circular. 

An  experimental  check  of  some  kind  upon  these  loud¬ 
ness  levels  would  be  desirable.  It  is  impracticable  to 
employ  the  same  procedure  used  at  80  feet,  i.  e.,  to 
make  a  complete  survey  of  the  intensity  level  about 
the  propeller  from  which  to  compute  the  loudness 
levels.  In  addition  to  a  prohibitive  amount  of  work, 
the  experimental  difficulties  of  determining  the  in¬ 
tensity  levels  at  the  largest  distances  in  the  presence  of 
a  high-background  noise  level  would  be  considerable. 
In  such  cases  quick  and  reasonably  accurate  results 
can  be  obtained  bv  the  method  of  masking. 

In  this  method  a  tuning  fork  is  set  into  vibration 
with  a  definite  amplitude;  during  the  period  of  decay 
of  the  vibration  it  is  held  close  to  the  ear.  By  means 
of  a  stop  watch  the  time  necessary  for  the  sound  from 
the  fork  to  vanish  is  measured.  This  time  is  a  measure 
of  the  loudness  level  of  the  noise  present  that  masks 
the  sound  from  the  fork.  Since  the  amplitude  of 
vibration  of  the  fork  decays  exponentially,  the  readings 
from  the  watch  may  be  adjusted  to  read  decibels 
directly  (reference  7).  In  the  case  of  propeller  noise, 
the  readings  of  the  instrument  are  closely  equal  to  the 
actual  loudness  level. 

Observations  were  made  with  this  instrument  at  the 
five  distances,  at  15°  intervals  about  the  propeller. 
The  results  are  shown  as  the  dotted  curves  in  figure  8. 
It  is  seen  that  at  32  feet  the  observed  values  are  higher 
than  the  calculated  values;  that  at  80  feet  and  200  feet 
the  agreement  is  good;  and  that  at  the  two  farthest 
distances  the  observed  values  are  less  than  the  calcu¬ 
lated  values. 

The  deviations  at  the  far  distances  can  be  accounted 
for  by  the  work  of  Knudsen  on  the  absorption  of  sound 
(reference  8).  lie  has  shown  that  owing  to  humidity 
the  atmospheric  absorption  of  sound  may  be  many 
times  the  value  predicted  by  the  classical  theory.  The 
sound  pressure  p  at  a  distance  r  from  the  source  is 
related  to  the  sound  pressure  p0  that  would  exist  if 
there  were  no  absorption  in  the  following  manner: 

p=Po  e~mr 

where  m  is  an  experimental  constant  shown  in  figure  9, 
taken  from  Knudsen’s  paper.  The  value  of  m  is  a 
maximum  at  certain  values  of  the  humidity. 

On  the  day  that  the  data  were  taken  at  the  500-foot, 
position  the  humidity  was  30  percent,  giving  a  drop  in 
intensity  level  of  4)2  decibels  at  3,000  cycles;  this  drop 
causes  the  computed  loudness  level  of  the  composite 
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noise  to  decrease  7  decibels.  It  is  interesting  to  note 
that  the  drop  occurs  mostly  in  front,  where  the  high- 
frequency  vortex  noise  is  a  maximum.  In  fact,  the 
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other.  The  result  is  distortion  and  the  introduction  of 
new  frequencies  that  will  contribute  to  the  loudness 
level.  Especially  is  this  true  if  the  high-frequency 
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instrument  readings  are  slightly  higher  than  the  calcu¬ 
lated  values  at  120°  where  the  noise  consists  almost 
wholly  of  the  60-cycle  fundamental,  which  is  not  sub¬ 
ject  to  atmospheric  absorption  to  an  appreciable 
extent. 

The  observations  at  1,250  feet  were  made  at  a  time 
when  the  relative  humidity  was  80  percent,  giving  a 
drop  in  intensity  level  of  8  decibels  at  3,000  cycles; 
the  computed  loudness  level  of  the  composite  noise 
decreases  1 1  decibels  as  a  result  of  absorption  with  these 
atmospheric  conditions.  The  same  elfects  were  ob¬ 
served  here  as  at  500  feet:  most  of  the  drop  occurred 
in  front  of  the  propeller. 

This  progressive  loss  of  high  frequencies  with  dis¬ 
tance  accounts  for  the  fact  that  a  distant  aircraft  always 
seems  to  emit  only  the  fundamental  note,  with  perhaps 
a  few  harmonics. 

The  deviations  from  the  calculated  loudness  levels 
at  32  leet  are  accounted  for  by  a  wholly  different  effect. 
At  this  distance  the  intensity  level  is  so  high  that  recti¬ 
fication  takes  place  in  the  ear,  i.  e.,  some  part  of  the 
hearing  mechanism  is  vibrated  so  violently  that  the 
displacement  is  greater  in  one  direction  than  in  the 


components  are  modulated  at  the  frequency  of  rota¬ 
tion.  Such  high  intensity  levels  have  been  studied  in 
the  N.  A.  C.  A.  sound  laboratory  with  the  view  of 


Figure  9.— Values  of  absorption  coefficient  m. 

permitting  a  better  interpretation  of  loudness  levels 
close  to  a  propeller  (reference  9).  On  the  basis  of  this 
work  an  increase  in  loudness  level  of  about  10  decibels 
would  be  expected  at  the  32-foot  position.  This  is 
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roughly  the  increase  noted.  In  addition,  an  increase 
of  3  decibels  would  be  expected  at  80  feet.  There  is 
doubt  whether  this  increase  was  actually  observed. 

CONCLUSION 

The  fundamental  note  of  the  rotation  noise,  of  fre¬ 
quency  equal  to  twice  the  number  of  rotations  per 
second,  is  the  most  important  physical  component  of 
the  noise  from  a  two-blade  propeller.  This  note  is  a 
maximum  30°  behind  the  plane  of  rotation  in  the  slip¬ 
stream  and  is  a  minimum  on  the  axis  of  rotation  in 
both  directions.  This  sound  may  be  identified  with 
the  “roar.” 

The  next  most  important  component  of  propeller 
noise  is  the  sound  arising  from  the  periodic  release  of 
vortices  from  the  blades.  This  noise  may  be  identi¬ 
fied  with  the  “swish”  or  tearing  sound,  is  a  maximum 
on  the  axis  in  both  directions,  and  is  a  minimum  in 
the  plane  of  rotation. 

Owing  to  absorption  of  high  frequencies  in  the 
atmosphere  and  to  distortion  in  the  car  at  high  levels, 
the  fundamental,  together  with  the  first  few  har¬ 
monics,  is  almost  the  only  sound  heard  at  very  great 
and  very  short  distances  from  the  propeller.  At 
intermediate  distances  where  neither  of  these  effects 
is  great  the  vortex  noise  is  of  sufficient  magnitude  to 
contribute  to  the  loudness  level.  The  loudness  level 
at  a  given  distance  is  very  nearly  the  same  at  all 
angles  about  the  propeller,  although  the  quality  under¬ 
goes  considerable  change  with  angle.  It  seems  prob¬ 
able  that  a  propeller  operating  under  full  power  will 
actually  exhibit  a  small  peak  of  loudness  level  where 
the  fundamental  is  a  maximum. 

As  far  as  the  occupants  of  an  aircraft  are  concerned, 
the  fundamental  is  the  most  objectionable  component 
of  the  noise  for  (1)  it  masks  speech  readily  and  (2) 
insulation  against  this  low  frequency  is  difficult.  No 
great  improvement  can  result  from  any  scheme  of 
silencing  that  does  not  include  a  reduction  in  the 
magnitude  of  this  component. 


National  Advisory  Committee  for  Aeronautics, 
Langley  M  emorial  Aeronautical  Laboratory, 
Langley  Field,  Va.,  January  17,  1935. 


APPENDIX  OF  ACOUSTICAL  TERMS 

(1)  Sound  pressure. — The  fluctuation  of  atmospheric 
pressure  about  the  mean  due  to  the  presence  of  sound 
waves.  The  average  value  is  zero;  the  figures  always 


refer  to  root  mean  square  values.  The  unit  is  the  bar, 
or  dyne/cm2,  about  one-millionth  of  an  atmosphere. 

(2)  Sound  intensity. — The  power  transfer  across  unit 
area  due  to  the  passage  of  a  sound  wave.  In  the 
case  of  spherical  waves  such  as  emanate  from  a  pro¬ 
peller,  the  intensity  is 

p  * 

T  V  ,  ,  9 

i  — - microwatts  per  cnr 

420  1 

at  a  point  where  the  sound  pressure  is  p,  expressed 
in  bars,  at  ordinary  temperatures  and  pressures. 

(3)  Acoustical  power — Mechanical  power  in  sound. 
In  the  case  of  a  propeller  near  the  ground,  in  which 
the  radiation  is  confined  to  a  hemisphere  of  area 
2irr~  at  radius  r,  the  total  power  lost  is 

2?r 

P=2irr  I— -  (nr)2  microwatts 

420  U  ' 

This  relation  only  holds  if  p  is  measured  in  free  space 
with  waves  spherically  divergent  from  the  source. 
Where  the  value  of  p  is  not  the  same  at  all  positions 
about  the  source  at  constant  distance  r,  it  is  permiss¬ 
ible  to  use  the  mean  value  of  p2  at  this  distance.  This 
procedure  was  followed  in  calculating  the  acoustical 
output  of  the  propeller. 

(4)  Intensity  level. — A  physical  quantity  related  to 
sound  pressure  by  the  expression 

Intensity  level=20  logi0  (5,000  p)  decibels 
where  p  is  expressed  in  bars  and  is  measured  in  free 
space. 

Typical  values  of  intensity  level  are  given  in  the 
following  table: 


Sound 

pressure 

Intensity 

level 

Bars 

Decibels 

0.  0002 

0 

.001 

11 

.01 

34 

.  1 

54 

1.0 

"4 

10 

04 

20 

100 

100 

114 

A  peculiarity  of  the  decibel  scale  is  that  if  two  equal 
intensity  levels  are  added,  the  sum  is  always  3  decibels 
greater  than  either;  i.  e.: 

1  db-f-  1  db=  4  db 
40  db  +  40  db=43  db 
90  db  +  90  db=93  db 

Hence  if  both  the  engine  and  the  propeller  of  an  air¬ 
craft  gave  rise  to  an  intensity  level  of  100  decibels 
together  and  the  propeller  noise  were  completely 
eliminated,  the  resulting  intensity  level  would  be  97 
decibels,  assuming  original  equality. 

(5)  loudness  level. — A  psychological  quantity,  de¬ 
fined  in  physical  terms  as  the  intensity  level  of  the 


NOISE  FROM  TWO-BLADE  PROPELLERS 


367 


equally  loud  1, 000-cycle  note,  and  therefore  expressed 
in  decibels.  For  example,  the  loudness  levels  of 
several  pure  notes  are  given  below,  taken  from  figure  7. 


Intensity 

level 

Frequency 

Loudness 

level 

Decibels 

Cycles 

Decibels 

.50 

60 

1 

50 

100 

19 

50 

000 

43 

50 

1,000 

50 

70 

60 

42 

70 

100 

58 

70 

300 

69 

70 

1,000 

70 

The  minimum  change  in  loudness  level  that  can  be 
detected  by  the  ear  varies  from  0.3  to  9  decibels  de¬ 
pending  upon  the  frequency  and  intensity  level. 

(6)  Masking. — The  change  in  loudness  level  of  any 
sound  due  to  the  presence  of  another  sound.  The 
unit  is  the  same  as  for  loudness  level,  the  decibel. 
For  example,  an  1, 100-cycle  note  of  60  decibels  loud¬ 
ness  level  by  itself  appears  to  have  a  loudness  level  of 
only  22  decibels  when  an  800-cycle  note  of  60  decibels 
loudness  level  accompanies  it.  The  masking  there¬ 
fore  amounts  to  38  decibels.  Such  data  can  be  used 
to  determine  the  loudness  level  of  sounds. 
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AIR  FLOW  IN  A  SEPARATING  LAMINAR  BOUNDARY  LAYER 

By  G.  B. Schubauer 


SUMMARY 

The  speed  distribution  in  a  laminar  boundary  layer  on 
the  surface  oj  an  elliptic  cylinder,  oj  major  and  minor 
axes  11.78  and  3.98  inches,  respectively,  has  been  deter¬ 
mined  by  means  of  a  hot-wire  anemometer .  The  direction 
of  the  impinging  air  stream  was  parallel  to  the  major  axis. 
Special  attention  was  given  to  the  speed  distribution  in 
the  region  of  separation  and  to  the  exact  location  of  the 
point  of  separation.  An  approximate  method,  developed 
by  K.  Pohlhausen  for  computing  the  speed  distribution , 
the  thickness  of  the  layer,  and  the  point  of  separation,  is 
described  in  detail;  and  speed-distribution  curves  calcu¬ 
lated  by  this  method  are  presented  for  comparison  with 
experiment.  Good  agreement  is  obtained  along  the  for¬ 
ward  part  of  the  cylinder,  but  Pohlhausen’ s  method  fails 
shortly  before  the  separation  point  is  reached  and  conse¬ 
quently  cannot  be  used  to  locate  this  point. 

The  work  was  carried  out  at  the  National  Bureau  of 
Standards  with  the  cooperation  and  financial  assistance 
of  the  National  Advisory  Committee  for  Aeronautics. 

INTRODUCTION 

PrandtPs  postulate,  that  the  viscosity  of  the  fluid 
plays  an  important  role  only  in  a  thin  “boundary 
layer”  on  the  surface  of  a  body  in  a  moving  fluid,  has 
been  the  key  to  the  understanding  of  many  puzzling 
phenomena  occurring  in  the  flow  of  viscous  fluids. 
Subsequent  works,  both  experimental  and  theoretical, 
have  verified  the  existence  of  a  “boundary  layer”  and 
have  given  conclusive  evidence  that  the  radical  differ¬ 
ence  between  the  behavior  of  an  ideal  fluid  and  that  of 
a  viscous  fluid  is  due  to  the  presence  of  a  boundary 
layer  and  the  wake  resulting  from  its  separation  from 
the  surface  of  the  body. 

In  the  region  of  potential  flow  outside  the  boundary 
layer  and  wake  the  effect  of  viscosity  is  negligible; 
hence  the  mathematical  theory  pertaining  to  the  flow 
of  a  nonyiscous  fluid  may  be  applied,  a  procedure 
which  obviously  finds  greatest  application  in  the  treat¬ 
ment  of  flow  about  body  forms  on  which  separation  is 
delayed  and  for  which  the  wake  is  small.  While  the 
flow  within  the  boundary  layer  must  be  treated  as  vis¬ 
cous,  much  of  the  difficulty  was  avoided  by  Prandtl, 
who  derived  a  general  equation  of  motion  on  the 


assumption  that  the  boundary  layer  is  thin  compared 
to  the  dimensions  of  the  body.  Thus,  excluding  the 
wake,  it  might  appear  possible  to  work  with  two  re¬ 
gions,  one  being  the  boundary  layer  and  the  other  the 
region  outside,  each  governed  by  its  own  set  of  laws. 
A  more  careful  consideration  shows,  however,  that 
each  has  an  effect  upon  the  other,  and  that  no  satisfac¬ 
tory  solution  of  the  problem  as  a  whole  can  be  obtained 
without  treating  the  two  simultaneously.  At  present 
this  is  impossible. 

It  has  been  found  that  the  velocity  distribution  in 
the  boundary  layer,  its  thickness,  and  its  tendency  to 
separate  from  the  surface  of  the  body  are  governed 
almost  entirely  by  the  velocity  distribution  in  the 
region  of  potential  flow  outside  the  layer.  The  pro¬ 
cedure  adopted,  therefore,  is  to  measure  the  velocity 
distribution  outside  the  layer  and  to  use  this  as  a  basis 
for  calculating  the  flow  within  the  layer  itself.  This 
procedure  takes  the  place  of  the  familiar  one  used  in 
potential  theory,  that  of  using  the  shape  of  the  body  as 
the  basis.  A  treatment  of  the  former  type,  employing 
the  K  arm  an  integral  equation,  has  been  developed 
bv  K.  Pohlhausen  (reference  1).  Unfortunately  this 
treatment  is  approximate  and  experimental  data  are 
necessary  to  test  the  validity  of  the  assumptions  made. 

The  flow  in  the  boundary  layer  described  by 
PrandtPs  equation  is  termed  “laminar  flow.”  It  is 
well  known  that  as  the  layer  thickens  this  type  of  flow 
breaks  down  and  is  replaced  by  turbulent  (low.  If  it 
be  desired  to  maintain  laminar  flow,  transition  to  the 
turbulent  state  may  always  be  avoided  by  a  sufficient 
lowering  of  the  Reynolds  Number. 

The  present  paper  describes  a  study  of  the  flow  in  a 
laminar  boundary  layer  formed  in  the  two-dimensional 
flow  around  an  elliptic  cylinder  oriented  with  its  major 
axis  parallel  to  the  air  stream  of  a  wind  tunnel.  Meas¬ 
urements  of  the  speed  distribution  in  the  layer  have  been 
made  by  means  of  a  hot-wire  anemometer,  and  extend 
from  the  origin  of  the  layer  to  and  beyond  the  region 
where  it  separates  from  the  surface  of  the  cylinder. 
The  Reynolds  Number  has  been  so  chosen  that  the  flow 
in  the  boundary  layer  does  not  become  turbulent  before 
separation.  The  purpose  of  the  study  was  to  test 
Pohlhausen’s  approximate  solution  of  the  Karman 
integral  equation,  especially  in  the  region  of  separation. 
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While  a  treatment  of  boundary-layer  theory  may 
readily  be  found  in  the  literature  (for  example,  in 
reference  1,  which  includes  also  Pohlhausen’s  solution) 
a  brief  discussion  is  included  for  conveniently  judging 
the  validity  of  the  approximations  as  applied  to  the 
problem  at  hand. 


I.  DEFINITIONS  OF  SYMBOLS 


We  shall  adopt  a  curvilinear  system  of  coordinates  in 
which  x  denotes  distance  along  the  curved  surface  of  the 
elliptic  cylinder  measured  from  the  forward  stagnation 
point  and  y  distance  normal  to  and  measured  from  the 
surface.  The  radius  of  curvature  of  the  surface,  and 
hence  of  the  x  axis,  will  be  denoted  by  r.  Since  y  will 
always  be  small,  we  shall  neglect  its  curvature.  The  x 
and  y  components  of  velocity  in  the  boundary  layer 
will  be  denoted  by  u  and  v,  respectively,  and  the  x  com¬ 
ponent  of  velocity  just  outside  the  boundary  layer,  by 
U.  The  pressure  of  the  air  at  any  point  in  the  layer 
will  be  denoted  by  p. 

We  shall  find  it  convenient  at  the  outset  to  express 
distances,  speeds,  and  pressure  in  terms  of  correspond¬ 
ing  reference  quantities  as  the  units,  denoted  respec¬ 
tively,  by  L,  Uo  and  P0.  The  minor  axis  of  the  ellipse 
(L= 3.98  inches)  is  selected  as  the  reference  length. 
The  speed  of  the  undisturbed  stream  of  the  wind  tunnel 
is  chosen  as  the  reference  speed;  that  is,  the  air  speed 
that  would  prevail  in  the  empty  tunnel  at  the  position 
to  l)e  occupied  by  the  leading  edge  (forward  stagnation 
point)  of  the  elliptic  cylinder  ( U0 ,  about  11.5  feet  per 
second).  The  reference  pressure  (really  a  pressure  dif¬ 
ference)  conveniently  follows  as  the  pressure  rise  when 
air  of  initial  speed  U0  is  brought  to  rest  by  impact, 


i.  e.,  jP0=/£  p  U02,  where  p  is  the  air  density.  The 
Reynolds  Number  R  is  defined  as  where  v  is  the 


kinematic  viscosity  of  the  air. 

The  foregoing  quantities  are  made  dimensionless  as 
follows: 


x  y  r  u  v  p  __  p 
r  T  L’  Uo  U’  Po~WpW 


In  order  to  avoid  writing  quotients,  the  symbols  x,  y, 
r,  u,  v,  U,  and  p  will  be  used  to  denote  dimensionless 
quantities  in  the  remainder  of  the  paper,  the  division 
by  the  appropriate  reference  quantity  being  inferred. 
The  symbols  with  their  new  meaning  are  summarized 
as  follows: 

L,  Length  of  minor  axis  of  elliptic  cylinder. 

x,  Distance  along  the  curved  surface  of  the  elliptic 

cylinder  at  right  angles  to  the  axis  of  the  cyl¬ 
inder  and  measured  from  the  forward  stagna¬ 
tion  point,  divided  by  L. 

y,  Distance  normal  to  and  measured  from  the 

surface  divided  by  L. 

r,  Radius  of  curvature  of  the  surface  divided  by 
L. 


u,  x  component  of  velocity  in  the  boundary  layer 

divided  by  U0. 

U,  x  component  of  velocity  in  the  region  of  poten¬ 
tial  flow  just  outside  the  boundary  layer 
divided  by  U0. 

v,  y  component  of  velocity  in  the  boundary  layer 

divided  by  U0. 

p,  Pressure  of  the  air  divided  by  P0. 

For  describing  the  separated  boundary  layer  xh  and 
yh  are  introduced. 

xh,  Distance  divided  by  L,  the  same  as  x  up  to 
the  point  of  separation,  but  parallel  to  the 
major  axis  of  the  ellipse  beyond  this  point. 
yb)  Distance  divided  by  L  perpendicular  to  x,b 
with  origin  on  the  major  axis  of  the  ellipse  or 
the  major  axis  produced. 

( xb ,  yb)  is  any  point  aft  of  the  separation  point. 
Figure  13  may  help  the  reader  to  visualize  some  of 
the  foregoing  quantities. 


II.  BOUNDARY-LAYER  THEORY 


I.  GENERAL  EQUATION 

The  experimental  conditions,  a  steady  two-dimension¬ 
al  flow  of  air  at  speeds  so  low  that  compressibility  may 
be  neglected,  makes  possible  an  immediate  simplifica¬ 
tion  of  the  Navier-Stokes  equations  (reference  2). 
Their  simplified  and  appropriate  form,  given  by  Fuclis- 
Hopf  (reference  3)  in  our  particular  curvilinear  co¬ 
ordinate  system  and  written  here  nondimensionally,  is 


du  .  du 

p  v-k- 

ox  dy 


uv  _  l/d2u  d2u  1  du 
r  Ii\dx2'  dy2  r  dy 

1  dp 

2  dx 


2  dv  u  .v 
r  dx  r2  Tr2 


(1) 


dv  dv  u2  __  \/d2v  dUv  .  2  du  1  dv 
Udx'Vdy  r  R\dx2  '  dy2  r  dx  r  dy 

1  dp 
~2  dy 


u  dr 
r2  dx 


(2) 


These  together  with  the  equation  of  continuity 


du  .  dv  __v 
dx  '  dy  r 


(3) 


are  the  equations  of  motion  of  a  viscous  fluid  from 
which  a  mathematical  treatment  of  boundary-layer 
flow  may  begin. 

A  boundary-layer  equation  was  derived  by  Prandtl 
(reference  4)  from  equations  in  rectangular  coordinates 
corresponding  to  (1),  (2),  and  (3)  by  neglecting  terms 
that  become  unimportant  when  the  treatment  is  ap¬ 
plied  to  a  thin  layer  of  thickness  5  (5  is  also  expressed 
with  L  as  the  unit).  The  terms  that  may  be  neglected 
were  found  by  a  consideration  of  relative  orders  of 
magnitude.  Although  the  quantities  retained  are,  on 
the  average,  of  a  higher  order  of  magnitude  than  those 
neglected,  in  certain  regions  some  of  the  former  assume 
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very  small  values  and  even  change  sign.  In  these 
regions  some  of  the  neglected  quantities  may  be  of  a 
higher  order  than  some  of  those  retained  but,  from  the 
form  of  the  equations,  it  does  not  appear  that  this  will 
introduce  any  significant  additional  uncertainty. 
The  ultimate  test  of  the  accuracy  of  the  approxima¬ 
tion  formulas  is  the  agreement  between  calculation  and 
observation. 

In  the  following  discussion  we  shall  use  the  expres¬ 
sion  “of  the  order  of”  (designated  by  the  symbol  0)  to 
mean  the  maximum  order  attained  by  a  given  quantity. 
For  example,  when  u  is  said  to  be  0(1),  u  may  reach 
values  ±1  or  even  ±10,  but  it  may  at  times  have 
much  smaller  numerical  values,  even  zero.  A  factor 
of  10,  or  possibly  greater,  is  not  to  be  considered  as 
sufficient  to  change  the  order  of  magnitude  but  a 
factor  of,  let  us  say,  100  places  the  quantity  in  a  higher 
order. 


Experimentally  we  find  sufficient  justification  for 
writing 

.  Tr  du  d2u  ,  dU  ,  . 

x-  A  u>  u’  di  a? and  ar ore  0(1) 


du  . 


dy 


IS 


d2u  . 


In  the  boundary  layer  the  inertial  and  frictional  forces 
are  assumed  to  be  of  nearly  equal  importance;  hence 
the  inertial  and  frictional  terms  in  equations  (l)  and 
(2)  must  be  of  the  same  order  of  magnitude.  In  order 
to  satisfy  this  requirement,  5  must  be  such  that  R  in 

equation  (la)  is  o/^J;  and,  to  satisfy  equation  (2a) 


at  the  same  time,  must  be  0(1). 

The  assumption  of  a  thin  layer  means  that  5  is  small 
compared  to  1,  and  hence  that  terms  0(5)  or  smaller 
may  be  neglected.  When  this  is  done,  equation  (1) 
becomes 


du  du  1  d2u  1  dp  (4) 

Udx+Vdy~R  dy'2 ~ 2  dx 


and  equation  (2),  while  of  no  importance  in  the  dis¬ 
cussion  to  follow  other  than  to  indicate  that  J-  is 

dy 

0(1),  becomes 


1  dp_u2 

2  dy  r 


Equation  (3)  reduces  to 


du  dv 
dx'dy 


(5) 


From  Bernoulli’s  theorem  (p+  U2= constant,  bear¬ 
ing  in  mind  that  this  equation  is  in  dimensionless 
form) 

Tx  is  0(1) 

dv  v 

Equation  (3)  indicates  that  -  is  0(1).  Since 

dv 

v  can  safely  be  assumed  to  be  0(5),  ^  must  be  0(1). 

Consideration  of  the  order  of  mangitude  of  v  indicates 
that  it  is  a  reasonable  assumption  to  assign  values 


00 


d2v 


0(5)  to  and  and  a  value  0(  -  J  to 


dx 


d2_v 
dy 2 


Equations  (1)  and  (2)  are  now  rewritten  with  orders 
of  magnitude  replacing  the  terms  themselves,  except 


for  R  and  v-  which  are  as  vet  undetermined. 
dy 


1 


0(1)  +  0(1)  —  0(5)=^[0(l)  +  0(^)-0(y)-0(5)  —  0(1) 


5' 


+  0(5)]  — 0(1) 


(la) 


0(S)  +  0(S)  +  0(l)=g[0(«)  +  oC)+0(l)  +  0(l)-0(l) 

—  o©]— J  (2a) 

1  r  for  the  elliptic  cylinder  goes  from  0.17  at  the  leading  edge  to  4.4  at  the  thickest 
section. 


Equation  (4)  is  the  bound  ary -layer  equation  sis  orig¬ 
inally  derived  by  Prandtl. 

Two  additional  results  have  come  out  of  the  preced¬ 


ing  discussion.  The  first,  that  ^  is  0 (R),  not  only 

indicates  one  experimental  requirement  for  the  validity 
of  equation  (4)  but  shows  us,  to  order  of  magnitude  at 

least,  that  5  varies  as  — Tf\  when  equation  (4)  is  valid. 

y/t 

By  momentum  considerations  the  law  is  actually  found 


to  be  8  =  K—ijk>  where  K  is  an  unknown  constant  of 

*Y  li 

0(1).  The  second,  that  is  0(1),  shows  that  the 

change  in  pressure  across  the  boundary  layer  from 
y = 0  to  y= 5  is  0(5).  The  significance  of  the  latter 
deduction  is  that  a  pressure  measured  at  some  point 
on  the  surface  of  the  cylinder  may  be  regarded  as  the 
pressure  in  the  boundary  layer  and  in  the  potential 
flow  just  beyond  it,  anywhere  along  the  normal  to  the 
surface  from  that  point,  and  hence  may  be  used  to 
compute  the  speed  in  the  potential  flow  by  Bernoulli’s 
equation. 

At  the  surface  u  and  v  are  zero.  As  y  increases, 
u  asymptotically  approaches  IJ,  the  speed  in  potential 
flow  outside  the  boundary  layer.  'U  is  usually  a 
function  of  x;  and  just  beyond  the  boundary  layer 
may  be  regarded  as  a  function  of  x  alone,  its  change 
with  y  in  the  potential  flow  being  of  a  lower  order  of 
magnitude  than  within  the  boundary  layer. 
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In  potential  flow  we  have  by  Bernoulli’s  theorem 
p~ h  U2=poJr  Uq2 

where  p  and  p0  are  the  dimensionless  pressure  for  the 
points  with  the  dimensionless  velocities  U  and  U0, 
respectively.  We  shall  choose  for  U0  the  speed  of  the 
undisturbed  stream;  and  when  we  do  so,  we  note,  upon 
reference  to  section  I,  that  its  value  is  unity.  We 
observe  also  that  p0  is  a  constant.  Replacing  Lr0  by 
unity  and  solving  for  U,  we  obtain 

U2=l  —  (p—  p0)  (6) 

Equation  (6)  is  a  relation  between  the  dimensionless 
pressure  and  the  dimensionless  speed  at  the  outer 
boundary  of  the  layer.  Differentiating  equation  (6) 

with  respect  to  x  and  denoting  by  U'  yields 


-Af=2UU’ 

ax 


(7) 


Neglecting  a  pressure  difference  0(5),  the  pressure  at 
the  surface  and  its  variation  with  x  are  related  to  U 
and  U'  by  equations  (6)  and  (7). 

Using  equations  (4),  (5),  and  (7)  an  integral  equation, 
namely,  the  “Karman  integral  equation”,  may  he 
developed  (reference  1).  It  is  expressed  as  follows: 

-2  V  f  \u-u)dy —  u£  j'“(U-u)dy 


2.  PO HI. HAUSEN'S  APPROXIMATE  SOLUTION  OF  THE  KARMAN 

INTEGRAL  EQUATION 

Equation  (8)  can  be  solved  only  when  some  relation 
between  u  and  y  is  assumed.  Pohlhausen  chose 

u=Ay+ By2 + Cy3 + Dy*  (9) 

where  A,  B,  C,  and  D  are  determined  by  the  boundary 
conditions  at  the  surface  and  at  the  outer  limit  of  the 


layer.  A  parameter  8  is  introduced  such  that  at 
y=5,  u—U.  Having  defined  8  in  this  way,  we  may 


regard  it  as  the  boundary-layer  thickness.  Since 

du 


dU 

dy 


is  of  a  lower  order  than  we  may  write  at  y—8, 

du  dU  „  rTM  ,  ,  , 

=0.  1  lie  supposition  has  been  made  that  the 

thickness  has  a  definite  finite  value;  whereas  in  the 
physical  case  u  approaches  U  asymptotically,  there 
being  no  sharp  division  between  the  boundary  layer 
and  the  region  of  potential  flow.  The  conditions  at 
5  may  he  made  to  simulate  the  asymptotic  case  more 
closely  by  imposing  the  condition  that  the  curve  of 
equation  (9)  shall  reach  the  line  u=  U  with  zero  curva¬ 
ture.  As  outer  boundary  conditions  we  have  therefore 

TJ  du  n  d2u  _  , 

u=  U>  fry=d,  foj2  =  d  at  2/=5 

As  inner  boundary  conditions  c  have 


dhc_R  dp 
dy2  2  dx 


UU'R  at  y= 0 


bv  equations  (4)  and  (7),  since  u=  0  and  v=d. 

When  these  four  conditions  are  applied,  equation  (9) 
becomes 


where  X=  U'  82  R.  Equation  (10)  represents  a  family 
of  curves,  with  8  as  parameter,  satisfying  the  inner  and 
outer  boundary  conditions. 

In  keeping  with  the  foregoing  conditions,  the  upper 
limit  of  the  integrals  in  equation  (8)  may  be  written  8 
instead  of  oo  since  U — u  is  zero  when  y  is  greater  than  8. 
When  this  is  done  and  u  as  given  by  equation  (10)  is 
introduced  into  equation  (8),  the  integrations  with 
respect  to  y  may  be  performed.  Introducing,  for 
convenience,  \—U'  z  and  z—R  82  and  making  the 
differentiations  with  respect  to  x  indicated  in  (8), 
the  variables  being  U,  U',  and  z,  we  obtain  finally 


dz 

dx 


0.8 


-9072  +  16 


)70.4\— (47.4  +  4.8  X2  -  (l  +  X’] 


U(  — 213.12  +  5. 76X+X2) 


(11) 


When  U,  U'  and  U"  are  known  functions  of  x,  equa¬ 
tion  (1 1)  may  be  solved  for  0.  The  method  of  obtain¬ 
ing  the  solution  is  given  in  section  III.  For  example, 
at  some  particular  value  of  x,  say  X\,  zx  is  found  by 
solving  (11).  From  z=R  82  and  X=  U'  z  the  partic- 


IX 

ular  values  an(l  Xi=I7/i  zx,  where  U\  is  the 

value  of  U'  at  xx,  may  be  found  and  substituted  in 
(10).  The  result  is 


u=  TJX 


2  +  — 
“  '  6 


V  2i 


yjR-£r(yM2+ 


(-2  +  1)  _  (1+) 

•+W.«)3++++VK)* 


(V^i)3 


(12) 


where  Ux  is  the  value  of  U  at  xx.  Equation  (12)  is  a 
relationship  between  u  and  y^R  at  the  point  xx. 

Since  \x,  zx  and  8X  are  constants  and  y y7f  is  y\  jr 
the  (y  \R,  u)  curve  is  the  same  for  all  values  of 


the  Reynolds  Number  as  long  as  the  assumptions 
underlying  the  boundary-layer  equations  are  valid. 
Since  the  true  curve  can  be  represented  only  approxi¬ 
mately  by  a  fourth-degree  equation,  equation  (12) 
can  lead  to  only  an  approximate  solution. 
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Separation  of  the  flow  from  the  surface  occurs  when 
the  fluid  in  the  inner  part  of  the  boundary  layer  has 
lost  sufficient  kinetic  energy  through  friction  to  fail 
to  advance  farther  into  a  region  of  rising  pressure. 
Back  of  the  position  where  the  fluid  comes  to  rest, 
the  higher  pressure  downstream  causes  reversed  flow 
and  the  consequent  accumulation  of  fluid  crowds  the 
main  flow  away  from  the  surface.  The  point  where 
the  fluid  comes  to  rest,  just  back  of  which  the  flow 
reverses  in  direction,  is  the  separation  point.  Analy¬ 
tically,  separation  will  occur  when  the  initial  slope  of 


and  is  54  inches  in  length.  It  was  mounted  verti¬ 
cally  between  the  upper  and  lower  faces  of  a  54-inch 
octagonal  wind  tunnel,  thus  extending  completely 
across  the  tunnel  from  one  face  to  the  opposite  face. 
The  surface  was  made  smooth  by  alternate  varnishing 
and  sandpapering  and  finally  by  polishing  with  crocus 
paper.  Around  one  side  2J4  inches  below  the  hori¬ 
zontal  mid-section  of  the  tunnel,  16  pressure  orifices 
were  inserted  for  obtaining  the  pressure  distribution 
over  the  surface.  The  connections  were  copper  tubes 
of  0.04-inch  inside  diameter  extending  from  the  outer 


Figure  1.— Photograph  showing  elliptic  cylinder  and  hot-wire  anemometer.  The  microscope  as  it  was  set  for  viewing  the  wire  is  also  shown. 


the  curve  representing  equation  (10)  changes  from  a 
positive  to  a  negative  value.  This  occurs  when  the 
initial  slope  is  zero;  that  is,  when  the  first  term  of 
equation  (10)  is  zero.  The  criterion  for  separation 
resulting  from  Pohlliausen’s  solution  is  then 
\=  U'52R=  — 12. 

III.  experimental  study  of  boundary  layer 

I.  DESCRIPTION  OF  ELLIPTIC  CYLINDER  AND  HOT-WIRE 
ANEMOMETER 

1  he  elliptic  cylinder  is  of  wooden  construction,  with 
niajor  and  minor  axes  of  11.78  inches  and  3.98  inches, 


surface  to  the  hollow  interior  of  the  cylinder  and  thence 
to  the  outside  of  the  tunnel  where  connection  could 
be  made  to  a  manometer.  The  number  and  distance 
of  each  orifice  measured  along  the  surface  from  the 
stagnation  point  are  given  in  the  first  and  second 
columns  of  table  I. 

The  hot-wire  anemometer  may  be  described  best  by 
reference  to  the  photograph  (fig.  1).  The  essential 
part  of  the  instrument  is  a  platinum  wire,  0.002  inch 
in  diameter  and  3  inches  in  length,  on  the  ends  of  the 
flexible  supporting  prongs.  The  heat  loss  from  this 
wire  when  heated  by  a  constant  electric  current  serves 
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as  an  indication  of  the  air  speed  across  it.  By  means  . 
of  the  three  micrometer  screws  in  the  small  lathe  head 
on  the  bracket  at  the  rear  of  the  cylinder,  the  wire 
could  be  moved  in  any  direction  through  a  distance 
of  about  2  inches.  A  setting  to  any  position  around 
the  surface  could  be  made  by  readjusting  the  upper 
horizontal  part  of  the  support. 

The  microscope  and  lamp  shown  in  figure  1  were 
used  to  determine  the  distance  between  the  wire  and 
the  surface,  for  a  given  micrometer  reading,  by  view¬ 
ing  the  wire  and  its  reflection  in  the  surface.  They 
were  removed  when  speed  measurements  were  being 
made. 

2.  PRESSURE  DISTRIBUTION 

An  inclined  benzol  manometer,  one  side  of  which  was 
open  to  the  still  air  of  the  tunnel  room  and  the  other 


X 

Figure  2.— Pressure  distribution  around  one  side  of  elliptic  cylinder  as  determined 

at  16  pressure  orifices. 


side  connected  to  a  calibrated  pressure  orifice  in  the 
tunnel  wall  10  feet  ahead  of  the  cylinder,  was  used  in 
measuring  air  speed  in  the  tunnel.  The  movement  of 
the  liquid  in  the  manometer  was  slight,  since  the 
speed  maintained  was  low  (about  1 1.5  feet  per  second), 
and  had  to  be  measured  by  a  traveling  microscope 
provided  with  a  micrometer  screw.  The  difference 
in  pressure  between  the  wall  of  the  tunnel  and  each 
of  16  positions  about  the  cylinder  was  obtained  by 
connecting  separately  the  pressure  orifices  in  the  cyl¬ 
inder  surface  to  the  side  of  the  manometer  previously 
open.  The  prevailing  drop  in  static  pressure  between 
the  tunnel-wall  orifice  and  the  leading  edge  of  the 
cylinder  was  subtracted  from  these  differences  to  give 
p—po,  from  which  U  was  computed  by  means  of 
equation  (6). 

After  a  setting  of  the  cylinder  with  its  major  axis 
approximately  parallel  to  the  undisturbed  air  stream, 


tiner  adjustment  of  the  orientation  was  made  until  the 
angle  of  attack  was  zero  as  indicated  by  comparison 
between  the  observed  pressure  distribution  over  the 
forward  part  of  the  cylinder  and  that  computed  from 
nonviscous  fluid  theory  for  zero  angle  of  attack  (refer¬ 
ence  5).  Exact  agreement  with  theory  could  not  be 
obtained  because  of  the  influence  of  the  boundary  layer, 
the  blocking  of  the  tunnel  stream  by  the  cylinder, 
and  the  pressure  drop  in  the  tunnel.  For  making 
boundary-layer  calculations,  however,  only  the  actual 
pressure  distribution  need  be  known.  It  may  be  re¬ 
marked  that  the  purpose  was  to  study  not  the  boundary 
layer  on  the  surface  of  an  elliptic  cylinder,  but  rather 
the  boundary  layer  on  a  surface  with  a  known  pressure 
distribution. 

The  effect  of  the  hot-wire  anemometer  and  support 
upon  the  distribution  was  determined  for  various  set¬ 
tings  about  the  surface  with  the  anemometer  lowered 
until  the  prongs  spanned  the  orifices.  Since  the  effect 
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Figure  3.— Theoretical  and  observed  speed  distributions  at  stagnation  point.  The 
theoretical  curve  was  obtained  from  ideal  fluid  theory  for  the  elliptic  cylinder  at 
zero  angle  of  attack. 

was  small  in  all  cases,  especially  ahead  of  the  prongs, 
it  was  neglected.  Pressure  distributions  were  measured 
from  time  to  time  during  the  work  as  a  safeguard  against 
accidental  shifting  of  the  cylinder.  Good  agreement 
was  always  obtained.  The  final  results  for  anemometer 
and  support  absent  are  given  in  column  3  of  table  I 
and  in  figure  2.  In  figure  2  the  theoretical  pressure 
distribution  for  flow  of  a  nonviscous  fluid  is  also  given. 

.3.  SPEED  DISTRIBUTION  IN  THE  BOUNDARY  I.AYER 

The  relationship  between  the  rate  of  cooling  of  a 
heated  wire  and  the  speed  of  the  air  across  it  is 

H=A+BjS 

where  H  is  the  heat  loss  per  degree  difference  in  tem¬ 
perature  between  the  wire  and  the  air  (in  the  preseni 
experiment,  expressed  in  watts  per  degree  Centigrade). 
S  is  the  cross-wire  air  speed,  and  A  and  B  are  function 
of  the  particular  wire  and  the  air  density.  A  and  b 
are  determined  by  measuring  II  at  known  air  speeds. 
When  II  is  plotted  as  ordinate  and  -yJS  as  abscissa, 
the  resulting  calibration  curve  is  linear.  Since  A  and 
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B  were  found  to  change  gradually  over  a  period  of 
time,  or  suddenly  if  the  wire  received  rough  treatment, 
it  was  necessary  to  calibrate  the  wire  before  and  after 
each  day’s  work.  Since  the  hot  wire  responds  equally 
well  to  flow  in  any  direction,  only  the  resultant  speed 
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Figure  4.— Speed  distributions  in  the  boundary  layer  at  three  positions  as  desig¬ 
nated  by  the  values  of  x.  Note  the  better  approach  to  the  origin  when  no  correc¬ 
tion  is  made  for  heat  loss  to  the  surface. 

can  be  measured  with  it.  For  this  reason  u  and  U 
are  termed  “speeds”  rather  than  “velocities”  when 
speaking  of  experimentally  determined  values.  Before 
the  boundary  layer  separates  from  the  surface  the 
measured  speeds  are,  with  good  approximation,  the 
x  components  of  velocity.  Wherever  the  flow  direction 
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Figure  5. — Speed  distributions  in  the  boundary  layer  at  two  positions  as  desig¬ 
nated  by  the  values  of  x. 

is  obviously  not  that  of  x,  the  superscript  *  will  be 
added,  for  example,  u*. 

Before  measurements  of  speed  distribution  were 
made,  the  effect  of  the  cylinder  surface  on  the  heat 
loss  from  the  hot  wire  in  still  air  was  determined. 
At  2  millimeters  from  the  surface  the  cooling  effect 
became  perceptible.  Within  this  distance  the  heat 
loss  to  the  surface  (expressed  as  II—  II 00 ,  where  H00  is 

71946 — 66 - 25 


the  heat  loss  in  still  air  at  a  great  distance  from  the 
surface  and  II  is  the  heat  loss  near  the  surface)  was 
determined  as  a  function  of  the  distance  y  and  the 
temperature  difference  between  the  wire  and  the 
surroundings.  It  was  recognized  at  the  time  that  the 
heat  loss  to  the  surface  is  also  a  function  of  the  air 


Figure  6.— Speed  distributions  in  the  boundary  layer. 


speed  at  the  wire  and  the  gradient  in  speed  between 
the  wire  and  the  surface.  Some  results  of  Piercy 
and  Richardson  (reference  6)  strengthen  this  view. 
No  means  were  available,  however,  for  determining 
this  relationship,  nor  were  the  results  of  Piercy  and 
Richardson  applicable.  Just  how  and  when  a  cor- 
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Figure  7.— Speed  distributions  in  the  boundary  layer.  Note  the  better  approach 
to  the  origin  when  a  correction  is  made  for  heat  loss  to  the  surface. 


rection  should  be  applied  to  eliminate  heat  loss  to  the 
surface  is  therefore  uncertain.  When  the  smooth 
approach  of  the  speed  to  zero  at  the  surface  is  used 
as  a  criterion,  the  present  results  indicate  that  a 
correction  varying  as  some  inverse  function  of  the 
speed,  as  well  as  with  distance  and  temperature 
difference,  should  be  applied. 
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Traverses  through  the  boundary  layer  were  made 
at  suitably  chosen  positions  on  the  surface.  At  each 
position  measurements  of  the  speed  were  made  from 
well  outside  the  boundary  layer  to  within  0.2  milli¬ 
meter  of  the  surface.  The  intervals  moved  were  read 
from  the  scale  attached  to  that  one  of  the  three 
micrometer  screws  which  was  employed  at  the  time 
in  moving  the  wire.  The  final  distance  y  was  deter- 


Figure  8.— Speed  distributions  in  the  boundary  layer.  Note  the  better  approach 
to  zero  when  a  correction  is  made  for  heat  loss  to  surface. 

mined  by  counting  divisions  on  the  eyepiece  scale  of 
the  microscope  between  the  center  of  the  wire  and 
its  image  in  the  surface.  Each  time  the  microscope 
was  set  into  position  for  measuring  this  final  distance, 
the  eyepiece  scale  was  calibrated  by  comparing  the 
change  in  the  number  of  scale  divisions  between  the 
wire  and  its  image  with  the  distance  through  which 
the  wire  was  moved  by  the  screw.  It  is  estimated 
that  distances  so  determined  have  an  accuracy  of 
±  0.04  millimeter. 

The  results  are  given  in  figures  3  to  12,  inclusive. 
By  means  of  the  {y^R,  u)  scheme  of  representation 
the  curves  are  independent  of  Reynolds  Number. 
(See  sec.  II,  2.)  Reference  to  the  x  and  xb  scales  of 
figure  13  will  aid  the  reader  to  visualize  the  position 
of  the  various  distributions.  It  will  be  observed  that 
two  sets  of  results  are  given,  those  to  which  a  correc¬ 
tion  for  heat  loss  to  the  surface  as  determined  in  still 
air  has  been  applied  and  those  for  which  it  has  been 
omitted  entirely.  Allowing  for  an  uncertainty  in 
y^R  of  ±0.06  (±0.04  mm),  the  manner  of  approach 
to  zero  will  aid  in  judging  where  the  correction  should 
be  applied  and  where  it  should  not.  In  figures  4 
and  5,  because  of  the  high  speeds  at  which  the  lower 
points  fall,  the  correction  seems  to  be  unnecessary; 
whereas  in  figures  6  to  12,  with  somewhat  lower 
speeds  at  the  lower  points,  a  correction  seems  to  be 
justified. 

In  figure  3  a  comparison  is  made  between  the 
measured  speed  distribution  at  the  stagnation  point 


and  that  computed  on  the  basis  of  an  ideal  fluid 
(reference  5).  Although  exact  agreement  is  not  to  be 
expected  because  of  the  tunnel  blocking  and  the  effect 
of  the  wake,  such  a  comparison  serves  as  an  approxi¬ 
mate  check  on  the  hot-wire  measurements. 

A  clear  and  precise  indication  of  the  position  of 
separation  was  obtained  by  allowing  smoke  to  enter 
the  stream  slowly  through  a  pressure  orifice  just  back 
of  the  separation  point.  The  smoke  moved  slowly 
forward  (indicating  reversed  flow)  to  a  definite  stop¬ 
ping  point.  When  another  orifice  farther  back  of 
separation  was  employed,  the  smoke  from  it  moved 
forward  to  the  same  limiting  position.  The  separa¬ 
tion  point  was  thus  determined  at  x=  1.99  ±0.02. 
The  experimental  curve  of  figure  8  shows  the  speed 
distribution  just  before  separation  and  that  of  figure  9 
just  after.  That  no  marked  change  appears  may  be 
attributed  to  the  fact  that  the  hot-wire  anemometer 
responds  equally  well  to  flow  in  any  direction.  This 
uncertainty  in  direction  is  indicated  by  the  use  of  a 
special  symbol  u*,  it  being  understood  that  the  un¬ 
certainty  exists  only  on  the  lower  horizontal  part  of 
the  curves  representing  flow  after  separation.  Before 
separation,  with  u  of  order  1  and  v  of  order  5=0.05, 
the  assumption  that  the  measured  speed  is  parallel 
to  x  is  cpiite  good.  After  separation  not  only  has  the 
velocity  reversed  in  direction  near  the  surface  but,  in 
addition,  there  are  probably  large  normal  components 
where  the  reversed  flow  curves  outward.  If  we  were 
to  speak  of  velocities  in  connection  with  the  experi¬ 
mental  curve  of  figure  9,  we  would  say  that  the 
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Figure  9.— Speed  distributions  in  the  boundary  layer  after  separation.  The  * 
indicates  an  uncertainty  in  the  direction  of  the  speed  in  the  wake. 

vector  representing  the  velocity  turns  from  a  direc¬ 
tion  parallel  to  the  surface  pointing  upstream  through 
a  little  less  than  180°  pointing  downstream  in  approxi¬ 
mately  the  direction  of  xb,  as  we  follow  the  curve 
from  the  origin  outward. 

Figures  9,  10,  11,  and  12  show  traverses  of  the  sepa¬ 
rated  boundary  layer  and  wake.  It  is  apparent  that  no 
abrupt  change  in  speed  distribution  in  the  layer  accom- 
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panies  separation.  It  must  be  remembered,  however, 
that  u*  is  resultant  speed  and  that  approximately  the 
same  conditions  as  to  direction  obtain  in  figures  10,  11, 
and  12  as  in  figure  9.  Visual  observations  with  smoke 
showed  that  the  air  motion  in  the  wake  fluctuated 
greatly  and  that  only  near  the  separation  point  was 
the  reversed  flow  at  all  regular.  The  hot  wire  shows 
this  persistence  of  air  motion  in  the  wake.  The  results 
obtained  here  are  much  like  those  obtained  by  Linke 
in  his  study  of  the  laminar  boundary  layer  separated 
from  a  circular  cylinder  (reference  7).  In 
figure  13  the  boundary  layer  is  drawn  to  the 
same  scale  as  the  elliptic  section.  The  thick¬ 
ness  of  the  layer  both  on  and  separated  from 
the  surface  is  taken  as  the  width  of  the  region 
in  which  the  speed  is  changing;  that  is,  the 
length  of  abscissa  between  the  points  of  the 
(y  \R,  u )  curves  where  the  tangents  become 
horizontal.  Owing  to  the  asymptotic  char¬ 
acter  of  the  limits,  5  is  somewhat  arbitrary; 
but,  since  the  same  procedure  was  used 
throughout,  figure  13  gives  a  picture  of  one 
part  of  the  boundary  layer  as  related  to  any 
other  and  shows  the  changes  that  occur. 


0^7  *7 

61  i 

small  correction.  For  values  of  x  greater  than  1.6,  where 
the  theoretical  and  experimental  curves  bear  no  resem¬ 
blance  to  one  another,  a  graphical  determination  of 
the  slope  of  the  experimental  (x,  p—p0)  curve  was  made 
directly;  and  for  values  of  x  between  1.1  and  1.6  both 
the  direct  and  difference  methods  were  used.  A  curve 
dp\ 

x’ d/x)  vvas  “ien  Pitted  and  a  similar  procedure 

d2P 


of 


followed  in  determining  ,  5 

b  dx 2 


The  final  values  are 


IV.  CALCULATION  OF  SPEED  DISTRIBUTION 
BY  POHLH AUSEN’S  APPROXIMATE  METHOD 

The  information  required  for  an  evaluation 
UU" 

of  U,  U',  and  -jj72  as  functions  of  x  may  all  be 


Figure  11. 


obtained  from  the  curve  of  pressure  distribution  and 
its  first  and  second  derivatives.  The  derivatives  were 
obtained  by  the  following  procedure.  From  z=0  to 


-Speed  distributions  in  the  boundary  layer  after  separation, 
uncertainty  in  the  direction  of  the  speed  in  the  wake. 

given  in  columns  4  and  5  of  table  I. 


The  *  indicates  an 


By  the  formulas 
(a),  ( b ),  and  (c)  at  the  foot  of  table  I,  U,  U'  and 

U  2 

were  calculated.  Formula  (a)  is  the  same  as 
equation  (6)  and  ( b )  and  (c)  follow  from  (a) 
by  differentiation  and  combination.  The  val¬ 


ues  of  U,  U',  and 


UU" 


are  given  in  columns 


U'2 

6,  7,  and  8  of  table  I. 

Equation  (11)  was  solved  by  the  isocline 
method.  This  method  involves  computing 
dz 


dx 


with  assumed  values  of  z  for  various  val¬ 


ues  of  x  and  the  accompanying  values  of  U, 

dz 

Points  of  known  ~r  are  then 
dx 


U\  and 


UU" 
U 


Figure  10.— Speed  distributions  in  the  boundary  layer  after  separation. 

uncertainty  in  the  direction  of  the  speed  in  the  wake. 


The  *  indicates  an 


1.1,  where  the  theoretical  and  experimental  pressure 
distributions  agree  rather  closely,  a  curve  of  differences 
was  plotted  with  x  as  abscissa.  The  slopes  of  the  dif- 
erence  curve,  obtained  graphically,  were  then  applied 
to  the  theoretical  slopes  as  a  correction.  In  this  way 
errors  in  determining  the  true  slope  entered  only  into  the 


located  on  an  (x,  z)  diagram  and  a  short  line 
drawn  through  each  to  indicate  the  slope  at 
the  point.  The  solution  curve  is  then  drawn 
in,  passing  through  the  various  points  with 
the  slope  indicated  at  each.  (See  fig.  14.) 
A  procedure  more  convenient  in  certain  parts 
of  the  diagram  is  to  draw  lines  of  constant 
slope  (isoclines)  and  then  draw  the  solution  curve 
crossing  the  isoclines  with  the  slope  marked  on  them. 

The  particular  solution  curve  required  is  the  one 
that  satisfies  the  boundary  conditions  at  x—0,  the 

dz 

stagnation  point.  Since  U=0  at  z=0,  has  infinite 
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values  for  values  of  2  other  than  those  for  which 
U'  2=  X  is  one  of  the  roots  of  the  numerator  of  equation 
(11).  At  x=0,  £7=0,  the  numerator,  a  cubic  in  X,  has 
roots  Xi  =  7.052,  X2=  17.80,  X3= —  72.26.  The  corre¬ 
sponding  values  of  2  are  2!  =  0.89,  z2— 2.25,  23=  — 9.13. 

dz 

At  2 1,  22,  and  z3  we  find  singular  points  at  which  ^ 

is  indeterminate.  A  solution  curve  can  then  leave  the 
2  axis  only  at  one  of  the  singular  points.  The  singular 
point  at  23,  involving  an  imaginary  <5,  is  obviously  of 
no  interest.  It  was  found  that  a  solution  curve  leaving 
the  singular  point  at  z2  led  immediately  to  very  large 
values  of  8,  entirely  out  of  agreement  with  experiment. 


The  zero  isocline  then  leaves  with  zero  slope.  A  little 
consideration  will  show  that  the  solution  curve  must 
leave  the  singular  point  along  an  isocline  whose  initial 
slope  equals  the  value  marked  on  the  isocline;  in  this 
case  the  one  with  zero  slope.  For  the  sake  of  accuracy, 
the  solution  curve  was  determined  from  a  large  dia¬ 
gram  containing  more  values  of  the  slope  than  that 
shown  in  figure  14.  The  values  of  2  and  x  resulting 
from  the  solution  are  given  in  table  II.  From  the 
values  of  U'  and  R,  X  and  8  were  calculated.  These 
quantities  appear  in  the  same  table.  The  speed 
distributions  were  calculated  from  these  values  of  X 
and  2. 


Figure  12. — Speed  distribution  in  the  separated  boundary  layer  and  wake  (experimental).  The  *  indicates  an  uncertainty  in  the  direction  of  the  speed  in  the  wake. 

yb  means  distances  normal  to  the  major  axis  of  the  ellipse. 


The  singular  point  at  zy  was  the  only  one  that  gave  a 
solution  curve  in  agreement  with  experiment.  The 
isoclines  leaving  2X  have  an  initial  slope  given  by2 


=  —  0.180 


i 


.8  [  - 9072+ 1670. IX—  (47  WgQ  X-  ( 1+^)  X* ] 
(/(— 213. 12+5. 76X+X2) 


20 


a  constant  for  any  one  isocline.  Differentiating  with  respect  to  x  and  setting 


FF1'  =  0' 

U'2 


m 

dx 


=  0,  U=  0  forx  =  0;  then  substituting\i  =  ( Gv)o  zu  weget  the  result 


Cc)i --"-‘"(e),"1”™  (s) 

AS).- 


is  the  initial  slope  of  the  isocline  whose  value 


V.  DISCUSSION  OF  RESULTS 

It  will  be  observed  in  table  II  that  the  boundary 
layer  has  an  initial  thickness  of  about  0.6  millimeter. 
It  is  a  matter  of  conjecture  as  to  whether  a  true  bound¬ 
ary  layer  really  exists  at  the  stagnation  point.  The 
measurements  indicate  that  potential  flow  probably 
extends  to  the  surface. 

Also  of  note  in  table  II  is  the  absence  of  any  X  less 
than  —5.37.  The  value  X  =  —  1 2  required  for  sep¬ 
aration  was  not  attained.  No  calculations  were  made 
for  values  of  x  greater  than  2.937,  but  it  is  apparent 
from  the  value  of  U'  that  no  2  can  be  reached  for  which 
\=U'z=  — 12.  Therefore,  according  to  the  calcu- 
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lation,  separation  does  not  occur  anywhere  on  the 
cylinder.  As  we  have  seen,  separation  was  found 
experimentally  at  £=1.99. 

The  failure  of  X  to  reach  sufficiently  high  negative 
values  is  reflected  in  the  growing  discrepancy  between 
calculated  and  observed  distributions  in  figures  8  to 
11.  As  shown  by  figures  4  to  7,  Pohlhausen’s  method 
yields  good  agreement  with  experiment  up  to  an  x  of 
1.832. 

From  an  estimate  of  the  pressure  distribution  re¬ 
quired  to  give  a  calculated  value  of  separation  in 
agreement  with  experiment,  it  was  at  first  suspected 
that  the  pressure  distribution  might  not  have  been 
determined  accurately  enough  in  the  region  where 
separation  occurred.  A  redetermination  with  pres¬ 
sure  orifices  installed  in  the  cylinder  at  critical  points 
showed  that  the  pressure  distribution  as  originally 
determined  was  correct  and  that  as  far  as  £=2.1  the 

— xb  Sc  a/e > 

- ►  r - i - 1 - 1 - 1 - i - 1 - i - i - 1 


6  of  staqnation  point  from  isocline  calculation  =  0.00602 

Figure  13.— Diagram  showing  elliptic  cylinder  and  boundary  layer  in  section. 
This  diagram  shows  the  thickness  of  the  boundary  layer  compared  to  the  size 
of  the  ellipse. 

experimental  curve  of  figure  2  is  definitely  fixed  both 
as  regards  position  and  shape. 

The  question  arises  as  to  whether  Pohlhausen’s 
solution  begins  to  fail  after  x=1.832  or  whether  the 
assumptions  made  in  simplifying  the  general  equation 
of  section  II  cease  to  be  valid.  The  following  table 
shows  that  8  changes  but  little  through  the  interval 
in  £  where  discrepancies  begin  to  appear.  The  failure 
can  then  hardly  be  attributed  to  the  growth  of  8. 
J.  J.  Green  (reference  8)  has  shown  for  the  case  of  a 
circular  cylinder  that  the  neglected  terms  become 
important  only  at  the  separation  point.  Here  v 
probably  reaches  an  order  of  magnitude  near  that  of  u. 


X 

6 

(by  experi¬ 
ment) 

0. 1800 

0.009 

.357 

.  014 

.545 

.019 

.725 

.023 

1.  097 

.032 

1.457 

.040 

1.832 

.044 

1.946 

.045 

2.  029 

.049 

It  appears,  therefore,  that  the  initial  failure  is  the 
result  of  the  approximations  introduced  in  Pohlhau¬ 
sen’s  solution;  whereas  farther  downstream,  say  at  or 
near  the  separation  point,  the  failure  may  be  due  to 
the  absence  of  important  terms  in  the  basic  equations 
as  well. 


The  only  other  known  test  of  Pohlhausen’s  solution 
is  that  given  by  Pohlhausen  himself  (reference  1) 
using  data  obtained  by  Hiemenz  for  a  circular  cylinder 
in  water  (reference  9).  In  this  case  the  calculated 
separation  point  was  in  good  agreement  with  experi¬ 
ment.  An  examination  of  the  results  of  Hiemenz 
shows  a  steep  pressure  rise  beginning  a  short  distance 
ahead  and  extending  up  to  separation.  The  x,  X 
curve  for  the  circular  cylinder  shows  a  steep  fall  in  the 
region  of  separation.  Therefore  the  experimental  sep¬ 
aration  point  must  be  determined  very  accurately  to 
show  that  it  falls  near  X  =  — 12.  Since  the  foregoing 
condition  does  not  obtain  to  so  great  a  degree  in  the 
present  experiment,  the  test  applied  here  to  the  solu¬ 
tion  in  the  region  of  separation  is  a  more  sensitive  one 
than  that  applied  by  Pohlhausen. 


Figure  14.— Isocline  diagram  and  solution  curve  of  equation  11. 


CONCLUSION 

The  experimental  data  presented  here  show  that 
Pohlhausen’s  solution  may  be  expected  to  yield  reli¬ 
able  results  where  the  speed  in  the  potential  flow  is 
increasing.  In  the  region  of  decreasing  speed,  the 
solution  cannot  be  relied  upon  to  determine  the  speed 
distribution,  but  gives  the  boundary-layer  thickness 
to  a  fair  degree  of  approximation.  Separation  may 
actually  occur  where  the  solution  of  Pohlhausen  fails 
to  give  it. 
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Table  I.— DATA  DERIVED  FROM  PRESSURE  DISTRI¬ 
BUTION  FOR  CARRYING  OUT  SOLUTION  OF  POHL¬ 


HAUSEN 


Orifice 

number 

X 

p-po 

dp 

dx 

d2p 

u 

U' 

UU"  ' 

dx2 

U’i 

1 

0 

1.000 

0 

-125.4 

0 

7. 92 

0 

2 

,  175 

.  163 

-4.43 

26.  7 

.914 

2. 42 

-3.  28 

.  260 

-.  115 

-2.  56 

15.9 

1.  055 

1.  213 

—6.  42 

3 

.  357 

-.307 

—  1.  571 

7.  80 

1.  142 

.688 

-9.  27 

.  460 

-.440 

-1.010 

4.  30 

1.200 

.421 

-13. 14 

4 

.545 

-.513 

-.719 

2.  72 

1.  230 

.  292 

-16.9 

5 

.  725 

-.605 

-.354 

1.38 

1.  266 

.  140 

-36.  4 

.950 

-.657 

-.  150 

.60 

1.  286 

.0583 

-89.4 

6 

1.097 

— .  072 

-.  0633 

.485 

1.293 

.  0245 

-406.  0 

).  250 

— .  677 

-. 0050 

.44 

1.  295 

.  00193 

-59000.0 

1.350 

-.677 

.030 

.47 

1.295 

-.0116 

-1750.0 

7 

1.457 

-.671 

.086 

.49 

1.  292 

-. 0332 

-226.  0 

8 

1  581 

1.600 

-.650 

.  180 

.52 

1.  284 

-.  0701 

-54.0 

1.700 

— .  627 

.  24 

.50 

1.  275 

-.0941 

-29.26 

9 

1  704 

— .  626 

10 

1.832 

-.  592 

.  306 

0 

1.  261 

-.  121 

-1.0 

1. 900 

-.  569 

.30 

-.30 

1.  252 

— .  120 

9. 45 

11 

l  957 

—  553 

2.  000 

-.540 

.25 

-.60 

1.  240 

-.  101 

28.6 

12 

2  079 

— .  523 

2.  100 

— .  516 

.  20 

-.  70 

1.  230 

-.0813 

52. 1 

13 

2.  196 

-.501 

.  15 

-.  70 

1.225 

-.  0592 

97.  0 

14 

2.  568 

-.  497 

-.  06  4 

-.  20 

1.223 

.026 

145.0 

15 

2.  937 

-.509 

-.001 

.  2 

1.  228 

.00041 

-7. 1X105 

16 

3.  307 

-.  495 

.08 

.  2 

1.  222 

-.03 

-134.0 

(a)  U=^l-(p—po). 

(b)  [/'= _ L  d2. 

W  2  Udx 

d2p 
dx2 


UU 


2  U2 


(r)  fjr2 


'dpy 

,dx  ) 


—  1. 


Table  II— VALUES  OF  X  AND  5  CALCULATED  BY 
POHLHAUSEN’S  SOLUTION  AT  POSITION  x  AND 
FOR  REYNOLDS  NUMBER  R 


[Boundary-layer  thickness  in  millimeters=  101.1  <5[ 


X 

U' 

z 

X 

R  S 

0 

.  180 
.  357 
.  545 
.725 
1.097 
1.457 
1.832 

1. 946 
2.029 
2.  133 
2.  196 
2.568 
2.  937 

7.  92 
2.42 
.688 
.  292 
.  140 
.0245 
-.0332 
-.  121 
-.  Ill 
-.095 
-.075 
-.059 
.26 
.00041 

0.  890 

1.91 

4.22 

7.  26 

10.  47 

18.  36 

27.  48 
42.0 

48.5 

52.9 

58.5 
61.7 
80.3 

93.9 

7.  052 
4.  63 
2.90 

2. 12 
1.46 
.449 
-.912 
-5.  10 
-5.  37 
-5.03 
-4.  39 
-3.  65 

2. 10 
.038 

24,  500 
24,400 

23,  500 

24,  OCX) 

23,  600 

22,  700 
22,700 

24,  300 

23,  900 
23,  600 
23,  400 
23,  500 
23,  500 
23,  100 

0.  00602 
.  00884 
.  0134 
.0174 
.  0211 
.  0284 
.0348 
.  0415 
.0447 
.  0474 
.0500 
.0512 
.  0584 
.0638 

X=u'z  5=^1 
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REDUCTION  OF  HINGE  MOMENTS  OF  AIRPLANE 
CONTROL  SURFACES  BY  TABS 

By  Thomas  A.  Harris 


SUMMARY 

An  investigation  was  conducted  in  the  N.  A.  C.  A. 
7-  by  10-foot  wind  tunnel  of  control  surfaces  equipped 
with  tabs  for  reducing  the  control  forces  or  trimming  the 
aircraft.  Two  sizes  of  ordinary  ailerons  with  several 
sizes  of  attached  and  inset  tabs  were  tested  on  a  Clark  Y 
wing.  Tabs  were  also  tested  in  combination  with  aux¬ 
iliary  balances  of  the  horn  and  paddle  types,  and  with  a 
Frise  balanced  aileron.  A  tail-surface  model  of  sym¬ 
metrical  section,  equipped  with  tabs,  was  tested  with  40 
percent  of  the  area  movable  {elevator)  when  used  as  a 
horizontal  tail  and  60  percent  of  the  area  movable  {rudder) 
when  used  as  a  vertical  tail.  The  half-span  tail-surface 
model  was  tested  with  and  without  a  reflection  plane. 

Complete  detailed  results  of  the  tests  are  tabulated  in 
standard  nondimension al  coefficient  form.  The  aileron 
test  data  are  discussed  for  one  aileron  movement  and 
graphs  of  control  force  against  rolling-moment  coefficient 
are  included.  Curves  showing  the  effect  of  the  tabs  as 
trimming  or  as  servo-control  devices  are  given.  For  the 
tail  surfaces,  the  effectiveness  of  tabs  in  reducing  the 
control  force  and  in  trimming  and  servo  operation  is 
discussed  and  figures  are  included. 

The  effect  of  angular  velocities  on  the  application  of  the 
data  to  complete  airplanes  is  considered  and  also  the 
effect  of  the  difference  in  the  wind-tunnel  test  set-up  from 
the  actual  arrangement  on  an  airplane. 

The  residts  of  the  tests  indicated  that  inset  tabs  were 
superior  to  attached  tabs  for  the  same  ratio  of  tab  I  control- 
surface  deflection.  The  greatest  reduction  in  control 
force  occurred  at  0°  angle  of  attack.  The  tabs  could 
be  used  satisfactorily  as  trimming  devices  and  also  to 
reduce  the  control  force  for  control  moments  as  large  as 
those  ordinarily  obtained  by  deflecting  the  control  surface 
lo°  or  less.  The  reduction  of  hinge  moments  due  to 
tabs  could  be  added  directly  to  the  reduction  due  to  paddle, 
horn,  or  Frise  types  of  balance.  Angles  of  yaw  up  to 
20°  had  no  appreciable  effect  on  the  reduction  of  hinge 
moments  due  to  tabs. 

INTRODUCTION 

For  large  airplanes,  designers  have  found  it  necessary 
to  provide  some  means  of  balancing  the  excessive 


aerodynamic  forces  on  the  control  surfaces.  Aero¬ 
dynamic  methods  of  balance  such  as  horns,  paddles, 
and  inset-hinge  arrangements  have  been  used  to  a 
considerable  extent.  A  mechanical  device  is  not 
desirable  because  the  hinge  moment  varies  with  the 
speed  of  the  airplane;  whereas  balancing  force  is 
independent  of  speed. 

In  recent  designs,  auxiliary  airfoils  attached  to  the 
control  surfaces  have  been  used  for  balance  and  also 
for  trimming  the  airplane.  This  type  of  aerodynamic 
balance  is  a  development  of  the  “Flettner  rudder,” 
which  has  been  in  use  for  a  number  of  years  on  large 
vessels.  Such  an  auxiliary  airfoil  has  been  referred 
to  in  this  paper  as  a  “tab”  and  may  be  inset,  attached, 
or  mounted  on  outriggers  from  the  trailing  edge  of 
the  control  surface.  The  tabs,  when  linked,  move  in 
the  opposite  direction  to  that  of  the  control  surface 
and  thereby  decrease  the  hinge  moment  for  a  given 
deflection  of  the  control  surface.  Various  arrange¬ 
ments  of  inset  tabs  are  shown  in  figure  1.  When  the 
tab  is  used  to  actuate  the  control  surface,  it  is  referred 
to  as  a  “servo-control  tab.” 

In  reference  1  the  theoretical  expressions  for  the 
hinge  moment  about  any  hinge  position  have  been 
deduced  for  flaps  on  a  rectangular  airfoil  of  finite  span 
and  applied  to  an  airfoil  fitted  with  a  servo-operated 
flap.  The  theoretical  discussion  by  Ivirste  (reference 
2)  also  includes  complete  tests  of  a  symmetrical  rec¬ 
tangular  airfoil  with  a  flap  and  a  tab. 

The  results  of  wind-tunnel  tests  of  a  tab  attached 
to  the  aileron  are  reported  in  reference  3.  Calcula¬ 
tions  based  on  airfoil  theory  have  been  made,  in  refer¬ 
ences  4  and  5,  for  the  tab  deflections  required  to  hold 
the  rudder  over  for  different  combinations  of  tab  and 
rudder  settings.  The  results  of  these  calculations 
were  checked  by  wind-tunnel  tests  (reference  6)  as 
well  as  in  flight  (reference  7). 

A  more  recent  series  of  tests  (reference  8)  covers 
several  attached -tab  arrangements  on  a  symmetrical 
rectangular  wing  with  a  flap.  These  tests  were  made 
with  both  ordinary  and  balanced  flaps. 

The  data  presented  in  the  present  report  are  the 
result  of  a  systematic  series  of  wind-tunnel  tests  of  a 
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commonly  used  wing  profile  with  several  arrangements 
of  ailerons  and  tabs,  alone  and  in  conjunction  with 
other  types  of  balance.  The  tests  were  also  extended 
to  include  a  tail  surface  of  assumed  average  propor¬ 
tions  with  several  different  tabs.  Although  the  tests 
do  not  include  all  possible  tab  arrangements,  it  is 
hoped  that  the  data  are  sufficiently  general  to  fulfill 
most  design  requirements. 

MODELS  AND  APPARATUS 

WING-AILERON  ARRANGEMENTS 

The  models  used  for  the  aileron  balance  tests  were 
rectangular  10-  by  60-inch  laminated  mahogany  wings 


To  trimming  control 
Controllable  trimming  tab 


'To  trimming  control 

Balancing  and  controllable  trimming  tab 


Figure  1.— Diagram  showing  various  tab  linkage  systems. 

of  Clark  Y  section  constructed  to  the  specified  ordi¬ 
nates  with  a  precision  of  ±0.005  inch.  The  right-hand 
wing  tip  of  each  wing  model  w'as  equipped  with  a  con¬ 
ventional  aileron  to  which  the  various  tabs  were  fitted. 
Two  sizes  of  ailerons  were  tested,  one  being  of  40 
percent  wing  chord  by  30  percent  wing  semispan  and 
referred  to  as  the  “ short  wide  aileron”;  the  other 
being  of  25  percent  wing  chord  by  40  percent  wing 
semispan  called  the  “medium-size  aileron.”  Each 
aileron  was  mounted  on  a  different  wing. 

Attached  tabs.— The  short  wide  aileron  with 
attached  tabs  is  shown  in  figure  2.  In  the  following 
table  the  various  attached  tab  arrangements  are  listed: 


Tab  chord 

Tab  span 

Span  designation 

Percent  c  A 

5  .  ,  _ 

Percent  b. 
100 
100 

f  100 

50 

50 

{  50 

100 

|  Full-span. 

Outboard] 

Center  [Half-span. 

Inboard  ] 

Full-span. 

10. _ _  _ 

20 _ 

30 _ _ 

Where  c  is  the  chord  and  b  t  the  span  of  the  aileron. 


“Outboard”  refers  to  outboard  end  of  tab  flush  with 
outboard  end  of  aileron,  “center”  refers  to  tab  sym¬ 
metrically  located  with  respect  to  aileron  span,  and 
“inboard”  refers  to  inboard  end  of  tab  flush  with 
inboard  end  of  aileron. 

The  attached  tabs  were  constructed  of  hb-inch  flat 
steel  and  were  screwed  to  a  brass  trailing-edge  piece 
of  the  aileron  so  that  when  neutral  the  lower  surface  of 
the  tab  was  flush  with  the  lower  surface  of  the  aileron. 
The  angle  of  the  tab  was  adjusted  by  bending  about 
the  trailing  edge  of  the  aileron  and  all  openings  between 
tab  and  aileron  were  sealed  with  plasticine. 

Inset  tabs.— The  short  wide  aileron  is  shown 
equipped  with  inset  tabs  in  figure  3.  In  the  following 
table  the  various  inset  tab  arrangements  are  listed: 


Tab  chord 

Tab  span 

Span  designation 

Percent  c  A 

5  .  ... 

Percent  b 
100 
100 

f  100 

50 

1  50 

(  50 

|  Full-span. 

Outboard  ] 

Center  [-Half-span. 

Inboard  ) 

10  _  _ 

20 . . . . . 

Outboard,  center,  and  inboard  have  the  same  mean¬ 
ing  as  for  the  attached  tabs.  The  brass  inset  tabs  were 
attached  to  the  main  part  of  the  aileron  by  soft  wire 
pins  that  could  be  bent  to  obtain  the  desired  tab 
deflections. 

The  medium-size  aileron  (fig.  4)  was  tested  with  a 
tab  extending  along  the  entire  span  of  the  aileron  and 
with  a  chord  10  percent  of  the  aileron  chord.  The 
aileron  was  constructed  of  wood  with  a  brass  trailing 
edge  to  which  the  brass  tab  was  secured  in  a  manner 
similar  to  that  used  for  the  inset  tabs  on  the  short  wide 
aileron.  For  all  tests  the  space  between  the  tab  and 
aileron  was  sealed  with  plasticine. 

Combination  balances. — Additional  tests  were  made 
at  the  request  of  the  Bureau  of  Aeronautics,  Navy 
Department,  of  the  short  wide  aileron  and  a  center 
inset  tab  20  percent  of  the  aileron  chord  wide  and 
half  of  the  aileron  span  long  in  combination  with  two 
sizes  of  paddles.  The  paddles  were  18.75  and  27.5 
percent  of  the  aileron  chord  wide  and  44.5  percent  of 
the  aileron  span  long  and  were  located  symmetrically 
with  respect  to  the  aileron  span  (fig.  5).  The  duralu- 
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Figure  3.— Diagram  of  wing  showing  inset  tabs  on  short  wide  aileron. 

Note.—  z=chord  length  of  tab=5, 10,  and  20  percent  of  cA.  Span  of  tab=50  and  100  percent  of  bA. 


Figure  4. — Diagram  of  wing  showing  inset  tab  on  medium-size  aileron. 
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Figure  5.— Diagram  of  wing  showing  center  inset  tab  and  paddle  balance  on  short  wide  aileron. 
Note. —  x= chord  length  of  paddle  balance=  18.75  and  27.5  percent  c  ,. 
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Figure  7.— Diagram  of  wing  showing  center  inset  tab  on  Frise  aileron. 


Figure  8.— Diagram  of  tail  surface  showing  details. 

Note. —  For  elevator  j  =  5,  10,  and  20  percent  c«.  For  rudder  7  =20  percent  cw. 
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min  paddles  had  the  N,  A.  C.  A.  0012  profile  and  were 
supported  in  the  positions  specified  with  ^2-inch 
sheet  steel  end  brackets. 

On  this  same  aileron  a  horn  was  attached  for  addi¬ 
tional  tests.  The  aileron  was  faired  to  a  symmetrical 
section  in  the  horn,  the  principal  dimensions  of  which 
are  shown  in  figure  6.  The  plan  of  the  horn  was  made 
to  conform  to  the  shape  suggested  by  the  Bureau  of 
Aeronautics,  Navy  Department,  the  leading-edge 
portion  being  half  of  an  ellipse.  The  horn  was  con¬ 
structed  of  laminated  mahogany  and  was  fair  to  the 
same  precision  as  the  remainder  of  the  model. 

The  short  wide  aileron  was  also  tested  with  a 
modified  Frise  type  of  balance  and  a  tab  (fig.  7). 
The  nose  shape  of  the  aileron  was  obtained  from  a 
study  of  available  Frise  aileron  data  and  was  made 
similar  to  the  Frise  aileron  of  reference  9  with  a  raised 
nose.  This  type  of  Frise  balance  gives  slightly  less 
balance  for  low  deflections,  where  overbalance  usually 
occurs,  but  gives  about  the  same  balance  as  the 
ordinary  Frise  aileron  at  the  high  deflections.  The 
mahogany  nosepiece  was  attached  to  the  leading 
edge  of  the  ordinary  aileron  by  screws  and  a  suitable 
cut-out  was  made  in  the  wing  to  provide  clearance. 
(See  fig.  7.) 

TAIL-SURFACE  ARRANGEMENTS 

The  tail-surface  model  used  in  these  tests  is  shown 
in  figure  8.  The  model  of  laminated  mahogany  had 
an  N.  A.  C.  A.  0006  profile  faired  to  about  a  %-incli 
radius  at  the  tip  and  was  constructed  to  a  precision 
of  ±0.005  inch.  The  plan  form  of  the  model  was 
designed  to  be  an  average  of  either  a  half-span  hori¬ 
zontal  or  a  full-span  vertical  tail.  The  span  of  the 
model  was  30  inches  and  the  average  chord  20  inches, 
giving  an  aspect  ratio  of  1.5.  As  a  horizontal  tail, 
a  portion  of  the  model  was  hinged  along  the  elevator 
axis  shown  in  the  figure.  This  arrangement  gave  an 
elevator  area  40  percent  of  the  total  tail  area.  The 
inset  tabs  of  different  chord  lengths  were  made  with 
a  span  equal  to  the  span  of  the  straight  trailing-edge 
portion  of  the  elevator.  The  tab  chords  tested  were 
5,  10,  and  20  percent  of  the  maximum  elevator  chord. 
The  tabs  were  made  from  the  trailing-edge  portion  of 
the  elevator  and  were  secured  to  the  main  part  of  the 
elevator  by  soft  wire  pins  that  could  be  bent  to  give 
the  desired  tab  deflections.  As  a  vertical  tail,  60 
percent  of  the  area  of  the  model  was  hinged  along  the 
rudder  axis  as  shown  in  figure  8.  Only  one  tab  was 
used;  it  had  the  same  span  as  the  elevator  tab  and  a 
chord  20  percent  of  the  maximum  rudder  chord.  In 
all  cases  the  gap  between  the  tab  and  the  tail  surface 
was  sealed  with  plasticine. 

WIND  TUNNEL  AND  IJALANCES 

The  N.  A.  C.  A.  7-  by  10-foot  wind  tunnel  in 
which  these  tests  were  made  has  an  open  jet  and  a 
closed  return  passage.  The  tunnel  and  regular  six- 


component  balance  are  described  in  detail  in  reference 
10.  On  this  balance  the  six  components  of  aerody¬ 
namic  forces  and  moments  are  independently  and 
simultaneously  measured  with  respect  to  the  wind  axes 
of  the  model. 

In  order  to  measure  the  hinge  moments  simulta¬ 
neously  with  the  other  forces  and  moments  a  special 
liinge-momcnt  balance  of  the  pressure-cell  type  was 
used.  A  diagrammatic  drawing  of  this  balance  is 
!  shown  in  figure  9.  The  balance  consists  of  a  simple 
beam  supported  on  an  axle  in  plain  bearings  and 
attached  to  a  rubber  diaphragm.  The  space  under  the 
diaphragm  is  connected  in  parallel  with  a  U-tube  and 
a  controllable  air-pressure  supply.  The  beam  moves 
between  electrical  contacts  coupled  to  neon  lamps. 
The  beam  is  balanced  by  adjusting  the  air  pressure 
until  neither  lamp  is  lighted  or  until  they  blink  alter¬ 
nately.  The  pressure  is  then  read  on  the  U-tube,  which 
has  been  previously  calibrated  in  terms  of  hinge 
moments.  A  spring  is  incorporated  for  adjusting  the 
zero  reading  of  the  balance  and  a  daslipot  is  used  to 
damp  vibrations.  The  balance  was  entirely  enclosed 
in  the  wing  and  so  mounted  that  the  aileron  and  bal¬ 
ance  axes  coincided,  the  aileron  being  attached  directly 


Oil  dashpot  Contacts 
\  Spring 


Balance  beam  Balance  and 
i  aileron  axis 

Rubber  diaphragm 


Air-pressure  tube 
Figure  9. — Diagram  of  hinge-moment  balance. 


to  the  balance  axle.  The  leads  to  the  contacts  and 
the  pressure  tube  and  also  a  tube  for  obtainingWhe 
static  pressure  in  the  balance  recess  were  brought  out 
through  the  center  of  the  wing  and  down  the  model 
support  to  the  indicator  panel.  The  static-pressure 
tube  was  connected  to  the  static  side  of  the  U-tube. 
A  vibrator  was  mounted  on  the  balance  frame  to 
overcome  static  friction  in  the  system. 

In  order  to  use  the  regular  six-component  balance 
for  measuring  the  hinge  moments  on  the  tail  surfaces, 
the  movable  part  of  the  tail  was  so  mounted  on  the 
regular  model  support  that  the  hinge  axis  was  coin¬ 
cident  with  the  lateral  axis  of  the  balance.  The  fixed 
part  of  the  tail  was  pivoted  to  the  movable  part  along 
the  same  axis  and  was  supported  in  front  by  an  adjust¬ 
able  tube  attached  directly  to  the  lift-scale  platform. 
The  angle  of  attack  of  the  fixed  tail  was  changed  by 
adjusting  the  length  of  this  tube;  whereas  the  angle  of 
the  movable  tail  was  changed  by  use  of  the  regular 
angle-of-attack  mechanism.  With  this  arrangement  it 
was  possible  to  measure  the  total  lift  and  drag  of  the 
model  on  the  lift  and  drag  scales  and  at  the  same  time 
to  measure  the  hinge  moment  of  the  movable  part  of 
the  tail  on  the  regular  pitching-moment  scale. 
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A  reflection  plane,  which  was  used  in  conjunction 
with  part  of  the  tail-surface  tests,  was  constructed  of 
%-inch  plywood.  It  extended  across  the  air  stream 
from  top  to  bottom  and  from  a  point  7  inches  upstream 
from  the  leading  edge  of  the  model  to  4  feet  down¬ 
stream  from  this  point.  The  gap  between  the  model 
and  the  reflection  plane  was  approximately  %4-incli. 
A  telltale  light  was  used  to  indicate  any  contact  of 
the  reflection  plane  with  the  model. 

TESTS 

All  tests  were  made  at  a  dynamic  pressure  of  16.37 
pounds  per  square  foot,  corresponding  to  an  air  velocity 
of  80  miles  per  hour  at  standard  sea-level  atmospheric 
conditions.  Thus,  for  the  wing-aileron  tests  the  aver¬ 
age  Reynolds  Number  was  609,000  and  for  the  tail- 
surface  tests  it  was  1,218,000. 

Wing-aileron  arrangements.' — Most  of  the  tests  of 
the  wing-aileron  arrangements  were  made  at  0°,  10°, 
15°,  and  20°  angle  of  attack  and  at  0°  yaw.  For  the 
aileron  deflections  of  0°,  —15°,  and  —30°,  the  tab  was 
deflected  0°,  10°,  20°,  30°,  and  40°,  and  for  aileron 
deflections  of  0°,  15°,  and  30°,  the  tab  was  deflected  0°, 

—  10°,  —20°,  —30°,  and  —40°.  In  the  aileron  tests 
with  the  paddles,  horn,  and  Frise  types  of  balance  the 
tab  deflections  were  limited  to  0°,  ±10°,  ±20°,  and 
±30°  because  previous  tests  had  shown  that  the  40° 
deflections  gave  less  reduction  in  hinge  moment  than 
the  30°  deflections.  Tests  were  made  on  the  model 
with  the  Frise  aileron  at  both  0°  and  20°  yaw  to  deter¬ 
mine  the  effect  of  yaw  on  the  balance  of  ailerons  with 
tabs.  It  is  believed  that  the  foregoing  range  of  aileron 
deflections  covers  the  range  used  on  present-day 
airplanes.  In  every  case  a  positive  deflection  means 
that  the  trailing  edge  of  the  deflected  surface  moved 
below  its  neutral  position. 

Tail-surface  arrangements. — After  installation  of  the 
reflection  plane  in  the  tunnel,  dynamic-pressure  sur¬ 
veys  were  made  before  the  tail-surface  model  was  put 
in  place  and  the  reference  static  pressure  was  recali¬ 
brated  for  the  interference  effects.  The  reflection 
plane  was  used  in  all  the  tests  with  the  horizontal  tail 
because  this  arrangement  was  thought  to  be  more 
nearly  representative  of  the  majority  of  present-day 
tail  installations.  In  these  tests  the  stabilizer  angles 
as  used  were  —10°,  —5°,  0°,  5°,  and  10°.  For  each 
stabilizer  angle  the  elevator  was  deflected  0°,  —10°, 

—  20°,  and  —30°  from  the  stabilizer.  The  5-  and 
10-percent-chord  tabs  were  deflected  0°,  10°,  20°,  and 
30°  for  each  elevator  setting  and  the  20-percent-chord 
tab  was  also  deflected  40°  because  it  was  sometimes 
more  effective  at  the  high  deflections. 

The  vertical  tail  was  tested  both  with  and  without 
the  reflection  plane  in  place.  The  tests  were  made 
with  the  fin  angles  \pF  of  —10°,  —5°,  0°,  5°,  and  10°. 
For  each  fin  setting  the  rudder  was  deflected  0°,  10°, 
20°,  and  30°  from  the  fin  and  for  each  rudder  setting 


the  tab  was  deflected  0°,  —10°,  —20°,  and  —-30°  from 
the  rudder.  A  positive  deflection  is  to  the  left  as  seen 
from  the  rear. 

RESULTS 

WING-AILERON  ARRANGEMENTS 

The  results  of  the  tests  on  the  wing-aileron  arrange¬ 
ments  are  given  in  terms  of  the  following  nondimen- 
sional  coefficients: 


r 

L,~  i is 

n  __  drag 
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„ .  rolling  moment  .  , 
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where  q  is  dynamic  pressure. 

S,  area  of  wing  (not  including  attached  tabs,  pad¬ 
dles,  or  horns). 

b,  span  of  wing  (not  including  horn). 
cA,  chord  of  aileron  (not  including  attached  tabs, 
horns,  or  Frise  balance  area). 
bA,  span  of  aileron  (not  including  horn). 

The  values  of  CL,  CD,  C\  ,  and  Cn'  are  read  directly  on 
the  balances  and  are  comparable  for  the  different  ar¬ 
rangements.  It  should  be  noted  that,  with  the  hinge- 
moment  coefficient  based  on  the  dimensions  of  the 
aileron  to  which  they  apply,  comparisons  of  different 
values  of  Chi  for  different  conditions  of  any  given  aile¬ 
ron  are  valid,  but  comparisons  between  hinge-moment 
coefficients  for  different  ailerons  cannot  be  made  sim¬ 
ply  by  comparing  values  of  Chi.  If  such  a  comparison 
is  desired,  it  will  be  necessary  to  recalculate  the  hinge 
moments  on  the  basis  of  some  common  dimension. 

The  complete  data  are  presented  in  tabular  form. 
In  table  I,  CL  and  CD  for  all  the  arrangements  are 
listed.  The  change  in  lift  and  drag  caused  by  the 
attached  tabs  was  within  the  experimental  accuracy 
of  the  tests.  The  data  for  the  tests  with  the  paddles, 
horn,  and  Frise  aileron  have  been  corrected  for  one 
arrangement  on  each  wing  tip.  The  values  of  C{ ,  Cn', 
and  Chl  for  the  attached  tabs  on  the  short  wide  aileron 
are  tabulated  as  follows:  The  full-span  tabs  of  different 
chords  in  table  II  and  the  20  percent  cA  half-span  tab 
at  the  several  locations  along  the  aileron  span  in 
table  III.  The  corresponding  data  for  the  inset  tab 
on  this  aileron  are  given  in  tables  IV  and  V.  The 
data  for  the  medium-size  aileron  with  the  10  percent 
c 4  full-span  inset  tab  are  given  in  table  VI.  In  table 
VII  the  corresponding  data  are  given  for  the  short 
wide  aileron  with  the  20  percent  cA  half-span  center 
inset  tab  in  combination  with  the  paddle,  horn,  and 
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Frise  types  of  balance.  The  data  for  the  Frise  aileron 
when  yawed  20°  are  also  given  in  table  VII.  It 
should  be  noted  that  the  rolling-  and  yawing-moment 
coefficients  with  the  ailerons  and  tabs  undeflected  are 
those  due  to  yaw  alone ;  whereas  for  the  tests  in  which 
they  were  deflected  the  moment  coefficients  are  due 
to  tab  or  aileron. 

In  order  to  obtain  the  results  for  two  ailerons,  one 
on  the  right  tip  and  one  on  the  left,  it  is  necessary  to 
change  the  signs  of  the  data  for  the  down  aileron  and 
add.  (See  reference  11.)  By  use  of  this  convention 
in  summing  up  the  results  for  two  ailerons  the  signs 
will  be  plus  when  C/  is  in  the  desired  direction  and 
when  Cn'  aids  the  roll.  The  value  of  Chl  will  be  plus 
when  it  requires  a  force  to  move  the  stick  to  obtain 
larger  aileron  deflections  and  minus  when  the  ailerons 
are  overbalanced. 

TAl L-S URF ACE  A R R ANGEMEN TS 

The  results  of  the  tests  on  the  tail  surfaces  are  given 
in  the  form  of  the  following  nondimensional  coeffi¬ 
cients: 

n  normal  force 

Cn~ 

_  hinge  moment 
hl~  0_{cE  2  or  cR  2)(bE  or  bR ) 

at  at 

where  St,  total  area  of  tail  surface. 

cE  or  cR  ,  average  chord  of  elevator  or  rudder. 

bE  or  bR,  maximum  span  of  elevator  or  rudder. 

The  value  of  CN  was  computed  from  the  lift  and  drag 
coefficients  as  measured  and  Ct<l  was  computed  from 
the  pitching-moment  scale  readings.  The  data  as 
tabulated  are  for  negative  fixed  tail  settings  with 
various  plus  and  minus  elevator  or  rudder  settings 
and  the  corresponding  minus  and  plus  tab  settings. 
The  complete  data  for  the  various  chord  tabs  on  the 
elevator  are  given  in  table  VIII  and  for  the  20  per¬ 
cent  Cr  tab  on  the  rudder  both  with  and  without  the 
reflection  plane  in  table  IX. 

PRECISION 

The  coefficients  CL,  CD,  and  CN  are  correct  to  within 
±3  percent  and  coefficients  C /  and  Cn'  are,  in  general, 
correct  to  within  ±3  percent  except  at  20°  angle  of 
attack.  The  value  of  Chl  is  correct  to  within  ±3 
percent  for  the  ailerons,  ±5  percent  for  the  elevator, 
and  ±2  percent  for  the  rudder. 

DISCUSSION 

METHOD  OF  COMPARING  TABS 

In  a  comparison  of  the  results  of  tests  on  tabs  it  is 
not  sufficient  to  compare  merely  the  reductions  in 
lunge  moments  because  tabs  not  only  reduce  the 
lunge  moment  but  at  the  same  time  reduce  the  effec¬ 
tiveness  of  the  control  surface.  A  criterion  for  the 
comparison  of  different  arrangements  of  tabs  and 


control  surfaces  should  therefore  take  into  account 
hinge  moment,  control  deflection,  the  moment  pro¬ 
duced  b}^  the  control  surface,  and  the  air  speed.  For 
the  comparisons  made  herein,  the  simple  criterions 
C{  or  CN  were  chosen  for  control  effectiveness  and 
Chfi  for  control  force.  These  criterions  do  not  take 
into  account  changes  in  air  speed  but  are  valid  for 
making  comparisons  at  any  given  angle  of  attack. 
Other  things  being  equal,  however,  the  higher  the  air 
speed  the  higher  the  control  force,  and  vice  versa. 
The  control-force  criterion  also  assumes  that  the  stick 
or  rudder  bar  moves  equal  amounts  for  equal  values 
of  C/  or  CN,  respectively,  the  linkage  between  the 
stick  and  control  surface  being  changed  accordingly. 
Therefore,  even  though  Chl  may  be  reduced  consider¬ 
ably,  if  it  is  necessary  to  move  the  control  surface 
through  a  very  large  angle,  the  product  C,h8  may  be 


Figure  10.— Effect  of  tab  deflection  on  rolling-moment  coefficient.  Short  wide 
aileron.  10  percent  c4  full-span  attached  tab.  a  =  0°. 

larger  with  the  tab  than  without  it  for  the  same 
Ci  or  CN. 

In  order  to  obtain  the  curves  of  control-force 
criterion  Ch]8  against  C/  or  CN  as  used  for  compari¬ 
sons  in  this  discussion  the  procedure  is  as  follows: 
First,  plot  either  C/  or  Cx  and  Chl  against  8  for  the 
various  tab  settings.  This  procedure  is  illustrated  in 
figures  10  and  11  for  the  10  percent  cA  full-span 
attached  tab  on  the  short  wide  aileron.  From  these 
curves  pick  off  the  values  of  C{  and  Chl  for  the  desired 
aileron  deflections  and  ratios  of  8T/8A,  sum  up  the 
results  for  the  two  ailerons,  as  explained  previously, 
tabulate  and  compute: 


St 

Sa 

Ci 

C.  SA 

Degrees 

±10 

Degree* 

±10 

0.  092 

0.  030 

0.  92 

±20 

±20 

.  205 

.001 

5.  30 

±30 

±30 

.  578 

.083 

17.34 
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The  example  given  is  for  an  equal  up-and-down 
aileron  movement  and  for  8T/8A—  1.0.  The  best  ratio 
of  8T/8A  for  a  given  size  of  tab  can  be  obtained  by 
making  the  computations  as  outlined  for  several 
ratios  of  8T/8A  and  then  plotting  Chl  8A  against  (7/ and 
picking  the  best  ratio  from  this  plot.  In  order  to 
find  the  optimum  size  of  tab  for  a  given  ratio  of 
8t/8, i,  the  same  computations  should  be  made  for 
several  sizes  of  tabs. 

The  effectiveness  of  a  tab  in  trimming  the  aircraft 
or  for  complete  servo  operation  of  the  controls  may  be 
determined  from  data  presented  as  in  figures  10  and 
11.  In  this  case  first  find  from  figure  1 1  the  up-and- 
down  aileron  deflection  for  zero  hinge  moment  for  the 
various  tab  settings  and  then,  for  the  corresponding 
values  of  aileron  and  tab  deflection,  take  the  values  of 


Figure  11.— Effect  of  tab  deflection  on  hinge-moment  coefficient.  Short  wide 
aileron.  10  percent  cA  full-span  attached  tab.  a=0°. 

Ci  (fig.  10).  For  ordinary  aileron  movements  it  is 
assumed  that  the  ailerons  are  so  interconnected  as  to 
deflect  with  the  desired  differential  movement. 

Figure  11  also  shows  that  for  down-aileron  deflec¬ 
tions  the  maximum  reduction  in  liinge-moment  coeffi¬ 
cient  would  occur  with  the  tab  deflected  up  20°,  and 
for  the  up-aileron  deflections  it  is  not  beneficial  to 
deflect  the  tab  down  more  than  30°.  A  further  analy¬ 
sis  of  the  data  in  tables  I  to  IX  shows  that,  in  general, 
the  tab  cannot  be  depended  upon  to  give  reductions 
in  hinge  moments  for  deflections  greater  than  ±20°. 

All  the  comparisons  given  as  applied  to  ailerons  are 
for  equal  up-and-down  motion.  For  the  trimming 
and  servo-control  tabs  it  is  also  assumed  that  the 
ailerons  are  so  interconnected  as  to  move  equally  up 
and  down.  Similar  curves  may  be  drawn  for  any 
desired  aileron  differential  motion 


COMPARISON  OF  ATTACHED  AND  INSET  TABS 

The  control-force  criterion  is  plotted  against  rolling- 
moment  coefficient  for  the  plain  aileron,  no  tab,  and 
for  the  aileron  with  the  same  size  attached  and  inset 
tabs  in  figure  12.  From  this  figure  it  is  evident  that 
with  the  same  ratio  of  ST/SA  the  attached  tab  is  inferior 
to  the  inset  tab  for  the  purpose  of  reducing  the  con¬ 
trol  force  for  the  same  rolling-moment  coefficient. 
This  result  is  logical  because  when  a  tab  is  attached 
to  the  trailing  edge  of  a  control  surface  the  chord  is 
increased  and,  since  the  hinge  moment  is  approxi¬ 
mately  proportional  to  the  square  of  the  control- 
surface  chord  and  the  rolling  moment  to  the  first 
power,  the  resultant  hinge  moment  would  necessarily 
be  greater.  The  increased  moment  arm  at  which  the 
tab  is  working  might  be  expected  to  compensate  for 
this  increased  hinge  moment  but  apparently  the  com¬ 
pensation  is  only  partial,  because  the  control  force 
with  the  attached  tab  is  higher  than  for  the  plain 
aileron  except  over  a  very  small  range  of  aileron 
deflections.  A  further  study  of  the  data  in  tables  I 
to  IV  shows  this  result  to  be  typical  of  attached  tabs 
as  compared  with  inset  tabs.  Since  the  inset  tab  is 
more  effective  than  the  attached  tab,  the  remainder  of 
the  discussion  will  be  devoted  to  inset  tabs;  and,  for 
the  aileron  portion,  only  the  equal  up-and-down 
movement  will  be  considered  for  this  movement  gives 
representative  results. 

INSET  TABS  ON  SHORT  WIDE  AILERONS 

Effect  of  various  ratios  of  8T/8A  on  control  force. — 

A  comparison  of  the  effect  of  various  ratios  of  tab  de¬ 
flections  to  aileron  deflection  on  Chl8A  and  C /  is  shown 
in  figure  13  for  the  10  percent  cA  full -span  inset  tab  on 
the  short  wide  aileron.  It  may  be  seen  that  all  ratios 
of  8t/8a  give  a  reduction  in  control  force  for  a  given 
C/  when  C /  is  less  than  0.06.  As  the  data  are  for 
static-force  test  conditions  and  as  in  flight  there  is  an 
actual  reduction  in  hinge  moment  due  to  rotational 
velocity  in  roll,  if  the  control  force  is  reduced  to  zero 
according  to  static-force  test  data,  overbalance  will 
occur  in  flight.  A  more  detailed  analysis  of  the  prob¬ 
able  reduction  of  hinge  moment  due  to  rotational  ve¬ 
locity  in  roll  is  given  later  in  the  report.  There  is  also 
a  slight  difference  in  the  hinge  moments  as  measured  in 
these  tests  and  those  encountered  in  flight  owing  to  the 
manner  in  which  the  tab  is  locked  to  the  aileron;  tliis 
subject  will  also  be  discussed  later.  On  the  basis  of  the 
probable  reduction  in  hinge  moment  due  to  rotation  for 
the  short  wide  aileron,  the  ratio  of  tab/aileron  deflection 
of  0.75  will  reduce  the  hinge  moment  to  about  zero  at  the 
low  aileron  deflections  on  an  airplane  in  flight.  For 
this  deflection  ratio,  the  reduction  in  control  force  at 
Ci'  =  0.04  is  74  percent  that  of  the  aileron  without  tabs. 
In  some  cases  (7/ =0.04  gives  satisfactory  rolling  con- 
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Figure  12.— Comparison  of  effect  of  attached  and  inset  tabs  on  the  control-foice 
criterion.  Short  wide  ailerons  with  equal  up-and-down  deflection  Sr/S  i=l. 
«= 0°. 


Figure  13. — Effect  of  tab-aileron  deflection  ratios  on  the  control-force  criterion. 
Short  wide  ailerons  with  equal  up-and-down  deflection.  10  percent  cA  full-span 
inset  tab.  a=0°. 
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Figure  14. — Effect  of  tab  size  on  the  control-force  criterion.  Short  wide  ailerons 
with  equal  up-and-down  deflection.  Full-span  inset  tabs.  ST/SA=0.75.  a=0°. 


Figure  15.— Effect  on  of  tab  location  on  the  control-force  criterion.  Short  wide 
ailerons  with  equal  up-and-down  deflection.  ST/SA=  1.0.  «=0°. 
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trol.  (See  reference  12.)  If  a  value  of  C/  =  0.075  is 
necessary  for  satisfactory  control,  none  of  the  tabs  are 
beneficial  for  the  extreme  control-surface  movements. 
For  the  high-speed  condition  of  flight  the  tab  is  quite 
satisfactory,  however,  as  a  means  of  balance.  For  the 
ratio  of  8T/8A~  1.0  overbalance  would  probably  occur  in 
flight  owing  to  the  reduction  of  hinge  moment  caused 
by  the  rolling  velocity;  for  the  ratio  1.5  overbalance 
occurs  in  the  wind-tunnel  tests. 

Effect  of  variation  of  tab  size  on  control  force.- — A 
comparison  of  the  effect  on  the  control  force  of  the 
variation  in  tab  chord,  for  a  given  ratio  of  tab  to  aileron 
deflection  (8r/5A= 0.75),  is  shown  by  figure  14.  This 
figure  shows  that  none  of  the  tabs  gave  reduction  in 
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Figure  16.— Effect  of  angle  of  attack  on  the  control-force  criterion.  Short  wide 
ailerons  with  equal  up-and-down  deflection.  20  percent  cA  half-span  inboard 
inset  tab. 

control  force  for  values  of  C/  greater  than  0.06.  The 
5  percent  cA  tab  requires  a  larger,  and  the  20  percent 
cA  tab  a  smaller,  ratio  of  tab/aileron  deflection  to  give 
satisfactory  balance.  The  5  percent  cA  tab  would  prob¬ 
ably  be  unsatisfactory  as  a  balancing  tab  because  of 
the  decrease  in  the  effectiveness  of  tabs  in  reducing  the 
hinge  moment  when  deflected  through  large  angles. 

Effect  of  tab  location  along  aileron  span  on  control 
force. — A  comparison  of  the  effect  on  the  control  force 
of  locating  a  tab  of  the  same  size  at  different  locations 
along  the  aileron  span  is  shown  in  figure  15.  As  previ¬ 
ously  pointed  out,  the  10  percent  cA  full-span  tab  at  a 
ratio  of  tab/aileron  deflection  of  1  (5r/5A=l-0)  would 
probably  give  overbalance.  The  20  percent  cA  half- 
span  tabs,  however,  will  probably  not  give  overbal¬ 


ance.  The  outboard  tab  is  slightly  better  than  the 
center  or  inboard  tab  but,  since  in  a  majority  of  cases 
it  is  not  practicable  to  use  an  outboard  tab  owing  to  the 
wing-tip  shape,  the  inboard  tab  being  next  best  would 
probably  be  used.  The  differences  between  the  three 
locations  of  the  20  percent  cA  half-span  tabs  are  so 
slight  that  from  the  consideration  of  control-force  and 
rolling-moment  coefficient  there  is  not  much  choice. 
From  structural  considerations,  however,  the  inboard 
location  is  probably  preferable. 

Effect  of  angle  of  attack  on  control  force. — The  effect 
of  angle  of  attack  on  the  effectiveness  of  tabs  in  de¬ 
creasing  control  force  is  shown  in  figure  16.  It  should 
be  remembered  that  the  curves  for  the  different  angles 
of  attack  should  not  be  directly  compared  because  of 
the  difference  in  lift  coefficients  but  that  each  pair  of 
curves  for  the  same  angle  of  attack  are  comparable. 
From  an  inspection  of  these  curves  it  will  be  noted  that 
in  all  cases  except  at  20°  angle  of  attack  the  tab  gives 
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Figure  17.— Variation  of  control-force  coefficient  with  lift  coefficient  for  a  given 
value  of  rolling-moment  criterion.  Short  wide  ailerons  with  equal  up-and-down 
deflection;  20  percent  cA  half-span  inboard  tab. 

a  reduction  of  control  force,  the  greatest  reduction 
occurring  at  0°  angle  of  attack.  If  no  overbalance 
therefore  occurs  at  0°  angle  of  attack,  no  overbalance 
will  occur  at  other  angles  of  attack. 

In  order  to  illustrate  more  accurately  the  effect  of 
speed  on  control  force  with  and  without  tabs,  for  a  given 
rolling  moment,  the  data  from  figure  16  have  been 
plotted  in  figure  17  as  a  control-force  coefficient  Cl 
against  lift  coefficient  for  two  values  of  the  rolling- 
moment  criterion  RC'.  The  control-force  coefficient  is 
based  on  a  stick  movement  of  ±25°  to  give  the  maxi¬ 
mum  aileron  deflection  for  a  specified  value  of  RC'  at 
maximum  lift  and  is  independent  of  air  speed.  The 
coefficient  is  defined  as 

flTji _  l  ^  _ .  Ch{  $Amar 

qcASACL  CL  25 

where  F  is  the  force  applied  at  the  end  of  a  control  lever 
of  length  l  and  ~~  is  the  gear  ratio  between  aileron 
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and  control  lever.  The  rolling-moment  criterion  is 

RC'  =  C//Cl 

which  is  proportional  to  the  rolling  moment  in  foot¬ 
pounds  and  is  also  independent  of  air  speed. 

Inspection  of  these  curves  shows  that  the  control 
force  is  reduced  by  the  use  of  tabs  nearly  the  same 
absolute  amount  for  any  given  RC',  regardless  of  lift 
coefficient,  and  that  the  greatest  percentage  reduction 
occurs  at  the  low  values  of  RC'  and  at  low  lift  coeffi¬ 
cients. 

Effect  of  variation  of  tab  chord  on  trimming  or  servo 

control— In  figure  18(a)  are  plotted  the  rolling 
moments  for  various  tab  deflections  of  tabs  of  different 
chords  to  give  complete  balance  of  the  aileron.  For 
purposes  of  trimming  the  aircraft,  it  is  possible  to  com¬ 
pensate  for  a  calculated  effect  of  3°  twist  of  the  wing 
by  deflecting  the  5  percent  cA  tabs  ±7°.  For  smaller 
amounts  of  twist,  the  deflection  required  for  trimming 
is  directly  proportional  to  the  twist. 

None  of  the  tabs  will  give  satisfactory  control  for 
servo  operation  unless  the  value  C/  =  0.04  is  satisfac¬ 
tory  for  rolling  control,  in  which  case  the  20  percent 
c.i  full-span  tab  may  be  used  for  complete  servo  opera¬ 
tion  of  the  ailerons.  If  it  is  desirable  to  use  a  tab  for 
servo  operation  of  the  control,  it  probably  should  be 
used  in  conjunction  with  some  other  type  of  balance, 
i  he  inset-hinge  type  of  auxiliary  balance  would  prob¬ 
ably  be  the  best  because  it  is  least  affected  by  changes 
in  angle  of  attack  and  yaw.  As  previously  pointed  out, 
it  may  be  noted  in  figure  18  (a)  that  it  is  not,  in  general, 
beneficial  to  deflect  the  tabs  from  the  neutral  position 
more  than  20°. 

Effect  of  angle  of  attack  on  trimming  or  servo  con¬ 
trol.' — Tabs  as  a  means  of  trimming  the  aircraft  or  for 
servo  operation  of  the  controls  become  less  effective  at 
the  higher  angles  of  attack.  Figure  18  (b)  for  the  full- 
span  20  percent  cA  tab  shows  that  even  if  the  tab  were 
satisfactory  for  servo  operation  of  the  control  at  0° 
angle  of  attack,  it  would  not  be  satisfactory  at  10°,  15°, 
and  20°. 

Effect  of  tab  location  along  aileron  span  on  trim¬ 
ming  or  servo  control. — The  20  percent  cA  half-span 
tab  at  any  of  the  locations  along  the  span  was  inferior 
as  a  trimming  or  servo-control  device  to  the  10  percent 
cA  full-span  tab  for  tab  deflections  less  than  ±20°. 
(See  fig.  18  (c).)  The  20  percent  cA  half- span  tab  at 
any  of  the  locations  gave  a  slight  increase  in  effective¬ 
ness  for  deflections  as  great  as  40°.  The  outboard 
location  is  slightly  superior  to  the  other  locations  for 
the  larger  deflections. 

INSET  TABS  ON  ELEVATOR 

Effect  of  tab  chord  and  angle  of  attack  of  tail  surface 

on  Chl  and  CN.- — It  is  not  practicable  to  compare  the 
control-force  criterion  for  the  tail-surface  test  results, 


(b)  Effect  of  angle  of  attack.  20  percent  cA  full-span  inset  tab. 


Figure  18.— Variation  of  rolling-moment  coefficients  with  tab  deflection  for 
complete  servo  operation.  Short  wide  aileron 
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(a)  a  s  =0°.  Negative  deflection  of  elevator. 
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(b)  a  ——  5°.  Negative  deflection  of  elevator. 
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Figure  19.— Effect  of  tab  chord  >n  hinge-moment  coefficients  for  ratio  of  tab  de¬ 
flection  to  elevator  deflection  of  1  Or/aK=l).  Elevator  40  percent  of  area  of 
horizontal  tail.  Reflection  plane  in  place. 


except  at  0°  setting  of  the  fixed  tail,  because  there  is  no 
similar  control  surface  moving  in  the  opposite  direction 
and  the  control  surface  tends  to  deflect  from  neutral 
as  soon  as  the  tail  setting  is  changed  from  0°. 

The  effects  of  tab  size  and  of  stabilizer  setting  on  the 
elevator  hinge  moment  and  on  the  normal-force  coeffi¬ 
cients  are  shown  in  figure  19.  At  0°  stabilizer  setting 
the  5  percent  cE  tab  gave  an  appreciable  reduction  in 
hinge  moment.  With  the  10  percent  cE  tab  the  hinge 
moment  became  so  small  that  there  is  a  possibility  of 
overbalance  in  flight  owing  to  pitching  velocit}7.  The 
curves  (fig.  19  (a))  show  that  with  the  20  percent  cE 
tab  the  control  surface  was  overbalanced  for  small  ele¬ 
vator  deflections  with  the  ratio  of  tab  to  elevator  deflec¬ 
tion  of  1.  The  increase  in  CN  with  the  5  and  10  percent 
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Figure  20. — Effect  of  tab  chord  on  the  control-force  criterion  lor  ratio  of  tab  de¬ 
flection  to  elevator  deflection  of  1  (5r/5B=l).  Elevator  40  percent  of  area  of 
horizontal  tail  a.s=0°.  Reflection  plane  in  place. 


cE  tabs  over  CE  with  no  tab  5r— 0°,  at  dE=  —  30°  is 
unusual.  For  the  tests  at  as—  —  5°  (shown  in  figs. 
19  (b)  and  19  (c)),  using  the  broken  lines  as  reference 
axes,  the  curves  for  the  various  sized  tabs  are  about 
the  same  as  for  the  curves  at  as— 0°  of  figure  19  (a). 
For  positive  elevator  deflections  there  was  more  tend¬ 
ency  to  overbalance  at  as= —  5°  than  for  the  same  ele¬ 
vator  deflection  at  as-=0°,  although  this  tendency  was 
very  slight.  Since  the  change  in  the  reduction  of  hinge 
moment  with  different  fixed  tail  settings  was  slight, 
the  remainder  of  the  discussion  on  control  force  of  tail 
surfaces  will  be  for  the  0°  fixed  tail  setting. 

Effect  of  tab  chord  on  the  control  force  (57-/6^=  1 ) • 
The  control-force  criterion  used  for  the  tail-surface 
test  results  is  the  same  as  the  one  used  for  the  ailerons. 
The  5  percent  cE  tab  gave  some  reduction  in  control 
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force  for  all  values  of  the  normal-force  coefficient. 
(See  fig.  20.)  The  10  percent  cE  tab  gave  reduction  in 
control  force  only  for  normal-force  coefficients  less 
than  0.44,  although  it  will  probably  give  overbalance 
for  small  elevator  deflections  as  pointed  out  previously. 
The  20  percent  cE  tab  gave  overbalance  in  the  static- 
force  tests. 

Effect  of  various  ratios  of  8T/8E  on  control  force  — 

It  may  be  seen  (fig.  21)  that  the  20  percent  cE  tab 
with  a  deflection  ratio  of  2/3  gave  approximately  the 
same  reduction  as  the  10  percent  cE  tab  (fig.  20)  with 
a  deflection  ratio  of  1.  None  of  the  arrangements 
gave  satisfactory  balance  for  normal-force  coefficients 
greater  than  about  0.40. 

Trimming  or  servo-control  tab. — The  results  that 
may  be  expected  by  using  these  tabs  for  trimming  or 
servo  operation  of  the  elevator  are  shown  in  figure  22. 
In  this  figure  the  normal-force  coefficient  and  elevator 
deflection  are  plotted  for  the  condition  of  the  elevator 
completely  balanced  by  the  tab.  These  data  may  be 
used  to  determine  the  tab  size  and  setting  necessary 
to  balance  the  airplane  if  the  angle  of  attack  of  the 
tail  is  known.  It  should  be  noted  that  no  benefit 
would  be  obtained  by  deflecting  the  tab  to  angles 
greater  than  20°  to  the  elevator.  As  the  maximum 
change  in  CN  that  could  be  obtained  with  the  0.20  cE 
tab  as  a  servo  control  is  small,  being  equivalent  to  that 
obtained  with  only  a  10°  deflection  of  the  elevator 
without  tab,  probably  none  of  these  tabs  would  be 
satisfactory  as  a  servo  control  unless  used  in  conjunc¬ 
tion  with  some  other  type  of  auxiliary  balance. 

INSET  TABS  ON  RUDDER 

The  rudder,  as  previously  mentioned,  was  tested 
with  only  the  20  percent  cR  tab  both  with  and  without 
the  reflection  plane.  The  vertical  tail  of  most  air¬ 
planes  is  probably  most  nearly  represented  by  the 
arrangement  without  the  reflection  plane,  although 
some  vertical  tails  would  be  approximated  by  the 
conditions  represented  with  the  reflection  plane.  The 
effect  of  the  change  in  fixed  tail  setting  on  the  results 
having  been  discussed  for  the  horizontal  tail,  the  dis¬ 
cussion  for  the  vertical  tail  will  be  limited  to  the  0° 
fin  setting  (^F= 0),  except  for  trimming  and  servo- 
control  tabs. 

Reduction  of  control  force. — With  the  reflection 
plane  in  place,  the  ratio  of  5r/5ft=2/3  gave  very 
satisfactory  reduction  in  control  force  for  small  rudder 
deflections,  and  some  reduction  for  all  values  of  CN 
less  than  0.63  (fig.  23  (a)).  This  tab/rudder  deflection 
ratio  probably  will  not  give  any  overbalance  on  an 
airplane  due  to  yawing  velocity  in  flight.  For  all 
values  of  CN  greater  than  0.63  it  would  be  better  to 
use  the  control  without  the  tab.  For  higher  tab/rud¬ 
der  deflection  ratios  overbalance  will  occur  at  the  low 
deflections. 

Without  the  reflection  plane  (fig.  23  (b))  the  control 
force  was  higher  for  all  values  of  the  normal-force 


coefficient  than  with  the  reflection  plane.  This  in¬ 
creased  control  force  was  probably  due  to  the  smaller 
effective  aspect  ratio  of  the  model,  which  is  accom¬ 
panied  by  a  lower  slope  of  the  lift  curve,  and  also  to 
the  large  tip  loads  on  the  rectangular  tip  of  the  rudder. 
Insofar  as  balance  is  concerned,  the  tab/rudder  deflec¬ 
tion  ratio  of  2/3  is  probably  the  largest  that  can  be 
used  without  overbalance.  The  tab  in  this  case  was 
effective  in  reducing  the  control  force  only  for  values 
of  normal-force  coefficient  less  than  0.60,  which  is 
approximately  the  same  as  for  the  model  with  the 
reflection  plane. 

Trimming  or  servo-control  tab. — For  trimming  or 
servo  control  the  tab  was  about  equally  effective  either 


Figure  21. — Effect  of  tab-elevator  deflection  iatios  on  the  control-force  criterion. 
Elevator  40  percent  of  area  of  horizontal  tail.  Inset  tab  20  percent  of  maximum 
elevator  chord.  aa— 0°.  Reflection  plane  in  place. 


with  or  without  the  reflection  plane.  (See  fig.  24.) 
The  maximum  value  of  CN  was  obtained  with  the  tab 
deflected  only  20°  and  was  0.39  with  the  reflection 
plane  and  0.38  without  it  for  the  fin  set  at  0°, 
(^.^O0).  This  value  of  CN  corresponds  to  a  rudder 
displacement  of  about  10°  without  tab.  The  20°  tab 
deflection  is  probably  greater  than  necessary  for  trim¬ 
ming  but  is  not  satisfactory  for  servo  operation  of  the 
control.  For  servo  operation  of  the  control,  the  tab 
would  have  to  be  used  in  conjunction  with  some  other 
type  of  auxiliary  balance. 

INSET  TABS  IN  COMBINATION  WITH  OTHER  TYPES  OF  BALANCE 

A  comparison  of  the  actual  reduction  in  hinge 
moment  for  a  tab  on  the  aileron  alone  and  on  the  ail¬ 
eron  with  the  auxiliary  types  of  balance  is  shown  in 
figure  25.  The  curves  are  typical  for  0°  angle  of 
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(c)  Inset  tab  20  percent  of  maximum  elevator  chord. 

Figure  22.— Variation  of  normal-force  coefficients  with  elevator  deflection  for  complete  servo  operation.  Elevator  40  percent  of  area  of  horizontal  tail.  Reflection  plane 

in  place. 
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attack;  for  the  other  angles  of  attack  the  change  is 
about  the  same.  It  is  evident  from  these  results 
that  the  reduction  in  hinge  moment  due  to  the  tab  is 
approximately  independent  of  the  auxiliary  balance 
or,  in  other  words,  if  the  hinge  moment  is  known  for  a 
control  surface  with  either  a  paddle,  horn,  or  Frise 
balance,  the  data  reported  herein  may  be  used  to  cal¬ 
culate  directly  the  further  reduction  in  hinge  moment 
that  may  be  expected  by  the  addition  of  a  tab. 

Previous  tests  (reference  13)  have  shown  that  the 
horn  type  of  balance  is  ineffective  at  large  angles  of 
attack  and  tends  to  overbalance  when  yawed.  The 
subject  tests  on  the  aileron  with  horn  balance  did  not 
include  the  yawed  condition  but  substantiated  the 
conclusion  that  the  horn  balance  is  ineffective  at  large 
angles  of  attack.  (See  table  VII.) 

The  tests  with  the  Frise  aileron  yawed  showed  that 
the  reduction  of  hinge  moment  due  to  a  tab  was  the 
same  either  yawed  or  unyawed  (fig.  26).  In  this 
figure  the  change  in  hinge-moment  coefficient  caused 
by  the  deflection  of  the  tab  is  plotted  against  tab 
angle.  Since  the  change  in  hinge-moment  coefficient 
on  this  type  of  aileron  caused  by  a  deflection  of  the 
tab  is  unaffected  by  yaw,  it  is  reasonable  to  assume 
that  anjr  other  type  of  similarly  balanced  aileron  and 
tab  combination  would  be  unaffected  by  yaw.  If 
an  aileron-tab  combination  is  therefore  not  over¬ 
balanced  at  zero  yaw  it  will  not  be  overbalanced  by 
the  tab  when  yawed  with  the  controls  undeflected. 
It  should  be  remembered,  however,  that  all  ailerons 
tend  to  be  overbalanced  when  the  wing  is  sideslipped 
because  of  the  unsymmetrical  wing  span  load  distri¬ 
bution  under  these  conditions.  This  overbalance  was 
observed  in  the  subject  tests  on  the  Frise  aileron  when 
yawed  and  the  amount  of  overbalance  was  consider¬ 
able  at  the  high  angles  of  attack.  (See  table  VII.) 
When  a  balancing  tab  is  attached  to  an  aileron  in  a 
conventional  manner  so  as  to  start  moving  at  the  same 
time  as  the  aileron  and  in  the  opposite  direction,  the 
degree  of  overbalance  when  yawed  will  be  greater 
than  for  the  aileron  without  tab  if  the  ailerons  are 
allowed  to  deflect  a  small  amount.  It  would  be  desir¬ 
able  to  design  the  linkage  of  a  balancing  tab  so  that 
the  aileron  and  tab  would  move  together  over  the  first 
4°  or  5°  deflection  and  then  differentially  to  reduce 
the  hinge  moment.  This  arrangement  would  also  be 
desirable  because  of  the  fact  that  most  aerodynamic 
balancing  devices  tend  to  give  overbalance  at  low 
angles  of  control-surface  deflection. 

FACTORS  AFFECTING  APPLICATION  OF  STATIC-FORCE 
TEST  RESULTS  TO  AIRPLANES  IN  FLIGHT 

METHOD  OF  MEASURING  THE  HINGE  MOMENTS 

In  the  wind-tunnel  force  tests  where  the  tab  was 
part  of  the  control  surface,  the  measured  hinge 
moment  was  the  combined  moment  of  the  control 


surface  and  the  tab.  On  an  actual  airplane,  how¬ 
ever,  the  arrangement  would  be  more  like  that  shown 
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(a)  Reflection  plane  in  place. 


Normal- force  coefficient  CN 
(b)  Reflection  plane  removed. 


Figure  23.— Effect  of  tab-rudder  deflection  ratios  on  the  control-force  criterion. 
Rudder  60  percent  of  area  of  vertical  tail.  Inset  tab  20  percent  of  maximum 
rudder  chord.  i/-^  =  0°. 


in  figure  27.  The  following  discussion  applies  to 
any  control  surface,  but  an  aileron  will  be  treated  for 
simplicity.  In  the  sketch  the  ratio  of  1:1  between 
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(b)  Reflection  plane  removed. 

Figure  24. — Variation  of  normal-force  coefficient  with  rudder  deflection  for  complete  servo  operation.  Rudder  60  percent  of  area  of  vertical  tail.  Inset  tab  20  percent  of 

maximum  rudder  chord. 
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tab  and  aileron  deflection  is  assumed.  If  FA  is  the 
force  on  the  aileron  control  horn,  Fr  that  on  the  tab 
control  horn,  a  summation  of  the  moments  about  the 

aileron  axis  gives, 

F Aa  -\-xe = yc  -f  Frb 
or,  solving  for  FAa 

FAa=yc-\-FTb—xe 


In  the  force  tests,  yc—xe  was  actually  measured.  For 
the  case  of  5^/5^=  1 .0  under  consideration 


b—f  and  FTf=xd=FTb 


Figure  25.— Comparison  of  reduction  of  hinge-moment  coefficients  of  inset  tabs 
alone  and  in  combination  with  other  types  of  balancing  surfaces.  Short  wide 
aileron.  20  percent  c4  half-span  center  inset  tab.  «=0°. 


therefore 

FAa=ycJrxd— xe 

If  for  the  10  percent  cA  tab  it  be  assumed  that  the 
center  of  pressure  on  the  tab  is  20  percent  of  the  tab 
chord  from  the  leading  edge,  it  follows  that 


xd=—xe 


therefore 


FAa=yc-{-^>  xe—xe=yc  —  0.98  xe 


From  the  preceding  equation  it  is  apparent  that  the 
actual  aileron  hinge  moment  would  be  slightly  larger 


for  the  flight  conditions  than  it  was  for  the  force-test 
conditions.  The  actual  difference  in  moment,  how- 


Tab  deflection  6r,  degrees 


Figure  26.— Comparison  of  reduction  of  hinge-moment  coefficients  of  inset  tabs  at 
0°  and  20°  yaw.  Frise  aileron.  20 percent  cA  half-span  center  inset  tab.  a=0°. 

ever,  is  only  2  percent  of  the  moment  of  the  tab  about 
the  aileron  axis  for  the  10  percent  cA  tab. 

EFFECT  OF  ROTATIONAL  VELOCITIES 

When  a  control  surface  is  deflected  on  an  airplane 
in  flight,  an  angular  velocity  is  obtained  that  changes 
the  angle  of  attack  of  the  control  surface  in  such  a 
manner  as  to  decrease  the  hinge  moment.  As  in  the 
static-force  tests  no  angular  velocity  accompanied  the 
control-surface  deflection,  the  hinge  moments  as 
measured  should  be  decreased  by  an  amount  equal  to 


Figure  27.— Diagram  of  a  balancing-tab  arrangement  for  an  airplane. 

the  reduction  caused  by  the  angle-of-attack  change 
that  would  be  expected  in  flight.  An  analytical  de¬ 
termination  of  the  reduction  that  would  bo  expected 
with  the  short  wide  ailerons  (40  percent  c  by  30 
percent  6/2)  is  therefore  given. 

From  the  data  of  the  force  tests  it  was  found  that 
for  the  ailerons,  regardless  of  deflection,  and  for 
angles  of  attack  below  the  stall,  the  change  in  hinge 
moment  with  angle  of  attack  was: 

A  Ch, 

-^-1  =  0.0164  or  Al41  =  o.01  64Aa: 

This  expression  is  for  2  ailerons,  1  on  each  wing 
tip,  and  Aa  is  in  degrees.  The  value  of  Aa  is  one-half 
the  difference  between  the  average  angle  of  attack 
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over  the  portions  of  the  wing  containing  the  two 
ailerons  and  may  be  found  in  the  following  manner: 

Aa1=tan"1^p. 


where  p'  is  the  rate  of  rotation  in  radians  about  the 
wind  axis.  This  expression  is  for  the  change  in  angle 
of  attack  at  the  wing  tip.  For  the  inboard  end  of  the 
aileron  the  expression  is 


A«2=tan  1 


P% 

2V 


where  b1  is  the  span  of  the  wing  between  the  ailerons. 
The  average  change  is 


AarfAa; 

o 


tan  1 


Pi 

2V 


+  tan" 


p'b , 
2  V 


9 


or 


Aa=tan  1 


A  value  of 


p'b 

2V 


—  0.05  gives  for  this  wing  and  aileron 


arrangement  Aa  =  tan-10. 0425 =2.43°;  or  the  change 
in  hinge  moment  due  to  a  rate  of  rotation  corresponding 

,  •  P'b  * 

tO  tlllS  ^ y  is 


AC),,  =  0.0164X2.43  =  0. 0398,  or  0.04  approximately. 

'p '  b 

This  result  shows  that  for  ~y=0.05  the  reduction  of 


the  hinge-moment  coefficient  is  about  0.04. 

From  a  large  number  of  wind-tunnel  tests  on  wings 
alone,  it  has  been  found  that  for  a  rate  of  rotation 

7)'  b 

corresponding  to  ^-p=0.05  the  value  of  the  damping- 


moment  coefficient  C\  below  the  stall  is  approximately 
0.02.  Recent  tests  (to  be  published)  have  shown, 
furthermore,  that  at  low  angles  of  attack  the  aileron 
deflection  necessary  to  give  a  rolling  velocity  cor- 
.  p'b 

responding  to  ^y—  0.05  would  give  a  static  rolling- 


moment  coefficient  of  0.02  ((7/ =  0.0 2).  For  the  wing 
alone  it  follows  that  if  the  ailerons  are  deflected  to 
give  a  (7/ =  0.02  the  resultant  rolling  velocity  will 
p'b 

correspond  to  Np=0.05  and  therefore  will  give  a  re¬ 


duction  in  the  hinge-moment  coefficient  of  0.04. 
Available  test  data  indicate  that  the  rolling-moment 
coefficient  required  to  produce  a  given  rolling  velocity 
with  a  complete  airplane  is  about  25  percent  greater 
than  that  required  for  the  wing  alone.  Statements  in 
the  discussion  relative  to  the  effect  of  rolling  velocity 
on  the  hinge  moments  in  flight  are  based  on  this  dif¬ 
ference  between  results  of  the  wing  alone  and  those  for 
a  complete  airplane.  A  similar  analysis  for  the 


medium-size  aileron  shows  that  the  reduction  in 
hinge-moment  coefficient  is  0.008  for  a  rolling  velocity 

p'b 

corresponding  to  Nj-r=0.05.  If  is  evident  therefore 


that  the  change  in  hinge  moment  due  to  rolling  velocity 
depends  to  a  large  extent  upon  the  size  of  the  aileron. 

Angular  velocities  in  pitch  and  yaw  affect  the  mo¬ 
ments  on  the  horizontal  and  vertical  tail  surfaces  in  a 
similar  manner  but  no  computations  have  been  made 
for  these  effects. 


CONCLUSIONS 


The  conclusions  are  based  on  static-force  test 
results  and  as  applied  to  ailerons  are  for  an  equal 
up-and-down  movement.  Such  factors  as  angular 
velocities  in  roll  and  methods  of  operating  the  tab 
may  have  larger  effects  than  those  assumed. 

1.  Inset  tabs  were  superior  to  attached  tabs  for  the 
same  tab/aileron  deflection  ratios. 

2.  The  reduction  in  control  force  with  a  tab  was 
greater  at  an  angle  of  attack  of  0°  than  at  10°,  15°, 
and  20°. 

3.  The  20  percent  cA  half-span  inset  tab  was  prob¬ 
ably  the  best  for  use  as  a  balancing  tab  for  ailerons. 

4.  The  20  percent  cA  full-span  inset  tab  was 
satisfactory  as  a  servo  control  for  values  of  rolling- 
moment  coefficient  as  great  as  those  obtained  by 
deflecting  the  unbalanced  control  surface  about  11°. 

5.  For  ordinary  trimming  purposes  the  5  percent  cA 
full-span  tab  was  satisfactory. 

6.  The  reduction  in  hinge-moment  coefficient  due  to 
tabs  could  be  added  directly  to  the  reduction  due  to 
paddle,  horn,  or  Frise  types  of  balance. 

7.  There  was  no  advantage  in  using  tabs  for  control 
moments  greater  than  those  ordinarily  obtained  by 
deflecting  the  control  surfaces  more  than  about  15°. 

8.  The  reduction  of  hinge  moment  due  to  tabs  was 
independent  of  angle  of  yaw  for  the  Frise  type  aileron. 

9.  It  appeared  that  tabs  would  be  more  effective 
when  used  with  large  control  surfaces  that  would 
require  small  angular  displacement. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  February  5,  1935. 
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TABLE  I.— FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY 

[R.  N. =609,000.  Velocity  =80 m.  p.  h.  Yaw=0°] 


a 

Model 

Wing  with  or  with¬ 
out  tabs 

0.1875  c  A  by  0.445 
b  .  paddle 

A 

0.275  CA  by  0.445  bA 
paddle 

Horn  aileron 
balance 

Frise  aileron 
balance 

Cl 

Cd 

Cl 

Ci> 

Cl 

Cd 

Cl 

Co 

Cl 

Cd 

0 

0 

0.  361 

0. 021 

0. 395 

0. 023 

0.381 

0.037 

0. 429 

0.033 

0.367 

0. 026 

10 

1. 060 

.092 

1.068 

.098 

1.054 

.  102 

1. 186 

.114 

1.040 

.  094 

15 

1.  260 

.  147 

1.  260 

.  157 

1.254 

.  159 

1.360 

.  179 

1.254 

.  148 

20 

1.  194 

.265 

1.128 

.276 

1.  126 

.270 

1.212 

.275 

1. 194 

.246 

TABLE  II 


FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY— FULL-SPAN  ATTACHED  TAB 

[R.  N. =609,000.  Velocity=80  m.  p.  h.  Yaw  =  0°] 


<5 

T 

1 

4^ 

O 

O 

-30° 

-20° 

—  10° 

0 

0 

0° 

10° 

20° 

30° 

40° 

Ci' 

Cn' 

C. 

h\ 

Ci’ 

C  ' 
u-n 

Ci' 

Cn' 

C. 

AI 

CY 

Cn' 

C. 

hl 

Ci' 

Cn' 

Ci’ 

Cn' 

Ci’ 

Cn ’ 

C‘. 

Ci' 

C„' 

C*. 

Ci’ 

C  ' 

L  T» 

Ci' 

Cn' 

(a)  0.05ca 

(X 

5a=0° 

sA=o° 

o 

0 

0.  032 

0. 003 

0 

0.019 

0.002 

0 

0.009 

0.  001 

0 

-0.  001 

0.002 

0 

-0.  047 

0 

0 

-0. 047 

0 

0 

-0. 109 

-0.  004 

0 

-0.  160 

-0.  008 

0.  001 

-0.  201 

-0.010 

0.001 

-0.226 

0.011 

0.  001 

10 

-.083 

.003 

0 

-.  088 

.003 

0 

-.  104 

.002 

0 

-.  097 

.003 

-.001 

-.  177 

0 

0 

-.  177 

0 

0 

-.229 

-.  003 

001 

-.292 

-.  008 

.002 

-.339 

-.009 

.002 

— .  366 

-.011 

.003 

16 

-.  162 

.002 

-.001 

-.  180 

.002 

-.001 

-.  182 

.001 

-.001 

-.  173 

.003 

-.  001 

-.  239 

0 

0 

-.  239 

0 

0 

-.  298 

-.003 

001 

-.  346 

-.  007 

.002 

-.  387 

-.  010 

.003 

-.411 

-.010 

.003 

20 

-.278 

.002 

-.001 

-.  290 

.003 

-.001 

.304 

-.001 

-.001 

-.  284 

.003 

-.  001 

-.338 

0 

0 

-.338 

0 

0 

-.  397 

-.002 

0 

-.  446 

-.  004 

.002 

-.487 

-.006 

.002 

-.516 

-.005 

.003 

<5^  =  15° 

5 

a  =  -15 

0 

-0.  246 

-0.  023 

0.  005 

-0.  246 

-0.  022 

0.  005 

-0.  240 

-0.  024 

0.  005 

-0.  238 

-0.  022 

0.  005 

-0. 301 

-0 

024 

0. 006 

0.  101 

0.032 

0.  001 

0.  037 

0.029 

0 

-0.  005 

0.  027 

0 

-0.  022 

0.  026 

0 

-0.  020 

0.026 

0 

10 

-.407 

-.  020 

.010 

-.378 

-.016 

.009 

-.382 

-.021 

.009 

-.382 

-.  020 

.009 

-.436 

— 

022 

.011 

.042 

.035 

-.005 

-.024 

.032 

— 

005 

-.081 

.  029 

-.005 

-.111 

.028 

-.004 

-.  125 

.027 

-.004 

15 

-.  444 

-017 

.012 

-.415 

-.  016 

.011 

-.  420 

-.018 

.011 

-.413 

-.  017 

.011 

-.472 

— 

020 

.012 

.004 

.032 

-.  007 

-.070 

.029 

— 

008 

-.  125 

.026 

-.  007 

-.  157 

.026 

-.007 

-.  176 

.024 

-.006 

20 

-.  468 

001 

.009 

-.  441 

-.002 

.008 

-.454 

-.  003 

.008 

-.  439 

-.002 

.008 

-.  494 

— 

003 

.009 

-.034 

.025 

-.009 

-.  103 

.02 3 

011 

-.  161 

.021 

-.  010 

-.197 

.019 

-.  010 

-.226 

.018 

-.  010 

5a=30° 

5 

A  =  — 30 

0 

-0.418 

-0.  039 

0.013 

-0.  407 

-0.  037 

0.  013 

-0.  378 

-0.  037 

0.  013 

-0.  393 

-0.  036 

0.  012 

-0.  454 

-0 

039 

0.  014 

0.  394 

0.  057 

0.  009 

0.  320 

0.  053 

0. 

008 

0.  264 

0.050 

0.  007 

0.218 

0.047 

0.007 

0.  268 

0.  050 

0.007 

10 

— .  514 

-.032 

.019 

-.508 

-.030 

.019 

-.492 

-.030 

.019 

-.522 

-.030 

.019 

-.  576 

— 

035 

.022 

.216 

.065 

-.002 

.  165 

.063 

002 

.  120 

.059 

-.003 

.  104 

.058 

-.  003 

.  126 

.060 

-.002 

15 

-.  551 

025 

.022 

-.538 

-.  023 

.021 

-.  529 

-.  024 

.021 

-.558 

-.  024 

.021 

-.  599 

029 

.  023 

.  187 

.062 

-.007 

.  117 

.060 

00« 

.059 

.058 

-.008 

.047 

.056 

-.008 

.047 

.057 

-.  008 

20 

-.516 

.002 

.014 

-.510 

.003 

.014 

-.508 

.002 

.014 

-.516 

.003 

.014 

-.550 

— 

001 

.015 

.  175 

.041 

-.  014 

.  106 

.040 

• 

015 

.051 

.035 

-.015 

.024 

.035 

-.014 

.031 

.049 

-.014 

(b)0 

•  IOCa 

K=  °° 

5a=0° 

0 

0.  121 

0.  009 

0 

0.  089 

0. 006 

0 

0.  083 

0.  007 

0 

0.048 

0.  004 

0 

-0  029 

0 

0 

-0.  029 

0 

0 

-0. 141 

-0.  006 

0 

-0. 225 

-0.011 

0.  001 

-0.  279 

-0.014 

0.  002 

-0.  358 

-0.017 

0.  002 

10 

-.003 

.009 

-.001 

-.034 

.006 

-.  001 

-.034 

.007 

-.  001 

-.050 

.005 

-.001 

-.  135 

0 

0 

-.  135 

0 

0 

-.249 

-.005 

001 

-.338 

-.  010 

.002 

-.411 

-.  014 

.004 

-.493 

-.016 

.004 

15 

-.  104 

.007 

-.001 

— .  128 

.005 

-.  001 

-.  122 

.006 

-.001 

-.  134 

.005 

-.002 

-.206 

0 

0 

-.206 

0 

0 

-.  309 

-.  005 

001 

-.  384 

-.008 

.002 

-.  451 

-.  012 

.004 

-.  537 

-.016 

.005 

20 

-.223 

.006 

-.  001 

-.229 

.005 

-.001 

-.  219 

.  005 

-.002 

-.242 

.004 

-.002 

-.318 

0 

0 

-.318 

0 

0 

-.414 

-.  002 

001 

-.494 

-.  003 

.003 

-.  551 

-.  004 

.004 

-.627 

-.005 

.005 

SA=15° 

5 

a  =  ~15 

5 

0 

-0.  217 

-0.  017 

0.  005 

-0.  229 

-0.  027 

0.  005 

-  0.  173 

-0.  020 

0.  005 

-0.  206 

-0.  023 

0.  005 

-0.  274 

-0 

028 

0.  006 

0.  129 

0.  033 

0.  001 

0.031 

0.  027 

0 

-0.  042 

0.  024 

0 

-0.  077 

0.  022 

0 

-0.  093 

0.  020 

0 

10 

-.387 

-.021 

.009 

-.  398 

-.023 

.010 

-.282 

-.017 

.008 

-.346 

-.  020 

.009 

-.  438 

— 

025 

.011 

.065 

.035 

-.005 

-.047 

.029 

— 

005 

-.  136 

.  026 

-.  004 

-.  191 

.023 

-.004 

-.229 

.021 

-.004 

15 

-.  433 

-.019 

.011 

-.  429 

-.  019 

.011 

-.  297 

-.  01 1 

.008 

-.  383 

-.017 

.011 

-.474 

— 

021 

.012 

.026 

.033 

-.  008 

-.091 

.027 

— 

007 

-.  182 

.024 

-.007 

-.247 

.021 

-.  006 

-.291 

.019 

-.006 

20 

-.454 

-.001 

.009 

— .  463 

-.  001 

.009 

-.335 

.002 

.007 

-.418 

-.001 

.008 

-.  489 

— 

002 

.010 

-.015 

.027 

-.  Oil 

-.  126 

.021 

010 

-.  230 

.018 

-.009 

-.295 

.015 

-.008 

-.  350 

.018 

-  008 

=30° 

5 

a  =  -30 

0 

-0.  401 

-0.  043 

0.  013 

-0.  404 

-0.  040 

0.013 

-0  268 

-0  033 

0.  Oil 

-0.  368 

-0.  038 

0.  013 

-0.  472 

-0 

043 

0.  0,16 

0.444 

0.  064 

0.  011 

0.  342 

0.055 

0. 

009 

0.  258 

0.099 

0.  007 

0.  178 

0.  043 

0.  006 

0.  183 

0.048 

0.  007 

10 

-.433 

-.025 

.019 

-.483 

-.032 

.018 

-.397 

-.028 

.017 

-.505 

-.031 

.020 

-.  612 

— 

038 

.024 

.247 

.068 

-.  002 

.  158 

.063 

003 

.  116 

.059 

-.003 

.086 

.055 

-.003 

.061 

.056 

-.002 

15 

-.  521 

-.024 

.  02! 

-.  521 

-.  025 

.020 

-.  443 

-.020 

.019 

-.  552 

-.  026 

.022 

-.  640 

— 

030 

.025 

.208 

.064 

-.007 

.  125 

.060 

008 

.042 

.056 

-.008 

-.006 

.053 

-.008 

-.  029 

.053 

-.008 

20 

-.  487 

.004 

.015 

-.495 

.006 

.  014 

-.  408 

.006 

.013 

-.  494 

.003 

.014 

— .  566 

— 

005 

.016 

.  194 

.058 

-.  014 

.  119 

.053 

. 

015 

.026 

.047 

-.014 

-.  030 

.046 

-.014 

-.  075 

.035 

-.  013 
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(C)  0.20c .4 


a 

*A-0° 

O 

o 

II 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0.  240 
.125 
.025 
128 

0.017 

.018 

.015 

.010 

0.  001 
-.001 
-.002 
-.003 

0.  226 
.  123 
.012 
-.  139 

0.  014 
.015 
.013 
.007 

0 

-.002 

-.002 

-.003 

0.  183 
.083 
-.  021 
-.  162 

0.  010 
.012 
.011 
.006 

0.  001 
-.002 
-.  002 
-.003 

0.  130 
-.014 
-.  121 
-.253 

0.008 

.008 

.007 

.002 

0 

-.  002 
-.002 
-.003 

-0.  009 
-.  160 
-.  263 
-.389 

0 

0 

0 

0 

0 

0 

0 

0 

-0.009 
160 
-.  263 
-.  189 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  270 
-.348 
-.  440 
-.  576 

-0. 007 
-.007 
-.006 
-.008 

0.  001 
.002 
.003 
.003 

-0.  376 
-.510 
-.558 
— .  675 

-0. 017 
-.017 
-.016 
-.009 

0. 002 
.005 
.006 
.005 

-0.  477 
-.616 
-.  661 
-.732 

-0. 022 
-.021 
-.019 
-.009 

0.004 

.007 

.008 

.007 

-0.  541 
-.699 
-.740 
-.804 

-0. 025 
-.025 
-.023 
-.016 

0. 004 
.009 
.010 
.009 

5^=15° 

^  =  —  15° 

-0. 166 
-.366 
-.  436 
-.  465 

-0.019 

-.021 

-.019 

.007 

0.005 

.009 

.012 

.010 

-0.  159 
-.348 
-.373 
-.  385 

-0.  019 
-.020 
-.015 
0 

0.005 

.009 

.010 

.007 

-0.137 
-.299 
-.343 
-.  372 

-0.017 

-.016 

-.013 

0 

0.005 

.008 

.009 

.006 

-0. 228 
-.  452 
-.511 
-.537 

-0.019 
-.023 
-.020 
-.  004 

0. 005 
.010 
.012 
.009 

-0. 355 
-.555 
-.  608 
-.580 

-0. 031 
-.  030 
-.027 
-.005 

0. 006 
.012 
.015 
.011 

0. 197 
.  108 
.060 
.010 

0.038 

.040 

.038 

.029 

0.  001 
-.005 
-.008 
-.013 

0.040 
-.  067 
-.  130 
-.  184 

0.029 

.031 

.029 

.021 

0 

-.005 

-.007 

-.011 

-0.115 

-.261 

-.331 

-.385 

0.019 

.021 

.019 

.012 

0 

-.004 
-.  006 
-.009 

-0.  196 
-.  394 
-.461 
-.512 

0.017 

.018 

.015 

.011 

0 

-.  002 
-.005 
-.007 

-0. 202 
-.  447 
-.516 
-.  566 

0.016 

.014 

.013 

.006 

0.  006 
-.002 
-.  003 
—.005 

5^=30° 

SA  =  -30° 

-0.  442 
-.  503 
-.520 

-.  499 

-0.  040 
-.031 
-.  023 

.003 

0. 014 
.020 
.021 

.014 

-0. 295 
-.357 
-.389 

-.  374 

-0. 029 
-.  024 
-.016 

.006 

0.011 

.016 

.017 

.011 

-0. 309 
-.  489 
-.539 

-.  497 

-0.  034 
-.029 
-.  023 

.002 

0.012 

.019 

.021 

.013 

-0. 493 
-.  697 
-.  745 

-.  639 

-0. 040 
-.  038 
-.  031 

-.  002 

0.015 

.024 

.026 

.016 

-0. 569 
-.817 
-.840 

— .  718 

-0. 048 
— .  045 
-.036 

-.008 

0.017 

.027 

.029 

.019 

0.  569 
.343 
.308 

.285 

0.  070 
.072 
.070 

.046 

0.  012 
-.001 
-.007 

-.015 

0.  438 
.198 
.  125 

.  Ill 

0.  061 
.064 
.062 

.040 

0.  010 
-.002 
-.007 

-.014 

0.  273 
.075 
-.031 

-.  061 

0. 050 
.056 
.054 
/  . 044 \ 
\  .031/ 

0. 007 
-.003 
-.008 

-.015 

0. 149 
.029 
-.088 

-.  171 

0. 042 
.054 
.051 
f  .042/ 
l  .030/ 

0. 006 
-.003 
-.008 

-.014 

0.  144 
.004 
.  114 
/  .192 
/  .212 

0.  043 
.051 
.050 
.039/ 
.025/ 

0.007 
-.003 
-.  008 

-.013 

(d)  0.30c  ,4 

5^  =  0° 

5^=0° 

0.389 
.261 
.  150 
.027 

0. 024 
.024 
.024 
.017 

0. 002 
-.  002 
-.003 
—.004 

0.  371 
.265 
.  149 
.015 

0.018 
.021 
.020 
.  015 

0.  001 
-.  003 
-.004 
-.005 

0.336 
.204 
.074 
-.  056 

0.016 

.018 

.016 

.011 

0 

-.003 

-.004 

-.005 

0.  210 
.051 
-.072 
— .  202 

0.010 

.010 

.009 

.006 

0 

-.002 

—.003 

-.003 

0.  007 
-.  166 
-.  278 
-.412 

0 

0 

0 

0 

0 

0 

0 

0 

0. 007 
-.  166 
-.278 
-.412 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  205 
-.  384 
-.469 
-.  625 

-0.010 
-.  010 
-.  009 
.004 

0. 001 
.002 
.003 
.003 

-0. 431 
-.  597 
— .  665 
-.  796 

-0.  020 
-.  020 
—.016 
-.005 

0.002 

.006 

.007 

.007 

-0.  598 
-.771 
-.821 
-.911 

-0.  028 
-.027 
-.024 
-.009 

0. 004 
.009 
.011 
.010 

-0.  713 
-.891 
-.  930 
— .  975 

-0.  034 
-.034 
-.029 
-.010 

0.  007 
.013 
.015 
.012 

5^  =  15° 

.5.,  =  -15° 

-0.030 
-.234 
-.  316 
-.353 

-0.014 

-.015 

-.012 

.001 

0. 005 
.008 
.010 
.007 

-0. 034 
-.  262 
-.298 
-.  270 

-0.015 
-.  017 
-.012 
.006 

0.  004 
.008 
.008 
.005 

-0. 063 
-.  282 
-.352 
-.420 

-0. 016 
-.017 
-.014 
.001 

0. 003 
.007 
.009 
.006 

-0.  208 
-.444 
-.516 
—.559 

-0. 023 
-.024 
-.  021 
0 

0.004 

.010 

.012 

.008 

-0.  366 
-.  612 
-.668 
-.  675 

-0. 033 
-.032 
-.  028 
-.001 

0.007 

.014 

.017 

.011 

0.248 
.  143 
.087 
.031 

0.038 

.039 

.039 

.033 

0. 002 
-.005 
-.009 
-.013 

0. 026 
-.090 
-.  159 
-.  218 

0.  027 
.030 
.028 
.021 

0 

-.005 

-.007 

-.011 

-0. 157 
-.325 
— .  398 
— .  456 

0. 020 
.020 
.019 
.015 

0 

-.004 
-.  006 
-.008 

-0.290  0.013 

— .  520  .011 
-.590'  .011 

—.643'  .007 

1 

0 

-.003 

-.003 

-.005 

-0.  318 
-.623 
-.700 
-.757 

0. 009 
.006 
.005 
.001 

0.001 

0 

0 

-.001 

3a  =  30° 

SA  =  -30° 

-0. 401 
-.419 
-.  410 

-.400 

-0. 042 
-.027 
-.015 

.009 

0. 015 
.019 
.019 

.013 

-0. 152 
-.  350 
— .  385 

-.  334 

-0. 027 
-.025 
-.015 

.012 

0.010 

.016 

.016 

.010 

-0.  334 
-.  587 
-.  642 

-.535 

-0.  036 
-.036 
-.026 

.006 

0.011 

.021 

.023 

.013 

-0.  542 
-.783 
-.825 

-.  672 

-0.  045 
-.044 
-.035 

.002 

0.  015 
.026 
.029 

.017 

-0. 769 
-.972 
— 1. 006 

-.801 

-0.  055 
-.051 
-.042 

-.006 

0. 021 
.032 
.035 

.020 

0.  612 
.414 
.371 
/  .352 
/  .344 

0. 074 
.074 
.073 
.0511 
.067/ 

0.014 

0 

-.007 

-.015 

0.  491 
.202 
.148 

.113 

0. 065 
.065 
.063 

.043 

0.011 

-.002 

-.008 

-.016 

0. 306 
.079 
— .  074 

-.  Ill 

0.  051 
.056 
.054 

.047 

0.  007 
-.003 
-.009 

-.015 

0.  100 
-.042 
-.218 

-.  297 

0.040 

.049 

.046 

.038 

0.005 

-.003 

-.009 

-.014 

-0.015 

-.095 

-.274 

-.397 

0.035 

045 

.043 

I  .0251 
l  .042/ 

0. 005 
-.002 
-.007 

-.012 
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TABLE  III 


FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY— 0.20cu  HALF-SPAN  ATTACHED  TAB 


[R.  N. =609,000.  Velocity=80  m.  p.  h.  Yaw=0°] 


1 

»£*• 

o 

O 

O 

o 

CO 

1 

-20° 

-10° 

0 

0 

0° 

10° 

o 

O 

CN 

30° 

o 

0 

a 

Cn' 

CY 

Cn' 

CY 

Cn' 

Ci' 

Cn 

Ci' 

Cn' 

C‘. 

Ci' 

Cn' 

CY 

Cn' 

C*. 

CY 

Cn' 

CY 

Cn' 

CY 

c  ' 

C  n 

(a)  Outboard 

a 

6 

O 

o 

II 

5a  = 

0° 

0 

LQ 

0.  Ill 

0. 008 

0.  001 

0.  099 

0.  008 

0.  000 

0.  074 

0.  005 

0.  000 

0.  024 

0.  002 

0.000 

-0.  034 

0 

0 

0.034 

0 

0 

-0.  100 

-0.  004 

0.  000 

-0.  199 

-0.  007 

0.  001 

-0.  263 

-0.011 

0.  001 

-0. 300 

-0.013 

0.  002 

15 

.043 

.010 

0 

.039 

.010 

-.001 

.005 

.008 

-.001 

-.  069 

.003 

-.001 

-.  138 

0 

0 

-.  138 

0 

0 

-.214 

-.003 

.001 

-.  321 

-.  007 

.003 

-.  389 

-.011 

.  004 

-.  442 

-.  013 

.  005 

-.010 

.009 

-.001 

— .  022 

.009 

-.002 

-.  064 

.007 

-.  002 

-.  140 

.002 

-.001 

-.208 

0 

0 

-.  208 

0 

0 

-.282 

-.  004 

.001 

-.  374 

-.  0(,7 

.003 

439 

-.  010 

.  004 

— .  487 

-.012 

.  006 

20 

-.  100 

.008 

-.002 

-.117 

.007 

-.  003 

-.  151 

.005 

-.001 

-.  230 

.001 

-.001 

-.296 

0 

0 

-.296 

0 

0 

-.369 

-.002 

.001 

-.455 

-.006 

.003 

-.  522 

f-.Oll 
\— .  007 

}  .  004 

— .  561 

.007 

.006 

5^  =  15° 

SA 

=  -15° 

0 

10 

-0.  109 

-0.  019 

0.  005 

-0.  116 

-0.018 

0.  004 

-0.  153 

-0.  019 

0.  004 

-0.  184 

-0.  022 

0.  004 

-0.  293 

-0 

024 

0.  006 

0.  Ill 

0.033 

0.  001 

0.057 

0.  030 

0.  001 

-0.  029 

0.  029 

0 

-0.  071 

0.  022 

0 

-0.  087 

0.  022 

0.  001 

15 

-.  276 

-.018 

.  009 

-.  294 

-.018 

.009 

-.  357 

—.019 

.009 

-.375 

-.019 

.010 

-.489 

— 

023 

.011 

.048 

.035 

-.005 

-.014 

.  032 

-.005 

-.  112 

.030 

-.005 

-.  176 

.023 

-.004 

-.216 

.  023 

-.003 

20 

-.377 

-.019 

.011 

-.  358 

-.019 

.011 

-.408 

—.016 

.010 

-.  431 

-.  016 

.012 

-.531 

024 

.013 

.010 

.032 

-.008 

-.  059 

.029 

-.007 

-.  162 

.027 

-.007 

-.234 

.020 

-.005 

-.  283 

.019 

-.004 

-.  398 

-.008 

.009 

-.403 

-.004 

.010 

-.  450 

-.  003 

.008 

-.  463 

-.008 

.010 

-.  542 

007 

.010 

-.  027 

.024 

-.012 

-.097 

.023 

-.010 

-.210 

.016 

-.010 

-.  279 

.014 

-.0(8 

-.329 

.012 

.007 

5^=30° 

5 

A  =  -30 

3 

0 

10 

-0.  387 

-0.  040 

0.013 

-0.300 

-0.  033 

0.012 

-0.316 

-0.  034 

0.012 

-0.  398 

-0.  041 

0.014 

-0.  466 

-0 

043 

0.015 

0.  462 

0.  059 

0.011 

0.  394 

0.  057 

0.  009 

0.281 

0.  052 

0.  008 

0.  198 

0.  047 

0.  006 

0.  164 

0.  047 

0  007 

15 

-.457 

-.031 

.019 

-.392 

-.027 

.017 

-.453 

-.031 

.018 

-.  540 

-.  038 

.021 

-.616 

— 

039 

.023 

.231 

.  066 

-.002 

.  189 

.063 

-.002 

.  141 

.  060 

-.002 

.081 

.055 

-.002 

.061 

.  055 

-.002 

-.473 

-.  026 

.020 

-.  430 

-.  022 

.019 

-.488 

-.  027 

.021 

-.  570 

-.030 

.023 

-.  634 

— 

032 

.025 

.  199 

.  063 

-.006 

.  139 

.061 

-.007 

.065 

.058 

-.007 

.  019 

.  053 

-.007 

.025 

.053 

-.006 

20 

-.449 

/-.  004 
\-.007 

}  .015 

-.413 

-.001 

.014 

-.470 

-.007 

.015 

-.  531 

\ 

o 

o 

.017 

-.576 

— 

010 

.018 

.176 

.042 

-.014 

.  122 

.039 

-.014 

.035 

.037 

-.015 

029 

.031 

-.014 

-.047 

.031 

-.013 

(b)  Center 

sa  =  °° 

G  =  0° 

0 

10 

0. 106 

0. 009 

.001 

0.  0S9 

0. 008 

0. 001 

0.  078 

0.  007 

0 

0.030 

0.  003 

0 

-0.  024 

0 

0 

-0.  024 

0 

0 

-0.  115 

-0.  004 

0.  001 

-0. 190 

-0.  007 

0 

-0.  256 

-0.011 

0.  002 

-0.  295 

-0.012 

0.  002 

-.004 

.008 

0 

-.019 

.011 

-.001 

-.022 

.008 

-.001 

-.  074 

.003 

0 

-.  104 

0 

0 

-.  104 

0 

0 

— .  229 

-.005 

.002 

—.316 

-.  003 

.002 

-.  376 

-.004 

.  004 

-.431 

-.013 

.003 

15 

90 

-.089 

.007 

0 

-.  100 

.010 

0 

-.  102 

.008 

-.001 

-.151 

.004 

0 

-.  164 

0 

0 

-.  164 

0 

0 

—.310 

-.004 

.003 

-.376 

/— .  005 
\-.001 

}  .003 

-.  423 

-.002 

.005 

-.479 

-.012 

.  OCfi 

-.  202 

.005 

0 

-.219 

.003 

0 

-.  223 

.005 

0 

-.  268 

.002 

.001 

-.  250 

0 

0 

-.250 

0 

0 

-.416 

-.  004 

.003 

-.483 

-.001 

.003 

529 

-.  005 

.005 

-.  560 

\ 

o 

o 

CJ1 

.006 

l 

a  =  15° 

a  =  ~15 

o 

0 

LQ 

-0.  236 

-0.  024 

0.  005 

-0.  215 

-0.  024 

0. 005 

-0.  19S 

-0.017 

0.  00  i 

-0.  254 

-0.  023 

0.  006 

-0.271 

-0. 

027 

0. 006 

0.088 

0.  034 

0.  001 

0.  037 

0.  030 

0. 001 

-0.  018 

0.027 

0 

-0.  066 

0.  023 

0 

-0.  084 

0.  023 

0.  001 

15 

-.  402 

-.  022 

.010 

-.  373 

-.  021 

.009 

-.353 

-.016 

.009 

-.  40) 

-.  022 

.010 

— .  456 

— 

026 

.011 

.043 

.035 

-.005 

-.030 

.031 

-.004 

-.099 

.027 

-.  005 

-.  168 

.023 

-.004 

-.  198 

.022 

-.003 

20 

-.452 

-.  020 

.019 

-.  409 

-.015 

.011 

-.  396 

-.016 

.011 

— .  455 

-.019 

.013 

-.512 

— 

022 

.015 

.013 

.033 

-.007 

-.076 

.029 

-.006 

-.  143 

.  032 

-.006 

-.212 

.021 

-.  005 

-.  252 

.021 

-.  004 

-.  469 

-.004 

.011 

-.398 

-.001 

.009 

-.416 

-.001 

.009 

— .  476 

-.004 

.010 

-.  539 

003 

.011 

-.013 

.025 

-.010 

-.  115 

.022 

-.009 

-.  186 

.028 

-.  009 

-.  257 

.016 

-.007 

-.  307 

.015 

-.006 

5 

a=30° 

6 

=  -30 

A 

o 

0 

LQ 

-0.419 

-0.  038 

0.014 

-0.  338 

-0.031 

0.013 

-0.  382 

-0.033 

0.013 

-0.  439 

-0.  038 

0.014 

-0.531 

-0 

042 

0.016 

0.427 

0.  061 

0.010 

0.  361 

0.  055 

0. 009 

0.  293 

0.  055 

0.  008 

0.249 

0.  049 

0.  008 

0.234 

0.  049 

0  007 

15 

-.  459 

-.  030 

.019 

-.  425 

-.  025 

.  018 

-.  504 

-.033 

.019 

-.593 

-.  036 

.  022 

-.661 

— 

040 

.024 

.  232 

.  065 

-.001 

.  102 

.061 

-.002 

.  123 

.  059 

-.003 

.  121 

.  055 

-.001 

.077 

.055 

-.002 

-.481 

-.021 

.021 

-.  408 

-.017 

.  020 

-.  551 

-.  026 

.  023 

-.636 

-.  028 

.025 

—.716 

— 

033 

.028 

.  193 

.  064 

-.  006 

.  113 

.  060 

-.006 

.048 

.057 

-.007 

.  001 

.  053 

-.  006 

-.032 

.052 

-.007 

20 

-.494 

.002 

.016 

— .  440 

.004 

.  015 

-.  490 

.001 

.015 

— .  564 

0 

.016 

—.615 

— 

003 

.018 

.  181 

(.0421 
l  057/ 

—.013 

.  102 

.051 

-.  013 

.028 

.035 

— .  016 

— .  025 

.033 

-.012 

— .  059 

.  054 

-.012 
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(c)  Inboard 


a 

O 

O 

II 

O 

o 

II 

1 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0. 112 
-.040 
148 

-.  226 

0.011 

.008 

.007 

.003 

0.001 

0 

-.001 

-.001 

0.077 
-.056 
-.  148 
-.236 

0. 006 
.006 
.004 
.001 

0 

0 

-.001 

-.001 

0.  071 
-.  056 
-.131 
-.210 

0.  007 
.006 
.005 
.002 

0 

-.001 

-.001 

-.001 

0.  013 
-.  099 
-.164 
-.245 

0.  003 
.002 
.003 
.001 

0 

0 

.001 

.001 

-0. 035 
-.  137 
-.207 
-.289 

0 

0 

0 

0 

0 

0 

0 

0 

-0. 035 
-.  137 
-.207 
-.289 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  100 
-.  197 
-.250 
-.338 

-0. 003 
-.003 
-.003 
-.001 

0 

.001 

.001 

.001 

-0. 176 
-.266 
-.308 
-.404 

-0. 007 
-.006 
-.007 
-.002 

0. 001 
.  002 
.002 
.002 

-0.  218 
-.308 
-.354 
-.441 

-0.  009 
-.  009 
-.008 
-.003 

0. 001 
.003 
.003 
.003 

-0.  254 
-.  354 
-.400 
-.484 

-0. 012 
-.012 
-.  012 
-.008 

0.002 

.003 

.004 

.003 

a4=i5° 

15° 

-0. 182 
-.347 
-.393 

-.430 

-0.023 
-.021 
-.  019 

-.006 

0. 005 
.009 
.012 

.010 

-0. 185 
-.342 
-.378 

-.385 

-0.  024 
-.019 
-.016 

-.  005 

0. 005 
.010 
.011 

.009 

-0. 141 
-.292 
-.338 

-.363 

-0.  022 
-.019 
-.017 

-.003 

0. 005 
.009 
.010 

.008 

-0.  208 
-.364 
-.415 

-.445 

-0.023 

-.021 

-.019 

-.007 

0.005 

.010 

.011 

.010 

-0.  230 
-.398 
-.  463 

-.496 

-0.  029 
-.025 
-.022 

-.006 

0.  005 
.010 
.012 

.010 

0.110 

.052 

.018 

-.013 

0.033 

.035 

.033 

.026 

0.  001 
-.004 
-.007 

-.011 

0.057 

-.027 

-.067 

-.094 

0.031 

.032 

.030 

.023 

0. 001 
-.005 
-.007 

-.010 

-0.  021 
-.  101 
-.137 

-.  164 

0.028 

.028 

.029 

.020 

0.  001 
-.005 
-.007 

-.010 

-0. 064 
-.  157 
-.  193 

-.222 

0. 026 
.026 
.025 

.019 

0.  001 
-.004 
-.006 

-.009 

-0.  075 
-.  187 
-.  226 

-.260 

0.  023 
.023 
.023 
f  .0171 
l  .014/ 

0.  001 
-.004 
-.006 

-.009 

5^  =  30° 

5^  =  -30° 

-0.  368 
-.455 
-.487 
-.  459 

-0.  037 
-.030 
-.025 
-.  003 

0.014 

.019 

.022 

.013 

-0. 340 
-.445 
-.465 
-.422 

-0.  038 
-.028 
-.021 
-.001 

0.013 

.019 

.020 

.014 

-0. 335 
-.463 
-.504 
-.461 

-0.  036 
-.030 
-.024 
-.  005 

0.  013 
.019 
.021 
.015 

-0.410 

-.535 

-.590 

-.532 

-0.  037 
-.034 
-.029 
-.010 

0.014 
.  022 
.024 
.016 

-0.  481 
-.586 
-.644 
-.578 

-0.041 

-.038 

-.032 

-.010 

0.015 

.023 

.025 

.018 

0. 430 
.252 
.221 
.206 

0.066 

.067 

.065 

.042 

0.011 

-.002 

-.007 

-.014 

0. 372 
.201 
.134 
.121 

0.060 

.064 

.061 

.039 

0.009 

-.001 

-.007 

-.014 

0.292 
.  144 
.052 
.031 

0.  051 
.060 
.058 
.034 

0. 008 
-.002 
-.008 
-.014 

0.  227 
.  104 
-.004 
-.029 

0.050 

.059 

.057 

.031 

0. 007 
-.002 
-.008 
-.014 

0.  234 
.060 
-.042 
-.070 

0.  049 
.055 
.054 
.029 

0. 007 
-.001 
-.007 
—.014 

TABLE  IV 

FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY— FULL-SPAN  INSET  TAB 


[R.  N. =609,000.  Velocity=80  m.  p.  h.  Yaw=0°] 


<5  T 

1 

O 

o 

-30° 

-20° 

-10° 

0° 

0° 

10° 

20° 

30° 

4* 

O 

o 

Ci' 

C„' 

C*. 

Ci' 

CV 

Ci' 

CY 

Ci' 

Cn' 

C. 

k\ 

Ci' 

Cn' 

Ci' 

Cn' 

Ci' 

C„' 

C. 

Ci' 

Cn' 

Ck 

h\ 

Ci' 

Cn' 

C 

h\ 

Ci' 

Cn' 

(a)  0.05c  A 

a 

Cn 

II 

O 

o 

1 

S  =0° 

<4 

° 

0 

0.019 

0.  005 

-0.001 

-0.  001 

0.004 

0 

-0. 008 

0.002 

0 

-0.  022 

0.002 

0 

-0.  070 

0 

0 

-0.  070 

0 

0 

-0. 123 

-0.  004 

0.001 

-0. 153 

-0.  007 

0.  001 

-0. 182 

-0.  008 

0.  001 

-0.  212 

-0.  010 

0.  001 

10 

-.083 

.003 

-.001 

-.095 

.003 

-.001 

-.097 

.001 

0 

-.098 

.002 

-.001 

-.  143 

0 

0 

-.  143 

0 

0 

-.  202 

-.004 

.001 

-.  236 

-.007 

.001 

-.  278 

-.  010 

.002 

-.314 

-.  Oil 

.003 

15 

-.145 

.002 

-.001 

-.  148 

.002 

-.  001 

-.  149 

.  002 

-.001 

-.  151 

.  003 

-.  001 

-.  185 

0 

0 

-.  185 

0 

0 

-.  244 

-.004 

.001 

-.  280 

-.  006 

.002 

-.319 

-.008 

.002 

-.351 

-.010 

.003 

20 

-.234 

0 

-.001 

-.  239 

.001 

-.001 

-.  232 

0 

-.001 

-.239 

.001 

-.001 

-.266 

0 

0 

-.266 

0 

0 

-.328 

-.003 

.001 

-.368 

-.004 

.002 

-.405 

-.004 

.003 

-.  439 

-.005 

.003 

^  =  15° 

a 

^  =  -15 

0 

0 

-0.  194 

-0.  023 

0.  005 

-0.  197 

-0. 023 

0.005 

-0. 178 

-0.  022 

0.004 

-0.  178 

-0.  021 

0.004 

-0.  233 

-0.  026 

0.  005 

0.  033 

0.  032 

0 

-0.008 

0.  028 

0 

-0.  010 

0.028 

0 

-0.015 

0.  027 

0 

-0.  031 

0.  026 

0 

10 

-.315 

-.  020 

.008 

-.317 

-.  020 

.009 

-.  302 

-.  020 

.008 

-.302 

-.019 

.008 

-.351 

-.021 

.009 

0 

.033 

-.006 

-.054 

.030 

-.005 

-.074 

.028 

-.005 

-.  101 

.028 

-.004 

-.  127 

.026 

-.004 

15 

-.  346 

-.  016 

.010 

-.355 

-.017 

.010 

-.334 

-.  015 

.010 

-.334 

-.014 

.010 

-.386 

-.018 

.011 

-.027 

.032 

-.008 

-.  086 

.028 

-.007 

-.  113 

.025 

-.007 

-.  142 

.023 

-.  006 

-.  171 

.022 

-.006 

20 

-.376 

-.004 

.008 

-.316 

-.004 

.009 

-.  302 

-.004 

.008 

-.370 

-.003 

.008 

-.415 

-.004 

.008 

-.052 

.025 

-.011 

-.  113 

.020 

-.010 

-.  145 

.018 

-.010 

-.  176 

.017 

-.009 

-.209 

.015 

-.009 

5^=30° 

a^  =  -30° 

0 

-0.  340 

-0. 036 

0.013 

-0.  337 

-0.  036 

0.013 

-0.  264 

-0.  032 

0.  011 

-0.318 

-0.  035 

0.013 

-0.  386 

-0.  036 

0.013 

0.266 

0. 061 

0.007 

0.218 

0.  049 

0.  006 

0.  211 

0. 049 

0.  007 

0.226 

0.050 

0.007 

0.  224 

0.051 

0.007 

10 

-.  455 

-.029 

.019 

-.415 

-.030 

.018 

-.371 

-.028 

.016 

-.413 

-.029 

.018 

-.473 

-.028 

.019 

.  157 

.062 

-.003 

.  136 

.056 

-.002 

.  134 

.058 

-.002 

.  114 

.059 

-.003 

.  100 

.059 

-.003 

15 

-.  444 

-.020 

.020 

-.441 

-.020 

.020 

-.401 

-.019 

.018 

-.445 

-.020 

.020 

-.504 

-.028 

.021 

.113 

.061 

-.003 

.071 

.056 

-.008 

.066 

.057 

-.008 

.056 

.  055 

-.008 

.  042 

.  055 

-.008 

20 

-.488 

.003 

.013 

-.422 

.003 

.014 

-.394 

.003 

.013 

-.425 

.003 

.013 

-.  466 

-.001 

.014 

.  Ill 

.  636 

-.014 

.064 

.038 

-.014 

.051 

.038 

-.014 

.035 

.037 

-.  014 

.018 

.036 

1 

-.014 
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TABLE  IV — Continued 


FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY— FULL-SPAN  INSET  TAB— Continued 

[R.  N.  =  609,000.  Velocity=80  m.  p.  h.  Yaw=0°J 


8 

T 

1 

O 

o 

O 

O 

CO 

1 

-20° 

-10° 

0° 

0 

0 

10° 

20° 

o 

O 

CO 

o 

O 

XT* 

CK 

*1 

Ci' 

cv 

Ci' 

CV 

C. 

hl 

Ci' 

GY 

C. 

h\ 

Ci' 

C„' 

Ci' 

C„' 

C. 

hl 

C,' 

C 

V 

CK 

hl 

Ci' 

C„' 

CH 

*1 

Ci' 

C„' 

C*. 

Ci' 

C„' 

Ci' 

Cn' 

(b) 

0.10c4 

a 

II 

O 

o 

o» 

x 

II 

o 

o 

o 

0 

0.086 

0.011 

0 

0.054 

0.009 

0.001 

0.039 

0.007 

0 

0.004 

0.004 

0 

-0. 070 

0 

0 

-0.  070 

0 

0 

-0.  152 

-0. 005 

0.001 

-0.  205 

-0.008 

0.  001 

-0.241 

-0. 010 

0.001 

-0.  275 

-0.  014 

0.002 

10 

-.015 

.008 

-.001 

-.045 

.005 

-.001 

-.045 

.007 

-.002 

-.072 

.004 

-.001 

-.143 

0 

0 

-.  143 

0 

0 

-.230 

-.007 

.001 

-.297 

-.010 

.002 

-.341 

-.012 

.003 

-.379 

-.  015 

.004 

15 

-.084 

.004 

-.001 

-.  107 

.004 

-.001 

-.088 

.008 

-.002 

-.  120 

.004 

o 

o 

f 

185 

0 

0 

-.  185 

0 

0 

-.270 

-.006 

.001 

-.330 

-.  010 

.003 

-.376 

-.011 

.004 

-.416 

-.013 

.005 

20 

-.  177 

.009 

-.002 

-.  194 

.008 

-.002 

-.  184 

.009 

-.002 

-.  188 

.008 

-.001 

-.266 

0 

0 

-.266 

0 

0 

-.352 

-.002 

.001 

-.414 

-.003 

.002 

-.  456 

.001 

.003 

-.491 

-.001 

.004 

5^  =  15 

o 

8 

4  =  — 15° 

0 

-0. 169 

-0. 021 

0. 005 

-0. 172 

-0.  021 

0. 005 

-0. 078 

-0. 013 

0.004 

-0. 153 

-0. 018 

0.  004 

-0.  233 

-0. 026 

0 

005 

0.033 

0. 

032 

0 

-0.  042 

0.  028 

0 

-0. 041 

0.  026 

0 

-0.  060 

0.  026 

0 

-0. 079 

0. 023 

0 

10 

-.297 

-.018 

.009 

-.  284 

-.018 

.008 

-.  176 

-.  009 

.006 

-.272 

-.017 

.007 

-.351 

-.021 

009 

0 

033 

— 

006 

-.091 

.028 

-.005 

-.  126 

.025 

-.005 

-.  160 

.023 

-.004 

-.203 

.021 

-.004 

15 

-.326 

-.016 

.010 

-.308 

-.015 

.009 

-.210 

-.008 

.007 

-.312 

-.015 

.009 

-.386 

-.018 

Oil 

-.027 

032 

— 

008 

-.  124 

.023 

-.007 

-.  166 

.021 

-.  007 

-.208 

.020 

-.006 

-.  247 

.019 

-.  005 

20 

-.359 

.004 

.008 

-.340 

.004 

.007 

-.  266 

.006 

.006 

-.  349 

.002 

.007 

-.415 

-.004 

008 

-.052 

025 

Oil 

-.  151 

.019 

-.010 

-.  199 

.017 

-.010 

-.244 

.021 

-.008 

-.  286 

.019 

-.007 

^=30° 

e 

X 

II 

1 

CO 

o 

o 

0 

-0.  302 

-0.  033 

0.012 

-0.280 

-0.  031 

0.  012 

-0. 190 

-0.  026 

0.009 

-0.  300 

-0.  031 

0.011 

-0.  386 

-0. 036 

0 

013 

0.  266 

0 

061 

0 

007 

0.  176 

0.  048 

0.  006 

0. 104 

0.043 

0.005 

0. 171 

0.049 

0.  006 

0.175 

0. 049 

0.  006 

10 

-.  364 

-.025 

.017 

-.  346 

-.026 

.016 

304 

-.024 

.015 

-.398 

-.  028 

.017 

-.473 

-.028 

019 

.  157 

062 

— 

003 

.  106 

.  056 

-.002 

.084 

.054 

-.002 

.065 

.056 

-.003 

.065 

.055 

-.  003 

15 

-.384 

-.019 

.018 

-.  360 

-.019 

.017 

-.340 

-.017 

.016 

-.430 

-.022 

.019 

-.504 

-.028 

021 

.  113 

061 

— 

008 

.033 

.053 

-.008 

.013 

.054 

-.008 

0 

.053 

-.008 

.  -.  017 

.052 

-.007 

20 

-.379 

.008 

.013 

-.360 

.007 

.013 

-.332 

.007 

.012 

-.407 

.005 

.013 

-.  466 

-.001 

014 

.  Ill 

036 

014 

.020 

.037 

-.015 

.001 

.052 

-.014 

-.026 

.051 

-.014 

-.045 

.050 

-.014 

(c)  0.20c  ., 


O 

O 

II 

O 

O 

II 

*0 

o 

0 

0.187 

0.020 

0. 001 

0. 144 

0.  016 

0 

-0.  133 

0. 016 

-0.  001 

0.  036 

0.008 

0 

-0.  070 

0 

0 

-0.  070 

0 

0 

-0. 177 

-0. 007 

0 

001 

-0.  266 

-0.  014 

0. 

002 

-0.  320 

-0. 018 

0. 003 

-0.  372 

-0.  021 

0.  004 

10 

.092 

.018 

-.004 

.075 

.016 

-.002 

.081 

.019 

-.002 

-.024 

.009 

-.002 

-.  143 

0 

0 

-.  143 

0 

0 

-.  254 

-.007 

002 

-.342 

-.013 

. 

005 

-.414 

-.018 

.006 

-.461 

-.021 

.008 

15 

.022 

.014 

-.003 

0 

.014 

-.003 

.026 

.016 

-.004 

-.077 

.007 

-.002 

-.  185 

0 

0 

-.  185 

0 

0 

-.282 

-.006 

002 

-.367 

-.012 

005 

-.439 

-.017 

.007 

-.  490 

-.026 

.009 

20 

-.055 

.008 

-.004 

-.081 

.010 

-.004 

-.057 

.010 

-.005 

-.153 

.003 

-.  003 

-.  266 

0 

0 

-.  266 

0 

0 

-.364 

-.002 

002 

-.450 

-.  006 

005 

-.  513 

-.007 

.006 

-.550 

-.007 

.008 

O 

tO 

rH 

II 

r 

5 

a  =  -15 

0 

0 

-0. 069 

-0.013 

0.004 

-0.075 

-0.  013 

0.004 

-0. 033 

-0. 007 

0.003 

-0.129 

-0.  017 

0.004 

-0. 233 

-0. 026 

0.005 

0.  033 

0.032 

0 

-0. 072 

0. 025 

0 

-0. 124 

0. 021 

0 

-0.  133 

0. 020 

0. 001 

-0. 132 

0.  019 

0 

10 

-.  186 

-.011 

.006 

-.  157 

-.008 

.005 

-.  138 

-.004 

.005 

-.241 

-.014 

.008 

-.351 

-.  021 

.009 

0 

.033 

— 

006 

-.  123 

.026 

— 

004 

-.216 

.020 

003 

-.262 

.017 

-.002 

-.306 

.014 

-.001 

15 

-.246 

-.011 

.008 

-.075 

-.007 

.004 

-.  183 

-.  006 

.005 

-.291 

-.013 

.009 

-.386 

-.018 

.011 

-.027 

.032 

— 

008 

-.  153 

.024 

— 

006 

-.250 

.018 

— 

005 

-.308 

.013 

-.003 

-.  344 

.012 

-.002 

20 

-.262 

-.001 

.007 

-.141 

.003 

.003 

-.244 

-.001 

.005 

-.341 

-.002 

.008 

-.415 

-.004 

.008 

-.052 

.025 

011 

-.  182 

.018 

008 

-.280 

.012 

" 

007 

-.343 

.010 

-.005 

-.  376 

.007 

-.004 

5^=30° 

S 

^  =  —30 

0 

0 

-0.228 

-0. 028 

0.010 

-0. 043 

-0. 015 

0. 006 

-0.154 

-0. 022 

0.008 

-0.  273 

-0. 029 

0.011 

-0.386 

-0.036 

0.013 

0.266 

0.061 

0. 

007 

0. 148 

0.044 

0 

005 

0.037 

0.038 

0 

004 

-0.  033 

0.033 

0. 003 

0.093 

0. 045 

0.  005 

10 

-.242 

-.019 

.013 

-.  155 

-.014 

.011 

-.271 

-.021 

.013 

-.380 

-.026 

.017 

-.473 

-.028 

.019 

.  157 

.062 

— 

003 

.084 

.055 

— 

003 

.006 

.048 

— 

003 

.012 

.051 

-.003 

.029 

.052 

-.003 

15 

-.204 

-.010 

.013 

-.200 

-.010 

.012 

-.315 

-.017 

.015 

-.418 

-.021 

.  019 

-.504 

-.028 

.021 

.  113 

.061 

— 

008 

0 

.053 

007 

-.082 

.047 

— 

008 

-.034 

.046 

-.  007 

-.079 

.046 

-.007 

20 

-.114 

.008 

.006 

-.211 

.004 

.008 

-.312 

.003 

.011 

-.392 

-.002 

.013 

-.466 

-.001 

.014 

.  Ill 

.036 

014 

-.006 

.045 

014 

-.  105 

.038 

014 

-.  145 

.036 

-.013 

-.  149 

.034 

-.012 
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TABLE  V 

FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY — 0.20c^  HALF-SPAN  INSET  TAB 


[R.  N  =  609,000.  Velocity=80  m.  p.  h.  Yaw=0°] 


3 

T 

-40° 

1 

CO 

o 

o 

O 

O 

1 

-10° 

0° 

0° 

10° 

20° 

30° 

40° 

C‘i  1  Ct' 

1 

Cn' 

c*. 

Ci 

Cn' 

Ct' 

Cn' 

C.' 

C„' 

C*. 

Ci' 

Cn' 

Ci' 

Cn' 

Ci' 

Cn' 

Ci 

Cn' 

Ci 

Cn' 

Ci 

Cn' 

(a)  Outboard 

a 

5  4  =  0° 

64  =  0° 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0.059 

.007 

025 

100 

0. 008 
.009 
.009 
.007 

0 

-.002 

-.002 

-.003 

0.  035 
-.008 
-.043 
-.131 

0.  007 
.008 
.009 
.007 

0 

-.001 

-.002 

-.002 

0.  026 
—.012 
-.056 
-.  145 

0.006 

.007 

.007 

.006 

0 

-.001 

-.002 

-.002 

-0.  012 
.069 
.  126 
.198 

0.  004 
.004 
.004 
.003 

-0.  001 
-.001 
-.001 
-.002 

-0.  070 
-.  143 
-.  185 
-.266 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  070 
-.  143 
-.  185 
-.  266 

0 

0 

0 

0 

0 

0 

0 

0 

-0. 124 
—.206 
-.  240 
-.315 

-0.  004 
-.004 
-.003 
—.001 

0 

.001 

.001 

.006 

-0.  18C 
-.260 
-.289 
-.372 

-0.  006 
-.007 
-.006 
-.  005 

0.  001 
.002 
.001 
.003 

-0.  21( 
-.  30C 
-.335 
-.408 

-0.  001 
-.  01C 
-.008 
-.005 

o.oo: 

.004 

.004 

.004 

-0.  221 
-.315 
-.  35C 
-.  434 

-0.  OK 
-,0K 
-.008 
-.001 

0.003 
.  005 
.005 
.005 

5^  =  15° 

S.4  =  -15° 

-0. 087 
-.227 
-.292 
-.316 

-0.018 
-.017 
-  016 
-.004 

0.  003 
.007 
.008 
.007 

-0. 102 
-.246 
-.286 
-.  336 

-0.019 

-.015 

-.012 

-.001 

0.004 

.007 

.008 

.008 

-0.  105 
-.232 
-.287 
-.334 

-0.018 

-.014 

-.012 

0 

0.003 

.007 

.008 

.008 

-0. 143 
-.281 
-.328 
-.376 

-0. 021 
-.017 
-.015 
-.004 

0. 005 
.008 
.009 
.008 

-0.  233 
-.351 
-.  386 
-.415 

-0.  026 
-.021 
-.018 
-.004 

0.  005 
.009 
.011 
.008 

0.  033 
0 

-.027 

-.052 

0.032 

.032 

.032 

.025 

0 

-.006 

-.008 

-.011 

-0.017 

-.061 

-.091 

-.116 

0.  026 
.028 
.025 
.020 

0 

-.005 

-.007 

-.010 

-0.  047 
-.115 
-.  146 
-.  174 

0. 026 
.026 
.024 
.018 

0 

-.005 
-.007 
-.  009 

-0.  047 
-.134 
-.174 
-.  207 

0.  026 
.025 
.023 
.017 

0 

-.003 
-.  005 
-.007 

-0. 052 
-.150 
-.  192 
-.225 

0. 025 
.024 
.023 
.016 

0.  001 
-.002 
-.004 
-.006 

«4=30° 

5x  =  -30° 

-0. 308 
-.344 
-.378 
-.  362 

-0. 035 
-.027 
-.021 
-.001 

0.  011 
.015 
.017 
.012 

-0.  229 
-.323 
-.361 
-.346 

-0.  025 
-.  023 
-.  018 
.005 

0. 010 
.015 
.017 
.012 

-0.  280 
-.366 
-.  400 
-.389 

-0. 029 
-.026 
-.020 
.003 

0.011 

.016 

.018 

.013 

-0. 323 
—.415 
-.448 
-.422 

-0. 033 
-.029 
-.024 
.002 

0.  011 
.018 
.019 
.014 

-0. 386 
-.473 
-.504 
-.466 

-0. 036 
-.028 
-.028 
-.001 

0.013 

.019 

.021 

.014 

0. 266 
.157 
.  113 
.  Ill 

0.  061 
.062 
.061 
.036 

0.007 

-.003 

-.008 

-.014 

0. 196 
.082 
.060 
.053 

0.050 

.057 

.055 

.046 

0.  006 
-.003 
-.008 
—.014 

0  142 
.069 
.019 
.001 

0. 048 
.054 
.053 
.043 

0.  005 
-.003 
-.008 
-.014 

0. 146 
.  096 
.036 
.008 

0. 050 
.058 
.055 
.046 

0.  006 
-.003 
-.008 
-.014 

0. 128 
.090 
.051 
-.004 

0. 047 
.056 
.055 
.046 

0. 006 
-.003 
-.  007 
-.013 

(b)  Center 

S  =  0° 

A 

Sa=0° 

0.068 
-.026 
-.081 
-.  160 

0.008 

.006 

.004 

.002 

0.001 

-.001 

-.001 

-.002 

0. 051 
-.044 
-.098 
-.178 

0.  007 
.005 
.002 
.002 

0 

-.001 

-.001 

-.002 

0.  022 
-.045 
-.091 
-.164 

0. 007 
.006 
.004 
.003 

0 

-.001 

-.002 

-.002 

-0.  006 
-.081 
-.  122 
-.  199 

0. 004 
.002 

0 

.001 

0 

-.001 

-.001 

-.002 

-0.  070 
-.  143 
-.  185 
-.266 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  070 
-.  143 
185 

-.  266 

0 

0 

0 

0 

0 

0 

0 

0 

-0. 125 
-.  197 
-.234 
-.314 

-0. 007 
-.  007 
-.007 
.003 

0 

.001 

.001 

.001 

-0. 164 
-.242 
—.282 
-.  362 

-0. 008 
-.009 
-.010 
-.003 

0.  001 
.002 
.  002 
.002 

-0. 196 
-.273 
-.318 
-.382 

-0.011 
-.  012 
-.013 
-.  004 

0.002 

.003 

.003 

.003 

-0.  214 
-.  305 
-.  346 
-.376 

-0.  013 
-.  014 
-.  015 
-.005 

0.  002 
.004 
.005 
.004 

6^  =  15° 

5  =-15° 

A 

-0. 140 
-.291 
-.337 
-.353 

-0.023 
-.020 
-.  020 
-.  005 

0.005 

.009 

.010 

.009 

-0. 147 
-.292 
-.304 
-.341 

-0. 026 
-.020 
-.017 
-.005 

0.  005 
.009 
.009 
.009 

-0. 124 
-.252 
-.290 
-.338 

-0.  018 
-.015 
-.014 
-.003 

0.004 

.008 

.009 

.008 

-0. 145 
-.296 
-.327 
-.376 

-0. 024 
-.020 
-.019 
-.005 

0.004 

.008 

.009 

.008 

-0.233 

-.351 

-.386 

-.415 

-0.  026 
-.021 
-.018 
-.004 

0.005 

.009 

.011 

.008 

0.033 

0 

-.027 

-.052 

0. 032 
.032 
.032 
.025 

0 

-.006 

-.008 

-.011 

-0. 022 
-.067 
-.098 
-.120 

0. 025 
.026 
.023 
.018 

0 

-.004 

-.006 

-.009 

-0.  032 
-.099 
-.  150 
-.  159 

0.  025 
.025 
.021 
.017 

0 

-.004 

-.006 

-.009 

-0.  050 
-.  130 
-.  165 
-.196 

0. 023 
.023 
.019 
.014 

0. 001 
-.  003 
-.005 
-.008 

-0.  065 
-.  152 
-.  189 
-.218 

0. 021 
.021 
.017 
.013 

0 

-.003 

-.005 

-.007 

S  =  30° 

A 

5  ^  =  — 30° 

-0. 303 
-.332 
-.360 
-.315 

-0. 036 
-.027 
-.021 
.002 

0.013 

.017 

.018 

.014 

-0.  235 
-.308 
-.344 
-.341 

-0. 030 
-.025 
-.  019 
.005 

0.011 

.016 

.017 

.013 

-0.  279 
-.357 
-.  395 
-.384 

-0.  033 
-.  029 
-.023 
.003 

0.011 

.016 

.018 

.013 

-0.  336 
-.412 
-.  445 
-.418 

-0.  038 
-.031 
-.026 
.001 

0.013 

.018 

.020 

.014 

-0.  386 
-.473 
— .  504 
-.466 

-0.  036 
-.028 
-.  028 
-.001 

0.013 

.019 

.021 

.014 

0.266 
.  157 
.113 
.  Ill 

0.061 

.062 

.061 

.036 

0.  007 
-.003 
-.008 
-.014 

0.  206 
.  100 
.049 
.043 

0.046 

.055 

.051 

.045 

0. 006 
-.002 
-.008 
-.018 

0.  170 
.  105 
.031 
.OJl 

0.  044 
.053 
.050 
.043 

0. 006 
-.002 
-.007 
-.  013 

0.  210 
.  109 
.027 
.001 

0.049 
.  055 
.050 
.042 

0. 007 
.002 
-.008 
-.013 

0.224 
.088 
.006 
-.  022 

0.  050 
.052 
.047 
.041 

0.006 

-.002 

-.007 

-.013 
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TABLE  V — Continued 


FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY— 0.20cA  HALF-SPAN  INSET  TAB— Continued 

[R.  N=609,000.  Velocity  =  80  m.  p.  h.  Yaw=0°] 


6 

T 

-40° 

1 

§ 

O 

-20° 

-10° 

0° 

0° 

10° 

o 

O 

CM 

30° 

40° 

C. 

hi 

Ct' 

CV 

Ck 

Ci' 

Cn’ 

C». 

Ci' 

Cn' 

Ci' 

Cn' 

Ch 

Ci 

Cn' 

Ca, 

Ci 

Cn' 

c. 

Cf' 

Cn’ 

C. 

h\ 

Ci 

Cn' 

C 

Ci 

Cn' 

Ch 

Ci 

Cn' 

(c)  Inboard 

a 

O 

O 

II 

54=0° 

o 

0 

0.054 

0.  011 

0 

0.044 

0.009 

0 

0.  024 

0.007 

-0.  001 

-0.015 

0.  005 

0 

-0.  070 

0 

0 

-0. 070 

0 

0 

-0.  124 

-0.  005 

0 

-0. 157 

-0.  008 

0.  001 

-0. 183 

-0.  009 

0.  001 

-0.  194 

-0.010 

0. 001 

10 

-.059 

.008 

-.001 

-.063 

.006 

-.001 

-.060 

.007 

-.001 

-.  090 

.005 

-.001 

-.143 

0 

0 

-.143 

0 

0 

-.  195 

-.004 

.001 

-.235 

-.007 

.002 

-.264 

-.  009 

.003 

-.  282 

-.011 

.003 

15 

-.130 

.005 

-.002 

-.  130 

.005 

-.001 

-.  105 

.006 

-.  002 

-.  135 

.004 

-.001 

-.  185 

0 

0 

-.  185 

0 

0 

-.228 

-.003 

.001 

-.270 

-.006 

.002 

-.  302 

-.008 

.003 

-.318 

-.010 

.004 

20 

-.  195 

.004 

-.001 

-.  193 

.004 

-.002 

-.  179 

.004 

-.  002 

-.212 

.004 

-.001 

-.266 

0 

0 

-.  266 

0 

0 

-.312 

.001 

.001 

-.  360 

0 

.002 

-.383 

-.001 

.003 

-.  394 

0 

.003 

5  =15° 

.4 

5 

4  =  -15° 

0 

-0. 150 

-0. 019 

0. 004 

-0. 142 

-0. 020 

0. 004 

-0.125 

-0.018 

0.004 

-0.  152 

-0.  020 

0. 004 

-0.233 

-0.  026 

0. 005 

0.  033 

0.  032 

0 

-0.015 

0.  028 

0 

-0.  033 

0.  027 

0 

-0.  051 

0.  025 

0 

-0.059 

0.  025 

0 

10 

-.276 

-.  016 

.007 

-.  194 

-.010 

.006 

-.236 

-.013 

.007 

-.276 

-.015 

.008 

-.351 

-.021 

.009 

0 

.032 

-.006 

-.  061 

.030 

-.005 

-.  096 

.028 

-.004 

-.  121 

.026 

-.004 

-.  141 

.024 

-.002 

15 

-.313 

-.015 

.009 

-.228 

-.007 

.007 

-.276 

-.011 

.008 

-.322 

-.014 

.009 

-.386 

-.  018 

.011 

-.027 

.032 

-.  008 

-.087 

.028 

-.007 

-.  126 

.  026 

-.  007 

-.154 

.024 

-.006 

-.  171 

.022 

-.004 

20 

-.348 

-.001 

.008 

-.282 

0 

.007 

-.321 

-.001 

.007 

-.359 

-.  001 

.008 

—.415 

-.004 

.008 

-.052 

.025 

-.011 

-.111 

.022 

-.010 

-.  152 

.018 

-.009 

-.  187 

.017 

-.008 

-.204 

.016 

-.007 

& 

II 

CO 

o 

o 

5 

=  — 30° 

A 

0 

-0.  301 

-0.033 

0.012 

-0.  238 

-0.  029 

0.  010 

-0.  284 

-0.  033 

0.  012 

-0.  330 

-0.  035 

0.012 

-0. 386 

-0.  036 

0.013 

0.266 

0.061 

0.  007 

0.210 

.048 

0. 006 

0.160 

0.  046 

0.  006 

0.238 

0.  051 

0.  007 

0.  252 

0.  053 

0.  007 

10 

-.  366 

-.027 

.016 

-.322 

-.024 

.015 

-.377 

-.  028 

.017 

-.425 

-.  029 

.019 

-.473 

-.028 

.019 

.  157 

.062 

-.003 

.075 

.059 

-.004 

.042 

.057 

-.004 

.045 

.057 

-.003 

.050 

.057 

-.003 

15 

-.  392 

-.020 

.018 

-.356 

-.017 

.016 

-.415 

-.  020 

.018 

-.457 

-.023 

.021 

-.504 

-.  028 

.  021 

.  113 

.061 

-.008 

.049 

.057 

-.009 

.009 

.054 

-.009 

-.007 

.055 

-.008 

-.018 

.057 

-.COS 

20 

-.  384 

.004 

.013 

-.340 

.005 

.012 

-.387 

.004 

.013 

-.423 

.004 

.013 

-.466 

-.001 

.014 

.111 

.036 

-.014 

.048 

.049 

-.014 

-.007 

.044 

-.014 

-.020 

.041 

-.013 

-.036 

.040 

-.013 

TABLE  VI 

FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  MEDIUM-SIZE  AILERON  ON  RIGHT  WING  TIP  ONLY— 0.10c.4  FULL-SPAN  INSET  TAB 


[R.  N.  =609,000.  Velocity =80  m.  p.  h.  Yaw=0°] 


8 

T 

i 

o 

o 

o 

o 

CO 

1 

-20° 

-10° 

0° 

0° 

10° 

20° 

30° 

40° 

c 

*1 

Ci' 

Cn' 

c. 

hl 

Ci 

c  9 

Lfi 

C. 

hl 

Cl' 

Cn' 

Ci' 

Cn' 

C, 

hl 

Ci 

Cn' 

C. 

Ci 

Cn’ 

Ci' 

Cn' 

Ci' 

Cn' 

C  hi 

Ci 

C„' 

C\ 

Ci 

Cn' 

at 

o 

O 

II 

"i; 

o 

O 

II 

0 

0 

0. 

094 

0.010 

0 

0. 065 

0.008 

0 

0. 049 

0.006 

0 

0. 028 

0.005 

0 

-0.  042 

0 

0 

-0. 042 

0 

0 

-0.  126 

-0.  006 

0.001 

-0.  182 

-0.  007 

0.  001 

-0.  238 

-0.  011 

0.  002 

-0.  262 

-0.  013 

0.003 

10 

039 

.003 

-.001 

-.049 

.003 

0 

-.049 

.002 

0 

-.055 

.001 

0 

-.077 

0 

0 

-.077 

0 

0 

-.  147 

-.005 

.001 

-.  218 

-.009 

.002 

-.268 

-.013 

.003 

-.309 

-.016 

.004 

15 

082 

.001 

-.001 

-.  080 

0 

0 

-.086 

.001 

0 

-.077 

.001 

0 

-.  112 

0 

0 

-.  112 

0 

0 

-.  182 

-.006 

.001 

-.250 

-.010 

.002 

-.303 

-.012 

.004 

-.336 

-.014 

.005 

20 

• 

150 

-.005 

-.001 

-.  150 

-.005 

0 

-.  144 

-.003 

0 

-.  146 

-.002 

0 

-.  189 

0 

0 

-.  181 

0 

0 

-.252 

-.008 

.002 

-.346 

-.012 

.003 

-.388 

-.013 

.004 

-.426 

-.014 

.005 

5a  =  15° 

5 

A—” 

0 

0 

-0. 

137 

-0. 020 

0. 004 

-0. 146 

-0.019 

0.  004 

-0.071 

-0.013 

0.  003 

-0. 129 

-0.019 

0.004 

-0. 177 

-0. 022 

0.  005 

0.  068 

0.026 

0 

0 

0. 023 

0 

0.  009 

0. 022 

0 

0.  031 

0.  024 

-0.001 

0. 029 

0.025 

0 

10 

— 

189 

-.020 

.006 

-.  186 

-.019 

.007 

-.  173 

-.017 

.007 

-.  171 

-.020 

.007 

-.210 

-.021 

.008 

.043 

.025 

— 

004 

-.026 

.023 

-.003 

-.050 

.021 

-.004 

~.  075 

.019 

-.004 

— .  104 

.017 

-.003 

15 

202 

-.018 

.008 

-.202 

-.017 

.008 

-.  173 

-.016 

.007 

-.  196 

-.019 

.008 

-.226 

-.019 

.009 

.026 

.021 

— 

006 

-.045 

.017 

-.005 

-.090 

.015 

-.005 

-.  120 

.012 

-.005 

-.  162 

.011 

— .  004 

20 

287 

-.009 

.008 

-.274 

-.009 

.008 

-.178 

-.006 

.007 

-.288 

-.009 

.008 

-.356 

-.008 

.009 

-.026 

-0.001 

— 

008 

-.088 

\ 

o 

o 

-1 

-.007 

-.  137 

-.010 

-.007 

-.  195 

-.013 

-.006 

-.234 

-.014 

-.005 

6^=30° 

5 

a  =  —  30 

0 

-0 

262 

-0.  034 

0. 010 

-0.  237 

-0.  032 

0.010 

-0. 151 

-0. 028 

0.008 

-0.  262 

-0. 034 

0.010 

-0.316 

-0.  037 

0.  011 

0.  224 

0.  044 

0. 

004 

0.  177 

0.  041 

0.  004 

0.  097 

0.  036 

0.  003 

o.  ml 

0.  041 

0.  004 1 

0.  194| 

0.  042 

0.  004 

10 

— 

299 

-.033 

.  015 

-.  287 

—.033 

.015 

-.  218 

-.028 

.013 

-.318 

-.034 

.015 

-.376 

-.036 

.016 

.  214 

.045 

— . 

003 

.  166 

.042 

-.  003 

.088 

.038 

-.004 

.  133 

.040 

-.  003 

.  195 

.  0441 

— .  003 

15 

— 

310 

—  .032 

.017 

— .  288 

-.032 

.016 

-.246 

—  .029 

.015 

—.326 

—.034 

.011 

-.387 

—  .036 

.  019 

.  212 

.  042 

000 

.  152 

.038 

-.006 

.086 

.035 

— .  006 

.  128 

.  036 

-.  0061 

.  193 

.  040 

— .  006 

20 

335 

—  .004 

.013 

—  .316 

—.003 

.013 

-.  278 

-.  003 

.  012 

— .  358 

—.004 

.013 

-.404 

—.007 

.  015 

.  156 

.02 3 

— . 

012 

.  129 

.017 

-.  Oil 

.  077 

.013 

-.011 

.  102 

.  014 

-.  Oil 

.  136 

.010; 

-.  Oil 
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TABLE  VII 


FORCE  TESTS,  CLARK  Y  WING  WITH 


PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY— 0.20c4 

AUXILIARY  BALANCE 


HALF-SPAN  CENTER  INSET  TAB  AND 


[R.  N. =609,000.  Velocity =80  m.  p.  h.] 


8 

T 

-30° 

1 

IO 

o 

o 

-10° 

0° 

0° 

10° 

o 

o 

CN 

CO 

o 

o 

1 

— 

c 

' 

Ci 

CY 

C{ 

CY 

c. 

Ci 

CY 

c*, 

Ci 

CY 

c. 

hl 

Ci 

CY 

C*, 

Ci 

CY 

Ci 

Cri 

Ci 

CY 

(a)  0.1875c4  by  0.4456,1  paddle  balance.  Yaw=0° 

— - - — - 

a 

o 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

,2 

1  15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

5  =0° 

A 

SA=0° 

0. 036 
-.  028 
-.076 
-.  141 

0.  009 
.009 
.006 
.001 

0 

0 

-.001 

-.001 

0.018 
-.038 
-  083 
-.  160 

0. 007 
.007 
.006 
.001 

-0. 001 
-.001 
-.  001 
-.  002 

-0.015 
-.073 
-.  110 
-.  191 

0.003 

.003 

.003 

-.001 

-0.  001 

0 

-.001 

-.001 

-0. 065 
-.  127 
-.  164 
-.242 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  065 
-.  127 
-.  164 
-.242 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  131 
-.  193 
-.  227 
-.303 

-0. 005 
-.004 
-.003 
.002 

0 

.002 

.002 

.001 

-0.  169 
-.240 
-.270 
-.343 

-0.  007 
-.007 
-.006 
-.004 

0.  001 
.003 
.003 
.002 

-0.  202 
-.274 
-.306 
-.  364 

-0. 009 
-.009 
-.  009 
-.  005 

0.  001 
.004 
.004 
.003 

S  =15° 

A 

*4—15° 

-0.  167 
-.204 
-.234 
-.275 

-0.019 
-.012 
-.010 
-.  003 

0.  005 
.008 
.009 
.008 

-0. 138 
-.  237 
-.280 
-.320 

-0.016 
-.014 
-.  012 
-.004 

0.  004 
.009 
.010 
.008 

-0. 185 
-.  300 
-.330 
-.362 

-0.019 

-.019 

-.015 

-.004 

0.  005 
.010 
.010 
.008 

-0.  232 
-.  341 
-.371 
-.400 

-0.  022 
-.021 
-.018 
-.004 

0.  005 
.010 
.011 
.009 

0.  020 
-.021 
-.045 
-.  063 

0.030 
.  032 
.029 
.021 

0 

-.  003 
-.006 
-.009 

-0.038 
-.080 
-.  105 
-.  130 

0.  027 
.029 
.026 
.018 

0 

-.003 
-.  006 
-.009 

-0.  061 
-.  122 
-.  149 
-.  169 

0.025 

.026 

.024 

.016 

0 

-.003 
-.005 
-.  008 

-0.  073 
-.  156 
-.  186 
—.204 

0.  023 
.024 
.021 
.015 

0 

-.002 
-.  004 
-.  008 

5^  =  30° 

5^  =  -30° 

-0.  224 
— .  316 
-.336 

-.338 

-0.  028 
-.022 
-.017 

.004 

0.011 

.017 

.018 

.013 

-0.  252 
-.359 
-.380 

-.  374 

-0.  030 
-.025 
-.018 

.004 

0.011 

.017 

.018 

.013 

-0.  307 
-.417 
-.437 

-  .420 

-0.  031 
-.027 
-.  020 

.003 

0.012 

.019 

.020 

.014 

-0.  350 
-.463 
-.483 

-.  456 

-0.  035 
-.031 
-.023 

.001 

0.  013 
.020 
.021 

.015 

0.241 
.  127 
.  105 

.093 

0.  052 
.  062 
.059 

.038 

0.  008 

0 

-.  006 

-.012 

0.  192 
.085 
.049 

.035 

0.  049 
.059 
.055 

J  .034 
\  .042 

0.  007 
-.001 
-.006 

J— .  012 

0.  146 
.059 
.021 

-.007 

0. 045 
.056 
.054 
/.  031 
1.037 

0.  007 
-.  001 
-.  000 

J— .  012 

0.  123 
.048 
-.004 

-.032 

0.043 
.055 
.050 
/  .030 

\  .038 

0.  006 
-.001 
-.  006 

}  -.011 

(b)  0  275c,4  by  0.44564  paddle  balance.  Yaw=0° 

a4=°° 

«A  =  -0° 

0.  050 
-.  029 
-.080 
-.096 

0.  008 
.004 
.003 
.004 

0 

-.  001 
-.  001 
-.  001 

0.019 
-.  032 
-.072 
-.  149 

0.  006 
.002 
.001 
.002 

0 

-.001 

-.002 

-.002 

-0.014 
-.067 
-.  114 
-.  186 

0.  007 
.  005 
.005 
.005 

0 

-.001 

0 

0 

-0.  062 
-.  124 
-.  157 
-.  224 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  052 
-.  124 
-.  157 
— .  224 

0 

0 

0 

0 

0 

0 

0 

0 

-0.  129 
-.  178 
-.222 
-.292 

-0.  005 
009 
-.008 
-.004 

0.  001 
.001 

0 

.  001 

-0.  169 
-.  234 
-.  266 
-.328 

-0.  008 
-.012 
-.012 
-.  005 

0.  001 
.  002 
.002 
.002 

-0.200 
-.272 
-.  309 
-.357 

-0.011 

-.015 

-.015 

-.007 

0.  002 
.  003 
.004 
.003 

5^  =  15° 

6  a  =  -15° 

-0.  151 
-.205 
-.  232 
-.269 

-0.  018 
-.015 
-.012 
-.001 

0.  005 
.007 
.008 
.007 

-0.  127 
-.241 
-.  274 
-.317 

-0.014 

-.014 

-.010 

.002 

0.  005 
.008 
.010 
.008 

-0.  163 
-.  292 
-.330 
-.362 

-0.016 
-.017 
-.  016 
-.001 

0.  005 
.009 
.011 
.009 

-0.  222 
-.  337 
-.371 
-.395 

-0.019 
-.  019 
-.016 
-.001 

0.  006 
.011 
.013 
.010 

0.010 

-.019 

-.046 

-.068 

0.  030 
.028 
.025 
.022 

0.  001 
-.005 
-.007 
-.010 

-0  041 
-.080 
-.  105 
-.  127 

0.  026 
.024 
.020 
.019 

0 

-.004 
-.  006 
-.010 

-0.  082 
-.  136 
-.  150 
-.179 

0.  023 
.019 
.  016 
.  014 

0.  001 
-.  004 
-.  006 
-.008 

-0.085 
-.  155 
-.  181 
-.  206 

0.  023 
.018 
.015 
.012 

0.001 

-.003 

-.005 

-.008 

=30° 

<>,  =  -30° 

-0.  216 
-.320 
-.351 

-.345 

-0.  026 
-.  026 
-.019 

.005 

0.011 

.015 

.016 

.012 

-0.  247 
— .  354 
-.378 

-.376 

-0.  027 
-.025 
-.  018 

.006 

0.011 

.017 

.017 

.013 

-0.  296 
-.  410 
-.440 

-.424 

-0.  031 
-.029 
-.022 

.004 

0.013 

.018 

.020 

.013 

-0.  332 
-.440 
-.467 

-.446 

-0.  032 
-.029 
-.022 

.004 

0.013 

.020 

.021 

.016 

0.  244 
.134 
.  103 

.094 

0.  052 
.056 
.053 

.036 

0.  009 
-.  001 
-.006 

-.012 

0.  189 
.082 
.047 

.026 

0.  048 
.053 
.050 

.034 

0.  008 
-.002 
-.007 

-.012 

0.  155 
.058 
.007 

-.018 

0  045 
.050 
.  046 
/  .030 

l  .040 

0.  008 
-.  002 
-.006 

l— .  012 

0.  131 
.  047 
-.002 

-.036 

0.042 
.049 
.045 
f  .029 
l  .037 

0. 007 
-.  002 
-.007 

i-  -.011 

REDUCTION  OF  HINGE  MOMENTS  OF  AIRPLANE  CONTROL  SURFACES  BY  TABS  407 


TABLE  VII — Continued 

FORCE  TESTS,  CLARK  Y  WING  WITH  PLAIN  SHORT  WIDE  AILERON  ON  RIGHT  WING  TIP  ONLY — 0.20<u  HALF-SPAN  CENTER  INSET  TAB  AND 

AUXILIARY  BALANCE— Continued 


[R.  N.= 609,000.  Velocity=SO  m.  p.  h. 


o 

O 

CO 

1 

—20° 

s 

Cl' 

Cn' 

c. 

hi 

Cl' 

Cn' 

0 

10 

15 

20 


0 

10 

15 

20 


0 

10 

15 

20 


-10° 


0° 


C,' 


cy 


cv 


Cn 


0° 


c. 


Cl' 


Cn' 


10° 


20° 


30° 


Cl' 


Cn' 


Cl'  \  Cn' 


Cl' 


Cn' 


(c)  Horn  balance.  Yaw=0° 


5  =0° 

A 

0. 073 

0.012 

0 

0.  056 

0.010 

-0.  001 

0. 005 

0.005 

0.001 

-0. 067 

0 

0 

.016 

.011 

-.001 

.028 

.011 

-.002 

-.017 

.007 

-.001 

-.087 

0 

0 

-.063 

.010 

-.001 

-.031 

.011 

-.  002 

-.075 

.007 

-.001 

-.  133 

o 

0 

180 

.004 

0 

-.  149 

.005 

-.002 

— .  212 

.002 

0 

— .  272 

0 

0 

5^  =  15 

o 

-0. 146 

-0.  027 

0.  008 

-0.118 

-0.  024 

0. 006 

-0. 153 

-0.  028 

0. 007 

-0. 19S 

-0.  033 

0.  008 

-.249 

-.008 

.013 

-.247 

-.  000 

.011 

-.300 

-.010 

.013 

-.  345 

-.014 

.014 

-.229 

.006 

.010 

-.273 

.001 

.010 

-.324 

-.002 

.012 

-.  366 

-.004 

.013 

-.269 

.005 

.009 

— .  295 

.003 

.009 

-.351 

.004 

.010 

-.396 

.003 

.011 

5X=30 

-0.  264 

-0. 033 

0.018 

-0.  308 

-0.  036 

0.017 

-0.  357 

-0. 038 

0.019 

0. 400 

-0. 040 

0.  020 

-.314 

-.008 

.027 

-.360 

-.011 

.022 

-.414 

-.013 

.024 

-.460 

-.016 

.025 

-.352 

.002 

.020 

-.390 

.001 

.020 

-.451 

-.  003 

.023 

-.495 

-.005 

.025 

-.392 

.010 

.019 

-.429 

.010 

.019 

-.488 

.008 

.021 

-.545 

.007 

.023 

5^=0° 


-0.  067 
-.087 
-.  133 
-.272 

0 

0 

0 

0 

0 

0 

0 

0 

-0. 123 
-.  139 
-.  170 
-.312 

-0. 002 
-.001 
.001 
-.001 

0. 001 
.001 
.002 
.002 

-0. 166 
-.  181 
-.  204 
-.338 

-0.  007 
-.005 
-.005 
-.004 

0.  001 
.002 
.002 
.003 

-0. 190 
-.221 
-.240 
-.370 

-0.  009 
-.008 
-.007 
-.006 

0.  001 
.005 
.003 
.004 

oA  =  ~  15° 

-0.  005 
.003 
.003 
-.009 

0. 044 
.046 
.041 
.022 

0.  001 
-.007 
-.011 
-.014 

-0.  051 
-.052 
-.  053 
-.065 

0.041 

.043 

.039 

.120 

0 

-.006 

-.010 

-.013 

-0.  087 
-.  100 
-.  101 
-.114 

0.037 
.039 
.035 
.  017 

0 

-.006 

-.010 

-.012 

-0.  080 
-.  123 
-.  132 
-.  144 

0.037 

.037 

.032 

.014 

0 

.005 

.009 

.012 

5  =-30° 

A 

0.194 
.  163 
.098 

.  110 

0.  075 
.086 
.084 
f  .048 
l  .059 

0.011 

-.003 

-.011 

)— .  018 

0. 160 
.  138 
.050 

.003 

0.  072 
.083 
.080 
/  .  059 

l  .  051 

0.011 

-.003 

-.011 

J— .  018 

0. 125 
.  112 
.012 

.015 

0.  070 
.079 
.076 
f  .050 
\  .056 

0.010 

-.003 

-.011 

j— .  018 

0.  099 
.  130 
.008 

-.001 

0.  069 
.081 
.076 

.052 

0.010 

-.002 

-.012 

-.01 

(d)  Frise  aileron.  Yaw=0° 


s 

,=°° 

V 

=  0° 

0 

0.  074 

0.  009 

0 

0.  042 

0.  009 

0 

0.  005 

0.  005 

-0.  001 

-0. 

005 

0 

0 

-0.  065 

0 

0 

-0.  104 

-0.  004 

0 

-0. 158 

-0.  006 

0.  001 

-0.  185 

-0.  011 

0.  001 

10 

006 

.011 

-.001 

-.025 

.007 

-.001 

-.  047 

.005 

-.001 

— 

125 

0 

0 

-.  125 

0 

0 

-.  161 

-.001 

0 

-.  210 

-.  006 

.  002 

-.  246 

-.009 

.  003 

15 

-.049 

.016 

-.  001 

-.063 

.007 

-.001 

-.089 

.005 

-.001 

-. 

173 

0 

0 

-.  173 

0 

0 

-.195 

-.002 

002 

-.244 

f  — .  005 
\  -.007 

|  .002 

-.275 

-.  005 

.003 

20 

-.  104 

.003 

-.008 

-.  106 

.003 

-.008 

-.136 

.021 

-.003 

— . 

219 

0 

0 

-.219 

0 

0 

-.247 

-.003 

— 

005 

-.286 

f  -.002 

l  .002 

j— .  004 

-.317 

.002 

-.003 

=  15° 

=  -15° 

0 

-0.  078 

-0.  021 

0.  004 

-0.  076 

-0.018 

0.003 

-0.  Ill 

-0.  023 

0.  005 

-0 

176 

-0.  026 

0.  006 

-0.  046 

0.  030 

0.  001 

-0.  087 

0.  027 

0 

-0.  141 

0.  024 

0 

-0.  162 

0.  022 

0 

10 

-.  191 

-.014 

.  007 

-.  175 

-.014 

.006 

-.214 

-.019 

.008 

— 

264 

-.  022 

.  009 

— .  075 

.031 

-.  004 

-.117 

.026 

— 

004 

-.  169 

.023 

-.004 

-.  193 

.  022 

-.  003 

15 

-.  184 

-.  006 

.008 

-.  211 

-.  011 

.008 

-.249 

-.  015 

.009 

— 

294 

-.  018 

.010 

-.  088 

.029 

-.006 

-.  141 

.024 

— 

000 

-.  194 

.023 

-.006 

-.221 

.020 

-.005 

20 

-.214 

/  .005 
.  001 

}  .001 

-.254 

-.004 

.001 

-.312 

.014 

.011 

— 

335 

-.005 

.003 

-.  1 16 

.014 

-.015 

-.  164 

.019 

014 

— .  212 

.010 

-.013 

-.241 

.012 

-.013 

&A 

=  30° 

S  =  -30° 

A 

0 

-0. 194 

-0. 030 

0.011 

-0.245 

-0.  033 

0.012 

-0.  303 

-0.  030 

0.010 

-0 

350 

-0.038 

0.014 

0.  135 

0.  034 

0.  009 

0.  097 

0.  032 

0. 

008 

0.  055 

0.  030 

0.  007 

0.  026 

0.  028 

0.  007 

10 

-.254 

-.013 

.015 

-.  306 

/-.  017 
1-.  027 

}  -0’7 

-.  363 

-.031 

.018 

-. 

409 

-.033 

.019 

.  101 

.  054 

0 

.  082 

.  048 

— 

001 

.044 

.  043 

.001 

.024 

.041 

.001 

15 

-.  285 

— .  015 

.  017 

— .  333 

-.  018 

.  018 

-.  391 

-.  025 

.020 

— 

437 

-.  026 

.  021 

.  097 

.  054 

-.  003 

.  072 

.  050 

005 

.  031 

.049 

-.  004 

.  026 

.  049 

-.003 

20 

—.291 

.008 

.007 

— .  335 

-.002 

.  007 

— .  378 

-.  004 

.000 

415 

— .  005 

.  010 

.  002 

.  041 

-.016 

.  038 

.  040 

016 

— .  002 

.  039 

— .  016 

.  00 1 

.  036 

— .  015 
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(t)1  Frise  aileron.  Yu\v=—  20' 


(e) 1  Frise  aileron.  Yaw  =  20° 


a 

O 

O 

1! 

1 

*x=0° 

o 

0 

10 

15 

20 

0 

10 

15 

20 

0 

10 

15 

20 

0.  085 
.001 
002 
-.001 

0.007 

.003 

.008 

.003 

0 

-.002 
.004 
-.  Oil 

0.  048 
.005 
-.  005 
-.048 

0.005 
.004 
.  004 
.002 

0 

-.001 

-.001 

-.011 

0.  022 
-.013 
-.028 
-.077 

0.  005 
.002 
.002 
.001 

0 

-.001 

-.001 

-.011 

-0.  042 
-.  058 
-.  073 
-.  128 

0.  007 
.015 
.  030 
.078 

-0.001 
-.  006 
-.011 
-.  016 

-0.  078 
-.  173 
-.229 
-.  270 

-0.  009 
-.  016 
-.027 
-.079 

0. 001 
.  006 
.012 
.009 

-0.120 
— .  223 
-.  275 
-.347 

-0. 103 
-.  005 
-.  007 
-.003 

0.  001 
.001 
.001 
.007 

-0.  156 
-.281 
-.  332 
-.  399 

-0.  006 
-.007 
-.011 
-.012 

0.  001 
.002 
.002 
.008 

-0.  206 
-.  309 
-.  359 
-.414 

-0.  009 
-.  009 
-.012 
-.014 

0.002 

.003 

.003 

.009 

54=15° 

5X  =  -15° 

-0. 049 
117 
-.119 
-.  100 

-0.017 

-.014 

-.011 

.004 

0.  003 
.  006 
.007 
-.005 

-0.  042 
-.  133 
— .  145 
-.  125 

-0.  017 
-.016 
-.  017 
-.008 

0.  003 
.006 
.030 
.085 

-0.  069 
-.  165 
-.  176 
-.  173 

-0.  020 
-.020 
-.019 
.004 

0.  004 
.007 
.008 
.007 

-0.  117 
-.200 
— .  222 
-.204 

-0.  023 
-.023 
-.022 
-.010 

0.  004 
.008 
.010 
-.003 

-0.  037 
-.  106 
-.  142 
-.  176 

0.  029 
.030 
.027 
.028 

0. 001 
-.005 
-.009 
-.  009 

-0.  074 
-.  150 
-.  189 
-.231 

0.  027 
.026 
.023 
.023 

0.  001 
-.  005 
-.  008 
-.007 

-0.  126 
-.204 
-.249 
-.292 

0. 023 
.024 
.020 
.01S 

0.  001 
-.005 
-.  007 
-.005 

-0.  154 
-.238 
-.  279 
-.325 

0.  020 
.020 
.019 
.017 

0.  001 
-.004 
-.  007 
-.005 

<5^=30° 

S,  =  -30° 

-0.203 

-.286 

-.274 

-.  197 

-0. 029 

-.023 

-.024 

-.010 

0.010 

.016 

.018 

.002 

-0.  238 

-.337 

-.328 

-.  237 

f-0. 026 
l  -.031 
-.029 

-.031 

-.012 

|  0.011 
.018 

.019 

.002 

-0.296 

-.403 

-.400 

-.282 

-0.  032 

-.037 

-.  034 

-.016 

0.  012 

.021 

.023 

.006 

-0.331 

-.  438 

-.442 

-.307 

-0  035 

-.  037 
f  -.031 
l  -.037 
-.015 

0.010 

.019 

]  .  022 
.006 

0. 172 

.109 

.042 

-.046 

0.044 

.  061 

.061 

.061 

0.010 

-.001 

-.008 

-.010 

0.  139 

.070 

.005 

-.077 

0.  043 

.059 

.059 

.058 

0.  009 

-.  001 

-.  007 

-.009 

0.  102 

.025 

-.033 

-.  Ill 

0.  040 

.057 

.057 

.055 

0.  008 

-.  001 

-.008 

-.009 

0.  066 

-.003 

-.063 

-.  130 

0.  041 

.056 

.057 

.053 

0.008 

-.001 

-.008 

-.009 

i  In  these  tables  the  rolling-  and  yawing-moment  coefficients  for  5^=0°  and  <5^  =  0°  are  those  due  to  yaw;  for  ( 5 T )  and  (6A)  deflected  they  are  due  to  tab  and/or  aileron. 
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TABLE  VIII 

FORCE  TESTS,  TAIL  SURFACE.  ELEVATOR-0.40  TAIL  AREA.  REFLECTION  PLANE  IN  PLACE 

[R.  N.  =1,218,000.  Velocity=80  m.  p.  h.  Yaw=0°] 


(a)  0.05  Ctt  inset  tab 


-30° 

0 

o 

T 

o 

o 

e* 

I 

0° 

0 

10° 

20° 

30° 

as 

Ov  ^  hl 

c  c,  c  c. 

Yv  A,  Yv  A, 

C  '  CA 

'-'.V  *1 

c- ! 

C.v 

C. 

h\ 

c  c, 

C.v 

5S  =  0° 

5  B 

=  0° 

O 

0 

-0.  072  0.  065 

-0.049  0.062  -0.035  0.040 

-0.003  0 

0.  003 

0 

0. 035 

-0.040 

0.049  -0.062 

0. 072 

-0.  065 

-5 

320  .  .  102 

-.294  .087  -.277  .053 

-.240  .019 

-.240 

.019 

-.214 

-.  003 

-.199  -.028 

-.  181 

-.043 

-10 

576  . 134 

-.518  .118  -.524  .096 

-.  489  . 040 

-.489 

.040 

-.408 

.013 

-.461  1  .010 

-.446 

-.006 

6S=10° 

-10° 

0 

0.310  -0.047 

0.325  (-0.060  0.330  -  0.069 

0.356  — 0.  101 

-0.356 

0.  101 

-0.  330 

0.069 

-0.325  j  0.060 

-0.310 

0.047 

-5 

.059  -.010 

.077  -.022  1  .082  |  -.035 

.116  -.078 

-.591 

.116 

-.582 

.  107 

-. 581  . 107 

-.  573 

.  104 

-10 

196  .018 

-.  176  -.004  -.  164  -.019 

-.130  |  -.060 

-.831  ! 

.  122 

-.818 

.  122 

-.819  .  131 

-.821 

.  135 

5  K  =  20° 

-20° 

0 

0.610  -0.228 

0.  .588  (-0.216  1  0.572  -0.200 

0.598  -0.242 

-0.  598 

0.242 

-0.  572 

0.  200 

-0.588  j  0.216 

-0.  610 

0.228 

—  5 

.389  i  -.197 

.378  :  -.  197  (  .345  175 

.392  -.206 

-.798 

.237 

-.  763 

.  206 

-.757  :  .243 

-.801 

.256 

-10 

.169  -.150 

.  169  -.  144  ;  .157  -.  125 

.  200  -.  144 

-.991 

.253 

-.955 

.216 

-.986  [  .247 

-1.000 

.269 

5fi  =  30° 

-30° 

0 

0.700  —0. 303 

0.677  -0.284  0.662  -0.271 

0.684  —  0. 314 

-0.684 

0.314 

-0.  662 

0.  271 

-0.677  !  0.284 

-0.  700 

0.  303 

-5 

.468  j  -.284 

.  449  -.  272  .423  -.  244 

.461  -.287 

-.887 

.321 

-.859 

.284 

-.860  .293 

-.884 

.319 

-10 

.249  1  -.275 

.233  ;  -.256  .211  -.219 

.244  -.256 

-1.  106 

.309 

-1.074 

.278 

-1.085  .300 

—  1. 106 

.319 

(b)  0.10  ce  inset  tab 

drj\ 

1 

CO 

© 

o 

O 

O 

1 

-10° 

10° 

O 

O 

30° 

1  “s 

C.v 

C*. 

Cv 

C. 

hl 

C.v 

Cv 

Cv 

Cv 

V 

=  0° 

V 

=  0° 

O 

0 

-0.  136 

0.  149 

-0.  106 

0.  118 

-0.  074 

0.  077 

0. 074 

-0.  077 

0. 106 

-0. 118 

0. 136 

-0.  149 

-5 

-.379 

.  171 

-.346 

.  133 

-.316 

.090 

-.  183 

-.037 

-.149 

-.074 

-.119 

-.093 

-10 

-.640 

.  196 

-.  607 

.  171 

-.573 

.  121 

_ 

-.429 

-.021 

-.416 

-.031 

-.391 

-.046 

5*  = 

10° 

-10° 

0 

0.  248 

0.021 

0.262 

0.003 

0.284 

-0.013 

-0.284 

0.013 

-0.  262 

-0.  003 

-0.  248 

-0.  021 

-5 

-.  003 

.053 

.017 

.034 

.043 

.009 

-.515 

.044 

-.  534 

.063 

-.584 

.044 

-10 

-.256 

.074 

-.231 

.043 

-.204 

.024 

-.746 

.075 

-.  777 

.  103 

-.776 

.094 

V 

to 

o 

o 

5  B  = 

O 

o 

1 

0 

0.  569 

-0.212 

0.  489 

-0. 147 

0.  528 

-0.  181 

-0.  528 

0. 181 

-0.  489 

0.  147 

-0.  569 

0.212 

-5 

.340 

-.  172 

.290 

-.  131 

.320 

-.  157 

-.734 

.  197 

-.685 

.  141 

-.759 

.225 

-10 

.  118 

— .  125 

.090 

-.116 

.  119 

-.  119 

-.930 

.  197 

-.875 

.  138 

-.973 

.228 

V 

=30° 

I 

CO 

O 

o 

0 

0.  656 

-0.  243 

0.  595 

-0.  181 

0. 646 

-0.  250 

-0.  646 

0.  250 

-0.  595 

0.  181 

-0.  656 

0. 243 

-5 

.424 

-.225 

.360 

-.  150 

.410 

-.235 

-.850 

.262 

-.800 

.  194 

-.  860 

.250 

-10 

.  197 

-.212 

.  141 

147 

.  192 

-.200 

-1.062 

.262 

-1.013 

.212 

-1.062 

.250 
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TABLE  VIII — Continued 

FORCE  TESTS,  TAIL  SURFACE.  ELEVATOR=0.40  TAIL  AREA.  REFLECTION  PLANE  IN  PLACE— Continued 


[R.  N.  =  1,218,000.  Velocity=80  m.  p.  h.  Yaw=0°] 


(c)  0.20  c  e  inset  tab 

<5 

T 

-40° 

1 

CO 

o 

o 

-20° 

-10° 

10° 

20° 

30° 

O 

o 

Cs 

C 

y 

c 

y 

j  c. 

hl 

C, 

kl 

c 

jV 

C. 

c 

X 

C. 

h\ 

c 

N 

c, 

hl 

C.v 

C‘, 

S 

V 

=  0° 

0° 

°  0 

-0.  203 

0.  246 

-0.  282 

0.212 

-0.  206 

0.  199 

-0.113 

0.  112 

0. 113 

-0. 112 

0.  206 

-0. 199 

0.  282 

-0.212 

0.  263 

-0.  246 

-5 

-.  508 

.  258 

-.  457 

.  230 

-.472 

.205 

-.357 

.  121 

-.  122 

-.087 

-.  044 

-.  171 

-.030 

-.  174 

.013 

-.208 

-10 

-.766 

.  299 

-.  725 

.261 

-.  683 

.221 

-.588 

.130 

-.371 

-.  059 

-.  308 

-.  127 

-.303 

-.127 

— .  265 

-.  159 

10° 

O* 

* 

11 

-10° 

0 

0.  128 

0.  118 

0. 155 

0.  102 

0.  148 

0.  109 

0.  219 

0.  009 

-0. 249 

-0.  009 

-0. 148 

-0. 109 

-0. 155 

-0.  102 

-0.  128 

-0.  118 

-5 

-.  130 

.  143 

-.  094 

.  121 

-.088 

.  118 

.009 

.028 

-.  482 

.022 

-.  427 

-.  040 

-.437 

-.  009 

-.409 

-.028 

-10 

-.  384 

.  171 

— .  34S 

.  149 

-.333 

.  130 

-.238 

.037 

-.724 

.054 

-.  626 

-.028 

-.694 

.032 

-.669 

.013 

O 

O 

CM 

V 

=  -20° 

0 

0.  535 

-0.  188 

0.513 

-0.  166 

0.  424 

-0.  082 

0.  509 

-0.  178 

-0.  509 

0.  178 

-0.  424 

0.  082 

-0.513 

0. 166 

-0.  535 

0. 188 

-5 

.287 

-.  143 

.279 

-.  141 

.  199 

-.  069 

.284 

-.  153 

-.  720 

.  188 

-.625 

.  110 

-.  706 

.  184 

-.  764 

.  210 

-10 

.036 

-.  085 

.044 

-.085 

.  005 

-.066 

.090 

-.  122 

-.914 

.191 

-.841 

.113 

-.912 

.  175 

-.971 

.219 

CO 

o 

o 

-30° 

0 

0.  628 

-0.  244 

0.  464 

-0.  0S8 

0.  541 

-0.  150 

0.613 

-0.  250 

-0.613 

0.  250 

-0.  541 

0. 150 

-0.  464 

0.088 

-0.  628 

0.  244 

-5 

.416 

-.234 

.266 

-.  100 

.302 

-.  125 

.380 

-.219 

-.836 

.262 

-.  769 

.  181 

-.710 

.  132 

-.832 

.241 

-10 

.  212 

-.  219 

.074 

-.088 

.  106 

-.  135 

.187 

-.  216 

-1.042 

.256 

-.  973 

.  178 

-.914 

.  122 

-1.  065 

.253 
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TABLE  IX 

FORCE  TESTS,  TAIL  SURFACE,  RUDDER  0.60  TAIL  AREA,  0.20c*  INSET  TAB 


[R.N.  =  1,218,000.  Velocity=80  m.  p.  h.  Yaw=0°] 


4r 

-40° 

O 

o 

CO 

1 

-20° 

-10° 

0° 

0° 

10° 

20° 

30° 

40° 

Cv 

Cn 

C . 

*1 

C.v 

C.v 

Cv 

C. 

Cv 

C. 

A1 

Cv 

Cv 

Ca, 

Cv 

C. 
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A  FLIGHT  INVESTIGATION  OF  THE  SPINNING  OF  THE  F4B  2  BIPLANE  WITH 

VARIOUS  LOADS  AND  TAIL  SURFACES 

Bv  N.  F.  Scudder  and  Oscar  Seidman 


SUMMARY 

A  flight  investigation  oj  the  spinning  of  the  FJfli-2 
single-seat  fighter  airplane  ivas  made  for  the  purpose 
of  finding  modifications  that  would  eliminate  dangerous 
spin  tendencies  exhibited  by  this  type  of  airplane  in 
service.  The  effects  on  steady  spins  and  on  recover¬ 
ies  of  changing  the  loading,  enlarging  the  fin  areas, 
changing  the  elevator  plan  form,  and  raising  the  hori¬ 
zontal  surfaces,  were  determined.  Five  fin  sizes,  two 
elevator  plan  forms,  and  three  vertical  positions  of  the 
horizontal  surfaces  were  tested  with  four  airplane  load¬ 
ings  corresponding  to  different  service  conditions  for 
which  the  airplane  may  be  used.  The  effect  on  recovery 
of  various  methods  of  control  manipulation  and  the 
immediate  effect  on  various  spin  parameters  of  deflecting 
one  or  more  of  the  controls  from  the  normal  setting  were 
determined.  The  flight  results  were  analyzed  and  com¬ 
pared  with  the  results  of  spinning-balance  tests  of  a 
model  of  the  subject  airplane. 

The  variations  of  loading  did  not  materially  affect  the 
steady  spin  or  the  recovery.  Increasing  the  fin  area 
progressively  improved  ease  of  recovery  but  had  little 
effect  on  the  steady  spin;  and  modifying  the  elevator  to 
diminish  interference  had  little  beneficial  effect.  liaising 
the  horizontal  surfaces  gave  the  most  pronounced  bene¬ 
ficial  (fleet  on  recovery,  making  possible  recoveries  in 
less  than  one  turn.  The  alterations  made  to  the  hori¬ 
zontal  and  vertical  surfaces  for  the  tests  did  not  introduce 
undesirable  flying  characteristics.  Flight  tests  and 
model  tests  were  in  general  agreement  but  there  were 
apparent  discrepancies  in  certain  details,  particularly  in 
regard  to  the  comparative  merits  of  several  ways  of 
manipulating  the  controls  for  recovery. 

Dangerous  spins  were  encountered  during  the  tests 
as  a  result  of  displacing  the  controls,  particularly  the 
rudder,  away  from  the  usual  position  for  the  normal  spin. 
Observations  of  the  manner  in  which  these  dangerous 
spins  were  started  indicated  the  probable  conditions  under 
which  trouble  had  been  experienced  with  this  airplane  in 
service. 


INTRODUCTION 

At  the  request  of  the  Bureau  of  Aeronautics,  Navy 
Department,  a  series  of  tests  of  the  spinning  of  the 
F4B-2  airplane  was  undertaken  by  the  National  Ad¬ 
visory  Committee  for  Aeronautics.  Information  was 
desired  regarding  the  simplest  means  of  satisfactorily 
correcting  the  bad  spin  characteristics  that  this  type 
of  airplane  had  exhibited  in  service.  Following  the 
completion  of  the  tests  specifically  requested,  which 
were  reported  to  the  Bureau  of  Aeronautics  in  Janu¬ 
ary  1933,  further  tests  of  a  more  general  nature  were 
made  as  part  of  the  spin-research  program  being  con¬ 
ducted  by  the  N.  A.  C.  A.  Part  of  this  work  was  the 
measurement,  by  means  of  the  spinning  balance,  of  the 
forces  and  moments  acting  on  a  model  of  the  airplane 
during  spinning  motion.  The  model  tests  have  been 
reported  in  reference  1 ;  the  present  report  gives  an 
account  of  all  the  flight  tests. 

The  flight  tests  permitted  a  comparison  between  the 
effects  on  the  spin  of  4  different  service  loading  con¬ 
ditions,  5  different  fin  areas,  2  elevator  plan  forms,  3 
different  stabilizer  and  elevator  locations,  and  various 
amounts  of  rudder  deflection.  Four  different  classes 
of  measurements  and  observations  were  made:  The 
number  of  turns  required  for  recovery  were  deter¬ 
mined  for  every  condition  tested;  records  were  made 
for  the  steady  spin  and  analyzed  for  their  agreement 
with  previous  tests;  time  histories  of  seven  of  the 
spins  were  prepared  to  show  the  immediate  effects  of 
control-surface  displacements;  and,  in  every  case  in 
which  circumstances  indicated  the  advisability,  ob¬ 
servations  were  made  regarding  the  effect  of  the 
changes  to  the  airplane  on  handling  characteristics  in 
normal  and  acrobatic  flying. 

The  study  of  the  effects  of  the  foregoing  modifica¬ 
tions  was  facilitated  by  having  available  the  results  of 
spinning-balance  tests  on  a  model  of  the  airplane  with 
two  of  the  fin  and  rudder  combinations  used  in  flight 
(reference  1)  and  the  results  of  tests  on  another  model 
(reference  2)  with  the  horizontal  surfaces  mounted  in 
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-  Areas  - 

Wings:  upper  (includ¬ 
ing  ailerons) 

Wings:  lower(through 
fuse  lage) 

Total . 236 

Ai  lerons,  total .  14 

Stabilizer  .  19 

Elevators, standard 
(including  balance)--  17 
Elevators,  modi  tied 
(including  balance)-  -  18 

-Control  deflections- 

Aileronup .  -22.8° 

”  down  -  -  - . 16.3° 

Elevator  up .  28.3° 

down-  — . 30.5° 

Rudder,  normal  . . .  129 

••  .stops  moved  back,  stand,  elevator  ±34 
"  "  ••  .modified  11  ±35 


Moment  of  inertia  of  propeller 
4.7  slug  -  feet2 


- - - - - - L 

kljj-i - 

1 

- > 

o5 

-6.38' 


Figure  1. — Three-view  drawing  of  the  F4B-2  airplane  and  modified  elevator. 


415 


A  FLIGHT  INVESTIGATION  OF  THE  SPINNING  OF  THE  F4B-2  BIPLANE 


several  positions.  The  results  of  the  tests  of  the  first 
reference  were  directly  comparable  and  those  of  the 
second,  though  made  on  a  different  model,  could  be 
applied  qualitatively  with  certainty. 

APPARATUS  AND  METHOD 

The  airplane  with  which  these  tests  were  made  was 
a  carrier  fighter  biplane  powered  with  a  450-horse- 
power  Pratt  &  Whitney  engine.  A  line  drawing 
showing  the  arrangement  and  dimensions  of  the  air¬ 
plane  is  given  in  figure  1. 

The  several  combinations  of  vertical  surfaces  tested 
are  shown  in  figure  2.  Figure  2  (a)  gives  the  outline 
and  dimensions  of  the  original  F4B-2  surfaces.  In 
figure  2  (b)  are  shown  the  F4B-3  rudder,  F4B-3  fin 
(dotted),  and  F4B-4  fin  (full  line).  The  F4B-3  rudder 
did  not  fit  this  airplane  exactly,  which  caused  the  upper 
tip  of  the  rudder  to  project  above  the  top  of  the  fin 

about  2  inches.  With  the  exception  of  the  small 

extra  area  at  the  top,  this  rudder  was  of  the  same  shape 
and  size  as  the  standard  F4B-4  rudder  and  will  be 
referred  to  hereinafter  as  the  “F4B-4  rudder”  when 
discussed  in  connection  with  the  F4B-4  fin.  In 
figure  2  (c)  the  F4B-4  fin  and  rudder  and  three 

auxiliary  fins  are  shown:  two  sizes  of  fin  above  the 

fuselage  and  one  below.  The  particular  shape  of 
auxiliary  fin  no.  3  was  chosen  because  space  would  not 
permit  adding  the  large  area  desirable  at  the  tail  of  the 
fuselage  without  altering  the  tail-wheel  assembly  and 
possibly  involving  other  complications.  The  areas  of 
the  fin  and  rudder  combinations  were  as  follows: 


Fin  and  rudder  combination 

Fin  area 

Rudder 

area 

Total 

area 

sq.ft. 

sq.  ft. 

sq.ft. 

F4B-2  fin  and  rudder..  _  _ 

1.92 

7.  68 

9.  60 

F4B-3  fin  and  rudder.-. _ _ 

4.62 

8.11 

12.  73 

F4B-4  fin  and  rudder  .  ...  _  _ 

6.  35 

8.  11 

14.46 

F4B-4  fin  and  rudder  and  auxiliary 

fin  no.  1 _  ...  ... 

9.46 

8.11 

17.  57 

F4B-4  tin  and  rudder  and  auxiliary  fin 

no.  2 _  ... 

11.32 

8.11 

19.43 

F4B-4  fin  and  rudder  and  auxiliary  fins 

nos.  2  and  3...  _ _ _ 

15.79 

8.11 

23.  90 

The  horizontal-surface  combinations  tested  were  the 
modified  elevator,  shown  (dash  line)  on  the  plan  view 
of  the  airplane  in  figure  1,  and  the  raised  stabilizer 
and  elevator  positions  shown  in  figure  2  (d),  in  addition 
to  the  original  condition  shown  in  figures  1  and  2.  The 
modified  elevator  had  about  the  same  areas  as  the  origi¬ 
nal,  but  the  plan  form  used  was  such  that  less  unfavor¬ 
able  interference  might  have  been  expected.  (See 
reference  3.)  The  two  new  stabilizer  positions  were 
18.5  and  37  inches  directly  above  the  original  position. 
In  the  intermediate  position  it  was  possible  to  use  the 
same  type  of  tailplane  bracing  as  was  employed  in  the 
original  installation.  With  the  surfaces  in  the  high 
position,  however,  a  special  set  of  struts  was  necessary. 
These  extra  struts  would  not  be  required  in  an  airplane 
originally  designed  for  a  stabilizer  in  the  high  position 
so  that  the  loss  in  airplane  performance  associated 
71046 — 3® - 28 


Areas 

Rudder,  F4B-2 _ 7.68  square  feet.  Fin,  F4B-2 _ 2.00  square  feet. 

Rudder,  F4B-3(F4B-4) _ 8. 11  square  feet.  Fin,  F4B-3 . 4.62  square  feet. 

Fin,  F4B-4 _ 6.35  square  feet. 

Fin,  Aux.  no.  1 _ 3.11  square  feet. 

Fin,  Aux.  no.  2 - 4.97  square  feet 

Fin,  Aux.  no.  3 _ 4.47  square  feet. 

Figure  2.— Fins,  rudders,  and  horizontal  surface  positions  tested  with  the 

F4B-2  airplane. 
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(а)  F4B-3  fin  and  rudder. 

(б)  F4B-4  fin  and  rudder. 

(c)  F4B-4  fin  and  rudder  with  no.  2  auxiliary  fin. 


(d)  F4B-4  fin  and  rudder  with  no.  3  auxiliary  fin. 

( e )  Stabilizer  and  elevator  in  intermediate  position. 

(/)  Stabilizer  and  elevator  raised  to  top  of  fin  and  rudder. 


Figure  3. — The  F4B-2  airplane  and  the  several  tail-surface  arrangements  tested. 
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with  these  struts  need  not  be  considered  a  disadvantage 
inherent  in  this  arrangement.  The  photographs  (fig. 
3)  show  the  actual  installations  described  in  this  and 
the  preceding  paragraph. 

The  load  conditions  tested,  which  were  specified  by 
the  Bureau  of  Aeronautics,  Navy  Department,  when 
the  tests  were  requested,  were  as  follows: 

Airplane  stripped - 50  gallons  of  fuel  carried. 

Equipment  removed:  arrest¬ 
ing  and  flotation  gear,  oxygen 
equipmen t,  pyrotechnics, 
first-aid  kit,  life  jacket, 
auxiliary  tank. 

Airplane  with  normal  load _ 50  gallons  of  fuel. 

Normal  load  +  radio -f  raft - 50  gallons  of  fuel,  life  raft,  and 

radio. 

Carrier  overload -  110  gallons  of  fuel,  auxiliary 

tank,  and  all  equipment 
including  life  raft  and  radio. 

A  parachute  was  attached  to  the  tail  of  the  airplane 
to  aid  recovery  in  case  a  completely  uncontrollable 
spin  should  develop  during  the  tests.  A  special  installa¬ 
tion  was  developed  after  information  had  been  received 
from  the  Flight  Test  Section,  Naval  Air  Station, 
Anacostia,  that  a  much  simpler  arrangement  tested  by 
them  had  not  been  entirely  satisfactory.  In  the  latter 
case  the  parachute  was  folded  and  carried  by  the 
pilot,  the  bridle  line  passing  out  of  the  cockpit  to  a 
point  of  attachment  at  the  tail.  When  it  was  desired 
to  use  the  parachute  in  a  spin,  the  pilot  threw  it  over 
his  shoulder.  This  procedure  was  unsatisfactory 
because  the  parachute  sometimes  fouled  the  rudder 
balance  horn  and  because  in  one  case  it  fell  on  top  of 
the  stabilizer  and  would  not  blow  off.  This  experience 
indicated  the  necessity  of  placing  the  parachute  in  a 
pack  in  such  a  position  that  it  would  be  thrown  clear 
of  the  empennage  in  a  positive  manner.  The  N.  A.  C.  A. 
installation  was  therefore  designed  to  mount  the  pack 
above  the  fin  and  rudder  as  shown  in  figure  4.  The 
original  form  of  the  pack  was  suggested  by  Staff  Sgt. 
C.  F.  Bussell,  then  in  charge  of  the  Parachute  Section 
at  Langley  Field.  The  operating  gear  was  so  arranged 
that  the  pilot  could  open  the  parachute  by  pushing  a 
lever  to  a  stop.  Subsequently  he  could  release  the 
parachute  from  the  airplane  by  moving  the  lever 
around  the  first  stop  and  pushing  it  farther.  The 
nominal  diameter  of  the  parachute  was  8  feet,  i.  e., 
when  the  canopy  was  spread  out  on  a  flat  surface  it 
formed  a  disk  8  feet  in  diameter.  It  was  provided  with 
a  50-foot  bridle  line,  which  was  long  enough  to  permit 
the  parachute  to  follow  more  smoothly  both  during 
the  spin  and  when  being  towed  behind  the  airplane  in 
straight  flight  than  was  possible  with  a  short  line. 

The  parachute  was  carried  for  the  preliminary  tests 
and  until  the  pilots  had  become  familiar  with  the 
spinning  of  the  airplane.  It  was  not  needed  for 
emergency  use  but  was  opened  once  during  a  spin  to 
observe  its  action.  It  opened  immediately  with  an 


effect  that  was  rather  startling  and  unpleasant  because 
it  was  so  sudden.  The  airplane  pitched  forward 
rapidly  until  the  fuselage  was  nearly  vertical  and  the 
rate  of  rotation  increased  greatly.  Without  waiting 
for  further  developments,  the  pilot  released  the  para¬ 
chute  and  executed  a  rapid  recovery  from  the  spin. 
It  was  concluded  that  the  marked  increase  in  the 
rate  of  rotation  followed  partly  from  the  decrease  in 
moment  of  inertia  about  the  axis  of  rotation  as  the 
latter  axis  was  turned  toward  the  longitudinal  axis  of 
the  airplane  and  partly  from  the  high  equilibrium  rate 
of  free  autorotation  usually  occurring  at  low  angles  of 
attack.  This  high  rate  of  rotation  probably  would 
have  diminished  almost  as  rapidly  as  it  developed  had 
the  pilot  waited  a  few  seconds  before  moving  the  con¬ 
trols  or  releasing  the  parachute  because  the  ground 
observers  and  the  pilot  agreed  that  the  airplane  was 
in  a  low-angle-of-attack  dive  at  the  time  the  parachute 


Figure  4.— Parachute  pack,  support,  and  operating  gear  mounted  on  tail  of 

F4B-2  airplane. 


was  released,  having  passed  through  and  beyond  the 
angle  of  attack  for  maximum  rate  of  autorotation. 
These  observations  indicate  that  the  parachute  would 
have  been  an  effective  emergency  device  in  case  the 
controls  had  proved  ineffective. 

The  weight  of  the  parachute  and  gear  at  the  tail 
made  it  impossible  to  obtain  the  exact  loading  condi¬ 
tions  specified.  For  this  reason  the  loading  condi¬ 
tions  for  the  preliminary  tests  are  designated  “ap¬ 
proximate  stripped,”  “approximate  normal  load,”  etc. 
The  differences  between  the  exact  loading  condition 
and  the  approximate  values  were  slight.  The  para¬ 
chute  and  gear  were  removed  in  order  to  obtain  the 
specified  loading  conditions  exactly.  All  tests  not 
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designated  in  table  I  as  being  made  with  an  approxi¬ 
mate  loading  are  understood  to  have  been  made  with 
the  exact  loading  specified  and  with  the  parachute  and 
gear  removed. 

The  moments  of  inertia  and  the  center-of-gravity 
position  were  measured  by  the  standard  N.  A.  C.  A. 
compound  and  bifilar  pendulum  method  before  any 
changes  were  made  to  the  airplane  (reference  4). 
Thereafter,  account  of  all  changes  to  the  airplane  or 
its  equipment  was  carefully  kept  and  the  moments  of 
inertia  and  center-of-gravity  position  were  computed 
for  each  change  to  the  airplane  or  its  load.  Most  of 
the  service  equipment  called  for  in  the  specification  of 
loading  was  actually  used,  but  when  parts  of  it  were 
not  available,  equivalent  ballast  was  substituted. 

When  the  airplane  was  received,  the  fin  was  rigged 
with  the  normal  offset  of  2.2°  to  balance  propeller 
torque.  This  setting  was  retained  for  tlie  first  part 
of  the  tests,  but  later  all  fins  were  set  neutral  in  order 
to  make  the  right  and  left  spins  as  nearly  alike  as 
possible.  Nearly  all  of  the  tests  for  which  records  are 
reported  herein  were  made  with  fins  set  neutral.  The 
wing  incidence  was  measured  and  a  noticeable  vari¬ 
ation  along  the  span  was  found.  This  variation  may 
be  roughly  summarized  by  the  statement  that  the 
left  semispan  of  the  wing  cellule  had  a  wasliin  of  %°. 
The  stabilizer  was  set  parallel  to  the  thrust  axis  for 
all  spins,  including  those  in  which  the  stabilizer  was 
in  the  raised  positions.  With  the  exception  of  a  few 
cases  noted  with  the  data,  the  propeller  was  stopped 
for  all  tests  in  which  records  were  made.  In  order  to 
comply  as  closely  as  possible  with  a  request  for  tests 
with  increased  rudder  throw,  the  rudder  stops  were 
run  fully  back  so  that  a  deflection  of  ±35°  was 
obtained  with  the  modified  elevator,  and  one  of  ±34° 
with  the  standard,  compared  with  ±29°  for  the  deflec¬ 
tion  when  the  airplane  was  received. 

The  tests  to  determine  turns  required  for  recovery 
were  made  with  a  number  of  different  combinations 
of  control  manipulation,  all  of  which  are  indicated  in 
table  IV.  The  turns  reported  were  counted  from  the 
heading  at  the  time  the  pilot  started  to  move  the  con¬ 
trols  to  the  heading  at  which  rotation  stopped.  Other 
tests,  in  which  the  instruments  were  operated,  re¬ 
corded  the  data  for  the  steady  spin  or  for  the  time 
history  of  a  complete  spin. 

The  instrument  installation,  which  was  essentially 
the  same  as  that  described  in  reference  5,  consisted  of 
three  electrically  driven  gyroscopic  angular-velocity 
recorders,  a  three-component  air-damped  accelerom¬ 
eter,  a  recording  altimeter,  a  three-component  con¬ 
trol-position  recorder,  a  sensitive  indicating  altimeter, 
and  a  stop  watch.  These  instruments  measured  all 
the  quantities  necessary  for  a  complete  determination 
of  the  spinning  motion.  When  making  records  of 
complete  spins,  the  change  of  altitude  was  determined 
from  the  recordinginstrument;  for  steady-spin  measure¬ 


ments  a  more  accurate  determination  of  vertical 
velocity  was  made  with  a  sensitive  indicating  altimeter 
and  a  stop  watch. 

The  results  for  the  steady-spin  measurements  were 
computed  in  the  manner  indicated  in  reference  5,  the 
accelerometer  readings  in  each  case  being  corrected  to 
the  center  of  gravity  of  the  airplane. 

PRECISION 

In  general,  the  precision  of  these  tests  was  equiva¬ 
lent  to  that  of  reference  G.  The  first  records  were 
made  without  as  careful  checking  of  instrument  opera¬ 
tion  as  should  have  been  employed  because  of  the 
urgency  of  completing  this  part  of  the  work.  Nearly 
all  of  the  records  reported  herein,  however,  were  made 
with  the  necessary  care  so  that  the  precision  may  be 
summarized  as  follows:  angular  velocity,  ±3  percent 
for  each  component;  acceleration,  ±0.05  g;  interval 
of  altitude,  ±3  percent;  time,  ±2  percent;  weight,  ±1 
percent;  moments  of  inertia,  ±2.5  percent,  ±1.3 
percent,  and  ±0.8  for  A,  B,  and  C,  respectively. 

The  precision  stated  in  the  previous  paragraph  ap¬ 
plies  to  the  records  presented  in  the  time  histories 
(figs.  5  to  12)  for  the  parts  of  the  records  that  are 
steady  or  nearly  so ;  for  the  parts  of  the  records  where 
rapid  changes  of  angular  velocity  were  taking  place 
the  angular  velocity  reported  may  bo  considerably 
in  error  owing  to  lag  in  the  oil-damped  angular- 
velocity  recorders. 

RESULTS  AND  DISCUSSION 

The  numerical  results  are  presented  in  four  tables 
as  follows:  Table  I. — Properties  of  Airplane;  Table 
II.— Instrument  Data;  Table  III. — Computed  Data; 
and  Table  IV. — Summary  of  Spin  Recoveries.  Part 
of  the  results  are  also  given  as  time  histories  in  figures 
5  to  12. 

All  symbols  are  defined  in  the  covers  of  the  report 
except  as  follows:  ax  is  the  angle  of  attack  at  the 
plane  of  symmetry  referred  to  the  airplane  X  axis 
and  (3  is  the  angle  of  sideslip,  the  angle  between  the 
relative  wind  and  the  plane  of  symmetry.  The  sign 
of  the  angle  of  sideslip  is  the  same  as  the  sign  of  the 
component  of  velocity  along  the  lateral  axis. 

The  effect  of  the  variations  of  fin  and  rudder  size 
and  of  stabilizer  position  on  the  characteristics  of  this 
airplane  in  normal  and  acrobatic  flight  as  reported  by 
the  pilots  may  be  summarized  as  follows:  The  larger 
fins  eliminated  the  directional  instability  that  was  very 
noticeable  with  the  smallest  fin  and  rudder;  rudder 
forces  were  increased  slightly  but  not  objectionably; 
all  acrobatic  maneuvers  could  be  readily  executed  with 
all  the  combinations  of  surfaces  tried  and  it  was  con¬ 
sidered  that  with  the  larger  fins  (except  possibly  the 
condition  with  the  F4B-4  fin  and  rudder  and  auxiliary 
fins  nos.  2  and  3)  the  control  of  the  airplane  during 
acrobatic  maneuvers  was  more  definite  and  satisfactory 
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than  with  the  small  fin  and  rudder;  no  noticeable  dif¬ 
ference  was  introduced  in  the  flight  characteristics  by 
raising  the  horizontal  surfaces  except  that  for  the 
highest  position  the  maximum  speed  was  diminished 
and  there  was  a  noticeable  tendency  of  the  airplane  to 
lose  speed  during  acrobatic  maneuvers.  This  effect  on 
the  speed  was  to  be  expected  as  a  result  of  the  addition 
of  several  extra  struts  at  the  tail  to  support  the  control 
surfaces. 

Before  recommendations  based  on  the  results  of  the 
fin  tests  were  made  it  was  desired  to  determine  as 
reliably  as  possible  whether  the  airplane  could  be  forced 
into  spins  not  already  observed  during  the  tests.  The 
results  of  attempts  to  force  the  machine  into  such 
unusual  spins  were  reported  to  be  entirely  unsuccessful; 
i.  e.,  if  a  spin  was  obtained  in  any  of  the  various  types 
of  entry  tried,  it  always  returned  to  the  normal  spin 
as  soon  as  the  controls  were  returned  to  the  normal 
position.  For  some  of  these  trials,  power  was  used. 
Aside  from  the  effect  on  the  spin,  which  was  unim¬ 


portant,  it  should  be  noted  that  the  vibration  produced 
by  the  two-bladed  propeller  was  very  uncomfortable 
to  the  pilot  and  had  a  destructive  action  on  the  air¬ 
plane  structure.  All  the  drag  and  antidrag  tie  rods  in 
the  upper  and  lower  wings  were  made  slack  inboard  of 
the  interplane  struts  and  two  of  them  were  actually 
broken  as  the  result  of  about  G  spins  of  3  or  4  turns  each 
with  about  lialf-throttle  power. 

The  discussion  of  the  results,  in  the  following  para¬ 
graphs,  is  based  on  the  comparison  of  average  values  of 
spin  parameters  from  the  records  obtained  with  each 
spin  condition.  These  averages  are  presented  in  short 
tables  at  the  beginning  of  the  discussions  of  the  effect 
of  each  of  the  several  variables  studied  in  the  investiga¬ 
tion.  The  second  column  of  each  of  the  tables  gives 
the  numbers  of  the  tests  averaged  so  that  an  idea  of  the 
relative  weighting  of  the  averages  may  be  gained.  It  is 
possible  also  to  find  the  complete  description  of  the 
test  conditions  for  each  case  by  using  the  test  numbers 
in  referring  to  table  I. 


EFFECT  OF  LOADING 


Loading 

Tests  averaged 

12 

a 

X 

0 

V 

Radius 

lib 

2V 

Approximately  stripped  1 _ .  _ 

Normal  ■ _ _  _ 

15R:  1,  2,  3,  4;  16R:  1,  2,  3;  23R:  7,  8,  9, 10. 
26 R:  3,  5,  7 _ 

rad. /sec. 

2. 57 

2. 94 

2.  87 
3.06 

2.  73 

2.  84 

3. 16 

3.  21 

0 

44.5 
43.8 

45.2 

45.3 

48.5 
46.  4 

52.4 

50.4 

O 

-1.9 

-1.2 

-2.0 

0 

-.4 

-2.6 

-1.0 

-3.5 

It.  /sec. 
114.2 
103.  9 
114.  9 
123.0 
113.5 
124.4 
114.  5 
114.8 

Feet 

4.0 

3.5 

3.4 

3. 1 
3.9 
3.7 

2.4 

2.6 

0. 304 
.  424 
.376 
.373 
.  362 
.342 
.414 
.420 

Normal+radio+raft 1 _  _ _ 

27R:  3,  4,  5,  6 . 

Carrier  overload  1 _ 

Normal+radio+raft 2 _  _ 

Carrier  overload  2 _  _ 

37R:  I,  3,  5,  7;  36R:  3,  4 _ _ 

A58R:  2,  5,  6;  59R:  1,  3,  11. _ _ 

73 R:  1,  3,  5,  7,  11. 

Normal+radio+raft 3 _ _ _ 

47R:  1,  2,  3,  4_. 

Carrier  overload  3 _ _ _ _ 

49R:  1,  2,  3,  4,  5 . . 

1  F4B-4  fin  and  rudder,  standard  elevator.  2  F4B-4  fin  and  rudder,  modified  elevator.  3  F4B-3  fin  and  rudder,  standard  elevator. 


The  effects  of  the  changes  in  loading  compared  in 
these  tests  are  the  effects  of  changes  both  in  wing 
loading  and  moments  of  inertia.  (See  table  I  for  load¬ 
ing  and  moments  of  inertia.)  These  results  are  of 
interest  because  they  show  the  effect  of  ordinary  varia¬ 
tions  of  service  loading.  Generally  speaking,  the 
changes  in  the  steady  spin  associated  with  these  loading 
changes  were  almost  too  small  to  be  noticed.  The 
changes  were  the  expected  increase  in  angular  velocity 
and  linear  velocity  with  increase  in  loading.  The 
angles  of  attack  and  sideslip  did  not  change  appreciably 
nor  show  a  definite  trend,  the  maximum  variation 
between  comparable  conditions  being  2.5°  change  in 
sideslip  and  less  change  in  angle  of  attack. 

No  difference  could  be  noticed  in  the  number  of  turns 
required  for  recovery  with  the  various  loading  con¬ 
ditions.  The  variations  between  different  tests  with 


the  same  loading  conditions  were  usually  as  great  as 
the  variations  between  tests  with  different  loading 
conditions.  As  the  theory  indicates  (reference  7)  that 
the  condition  with  center  of  gravity  far  forward  might 
have  bad  effects,  one  group  of  tests  was  made  with  the 
center  of  gravity  at  27  percent  of  the  mean  aero¬ 
dynamic  chord.  A  comparison  of  the  results  of  this 
group  of  tests  with  the  comparable  tests  having  the 
center  of  gravity  at  31  and  34  percent  of  the  mean 
aerodynamic  chord  showed  no  essential  differences. 

Steady  spins  with  the  larger  fins  were  at  somewhat 
lower  angles  of  attack.  The  other  parameters  of  the 
spin  varied  through  small  ranges  in  a  manner  that  was 
not  significant.  This  result  is  to  be  expected  because 
all  fins  and  rudders  used,  except  for  no.  3,  were  in 
such  positions  that  the  surfaces  would  have  bad  in¬ 
terference  effects  from  the  horizontal  surfaces,  and 


EFFECT  OF  ENLARGED  FIN  AND  RUDDER 


Fin  and  rudder 

Tests  averaged 

n 

a 

X 

0 

V 

Radius 

Qb 

2V 

91R:  l;  93R:  1,  2,  3 _ 

rad.  /sec. 

2.  78 

o 

52.8 

O 

—1.8 

ft. /sec. 
104. 1 

Feet 

3.  2 

0.401 

47R:  1,  2,  3,  4 _ _ 

3.  16 

52.4 

—1.0 

114.5 

2.4 

.414 

A89R:  1,  2,  3 . . . . . . 

2.  78 

50. 1 

-1.9 

111.  1 

3.4 

.376 

90R:  1,  2,  3 _ _ _ _ 

2.68 

48.9 

-.8 

110.8 

3.7 

.363 

F4B-4  fin  and  rudder,  aux.  fin  no.  3  2 . . 

83R:  1,  3,  5,  7,  9 _ _ 

2.  86 

46.  4 

.3 

114.5 

3.7 

.373 

1  Fin  offset  2.2°,  motor  idling. 


'F4B-4  fin  offset  1.55°,  motor  idling.  Carrier  overload  in  these  tests,  all  others  normal+radio+raft  loading. 
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fin  no.  3  was  not  far  enough  aft  of  the  center  of  gravity. 
These  variations  in  fin  area  were  tried  because  it  was 
desired  to  find  a  means  of  improving  the  spin  charac¬ 
teristics  of  this  type  airplane  without  having  to  make 
major  structural  changes. 

Comparison  of  the  merits  of  the  several  modifi¬ 
cations  of  fin  and  rudder  shows  progressive  improve¬ 
ment  in  recoveries  as  the  area  of  the  vertical  surfaces 
was  increased,  with  the  exception  of  the  addition  of 
the  fin  under  the  fuselage.  This  conclusion  is  based 
on  the  average  of  the  turns  required  for  each  condition; 
some  individual  cases  may  be  noted  in  which  the  im¬ 
provement  is  not  evident.  In  no  case  with  the  large 
fins  did  the  airplane  develop  spins  from  which  recovery 
seemed  doubtful  when  the  controls  were  set  for  normal 
recovery.  Throughout  the  report  “normal  recovery” 
is  understood  to  mean  rudder  completely  reversed, 
stick  neutral  laterally  and  forward  of  neutral  longi¬ 


tudinally,  with  both  control  displacements  being  ap¬ 
plied  smartly  and  simultaneously.  The  details  of  the 
dangerous  spins  occasionally  encountered  with  the 
F4B-2  fin  and  rudder  will  be  discussed  in  the  paragraph 
on  the  effect  of  control  displacement. 

The  tests  made  with  the  spinning  balance  (reference 
1)  in  which  the  forces  and  moments  were  determined 
for  spinning  attitudes  of  a  model  of  the  F4B-2  air¬ 
plane  with  the  F4B-2  fin  and  rudder  and  subsequently 
with  the  F4B-4  fin  and  rudder  are  of  interest  in  con¬ 
nection  with  these  observations.  The  conclusions 
reached  by  comparing  yawing  moments  indicated  that 
there  should  be  little  difference  between  the  steady 
spins  for  the  two  sets  of  surfaces.  This  result  is  in 
agreement  with  the  corresponding  flight  results. 
Likewise,  a  conclusion  from  this  reference  that  the 
F4B-4  fin  and  rudder  should  give  more  rapid  recoveries 
is  in  agreement  with  the  flight  results  previously  stated. 


EFFECT  OF  MODIFIED  ELEVATORS 


Elevator 

Loading 

Tests  averaged 

/3 
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2V 
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O 

-2.0 
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3.00 

45.3 

0 
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3. 1 

Modified  - . 

_ do _ 

73  R:  1,3,5,7,H _ ' _ 

2.  84 

46.4 

-2.  G 

124.4 

3.7 

.342 

The  modified  elevators  (with  F4B-4  fin  and  rudder) 
had  very  little  effect  on  the  steady  spin.  The  rate  of 
rotation  was  slightly  less  and  the  angle  of  attack 
slightly  greater  with  the  modified  elevators  than  with 
the  standard  elevators.  Sideslip  varied  somewhat,  but 
no  trend  could  be  observed  when  the  effects  for  the  two 
loading  conditions  tested  were  considered. 

The  modified  elevators  made  a  noticeable  improve¬ 
ment  in  ease  of  recovery  for  some  methods  of  control 
manipulation,  especially  with  stick  forward.  Improve¬ 
ment  in  recovery  by  this  method  would  be  expected 
because  the  interference  produced  by  the  modified 
elevator  when  in  the  down  position  would  be  less  than 
the  corresponding  interference  of  the  original  form.  A 
somewhat  greater  favorable  effect  was  anticipated 
from  the  results  of  wind-tunnel  tests  made  for  the 
Bureau  of  Aeronautics,  Navy  Department,  (reference 
3)  on  a  stationary  model.  These  tests  showed  that 
at  an  angle  of  attack  of  45°  the  rudder  moments  were 
50  percent  greater  for  the  modified  elevators  than  for 
the  elevators  in  the  original  form.  Earlier  model  tests 
made  in  England  (reference  8)  on  a  similar  stabilizer 
and  elevator  indicated  that  slightly  greater  rudder 
moments  against  the  spin  were  possible  with  modified 
than  with  standard  form  of  elevator. 


EFFECT  OF  STABILIZER  POSITION 


Position  of 
stabilizer 

Tests  averaged 
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X 

/3 
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2V 
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0.  376 

Intermediate- 
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4.8 
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High - 
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-4.4 
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3.  1 
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Raising  the  stabilizer  and  elevator  produced  no  con¬ 
sistent  variation  or  trend  of  the  equilibrium  values  of 
the  important  spin  parameters.  This  result  is  consist¬ 
ent  with  what  would  be  expected  because  wind-tunnel 
tests  have  shown  (references  2  and  9)  that  although 
raising  the  horizontal  surfaces  generally  increases  the 
damping  yawing  moment  and  diminishes  the  aerody¬ 
namic  pitching  moment,  the  change  in  these  two 
moments  at  50°  angle  of  attack  is  negligible  when  the 
rudder  is  set  with  the  spin. 

The  ease  with  which  recoveries  could  be  made  was 
decidedly  improved  by  raising  the  stabilizer  and  ele¬ 
vator,  especially  when  the  stabilizer  and  elevator  were 
raised  to  the  top  of  the  fin  and  rudder.  Even  raising 
the  stabilizer  to  the  intermediate  position  gave  better 
results  than  were  obtained  with  the  largest  fins  tried. 
Of  all  the  conditions  tested  only  the  one  with  the  sta¬ 
bilizer  and  elevator  at  the  top  of  the  fin  gave  satisfac¬ 
tory  recoveries  with  the  controls  held  neutral.  In  this 
case  recovery  was  usually  accomplished  in  1 turns  and 
in  no  instance  were  more  than  3  turns  required.  Such 
recoveries  are  quite  satisfactory  for  an  airplane  having 
the  wing  loading  of  the  subject  airplane,  especially  since 
very  fast  recoveries  can  be  made  by  setting  the  rudder 
against  the  spin. 

Holding  the  stick  forward  caused  an  increase  in 
angle  of  attack  for  the  tests  with  stabilizer  and  elevator 
in  their  normal  position  and  a  decrease  in  angle  of 
attack  when  they  were  in  the  high  positions.  The 
first  result  is  in  agreement  with  previous  test  experience 
and  the  results  of  a  theoretical  study  of  the  effect  of 
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Control  setting 


Test  condition 1  1 

Normal - 

Elevator  down _ 

Ailerons  with  spin _ _ _ 

Ailerons  against  spin _ 

Rudder  against  spin. 

Test  condition  2 

Normal . . . 

Elevator  down _ 

Ailerons  with  spin... 

Ailerons  against  spin 
Test  condition  3 

Normal _ 

Elevator  down _ 

Ailerons  with  spin. 

Ailerons  against  spin 
Test  condition  4 

Normal.. _ 

All  neutral _ 

Ailerons  with  spin... 

Ailerons  against  spin. 

Test  condition  5 

Normal _ _ _ 

All  neutral. . . . 

Test  condition  6 

Normal . . . 

Rudder  against  spin. 


Tests  averaged 


A89R:  1,  2,  3. . 

86R:  1,  2,  3 _ 

96 R:  1,  2,  3;  A96R:  2,  3_.._ 

97  R:  1;  A97R:  1,  2,  3 _ 

87R:  2 _ 

113L:  1,2,3..  ... 

B114L:  1,  2,  3;  E114L:  1,  2,  3 
115L:  1,  2,  3..  .. 

116L:  1,  2,  3 _ 

A103L:  1,  3 . 

A105L:  1,  2,  3 _ 

A104L:  2,  3 _ 

106L:  1,  2,  3 _ 

36  R:  3,  4 . .  .. 

30  R:  3' _ 

36R:  1 _  . 

36R:  2 . . . 

91R:  1;  93R:  1,  2,  3. . . 

B95R:  1,  2,  3 _ _ _ 

49R:  1,  2,  3,  4,  5. . . 

49 R:  5' _ 


1  Test  conditions: 

1  F4B  4  fin  and  rudder,  normal  +  radio  +  raft  load,  stabilizer  low. 

2  F4B-4  fin  and  rudder,  normal  +  radio  +  raft  load,  stabilizer  intermediate. 

3  F4B-4  fin  and  rudder,  normal  +  radio  -f  raft  load,  stabilizer  high. 


a 

a 

X 

0 

V 

Radius 

nb 

2V 

rad.lsec. 

2.  78 

o 

50.  1 

O 

-1.9 

ft. /sec. 

111.  1 

Feet 

3.4 

0.  376 

3.60 

53.7 

-4.6 

95.7 

2.0 

.563 

3. 14 

47.2 

7.9 

107.7 

2.8 

.  539 

_ 

3.01 

50. 1 

-7. 1 

105.4 

3.0 

.429 

3.  67 

37.  1 

17.  1 

122.6 

3.2 

.449 

-2. 94 

50.3 

-2. 1 

106.2 

4.4 

-.416 

-3.  59 

47.3 

2.  1 

103.8 

3.7 

-.  520 

-3.  04 

50.  6 

-8.7 

109.3 

3.7 

-.418 

-2. 80 

50.5 

4.3 

107. 1 

4.5 

-.392 

-2. 80 

51.6 

1.4 

103.  9 

3.0 

-.404 

-3.41 

49.5 

0 

99.  4 

9  9 

-.515 

-2.  74 

53. 1 

-4.  1 

103.  5 

3.0 

-.397 

-2.  75 

45.2 

4.8 

102.2 

3.  1 

-.404 

3. 07 

46.2 

-.4 

123.4 

3. 1 

.374 

3.61 

41.4 

1.  2 

119.4 

2.6 

.  454 

3.21 

42.  2 

6.6 

129.4 

3.0 

.372 

3. 06 

47.7 

-2. 1 

124.3 

2.9 

.370 

2.  78 

52.8 

-1.8 

104. 1 

3.2 

.401 

3.  32 

43.9 

-1.  1 

108.0 

3.  1 

.462 

3.21 

50.4 

-3.5 

114.8 

2.6 

.420 

3.  57 

46.  5 

14.3 

132.3 

2.4 

.405 

4  F4B-4  fin  and  rudder,  carrier  overload,  stabilizer  low. 

5  F4B-2  fin  and  rudder,  normal  +  radio  +  raft  load,  stabilizer  low. 

6  F4B-3  fin  and  rudder,  carrier  overload,  stabilizer  low. 


pitching  moment  alone.  Spinning-balance  tests  on  a 
model  of  this  airplane  with  F4B-4  surfaces  (reference 
1)  showed  that  at  an  angle  of  attack  of  46°48'  deflect¬ 
ing  the  elevator  from  up  to  down  increased  the  diving 
moment  and  had  practically  no  effect  on  the  yawing 
moment.  As  there  was  very  little  change  in  sideslip 
angle  for  these  tests  the  theory  in  its  simple  form 
applies.  (See  reference  7.)  For  the  tests  with  the 
surfaces  in  the  high  position  it  should  be  noted  that 
there  were  components  of  aerodynamic  moments 
acting  that  did  not  exist  with  the  horizontal  surfaces 
in  the  low  position.  From  the  tests  of  reference  2  it 
may  be  seen  that  probably  the  pitching  moment 
produced  by  putting  the  elevator  down  was  slightly 
less  and  an  appreciable  component  of  interference 
yawing  moment  opposing  the  spin  was  produced 
where  the  elevator  was  put  down,  although  there  are 
no  direct  measurements  available  to  show  the  magni¬ 
tudes  of  these  effects.  Such  moment  differences 
combined  with  the  particular  mass  properties  of  the 
subject  airplane  seem  to  be  consistent  with  the 
observed  results. 

Setting  the  controls  neutral  caused  a  decrease  in 
angle  of  attack  and  increase  in  rate  of  rotation.  In 
this  case,  data  are  available  (reference  1)  which  show 
that  diving  moment  and  damping  yawing  moment  are 
produced.  The  increase  of  rate  of  rotation  results 
from  the  increased  diving  moment,  and  the  decreased 
angle  of  attack  follows  as  a  consequence  of  the  changes 
in  both  pitching  and  yawing  moments. 

Reversing  the  rudder  caused  a  very  high  rate  of 
rotation,  low  angle  of  attack,  and  large  angle  of  inward 
sideslip.  These  results,  provided  that  it  was  known 
that  the  spin  could  be  made  to  continue  with  rudder 
reversed,  could  all  have  been  predicted  qualitatively 
from  the  charts  in  reference  7  showing  the  general 


relations  of  the  spin  parameters.  As  a  matter  of  fact, 
it  was  very  difficult  with  the  F4B-4  fin  and  rudder 
to  make  the  spin  continue  with  rudder  reversed  and 
it  was  only  after  many  attempts  that  the  one  spin 
from  which  these  results  were  obtained  was  success¬ 
fully  made.  Spins  with  rudder  reversed  were  more 
easily  obtained  with  the  smaller  F4B-2  fin  and  rudder 
and  the  same  general  results  were  observed  in  the 
steady  spin  as  with  the  larger  rudder.  This  relation 
between  the  ease  of  continuing  the  spin  with  rudder 
reversed  for  the  two  rudders  tested  in  flight  has  been 
found  to  hold  also  when  comparing  the  results  of  the 
model  tests  (reference  1).  The  results  of  the  model 
tests  indicated  that  it  should  be  possible  to  continue 
the  spin  with  rudder  reversed  as  easily  as  with  the 
rudder  set  with  the  spin  in  the  case  of  the  F4B-2 
fin  and  rudder;  whereas  in  the  case  of  the  F4B-4 
fin  and  rudder  the  possibility  of  continuing  the  spin 
with  rudder  reversed  would  be  less  likely  than  in  the 
former  case. 

The  effect  of  deflecting  the  ailerons  full  with  and 
against  the  spin  varied  in  some  respects  with  the  posi¬ 
tion  of  the  horizontal  tail  surfaces.  In  all  the  tests, 
deflecting  ailerons  with  the  spin  caused  inward  side¬ 
slip  and  deflecting  them  against  the  spin  caused  out¬ 
ward  sideslip  as  compared  with  the  corresponding  val¬ 
ues  for  ailerons  neutral.  In  the  two  groups  of  tests 
(two  different  loading  conditions)  with  the  stabilizer 
in  its  low  position,  the  angle  of  attack  was  diminished 
by  deflecting  the  ailerons  with  the  spin  and  was  held 
constant  or  slightly  increased  by  deflecting  the  aile¬ 
rons  against  the  spin.  With  the  stabilizer  in  the  in¬ 
termediate  position,  the  angle  of  attack  was  constant 
for  all  three  of  the  aileron  settings  and  with  the  sta¬ 
bilizer  in  the  high  position,  the  change  in  angle  of 
attack  with  aileron  deflection  was  opposite  to  that 
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previously  stated  for  the  stabilizer  in  the  low  posi¬ 
tion.  These  effects  are  attributable  to  changes  in 
moments  from  two  sources;  namely,  the  changes  in 
rolling  and  yawing  moment  of  the  wings  as  a  result  of 
aileron  deflection  and  the  change  in  yawing  moment 
of  the  tail  as  a  result  of  sideslip  changes.  For  example, 
when  the  ailerons  are  set  with  the  spin  the  outer  aileron 
is  deflected  downward  producing  rolling  moment  with 
the  spin  and  yawing  moment  opposing  the  spin.  The 
rolling  moment  with  the  spin  causes  inward  sideslip, 
as  consistently  occurred  in  the  tests.  The  inward 
sideslip  would  decrease  the  damping  yawing  moment 
produced  by  the  tail  but,  in  the  tests  with  stabilizer 
in  the  low  position,  the  damping  yawing  moment  of  the 
ailerons  was  evidently  greater  than  the  loss  of  damping 
yawing  moment  of  the  tail  due  to  change  in  sideslip 
with  the  result  that  the  angle  of  attack  decreased. 
W1  len  the  stabilizer  was  in  the  intermediate  position, 
the  increase  of  damping  yawing  moment  from  the  aile¬ 
rons  was  probably  about  equal  to  the  loss  at  the  tail 
with  the  result  that  the  angle  of  attack  did  not  change; 
whereas,  with  the  stabilizer  in  the  high  position,  the 
loss  of  damping  yawing  moment  produced  by  the  tail 
was  probably  greater  than  the  increase  of  moment 
produced  by  the  ailerons.  The  results  reported  in 
reference  2  indicate  that  this  supposed  difference  of 
tail  yawing  moment  due  to  sideslip  for  the  three  stabil¬ 
izer  positions  is  not  only  possible  but  probable  because 
the  tail  yawing  moment  due  to  sideslip  was  found  to 
increase  continually  as  the  stabilizer  was  moved  to 
higher  positions. 

Recovery  from  a  spin  in  which  the  elevator  had 
been  held  down  for  some  time  or  from  a  normal  spin  in 
which  recovery  was  made  by  leading  the  control  dis¬ 
placements  with  elevator  down  was  found  to  require 
more  turns  than  comparable  recoveries  started  with 
elevator  up  or  neutral.  When  the  stabilizer  and  ele¬ 
vator  were  in  the  normal  (low)  position,  displacing 
the  ailerons  against  the  spin  at  the  moment  the  other 
controls  were  moved  for  recovery  made  recovery  slow¬ 
er,  and  displacing  ailerons  with  the  spin  slightly  aided 
recovery.  When  the  stabilizer  and  elevator  were  in 
the  high  position,  the  effect  of  aileron  displacement 
during  the  recovery  was  opposite  to  the  effect  when  the 
horizontal  surfaces  were  in  the  low  position;  with  the 
surfaces  in  the  intermediate  position  there  was  little 
difference  in  the  turns  required  for  recovery  when 
ailerons  were  deflected  either  way.  These  results 
seem  to  be  directly  related  to  the  position  of  the  stabil¬ 
izer  and  elevator  but,  at  present,  there  is  not  enough 
known  about  the  magnitudes  of  the  moments  pro¬ 
duced  by  the  ailerons  and  by  the  different  forms  of 
tail  to  furnish  an  explanation  of  the  experimental 
results.  It  is  evident,  however,  that  in  a  general  way 
the  effects  of  control  displacement  as  observed  for 
steacty  spins  and  for  recoveries  are  similar. 

The  results  of  model  tests  (reference  1)  seem  to  be 
in  partial  qualitative  agreement  with  the  flight  results. 


With  the  small  fin  and  rudder  it  appears  that  putting 
the  elevator  down  and  reversing  the  rudder  would 
actually  diminish  the  damping  yawing  moment; 
whereas  with  the  F4B-4  fin  and  rudder  this  procedure 
would  increase  the  damping  yawing  moment.  The 
pitching-moment  change  in  each  case  would  be  about 
the  same.  Had  the  elevator  been  held  neutral  and 
the  rudder  reversed,  the  model  tests  would  indicate 
a  substantial  increase  in  damping  yawing  moment  for 
each  case,  the  stronger  increase  for  the  large  fin  and 
rudder.  In  the  flight  tests  with  the  F4B  4  fin  and 
rudder  this  method  of  recovery  was  almost  the  best, 
being  only  slightly  inferior  to  reversing  the  rudder 
and  letting  the  stick  float  freely.  Since  the  elevator 
floated  about  half-way  between  neutral  and  up,  the 
two  best  conditions  measured  on  the  spinning  balance, 
it  could  be  expected  that  had  this  position  been  tested 
with  the  model  it  might  have  given  better  results  than 
did  either  the  elevator-neutral  or  elevator-up  positions. 

Some  features  of  the  model  results,  on  the  other 
hand,  were  not  borne  out  by  the  flight-test  results. 
The  model  results  indicated  that  recovery  by  the 
normal  method  would  have  been  quite  impossible  for 
the  small  fin  and  rudder.  They  also  indicated  that 
recovery  would  be  most  likely  with  controls  neutral. 
In  the  flight  tests  with  the  F4B-2  fin  and  rudder  recov¬ 
ery  was  definite  only  by  the  normal  method,  that  is, 
by  reversing  the  rudder  and  putting  the  stick  forward; 
whereas  with  controls  neutral,  recovery  never  was 
obtained  for  right  spins  and  was  slow  for  left  spins. 
The  discussion  in  reference  1  has  already  pointed  out 
that  there  is  a  discrepancy  between  the  model  results 
and  the  flight  results  for  the  steady  spin.  Disregard¬ 
ing  the  actual  errors  in  the  spinning-balance  measure¬ 
ments,  it  must  be  remembered  that  they  were  made 
under  steady  conditions.  The  forces  that  act  during 
transition  from  one  steady  state  to  another  may,  it 
seems,  have  an  important  effect  on  recovery. 

Attempts  to  produce  unusual  spins. — The  previously 
mentioned  attempts  to  produce  unusual  spins,  in 
which  entries  were  made  from  many  maneuvers  and 
an  effort  in  each  case  was  made  to  force  the  airplane 
into  spins  different  from  the  normal  type,  produced 
no  effects  that  could  not  be  attributed  to  the  unusual 
positions  of  the  controls.  The  airplane  always  return¬ 
ed  to  the  normal  spin  as  soon  as  the  controls  were 
returned  to  their  normal  position.  In  its  original 
condition  the  airplane  could  be  made  to  spin  in  such  a 
manner  that  the  recovery  was  impossible  without 
first  returning  to  the  normal  spin;  but  when  the  fin 
area  or  fin  efficiency  was  increased,  this  tendency 
rapidly  diminished  until  the  last  condition  (stabilizer 
in  high  position),  in  which  recovery  would  follow  soon 
after  placing  the  controls  in  neutral.  With  reference 
to  the  use  of  engine  power  during  the  spin,  it  is  not 
likely  that  pilots  would  care  to  apply  as  much  power  as 
that  used  in  the  special  tests  described  in  an  earlier 
part  of  this  report,  because  of  the  severe  discomfort 
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produced  by  propeller  vibration.  There  is  little 
likelihood,  therefore,  that  under  service  conditions 
dangerous  spins  would  develop  with  any  of  the  large 
fin  and  rudder  combinations. 

Control  manipulation  and  dangerous  spins. — For 
some  time  after  the  airplane  was  received  the  spins 
with  the  small  fin  and  rudder  (F4B-2)  did  not  seem 
to  be  particularly  dangerous,  recovery  always  being 
possible  in  between  2  and  3  turns.  This  result  was 
unexpected  as  several  occasions  had  been  reported  in 
which  this  type  of  airplane  had  developed  spins  from 
which  recovery  was  impossible.  One  of  the  tests,  how¬ 
ever,  in  which  the  pilot  was  asked  to  observe  the  effect 
of  placing  the  controls  in  other  than  the  usual  position, 
produced  a  spin  from  which  recovery  was  very  slow. 
A  few  days  later  under  somewhat  similar  circumstances 
one  of  the  pilots  (Mr.  M.  N.  Gough)  got  into  a  spin 
which  appears  to  have  been  very  dangerous.  His 
statement  of  the  circumstances  follows: 

For  this  test  the  airplane  had  the  original  service  tail  surfaces 
and  the  fin  was  in  a  neutral  position,  the  loading  corresponding 
to  that  of  normal-)- radio  +  raft.  At  an  altitude  of  10,000  feet 
the  propeller  was  stopped  and  a  spin  to  the  right  started. 
After  approximately  800  feet  the  controls  were  placed  in  a  neu¬ 
tral  position  and  the  spin  was  assumed  to  be  steady  after  an 
additional  500  feet.  At  this  altitude  the  instruments  were 
started  to  record  1,000  feet  of  steady  spin,  as  had  been  requested. 

During  this  time  it  was  noted  that  the  force  required  to  main¬ 
tain  the  rudder  in  a  neutral  position  was  very  small  and,  on 
completion  of  the  record,  it  was  decided  to  determine  something 
further  regarding  the  spin  rather  than  to  recover  immediately. 
With  the  stick  still  in  the  neutral  position,  the  rudder  was  fully 
reversed,  very  little  force  being  required,  and  the  spin  continu¬ 
ing  apparently  unaffected.  The  force  required  to  hold  the  stick 
in  neutral  was  considerable  and,  when  it  was  relieved,  the  stick 
came  back  against  the  seat  with  a  very  slight  tendency  for  the 
ailerons  to  move  with  the  spin. 

The  rudder  was  still  reversed  and  no  change  in  attitude  could 
be  detected.  It  was  then  a  question  as  to  whether  the  airplane 
would  recover  if  all  the  controls  were  free.  This  method  was 
tried  and  it  was  found  that  the  rudder  merely  oscillated  between 
a  neutral  position  and  against  the  spin.  The  stick  remained  in 
the  aft  position  and  no  attitude  change  was  detected.  The 
spin  was  very  smooth  with  the  wings  practically  level. 

It  was  then  decided  to  recover  from  the  spin,  so  the  stick  was 
placed  in  a  forward  position  and  the  rudder  fully  reversed. 
There  is  some  question  as  to  the  position  of  the  stick.  It  was 
probably  not  much  beyond  neutral  and  surely  not  to  the  full 
forward  position,  which  requires  special  exertion.  At  least  it 
was  well  forward,  but  there  was  no  change  in  the  attitude  of  the 
spin  after  4  turns. 

The  controls  were  then  returned  to  the  normal  position  for 
the  right  spin  and  the  situation  studied.  It  was  quite  clear  that 
the  rudder  was  of  little  or  no  value  and  that  the  stick  forward 
had  produced  no  results.  There  was  just  one  thing  left,  and 
that  was — ailerons  with  the  spin.  Without  delay  this  was 
tried.  The  rudder  was  reversed,  stick  forward,  and  the  ailerons 
placed  with  the  spin.  After  about  3  turns  a  slight  down¬ 
ward  pitching  of  the  nose  indicated  approaching  recovery, 
which  came  after  about  4  turns,  being  completed  at  an  alti¬ 
tude  of  4,200  feet. 

The  request  called  for  three  spins  and,  since  this  was  the  first 
one,  two  others  were  made  with  a  confident  feeling  that  recovery 
could  be  made  by  use  of  ailerons,  as  in  the  former  case.  This 
nroved  to  be  true,  but  4  to  6  turns  were  required. 
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These  and  other  similar  reports  show  clearly  two  or 
three  very  important  points  with  regard  to  dangerous 
spins.  In  the  first  place,  it  is  possible  that  an  airplane 
may  have  dangerous  spin  characteristics  that  might  he 
entirely  overlooked  in  a  routine  spin  trial  because  set¬ 
ting  the  controls  for  a  normal  spin  and  holding  them 
there  might  not  develop  the  dangerous  spin,  as  actually 
happened  in  the  case  of  this  airplane.  Then  spinning 
the  airplane  with  controls  set  in  some  other  position 
than  fully  with  the  spin,  such  as  might  be  done  thought¬ 
lessly  or  by  a  pilot  desiring  to  be  cautious,  might 
develop  a  spin  from  which  recovery  was  possible  only 
by  returning  the  controls  to  the  normal  spin  condition, 
waiting,  and  then  applying  them  smartly  and  fully 
against  the  spin.  For  the  subject  airplane  it  seemed 
that  moving  the  rudder  to  neutral  or  slightly  against 
the  spin  had  the  greatest  effect  in  producing  the  dan¬ 
gerous  spin,  but  moving  the  stick  forward  or  deflect¬ 
ing  ailerons  against  the  spin  had  a  bad  influence  as 
well. 

Some  further  observations  might  be  noted.  During 
these  tests  it  was  observed  that  as  the  fin  area  or  the 
fin  efficiency  was  increased  the  very  unpleasant  oscil¬ 
lations,  which  almost  always  occurred  in  the  spins  with 
the  original  tail  surfaces,  were  diminished  in  intensity 
and  frequency  of  occurrence  until  there  was  no  tend¬ 
ency  to  oscillate  steadily  with  the  raised  surfaces. 
This  characteristic  of  the  spin  has  some  bearing  on  the 
danger  involved  since  the  unsteady  rotation  is  usually 
very  confusing  to  a  pilot.  It  was  further  observed 
that  as  the  spinning  characteristics  were  improved  by 
the  changes  made  to  the  fin,  rudder,  and  horizontal 
surfaces,  the  quantitative  differences  between  succes¬ 
sive  similar  tests  varied  through  a  narrower  range, 
especially  with  regard  to  turns  required  for  recovery. 
Hence,  lack  of  agreement  between  results  of  repeated 
similar  spin  tests  may  be  indicative  of  the  inherent 
tendency  of  an  airplane  to  produce  dangerous  spins. 

TIME  HISTORIES 

Several  time  histories  of  spin  parameters  are  pre¬ 
sented  for  future  study  of  the  stability  of  spinning 
motion  as  well  as  for  comparison  with  theoretical  pre¬ 
dictions  regarding  the  effects  of  applied  moments.  All 
the  spins  here  plotted  are  right  spins.  It  should  be 
noted  that  the  force  curves  measure  the  inertia  forces 
at  the  accelerometer  location  rather  than  at  the  center 
of  gravity.  In  order  to  refer  the  forces  to  the  center 
of  gravity,  the  terms  rXc,  Yc,  and  Zc  must  be  added  to 
X,  Y,  and  Z,  respectively,  where 

Xc = ~  [  zpr + ypq — .r  (r2  +  q2 ) } 

Yc = ~[xpq  -{-  zqr  y  (p2  +  r2)  1 

Zc=^[yrq + xrp  —  z  (q2 +p2)  ] 
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x,  y,  and  2  being  the  coordinate  distances  of  the  three 
accelerometer  elements  from  the  center  of  gravity. 
These  coordinate  distances  for  the  spins  recorded  in 
the  time  histories  (figs.  5  to  12)  are  given  in  the  fol¬ 
lowing  table: 


Time  history  figure  no. 

X 

V 

2 

Feet 

Feet 

Feet 

-1.021 

-0.  104 

-0.  681 

6...  _ _ _ 

-1.020 

-.  104 

-.864 

-1.048 

-.  104 

-.622 

8.  _ _ 

-.  987 

104 

-.858 

9 

-.987 

-.  104 

— .  858 

10..  _  _ 

-1.005 

-.  104 

-.613 

11__  _ 

-1.057 

-.  104 

-.  622 

12 

-1.021 

-.  104 

-.  681 

Several  characteristics  of  the  time-history  curves 
may  be  correlated  with  the  pilots’  observations.  For 


Figure  5.— Time  history;  stick  forward,  approximately  stripped  loading, 
F4B-3  fin  and  rudder. 

example,  it  was  found  that  entry  into  a  right  spin 
required  more  care  and  attention  than  entry  into  a  left 
spin  because  in  the  former  case  there  was  a  tendency 
for  the  airplane  to  break  out  of  the  spin  before  the 
rotation  had  been  established.  Inflections  near  the 
start  of  the  angular-velocity  records  correspond  to 
this  break  in  the  motion.  The  unsteadiness  in  forces 
and  angular  velocities  continues  to  be  noticeable  to 
the  pilot  for  about  three  turns.  The  accelerometer 
records  show  that  the  largest  accelerations  (particu¬ 
larly  the  transverse  component)  are  experienced  just 
before  the  motion  becomes  steady,  and  the  pilots 


report  being  strongly  held  over  in  the  corner  of  the 
cockpit  during  this  time. 

Recovery  is  always  accompanied  by  the  following 
phenomena.  After  the  controls  are  displaced  for 
recovery  the  resultant  angular  velocity  at  first  in¬ 
creases  somewhat  while  the  yawing  angular  velocity 
remains  constant.  Then  the  yawing  angular  velocity 
drops  and  so,  too,  do  the  others.  Recovery  follows. 
The  course  of  the  angular-velocity  curves  during  re¬ 
covery  suggests  that  the  characteristic  of  the  motion 
that  most  definitely  indicates  the  beginning  of  recovery 
is  the  falling  off  of  yawing  angular  velocity. 

The  flight  records  obtained  in  this  investigation  were 
examined  to  determine  the  degree  of  agreement  be¬ 
tween  them  and  the  predictions  of  the  computations 
made  in  reference  10.  In  this  reference,  with  the 
assumption  of  constant  stability  derivatives,  the 
immediate  effect  of  changes  in  some  of  the  parameters, 
as  by  application  of  pure  applied  pitching,  rolling,  and 
yawing  moment,  was  determined.  Time  histories 
similar  to  those  presented  herein  were  given. 

The  following  tabulation  shows  the  immediate  effects 
of  changes  in  some  of  the  spin  parameters  as  given  in 
reference  10.  The  effects  of  increasing,  in  a  positive 
sense,  the  value  of  the  parameters  is  given,  and  the 
effects  of  decreasing  the  value  of  the  parameters  may 
be  obtained  by  reversing  the  signs  of  the  effects  noted. 


Parameter  When  increased  (made  positive)  results  in 

12,  angular  velocity _ Positive  sideslip,  increased  rate  of 

rolling 

a,  angle  of  attack _ Positive  sideslip 

13,  angle  of  sideslip _ Decreased  angle  of  attack,  decreased 

rate  of  rolling 

L,  rolling  couple _ Increased  rate  of  rolling,  positive 

sideslip 

M,  pitching  couple _ Increased  rate  of  pitching,  increased 

angle  of  attack  or  decreased  rate 
of  rotation,  positive  sideslip 

iV,  yawing  couple _ Increased  rate  of  yawing,  negative 

sideslip,  decreased  rate  of  rolling 


For  the  case  of  applied  negative  pitching  moment 
the  computations  predict  that  p  begins  to  rise,  q  falls 
somewhat,  r  rises  slightly,  and  f>  increases  to  maintain 
angle  of  attack  at  about  a  constant  value.  Again,  for 
the  application  of  damping  yawing  moment,  the  pre¬ 
diction  is  that  p  tends  to  be  maintained,  q  falls  oil 
slightly,  and  r  falls  off  steadily  accompanied  by  oscilla¬ 
tions  in  q,  a,  and  /3.  The  effect  of  a  damping  rolling 
couple  would  be  to  reduce  p,  causing  negative  sideslip 
leading  to  increased  angle  of  attack  and  being  followed 
by  oscillations. 

The  comparable  time  histories  obtained  with  the 
F4B-2  airplane  show  fairly  good  agreement.  In  the 
case  shown  in  figure  5,  stick  forward  leads,  as  expected, 
to  increases  in  p  and  SI,  a  slight  increase  in  r  and  a 
decrease  in  q.  The  effect  of  sudden  rudder  reversal 
(fig.  G)  was  to  decrease  r  while  p  and  q  increased.  The 
increase  in  q  is  contrary  to  the  prediction  in  reference 
10.  Slow  rudder  reversal  (fig.  7),  not  directly  com- 
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Figure  6. — Time  history;  rudder  against  spin,  carrier  overload,  F4B-3  fin  and 

rudder. 


Figure  7. — Time  history;  slow  rudder  reversal,  normal+radio+life  raft  load, 
modified  elevator,  F4B-4  fin  and  rudder. 
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Figure  8 — Time  history;  ailerons  with  spin,  carrier  overload,  F4B—  1  fin 

and  rubber. 


Figure  9. — Time  history;  ailerons  against  spin,  carrier  overload,  F4B-4  fin 

and  rudder. 
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Figure  10. — Time  history;  ailerons  and  rudder  neutral,  elevator  three-fourths  up, 
approximately  normal  loading,  F4B-4  fin  and  rudder. 
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Figure  12.— Time  history;  controls  against  and  released,  approximately  stripped 
loading,  FIB-3  fin  and  rudder. 


Figure  11.— Time  history;  normal  recoveiy,  normal+radio-flife 
raft  load,  F4B-4  fin  and  rudder. 
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parable  with  the  cases  treated  in  the  reference,  led  to 
sudden  increase  in  p,  q,  r,  and  12.  After  the  rudder 
was  two-thirds  of  the  way  to  neutral,  oscillations  fol¬ 
lowed,  leading  to  recovery.  Although  there  is  no  full- 
scale  example  of  applied  pure  rolling  couples,  the  effects 
of  jointly  applied  rolling  and  yawing  couples,  one  aid¬ 
ing  and  the  other  opposing  the  spin,  are  seen  in  figures 
8  and  9.  Ailerons  set  with  the  spin  raised  the  outer 
wing  tip;  whereas  ailerons  set  against  the  spin  lowered 
it.  In  both  cases,  however,  the  yawing  angular 
velocity  r  was  increased.  The  large  increase  for  the 
ailerons  against  the  spin  is  due  to  the  predominating 
effect  of  the  yawing  moment  with  the  spin. 

The  time  histories  of  the  simultaneous  effects  of 
several  control  movements,  because  of  the  complex 
mutual  interaction,  cannot  be  analyzed  simply  in 
terms  of  the  predictions  of  reference  10. 

The  spin  shown  in  figure  10  was  made  with  the  rud¬ 
der  and  ailerons  neutral  and  the  elevator  three-quarters 
of  the  way  from  neutral  to  full  up.  This  condition 
corresponds  to  the  previous  case  of  sudden  rudder 
reversal  shown  in  figure  0  except  that  the  rudder  is 
merely  neutralized.  As  before,  p,  q,  and  12  increase  but 
r,  instead  of  falling  off,  remains  constant.  This  result 
is  to  be  expected  when  the  rudder  is  not  fully  reversed. 
A  normal  recovery  (fig.  11)  had  the  rudder  reversed, 
stick  half  of  full  forward,  and  ailerons  about  neutral. 
In  this  case  12  and  p  increased  while  r  and  q  decreased 
and  q  became  negative,  indicating  that  the  outer 
wing  tip  was  below  the  horizontal.  From  the  theory, 
both  of  the  individual  effects  would  tend  to  increase 
p  and  decrease  q.  The  rudder  effect  predominated  in 
causing  r  to  fall  off  steadily.  Figure  12  shows  the 
effect  of  setting  the  controls  against  the  spin,  suddenly 
followed  by  releasing  them.  In  agreement  with  the 
previous  case,  q  and  r  fell  off,  q  became  negative,  while 
12  and  p  increased.  On  being  released  all  the  controls 
swung  back  through  the  neutral  position  but  the  pre¬ 
viously  initiated  movements  of  the  airplane  continued, 
except  that  q  stopped  falling  and  became  positive. 
Recovery  followed  in  this  case.  This  seemingly  is  an 
example  of  the  commonly  reported  occurrence  in  which 
recovery  ensued  after  the  pilot  had  prepared  to  abandon 
the  airplane.  A  number  of  instances  of  recovery  with 
controls  free  were  observed  during  these  tests  but  in 
no  case  did  the  pilot  stand  up,  showing  that  release  of 
the  controls  rather  than  change  of  moments  of  inertia 
or  air-flow  conditions,  as  has  sometimes  been  supposed, 
was  probably  the  reason  for  recovery  when  the  pilot 
stood  up. 

CONCLUSIONS 

1.  Loading  conditions  had  little  effect  on  recoveries 
or  steady  spins. 

2.  Increasing  the  fin  area  progressively  increased  the 
ease  of  recovery  and  eliminated  the  oscillations  in  the 
steady  spin. 


3.  A  special  elevator  modified  to  give  more  clearance 
around  the  rudder  produced  only  very  slight  improve¬ 
ment  in  recoveries  and  little  change  in  the  spin. 

4.  Raising  the  horizontal  tail  surfaces  had  the 
greatest  beneficial  effect  in  promoting  recovery,  per¬ 
mitting  very  rapid  recoveries  even  with  control  surfaces 
neutral. 

5.  Control  position  had  the  usual  effects  on  the 
steady  spin  except  that  with  the  raised  stabilizer  the 
effects  of  ailerons  were  opposite  to  the  effects  usually 
observed  and  to  the  effects  observed  on  this  airplane 
with  the  stabilizer  in  its  original  position.  Application 
of  separate  controls  produced  immediate  changes  in 
the  spin  generally  in  agreement  with  step-by-step 
computations  assuming  constant  stability  derivatives. 

G.  Of  the  many  control  manipulations  tried  for  re¬ 
covery,  reversed  rudder  and  stick  free  seemed  to  be 
best  where  the  larger  fins  were  used,  although  with 
raised  stabilizer  the  controls  had  to  be  operated  with 
care  to  avoid  too  rapid  recoveries. 

7.  Conclusions  from  spinning-balance  tests  regarding 
effect  of  fin  size  were  in  qualitative  agreement  with 
corresponding  flight  results. 

8.  The  dangerous  spins  were  developed  with  the 
small  (F4B-2)  fin  and  rudder  by  allowing  the  controls 
to  assume  a  position  near  or  toward  neutral  for  some 
time  before  attempting  recovery. 

9.  The  enlarged  fins  and  raised  stabilizer  arrange¬ 
ments  had  slight  effects  on  the  flying  characteristics 
of  the  airplane  in  normal  and  acrobatic  maneuvers, 
but  none  of  the  changes  were  considered  undesirable 
and  some  were  considered  desirable. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  February  12,  1935. 
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TABLE  I.— PROPERTIES  OF  AIRPLANE 


Test  no.1 

Tail  surfaces 

Loading 

Weight 

during 

spin 

Momeatal  ellipsoid 
constants 

c.  g. 
posi¬ 
tion  in 
percent 
mean 
chord 

Control  setting 

Fin 

Rudder 

Elevator  and 
stabilizer 

A 

B 

C 

Slug- 

Slug- 

Slug- 

Pounds 

feet 2 

feet 2 

feet 2 

15R:  1,  2,  3,  4 . 

B-4.  _  _ 

B-4 _ 

B-2.. 

Approximate  stripped 

2,  728 

1,041 

1,876 

2. 457 

31. 3 

Normal.2 

16K:  1,  2,  3,  4 _ 

_ do _ 

2  79X 

1  041 

2  4r)7 

94  9 

lAn 

23  R-  7,  8,  9,  10 _ 

_ do _ _ _ 

.  ..do _ 

_ do _ _ 

_do.3 

9*  79ft 

1  04i 

]  §70 

9  4^7 

94  9 

2(1  R:  3,  5,  7 _ 

_ do _ 

...do _ 

_ do _ 

Normal _ 

2!  809 

1,’  075 

1.801 

2, 383 

31.  1 

Do. 

27 R:  3,  4,  5,  6 - 

_ do _ 

...do _ 

_ do _ 

Normal -f-radio+raft ... 

2,  915 

1,  078 

1.876 

2,  455 

33.2 

Do. 

36R:  1  _ 

_ do...  _  ... 

..do _ 

_ do..  ... 

Carrier  overload 

ft  ft41 

1  132 

]  934 

94  6 

1  36  R:  2 . . 

_ do _ 

.  ..do _ 

_ do _ 

ft*  ft41 

1  1ft9 

1  Q34 

9  400 

34  6 

36R:  3'. _ _ 

....do _ 

...do _ 

_ do _  _ _ 

_ do _ 

3’  341 

l’  132 

1  934 

2  460 

4  6 

36 R:  3,  4 _  ... 

_ do _ 

...do _ 

_ do _ 

- do _ 

3,  341 

1, 132 

1,934 

2!  460 

34!  6 

Normal. 

37  R:  1,  3,  5.  7 - 

do 

...do _ 

_ do . . 

_ do _ 

3,341 

1,  132 

i,  934 

2,  460 

34.6 

Do. 

!  47 R:  1,  2,  3,  4 

B  3 

B-3. 

_ dn 

Normal rad  io-(-rafr 

9  QOS 

1  077 

1  841 

9  421 

32  5 

Do 

49R:  1,'  2,  3’  4 _ 

_ do _ 

_.  do _ 

_ do  _  _ _ 

Carrier  overload 

ft,’  334 

]  1  ft  1 

1  ftQQ 

2  426 

ft4  0 

Do 

49  R:  4' _ 

.do 

..-do _ 

_ do _ 

_ do.. . 

3, 334 

1,  131 

1’,  899 

2,  420 

34M 

Rudder  reversed. 

49  R:  5  .  . 

_ do. _ 

...do _ 

. ..  _  _  _do _ 

do 

3,  334 

1  lftl 

1  ftQQ 

2  426 

34  0 

49  R:  o' _ _ 

_ do _ 

.  ..do _ 

3, 334 

1, 131 

1  899 

2  426 

34  0 

A58R:  2,  5,  6 _ 

B-4.. . . . 

B-4 _ 

Modified  elevator4 

Normal+radio-f  raft 

2,  913 

1,  078 

1  866 

2  445 

33  2 

59R:  1,  3,  11  . 

_ do.. . . 

...do _ 

_ do _ 

_ do 

2,913 

1,  078 

1  866 

2  445 

ft  ft  2 

Do 

59 R:  lift _ 

_ do _ 

.  ..do _ 

_ do _ 

. do 

2,  913 

1,  078 

1, 866 

2,  445 

33  2 

71 R:  3,  11. _ 

B-2 _ 

B-2  5.... 

B-2 _ 

Approximate  carrier 

316 

1, 124 

1,893 

2,  427 

34. 1 

Normal. 

overload. 

71R:  11'  _  _ 

,_do _  _ 

.  do.5... 

_ .  do.  _  _ 

-  __do 

3,316 

1, 124 

1,  893 

2,  427 

34.  1 

73R:  1,  3,  5,  7,  11.. 

B-4 _ 

B-4  6.... 

Modified  elevator 

Carrier  overload 

3, 339 

L  132 

1,  924 

2,  450 

34. 4 

Normal. 

73R:  11' _ 

..do.  _ 

.  .do.6 _ 

_ do... . . 

_ do . . 

3,  339 

1,  132 

1,  924 

2,  450 

34. 4 

Controls  neutral. 

83R:  1,  3,  5,  7,  9-__ 

B-4+fin  no.  3 _ 

.  .do _ 

B-2 _ 

_ do._. 

3!  350 

1,  133 

L  950 

2,  475 

35. 0 

Normal. 

83R:  9' . . . 

..  ..do _  _ 

...do _ 

_ do _  .  ...  _ 

.  ..do  . 

3,350 

L  133 

L950 

2, 475 

35.0 

Controls  neutral. 

86R:  1,  2,  3 . ._ 

B-4  neutral 

_  do... 

_ do... 

Normal  -rradio-j-  raft 

2,  915 

1,  078 

1, 876 

2,  455 

33. 2 

B85R:  1,  2,  3 . - 

__  __do _ 

,._do _ 

_ do _ 

_ do... 

2,  915 

l’  078 

1,876 

2, 455 

33. 2 

Normal. 

87R:  2 _ 

_ do _  _ 

,__do _ 

_ do. _ 

_ do... 

2,  915 

L  078 

1,876 

2, 455 

33.2 

Rudder  reversed. 

89R:  1,  2,  3 _ 

do... 

.  do . 

_ do _ 

_ do._ 

2^  915 

1,078 

1,876 

2, 455 

33. 2 

Normal. 

A89R:  1,  2,  3 _ 

do 

do _ 

.  ...do _  _ 

_ _ do  — 

2,915 

1,078 

1,  876 

2, 455 

33. 2 

Do. 

90R:  1,  2,  3  . . 

B-4  neut.+fin  no. 

do _ 

__  __do _ 

_ do 

2,  930 

1,  080 

l’  912 

2,  489 

34. 1 

Do. 

91 R:  1.. 

2. 

13-2.  _ 

B-2  . 

_ do _ 

_ do... _ 

2,  905 

1,077 

1,827 

2,  407 

32.3 

Do. 

93R:  1,  2,  3 _ 

do _  _ _ _ 

..  do _ 

_ do _ 

_ do _ _ 

2.  905 

1,077 

1,827 

2,  407 

32.  3 

Do. 

95  R:  1  . 

B-2  neutral 

_  do _ 

_ do _ 

_.  -do... 

2, 905 

1,077 

1,827 

2,  407 

32.3 

Do. 

B95R:  1,  2,  3 _ 

__do _ _ 

_ do _ 

_ do _ 

_ do _ 

2, 905 

1,077 

1,827 

2,  407 

32.3 

Controls  neutral. 

95  R:  1' _ 

.do  _ 

___do _ 

_ do . . . 

_ do... _ _ 

2,  905 

1,  077 

1,827 

2,  407 

32.3 

Do. 

96  R:  1,  2,  3 

B-4  neutral 

B-4 

_  .do _ 

_ _do _ 

2,915 

1,078 

1,876 

2,  455 

33.2 

Ailerons  with  spin. 

97R:  1..' _ 

_ .do _ 

...do _ 

_ do _ 

. do _ _ - 

2,915 

1,078 

1,  876 

2,  455 

33.2 

Ailerons  $a  full  against. 

A97R:  1,  2,  3.- 

do... 

do _ 

_ do _ _ 

_ do _ _ 

2, 915 

1,078 

1,876 

2,  455 

33.2 

Do. 

A96R:  2,  3.1 _ 

.do— . . 

.do _ 

_ do _  _ 

_ do _ 

2,  915 

1,078 

1,876 

2,  455 

33.2 

Ailerons  with  spin. 

A  UHL:  1... 

.do . 

do _ 

B-2,  high  position 

_ do _  _ 

2,917 

1,098 

1, 896 

2,  455 

33.4 

Ailerons  slightly  right. 

A104L:  2,  3_  _ 

.do _ 

. .  _do _ 

_ do _ 

_ do _  _ 

2,917 

1,098 

1,  896 

2, 455 

33.4 

Ailerons  full  left. 

A103L:  1,  3. 

.do... 

do _ 

...do _ 

_ do _ 

2,917 

1,098 

1,896 

2, 455 

33.4 

Normal. 

A105L:  1,  2,  3.— 

do  . 

do _ 

_ do _ _ 

_ do _ 

2,917 

1,098 

1,896 

2,  455 

33.4 

Stick  forward. 

106L:  1,  2,  3 

do 

do... 

_ do _ _ 

_ do _ _ 

2,917 

1,098 

1,896 

2,  455 

33.4 

Ailerons  against  spin. 

A107R:  1,  2,  3 _ 

_do _ 

do.... 

...do...  .  _ 

_ do . . . . 

2,917 

1,098 

1,896 

2,  455 

33.4 

Normal. 

112R:  1,  2,  3.  . 

.do... 

__do _ 

B-2,  intermediate 

. do _ 

2,915 

1,  078 

1,876 

2, 455 

33.2 

Do. 

position. 

1 131. :  1.  2,  3 _ 

...do— . . 

_ do _  _ 

2,  915 

1,078 

1,876 

2,  455 

33.  2 

Do. 

BU4L:  1,  2,  3  . 

do 

_ do _ _ 

2,915 

1,078 

1,  876 

2,  455 

33.2 

Stick  forward. 

E114L:  1,  2,  3.... 

_ do _ 

_  __do _ 

_ do _ 

2,915 

1,078 

1,876 

2,455 

33.  2 

Do. 

116L:  1,  2,  3 

do. 

.  do _ 

....do. _ _ 

2.915 

1,  078 

1.  876 

2.  45.5 

33.  2 

Ailerons  against  spin. 

115L:  1,  2,  3.  ... 

_ do _ 

...do _ 

. do— . . 

2,915 

1,078 

1,  876 

2,  455 

33.2 

Ailerons  with  spin. 

1  For  all  flights  through  89R3  the  motor  was  idling  at  525  r.  p.  m.;  for  all  later  flights  the  propeller  was  stopped. 

2  Normal  control  setting  for  steady  spin  was:  Stick  back,  ailerons  neutral,  rudder  with  spin.  All  exceptions  to  normal  are  stated. 

3  Parachute  was  removed  for  this  flight  but  equivalent  ballast  used. 

4  Modified  elevator  had  same  area  but  plan  form  was  altered  to  give  less  rudder  shielding  in  spin. 

5  Maximum  rudder  throw  was  increased  to  34°  by  moving  the  rudder  stops.  Normal  maximum  throw  was  29° 

6  Rudder  throw  was  increased  to  35°  using  modified  elevators  and  moving  rudder  stops. 
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TABLE  IT.— INSTRUMENT  DATA 


Test 

Angular  velocity 
readings 

Accelerometer  readings 
corrected  to  c.  g. 

Verti¬ 
cal  ve¬ 
locity 

no. 

V 

<1 

r 

X 

mg 

V 

mg 

Z 

mg 

15R1  1 _ _ 

rad. /sec. 

1.  90 

rad. /sec. 
0. 104 

rad. /sec. 
2.09 

0.0512 

0.  0091 

1.27 

ft./sec. 

115 

15R2 _ 

1.90 

.  109 

2.  09 

.0009 

.0147 

1.33 

117 

15R3 _ 

1.95 

.  164 

2.06 

-.  0039 

.  0092 

1.33 

116 

15R4 _ 

1.90 

.  164 

2.  06 

-.0016 

.0088 

1.33 

124 

16R1 _ 

2.  02 

.  196 

2.  00 

.0385 

.  0584 

1.34 

113 

16R2 _ 

2.  02 

.207 

2.  03 

.0410 

.  1101 

1.39 

119 

J6R3 _ 

1.94 

.164 

2.  06 

.0471 

.0091 

1.33 

117 

23  R7 _ 

1.96 

.  171 

1.82 

.0274 

.  0063 

1.34 

107 

23  R8 . . . 

1.99 

.228 

1.73 

.  0203 

.  0003 

1.40 

107 

23  R9 _ 

1.99 

.205 

1.  70 

.0182 

.  0023 

1.35 

107 

23  RIO _ 

1.91 

.  182 

1.  70 

.0211 

.0040 

1.40 

108 

26113 . . 

2.09 

.236 

2.  03 

.  0085 

.  0004 

1.34 

100 

26  R5.. . . 

2.  10 

.217 

2.  06 

.  0823 

-.0491 

1.31 

105 

26R7 _ 

2.  07 

.239 

2.  06 

.0128 

.0002 

1.36 

105 

27  R3 _ 

1.99 

.  114 

2.  09 

.  0625 

-.0632 

1.31 

112 

27R4 _ 

2.04 

.  182 

2.  09 

.  0607 

-.0701 

1.34 

119 

27  R5 _ 

1.97 

.  114 

2.  06 

.  0602 

-. 0897 

1.32 

115 

27  R6 _ _ 

1.99 

.  171 

2.  03 

.  0569 

-.0958 

1.  29 

112 

36  Rl _ 

2.31 

.605 

2.  14 

.0150 

.  0588 

1.32 

129 

36  R2 _ 

2.  04 

.110 

2.  29 

.  0358 

-.  0875 

1.32 

124 

36R3... . . . 

2.04 

.  251 

2.  23 

.  0310 

-.  0558 

1.  27 

125 

36  R3' _ 

2.  69 

.  209 

2.  40 

-.0178 

-.  0434 

1.39 

119 

36  Rt _ 

2.  15 

.  165 

2.24 

-.  0005 

-.0416 

1.35 

12! 

37 R I _  .  .... 

2.  20 

.333 

2.  22 

.0121 

-.0107 

1.31 

127 

37  R3 _ 

2.  17 

.268 

2.  27 

.0172 

-.  0022 

1.30 

125 

37  R5 _ _ 

2.  18 

.171 

2.  15 

.0329 

.  0091 

1.31 

120 

37  R7. _ _ 

2.  12 

.268 

2.  07 

.  0058 

.  04  S  5 

1.31 

120 

47 Rl _  .  .  ... 

1.  92 

.  160 

2.  45 

.  0599 

.0133 

1.  26 

113 

47R2-. . . 

1.94 

.  160 

2.  51 

.0411 

.  0142 

1.26 

113 

47143 _ 

1.89 

.  130 

2.  66 

.  0382 

.  0194 

1.  25 

116 

47R4 _ _ 

1.89 

.160 

2.  42 

.0060 

.0127 

1.31 

115 

40  R 1 _ 

2.  09 

.040 

2.50 

.  0580 

.  0291 

1.30 

111 

49  R2 _ 

2.  12 

.020 

2.  47 

.  0529 

.1100 

1.33 

118 

49  R3 _ 

2.  06 

.060 

2.  49 

.  0586 

-.  0003 

1.30 

120 

49  Rl _ 

2.  00 

.020 

2.  48 

.  0845 

.0301 

1.27 

107 

49  R4' . . 

2.  77 

1.  294 

2.  36 

.  0173 

.  0436 

1.48 

125 

49R5 _ 

1.98 

.050 

2.  39 

.  0748 

.  0245 

1.28 

116 

49  R  5' _ 

2.  29 

1.095 

2.  51 

.  0702 

.  0320 

1.43 

132 

A5SR2 _ 

1.91 

.  175 

2.  27 

.  0067 

.0100 

1.31 

116 

A58R5 . . . 

1.76 

.340 

1.94 

-.  0191 

.0681 

1.33 

116 

A5SR6 _ 

1.83 

.223 

1.91 

-. 0262 

.0011 

1.33 

116 

59  Rl _ 

1.81 

.213 

2.04 

-.  0391 

.  0552 

1.32 

110 

59  R3 _ 

1.81 

.  252 

2.  10 

-. 0328 

.  1040 

1.  32 

108 

591411 . . . 

1.  60 

.213 

1.  98 

.  0150 

.0017 

1.38 

109 

59  RIP _ 

2.  25 

.825 

2.43 

-.  0524 

.  0925 

1.58 

114 

71 143 _ 

1.87 

-.019 

2.  10 

-.  0495 

-. 0242 

1.30 

127 

711411 _ 

1.68 

.019 

1.86 

-.0314 

.  0183 

1.31 

124 

71R1P . 

2.  33 

.543 

2.  20 

-.  0912 

.  1427 

1.49 

120 

73141 _ 

2.01 

.  155 

2.39 

-.  0368 

.0110 

1.  29 

126 

73143 . 

2.  06 

.  136 

2.  09 

— .  0577 

.  01 16 

1.31 

126 

73145 _ 

2.  04 

.  155 

2.  00 

-.0010 

.  0344 

1.37 

129 

73R7--.  .  .  _ 

1.85 

-.  019 

2.  15 

.  0051 

.  0283 

1.32 

122 

73R11 _ 

1.  78 

.  136 

1.75 

-.0139 

.  0063 

1.31 

117 

73R11' _ 

2.  29 

.078 

2.  06 

-. 0209 

.  0209 

1.  54 

125 

83RI _  . 

2.  06 

.385 

2. 18 

.  0255 

.  0618 

1.33 

114 

83143 _ 

1.99 

.289 

2.08 

-.0304 

.0987 

1.31 

114 

83145 _ 

1 . 95 

.  193 

2.  18 

-.  0216 

.  0737 

1.33 

114 

83  R7 _ 

1.91 

.310 

2.  02 

-.  0564 

.  0956 

1.39 

114 

S3 149 _ _ 

1.91 

.214 

1.  89 

-.  0402 

.  1055 

1.37 

114 

83  R9' . . . 

2.41 

.086 

2.  05 

-.  0567 

.0477 

1.55 

112 

86  Rl _ 

2.  19 

-.033 

2.  95 

.0129 

-.0129 

1.31 

95 

86  R2 _ 

2.  11 

0 

2.  93 

.0123 

-.  0037 

1.33 

95 

86  R3 _ 

2.  07 

-.044 

2.  82 

.0247 

-. 02 IS 

1.39 

96 

Test 

Angular  velocity 
readings 

Accelerometer  readings 
corrected  to  c.  g. 

Verti- 

no. 

V 

7 

r 

X 

mg 

Y 

mg 

| 

! 

cal  ve¬ 
locity 

B85R1 _ 

rad./sec. 

2.03 

rad./sec. 
0.  028 

rad./sec. 
2.  10 

-0.  0435 

-0.  0202 

1.39 

fl.isec. 

106 

B85R2 _ 

1.  99 

.017 

2.  15 

-.  0564 

-.0165 

1.38 

100 

B85R3 _ 

1.87 

.  166 

2.  10 

-.  0649 

-. 0025 

1.35 

104 

87  R2. . . 

2. 69 

1.404 

2.  07 

-.0950 

.2387 

1.60 

122 

89  Rl _ 

1.92 

.071 

2.30 

-.  0005 

-.  0219 

1.32 

110 

89R2.  . . 

1.83 

.088 

2.  32 

.0045 

-.  0244 

1.32 

111 

89  R  3 _ 

1.83 

.073 

2.  27 

.  0084 

-. 0047 

1.34 

111 

A89R1 _ 

1.83 

.091 

2.  15 

.  0256 

— .  0099 

1.32 

111 

A89R2 _ 

1.68 

.014 

2.  09 

.0248 

-.  0224 

1.  29 

110 

A89R3 . . 

1.78 

.342 

2.  19 

.  0264 

0663 

1.37 

111 

90  Rl _ 

1.74 

.  189 

2.08 

.  0568 

.  0068 

1.27 

111 

90R2-- . . 

1.  78 

.216 

2.  02 

.  0255 

.  0200 

1.31 

109 

90  R  3 _ 

1.73 

.200 

1.97 

.  0204 

.  0349 

1.31 

111 

91  Rl _ 

1.76 

.  239 

2.  47 

-.  0064 

.0113 

1.22 

100 

93  Rl _ 

1.62 

-.  004 

2.  22 

.  0196 

-.  0586 

1.25 

104 

93R2 . . 

1.71 

.  265 

2.  16 

-.0157 

.0123 

1.31 

108 

93  R  3 _ 

1.  56 

.  105 

2.04 

-.0303 

-.  0076 

1.  26 

103 

95  Rl _ 

2.05 

.  181 

2.  64 

.  0079 

.0213 

1.29 

120 

95  Rl' . 

2.  59 

.  014 

2.  59 

-.0019 

-.  0352 

1.42 

134 

B95R1 _ 

2.  50 

.203 

2.  35 

-.0373 

.0162 

1.48 

101 

B95112 _ 

2.25 

.035 

2.  35 

-.0288 

-.  0079 

1.42 

108 

B95R3 _ 

2.33 

.  529 

2.21 

-.0271 

.  0064 

1.48 

114 

96  R 1 _ 

2.30 

.613 

2.  22 

-.0118 

.  1077 

1.29 

106 

96  R  2 _ 

2.  00 

.  768 

2.26 

—.0196 

.0785 

1.28 

104 

96  R  3 _ 

1.98 

.  709 

2.31 

-.  0273 

.  0955 

1.27 

109 

97  Rl _ 

2.01 

-.  214 

2.  26 

.0145 

-.  0469 

1.29 

109 

A97R1 . . 

1.96 

-.073 

2.41 

-.0247 

-.0184 

1.24 

105 

A97R2 _ 

1.89 

-.  085 

2.38 

-.  0189 

.  0005 

1.25 

103 

A97R3 _ 

1.88 

-.  094 

2.  17 

-. 0206 

0400 

1.32 

103 

A96R2 _ 

2.  02 

.671 

2.  28 

-.  0110 

.  0795 

1.23 

109 

A96R3 _ 

2.  03 

.667 

2.  28 

-. 0076 

.  1128 

1.25 

109 

A 104  LI _ 

-1.58 

.  227 

-2.  12 

.  0069 

.0472 

1.  19 

104 

A104L2 _ 

-1.59 

.  492 

-2.  27 

.  0244 

.0087 

1.  18 

103 

A 104 1(3 _ 

-1.56 

.  367 

-2.  13 

.0215 

.0403 

1.22 

103 

A103L1 _ 

-1.77 

.  131 

-2.17 

.  0365 

.  0504 

1.21 

104 

A103L3 _ 

-1.65 

.  176 

-2.  24 

.  0425 

.  0355 

1.23 

103 

A 105  LI _ 

-2.  23 

.255 

-2.  64 

.  0398 

.  0339 

1.  19 

95 

A105L2 _ 

-2.  18 

.  208 

-2.  60 

.0411 

.  0558 

1.24 

99 

A105L3 _ 

-2.  13 

.273 

-2.  58 

.0244 

.  0397 

1.31 

103 

106  LI _ 

-1.  79 

.038 

-2.  21 

.  0428 

.0661 

1.  22 

100 

106L2 _ 

-1.71 

-.028 

-2.  09 

.0404 

.0447 

1.25 

101 

1061(3 _ 

-1.64 

-.  026 

-2.  17 

.  0346 

.  0532 

1.22 

98 

A107R1 _ 

1.76 

.023 

2.  17 

.  0355 

-.0458 

1. 22 

110 

A107R2 _ 

1.75 

.015 

2.  12 

.0385 

-.  0459 

1.23 

109 

AI07R3 _ 

1.  71 

.010 

2.  20 

.  0296 

-.0491 

1.20 

105 

112R1 _ 

1.95 

.243 

2.  19 

-.  2656 

— .  0364 

1.51 

108 

112R2.  _ 

1.86 

.  174 

2  04 

-.  2359 

~.  0479 

1.50 

109 

112R3 _ 

1.84 

.  219 

2.10 

-.  2505 

-.  0373 

1.49 

111 

113L1 _ 

-1.84 

.409 

-2.  24 

-.  2767 

.0119 

1.53 

105 

1131(2 _ 

-1.77 

454 

-2.  28 

-. 2808 

.0251 

1.49 

105 

1131(3 _ 

-1.83 

.519 

-2.  27 

-. 2935 

.  0149 

1. 50 

105 

B114L1 _ 

-2.  52 

.  219 

-2.  59 

-.  3888 

.  0379 

1.  77 

103 

B114L2 _ 

—  2.  32 

.341 

-2.  63 

-.4084 

.0348 

1.75 

103 

B114L3 _ 

-2.  34 

.  279 

—2.  55 

-.3803 

.  0287 

1.76 

106 

E114L1 _ 

-2.  45 

.342 

-2.  74 

-.4210 

.0334 

1.72 

97 

E114L2 _ 

-2.  38 

.301 

-2.  74 

—.4175 

.  0549 

1.67 

106 

E114L3 _ 

-2.  38 

.401 

-2.67 

-.4192 

.0314 

1.73 

102 

116L1 _ 

-1.82 

.  133 

-2. 18 

-.2185 

.0476 

1.47 

109 

1161(2 _ 

-1.73 

.  104 

-2.17 

-.  2234 

.0421 

1.45 

105 

116L3 _ 

-1.71 

.  116 

-2. 16 

-.  2237 

.0409 

1.43 

105 

1 15Td  . . . 

-1.88 

.  766 

-2.  38 

-.  2934 

.  0061 

1.52 

107 

1151(2 _ 

-1.  78 

.678 

-2.  34 

-.  2367 

.  0336 

1.47 

109 

115L3 _ 

-1.  74 

.892 

-2.  26 

-.  2344 

.  0356 

1.49 

110 

>  R,  right-hand  spin;  L,  left-hand  spin. 
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Test  no. 

12 

R 

Z" 

ax 

/3 

15R1 _ _ - 

rad. /sec. 
2.83 

( mg ) 

1. 27 

(.mg) 

0.98 

O 

47.5 

O 

-1.31 

15R2. . - . 

2.  83 

1.33 

.98 

47.6 

-2.  74 

15U3 . . 

2.  85 

1.33 

.96 

46.3 

-1.81 

15R4 . 

2.81 

1.33 

.98 

47.1 

-1.42 

lfiRl . . . 

2.  85 

1.  34 

.97 

44.7 

-1.31 

16R2 . . - 

2.  88 

1.39 

1.02 

45.3 

-.97 

16R3 _ _ 

2.  84 

1.33 

1.00 

46.5 

-1.  54 

23  R  7 _ 

2.  08 

1.34 

.94 

42.6 

-2.  52 

23  R8 . . 

2.05 

1.40 

.93 

40.5 

-1.83 

23  R  9 _ _ 

2.  63 

1.35 

.89 

40.  1 

-2.  15 

23  RIO . . 

2.  57 

1.40 

.95 

41.3 

-2.76 

20  R3 _ 

2.  93 

1.34 

.93 

43.5 

-1.37 

26  R  5 - - 

2.  95 

1.31 

.95 

43.  7 

-1.  08 

20  R  7 . ----- 

2.  93 

1.36 

.97 

44.3 

-1.02 

27R3 _ 

2.  88 

1.32 

.99 

45.8 

-2.  63 

27  It  4 _ 

2.92 

1.34 

1.00 

45.0 

-1.  14 

27R5 . . 

2.  85 

1.32 

.99 

45.5 

-2.57 

27R6  . . 

2.  84 

1.29 

.95 

44.  7 

-1.  54 

36R1 _ _ _ 

3.21 

1.32 

.90 

42.2 

6.61 

30R2. . . . . 

3.06 

1.32 

1.00 

47.7 

-2.  06 

36R3 . - . 

3.03 

1.27 

.95 

46.8 

.70 

36R3' _ 

3.61 

1.39 

.91 

41.4 

1.  17 

36  R  4 - - 

3.  11 

1.  35 

.97 

45.7 

-1.53 

37R1 _ _ 

3.  14 

1.31 

.93 

44.7 

1.87 

37  R3 _ 

3.  15 

1.30 

.95 

46.0 

.74 

37R5 _ _ _ 

3.  07 

1.31 

.94 

44.4 

-1.34 

37  It7 _ 

2.  97 

1.31 

.92 

44. 1 

-.34 

47R1-- . . 

3.  12 

1.26 

1.03 

51.7 

-.87 

47R2 _ _ 

3.  18 

1.  26 

1.02 

52.2 

-.87 

47R3 _ 

3.  26 

1.  25 

1.04 

54.5 

-1.  07 

47  R4 _ 

3.08 

1.31 

1.03 

51.8 

-1.  17 

49R1 _ 

3.26 

1.31 

1.04 

50.2 

-3.  32 

49R2 _ 

3.  26 

1.34 

1.05 

50. 1 

-5. 16 

49R3— . 

3.23 

1.31 

1.04 

50.3 

-2.  67 

49  R4 _ 

3.  19 

1.27 

1.04 

50.  6 

-3.  58 

49R4' _ _ _ 

3.  87 

1.53 

.86 

39.2 

14.71 

49R5 . . 

3.  11 

1.  29 

1.  03 

50.5 

-2.57 

49  R5' _ 

3.  57 

1.43 

1.  06 

46.5 

14.31 

A  58 112 _ _ 

2.  97 

1.31 

1.01 

49.7 

-1.10 

A58R5 _ _ 

2.  04 

1.33 

.97 

47.5 

1.95 

A58R6 _ 

2.  66 

1.  33 

.94 

45.7 

-.78 

59R1  i . . 

2.  74 

1.33 

.96 

48.2 

-1.07 

59  R  3 . . . 

2.  79 

1.32 

.98 

49.3 

-.  21 

59R1 1 _ 

2.  56 

1.38 

1.08 

50.4 

-.86 

59R11'-- _ _ 

3.42 

1.58 

1.  11 

46.3 

8.  72 

71R3  2 _ 

2.82 

1.30 

.94 

48.3 

-5. 03 

71R11 _ _ 

2.  51 

1.31 

.95 

47.8 

-4.  87 

71 R 11' _ _ 

3.25 

1.  50 

.96 

43.  2 

4.  23 

73R1 . . 

3.00 

1.29 

.95 

48.8 

-1.27 

73  R3 . . - 

2.  94 

1.31 

.89 

45.2 

-2.  11 

73  Ft5 . . 

2.  80 

1.37 

.95 

44.4 

-1.75 

73R7 _ 

2.  84 

1.32 

1.00 

49.4 

-4.  95 

73R11 . . 

2.  50 

1.31 

.91 

44.4 

-2.  82 

73R1T _ 

3.08 

1.54 

1.01 

41.9 

-4.  07 

83R1 _ 

3. 02 

1.33 

.98 

46.2 

2.53 

83  R3 _ 

2.  89 

1.31 

.93 

46.4 

.58 

83R5 . . . 

2.  93 

1.33 

.98 

48.2 

-1.  19 

83  R7 _ _ 

2.79 

1.39 

.97 

46.5 

.63 

83R9 _ 

2.69 

1.37 

.94 

44.8 

-1.  43 

83R9' _ _ 

3. 16 

1.  55 

.96 

40.5 

-4.  75 

86111 _ 

3.68 

1.31 

1.06 

53.3 

-4.58 

80R2-.. . . . 

3.61 

1.33 

1.08 

54.3 

-4.  08 

86R3-.- _ _ 

3.  50 

1.39 

1.  14 

53.6 

-5. 13 

B85R1 _ 

2.  92 

1.  40 

.97 

45.9 

-5.  35 

B85R2 _ 

2  93 

1.38 

.97 

47.  1 

—5.  42 

B85R3 _ 

2.  82 

1.35 

.  96 

48.0 

-2.  55 

7 

V 

Radius 

$26 

2V 

Ci 

Cm 

Cm 

0 

-85.4 

ft. /sec. 
115.4 

Feet 

3.3 

0.  368 

0.  00230 

-0.  0591 

0.  00252 

-85.  1 

117.  4 

3.6 

.362 

.00148 

-.0571 

.  00162 

-84.9 

116.  4 

3.6 

.367 

. 00223 

-.  0589 

.  00256 

-85.2 

124.4 

3.7 

.339 

.00195 

-.  0501 

.  00216 

-84.7 

113.5 

3.6 

.377 

.  00274 

-.  0026 

.  00337 

-84.  9 

1 19.  5 

3.7 

.361 

.  00264 

-.0573 

.  00320 

—85. 1 

117.4 

3.5 

.362 

.  00219 

-.  0574 

.  00249 

-83.8 

107.6 

4.3 

.374 

.00242 

-.0611 

.00314 

-83.2 

107.8 

4.8 

.369 

. 00305 

-.  0590 

. 00425 

-83.4 

107.7 

4.7 

.366 

. 00270 

-.  0594 

. 00383 

-83.  1 

108.8 

5. 1 

.354 

.  00235 

-.  0543 

.00317 

-84.0 

100.6 

3.6 

.437 

. 00424 

-. 0768 

.  00455 

-84.7 

105.5 

3.3 

.419 

. 00359 

-.0710 

.00381 

-84.3 

105.5 

3.6 

.416 

.  00397 

-.  0698 

.00413 

-85.  1 

112.4 

3.4 

.385 

.  00168 

-.  0032 

.00185 

-85.2 

119.4 

3.4 

.367 

.  00238 

-.  0575 

.  00270 

-85.  1 

115.4 

3.5 

.371 

.  00157 

-.  0585 

.00174 

-84.9 

112.4 

3.5 

.379 

.  00245 

-.  0614 

.  00278 

-85.7 

129.4 

3.0 

.372 

.00627 

-.  0555 

.00891 

-85.  8 

124.3 

2.9 

.370 

.00132 

-.  0559 

.00151 

-85.  9 

125.3 

3.0 

.363 

.  00281 

-.  0489 

. 00294 

-85.5 

119.  4 

2.6 

.454 

.  00277 

-.0784 

.00372 

-85.4 

121.4 

3.  1 

.385 

.00204 

-.0610 

.  00253 

-85.8 

127.3 

3.0 

.370 

. 00370 

-.  0563 

.  00478 

-85.8 

125.3 

2.9 

.377 

.00314 

-. 0585 

.  00389 

-85.5 

120.3 

3  1 

.383 

. 00207 

-.  0607 

.00273 

-85.2 

120.4 

3.  4 

.370 

.00309 

-. 0562 

.00410 

-86.  2 

113.3 

2  4 

.413 

. 00274 

-.  0685 

.  00233 

-86.  2 

1 13.  2 

2.3 

.421 

.  00281 

-.  0770 

.  00235 

-86.7 

116.2 

2  1 

.422 

.  00229 

-.  0694 

.00176 

-85.8 

115.3 

2.7 

.400 

.  00261 

-.0641 

. 00220 

-86.  0 

111.3 

2.4 

.440 

.  00066 

-. 0763 

. 00067 

-84.4 

118.6 

3.5 

.412 

.  00029 

-. 0676 

. 00030 

-86.3 

120.3 

2.4 

.403 

.  00084 

-.  0638 

. 00085 

-86.6 

107.  3 

2.3 

.  445 

.  00034 

-.  0702 

. 00029 

-85.0 

120.5 

2.  7 

.482 

.01714 

-.  0838 

. 02599 

-86.  1 

116.3 

2.5 

.400 

.  00070 

-.  0570 

. 00061 

-86.3 

132.3 

2.4 

.405 

.01241 

-.  0543 

.01462 

-85.  5 

1 16.  4 

3.0 

.383 

. 00262 

-.  0609 

. 00248 

-84.  5 

1 16.  5 

4.2 

.310 

. 00433 

-.  0473 

.  00435 

-84.4 

116.6 

4.3 

.342 

. 00280 

0487 

.  00304 

-84.5 

110.5 

3.9 

.372 

.  00319 

-.  0573 

.00316 

-84.6 

108.5 

3.7 

.385 

. 00402 

-.0612 

. 00387 

-84.3 

109.  5 

4  2 

.350 

.00315 

-.  0493 

. 00276 

-84.7 

114.5 

3  1 

.447 

.  01365 

-.  0807 

. 01473 

-85.  4 

127.4 

3.  7 

.332 

-.  00021 

-.0436 

-.00031 

-84.7 

124.  5 

4.6 

.302 

.00019 

-.0340 

-. 00019 

-84.6 

120.  5 

3.5 

.404 

. 00677 

-.  0648 

. 00885 

-85. 8 

123.3 

3.0 

.  363 

. 00185 

-.0524 

. 00193 

-85.  2 

126.4 

3.6 

.349 

.00146 

-.  0490 

.00174 

-85.  1 

129.5 

3.8 

.332 

. 00152 

-.0442 

.00188 

-85.  4 

122.  4 

3.4 

.348 

-.  00023 

-.0176 

-. 00034 

-84.  1 

117.6 

4.9 

.319 

.00140 

-.  0408 

.00174 

-84.5 

125.  6 

3  9 

.350 

.00082 

— .  0556 

.  001 18 

-85.  2 

114.4 

?.  2 

.397 

. 00519 

-.0544 

.  00648 

-84.8 

114.5 

3.6 

.  366 

.  00371 

-.  0589 

.  00464 

-85.  0 

114.  4 

3.  4 

.384 

.  00260 

-. 0605 

.  00303 

-84.  3 

114.  6 

4  1 

.366 

.  00386 

— . 0546 

.  00475 

-84.0 

114.6 

4  5 

.352 

.  00249 

-.0511 

.  00327 

-83.  7 

112.7 

3.9 

.421 

.00112 

-.0738 

.  00178 

-85.9 

95.4 

1.8 

.578 

-. 00096 

-.0138 

. 00097 

-85.9 

95.  4 

1  9 

.568 

.  00000 

-.0132 

. 00000 

-85. 6 

96.4 

2.  1 

.544 

-.00119 

-.0121 

-.  00014 

-84.  1 

106.9 

7.8 

.410 

.  00045 

-.0720 

. 00051 

-84.  2 

106.8 

3.7 

.412 

.  00028 

-.0723 

. 00030 

— S4.  1 

104.  6 

7.  8 

.405 

.  00283 

-.0688 

.  00289 

1  These  figures  are  for  3  spins  for  which  measured  values  were  almost  identical. 
s  These  figures  are  for  2  spins  for  which  measured  values  were  almost  identical. 
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TABLE  III— COxMPUTED  DATA— Continued 


Test  no. 

Q 

R 

Z" 

ax 

0 

7 

V 

Radius 

Sib 

2V 

c, 

Cm 

c„ 

87  It  2 . . - 

rad.. /sec. 

3.  67 

(mg) 

1.62 

(mg) 

0. 93 

O 

37. 1 

O 

17.  05 

o 

-84.2 

ft. /sec. 
122.6 

Feet 

3.2 

0.  44 

0.01718 

-0. 0731 

0. 02718 

89R1 _ 

3.  00 

1.32 

1.01 

49.9 

-3.  37 

-85.3 

110.4 

3.0 

.408 

.00119 

-.  0698 

.00115 

89  R  2 _ 

2. 96 

1.33 

1.04 

51.4 

-2. 88 

-85.4 

111.4 

3.0 

.398 

.00146 

-.  0640 

.00131 

89R3 _ _ 

2.91 

1.34 

1.05 

50.9 

-3.  29 

—85.  3 

111.4 

3.2 

.392 

. C0119 

-.  0637 

.00110 

A  89  It  1 _ 

2.  83 

1.32 

1.02 

49.3 

-3. 04 

-85.  1 

111.4 

3.4 

.381 

. 00140 

— . 0602 

.00136 

A  89  R2__ . 

2.  68 

1.  29 

1.02 

51.0 

-4.61 

-85. 1 

110.4 

3.5 

.364 

.  00020 

-. 0530 

.00018 

A89R3 . . 

2.  85 

1.37 

1.07 

49.9 

2.  00 

-85.0 

111.4 

3.4 

.383 

.  00537 

-.  0593 

.00490 

90R1 . . 

2.  72 

1.27 

1.01 

49.8 

-.70 

-85.3 

111.4 

3.4 

.366 

. 00281 

-.  0629 

.  00338 

90  It  2 _ 

2.  70 

1.31 

1.00 

48.3 

-.71 

-84.7 

109.5 

3.7 

.370 

. 00323 

-.  0649 

.00410 

90  It  3 . . — . 

2. 63 

1.31 

1.00 

48.5 

-.97 

-84.6 

111.5 

3.9 

.354 

.  00282 

-.  0594 

.  00356 

91R1 . — . 

3.  04 

1.  22 

.99 

54.2 

.19 

-85.7 

100.3 

2.5 

.  454 

. 00520 

-.  0879 

.  00479 

93R1 _ 

2.  75 

1.25 

1.02 

53.5 

-4.  72 

-85.3 

104.4 

3.1 

.395 

-. 00007 

-.  0674 

-.  00006 

93  R2 . . . 

2.77 

1.31 

1.02 

51.2 

.41 

-84.9 

108.  1 

3.5 

.382 

. 00437 

-.  0646 

.00445 

93R3 . . . 

2.  57 

1.26 

.98 

52.2 

-3. 12 

-84.5 

103.6 

3.8 

.372 

.00178 

-.  0606 

.  00176 

95  III . . . 

3.35 

1.29 

1.03 

52.  1 

-.50 

-86.4 

120.2 

2.3 

.418 

. 00294 

-.  0765 

.  00295 

95R1'— . 

3.  G6 

1.42 

1.00 

44.9 

-3.  53 

-86.2 

134.3 

2.4 

.409 

.00018 

-.  0758 

.  00023 

B95RI _ 

3.44 

1.48 

.98 

43.0 

-2. 44 

-84.2 

101.5 

3.0 

.509 

.00412 

-.  1167 

.  00567 

B95R2 . . 

3.  25 

1.42 

1.01 

46.  1 

-4.  65 

-84.7 

108.  2 

3.  1 

.451 

. 00063 

-.0921 

.  00078 

B95R3 _ _ 

3.  26 

1.48 

.98 

42.7 

3. 94 

-84.5 

114.3 

3.3 

.427 

. 00796 

-.  0804 

.01087 

9GR1 _ _ 

3.  26 

1.29 

.89 

43.6 

5.  86 

-85.0 

106.6 

2.8 

.458 

. 01063 

-.0951 

.01521 

90  It  2 _ 

3.  11 

1. 28 

.94 

47.  6 

9.  38 

-85.0 

104.  4 

2.9 

.447 

.01414 

-. 0875 

.  01725 

96  It  3 . . . 

3.  12 

1.27 

.94 

48.7 

8.  54 

-85.  4 

109.3 

2.8 

.429 

.01216 

-.  0809 

.01441 

97  III _ _ 

3. 03 

1.29 

.98 

48.5 

-8.  79 

-85.3 

109. 1 

3.0 

.417 

-.  00362 

-.  0806 

-.  00444 

A97R1 _ 

3.  10 

1.24 

.  95 

50.9 

-5.  88 

—85.  5 

105.6 

2.7 

.441 

-.00140 

-.  0893 

-.00157 

A  97  It  2 _ 

3.04 

1.25 

.97 

51.8 

-6.  24 

-85.4 

103.4 

2.7 

.441 

-.00170 

-.  0890 

-.  00186 

A97R3 _ 

2.88 

1.32 

.99 

49.  1 

-7.32 

-84.6 

103.  6 

3.4 

.416 

-.00170 

-.  0804 

-.  00202 

A96R2.. . 

3. 12 

1.23 

.91 

47.7 

7.  94 

—85.  5 

109.0 

2.8 

.429 

.01142 

-.  0820 

.  01399 

A96R3 _ 

3.  12 

1.25 

.93 

47.8 

7.  80 

-85.4 

109.0 

2.8 

.430 

.01136 

-.  0822 

.  01393 

A104LI _ 

-2.65 

1. 19 

.95 

52.3 

-.21 

-85.2 

104.6 

3.3 

-.380 

-. 00376 

-.  0636 

-.  00400 

A104L2 _ 

-2.  82 

1. 18 

.97 

53.7 

-5.  92 

-85.7 

103.5 

2.8 

-.408 

-. 00892 

-.  0702 

-.  00896 

A104L3 . . 

-2.67 

1.22 

.98 

52.5 

-2.20 

-85.2 

103.6 

3.3 

-.386 

-.  00624 

-. 0645 

-. 00654 

A103L1 . . . 

-2.81 

1.21 

.96 

50.2 

1.95 

-85.3 

104.5 

3.0 

-.403 

-. 00224 

-.  0733 

-.  00260 

A103L3 . . 

-2.  79 

1.24 

1.02 

53. 1 

.84 

-85.5 

103.4 

2.9 

-.405 

-. 00317 

-.  0720 

-.  00332 

A105L1 _ _ 

-3.  46 

1.  19 

.93 

49.2 

-.22 

-85.8 

95.  5 

2.0 

-.  544 

-.  00633 

-.  1342 

-.  00765 

A105L2 _ 

-3.40 

1.24 

.97 

49.5 

.66 

-85.8 

99.3 

2.  1 

-.514 

-. 00472 

-.  1197 

-.  00563 

A105L3 _ 

-3.  36 

1.31 

1.02 

49.8 

-.35 

-85.6 

103.4 

2.3 

-.  487 

— .  00566 

-.  1071 

-.  00667 

100LR. . . 

-2.84 

1.22 

.97 

46.3 

3.67 

—85.  5 

106.6 

2.9 

-.400 

-.  00063 

-.  0724 

-.  00073 

106L2 _ 

-2.  70 

1.25 

1.00 

42.9 

5.  73 

-84.8 

101.4 

3.4 

-.399 

. 00049 

-.0721 

.  00057 

106L3 _ 

-2.72 

1.22 

.99 

46.3 

4.94 

-85.  1 

98.5 

3.1 

-.414 

.  00049 

-.  0764 

.00053 

A107R1, _ _ 

2. 80 

1.22 

.97 

50.5 

-3.  95 

-85.5 

110.3 

3.0 

.380 

.  00035 

— .  0656 

.00041 

A107R2 _ 

2.  75 

1.24 

.98 

50.2 

-4.  95 

-85.3 

109.2 

3.2 

.378 

-. 00023 

— .  0650 

.00027 

A107R3 _ 

2.  78 

1.20 

.97 

51.8 

-4.  27 

-85.5 

105.5 

3.0 

.395 

.  00018 

-.  0700 

.  00021 

112R1 _ 

2. 94 

1.53 

.94 

47.8 

-2. 19 

-83.0 

108.4 

4.5 

.407 

.  00403 

-.  0767 

. 00493 

112R2 _ 

2. 77 

1.52 

.94 

46.9 

-3.  60 

-82.8 

109.6 

5.0 

.379 

. 00263 

-.  0666 

.  00331 

112R3 _ 

2. 80 

1.51 

.95 

48.0 

-2.  42 

-83.0 

111.9 

4.8 

.375 

. 00326 

-. 0652 

.  00395 

113L1 _ 

-2. 93 

1.55 

.99 

49.7 

-1.01 

-82.9 

106.2 

4.5 

-.414 

-. 00724 

-.  0775 

-.  00819 

113L2 _ 

-2. 92 

1.52 

.99 

51.2 

-2.  18 

-83. 1 

106.2 

4.3 

-.413 

-. 00816 

-. 0754 

-.  00871 

113L3 . . 

-2.97 

1.53 

.96 

50.0 

-3.  23 

-83.1 

106.  1 

4.3 

-.420 

-. 00932 

-.  0783 

-.  01036 

B114L1 _ 

-3.  63 

1.82 

.99 

45.  4 

2. 83 

-82.5 

103.9 

3.  7 

-.524 

-. 00620 

-.  1278 

-.  00830 

B114L2 _ _ 

-3.  53 

1.  79 

1.03 

48.0 

1.83 

-82.6 

103.9 

3.8 

-.  509 

-.  00738 

-.  1197 

-.  00896 

B114L3 . 

-3.47 

1.80 

1.04 

47.0 

2.  73 

-82.6 

106.9 

3.9 

-.487 

-. 00552 

— .  1102 

-.  00699 

E1I4L1 _ 

-3.  69 

1.  77 

.99 

47.6 

2. 14 

-82.5 

97.8 

3.5 

— .  565 

-.  00869 

-.  1479 

-.  01070 

E114L2 _ 

-3.  64 

1.  72 

.98 

48.3 

1.  95 

-83.  3 

106.7 

3.4 

-.512 

-.  00644 

-.  1212 

-.  00772 

E114L3 _ 

-3.  60 

1.78 

1.01 

47.6 

.92 

-82.6 

102.8 

3.7 

-.525 

-. 00901 

-.  1269 

-.01105 

116L1 _ 

-2.  85 

1.49 

.98 

49.5 

3.91 

-83.4 

109.4 

4.4 

-.  390 

-.  00215 

-.  0702 

-.  00248 

110L2 . . 

-2.  78 

1.46 

.99 

50.9 

4.58 

-83.2 

106. 1 

4.5 

-.  393 

-.  00179 

-.  0705 

-.  00197 

11GL3. . . . . 

-2.  76 

1.45 

.98 

51.  1 

4.  32 

-83.2 

105.7 

4.5 

-.392 

-. 00199 

-. 0701 

-.  00217 

115L1 _ _ 

-3. 13 

1.55 

.98 

50.3 

-7.75 

-83.4 

107.9 

4.0 

-.435 

-. 01389 

-.0811 

-.  01514 

115L2 . . . 

-3.  02 

1.49 

.99 

51.2 

-6.  95 

-83.8 

109.3 

3.9 

-.414 

-.01180 

-.  0739 

-.  01238 

]  15L3 _ 

-2.99 

1.51 

.98 

50.4 

-11.25 

-83.6 

110.6 

4.  1 

-.405 

-.01461 

-.  0678 

-.  01553 

TABLE  IV. — SUMMARY  OF  SPIN  RECOVERIES 


TAIL  SURFACES 

NUMBER  OF  TURNS  REQUIRED  FOR  RECOVERY 

LOADING 

SENSE 

Ailerons  neutral,  rudder  reversed 

Stick  forward, 
rudder  reversed 

Rudder  neutral 

Elevator  neutral, 
rudder  reversed 

Stick  free, 
rudder 
reversed 

Controls 

neutral 

Controls 

free 

Fin 

Rudder 

Elevator 

Stick  forward 

Stick  back 

Stick 

neutral 

Aile¬ 

rons 

with 

Ailerons 

against 

Stick 

back 

Stick 

free 

Ailerons 

with 

Ailerons 

against 

PRELIMINARY  TESTS— APPROXIMATE  SPECIFIED  LOAD  (WITH  PARACHUTE  GEAR  AND  INSTRUMENTS) 


1 

F4R  ? 

F4B-2  (34° 

max.  throw). 
F4B-2  (35° 

max.  throw) . 
E4R-3 

F4R-? 

2  )4 
2 

2(4,234 
2)4,2)* 
24 
2  4 

33, 2  2)4, !  3)4,2  3)4 
24, 1,  2  3,  2  3)4 
2  224 
2  1)4 
2  3)4,  2  4 
2  2)4,2  1)4 
1)1H4 
51  D4 
124 
1)4 
154 
2 

2,  2  324,2  3,2  4,124 
1)1 2  2, 2  2)4, 1)4 
124 
1)4 
124 
1)4 

224 

9 

2)4, 224 
124, 124 
1)4 
1 

2)4, 124,  U4 
1)4,3,124 
124 
1)4 
2)4,  2)4 
124,2 

D4,  m 

224,  1)4,2 
124,124 
124, 1)4 
124 
3)4 
124 
224 
124 
124 
1)4 
124 

2)4 

D4 

124,224 

1)4,124 

m 

1 

2  2 
1)4, 1)4 

1  6 
224 

1  6,  19 
224, 124 
3 

3) 4 
6)4, 1  9 

2)4, 3)4, 2)4 
4)4, 1  6 

4) 4 
18, ‘7 

124,  1>4 
2)4.  m 
1,24 
624, 1  6 

2) 4, 1)4 
5,8)4 

2 

1  10 

2)4 

3) 4,  3)4 

1) 4 
1  6 

2) 4 

1  6 
5)4 

1  6, 1  10 
5)4, 524 
3  2)4, 1  6 
3  3, 1  6 

1  8 
18 

Dn 

i  L 

l  - 

fR 

F4R  2 

F4B-2 

iX— 

fR 

*  1)4 
1  1 

53 
5  2)4 

Do _ 

\T/ 

fit 

Dn 

Normal-fradio+raft . 

1  T, 

fR 

Dn 

1  T/ 

fR 

F4R  4 

F4R  4 

fR 

'  9 
1  3 
1  8 

'  9 

Do 

{  T, 

- 

fR 

1)4 

1 

Dn 

Normal-fradio+raft— 

G. - 

fR 

2  24 
124 

Do 

. 

r  r. 

Do 

Normal,  c.  g.  at  27% 
M.  A.  C. 

u . 

fR 

Dn 

Klj - 

fR 

1  7 

1  10 

T - 

- 

FINAL  TESTS— EXACT  SPECIFIED  LOAD  (WITHOUT  PARACHUTE  GEAR) 


F4R  2 

F4B-2. . 

F4B-2 . . 

_ do _ 

Modified - 

Dn 

_  do _ 

_ do _ 

F4R-2 

F4B-3 . 

F4B-2 . . 

Do 

do _ 

. do _  - 

Dn 

_ do.-- . 

Do 

F4R  4 

F4B-4  . . 

_ do _ 

Do 

Do 

_ do _ 

Do 

Do 

do _ 

Modified - 

Do 

.  do _ 

Carrier  overload . 

Stripped.. . 

Carrier  overload . 

Stripped _ 

Normal . . 

Normal +radio+raft~ 

Carrier  overload - 

Stripped... . 

Normal _ 

Normal+radio+raft— 

Carrier  overload - 

Stripped-— . 

Normal _ 


1  No  recovery  daring  number  of  turns  shown. 

2  Rudder  was  moved  against  spin  very  slowly. 

3  Stick  forward  2  turns  before  rudder  was  reversed. 
*  Steady  spin  has  ailerons  with  spin. 


fR _ 

2H 

1  6 

4)4 

2)4 

1  8 

'  7)4 

\L _ 

2)4 

4 

2 

124 

3)4 

‘  7)4 

fR _ 

2 

5)4 

2)4 

2 

1  7 

■  7 

\L _ 

3)4 

1  6 

124 

124 

3)4 

1  6 

fR _ 

1)4 

3)4 

3)4 

2)4 

1  6 

1  6 

\L _ 

1)4 

1  6 

1)4 

1)4 

3)4 

1  7 

fR _ 

2,1)4 

2)4, 1)4 

2)4, 124 

2)4, 1)4 

1  10,  5)4 

1  14 

\L _ 

1)4, 124 

124.D4 

1)4, 1)4 

1)4, 124 

3)4,  324 

1  23,  1  6 

fR _ 

2)4,  2,  2)4 

224,  2 

224,  2)4 

2)4,124 

1  11,  18 

1  16,  i  9 

IT, _ 

1)4, 124,2 

224, 124 

124, 1)4 

1)4,  D4 

124,124,3)4 

1  8,  ■  7 

fR _ 

2)4,121 

2)4, 2)4 

224,2)4 

2,2 

1  9,  >  9 

1  10,  1  8 

\L _ 

1)4,2 

1)4, 1)4 

124,1)4 

1)4. 1 

1)4,  2)4 

1  12, 1  9 

fR _ 

2)4, 1)4 

1  7,  2,  3, 2  8)4 

2)4,  2)4 

2, 124 

1  10,  >  6 

1  11, 1  9 

\L _ 

124,  2)4 

7,124,2)4,2  9 

1)4, 124 

124,1)4 

2)4, 3)4 

1  10, 1  8 

fR _ 

1)4 

1)4 

124 

1)4 

4,6 

t  9, 1  9,  >  10 

{l  _ 

1)4 

124 

1)4 

1)4 

3,3)4 

5,5 

fR _ 

114,1)4 

13,4, 124 

124,1)4 

124,1)4 

'  9 

1  8 

\L _ 

1)4,1 

2, 124, 1  7 

24,1)4.1)4 

1)4. 1)4 

3 

1 

fR _ 

1)4.2 

7  6, 7  10,  7  5)4,  7  6 

1  )4,  2 

1)4, 124 

’6 

1  7, 1  8 

{l - 

1)4, 124 

1)4,  2)4, 3,  2)4 
3)4,  4)4,  3)4.  2)4, 
1)4,2)4,12'4 

1)4, 1)4 

1)4, 1 

3,2 

1  7,'  6 

fR _ 

2, 124, 2)4 

1)4, 124 

124,2 

1)4. 1)4 

1  12, 1  7 

1  20 

\L . 

1)4, 2)4, 1)4 

1  6,124,4.  2,5,  3, 
1)2,  2)4, 1)4 

124,1)4 

1,1)4 

224,2,2)4 

1  9,1  7 

fR _ 

1)4, 1)4 

124, 124 

1)4, 1)4 

1)4,124 

3)4,  3)4 

1  7, '  10 

\L _ 

2, 1)4 

2. 1)4 

1)4, 1)4 

1)4, 1)4 

124, 124 

1  9,1  10 

fR _ 

1)4, 1)4, 1)4 

1)4, 1J-4, 12S 

124,1)4,1)4 

124, 1)4, 1)4 

1  10,  6,  5 

1  20, 1  8, 1  7 

\L - 

1)4, 124,1)4 

1)4,2)4,12411)4,1)4,124 

1 

1)4, 1)4, 1)4 

124, 3, 4 

1  8, 1  7, 1  7 

1)4 

1)4 

124 

1) 4 

2 

1 

2) 4 
1)4 

2)4 

3 

2) 4 
3)4,  2)4 

4)4 

234 

4)4 

3) 4 

4  1)4 

)4,  )4 

5  3)4 
2)4,224 

s  Steady  spin  has  ailerons  against  spin. 

6  Parachute  removed  and  equivalent  ballast  substituted. 

i  Made  to  determine  effect  of  speed  of  rudder  displacement.  No  recovery  during  number  of  turns  shown. 


CO 

CO 


FLIGHT  INVESTIGATION  OF  THE  SPINNING  OF  THE  F4B— 2  BIPLANE 


TABLE  IV.— SUMMARY  OF  SPIN  RECOVERIES— Continued 


TAIL  SURFACES 

NUMBER  OF  TURNS  REQUIRED  FOR  RECOVERY 

Ailerons  neutral,  rudder  reversed 

Stick  forward, 

Rudder  neutral 

Elevator  neutral, 

LOADING 

SENSE 

rudder  reversed 

rudder  reversed 

Stick  free, 

Controls 

neutral 

Controls 

free 

Fin 

Rudder 

Elevator 

Stick  forward 

Stick  back 

Stick- 

neutral 

rudder 

reversed 

Aile- 

Ailerons 

Stick 

Stick 

Ailerons 

Ailerons 

l 

with 

against 

back 

free 

with 

against 

FINAL  TESTS— EXACT  SPECIFIED  LOAD  (WITHOUT  PARACHUTE 

GEAR)— Continued 

IR _ 

1,  ID,  3  2  54, 3  25i 

HI,  HI,3  254+ MO 

Hi,  Hi 

Hi  Hi 

i  7,  i  10 

1  6,  >  8 

F4B-4 _ 

F4B-4  _ 

Modified _ 

Normal+radio+raft . 

3  25i,  3  2+s 
Hi  HI,*2?I,3254, 

3  6,  3  10 
Hi  Hi  3  6.  3  352, 

|l _ 

HI,  Hi 

HI,  HI 

2,  2,  HI 

1  7.  >  7 

3  23 i  3  2?s 

1  7,  6 

Do 

fR . 

2,  3  255 

2,  1 * ■  3  o 

Hi,  Hi 

HI,  15i 

i  7,  Mi 

’  6,  >  7 

\L _ 

Hi  3  2 

Hi  ‘Go 

Hi  l 1  -2 

Hi  HI 
Hi 

294,  3/1 

1  c,  1  r, 
1  6 

Dn 

f  F4B-4  (33° 

(R - 

2 

HI 

25i 

1  0 

l  max.  throw). 

11 _ 

Hi 

2io 

Hi 

1 

2?! 

1  0 

F4B-4  &  fin 

|f'4P-4 

F4R 

fR— ~ 

Hi 

Hi 

Hi 

054 

■  6 

no.  1. 

\L _ 

Bs 

I  0 

HI 

HI 

2U 

4  6 

F4B-4  <fc  fin 

fR _ 

Hi,  15--2 

45i  33 1 

no.  2. 

stripped - 

\L  ... 

1 5-2,  HI 

Dn 

fR . 

Hi  Hi 

Hi,  Hi 

Hi,  HI 

HI,  Hi 

4?i  >  6 

1  6.  1  6 

\l - 

Hi  Hi 

Hi  HI 

1,  HI 

1,  HI 

4,  4 

1  6,  1  6 

F4B-4  &  fin 

| _ do.. . 

. do . 

fR _ 

m 

251 

HI 

HI 

1  0,  1  654 

no.  3. 

o  tripped  _ _ _ 

\L _ 

Hi 

hi 

m 

HI 

Hi 

HI,  HI 

1  6 

Dn 

fR . 

HI 

2 

Hi 

i  6 

|L _ 

Hi 

552,  Hi 

Hi 

HI 

2?I 

1  6 

F4B-4 . 

_ do _ 

F4B-2,  raised.. 

Normal+radio+raft . 

fR  ... 

1,  1.  ?i 

U 

?I,  94,  H 
51,  ?! 

25i,2?!,35i 

?i  H,  5i 

1  5,  1  5 

1  3,  1  5 

HI,  25i,  2 

94,  94.  1 

5i,  5i  5i 

, - 

5i  5i 

\j 

?! 

1, 254 

HI,  HI 

?i  H,  ?! 

4  l,  4  l,  4  l 

«HI,sHI,8Hi 
HI,  1 
Hi  l 

?i  5i.  ?i 

[F4B-2,  inter- 

} - do . . 

fR _ 

1,  1,  l 

151,  Hi 

Hi  Hi 

Hi,  HI 

4?i,  i  5 

. 

Hi,  1 

25i,  251 
HI,  254 

?I,  1 

\  mediate. 

(l 

1,  Hi.  HI,  !i  15i 

Hi,  Hi 

Hi,  HI 

2,  45i 

_ 

Hi  1 

'*•  1 

1  No  recovery  during  number  of  turns  shown.  4  Steady  spin  has  ailerons  with  spin. 

3  Rudder  was  moved  against  spin  very  slowly.  3  Steady  spin  has  ailerons  with  spin.  Recovery  depends  on  speed  of  rudder  displacement. 

3  Stick  forward  2  turns  before  rudder  was  reversed. 
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CHARACTERISTICS  OF  THE  N.  A.  C.  A.  23012  AIRFOIL  FROM  TESTS  IN  THE 

FULL-SCALE  AND  VARIABLE-DENSITY  TUNNELS 

By  Eastman  N.  Jacobs  and  William  C.  Clay 


SUMMARY 

This  report  gives  the  results  oj  tests  in  the  N.  A.  C.  A. 
full-scale  and  variable-density  tunnels  oj  a  new  wing 
section,  the  N.  A.  C.  A.  23012,  which  is  one  oj  the  more 
promising  oj  an  extended  series  oj  related  airjoils  re¬ 
cently  developed.  The  tests  were  made  at  several  values 
oj  the  Reynolds  Number  between  1,000,000  and  8,000,000. 

The  new  air j oil  develops  a  reasonably  high  maximum 
lift  and  a  low  projile  drag,  which  results  in  an  unusually 
high  value  oj  the  speed-range  index.  In  addition,  the 
pitching-moment  coejficient  is  very  small.  The  superi¬ 
ority  oj  the  new  section  over  well-known  and  commonly 
used  sections  oj  small  camber  and  moderate  thickness  is 
indicated  by  making  a  direct  comparison  with  variable- 
density  tests  oj  the  N.  A.  C.  A.  2212,  the  well-known 
N.  A.  C.  A.  jamily  airjoil  that  most  nearly  resembles  it. 
The  superiority  is  jurther  indicated  by  comparing  the 
characteristics  with  those  obtained  jrom  jull-scale-tunnel 
tests  oj  the  Clark  Y  airjoil. 

A  comparison  is  made  between  the  results  jor  the  newly 
developed  airjoil  from  tests  in  the  N.  A.  C.  A.  variable- 
density  and  full-scale  wind  tunnels.  When  the  results 
from  the  two  tests  are  interpreted  on  the  basis  oj  an 
tl  effective  Reynolds  Number”  to  allow  jor  the  effects  oj 
turbulence,  reasonably  satisjactory  agreement  is  obtained. 

INTRODUCTION 

As  a  continuation  of  the  investigation  recently  com¬ 
pleted  of  a  large  family  of  related  airfoils  (reference  1), 
two  new  series  of  related  airfoils  have  been  built  and 
tested  in  the  variable-density  tunnel.  The  original 
investigation  indicated  that  the  effects  of  camber  in 
relation  to  maximum  lift  coefficients  are  more  pro¬ 
nounced  when  the  maximum  camber  of  the  mean  line 
of  an  airfoil  section  occurs  either  forward  or  aft  of  the 
usual  positions.  The  after  positions,  however,  are 


of  lesser  interest,  owing  to  adverse  effects  on  the 
pitching-moment  coefficients,  and  the  forward  positions 
could  not  be  satisfactorily  investigated  with  the  mean 
lines  available  in  the  original  family. 

One  series  of  the  new  airfoils  having  the  forward 
camber  position  appears  to  be  of  particular  interest. 
The  mean-line  shapes  for  this  series  are  designated  by 
numbers  thus:  10,  20,  30,  40,  and  50,  where  the  second 
digit  (0)  represents  the  numerical  designation  for  the 
entire  series  and  the  first  refers  to  the  position  of  the 
maximum  camber.  These  positions  behind  the  lead¬ 
ing  edge  are  0.05u,  0.10c,  0.15c,  0.20c,  and  0.25c, 
respectively. 

The  mean  line  having  the  shape  designation  30  and 
a  camber  of  approximately  0.02c  (designated  230) 
when  combined  with  the  usual  family  thickness  dis¬ 
tribution  of  0.12c  maximum  thickness  produces  the 
N.  A.  C.  A.  23012  section.  This  airfoil  section  ap¬ 
peared  to  be  one  of  the  most  promising  investigated  in 
the  variable-density  tunnel.  A  preliminary  announce¬ 
ment  of  this  section,  then  referred  to  as  the  “N.  A. 
C.  A.  A-312”,  was  made  at  the  Ninth  Annual  Aircraft 
Engineering  Research  Conference  in  May  1934. 

At  the  subsequent  request  of  the  Bureau  of  Aero¬ 
nautics,  Navy  Department,  a  6-  by  36-foot  model  of 
the  N.  A.  C.  A.  23012  airfoil  was  tested  in  the  N.  A. 
C.  A.  full-scale  tunnel  to  verify  the  aerodynamic 
characteristics  found  for  this  airfoil  in  the  variable- 
density  tunnel.  This  test  was  made  possible  through 
the  cooperation  of  the  Chance  Nought  Corporation, 
who  constructed  the  wing  and  supplied  it  to  the  Com¬ 
mittee  for  the  purpose.  The  present  report  has  been 
prepared  to  present  and  compare  the  results  of  the 
tests  of  the  N.  A.  C.  A.  23012  section  made  in  the 
N.  A.  C.  A.  variable-density  and  full-scale  tunnels  and 
to  compare  the  results  with  those  for  well-known 
sections. 
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0 

t.25  2.67 
2.5]  3.61 
5.0  4.91 
7.5!  5.80 
10  6.43 
/5  7.13 
20  7.50 
25  7.60 
30  7.55 
40  7. 14 
50  6.41  -4.17 

60  5.47  !  -3.67 
70  4.36  -  3.00 

I 80  3.08  -2.16 

90  1.66  .  -  1.23 
95  .92  -  .70 

\/00\  (J3)\  (-.13) 
\/00\  -  |  0 
L.E.Rod.:  1.58 
I Slope  of  radius 
l through  end  of 
chord:  0.305 


4  4-Hr- 

X 

— — 

.  .  u 

r: — f - 

1- 

n  i  - 

0  20  40  60  80 

Percenf of  chord 


_.A,  Aerodynamic 
center. 

P,  */)  chord 
position. 
roc=  1.2 
y-r  7.2 


-4 


■8 


sj 


Airfoil.  N.A.C.A.  23012  R.N..  See  * 
Size .  5"x  30  "  Vei  (ff./sec.) :  70. 0 „ 
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Figure  1.— The  N  A.  C.  A.  23012  airfoil.  Variable-density  wind  tunnel:  standard  test. 
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Figeire  2.— The  N.  A.  C.  A  23012  airfoil.  Variable-density  wind  tunnel:  reduced  Reynolds  Number. 
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DESCRIPTION  OF  THE  AIRFOIL  SECTION 

The  mean-line  shape  for  the  series  to  which  the 
N.  A.  C.  A.  23012  belongs  was  derived  empirically  to 
have  a  progressively  decreasing  curvature  from  the 
leading  edge  aft.  Somewhat  behind  the  maximum- 
camber  position,  the  curvature  of  the  mean  line  de¬ 
creases  to  zero  and  remains  zero  from  this  point  aft; 
that  is,  the  mean  line  is  straight  from  this  point  to  the 
trailing  edge.  The  230  mean  line  has  its  maximum 
camber  at  a  position  0.15c  behind  the  leading  edge. 
The  camber  is  not  exactly  2  percent  but  was  deter¬ 
mined  by  the  condition  that  the  ideal  angle  of  attack 
for  the  mean  line  should  correspond  to  a  lift  coefficient 
of  0.3,  a  value  corresponding  approximately  to  the 
usual  conditions  of  high-speed  or  cruising  flight.  The 
N.  A.  C.  A.  23012  airfoil  results  from  the  combination 
of  the  230  mean  line  with  the  usual  N.  A.  C.  A.  thick¬ 
ness  distribution  of  0.12c  maximum  thickness  by  the 
method  described  in  reference  1 .  The  airfoil  profile  and 
a  table  of  ordinates  at  standard  stations  are  presented 
in  figure  1 .  In  order  to  give  a  basis  for  the  develop¬ 
ment  of  related  airfoils  of  different  thicknesses,  the 
ordinates  y  of  the  N.  A.  C.  A.  230  mean  line  are  given 
as  follows: 

Nose,  from  x=0  to  x=m 

y=\  Ada:3  —  3  mx2  -)-  m2  (3  —  m  )x] 

0 

Tail,  from  x=m  to  x=l 

k  vn?{  1  —x) 

where,  for  the  230  mean  line,  m— 0.2025  and  k  =  15.957. 

VARIABLE-DENSITY-TUNNEL  TESTS  AND  RESULTS 

Routine  measurements  of  lift,  drag,  and  pitching 
moment  were  originally  made  at  a  Reynolds  Number 
of  approximately  3,000,000  to  compare  the  various 
airfoils  of  the  forward-camber  series  under  the  con¬ 
ditions  of  a  standard  20-atmospliere  test  in  the 
variable-density  tunnel.  Later  the  N.  A.  C.  A.  23012 
airfoil  was  retested  as  a  part  of  a  general  investigation 
of  scale  effect.  The  data  presented  in  this  report  were 
taken  from  the  latter  tests  which  were  made  at  several 
values  of  the  Reynolds  Number  between  42,400  and 
3,090,000. 

The  test  results  obtained  in  connection  with  the 
for  ward-camber  airfoil  investigation,  as  well  as  the 
complete  results  of  the  scale-effect  investigation,  are 
omitted  from  this  report  but  both  sets  of  results  will 
appear  subsequently  in  reports  on  the  respective  sub¬ 
jects.  Complete  results  are  given,  however,  from  tests 
at  two  values  of  the  Reynolds  Number  (figs.  1  and  2). 
Some  additional  data  taken  from  the  available  tests  at 
other  values  of  the  Reynolds  Number  are  also  pre¬ 
sented  with  the  discussion  to  indicate  the  scale  effect  for 
some  of  the  important  characteristics. 


Descriptions  of  the  variable-density  tunnel,  methods 
of  testing,  standard  airfoil  models,  and  the  accuracy  of 
the  tests  are  given  in  references  1  and  2.  The  sys¬ 
tematic  errors  mentioned  in  reference  1  have  since  been 
largely  eliminated  by  allowing  for  the  deflection  of  the 
model  supports  and  correcting  for  the  errors  involved 
in  the  measurement  of  the  air  velocity.  As  an  aid  in 
evaluating  differences  between  results  from  the  two 
tunnels,  the  estimated  errors  from  reference  1  are 
reproduced  as  follows: 


Errors  due 

Quantity  measured 

Accidental 

errors 

to  support 
interfer- 

ence 

or _  _  _ .  _  _  _ 

±0.  15° 

±0.  05° 

c,  ...  ... 

r  ,oi 

\  -.03 

.  00 

m  ax 

— .  02 

cm  _  _  _ 
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±.001 

m  a-  e- 

r  .  oooo 

.  0002 

c  - - — 

{  0002 

.  0000 

C,  (C  =1)  .  ... 

/  .  0015 

\  -.  0008 

1  ±.0010 

Dqv  l  ' . 

) 

FULL-SCALE-TUNNEL  TESTS  AND  RESULTS 


A  description  of  the  full-scale  wind  tunnel  and  equip¬ 
ment  is  given  in  reference  3.  The  N.  A.  C.  A.  23012 
airfoil  was  mounted  in  the  tunnel  on  two  supports 


Figure  3. — The  N.  A.  C.  A.  23012  airfoil  mounted  in  the  full-scale  wind  tunnel. 

that  attached  to  the  one-quarter-cliord  point  (fig.  3). 
The  general  arrangement  was  similar  to  that  used  in 
testing  a  series  of  Clark  A"  airfoils  (reference  4). 

The  airfoil  had  a  chord  of  6  feet  and  a  span  of  3G 
feet.  The  frame  was  constructed  of  wood  and  cov- 
|  ered  with  sheet  aluminum.  The  surface  was  smooth 
and  the  section  throughout  was  not  in  error  by  more 
than  ±0.06  of  an  inch  from  the  specified  ordinates. 

The  lift,  drag,  and  pitching  moments  were  measured 
throughout  a  range  of  angles  of  attack  from  —8° 
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to  25°.  These  tests  were  made  at  5  different  air 
speeds  between  30  and  75  miles  per  hour  corresponding 
to  values  of  the  Reynolds  Number  between  1,600,000 
and  4,500,000.  The  maximum  lift  was  not  measured 
at  speeds  above  75  miles  per  hour  as  the  wing  was  not 
designed  for  the  loads  under  these  conditions.  Addi¬ 
tional  tests  to  determine  the  scale  effect  on  minimum 
drag  were  made  at  several  speeds  up  to  120  miles 
per  hour  corresponding  to  a  Reynolds  Number  of 
6,600,000. 

The  interference  of  the  airfoil  supports  upon  the  air¬ 
foil  was  determined  by  adding  a  duplicate  supporting 


are  given  for  the  airfoil  of  infinite  aspect  ratio.  Values 
of  the  pitching-moment  coefficient  about  the  aero¬ 
dynamic  center,  Cm<i  c  ,  are  considered  independent  of 
aspect  ratio  and  are  tabulated  against  CL.  The  loca¬ 
tion  of  the  aerodynamic  center  ( x ,  y)  is  given  as  a 
fraction  of  the  chord  ahead  and  above  the  quarter- 
chord  point.  A  typical  plot  of  the  data  from  table  VI 
is  given  in  figure  4. 

Curves  summarizing  variations  of  these  principal 
characteristics  that  change  with  Reynolds  Number  are 
given  in  figures  5  to  9.  Curves  obtained  from  similar 
full-scale-tunnel  tests  on  the  Clark  Y  airfoil  are 


strut  at  the  center  of  the  wing.  This  “dummy”  sup¬ 
port  was  not  connected  to  the  airfoil  or  to  the  balance 
and  all  changes  in  the  measured  forces  with  the  strut 
in  place  could  be  attributed  to  its  interference.  Dou¬ 
bling  the  effect  of  this  single  dummy  support  was 
considered  to  account  for  the  total  interference  of  the 
two  airfoil  supports.  All  the  data  are  corrected  for 
wind-tunnel  effects  and  tares.  The  corrections  are 
the  same  as  those  used  for  the  corresponding  Clark  Y 
airfoil  (reference  4). 

The  results  of  the  full-scale-tunnel  tests  of  the 
N.  A.  C.  A.  23012  airfoil  are  given  in  tables  IV  to  VIII. 
The  values  of  CL,  a,  CD,  LjD,  and  c.  p.  are  tabulated 
for  the  airfoil  of  aspect  ratio  6  and  values  of  a0  and  Cno 


presented  in  these  figures  for  purposes  of  comparison. 
These  curves  are  presented  in  semilogarithmic  form  to 
assist  in  extrapolation  to  higher  values  of  the  Reynolds 
Number.  Figure  5  shows  the  variation  of  the  maxi¬ 
mum  lift  coefficient  for  the  two  airfoils;  the  scale  effect 
on  the  angle  of  attack  at  zero  lift  for  the  airfoil  section 
is  shown  in  figure  6;  figure  7  gives  the  effect  of  Rey¬ 
nolds  Number  on  the  slope  of  the  profile-lift  curve; 
and  figures  8  and  9  show,  respectively,  the  scale-eflect 
variation  of  the  drag  coefficient  at  zero  lift  and  the 
minimum-profile-drag  coefficient. 

A  detailed  discussion  of  the  precision  of  airfoil  tests 
in  the  full-scale  tunnel  is  given  in  reference  4.  In 
brief,  it  may  be  mentioned  that  a  consideration  of  all 
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the  contributing  errors  involved  in  these  tests  gives 
the  following  estimated  precision: 

a=±0.1° 


C,= 


±0.0.3 


that  of  the  Clark  Y  (reference  4)  shows  that  the  new 
airfoil  has  a  sharper  break  at  maximum  lift  than  does 
the  Clark  Y. 

The  curves  of  the  angle  of  attack  of  zero  lift  for  the 
two  airfoils  are  shown  in  figure  6.  The  Clark  Y  has  a 


dC 


1 

'L 


=  ±0.0015  per  degree 


CDq(Cl=  0)=  ±0.0004 
CDo  «7z  =  1.0)=  ±0.0015 
Cmac  =±0.003 


x=  ±0.005  chord 


y—  ±0.03  chord 


=  ±1.0 


Figure  5.— Maximum  lift  coefficients.  Variation  with  Reynolds  Number  from 
tests  in  the  full-scale  wind  tunnel. 

DISCUSSION 


Comparison  with  the  Clark  Y. — The  comparison  be¬ 
tween  the  new  section  and  the  Clark  Y  section  is  en¬ 
tirely  based  on  the  test  results  from  the  full-scale 
tunnel.  The  curves  in  figure  5  show  that  the  maximum 
lift  coefficients  for  the  two  airfoils  differ  by  little  more 
than  the  experimental  error.  The  scale  effect  on  the 
maximum  lift  coefficient  for  the  new  airfoil  is,  however, 
slightly  greater  than  that  for  the  Clark  Y  within  the 
range  of  Reynolds  Numbers  tested.  The  results  indi¬ 
cate  that  the  coefficient  for  the  N.  A.  C.  A.  23012  is 
somewhat  greater  than  that  for  the  Clark  Y  at  Rey¬ 
nolds  Numbers  above  3,000,000.  A  comparison  of 
tlie  shape  of  the  lift  curve  of  the  23012  (fig.  4)  with 


Figure  6.— Angle  of  attack  for  zero-lift  variation.  Variation  with  Reynolds 
Number  from  tests  in  the  full-scale  wind  tunnel. 


considerable  scale  effect;  whereas  the  N.  A.  C.  A.  23012 
is  unaffected  by  changes  in  Reynolds  Number.  At  zero 
lift  a  large  adverse  gradient  of  pressure  exists  at  the 
forward  portion  of  the  lower  surface  of  the  Clark  Y 
that  probably  results  in  an  early  disturbance  of  the 


Figure  7.—  Lift-curve  slope.  Variation  with  Reynolds  Number  from  tests  in  the 

full-scale  wind  tunnel. 


flow  at  the  leading  edge  (reference  4).  This  condition 
of  flow  lias  a  critical  effect  on  the  angle  of  zero  lift  and 
varies  considerably  with  Reynolds  Number.  The 
N.  A.  C.  A.  23012  airfoil  has  much  less  camber  than 
the  Clark  Y  and  the  general  profile,  which  is  more 
nearly  symmetrical,  sets  up  a  flow  about  the  leading 
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edge  that  is  not  critical;  lienee,  the  effects  of  scale  on 
the  angle  of  zero  lift  should  be  small.  This  view  is 
supported  by  the  tests  in  the  full-scale  and  variable- 
density  tunnels. 

Figure  7  shows  that  the  slope  of  the  lift  curve  for  the 
N.  A.  C.  A.  23012  airfoil  is  slightly  higher  than  that 
for  the  Clark  Y.  Both  sets  of  results  indicate  that 
the  lift-curve  slope  increases  slightly  with  Reynolds 
Number. 

The  curves  of  drag  coefficient  at  zero  lift  (fig.  8) 
and  minimum  profile-drag  coefficient  (fig.  9)  show  that 
the  drag  of  the  N.  A.  C.  A.  23012  airfoil  is  definitely 
lower  than  that  of  the  Clark  Y.  These  figures  also 
indicate  that  the  drag  decreases  more  rapidly  with  an 
increase  of  Reynolds  Number  for  the  new  airfoil  than 
for  the  Clark  Y.  It  should  be  mentioned  that  the 
minimum-profile-drag  results  are  relatively  inaccurate 
as  compared  with  the  drag  at  zero  lift  so  that  caution 
will  be  used  in  extrapolating  them  to  higher  values 
of  the  Reynolds  Number. 

The  remaining  important  characteristics  for  one 
value  of  the  Reynolds  Number  are  presented  for  com- 


Fjgure  8.— Drag  coefficient  at  zero  lift.  Variation  with  Reynolds  Number  from 
tests  in  the  full-scale  wind  tunnel. 

parison  in  the  following  table.  The  method  of  obtain¬ 
ing  the  ratios  of  CLmaJCDnmin  in  the  table  is  somewhat 

fallacious  as  both  the  lift  and  drag  values  were  taken 
at  the  same  Reynolds  Number;  whereas  in  flight  the 
two  conditions  occur  at  different  air  speeds.  The 
comparative  ratios  indicate,  however,  that  the  speed 
range  of  the  new  airfoil  is  much  betier  than  that  of 
the  Clark  Y.  As  the  result  of  the  smaller  camber  of 
the  N.  A.  C.  A.  23012  as  compared  with  the  Clark  Y, 
CL  ,  the  lift  coefficient  corresponding  to  the  minimum- 
profile-drag  coefficient,  might  be  expected  to  be  con¬ 
siderably  less.  Airfoils  such  as  the  N.  A.  C.  A.  23012 
having  the  camber  well  forward  tend,  however,  to  have 
higher  optimum  lift  coefficients  than  airfoils  with  usual 
mean-line  shapes.  Actually,  table  I  indicates  that  the 
optimum  lift  coefficients  for  the  two  sections  are  nearly 
equal. 


TABLE  I 

FULL-SCALE  WIND-TUNNEL  TESTS  COMPARING 
N.  A.  C.  A.  23012  AND  CLARK  Y  AIRFOILS 


At  R.  N.  =  4,500,000 


Characteristic 

N.  A.  C.  A. 
23012 

Clark  Y 

^  Lm  ax - 

“.^(degrees)-  _ _  .  _  _ 

1.50 

-1.2 

1.47 

-5.5 

a  —  decrepi 

.  101 

.  09S 

0  tfoj 

Co,  .  _____ 

.  0069 

.  0086 

min 

c,.opl_  _  _ 

i  .  19 

i  .20 

.007 

-i  .  075 

Aerodynamic' 

center 

X 

c 

y 

c 

i  .015 

i  .  06 

«  .025 

1  .  11 

^  T  max!  CD0m 

208 

161 

.0078 

.0088 

jin _  _  _  _  .  _ 

25.0 

21.5 

Ci.  at  (LID)  „ 

i  .3 

i  .4 

c.  p.  forward  position  (percent  c) - 

c.  p.  at  CL— 0.3  (percent  c) _ 

i  25.0 
•  25.  7 

>  29.5 
‘  48.5 

i  No  consistent  variation  with  changes  in  Reynolds  Number. 


Following  a  recently  adopted  standard  procedure, 
pitching-moment  coefficients  are  referred  to  the  aero- 
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Figure  9. — Minimum  profile-drag  coefficient.  Variation  with  Reynolds  Number 
from  tests  in  the  full-scale  wind  tunnel. 


dynamic  center  rather  than  to  the  quarter-chord 
point.  This  procedure  is  considered  preferable  be¬ 
cause,  by  definition,  a  constant  pitching-moment  co¬ 
efficient  is  obtained  throughout  the  flight  range.  The 
average  values  of  the  pitching-moment  coefficients 
thus  found  for  the  two  airfoils  together  with  the  mean 
location  of  the  aerodynamic  center  are  given  in  the 
table.  The  coefficient  for  the  N.  A.  C.  A.  23012  airfoil 
is  very  small  and  is  only  about  9  percent  of  the  value 
found  for  the  Clark  Y. 

In  brief,  it  may  be  concluded  from  the  results  that 
the  N.  A.  C.  A.  23012  airfoil  with  the  exception  of  a 
sharper  break  in  the  lift  curve  is  superior  in  all  respects 
to  the  Clark  Y  airfoil. 

Comparison  with  the  N.  A.  C.  A.  2212. — Anothercom- 
parison  between  the  new  section  and  a  well-known  sec¬ 
tion  is  afforded  by  table  II,  in  which  are  compared  the 
important  characteristics  of  the  N.  A.  C.  A.  23012  and 
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the  N.  A.  C.  A.  2212  sections.  For  this  purpose  only 
standard  20-atmospliere  test  results  from  the  variable- 
density  tunnel  corresponding  to  an  “effective  Reynolds 
Number”  (discussed  later)  of  approximately  8,000,000 
are  employed.  These  are  the  usual  test  results  from 
the  standard  plot  in  figure  2  except  that  the  drag  co¬ 
efficients  have  been  reduced,  as  indicated  in  this  figure 
and  discussed  later,  to  allow  for  the  reduction  in  the 
skin-friction  drag  to  be  expected  in  passing  from  the 
test  Reynolds  Number  to  the  higher  effective  Reynolds 
Number.  The  Reynolds  Number  of  8,000,000  at 
which  the  comparison  is  made,  corresponds  approxi¬ 
mately  to  that  for  a  modern  two-engine  transport  air¬ 
plane  flying  near  its  minimum  speed. 

TABLE  II 

COMPARISON  OF  N.  A.  C.  A.  23012  AND  2212  AIRFOILS 


Characteristic 

N.  A.  C.  A. 
23012 

N.  A.  C.  A. 
2212 

Effective  R.  N _ _ 

Test  R.  N _  _  _ 

CL 

max - - - 

at,  (degrees) _  . . 

a  dCL 

°~d  (per  degree) _ 

“o 

Cl,  „  - 

Omin - -  - -  -  -  -  - 

^'Lopt - 

Cma.c _ 

(J 

Aerodynamic  center) c 
r 

[  C 

8,  160,  000 

3,  090,  000 

1.61 

-1.2 

.  104 

.0074 

.  16 

-.008 

.  012 

.07 

8,  500, 000 

3,  220,  000 

1.  60 
-1.8 

.  103 

.0076 

.  17 

-.029 

009 

.05 

CKaJCl‘0min 

m  in - - - 

217 

210 

Cd  . 

.0077 

.0077 

(L/D)  max _ 

23.8 

23.9 

Cl  at  (L/D)  max.-  - 

.36 

.40 

c.  p.  forward  position  (percent  c) . 

23.  6 

27.0 

c.  p.  at  Vi  Cl  maz  (percent  c) - 

25.9 

31.  6 

All  the  important  characteristics  of  the  two  sections 
are  compared  in  a  form  that  requires  practically  no 
discussion.  It  will  be  noted  that  the  characteristics  of 
the  N.  A.  C.  A.  23012  are  approximately  the  same  as,  or 
slightly  superior  to,  those  of  the  N.  A.  C.  A.  2212  except 
that  the  pitching-moment  characteristics  of  the  new 
airfoil  are  markedly  superior.  The  N.  A.  C.  A.  23012 
airfoil  should  therefore  be  used  in  preference  to  the 
N.  A.  C.  A.  2212  for  airplanes  requiring  this  general 
type  of  airfoil  section. 

Comparison  of  variable-density-tunnel  and  full-scale- 
tunnel  results. — The  comparison  of  the  results  from  the 
two  tunnels  is  made  first  at  one  value  of  the  “effective 
Reynolds  Number”  by  means  of  table  III,  which  lists 
all  the  important  characteristics  at  one  value  of  the 
Reynolds  Number,  and  later  by  a  more  detailed  com¬ 
parison  of  the  characteristics  that  show  marked  varia¬ 
tions  with  Reynolds  Number  within  the  full-scale 
range.  In  the  table,  the  results  from  the  variable- 
density  tunnel  were  taken  directly  from  figure  2.  The 
results  from  the  full-scale  tunnel  were  taken  from 
curves  representing  variations  of  the  different  char¬ 
acteristics  with  Reynolds  Number. 


TABLE  III 

COMPARISON  OF  RESULTS  FROM  TWO  TUNNELS 
N.  A.  C.  A.  23012  AIRFOILS 


Characteristic 


Effective  R.  N. 
Test  R. 

/nr 

L  max - 

aLo  (degrees)  _ . . 


a  dO. 


o=  -  (per  degree). 


(la, 


opt  - 


Cl) 

o 

Cl. 

c, 


Aerodynamic  center) c 
I V 
[c 

C!omfn 

(L/D)  max - 

C'L  at  (L/D)  max 


Full-scale 

tunnel 

Variable- 

density 

tunnel 

3,  400,  000 

3,  400,  000 

3,  090,  000 

1,286,000 

1.  40 

1.  43 

-1.  2 

—  1.  2 

.  099 

.  102 

.  0072 

.0084 

.  19 

.  16 

-.  007 

-.007 

.015 

.013 

.06 

.05 

.  0081 

.  0086 

24.  1 

22.  5 

.30 

.40 

The  method  of  comparison  employed  utilizes  the 
concept  of  an  effective  Reynolds  Number  in  order J to 
allow  for  the  effects  of  the  turbulence  present  in  the 
wind  tunnels.  This  method,  which  was  first  proposed 
in  reference  5  and  is  discussed  in  the  succeeding  para¬ 
graphs,  appears  to  he  the  best  at  present  available  for 
the  interpretation  of  wind-tunnel  results  as  applied  to 
flight. 

Marked  scale  effects,  such  as  the  rapid  decrease  of 
drag  coefficient  with  Reynolds  Number  for  the  sphere, 
the  rapid  increase  of  the  maximum  lift  coefficient  for 
some  airfoils,  and  the  increase  of  drag  coefficient  for 
skin-friction  plates,  are  associated  with  a  transition  of 
the  boundary-layer  flow  from  laminar  to  turbulent. 
Numerous  experiments  including  Reynolds’  original 
classic  experiments  have  indicated  that  the  transition 
occurs  at  progressively  lower  values  of  the  Reynolds 
Number  as  the  “unsteadiness”,  or  initial  turbulence, 
of  the  general  air  stream  is  increased.  Hence,  when 
turbulence  is  introduced  into  the  air  stream  of  a  wind 
tunnel,  these  marked  scale  effects  appear  at  a  progres¬ 
sively  lower  value  of  the  Reynolds  Number  as  the 
air-stream  turbulence  is  increased.  In  a  wind  tunnel 
having  turbulence,  the  flow  that  is  observed  at  a  given 
Reynolds  Number  therefore  corresponds  approximately 
to  the  flow  that  would  be  observed  in  a  turbulence-free 
stream  at  a  higher  value  of  the  Reynolds  Number. 
The  observed  coefficients  and  scale  effects  likewise 
correspond  more  nearly  to  a  higher  value  of  the 
Reynolds  Number  in  free  air  than  to  the  actual  test 
Reynolds  Number  in  the  turbulent  stream.  It  is  then 
advisable  to  refer  to  this  higher  value  of  the  Reynolds 
Number  at  which  corresponding  flows  would  be  ob¬ 
served  in  free  air  as  the  “effective  Reynolds  Number” 
of  the  test  and  to  make  comparisons  and  apply 
the  tunnel  data  to  flight  at  that  value  of  the  Reynolds 
Number. 

As  regards  the  relation  of  the  effective  Reynolds 
Number  to  the  test  Reynolds  Number,  it  appears  that 
a  factor,  which  will  be  referred  to  as  the  “turbulence 
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factor”,  may  ho  applied  to  the  test  Reynolds  Number 
to  obtain  the  effective  Reynolds  Number.  The  value 
of  the  turbulence  factor  for  a  given  wind  tunnel  may 
be  determined  by  a  comparison  of  sphere  drag  tests  or 
airfoil  maximum-lift  tests  in  the  wind  tunnel  and  in 
flight.  Because  the  factors  determined  by  the  two 
methods  might  not  agree,  the  airfoil  method  is  con¬ 
sidered  preferable;  but  adequate  data  on  maximum  lift 
coefficients  are  not  available  for  making  the  comparison 
between  both  the  full-scale  tunnel  and  the  variable- 
density  tunnel  and  flight  by  this  method.  A  value  of 
the  factor  of  2.4  was  tentatively  established  between 
the  variable-density  tunnel  and  the  full-scale  tunnel 
by  a  comparison  of  tests  of  Clark  Y  airfoils  in  both 
tunnels.  This  value  was  employed  in  reference  5, 
assuming  the  factor  for  the  full-scale  tunnel  to  be 
unity  (no  turbulence). 

The  assumption  that  the  factor  is  unity  for  the  full- 
scale  tunnel  is  approximately  correct  because  dif¬ 
ferences  in  the  turbulence  between  the  full-scale  , 
tunnel  and  flight  produce  only  small  changes  in  the 


Figure  10.— Drag  coefficient  at  zero  lift.  Comparison  of  results  from  variable- 
density  and  full-scale  wind  tunnels. 


maximum  lift  coefficient,  probably  within  the  experi¬ 
mental  accuracy  for  most  airfoils.  Recent  comparative 
sphere  tests  in  the  full-scale  tunnel  and  in  flight  have, 
however,  indicated  that  the  factor  for  the  full-scale 
tunnel  may  be  taken  as  approximately  1.1  instead  of 
1.0  in  deriving  the  factor  for  the  variable-density 
tunnel.  The  corresponding  value  for  the  variable- 
density  tunnel  then  becomes  2. 4X1.1  or  2.64.  These 
turbulence  factors  are  used  throughout  this  report  to 
derive  values  of  the  effective  Reynolds  Number. 
Incidentally,  it  may  be  noted  that  sphere  tests  in  the 
variable-density  tunnel  and  in  flight  indicate  values  for 
the  turbulence  factor  in  approximate  agreement  with 
the  values  given ;  the  actual  values  derived  from  sphere 
tests  are,  however,  dependent  on  the  size  of  the  spheres 
employed. 

The  results  of  the  test  at  a  given  Reynolds  Number 
might  be  directly  applied  at  the  higher  effective 
Reynolds  Number;  however,  one  change  for  which  ap¬ 
proximate  allowance  may  be  made  is  to  be  expected  in 
passing  to  the  higher  Reynolds  Number.  The  part  of 


the  drag  associated  with  skin  friction  is  known  to  de¬ 
crease  with  the  Reynolds  N umber.  Therefore,  although 
the  conditions  as  applying  to  the  transition  from  lam¬ 
inar  to  turbulent  flow  may  be  considered  as  reproduc¬ 
ing  those  at  the  higher  effective  Reynolds  Number,  the 
value  of  the  drag  coefficient  should  be  reduced  in  pass¬ 
ing  to  the  effective  Reynolds  Number.  The  actual 
value  of  this  increment  that  should  be  subtracted  is 
somewhat  uncertain,  but  a  value  determined  as  sue- 

o 

gested  in  reference  5  is  used  in  this  report  for  correcting 
the  variable-density-tunnel  results.  The  evaluation  of 
the  increment  is  based  on  the  assumption  that  at  the 
higher  values  of  the  Reynolds  Number  encountered  in 
flight,  when  the  profile-drag  coefficient  is  of  importance, 
most  of  the  profile  drag  is  due  to  skin  friction  from  the 
turbulent  boundary  layer.  The  increment  may  then 
be  determined  from  Prandtl’s  analysis  of  the  completely 
turbulent  sldn-friction  layer  (reference  6)  as  the 
amount  by  which  the  skin-friction-drag  coefficient 
decreases  in  the  Reynolds  Number  range  from  the 
test  Reynolds  Number  to  the  effective  Reynolds 
Number.  Thus,  when  the  standard  airfoil  test  results 
from  the  variable-density  tunnel  at  a  test  Reynolds 
Number  of  approximately  3,000,000  are  applied  to 
flight  at  the  effective  Reynolds  Number  of  approxi¬ 
mately  8,000,000,  the  measured  profile-drag  coefficients 
should  be  corrected  by  deducting  the  increment  0.0011. 

It  should  be  emphasized  that  the  values  employed 
in  this  report  for  both  the  turbulence  factor  and  the 
drag  increment  should  be  considered  as  only  tentative 
approximations.  The  values  may  be  revised  as  the 
result  of  further  tests  now  on  the  program  at  the 
Committee’s  laboratory.  In  particular,  the  fact  that 
the  skin-friction  coefficient  for  airfoils  tends  to  be 
higher  than  for  flat  plates  (upon  which  the  present 
value  of  drag  increment  is  based)  agrees  with  the 
present  results  in  indicating  that  the  drag  increment 
may  be  too  low. 

The  comparison  between  the  profile-drag  results 
from  the  two  tunnels  may  be  made  on  the  above- 
described  basis  by  comparing  the  dotted  curve  in 
figure  2  with  the  profile-drag  curve  from  the  full- 
scale  tunnel  in  figure  4,  although  the  values  of  the 
effective  Reynolds  Number  differ  slightly.  A  better 
comparison  is  afforded  by  the  curves  in  figures  10  and 
11  representing  variations  of  certain  characteristics 
with  the  effective  Reynolds  Number.  It  will  be  noted 
that  the  results  from  the  full-scale  tunnel  indicate 
somewhat  lower  profile-drag  coefficients  but  that  the 
differences  are  smaller  at  zero  lift  where  the  results 
are  more  reliable  owing  to  the  absence  of  several  more 
or  less  uncertain  corrections  involved  in  deducing  the 
profile-drag  coefficient  when  the  airfoil  is  developing 
lift. 

Idie  values  of  the  maximum  lift  coefficient  are  com¬ 
pared  in  figure  12  by  means  of  curves  representing 
variations  with  the  Reynolds  Number.  The  agree- 
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ment  between  the  results  from  the  two  tunnels,  con¬ 
sidering  the  difficulties  of  measurement,  is  reasonably 
satisfactory.  The  small  discrepancy  that  remains  may 
indicate  either  that  the  value  of  the  turbulence  factor 
should  be  modified  or  possibly  that  an  increment 
corresponding  to  that  used  with  the  drag  should  be 
employed . 

For  the  remaining  characteristics,  tabular  values 
may  be  directly  compared.  The  results  from  both 
tunnels  agree  in  indicating  that  within  the  flight 
range  of  values  of  the  Reynolds  Number  investigated 
the  following  characteristics  for  the  N.  A.  C.  A.  23012 
section  show  no  variations  with  Reynolds  Number 
sufficiently  marked  to  require  their  being  taken  into 
account  in  engineering  work:  angle  of  zero  lift,  aL  ; 
optimum  lift  coefficient,  CLg  pitching-moment  co- 
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Figure  11.— Minimum  profile-drag  coefficient.  Comparison  of  results  from 
variable-density  and  full-scale  wind  tunnels. 


efficient  about  the  aerodvnamic  center,  Cm  ;  and 
the  corresponding  aerodynamic-center  position.  For 
these  characteristics,  the  tabular  values  presented  in 
table  III  may  therefore  be  directly  compared.  It 
will  be  noted  that,  in  all  cases,  the  values  obtained  from 
the  two  tunnels  show  reasonably  good  agreement. 
The  lift-curve  slope  c/0  shows  a  slight  increase  with 
increasing  Reynolds  Number  in  both  wind  tunnels. 


CONCLUSIONS 

1.  The  N.  A.  C.  A.  23012  airfoil  section  shows 
characteristics  that  are  generally  superior  to  those  of 
well-known  and  commonly  used  sections  of  small  or 
medium  camber  and  moderate  thickness. 

2.  When  airfoil  test  results  at  large  values  of  the 
Reynolds  Number  from  the  N.  A.  C.  A.  variable- 


density  and  full-scale  tunnels  are  interpreted  on  the 
basis  of  an  “effective  Reynolds  Number”  to  allow 
for  the  effects  of  turbulence,  reasonably  satisfactory 


Figure  12.  -Maximum  lift  coefficient.  Comparison  of  results  from  variable- 
density  and  full-scale  wind  tunnels. 


agreement  may  be  expected,  at  least  for  efficient 
airfoils  of  moderate  thickness. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  March  1,  1935. 
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TABLE  IV 

FULL-SCALE  WIND-TUNNEL  DATA 
N.  A.  C.  A.  23012 
Airfoil  Characteristics 


RN:  Zero  lift— 1.726.000;  Max.  lift— 1.593,000 


a 

cD 

LID 

c.  p. 

C»o 

a 

0 

C 

m  a* 

-0.2 

o 

-4.0 

0.  0126 

Percent 

18.0 

0.  0104 

o 

-3.3 

X  =  0.0095c 
y  = 0.  023c 
-0.  012 

-.  1 

-2.6 

.0104 

12.0 

.0098 

-2.3 

-.013 

0 

-1.2 

.0088 

0 

.0088 

-1.2 

-.012 

.  1 

.2 

.0088 

11.4 

38.  5 

.0082 

-.  1 

-.013 

.2 

1.7 

.  0103 

19.4 

31.  2 

.0080 

1.0 

-.014 

.3 

3.2 

.0131 

22.9 

29.0 

.0081 

2.0 

-.014 

.4 

4.  5 

.0173 

23.  1 

27.9 

.0084 

3.0 

-.014 

.5 

5.9 

.0228 

21.9 

27.0 

.0089 

4.0 

-.014 

.6 

7.  2 

.  0300 

20.  0 

26.2 

.0098 

5.0 

-.013 

.7 

8.5 

.0400 

18.3 

26.  0 

.  0107 

6.0 

-.012 

.8 

10.0 

.0485 

16.5 

25.6 

.0128 

7.  1 

-.011 

.9 

11.4 

.  0597 

15.  1 

25.5 

.0140 

8.2 

-.011 

1.0 

12.8 

.  0723 

13.8 

25.5 

.  0166 

9.3 

-.011 

1. 1 

14.3 

.0860 

12.8 

25.5 

.  0186 

10.4 

-.011 

1.  2 

15.9 

.  1020 

11.8 

25.5 

.0208 

11.  7 

-.012 

1.26 

16.9 

.  112 

11.3 

25.5 

.  0250 

12.  5 

-.012 

1.2 

17.  5 

.  140 

8.6 

25.  6 

.  0590 

13.  1 

-.021 

1.  1 

19.  6 

.  194 

5.7 

30.  0 

.  1267 

15.7 

-.056 

1.0 

22.6 

.251 

4.0 

33.0 

.  195 

19.0 

-.  086 

.9 

25.8 

.  320 

2.8 

35.5 

.  275 

22.  5 

-.  107 

.8 

27.  1 

.384 

2.  1 

38.0 

.348 

24.  1 

-.  118 

TABLE  V 

FULL-SCALE  WIND-TUNNEL  DATA 
N.  A.  C.  A.  23012 
Airfoil  Characteristics 


RX:  Zero  lift— 2,680,000;  Max.  lift— 2,460,000 


c. 

a 

CD 

LID 

c.  p. 

C*o 

"o 

C 

m„.c. 

-0.2 

o 

-4.0 

0.0120 

Percent 

19.0 

0.010 

O 

3.3 

T=0.  0145 
y  =  0.0680 
-0.010 

-.  1 

-2.6 

.0910 

13.  0 

.090 

-2.2 

-.  009 

0 

-1.2 

.0084 

6 

.  0084 

-1.2 

-.009 

.  1 

2 

.0081 

12.4 

33.5 

.  0075 

— .  1 

-.008 

.  2 

1.  7 

.0094 

21.3 

28.0 

.0072 

1.0 

-.008 

.  3 

3.  1 

.  0125 

24.0 

25.  5 

.0075 

2.0 

-.009 

.4 

4.  5 

.0170 

22.  8 

25.  1 

.0081 

3.0 

-.010 

.  5 

5.  9 

.0240 

20.7 

25.  1 

.010 

4.  1 

-.010 

.6 

7.3 

.  0320 

18.9 

25.  1 

.012 

5.  1 

-.011 

.7 

8.  6 

.  040 

17.5 

25.  1 

.012 

6.  1 

-.011 

.8 

10.0 

.049 

16.2 

25.  1 

.013 

7.  1 

-.011 

.  9 

11.  4 

.  059 

15.  2 

25.  1 

.014 

8.  1 

-.010 

1.0 

12.8 

.071 

14.  2 

25.  1 

.015 

9.  1 

-.009 

1.  1 

14.  1 

.083 

13.2 

25.  1 

.015 

10.  1 

-.  009 

1.  2 

15.  5 

.097 

12.  3 

25.  1 

.017 

11.  1 

-.007 

1.33 

17.8 

.  121 

11.0 

25.  1 

.  022 

13.  2 

-.007 

1.2 

18.  0 

.  152 

7.9 

25.  2 

.072 

13.9 

-.032 

1.  1 

20.  3 

.  210 

5.  2 

29.3 

.  143 

16.5 

-.054 

1.0 

22.  1 

.  246 

4.0 

32.  0 

.  190 

18.5 

-.076 

TABLE  VIL— FULL-SCALE  WIND-TUNNEL  DATA 
N.  A.  C.  A.  23012 


Airfoil  Characteristics 
RN:  Zero  lift— 3,906,000;  Max.  lift— 3,658,000 


c. 

a 

Ci> 

LID 

C.  p. 

o 

ao 

C, 

a.  f. 

-2.0 

o 

-4.0 

0.0114 

Percent 

20.0 

0.  0092 

O 

-3.3 

x=0.  0147 
11=0.058 
-0. 007 

-.  1 

-2.6 

.0090 

15.5 

.0084 

-2.3 

-.008 

0 

-1.2 

.0080 

0 

.  0080 

-1.  1 

-.008 

.  1 

.3 

.  0080 

12.5 

31.9 

.0074 

.0 

-.007 

.2 

1.8 

.0092 

21.  7 

27.  2 

.0070 

1.0 

-.008 

.3 

3.  1 

.0123 

24.4 

26.  5 

.0073 

2.  1 

-.009 

.4 

4.5 

.0170 

23.6 

25.  7 

.0081 

3.0 

-.008 

.5 

5.8 

.  0228 

21.9 

25.5 

.  0089 

4.0 

-.008 

.6 

7.  1 

.0300 

20.0 

25.4 

.0099 

5.0 

-.  009 

.  7 

8.4 

.0380 

18.4 

25.2 

.0107 

6.0 

-.008 

.8 

9.  7 

.0470 

17.0 

25.2 

.0113 

6.9 

-.009 

.9 

11.0 

.  0570 

15.8 

25.2 

.0119 

7.8 

-.  009 

1.0 

12.3 

.  0660 

14.7 

25.3 

.0121 

8.8 

-.009 

1.  1 

13.7 

.  0800 

13.  75 

25.3 

.0125 

9.7 

-.009 

1.2 

15.  1 

.  0940 

12.8 

25.3 

.  0137 

10.7 

-.  009 

1.3 

16.  6 

.  1105 

11.  7 

25.  3 

.0165 

11.  9 

-.009 

1.4 

18.  1 

.  1285 

10.9 

25.4 

.0194 

13.  0 

-.008 

1.46 

19.  2 

.  1450 

10.  1 

25.4 

.  0261 

13.8 

-.007 

1.  2 

19.  6 

.  1943 

6.  1 

27.  0 

.  1140 

15.5 

-.039 

1.  1 

20.7 

.223 

4.  9 

30.  0 

.  155 

16.8 

-.  063 

1.0 

22.6 

.  263 

3.8 

32.0 

.207 

19.  1 

-.079 

TABLE  VIII 

FULL-SCALE  WIND-TUNNEL  DATA 
N.  A.  C.  A.  23012 


Airfoil  Characteristics 
RN:  Zero  lift— 4.455,000;  Max.  lift— 4,143,000 


Cl 

a 

LID 

c.  p. 

s 

a 

C 

C 

r. 

-0.2 

o 

-3.9 

0.  0112 

Percent 

18.8 

0.  0090 

o 

-3.2 

i  ii  ii 

p  O  p 

S  O  -c- 

-.  1 

-2.5 

.0090 

14.0 

.  0084 

-2.  2 

-.  009 

0 

-1.2 

.0079 

6 

.0079 

-1.2 

-.009 

.  1 

.  2 

.  0079 

12.  67 

32.0 

.  0073 

-.2 

-  008 

.2 

1.6 

.  0090 

22.2 

27.8 

.0068 

.8 

-.008 

.3 

3.  0 

.  0120 

25.  0 

26.0 

.  0070 

1.8 

-.007 

.4 

4.  3 

.  0167 

23.8 

25.5 

.  0078 

2.8 

-.007 

.5 

5.  7 

.  0228 

21.9 

25.2 

.  0089 

3.8 

-.007 

.6 

7.0 

.  0298 

20.  1 

25.0 

.  0097 

4.9 

-.006 

.  7 

8.3 

.  0378 

18.  5 

25.0 

.0105 

5.9 

-.007 

.8 

9.  7 

.  0467 

17.  1 

25.0 

.0110 

6.9 

-.007 

.9 

11.0 

.  0565 

16.0 

25.0 

.0114 

7.9 

-.005 

1.0 

12.  3 

.  0673 

14.9 

25.0 

.0116 

8.9 

-.007 

1.  1 

13.  7 

.0796 

13.8 

25.0 

.0121 

9.8 

-.006 

1.  2 

15.  1 

.  0928 

12.9 

25.  1 

.  0125 

10.8 

-.008 

1.3 

16.4 

.  1080 

12.0 

25.2 

.0139 

11.8 

-.009 

1.4 

17.9 

.  1260 

11.  1 

25.  4 

.  0169 

13.  0 

-.009 

1.46 

19.2 

.  144 

10.  1 

25.4 

.0251 

13.9 

-.010 

1.2 

19.6 

.  197 

6.  1 

26.  2 

1168 

15.  4 

-.037 

1.  1 

21.0 

.  229 

4.  8 

30.  0 

.  162 

17.  1 

-.  007 

TABLE  VI— FULL-SCALE  WIND-TUNNEL  DATA 
N.  A.  C.  A.  23012 

Airfoil  Characteristics 
RN;  Zero  lift— 3,362,000;  Max.  lift— 3,199,000 


ct 

Co 

L/D 

c.  p. 

°  1 
o- 

ao 

C 

m  a-  e. 

-0.2 

o 

-4.0 

0.0110 

Percent 
20.  5 

0.  0090 

O 

-3.3 

x  —  0.  0191 
y  =  0.0887 
-0.  005 

-.  1 

-2.6 

.  0090 

10.7 

.0085 

-2.2 

-.005 

0 

-1.2 

.0082 

0 

.0082 

-1.  2 

-.006 

.  1 

.3 

.0080 

12.5 

29.0 

.  0074 

-.  1 

-.006 

.2 

1.7 

.0094 

21.3 

26.  5 

.0072 

.9 

-.005 

.3 

3.  1 

.0125 

24.0 

25.0 

.  0075 

1.9 

-.006 

.4 

4.4 

.0175 

22.8 

25.0 

.0086 

2.9 

-.007 

.5 

5.8 

.  0230 

21.  7 

25.0 

.0091 

3.9 

-.008 

.6 

7.  1 

.  0300 

10.0 

25.0 

.0101 

4.9 

-.007 

.7 

8.4 

.  0380 

18.4 

25.0 

.0107 

5.9 

-.008 

.8 

9.8 

.0470 

17.0 

25.  1 

.0113 

6.9 

-.008 

.9 

11.  1 

.  0575 

15.6 

25.  1 

.0121 

7.9 

-.008 

1.0 

12.4 

.  0682 

14.  7 

25.  1 

.0125 

8.9 

-.007 

1.  1 

13.8 

.0805 

13.6 

25.  2 

.0130 

9.9 

-.  006 

1.2 

15.2 

.0945 

12.  7 

25.  2 

.0142 

11.0 

-.006 

1.3 

16.7 

.1102 

11.8 

25.  2 

.0160 

12.  1 

-.005 

1.41 

18.6 

.  134 

10.  5 

26.0 

.023 

13.5 

-.007 

1.3 

18.9 

.  153 

8.  5 

27.  0 

.065 

14.  2 

-.021 

1.2 

19.0 

.  180 

6.7 

28.0 

.  100 

14.8 

-.  034 

1.  1 

20.3 

.  212 

5.  2 

30.0 

.  145 

16.3 

-.  055 

1.0 

22.3 

.  252 

4.0 

31.3 

.  194 

18.8 

-.072 
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THE  EFFECT  OF  WATER  VAPOR  ON  FLAME  VELOCITY  IN  EQUIVALENT 

CO-O.  MIXTURES 

By  Ernest  F.  Fiock  and  H.  Kendall  King 


SUMMARY 

This  investigation,  carried  out  at  the  National  Bureau 
of  Standards  at  the  request  and  with  the  financial  assist¬ 
ance  of  the  National  Advisory  Committee  for  Aeronautics 
is  a  quantitative  study  of  the  effect  of  water  vapor  upon  the 
spatial  speed,  of  flame  in  equivalent  mixtures  of  CO  and 
(%  at  various  toted  pressures  from  100  to  760  mm  Jig. 
These  results  show  that,  within  this  pressure  range,  an 
increase  in  flame  speed  is  produced  by  increasing  the 
mole  fraction  of  water  vapor  at  least  as  far  as  saturation  i 
at  25°  C.,  and  that  the  rate  of  this  increase  is  greater  the 
higher  the  pressure.  It  is  evident  that  water  vapor  plays 
an  important  part  in  the  explosive  oxidation  of  CO; 
the  need  for  further  experimented  evidence  as  to  the  nature 
of  its  action  is  indicated. 

INTRODUCTION 

The  explosive  reaction  between  CO  and  02  was  the 
subject  of  a  detailed  investigation  at  the  National  Bu¬ 
reau  of  Standards  by  the  late  F.  W.  Stevens.  As  a 
result  of  his  earlier  work  by  the  Bunsen-Gouy  burner 
method,  he  pointed  out  (reference  1)  that  “with  re-  1 
duction  of  the  partial  pressure  of  water  vapor  in  the 
explosive  mixture,  the  rate  of  flame  propagation  is  ! 
reduced  until  a  point  is  reached  where  the  explosive 
reaction  cannot  be  induced  in  the  gases.” 

The  difficulty  of  initiating  explosive  reaction  by 
passing  a  spark  through  a  dry  mixture  of  CO  and  02 
has  long  been  known.  A  comprehensive  review  of  this 
subject  is  given  by  Bone  and  Townend  (reference  2). 
In  the  present  investigation  difficulty  was  experienced 
in  igniting  even  imperfectly  dried  mixtures  at  low 
pressures,  but  primary  attention  was  given  to  the  effect 
upon  the  speed  of  the  reaction  zone  in  space  of  varying 
the  concentration  of  water  vapor  in  the  range  where 
ignition  could  be  readily  attained. 

Such  a  quantitative  survey  is  desirable,  not  only  for 
the  information  it  may  yield  relative  to  the  mechanism 
of  the  reaction,  but  also  to  serve  as  a  guide  in  its  further 
study.  These  results  are  essential  if  the  soap-bubble, 
or  constant-pressure  method,  developed  and  used  by 
Stevens  (reference  3),  is  to  be  employed.  In  this 


method  the  presence  of  water  vapor  cannot  be  avoided, 
and  means  must  therefore  be  found  for  controlling 
its  concentration.  The  results  of  the  present  investi¬ 
gation  show  the  extent  to  which  this  control  of  the 
water-vapor  content  of  an  explosive  mixture  must  be 
governed,  in  order  that  a  precise  value  of  flame  speed 
may  be  measured  by  the  bubble  method.  The  goal  of 
these  measurements  was  the  quantitative  determina¬ 
tion  of  the  effect  of  varying  the  concentration  of  water 
vapor  in  chemically  equivalent  mixtures  of  CO  and  02 
upon  the  speed  of  propagation  of  flame,  in  space,  in  the 
range  of  pressures  from  100  to  760  mm  Ilg. 

METHOD 

The  method  chosen  for  the  present  investigation 
required  photographs  of  the  travel  of  the  reaction 
zones.  For  this  reason,  and  to  provide  for  accurate 
control  and  variation  over  wide  limits  of  the  quantity 
of  water  vapor,  these  experiments  were  performed  in 
closed  glass  vessels  (i.  e.,  at  constant  volume).  The 
first  series  was  carried  out  in  a  relatively  large  (5-liter) 
spherical  glass  flask.  Throughout  this  series  it  was 
found  that  the  speed  of  the  flame  was  not  appreciably 
influenced  by  the  rising  pressure  until  approximately 
four-fifths  of  the  diameter  of  the  flask  had  been  trav¬ 
ersed.  In  other  words,  under  the  conditions  of  this 
set  of  experiments,  the  flame  front  travels  for  a  con¬ 
siderable  distance  at  a  practically  constant  spatial 
velocity. 

Similar  experiments  at  a  dry-gas  pressure  of  760 
mm  were  performed  in  a  Pvrex  glass  cylinder  6  inches 
in  diameter  and  6  inches  tail,  with  metal  disks  sealing 
the  ends  through  rubber  gaskets.  In  this  series  the 
effect  of  increasing  pressure  became  apparent  when 
about  one-half  the  diameter  of  the  cylinder  had  been 
traversed.  That  is,  the  flame  velocity  remained  prac¬ 
tically  constant  while  the  flame  traveled  about  1  ]/> 
inches  from  the  spark  gap.  This  amount  proved 
adequate  for  the  satisfactory  calculation  of  flame  speed 
from  the  photographs. 

A  chemically  equivalent  mixture  of  CO  and  02, 
containing  a  known  amount  of  water  vapor,  was  intro- 
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duced  into  the  appropriate  glass-explosion  vessel.  A 
photograph  of  the  travel  of  the  reaction  zone  across  the 
horizontal  mid-section  of  the  explosion  vessel  was 
taken  on  a  moving  film.  Simultaneously  time  signals 
were  recorded  on  the  film.  The  speed  of  the  flame 
front  in  space  can  be  computed  from  measurements  of 
the  dimensions  of  such  a  photographic  record  when  the 
ratio  of  the  size  of  the  object  to  the  size  of  the  image  is 
known. 

A  comparable  value  of  the  speed  of  flame  in  space 
may  also  be  measured  by  the  soap-bubble  method  for 
mixtures  high  in  water  content.  The  agreement  of 
such  values  obtained  by  the  two  methods  will  be  shown 
in  a  later  report. 

PREPARATION  AND  PURIFICATION  OF  THE  GASES 

Carbon  monoxide  was  prepared  in  a  glass  system 
according  to  the  general  method  outlined  by  Thompson 
(reference  4).  Formic  acid  was  slowly  dropped  into 
concentrated  phosphoric  acid  at  a  temperature  between 
160°  and  170°  C.  The  gas  liberated  was  led  through 
a  water-cooled  condenser,  the  inner  tube  of  which  was 
bathed  with  a  thin  stream  of  concentrated  KOH 
solution  to  remove  C02.  The  wet  CO  then  passed  to  a 
liquid  air  trap  where  water  and  residual  CX)2  were 
removed.  Glass  wool  in  this  trap  prevented  the  en¬ 
trainment  of  ice  particles  in  the  gas  stream.  Thence 
the  CO  was  led  through  a  drying  tube  filled  with  glass 
wool  and  P205.  The  dry  gas  was  collected  in  glass 
flasks  that  had  been  previously  evacuated. 

The  oxygen  used  in  the  experiments  at  pressures 
below  atmospheric  was  obtained  from  a  commercial 
high-pressure  cylinder  and  was  passed  at  reduced  pres¬ 
sure  through  a  liquid  air  trap  and  P205  tube  similar 
to  those  used  for  the  CO.  Electrolytic  ()2  from  which 
the  PC  was  removed  by  passage  over  hot  copper  oxide, 
was  used  in  the  experiments  at  one  atmosphere. 
Drying  was  accomplished  as  in  the  other  cases,  with 
liquid  air  and  P205. 

APPARATUS 

The  5-liter  explosion  vessel  was  made  from  a  spheri¬ 
cal  flask  of  Pyrex  glass  that  had  been  carefully  an¬ 
nealed.  The  spark  gap  at  its  center  consisted  of 
two  tungsten  wires,  insulated  from  each  other  and  from 
the  explosive  mixture  by  capillary  tubes  which  were 
sealed  to  the  tungsten  about  5  mm  from  the  gap. 
The  gap  itself  was  about  2  mm  wide.  The  electrode 
assembly  was  sealed  through  an  appropriate  neck  in 
the  flask  by  a  beeswax-rosin  cement. 

The  explosion  vessel  capable  of  withstanding  the 
maximum  pressures  developed  when  the  initial  pressure 
of  the  mixture  of  CO  and  02  was  760  mm,  consisted 
of  a  heavy -walled  Pyrex  cylinder,  6  inches  in  diameter 
and  6  inches  tall.  The  ends  were  closed  with  metal 
plates  and  sealed  with  rubber  gaskets.  The  0.5  mm 
spark  gap,  formed  by  two  small  nickel  spheres  sup¬ 


ported  by  nickel  wires,  was  located  at  the  center  of 
the  glass  cylinder.  The  bottom  metal  plate  supported 
the  spark  gap  and  a  small  needle  valve  through  which 
the  gases  were  transferred. 

From  each  of  the  explosion  vessels  a  tube  led  to  a 
manifold  through  which  connections  could  be  made  to 
any  of  the  following:  (1)  a  high-speed  mercury  vapor 
pump;  (2)  a  small  vessel  containing  distilled  water  at 
a  controlled  temperature;  (3)  the  storage  flasks  con¬ 
taining  dry  CO  and  02;  and  (4)  a  mercury  manometer. 

For  protection  in  case  of  accidental  disruption  of  the 
glass,  the  5-liter  explosion  vessel  was  placed  within  a 
heavy  cast-iron  sphere  and  the  cylindrical  vessel 
within  a  section  of  8-inch  iron  pipe.  An  opening  was 
provided  in  each  at  the  level  of  the  spark  gap.  Neither 
of  the  glass  vessels  failed  in  service. 

Mercurv-in-glass  “calorimetric  standard”  thermom¬ 
eters  were  used  for  measuring  temperatures  and  a 
closed-end  mercury  manometer  for  observing  pressures. 
The  capillarity  and  scale  displacement  correction  for 
the  manometer  was  measured  by  direct  comparison 
with  a  barometer  and  all  manometric  observations 
were  corrected  to  mercury  at  0°  C.  and  standard 
gravity.  It  is  believed  that  the  observed  values  of 
temperature  and  pressure,  which  were  used  primarily 
in  calculating  the  composition  of  the  mixtures,  are  in 
error  by  less  than  0.3°  C.  and  0.5  mm  of  mercury, 
respectively. 

The  photographic  recording  equipment,  which  is 
mounted  as  a  unit  on  a  portable  table,  consists  of  a 
camera,  a  spark-timing  device,  a  firing  mechanism,  and 
apparatus  for  recording  time  signals  on  the  moving 
films.  The  camera  lens  (Zeiss  Tessar  f  1:4.5)  has  a 
focal  length  of  18  cm  and,  during  these  experiments, 
was  at  a  distance  of  100  cm  from  the  spark  gap. 
The  film  is  carried  on  a  cylindrical  drum  of  10  cm 
diameter,  which  can  be  rotated  at  the  desired  constant 
speed.  A  slit  about  1  mm  wide,  extending  across 
the  entire  drum,  is  located  just  in  front  of  the  film. 
A  shutter,  operated  by  a  relay,  permits  or  prevents 
passage  of  light  through  the  slit.  The  shaft  bearing 
the  drum  also  operates  a  mechanical  device  by  means  of 
which  an  electric  contact  can  be  made  for  a  chosen 
fraction  of  a  revolution  of  the  drum.  This  contact  con¬ 
trols  the  operation  of  the  relay  which  opens  and  closes 
the  shutter  and  which  also  permits  the  firing  spark  to 
jump  at  the  instant  the  shutter  is  fully  open. 

The  firing  mechanism  consists  of  a  bank  of  tele¬ 
phone  condensers  (about  18  microfarads  capacity) 
which  are  charged  to  220  volts  through  the  building 
supply  mains  and  which,  upon  action  of  the  relay, 
discharge  through  the  primary  of  an  induction  coil. 
The  current  induced  in  t  he  secondary  then  passes  across 
the  spark  gap. 

The  time  signals  are  recorded  as  short  dashes  on  the 
film,  by  means  of  a  shutter  operated  by  a  tuning  fork 
having  a  frequency  of  approximately  250  cycles  per 


THE  EFFECT  OF  WATER  VAPOR  ON  FLAME  VELOCITY  IN  EQUIVALENT  C0-02  MIXTURES 


447 


second.  Vibration  of  the  fork  is  induced  and  main¬ 
tained  by  an  appropriate  vacuum-tube  installation. 
The  shutter  operated  by  the  fork  is  illuminated  by  a 
carbon  arc. 

Previous  to  making  each  series  of  observations,  a 
scale  set  at  the  position  later  to  be  occupied  by  the 
spark  gap  was  photographed  with  the  drum  of  the 
camera  stationary.  From  such  photographs  the  ratio 
of  the  size  of  the  object  to  the  size  of  the  image  was 
determined. 

PROCEDURE 

The  usual  procedure  in  filling  an  explosion  vessel 
was  as  follows.  It  was  first  evacuated  to  a  residual 
pressure  of  0.001  mm  or  less.  Connection  was  then 
made  to  the  water  reservoir,  the  temperature  of  which 
was  maintained  at  a  previously  chosen  value  within  a 
vacuum  vessel.  Fifteen  minutes  were  usually  allowed 
for  filling  the  explosion  vessel  with  water  vapor  at  a 
pressure  determined  by  the  temperature  of  the  reser¬ 
voir,  though  test  experiments  indicated  that  equilib¬ 
rium  was  established  in  about  2  minutes.  The  temper¬ 
atures  of  the  reservoir  and  explosion  vessel  were 
recorded,  the  latter  was  closed  off,  the  line  was  evacu¬ 
ated,  and  the  dry  CO  admitted  to  a  previously  chosen 
pressure  as  indicated  by  the  manometer. 

When  the  temperature  of  the  water  reservoir,  and 
hence  also  the  pressure  of  the  water  vapor  in  the 
explosion  vessel,  were  known,  a  simple  calculation 
was  made  to  find  the  values  of  pressure  of  FFO  +  CO 
and  H0O  +  CO  +  O2  that  were  required  if  the  final 
mixture  was  to  contain  CO  and  02  in  equivalent  pro¬ 
portions  at  a  chosen  total  pressure.  Practically, 
small  variations  from  equivalence  are  of  no  importance 
because  the  rate  of  change  of  flame  speed  with  compo¬ 
sition  is  very  small  in  this  region. 

After  a  steady  state  was  reached  hy  the  mixture  of 
H20  and  CO,  its  temperature  and  pressure  were 
recorded,  and  dry  02  was  admitted  to  the  previously 
calculated  pressure.  At  least  1  hour  was  then  allowed 
for  complete  mixing  before  the  temperature  and 
pressure  were  observed  and  the  mixture  fired. 

The  secpience  of  events  observed  in  taking  a  record 
of  an  explosion  will  now  be  recounted.  The  explosion 
vessel  was  charged  as  described  with  a  mixture  of  (  O, 
02,  and  H20  vapor  of  known  proportions  and  total 
pressure.  The  room  was  darkened  and  the  film 
attached  to  the  camera  drum,  which  was  then  rotated 
at  a  chosen  constant  speed.  The  tuning  fork  was  set 
into  vibration  and  the  arc  light  turned  on.  An 
auxiliary  switch  was  closed  manually  to  complete  the  1 
circuit  to  the  gap  except  for  the  contact  operated  by 
the  drum  through  the  relay.  Since  this  latter  contact 
is  made  onlv  once  hi  96  revolutmns  of  the  drum,  ample 
time  was  afforded  to  close  and  reopen  the  manual 
switch  in  such  a  way  that  the  camera  shutter  was 
operated  but  a  single  time.  When  contact  was  made 
by  the  rotating  mechanism,  the  relay  opened  the  j 
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shutter  and  fired  the  charge.  When  contact  was 
broken  by  further  revolution  of  the  shaft,  the  shutter 
was  closed  again.  While  the  film  was  being  developed 
and  fixed  the  explosion  vessel  was  evacuated,  pre¬ 
paratory  to  recharging. 

RANGE  OF  THE  MEASUREMENTS 

Previous  experience  indicated  that  the  active  gases 
in  equivalent  proportions  at  initial  pressures  up  to  300 
mm  could  be  exploded  in  the  5-liter  glass  vessel  without 
disrupting  it.  This  supposition  proved  correct,  but 
this  vessel  was  not  subjected  to  higher  pressures 
because  of  the  hazard  incident  to  disruption.  At 
pressures  lower  than  100  mm  the  actinic  light  from 
the  explosions  was  not  sufficiently  intense  to  give 
satisfactory  photographs.  Measurements  in  the  5- 
liter  vessel  were  therefore  confined  to  the  range  100  to 
300  mm  of  mercury.  The  series  made  in  the  cylin¬ 
drical  vessel  was  carried  out  at  an  initial  dry-gas 
pressure  of  760  mm. 

The  water-vapor  content  in  each  case  was  varied 
over  the  range  which  was  practical  for  work  at  atmos¬ 
pheric  temperature.  Table  I  shows  the  limits  for 
these  ranges  of  water-vapor  concentration. 

TABLE  I.— RANGES  OF  WATER-VAPOR 
CONCENTRATION 


Initial 

dry-gas 

pressure 

Mole  fract  ion  of  water 
vapor 

mm  llg 

Minimum 

JMaxi  mum 

100 

0. 028 

0.  182 

150 

.  006 

.  130 

200 

.  004 

.  102 

300 

.  002 

.071 

760 

.0014 

.030 

The  upper  limit  was  in  each  case  determined  by  the 
saturation  pressure  of  water  vapor  at  the  temperature 
of  the  explosion  vessel  (i.  e.,  room  temperature). 
The  lower  limit  was  determined  by  the  ignitibilitv 
of  the  mixtures  and  by  the  amount  of  actinic  light 
emitted. 

RESULTS  OF  THE  MEASUREMENTS 

Figure  1  (a)  is  a  reproduction  of  a  typical  record 
obtained  from  an  explosion  in  the  5-liter  flask  by  the 
method  which  has  been  described.  Figure  1  (b)  is  a 
diagrammatic  representation  of  this  same  record 
illustrating  the  details  of  the  interpretation  that  was 
applied  to  all  the  records. 

The  image  of  the  igniting  spark  is  shown  at  A, 
After  ignition  the  records  at  pressures  below  one  at¬ 
mosphere  show,  without  exception,  that  the  flame 
front  moves  for  a  time  with  a  positive  acceleration,  as 
indicated  by  the  curved  traces  AB  and  AB'.  At 
B  and  B'  its  speed  has  reached  a  value  that  remains 
practically  constant  until  the  points  C  and  C'  near  the 
walls  of  the  vessel  are  reached.  This  constancy  is 
apparent  from  the  fact  that  the  traces  BC  and  B'C' 
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are  straight  lines  on  a  film  that  traveled  at  constant 
speed.  The  actual  value  of  this  constant  speed  can 
be  calculated  from  the  angle  between  the  traces  BC 
and  B'C',  the  speed  of  the  film,  and  the  magnification 
factor  of  the  camera.  The  row  of  dashes  FG  repre¬ 
sents  the  time  record  and  gives  directly  the  speed  of 
the  film,  since,  from  the  calibration  of  the  tuning  fork, 
the  distance  between  successive  dashes  is  known  to 
represent  the  travel  in  7495  second. 

At  C  and  C'  the  acceleration  of  the  flame  front 
changes  from  zero  to  a  negative  value  as  the  walls  of 
the  vessel  (LM  and  L'M')  are  approached.  At  D 
and  D'  the  flame  reaches  the  walls  of  the  vessel,  and 
the  tangent  of  the  angle  of  approach  should  be  a 
measure  of  the  speed  of  the  flame  front  relative  to  the 
active  gases  at  the  maximum  pressure.  Attempts  to 


(b) 


(a) Typical  record  of  the  explosion.  (b)  Diagrammatic  representation 

of  record  shown  in  (a). 

Figure  1.— An  explosion  of  a  mixture  of  C  0,  02jand  water  vapor  at  constant  volume. 

measure  this  angle  have  not  yielded  results  of  sufficient 
precision  to  be  worthy  of  record. 

After  the  flame  reaches  the  walls  of  the  vessel  there  i 
is  still  sufficient  actinic  light  being  emitted  by  the  hot 
gases  to  form  a  comparatively  long  trace  on  the  film. 
This  trace,  which  is  not  completely  shown  in  the  figure, 
gradually  decreases  in  intensity  as  the  gases  lose  heat 
to  the  walls. 

The  line  AE  is  the  image  left  on  the  film  by  the 
sparking  device. 

The  records  taken  of  explosions  in  the  cylindrical 
vessel  are  similar  to  that  shown  in  figure  1,  except  that 
the  traces  left  by  the  flame  front  are  straight  from  the 
spark  until  the  effect  of  pressure  begins  to  show  at 
about  one  half  the  total  travel. 

Figure  2  shows  graphically  the  effect  of  water  vapor  : 
on  the  speed  of  flame  in  space  during  that  interval  in 
which  it  is  constant  for  any  given  mixture  (i.  e.,  the 


values,  obtained  from  the  traces  BC  and  B'C',  fig.  i) 
It  is  evident  that  the  speed  of  flame  is  greatly  influenced 
i  by  the  amount  of  water  vapor  present  at  each  of  the 
dry-gas  pressures  studied.  It  is  also  apparent  that  the 
effect  of  changing  the  amount  of  water  vapor  from  any 
one  mole  fraction  to  another  is  greater  the  higher  the 
dry-gas  pressure,  since  the  curves  become  increasingly 
steep  with  increasing  pressure.  It  is  clearly  demon¬ 
strated,  therefore,  that  at  atmospheric  pressure  the 
water-vapor  content  must  be  very  carefully  controlled 
and  specified  if  determinations  of  flame  speed  in 
mixtures  of  CO  and  O2  are  to  be  significant. 

In  figure  2  it  is  also  noteworthy  that,  with  the 
possible  exception  of  the  100  mm  pressure  curve  which 
was  actually  followed  to  higher  water  concentrations 
than  shown,  the  water  vapor  always  exerted  some 
influence  that  produced  higher  flame  speeds  with 
increasing  water  concentration.  There  is  undoubtedly 
some  concentration  of  water  at  every  drv-gas  pressure 
for  which  the  speed  will  reach  a  maximum  and  beyond 


Figure  2. — The  effect  of  water  vapor  on  the  speed  of  flame  in  space  in  equivalent 

mixtures  of  CO  and  02. 


which  it  will  begin  to  decrease,  i.  e.,  beyond  which  at 
least  a  part  of  the  water  will  behave  as  a  diluent. 
Though  the  concentration  of  the  water  could  not  be 
increased  to  this  maximum  value  for  pressures  above 
100  mm,  it  was  probably  reached  and  perhaps  slightly 
surpassed  at  this  pressure.  Extrapolation  of  the  data 
embodied  in  figure  2  indicates  that,  if  explosions  at 
50  mm  pressure  could  have  been  satisfactorily  recorded, 
this  maximum  would  have  appeared  when  the  mole 
fraction  of  water  reached  about  0.14,  and  that  the 
speed  beyond  this  point  would  have  decreased  with 
further  addition  of  water  vapor.  If  it  had  been  prac¬ 
ticable  in  the  present  apparatus  to  maintain  the  explo¬ 
sion  vessel  at  elevated  temperatures,  it  is  believed  that 
this  maximum  might  have  been  observed  at  each  of 
the  dry-gas  pressures  studied. 

Examination  of  the  photographic  records  yields 
several  points  of  interest  with  regard  to  the  time  re¬ 
quired  for  the  attainment  of  constant  speed  after 
ignition  (i.  e.,  the  period  of  acceleration).  It  is  possible 
to  get  an  approximate  value  of  the  duration  of  the 
period  of  acceleration  from  each  of  the  records.  The 
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following  conclusions  have  been  drawn  from  an 
assembly  of  such  data:  (1)  If  the  mole  fraction  of  water 
vapor  is  kept  constant  and  the  dry-gas  pressure  is 
varied,  the  acceleration  period  decreases  with  increas¬ 
ing  pressure  in  a  practically  linear  fashion.  Extra¬ 
polation  indicates  that  at  pressures  above  450  mm, 
the  acceleration  period  would  become  vanishingly 
small.  Actually  none  has  been  observed  when  an 
equivalent  mixture  oi  the  gases  is  fired  at  atmospheric 
pressure.  (2)  If  the  dry-gas  pressure  is  kept  constant 
and  the  concentration  of  water  vapor  is  varied,  the 
acceleration  period  decreases  with  increasing  water 
content,  within  the  range  of  these  experiments.  The 
rate  of  decrease  is  much  more  rapid  in  the  range  of 
low-water  concentration . 

In  general,  for  the  range  covered  by  these  experi¬ 
ments,  ignition  could  be  accomplished  more  easily  the 
higher  the  water  content  of  the  mixtures  and  the 
higher  the  total  pressure.  It  seems  also  to  be  generally 
true  that,  for  a  given  dry-gas  pressure,  darker  nega¬ 
tives  (more  actinic  light)  were  obtained  when  the 
water  content  was  high.  The  negatives  were  not 
always  developed  under  identical  conditions,  but  an 
effort  was  made  to  carry  the  development  of  each  as 
far  as  possible  without  fogging. 

All  efforts  to  ignite  the  dry  gases,  prepared  in  the 
manner  already  described,  bv  passage  of  sparks  from 
the  induction  coil  have  been  unsuccessful.  In  the 
early  stages  of  the  project,  a  spark  gap  consisting  of 
two  1  mm  balls  of  Pt  suspended  by  0.1  mm  Pt  wires 
was  used.  With  this  gap  also,  the  induction-coil 
discharge  failed  to  ignite  the  dry  charge.  A  single 
explosion  was  produced  in  a  dry  mixture  at  250  mm 
pressure  after  passage  of  a  large  number  of  sparks, 
produced  with  a  high-tension  magneto.  An  attempt 
was  made  to  repeat  this  experiment  at  75  mm  pressure. 
Under  the  repeated  sparking  the  Pt  electrodes  were 
heated  to  the  melting  point.  One  of  the  small  spheres 
dropped  off,  but  the  other  remained  intact  when  the 
magneto  was  stopped.  Instead  of  cooling  down  at 
once,  it  remained  at  a  visible  red  heat.  Its  tempera¬ 
ture  decreased  slowly  during  an  interval  of  about  1 
hour,  at  the  end  of  which  time  it  was  still  readily 
visible  in  the  dark  room.  Then  it  suddenly  ceased 
to  glow,  and  the  pressure  in  the  explosion  vessel 
became  constant  at  56  mm.  The  slow  oxidation, 
catalyzed  by  the  hot  Pt,  liberated  sufficient 
energy  to  keep  the  Pt  in  the  active  state  until  the 
oxidation  of  the  CO  was  approximately  80  percent 
complete. 


The  observed  values  of  the  speed  of  flame  in  space, 
as  well  as  of  the  speed  of  flame  relative  to  the  active 
gases  and  of  expansion  ratio,  which  will  be  described 
in  a  later  paper,  are  believed  to  be  characteristic  of  the 
particular  mixtures  for  which  they  were  measured. 
Any  interpretation  involving  these  observed  quantities 
must,  however,  take  cognizance  of  the  fact  that  the 
loss  of  energy  by  radiation  may  be  one  of  the  several 
factors  that  together  determine  the  speed  with  which 
reaction  can  progress.  For  example,  if  it  should  be 
subsequently  demonstrated  that,  at  constant  dry-gas 
pressure,  the  total  energy  lost  by  radiation  varied  con¬ 
siderably  with  the  concentration  of  water  vapor,  a 
more  precise  interpretation  of  the  curves  given  in 
figure  2  would  be  possible.  At  present,  however,  there 
are  no  data  available  by  means  of  which  the  effects  of 
water  vapor  and  radiant-heat  loss  can  be  separated. 
It  is  not  anticipated  that  the  actual  value  of  the  energy 
lost  by  radiation  will  prove  to  be  a  large  fraction  of 
the  total  chemical  energy  involved,  nor  that  large 
variations  in  radiant-heat  loss  with  composition  will 
be  found.  For  the  present  it  therefore  seems  expedient 
in  all  the  computations  of  this  report  to  neglect  the 
heat  lost  by  radiation,  with  the  idea  that  appropriate 
corrections  can  be  applied  when  the  need  for  and 
magnitude  of  such  corrections  has  been  found. 

CONCLUSIONS 

1.  Throughout  the  entire  range  of  these  measure¬ 
ments  an  increase  in  the  mole  fraction  of  water  vapor 
is  accompanied  by  an  increase  in  the  linear  rate  of 
propagation  of  flame  in  space  for  equivalent  mixtures 
of  CO  and  02  at  constant  initial  pressure. 

2.  This  rate  of  increase  of  speed  with  the  mole  frac¬ 
tion  of  H20  becomes  greater  as  the  pressure  of  the 
reactants  is  raised. 

3.  Despite  some  experimental  evidence  to  indicate 
that  the  presence  of  water  vapor  is  not  essential  for 
the  production  of  C02  by  the  reaction  of  CO  and  ()2, 
there  can  he  little  doubt  that  the  water  is  an  essential 
factor  in  the  attainment  of  complete  equilibrium 
during  their  explosive  combination. 

4.  The  effect  of  water  vapor  is  of  sufficient  magni¬ 
tude  to  make  essential  the  accurate  control  and  specifi¬ 
cation  of  water-vapor  content  in  any  study  involving 
the  measurement  of  flame  speed  in  the  explosive 
oxidation  of  CO. 

5.  Experiments  by  the  soap-bubble  method  cannot 
be  expected  to  yield  precise  results  unless  the  concen¬ 
tration  of  water  vapor  is  very  carefully  controlled. 
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6.  The  results  of  the  present  series  have  aided  mate¬ 
rially  in  planning  the  future  course  of  the  study  of 
gaseous  explosive  reactions.  They  have  been  of  espe¬ 
cial  value  in  the  development  of  the  refinements  that 
seem  essential  to  the  successful  determination  of  flame 
speed  by  the  soap-bubble  method. 


National  Bureau  of  Standards, 

Washington,  D.  C.,  January  10,  1935. 
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THE  SOAP-BUBBLE  METHOD  OF  STUDYING  THE  COMBUSTION  OF  MIXTURES  OF 

CO  AND  02 

By  Ernest  F.  Fiock  and  Carl  H.  Boeder 


SUMMARY 

This  investigation ,  carried  out  at  the  National  Bureau 
oj  Standards  at  the  reguest  and  with  the  financial  assist¬ 
ance  oj  the  National  Advisory  Committee  for  Aeronau¬ 
tics,  is  a  detailed  description  of  the  soap-bubble,  or 
constant-pressure,  method  as  applied  to  the  explosive 
oxidation  of  CO. 

A  series  of  values  of  the  speed  of  flame  in  space  in 
various  mixtures  of  CO  and  02  containing  a  constant 
percentage  of  water  vapor  was  obtained  by  the  constant- 
volume  method.  These  results  served  as  a  guide  in  the 
perfection  of  the  soap-bubble  method. 

The  latter  has  been  refined  to  a  degree  which  makes 
possible  precise  determinations  of  the  speeds  of  flame  in 
space  and  relative  to  the  active  gases,  of  expansion  ratio, 
and  of  temperatures  attained  in  mixtures  of  CO,  02, 
and  H20.  Results  for  this  system  of  gases  are  reported 
over  a  wide  range  of  mixture  ratios,  and  a  comparison 
with  previous  results  by  the  same  method  is  included. 

THE  SOAP-BUBBLE,  OR  CONSTANT  PRESSURE 

METHOD 

INTRODUCTION 

A  met  bod  of  investigating  gaseous  explosive  reac¬ 
tions  at  constant  pressure  by  photographing  the  travel 
of  the  flame  when  mixtures  in  soap-film  containers  are 
ignited  was  developed  and  extensively  used  at  the 
National  Bureau  of  Standards  by  the  late  F.  W. 
Stevens.  In  numerous  published  reports  (reference  1) 
he  lias  given  the  theory  of  the  method  and  the  results 
that  he  obtained  by  its  use.  The  importance  of  the 
conclusions  that  he  drew  makes  further  experimental 
verification  desirable.  With  this  purpose  in  view,  a 
detailed  study  of  the  means  for  increasing  the  precision 
of  results  that  can  be  obtained  by  the  bubble  method 
was  undertaken. 

THE  METHOD 

Discussion. — A  photograph  of  the  type  given  in 
figure  1,  showing  the  travel  of  flame  in  an  explosive 
mixture  originally  contained  in  a  soap  film,  may  be 
used  in  the  calculation  of  the  speed  of  flame  in  the 
mixture.  Since  the  soap  film  offers  very  little  resist¬ 
ance  to  the  expansion  of  the  gases,  an  explosion  in  such 
a  container  takes  place  essentially  at  constant  pressure. 
In  such  explosions  the  speed  of  flame  in  space  is  con¬ 
stant  throughout  the  entire  reaction  time.  The  photo¬ 


graphic  record  also  gives  a  measure  of  the  final  volume 
of  the  sphere  of  hot  gases  at  the  time  the  flame  has 


Figure  1.— A  typical  record  of  a  bubble  explosion. 

completed  its  travel.  The  bubble  method  therefore 
yields  not  only  the  speed  of  flame  in  space  but  also  the 
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expansion  ratio.  From  these  data  the  speed  with 
which  the  flame  moves  relative  to  the  unbiirned  gases 
is  readily  calculable.  In  addition,  the  expansion  ratio 
may  be  used  to  calculate  either  specific  heats  or  equi¬ 
librium  data  if  one  of  the  latter  is  previously  known. 

In  addition  to  the  photographic  record  of  the  explo¬ 
sion,  a  complete  bubble  experiment  requires  a  knowl¬ 
edge  of  the  initial  pressure,  temperature,  composition 
of  the  gas  mixture  within  the  bubble  at  the  time  of 
firing,  and  the  horizontal  dimension  of  the  bubble  at 
the  spark  gap.  The  actual  volume  of  the  bubble  and 
its  variation  in  shape  from  a  true  sphere  are  not 
important,  since  observation  is  purposely  limited  to 
that  part  of  the  flame  which  travels  along  a  narrow 
horizontal  path  centrally  embracing  the  spark  gap. 

If  the  speed  of  flame  in  space  is  represented  by  S', 
the  speed  relative  to  the  active  gases  by  S,  the  initial 
horizontal  dimension  of  the  bubble  by  B\,  and  the 
corresponding  horizontal  dimension  of  the  hot  prod¬ 
ucts  of  the  reaction  at  the  time  combustion  is  complete 
by  B2,  then  the  equation 

S_Br3 

S'  B2S 

expresses  the  relation  that  exists  among  these  quan¬ 
tities  (reference  1). 

Stevens  seems  to  have  considered  the  speed  of  flame 
in  space  (S')  of  little  importance  except  as  in  interme¬ 
diate  in  the  determination  of  speed  relative  to  the  active 
gases  (S).  Values  of  S,  however,  he  apparently 
regarded  as  fundamental  properties  of  the  unburned 
mixtures.  In  none  of  his  published  work  did  he  use  his 
experimental  values  of  B2  except  as  intermediates  in 
deriving  values  of  S.  His  calculations  of  final  tempera¬ 
tures  from  his  observed  values  of  B2  were  left  incom¬ 
plete  at  his  death. 

Practically,  the  bubble  method  has  an  obvious 
advantage  over  the  bomb,  or  constant-volume,  method 
in  that  it  yields  equivalent  results  without  the  use  of  an 
intricate  indicator  of  pressure.  The  temperature  of  the 
unburned  charge  remains  constant  since  the  adiabatic 
compression  ahead  of  the  reaction  zone  is  constant  in 
amount  and  negligibly  small.  The  constant- volume 
method  has,  however,  been  used  quite  successfully 
without  a  pressure  indicator  for  the  measurement  of 
S'  alone. 

The  most  serious  disadvantage  of  the  soap-film 
method  lies  in  the  fact  that,  no  matter  how  carefully 
the  composition  of  the  explosive  mixture  is  controlled 
before  the  bubbles  are  blown,  this  composition  does  not 
necessarily  remain  unaltered  within  the  film.  There 
may  occur  either  an  increase  or  a  decrease  in  the 
amount  of  water  in  the  gas  mixture  due  to  evaporation 
or  condensation  at  the  soap  film  or,  if  the  solution 
contains  besides  water  some  other  volatile  material 
(such  as  glycerin),  there  will  be  evaporation  of  this 
material  into  the  mixture.  Knowledge  of  the  initial 


composition  of  the  explosive  mixture  within  the  bubble 
becomes  therefore  somewhat  difficult  to  obtain. 

The  first  part  of  this  report  is  principally  an  account 
showing  how  initial  composition  within  a  bubble  may 
so  be  controlled  that  the  method  will  yield  more 
reliable  results. 

Obviously  the  method  can  be  used  in  its  present  form 
to  study  only  those  explosive  combinations  which  emit 
sufficient  actinic  light  to  form  the  photographic  images. 
Regardless  of  the  amount  of  light  emitted,  the  method 
is  not  considered  adequate  for  the  study  of  mixtures  in 
which  the  flame  travels  in  space  with  a  velocity  less 
than  about  150  cm  per  second,  because  in  such  cases 
the  hot  gases  are  allowed  sufficient  time  to  rise  by 
convection,  and  interpretation  of  the  photographs  is 
made  impossible.  There  is  also  an  upper  limit  to  the 
values  of  flame  speed  that  can  be  measured  with  the 
present  equipment,  because  the  camera  drum  is  small 
(10  cm  diameter)  and  because  it  is  not  designed 
mechanically  for  extremely  high  rotational  speeds. 
In  the  results  obtained  with  CO,  the  maximum  spatial 
speed  observed  was  approximately  1,000  cm  per 
second.  The  equipment  functions  very  satisfactorily 
at  this  speed  and  could  doubtless  be  successfully  used 
for  speeds  up  to  at  least  1,500  cm  per  second.  The 
present  apparatus  is  not  adapted  to  the  measurement 
of  flame  velocities  attained  in  detonations. 

The  bubble  method  is  obviously  unsuited  to  the  use 
of  any  active  gas  which  dissolves  rapidly  in  the  soap 
solution.  The  rate  of  solution  of  CO,  the  only  gas 
studied  thus  far,  is  quite  slow. 

For  very  rich  mixtures,  bubbles  blown  in  air  cannot 
be  used  to  determine  expansion  ratios  because  of  the 
effect  of  the  oxygen  of  the  surrounding  air.  Such  an 
effect  is  clearly  evident  in  the  photographs,  since  an 
increase  in  the  speed  of  the  flame  takes  place  when  the 
reaction  nears  completion.  The  final  diameter  of  the 
sphere  of  hot  gases  is  obviously  meaningless  in  such 
cases.  The  determination  of  the  speed  of  flame  in 
space  in  such  mixtures  is,  however,  rendered  none  the 
less  satisfactory  by  this  end  effect. 

In  order  to  establish  the  reliability  of  the  soap- 
bubble  method,  it  was  necessary  to  demonstrate  that 
certain  of  its  characteristics  were  correctly  postulated 
in  the  theory.  To  this  end,  the  behavior  of  the  soap 
film  during  an  explosion  was  of  interest.  If  a  light 
source  of  proper  intensity  be  placed  behind  the  bubble, 
the  trace  of  its  wall  can  be  recorded  on  the  film  of  the 
drum  camera  simultaneously  with  the  explosion  itself. 
Figure  2  is  a  reproduction  of  a  record  of  this  type. 
External  illumination  of  the  central  portion  of  the 
bubble  was  excluded  by  an  opaque  disk.  In  this 
figure  it  is  shown  that  there  is  no  measurable  change 
in  the  diameter  of  the  soap  film  for  a  considerable 
time  after  ignition.  The  bubble  then  expands  slowly 
and  bursts  when  the  sphere  of  hot  gases  attains  a 
diameter  approximately  equal  to  the  initial  diameter 
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of  the  bubble.  After  the  bubble  bursts  the  record 
shows,  as  faint  traces,  the  boundaries  between  the 
hot  and  cold  gases.  These  traces  may  be  ascribed 
to  refraction  or  diffraction  of  the  external  light  in  the 
region  of  high  temperature  gradient. 

Further  detailed  information  as  to  the  mechanics  of 
bubble  explosions  has  been  obtained  by  photographing 
such  explosions  with  a  high-speed  motion-picture 
camera.  Figure  3  is  a  reproduction  of  a  section  of 
such  a  motion-picture  film.  In  this  case  the  bubble, 
before  firing,  contained  an  equivalent  mixture  of  CO 
and  02  with  2.7  mole  percent  of  I420.  A  source  of 
light  of  proper  intensity  was  placed  behind  the  bubble 
so  that  the  image  of  the  soap  film  could  be  recorded 
without  obscuring  the  image  of  the  flame.  In  frame 
1  the  bubble,  before  firing,  is  shown  suspended  on  the 
wire  ring,  with  the  glass  inlet  tube  at  the  top  and  the 
electrode  at  the  bottom.  Frame  2  shows  in  addition  a 
tiny  spot  of  light  at  the  center,  which  is  probably  the 
image  of  the  igniting  spark.  Successive  frames  show 
the  growth  of  the  sphere  of  flame  at  a  uniform  rate 
(i.  e.,  the  diameter  increases  linearly  with  time).  In 
frame  7  an  increase  in  the  diameter  of  the  bubble, 
owing  to  the  expansion  of  the  burned  gases,  can  be 
detected,  although  this  fact  may  not  be  evident  in  the 
small-scale  reproduction.  The  bubble  seems  to  be 
intact  in  frame  14,  but  in  frame  15  the  flame  has 
reached  the  wire  suspension  ring  and  the  soap  film  has 
failed  there.  Successive  frames  show  the  gradual 
disappearance  of  the  remainder  of  the  film,  without 
any  apparent  distortion  of  the  sphere  of  flame. 

There  is  evidence  of  the  existence  of  the  last  remnant 
of  the  soap  film  around  the  electrode  in  frame  23,  but 
in  24  it  has  disappeared  entirely.  The  combustion 
was  probably  completed  at  about  the  time  frame  28  was 
taken  and  the  cooling  of  the  hot  gases  by  the  surround¬ 
ing  air  is  clearly  shown  in  frames  29  and  30. 

The  remainder  of  the  record,  not  shown  in  the 
figure,  shows  the  hot  gases  rising  out  of  the  range  of 
the  camera.  Numerous  small  bodies  of  greater  light 
intensity  than  the  hot  gases  can  be  seen  rising  with  the 
gases.  These  are  probably  droplets  of  soap  solution, 
the  glycerin  of  which  is  ignited  by  the  hot  gases. 

Time  is  also  recorded  by  the  camera,  simultaneously 
with  the  travel  of  the  flame.  The  images  of  the  clock 
dials,  which  can  be  seen  in  the  figure,  were  used  to 
compute  the  speed  of  this  record  as  being  approxi¬ 
mately  1,610  frames  per  second. 

Detailed  examination  of  the  high-speed  records  led 
to  the  following  conclusions,  most  of  which  are  evi¬ 
dent  from  the  accompanying  record  of  the  explosion  of 
a  wet,  equivalent  mixture. 

1.  The  flame  front  advances  in  spherical  form. 

2.  There  is  no  measurable  rise  of  the  burned  gases 

until  after  the  flame  was  completed  its 
travel. 


3.  The  distorting  effects  of  the  solid  materials 

within  and  near  the  bubble  are  so  slight  that 
they  have  no  influence  at  the  horizontal 
midsection. 

4.  The  flame  traverses  approximately  one-half 

of  the  initial  diameter  of  the  bubble  before 
expansion  of  the  bubble  wall  becomes  meas¬ 
urable. 

5.  The  soap  film  first  fails  when  the  flame  reaches 

the  ring  of  gold  wire  from  which  the  bubble 
is  suspended,  and  persists  much  longer  at 
the  bottom  of  the  bubble. 

6.  No  measurable  distortion  of  the  flame  front  is 

produced  by  the  bursting  of  the  soap  film. 

7.  Expansion  ceases  with  the  passing  of  the  (lame 

front. 


Figure  2. — Record  of  a  bubble  explosion,  showing  the  expansion  of  the  bubble  wall. 


The  foregoing  characteristics  were  reproduced  with 
remarkable  fidelity  in  all  the  high-speed  records 
taken.  These  facts  all  lead  to  the  conclusion  that 
the  mechanics  of  an  explosion  in  a  soap  film  and  the 
method  of  interpreting  the  results  therefrom  were 
correctly  postulated  by  Stevens. 

Use. — The  soap-film  container  method  was  used  by 
Stevens  in  the  following  manner.  The  combustible 
gas  (for  example,  CO)  and  the  02  were  separately 
bubbled  through  bead  towers  containing  H20  at  the 
temperature  of  the  room.  The  gases  thus  humidified 
were  mixed  in  the  desired  proportions  by  volume  in  a 
glass  cylinder,  whence  they  could  be  displaced  by 
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mercury.  From  such  mixtures  bubbles  were  blown  each,  were  left  open  during  the  work  at  atmospheric 
at  the  center  of  a  hollow  cast-iron  sphere,  3  feet  in  pressure.  The  mixtures  within  the  bubbles  were 


Figure  3.— High-speed  moticn-pieture  record  of  a  bubble  explosion  (1,610  frames  per  second). 


diameter.  One  or  both  of  the  diametrically  opposite  ignited  at  their  centers  and  the  travel  of  each  flame 
openings,  having  an  area  of  about  40  square  inches  front  was  recorded  on  a  moving  film.  The  initial 
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temperature  and  pressure  were  those  of  the  air  within 
the  cast-iron  sphere. 

The  method  of  saturating  the  gases  with  II20  vapor 
is  open  to  question,  loss  of  water  by  condensation  when 
the  gases  were  displaced  from  the  mixing  vessel  was 
probable,  and  the  temperature  and  humidity  of  the 
air  in  which  the  bubbles  were  blown  were  not  ade¬ 
quately  controlled.  Each  and  all  of  these  factors 
doubtless  contributed  at  one  time  or  another  to  pro¬ 
duce  uncertainties  in  the  amount  of  water  vapor 
present  in  the  bubbles  at  the  time  of  firing.  It  is 
probable  that  Stevens  underestimated  the  magnitude 
of  the  errors  in  flame  speed  that  arise  from  this  source 
and  that  a  considerable  portion  of  the  spread  of  his 
results  may  be  assigned  to  this  cause. 

It  should  be  emphasized  that  neither  the  initial 
diameter  of  the  bubbles  nor  the  final  size  of  the  sphere 
of  hot  gases  need  be  known  for  the  determination  of 
S'  and  that  as  far  as  the  study  of  the  method  is  con¬ 
cerned,  it  is  probable  that  measurements  of  S'  are 
sufficient.  At  any  rate,  it  is  certain  that  the  method 
cannot  be  considered  successful  for  any  purpose  unless 
satisfactory  values  of  S'  can  be  obtained  by  its  use. 

After  the  completion  of  the  constant-volume  series 
of  experiments  at  pressures  below  atmospheric,  which 
were  described  in  a  previous  report  (reference  2),  an 
attempt  was  made  to  use  the  bubble  method.  It  was 
realized  that  small  changes  in  the  concentration  of 
water  vapor  would  produce  large  changes  in  the  ob¬ 
served  values  of  S'.  In  the  attempt  to  keep  the  water- 
vapor  concentration  constant  in  all  the  bubbles,  the 
following  precautions  were  taken.  Since  the  bubbles 
were  blown  in  the  free  air  of  the  laboratory,  the  tem¬ 
perature  of  the  room  was  thermostatically  controlled 
to  25  ±0.3°  C.,  as  indicated  by  a  mercury  thermometer 
near  the  bubble  suspension,  in  order  to  keep  the  vapor 
pressure  of  the  soap  solution  constant.  The  gas  mix¬ 
tures  were  humidified  with  distilled  water  to  a  partial 
pressure  equal  to  the  total  pressure  of  the  soap  solution 
at  25°  C.  Although  it  was  expected  that  values  of  S' 
could  be  measured  to  better  than  ±  10  cm  per  second, 
the  observed  variations  were  much  larger  than  this. 

A  detailed  study  of  the  purity  of  the  gases,  the  method 
of  making  the  mixtures,  and  of  the  mechanical  details 
of  the  recording  apparatus  indicated  that  none  of 
these  could  have  been  responsible  for  the  observed  dis¬ 
crepancies.  It  was  also  found  that  the  same  values  of 
S'  were  obtained  when  the  bubbles  were  blown  down 
over  the  spark  gap  (thus  leaving  it  wet)  as  when  the 
electrode  was  kept  dry  by  lowering  it.  into  the  bubble 
through  the  gas  inlet  tube. 

Two  possibilities  remained  as  to  the  cause  of  the  ob¬ 
served  variations,  namely,  that  the  amount  of  water 
vapor  actually  present  in  the  mixtures  at  the  time  of 
firing  was  not  yet  adequately  controlled,  or  that  some 
volatile  material  other  than  water  was  entering  the 
mixtures  from  the  soap  films  and  influencing  the  flame 
speed.  The  latter  was  ruled  out  experimentally  by 


measuring  S'  in  the  glass  cylinder,  described  in  refer¬ 
ence  2,  using  first  water  and  then  the  soap  solution  itself 
for  humidifying  the  mixtures.  In  each  pair  of  several 
such  determinations  the  observed  values  of  S'  differed 
by  less  than  10  cm  per  second,  the  speed  being  slightly 
higher  in  some  cases  when  water  was  used  and  lower 
in  others. 

A  survey  of  all  the  data  obtained  by  the  bubble 
method  revealed  the  following  facts  concerning  the 
observed  values  of  S':  (1 )  In  most  cases  all  comparable 
experiments  made  on  a  single  day  were  in  fair  agree¬ 
ment.  (2)  The  day-to-day  variation  was  much  larger, 
and  showed  no  uniform  trend.  (3)  Over  a  period  em¬ 
bracing  late  summer  and  early  winter  there  appeared 
a  marked  general  trend  toward  lower  values  of  S'. 

The  latter  of  these  facts,  in  particular,  suggested 
that  the  humidity  of  the  laboratory  air  might  be  exert¬ 
ing  an  influence  upon  the  amount  of  water  vapor  in¬ 
itially  present  in  the  bubbles.  If  such  an  explanation 
were  the  true  one,  it  would  be  compatible  as  well  with 
above-mentioned  points  1  and  2  because  the  humidity 
in  the  laboratory  would  not  be  likely  to  change  greatly 
in  any  single  day  nor  to  show  a  regular  trend  from  day 
to  day  over  a  short  time  interval. 

In  order  to  examine  experimentally  the  effect  of  the 
humidity  of  the  air  outside  the  bubble  upon  the  water- 
vapor  content  of  the  mixture  inside,  two  measurements 
of  S'  in  equivalent  mixtures  of  CO  and  02  were  made. 
The  first  of  these,  made  when  the  air  in  the  room  had 
a  temperature  of  25°  C.  and  a  relative  humidity  of  0.4, 
gave  *S"  =  GG0  cm  per  second.  Before  the  second  meas¬ 
urement  was  made,  steam  was  liberated  in  the  room 
until  it  began  to  condense  in  the  cooler  places.  The 
relative  humidity  was  increased  to  over  0.9  and  the 
temperature  had  increased  to  31°  C.  A  determina¬ 
tion  under  these  circumstances  gave  S'  —  940  cm  per 
second,  an  increase  of  over  40  percent.  From  the 
known  vapor  pressure  of  the  soap  solution  and  the 
effect  of  water  vapor  on  S'  in  equivalent  mixtures  at 
atmospheric  pressure  (see  reference  2),  it  was  calcu¬ 
lated  that  the  change  in  temperature  alone  could  not 
account  for  more  than  one-fourth  of  the  observed 
change  in  S'.  The  remainder,  210  cm  per  second, 
must  lie  due  solely  to  the  effect  of  the  humidity  of  the 
air  surrounding  the  bubbles. 

This  effect  of  humidity  has  since  been  repeatedly 
observed  at  constant  temperature.  Earlier  experi¬ 
ments  upon  the  effect  of  allowing  the  bubbles  to  stand 
at  full  size  for  different  time  intervals  showed  very 
little  change  in  S'.  These  tests,  however,  happened 
to  be  made  in  midsummer  when  the  natural  humidity 
and  the  observed  values  of  S'  were  high.  Similar 
experiments  later,  in  an  atmosphere  of  controlled  low 
humidity,  showed  that  the  observed  value  of  S' 
decreases  as  the  time  of  life  of  the  bubbles  is  increased. 

The  probable  mechanism  by  which  the  external 
humidity  influences  the  amount  of  water  vapor  within 
the  bubbles  may  be  briefly  stated  as  follows:  For  all 
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cases  in  which  the  partial  pressure  of  water  in  the  out¬ 
side  air  is  less  than  the  partial  pressure  of  water  from 
the  soap  solution,  water  evaporates  from  the  soap 
film  during  the  formation  and  life  of  the  bubbles. 
This  evaporation  produces  a  cooling  of  the  film  and 
consequently  a  partial  condensation  of  the  water 
within  the  bubble.  Obviously  such  a  mechanism 
requires  time  and  the  amount  of  wmter  removed  will 
be  a  function  of  the  life  of  the  bubbles. 

The  cause  of  the  discrepancies  in  the  earlier  experi¬ 
mental  values  of  S'  has  since  been  removed  by  build¬ 
ing  a  thermostatically  controlled  box  around  the  bubble 
suspension.  The  partial  pressure  of  water  within 
this  box  is  kept  at  a  value  equal  to  the  vapor  pressure 
of  the  soap  solution  at  the  temperature  of  the  box,  so 
that  there  can  be  no  continued  evaporation  from  the 
soap  films  that  form  the  bubbles.  This  further  refine¬ 
ment  in  the  control  of  the  initial  composition  of  the 
explosive  mixtures  has  made  it  possible  to  reproduce 
the  observed  values  of  flame  speed  (S')  to  within  ±5 
cm  per  second  in  practically  all  of  the  records  taken 
since  its  adoption. 

As  previously  stated,  Stevens  formed  the  bubbles 
that  he  photographed  within  a  large  cast-iron  sphere. 
Inside  this  sphere  was  an  open  cup  containing  soap 
solution,  and  drops  of  the  solution  doubtless  were 
thrown  onto  the  walls  with  each  explosion.  There¬ 
fore  the  humidity  of  the  air  in  which  his  bubbles  were 
blown  was  probably  subject  to  much  less  variation 
than  that  of  the  free  air  in  the  room.  Considerable 
error  in  his  values  of  flame  speed  must  have  arisen 
because  the  temperature  of  the  sphere  was  not  con¬ 
trolled  and  because  one  or  both  of  its  windows  were 
left  open  during  his  work  at  atmospheric  pressure.  A 
search  of  his  records  has  failed  to  reveal  his  opinion  as 
to  the  effect  of  the  humidity  of  the  surrounding  air. 

PRESENT  APPARATUS  AND  PROCEDURE 

Apparatus. — The  apparatus  in  the  form  in  which  it  is 
now  being  used  will  be  described  without  reference  to 
the  intermediate  stages  through  which  it  has  been 
developed. 

The  photographic  recording  system  was  used  with¬ 
out  modification  of  its  form  as  described  in  reference  2. 
The  CO  was  prepared  and  purified  as  there  described, 
and  stored  in  three  glass  flasks  of  19  liters  total 
capacity.  The  oxygen  was  prepared  by  electrolysis 
of  a  KOH  solution  in  a  small  generator  built  so  that 
air  could  not  come  in  contact  with  the  electrolyte. 
Oxygen  from  the  generator  was  passed  over  anhydrous 
magnesium  perchlorate  to  remove  most  of  the  water, 
then  through  a  furnace,  the  central  tube  of  which  was 
filled  for  a  length  of  15  cm  with  copper-oxide  wire  at  a 
temperature  of  over  500°  C.  The  gases  emerging 
from  the  furnace  were  condensed  in  a  liquid-air  trap, 
from  which  the  oxygen  was  evaporated  into  an  appro¬ 
priate  storage  tank.  From  this  tank,  the  02  passed 
through  a  P205  tube  on  its  way  to  the  mixing  chamber. 


The  gases  were  mixed  in  a  2-liter  glass  flask,  well 
lagged,  and  having  the  bulb  of  a  “calorimetric  stand¬ 
ard”  mercury  thermometer  at  its  center.  Mercury 
was  used  to  displace  the  gases  from  this  flask  in  such 
a  way  that  the  pressure  of  the  gases  exceeded  that  of 
the  atmosphere  by  only  the  small  increment  necessary 
slowly  to  expand  the  soap-film  containers.  Since  the 
gas  mixtures  were  never  saturated  with  water  vapor, 
the  danger  of  condensing  liquid  in  the  mixing  vessel 
was  avoided. 

Connections  were  provided  from  the  mixing  chamber 
through  stopcocks,  to  the  storage  tanks  for  CO  and 
02,  to  a  small  reservoir  of  distilled  water,  to  the 
closed-end  mercury  manometer  described  in  reference 
2,  to  a  similar  2-liter  flask  filled  with  mercury  for  dis¬ 
placement  of  the  final  mixture,  to  the  tube  through 
which  the  bubbles  were  blown,  and  to  the  vacuum 
pump. 

The  bubbles  were  blown  at  the  center  of  a  cubical 
chamber  30  inches  on  a  side.  This  chamber  was  a 
double-walled  wooden  box  provided  with  a  heater,  a 
thermoregulator,  and  a  circulating  fan.  Windows 
and  sliding  doors  were  provided  at  the  places  where 
access  to  the  interior  was  necessary.  The  inside  of 
the  box  was  thoroughly  coated  with  paraffin.  The 
whole  served  as  a  chamber  within  which  the  tempera¬ 
ture  and  partial  pressure  of  water  vapor  could  be  kept 
constant. 

Figure  4  is  a  photograph  of  a  bubble  suspended 
and  ready  to  be  fired.  The  glass  tube  at  the  top 
served  for  the  introduction  of  the  explosive  mixture. 
The  suspension  ring  (4  cm  diameter)  of  gold  wire 
increased  the  stability  of  the  bubbles.  The  sparking 
device,  seen  coming  up  to  the  center  of  the  bubble, 
was  made  of  nickel  wires  fused  to  1  mm  spheres  at 
the  gap.  The  central  wire  led  downward  through  a 
glass  capillary  tube,  which  was  in  turn  surrounded  by 
a  thin  metal  tube.  The  second  electrode  was  soldered 
to  this  metal  tube  and  the  circuit  to  the  gap  was  com¬ 
pleted  through  it.  A  drop  of  soap  solution  placed 
over  the  lower  end  of  the  glass  inlet  tube  furnished 
the  material  for  the  wall  of  the  bubble.  This  sus¬ 
pension  offers  no  resistance  to  lateral  expansion  of  the 
bubbles  and  but  a  very  small  amount  in  the  vertical 
direction. 

In  the  present  series  of  observations,  the  initial 
horizontal  dimension  of  each  bubble  was  made  9  cm 
by  admitting  explosive  mixture  until  the  shadow  of 
the  bubble  cast  upon  a  white  screen  reaches  fiducial 
marks  originally  located  by  substituting  an  object  of 
known  size  at  the  position  later  to  be  occupied  by 
the  bubble.  It  is  believed  that  the  value  of  the 
initial  radius  (Rx)  can  be  more  accurately  determined 
by  this  method  (9  cm  at  bubble  =  32  cm  on  screen) 
than  if  it  were  determined  by  measuring  a  photo¬ 
graph  (about  one-fourth  actual  size)  of  the  bubble,  as 
was  done  by  Stevens.  The  present  procedure  has 
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the  added  advantage  of  simplifying  the  reduction  of 
the  results,  since  the  value  of  Bx  is  constant  throughout 
all  the  calculations. 

Procedure. — The  mixtures  were  prepared  as  follows: 
The  mixing  chamber  was  emptied  of  mercury,  closed 
from  the  atmosphere,  and  evacuated.  It  was  then 
connected  to  the  flask  containing  distilled  water  at  a 
constant  temperature  below  that  of  the  room.  The 
reasons  for  the  choice  of  the  particular  temperature 
employed  will  appear  subsequently.  After  about  15 
minutes  the  temperature  of  the  water  reservoir  and 
that  of  the  water  vapor  in  the  mixing  vessel  were 
observed  and  the  reservoir  was  closed  off.  The  tem¬ 
perature  of  the  liquid  determined  the  pressure  of  the 
water  vapor  in  the  mixing  vessel  and  the  temperature 
of  the  vapor,  in  conjunction  with  the  perfect  gas  law, 
was  used  in  calculating  its  mass.  Dry  CO  was  then 
admitted  to  the  chamber  to  a  chosen  value  of  pres¬ 
sure  as  indicated  by  the  manometer.  The  tempera¬ 
ture  and  pressure  of  the  mixture  of  CO  and  H20  were 
recorded  after  a  steady  state  had  been  reached. 
Similarly  the  dry  electrolytic  02  was  admitted  and  the 
final  steady  temperature  and  pressure  observed.  The 
mole  fraction  of  each  constituent  could  then  be  calcu¬ 
lated  from  the  pressure-temperature  data  with  the  aid 
of  the  gas  law.  At  least  1  hour  was  allowed  for 
complete  mixing  before  blowing  a  bubble. 

The  soap  solution  used  in  the  final  series  of  measure¬ 
ments  had  approximately  the  following  composition 
by  weight:  triethanolamine  oleate,  1  part;  glycerin,  8 
parts;  distilled  water,  32  parts.  The  vapor  pressure 
of  this  solution  at  29.4°  C.  was  found  to  be  25.2  mm 
Hg.  Since  this  pressure  is  due  largely  to  water,  the 
partial  pressure  of  the  water  in  each  of  the  explosive 
mixtures  was  regulated  to  very  nearly  this  same  value, 
with  the  idea  that  less  time  would  be  required  for 
establishing  equilibrium  between  the  soap  film  and  the 
contained  gas  mixture.  In  other  words,  the  water 
reservoir  was  maintained  at  a  temperature  of  26°  C. 
for  each  mixture,  since  the  vapor  pressure  of  water  is 
25.21  mm  at  this  temperature. 

After  flushing  out  the  small  portion  of  the  line  that 
could  not  be  evacuated  (ca.  0.2  cm  3),  a  drop  of  soap 
solution  was  placed  over  the  lower  end  of  the  glass 
inlet  tube  and  the  bubble  was  blown  by  letting  mer¬ 
cury  into  the  mixing  vessel.  A  delicate  needle  valve 
in  the  flow  line  made  it  possible  to  stop  the  flow 
quickly  when  the  bubble  reached  the  desired  size  (9 
cm  diameter.) 

A  sliding  door  on  the  camera  side  of  the  thermostat 
was  opened  and  the  explosion  was  initiated  and 
recorded  by  the  procedure  outlined  in  reference  2. 

With  these  precautions  the  spread  of  the  results  has 
been  reduced  to  a  value  that  might  reasonably  be 
expected  from  an  examination  of  the  constituted 
observed  quantities. 


THE  EFFECT  OF  MIXTURE  RATIO  UPON  FLAME 
SPEED,  EXPANSION  RATIO,  AND  TEMPER¬ 
ATURE  ATTAINED,  AT  CONSTANT  WATER- 
VAPOR  CONCENTRATION 

INTRODUCTION 

In  a  previous  report  (reference  2),  and  in  the  pre¬ 
ceding  sections  of  this  report  a  detailed  description  of 
the  apparatus  and  technic  evolved  for  the  investiga¬ 
tion  of  the  explosive  oxidation  of  CO  by  the  constant- 
volume  method  and  by  the  constant-pressure,  or 
bubble,  method  has  been  given.  The  following  sec¬ 
tions  are  concerned  with  the  experimental  results 


Figure  4. — Bubble  suspended  and  ready  to  be  fired. 

obtained  for  various  mixtures  of  CO  and  02  at  con¬ 
stant  water-vapor  concentration,  and  the  comparison 
of  these  results  with  previously  published  data. 

COLLECTION  OF  EXPERIMENTAL  DATA 

Prior  to  the  start  of  the  final  series  of  bubble  experi¬ 
ments,  a  series  of  values  of  S'  was  determined,  using 
the  cylindrical  constant-volume  apparatus  described 
in  reference  2.  In  every  case  the  mole  fraction  of 
water  vapor  was  adjusted  to  0.0269 ±0.0001,  and  the 
total  pressure  to  760  mm  Hg.  In  other  words,  the 
temperature  of  the  water  used  for  humidifying  the 
mixtures  was  adjusted  to  22.5°  C.,  at  which  the  vapor 
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pressure  of  water  is  20.44  mm.  In  a  few  of  these 
experiments  soap  solution  at  25°  C.,  at  which  temper¬ 
ature  its  vapor  pressure  was  observed  to  be  20.5  mm, 
was  substituted  for  the  water  in  the  humidifier.  This 
change  produced  no  measurable  change  in  the  flame 
speed.  The  mole  fraction  of  CO  was  varied  during 
this  series  from  0.2471  to  0.8553,  40  determinations 
in  all  being  made.  Table  I  gives  the  observed  values 
of  S'  and  the  corresponding  CO  concentrations. 


TABLET 

SPEED  OF  FLAME  IN  SPACE  BY  THE  CONSTANT- 

VOLUME  METHOD 

[Mole  fraction  of  water=0.0269] 


Mole  frac¬ 
tion  of 
CO 

Speed  of 
flame  in 
space  S' 

Mole  frac¬ 
tion  of 
CO 

Speed  of 
flame  in 
space  S' 

Mole  frac¬ 
tion  of 
CO 

Speed  of 
flame  in 
space  S’ 

cmls 

cm Js 

cmls 

0.  2471 

211 

0.  6293 

863 

0.  6983 

860 

.2746 

278 

.  6339 

863 

.  6988 

856 

.  3033 

337 

.6384 

864 

.7045 

856 

.3373 

417 

.6441 

872 

.  7195 

838 

.3671 

478 

.  6461 

80S 

.  7318 

813 

.4004 

554 

.  6491 

871 

.7463 

786 

.4303 

615 

.6548 

871 

.  7622 

752 

.4645 

672 

.  6555 

873 

.7772 

709 

.  4922 

710 

.  6592 

873 

.7931 

653 

.5417 

773 

.6616 

873 

.8060 

573 

.5459 

U  l 

.  6624 

871 

.  8160 

507 

.5474 

785 

.  6637 

875 

.8280 

402 

.5644 

801 

.  6694 

871 

.8441 

284 

.5921 

837 

.  6767 

870 

.8553 

148 

.  5978 

844 

.  6805 

869 

.6141 

850 

.  6844 

868 

The  results  emodied  in  this  table  are  shown  graphically 
in  figure  5.  The  square  of  the  mole  fraction  of  CO 
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Figure  5.— Speed  of  flame  in  space  by  the  constant-volume  method  (mole  fraction  of 

water =0.0269). 

has  been  plotted  along  the  axis  of  abscissae  because, 
by  this  device,  the  resulting  curve  is  more  nearly 
symmetrical.  The  observed  points  lie,  in  almost 


every  case,  within  less  than  10  speed  units  of  the 
smooth  curve  that  has  been  drawn  through  them,  and 
the  majority  of  them  are  within  5  units.  As  indicated 
by  this  curve,  the  maximum  speed  in  space  (S') 
occurs  not  at  chemical  equivalence  (i.  e.,  when  the 
mole  fraction  of  CO  is  0.G49),  but  slightly  on  the  rich 
side,  at  a  point  where  the  mole  fraction  of  CO  is  0.662. 

Before  passing  to  the  results  by  the  bubble  method, 
a  few  points  of  general  interest,  as  brought  out  in  the 
constant-volume  experiments,  will  be  recounted.  The 
light  intensity,  as  indicated  by  the  density  of  the 
photographs,  falls  off  with  the  flame  speed  on  either 
side  of  equivalence.  The  afterglow  persists  for  a  much 
longer  time  than  that  required  for  the  travel  of  the 
reaction  zone  in  all  mixtures  except  those  extremely 
rich  in  CO.  At  the  lean  extreme  the  afterglow  seems 
to  be  emitting  more  actinic  light  than  was  emitted  by 
the  flame  front.  At  the  rich  extreme  no  afterglow  is 
visible  on  the  photographs.  At  both  extremes  the 
flame  front  appears  on  the  records  as  a  line  of  much 
greater  density  than  the  image  produced  by  the  hot 
gases  which  are  surrounded  by  the  expanding  reaction 
zone.  These  facts  are  recorded  because  they  are  so 
strikingly  brought  out  by  an  examination  of  the  photo¬ 
graphs,  even  though  they  may  seem  to  he  of  little 
immediate  importance. 

The  data  obtained  in  these  constant-volume  experi¬ 
ments  served  as  a  valuable  guide  in  the  perfection  of 
the  bubble  method  which  was  subsequently  under¬ 
taken.  When  the  details  of  the  latter  had  been 
worked  out,  however,  and  the  method  put  into  satis¬ 
factory  operation,  the  season  had  advanced  into  the 
summer  and  the  temperature  in  the  laboratory  could 
no  longer  be  kept  consistently  below  25°  C.  The 
series  of  bubble  experiments  was  therefore  run  at  a 
higher  temperature  (29.44°  C.  or  85°  F.).  Although 
such  a  series  did  not  give  values  directly  comparable 
with  the  values  of  S'  by  the  constant-volume  method, 
correlation  can  be  made  at  equivalence  through  the 
data  of  reference  2,  and  the  results  themselves  are  of 
as  much  value  at  one  arbitrarily  chosen  value  of 
water-vapor  concentration  as  at  another. 

The  vapor  pressure  of  the  soap  solution  at  29.44°  C. 
was  found  to  be  25.2  mm.  The  water  used  for 
humidifying  the  gas  mixtures  was  therefore  kept  at 
26°  C.,  at  which  temperature  its  vapor  pressure  is 
25.21  mm. 

The  chamber  in  which  the  bubbles  were  blown,  which 
was  kept  saturated  with  vapor  from  exposed  soap  solu¬ 
tion,  was  regulated  to  29.44°  C.  at  the  start  of  each  set 
of  explosions.  This  temperature  rose  slightly  with 
each  successive  explosion,  and  it  was  deemed  unneces¬ 
sary  to  wait  for  the  box  to  cool  to  its  initial  temperature 
during  the  taking  of  3  or  4  records  for  any  particular 
mixture.  Instead,  the  individual  values  of  S'  were 
finally  corrected  to  an  initial  temperature  of  29.44°  C. 
by  successive  approximations  involving  the  preliminary 
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values  of  S'  from  the  bubble  experiments,  the  values  of 
S'  from  the  constant-volume  experiments  at  a  lower 
water  concentration,  and  the  observed  departure  of  the 
initial  temperature  from  29.44°  C.  In  practically  all 
cases  the  magnitude  of  the  applied  correction  was  less 
than  five  speed  units,  and  the  final  results  were  changed 
but  very  slightly  by  adopting  this  procedure. 

For  each  gas  mixture  the  bubbles  were  allowed  to 
stand  for  observed  time  intervals  of  from  1  to  15  seconds 
at  full  size  before  being  fired.  Within  the  first  15 
seconds  no  systematic  variation  of  S'  with  time  was 
observed.  The  effect  of  standing  for  longer  intervals 
was  also  negligible  except  in  a  comparatively  short 
range  of  mixture  ratios  on  each  side  of  equivalence 
where  the  observed  values  of  S'  decreased  with  the 
length  of  time  the  bubbles  remained  at  full  size.  The 
magnitude  of  this  decrease  in  S'  fell  off  rapidly  on  both 
sides  of  equivalence. 

All  measurements  taken  from  the  negatives  were 
corrected  for  the  fact  that  the  spherical  object  ap¬ 
proached  the  camera  lens  as  the  reaction  zone  pro- 


Figure  6. — Speed  of  flame  in  space  by  the  bubble  method  (mole  fraction  of 

water=0.0331). 


gressed.  The  constants  of  the  lens  were  determined 
by  calibration  at  this  Bureau. 

The  curve  given  in  figure  G  shows  the  variation  of 
S'  with  composition  for  mixtures  of  CO  and  02,  each 
containing  a  mole  fraction  of  water  of  0.0331.  This 
curve  was  plotted  from  the  mean  observed  values  of 
S'  for  each  experimental  mixture.  The  deviation 
chart  at  the  bottom  of  this  figure  shows  the  variation 
of  the  individual  determinations  of  S'  from  the  smooth 
curve,  here  represented  as  the  straight  base  line.  At¬ 


tempts  to  find  a  simple  empirical  equation  adequate  to 
express  the  relation  between  the  observed  values  of  S' 
and  composition  were  unsuccessful.  A  large-scale 
plot  of  the  data  embodied  in  figure  6  was  therefore 
used  for  obtaining  smoothed  and  interpolated  values 
of  S'. 

A  direct  comparison  of  the  values  of  S'  obtained  by 
the  bubble  method  with  those  by  the  constant-volume 
method  is  impossible  because  the  water  content  was 
different  in  the  two  series.  With  the  aid  of  the  data 
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Figure  7.— Final  radii  by  the  bubble  method. 
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given  in  reference  2,  a  correlation  can  be  made  at 
equivalence.  A  value  of  908  cm  per  second  is  ob¬ 
tained  from  the  constant- volume  measurements  by 
applying  corrections  for  the  difference  in  water-vapor 
content  and  total  pressure.  This  value  is  directly 
comparable  and  in  satisfactory  agreement  with  the 
value  902  cm  per  second  obtained  by  the  bubble 
method  for  an  equivalent  mixture  containing  3.31 
mole  percent  of  H20  at  a  total  pressure  of  750  mm. 
This  agreement  at  equivalence,  as  well  as  the  marked 
similarity  of  the  curves  shown  in  figures  5  and  6,  is 
considered  as  important  evidence  that  the  technic  of 
the  bubble  method  has  been  rendered  satisfactory. 

The  observed  relation  between  final  radius  (R2)  and 
composition  can  be  expressed  very  well  by  the  equa¬ 
tion 

7A2=  — 48.71  ?F— 78.62  n2+ 154.05  n  +25.18, 

in  which  n  represents  the  mole  fraction  of  CO.  In 
figure  7  the  solid  curve  is  the  locus  of  this  equation, 
and  the  plotted  points  show  the  deviations  of  the 
individual  determinations  of  R2  from  the  equation. 
The  smoothed  and  interpolated  values  that  were  used 
subsequently  were  calculated  from  the  equation. 

The  speed  of  flame  relative  to  the  active  gases  (S) 
was  calculated  from  the  equation 


(reference  1). 

In  all  experiments  the  initial  radius  IS  was  made 
4.50  cm.  Corresponding  values  of  S'  and  R2  were 
taken  from  the  curve  shown  in  figure  6  and  the 
empirical  equation,  respectively.  The  resulting  rela- 
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tion  between  S  and  composition  is  shown  graphically 
in  figure  8.  A  numerical  summary  of  all  these  results 
appears  later  in  table  II. 

COMPARISON  WITH  THE  RESULTS  OF  STEVENS 


It  lias  been  pointed  out  that  the  theory  and  the 
mechanics  of  a  soap-bubble  explosion  were  correctly 


[Mole  fraction  of  CO]2 


Figure  8. — Speed  of  flame  relative  to  the  active  gases. 

postulated  by  Stevens.  Much  credit  is  due  him  for 
his  efforts  to  emphasize  the  importance  of  the  speed 
of  flame  relative  to  the  active  gases  rather  than  the 
more  frequently  observed  speed  in  space. 

Ilis  numerous  experiments  (reference  1)  included 
several  series  with  CO  and  02,  analogous  to  that  re¬ 
ported  here.  He  specified  that,  in  every  experiment, 
the  gas  mixtures  were  “  saturated  with  water  vapor 
at  the  temperature  of  the  room.”  Although  it  has 
been  shown  in  the  first  part  of  this  paper  that  this 
statement  cannot  be  regarded  as  a  sufficiently  definite 
postulation  of  conditions,  it  is  probable  that  the  large 
number  of  experiments  made  by  Stevens  over  a  long 
interval  of  time  yielded  an  average  result  of  very 
much  higher  accuracy  than  his  individual  experiments. 
Because  the  average  quantity  of  water  vapor  within 
his  bubbles  cannot  be  definitely  known,  a  direct  com¬ 
parison  of  his  experimental  values  of  S  with  those  of 
the  present  series  is  impossible.  There  is,  however, 
an  indirect  method  by  which  such  a  comparison  can 
be  made. 

As  a  result  of  all  of  his  work  with  explosions  in 
gaseous  systems,  Stevens  concluded  that  the  speed  of 
flame  relative  to  the  active  gases  was  directly  propor¬ 
tional  to  the  mass  action  product  of  the  concentrations 
of  the  active  constituents  in  the  original  mixture. 
Applied  specifically  to  the  explosive  oxidation  of  CO, 


this  statement  means  that  the  relation  between  S  and 
the  initial  concentrations  of  CO  and  02  is  expressed 
by  the  equation 

S=k  [CO]2  [02], 

where  k  is  a  constant  for  each  value  of  water-vapor 
content  and  the  bracketed  symbols  indicate  concen¬ 
trations  of  the  reactants.  Stevens  chose  the  value 
k  =  694  for  the  best  representation  of  his  data. 

If  an  attempt  is  made  to  fit  the  results  of  the  present 
measurements  by  an  equation  of  this  type,  the  best 
value  of  k  is  about  820.  That  this  figure  should  be 
much  higher  than  the  one  found  by  Stevens  is  logical 
since  the  average  temperature  at  which  his  experi¬ 
ments  were  performed  was  doubtless  much  lower  than 
that  of  the  present  series  (29.44°  C.). 

The  deviation  of  the  new  results  from  the  equation 
$=820  [CO]2  [02]  is  shown  in  figure  9.  In  the  range 
from  0.5  to  0.8  mole  fraction  of  CO  the  deviations  are 
relatively  small,  the  maximum  being  about  4.3  per¬ 
cent.  It  is  obvious  that  an  equation  of  this  type  must 
fit  at  least  approximately  in  this  range,  since  values 
of  S',  Ro,  and  [CO]2  [02]  show  the  least  variation  with 
concentration  here.  In  other  words,  curves  of  S', 
R2,  and  [CO]2  [02],  plotted  against  the  mole  fraction  of 
CO,  all  have  relatively  flat  maxima  at  or  near  equiva¬ 
lence. 

In  the  range  below  a  mole  fraction  of  CO  of  0.5, 
where  it  is  likely  that  the  bubble  method  yields  more 
dependable  values  of  S  than  in  any  other  range,  the 
deviation  between  the  observed  and  calculated  values 
of  S  reaches  a  maximum  of  about  20  percent. 

In  the  range  for  mixtures  richer  in  CO  than  a  mole 
fraction  of  0.8,  an  equation  of  the  type  used  by  Stevens 
is  totally  inadequate  to  represent  the  present  measure¬ 
ments.  Granting  that  the  experimental  values  of  R2 


Figure  9. — Deviations  of  the  observed  values  of  S  from  the  equation 

S=820  [COHO2]. 

decrease  in  precision  as  the  mixtures  become  very 
rich,  it  is  inconceivable  that  there  could  be  sufficient 
error  in  the  smoothed  values  of  R2  to  account  for  more 
than  a  small  fraction  of  the  discrepancy  in  S  between 
the  equation  and  the  data. 

Although  an  equation  of  the  type  used  by  Stevens 
gives  an  approximate  representation  of  the  data  near 
equivalence,  there  remains  an  outstanding  discrep- 
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ancy  between  the  equation  and  the  data  even  in  this 
range.  The  equation,  regardless  of  the  value  of  k, 
gives  a  maximum  value  of  S  at  exact  equivalence. 
The  observed  values  of  both  S'  and  S,  however,  show 
maxima  that  are  very  definitely  on  the  rich  side  of 
equivalence.  It  is  obviously  impossible,  therefore, 
to  represent  the  observed  values  of  S  in  the  range  em¬ 
bracing  equivalence,  within  the  limit  of  experimental 
error,  by  an  equation  of  this  type.  It  must  then  be 
concluded  that,  although  such  an  equation  was  satis¬ 
factory  to  represent  the  results  of  Stevens  within  his 
experimental  error,  it  is  inadequate  to  represent  the 
more  exact  data. 

Actually,  according  to  the  present  data,  values  of 
S'  are  more  closely  proportional  to  [CO]2  [021  than 
values  of  S.  If,  as  shown  in  figure  10,  the  observed 
values  of  S'  are  plotted  against  this  product,  a  curve 
of  peculiar  shape  results.  In  this  figure  the  two  sets 
of  observed  values  of  S',  obtained  by  the  constant- 
volume  and  the  bubble  method,  are  plotted  to  show 
the  similarity  of  the  results.  For  either  set  an  equa¬ 
tion  of  the  type  S'—k2=k3  [CO]2  [02],  where  k2  and 
k3  are  constants  whose  values  depend  upon  the  water- 
vapor  concentration,  can  be  made  to  fit  the  experi¬ 
mental  values  of  S'  to  better  than  5  percent  in  the  range 
of  concentration  from  a  mole  fraction  of  CO  of  0.25 
to  one  of  0.75.  For  both  lean  mixtures  and  rich 
mixtures  the  branches  of  the  curves  in  figure  10  are 
straight  lines,  so  that  an  equation  of  this  type  could 
be  used  to  fit  the  S'  data  at  either  end  of  the  concentra¬ 
tion  range.  A  single  equation  of  this  type  is,  however, 
obviously  incapable  of  covei’ing  the  entire  range. 

In  each  of  his  published  reports,  Stevens  reaffirmed 
his  belief  that  the  speed  of  flame  relative  to  the  active 
gases  in  any  explosive  mixture  (whether  the  combust¬ 
ible  gas  was  a  pure  compound  or  a  composite  fuel) 
was  directly  proportional  to  the  mass  action  product 
of  the  concentrations  of  the  active  constituents. 
Close  examination  reveals  that  this  concept  cannot  be 
accepted  as  more  than  a  rough  approximation  to  the 
truth,  for  the  following  reasons:  1.  It  demands  a 
maximum  value  of  S  at  exact  equivalence,  while  the 
observed  maximum  is  obtained  with  somewhat  richer 
mixtures;  2.  It  is  not  supported  by  Stevens’  own 
results  for  rich  mixtures  of  fuels  other  than  CO;  3. 
It  is  inadequate  to  represent  the  present  results  for 
CO  and  02,  as  shown  in  figure  9. 

It  therefore  seems  necessary  to  abandon  Stevens’ 
concept  of  the  proportionality  of  S  to  initial  compo¬ 
sition,  and  to  continue  the  search  for  a  relation  which 
will  accord  with  the  observed  facts. 

A  brief  examination  of  the  consequences  of  the  fail¬ 
ure  of  the  simple  equation  of  Stevens  to  fit  the  new 
data  may  not  be  amiss.  For  the  sake  of  simplicity, 
the  reaction  between  CO  and  02  will  be  taken  as  a 
typical  example. 


The  rate  r  at  which  a  chemical  reaction  proceeds  in 
a  homogeneous  system  is  defined  as  the  decrease  in 
equivalent  concentration  of  the  reacting  molecular 
species  in  unit  time.  For  the  oxidation  of  CO  the 
law  of  mass  action  as  applied  to  reaction  rate  may  be 
expressed  as  follows: 


r= 


d_[CO] 

dt 


-d-^r=h  [co]2  io2] 


where  r  is  the  reaction  rate,  t  represents  time,  and  kx 
is  a  constant  known  as  the  specific  reaction  rate.  The 
value  of  kx  is  constant  for  any  given  temperature 
but  varies  with  the  temperature  at  which  the  reaction 
takes  place.  The  rate  at  which  kx  varies  is,  in  general, 
great  for  reactions  accompanied  by  considerable 
evolution  or  absorption  of  heat.  For  the  oxidation 
of  CO  large  changes  in  kx  are  to  be  expected  as  the 
mixture  ratio  is  varied,  because  of  the  large  differences 


[com] 

Figure  10. — Values  of  the  speed  of  flame  in  space  plotted  against  the  mass  action 

product. 

in  the  temperatures  which  result  from  the  high  heat 
of  reaction. 

The  equation  S—k  [CO]2  [02],  which  fit  Stevens’ 
experimental  results,  is  very  similar  in  form  to  the 
expression  for  reaction  rate.  The  important  distinc¬ 
tion  lies  in  the  fact  that  kx  is  a  function  of  temperature, 
while  a  single  value  of  k  was  considered  adequate 
over  the  whole  range  of  mixture  ratios.  For  this 
reason  it  does  not  seem  proper  to  consider  that  S,  as 
defined  by  the  above  equation,  is  a  relative  measure 
of  reaction  rate,  and  considerable  care  should  be 
exercised  in  any  attempt  to  correlate  these  two  quan¬ 
tities,  as  was  done  by  Stevens  in  reference  1  (N.  A.  C.  A. 
T.  R.  No.  337). 

Other  work  of  Stevens  included  an  investigation  of 
the  effect  of  pressure  upon  the  rate  of  propagation  of 
the  reaction  zone  (reference  1,  N.  A.  C.  A.  T.  R.  No. 
372).  The  soap-bubble  method  was  employed,  and 
although  no  attempt  to  repeat  these  measurements 
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has  been  made,  it  is  of  interest  to  examine  his  results, 
giving  consideration  to  the  known  characteristics  of 
the  method.  From  a  large  number  of  records  he 
concluded  that  his  results  “would  indicate  that,  over 
the  pressure  range  examined  (100  to  3,000  mm  Hg), 
the  rate  of  propagation  S  of  the  reaction  zone  measured 
relative  to  the  active  gases  is  independent  of  pressure.” 

The  present  work  has  shown  that  the  water  vapor 
within  the  bubble,  regardless  of  its  original  partial 
pressure,  will  assume  a  partial  pressure  very  close  to 
that  in  the  surrounding  air  during  the  time  required 
to  blow  and  fire  the  bubble.  Therefore  in  the  experi¬ 
ments  of  Stevens  the  volume  percentage  of  water  vapor 
within  the  bubbles  at  the  time  of  firing  must  have 
varied  inversely  as  the  total  pressure.  To  illustrate, 
let  us  assume  that  the  air  within  which  the  bubbles 
were  blown  was  at  a  temperature  at  which  the  vapor 
pressure  of  the  soap  solution  was  20  mm  and  that 
saturation  conditions  prevailed.  The  volume  per¬ 
centages  of  water  vapor  within  the  bubbles  at  the  time 
of  firing  would  have  been  as  follows:  At  a  total  pressure 
of  100  mm,  20  percent;  at  atmospheric  pressure,  2.8 
percent;  at  3,000  mm,  0.67  percent.  It  is  at  once 
evident  that  Stevens’  observations  upon  the  effect  of 
pressure  were  actually  observations  of  the  combined 
effect  of  simultaneous  changes  in  pressure  and  water- 
vapor  content.  For  CO  explosions  the  effect  of  water 
vapor  is  certainly  not  a  negligible  factor.  For  any 
explosive  mixture  in  which  water  vapor  has  a  significant 
effect  upon  flame  speed,  the  bubble  method  is  inher¬ 
ently  unsuited  to  a  study  of  the  effect  of  pressure. 

A  series  of  observations  upon  the  effect  of  inert 
gases  in  explosions  of  CO  and  02  is  now  in  progress. 
A  comparison  of  these  results  with  those  of  Stevens 
upon  the  same  subject  (reference  1,  N.  A.  C.  A.  T.  R. 
No.  280)  will  be  included  in  a  subsequent  report. 


TEMPERATURES  ATTAINED 


From  the  observed  values  of 


it  is  possible  to 


calculate  the  temperatures  prevailing  at  the  time  the 
reaction  zone  has  completed  its  travel.  In  addition 
to  the  data  obtained  by  the  bubble  method  it  is  neces¬ 
sary  to  have  equilibrium  data  and  an  equation  of  state 
for  the  final  gas  mixture  at  the  final  temperature. 
Precise  values  of  neither  of  these  quantities  is  avail¬ 
able,  but  it  seems  worth  while,  nevertheless,  to  find 
the  relation  which  exists  between  mixture  ratio  and 
temperature  attained,  on  the  basis  of  such  equilibrium 
data  as  are  now  at  hand. 

It  is  probable  that  gas  mixtures  at  a  pressure  of  one 
atmosphere  and  at  both  the  initial  and  the  final  tem¬ 
perature  show  no  greater  percentage  deviation  from 
the  perfect  gas  law  than  the  percentage  experimental 
error  in  expansion  ratio.  If,  then,  the  perfect  gas  law 
is  used,  the  initial  and  final  temperatures  are  related, 


for  the  constant-pressure  or  bubble  experiments,  by 
the  equation 

l\_NoVi 

T2  NXV 2 

where  the  subscripts  1  and  2  denote  initial  and  final 
states,  respectively,  N  is  the  total  number  of  moles, 
V  is  the  volume  of  the  gas  mixture,  and  T  is  the  tem¬ 
perature  in  degrees  Kelvin. 

Obviously  the  cube  of  the  radius  may  be  substituted 
for  volume,  and  the  equation  becomes 

m  _  NJUTy 

-  N2R !3 

The  values  of  Nx,  Tx,  and  of  the  expansion  ratio  are 
known  from  the  bubble  experiments.  In  order  to  cal¬ 
culate  N2  it  is  necessary  to  know  what  products  result 
from  the  explosive  reaction  and  the  concentration  of 
each  at  T2. 

For  the  purpose  of  the  present  computation  the 
dissociation  of  molecular  hydrogen  and  oxygen  into 
their  atomic  species  has  been  neglected.  The  disso¬ 
ciation  of  water  vapor  has  been  assumed  to  take  place 
according  to  the  equation  2  H20u^2  1I24  02.  Bon- 
hoeffer  and  Reichard  (reference  3)  have  shown  that 
the  dissociation  of  water  yields  not  II 2  and  02,  but  H 
and  OH,  and  that  the  equilibrium  data  which  have 
previously  been  considered  applicable  to  the  former 
mechanism  actually  apply  to  the  dissociation  in  the 
manner  which  they  postulated.  Since  there  is  thus  no 
problem  as  to  the  choice  of  equilibrium  data,  and  since 
the  amount  of  water  involved  in  the  present  experi¬ 
ments  is  small,  it  makes  but  little  difference  in  the 
calculated  values  of  N2  (and  consequently  of  T2) 
whether  the  water  is  assumed  to  dissociate  in  the  first 
or  second  of  the  above-mentioned  ways. 

The  two  reactions 

2  C0  +  02u±2  CO, 

2  IFO^-2  Il2+02 

are  involved  in  the  present  calculations  of  N2.  The 
water  gas  reaction,  H20  +  C0uAH2+C02,  does  not 
require  independent  consideration,  since  it  is  merely 
the  resultant  or  sum  of  the  two  reactions  given  in  the 
preceding  sentence.  In  addition,  it  does  not  involve 
any  change  in  the  number  of  gas  molecules  present. 

The  equilibrium  equations  for  the  dissociation  of 
C02  and  H20  as  given  by  Schtile  (reference  4)  are 
based  upon  such  data  as  were  available  and  are 
applicable  in  the  range  of  temperatures  involved  in 
the  bubble  experiments.  His  values 

OQOflf) 

(C02)  log  — 8.048  — 0.634  log  T-0.000367T, 
and 

(HoO)  log  Kp=- 21  — ^^  +  8.28  log  T- 0.001  T 


THE  SOAP-BUBBLE  METHOD  OF  STUDYING  THE  COMBUSTION  OF  MIXTURES  OF  CO  AND  O2 


4(53 


have  been  used  without  modification  in  the  calcula¬ 
tion  of  final  temperatures. 

The  method  of  successive  approximations  must  be 
used,  since  it  is  impossible  to  calculate  N2  until  T2  is 


[Mole  fraction  of  COp 


Figure  11. — Variation  in  the  temperature  attained  with  mixture  ratio. 

known  and  vice  versa.  Since  the  nature  of  such  cal¬ 
culation  is  well  known  and  somewhat  involved,  it  is 
not  necessary  to  include  a  sample  here.  Suffice  it  to 
state  that  such  computations  have  been  made  for 
numerous  values  of  mixture  ratio  according  to  the 


method  outlined  above.  The  results  are  shown  graph¬ 
ically  in  figure  11.  Table  II  is  a  summary  showing 
the  variation  of  S' ,  S,  expansion  ratio,  and  T2  with  the 
mole  fraction  of  CO,  each  initial  mixture  containing 
a  mole  fraction  of  water  vapor  of  0.0331. 

If  a  comparison  is  made  between  the  percentage 
conversion  of  CO  and  C02  for  mixtures  of  CO  and  02 
in  the  wet  and  dry  state,  it  is  found  that  in  a  narrow 
range  of  concentration  embracing  equivalence,  the 
conversion  is  more  complete  in  the  wet  mixtures.  The 
conversion  is  likewise  greater  on  the  rich  (in  CO)  side 
than  on  the  lean.  It  is  possible  that  there  may  be 
some  connection  between  this  fact  and  the  fact  that 
the  flame  speed  is  greater  in  slightly  rich  than  in 
equivalent  mixtures. 

The  calculated  values  of  temperature  show  a  maxi¬ 
mum  at  equivalence.  This  fact  is  to  be  expected 
because  the  formulated  values  of  R2  show  a  maximum 
at  this  point.  It  is  well  to  point  out  that  the  ob¬ 
served  values  of  R2  show  sufficient  spread  to  make  it 
impossible  to  tell  from  the  results  just  where  the 
maximum  actually  occurs.  Such  is  not  the  case  for 
values  of  S',  which  have  been  shown  by  both  the 
constant-volume  and  constant-pressure  method  to 
have  maxima  slightly  on  the  rich  side  of  equivalence. 
Even  though  the  calculated  values  of  temperature  are 
not  sufficiently  precise  to  locate  the  true  peak,  this  fact 
does  not  mean  that  errors  in  them  are  large,  because 
the  curve  is  comparatively  flat  in  the  region  of  equiva¬ 
lence. 

The  present  results  yield  a  maximum  temperature 
of  3,016°  Iv  for  an  equivalent  mixture  of  CO  and  02 
containing  3.31  mole  percent  of  II20  at  a  total  pres¬ 
sure  of  750  mm.  Schiile  (reference  4)  gives  3,028°  K 
as  the  maximum  attainable  temperature  in  equivalent 


TABLE  II 

Summary  of  results  by  the  bubble  method  (ILO  assumed  to  dissociate  into  II 2  o>n d  O2) 


Initial  composition  at  T\ 

Flame  speed 
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(t)a 

Final 
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t2 
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Final  composition  at  Tj 

CO 

o2 

IBO 
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S' 
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S 

6 

0 
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CO 

O2 

II 2  O 
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C02 

Mole  fraction 
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°K 
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mixtures  at  atmospheric  pressure.  The  quantity  of 
water  is  not  stated.  This  agreement  lends  added 
confidence  to  the  results  by  the  bubble  method,  espe¬ 
cially  as  to  its  merit  for  measuring  expansion  ratios. 

CONCLUSIONS 

As  a  consequence  of  the  results  of  the  various  experi¬ 
ments  which  have  been  described,  the  following  con¬ 
clusions  as  to  the  bubble  method  of  investigating 
gaseous  explosive  reactions  have  been  drawn. 

1 .  The  method  can  be  used  for  precise  determination 
of  the  speed  of  flame  in  space  when  and  only  when — 

A.  Sufficient  light  is  emitted  by  the  explosion  for 
photographic  purposes. 

B.  The  initial  concentration  of  the  explosive  mixture 
is  adequately  controlled,  a  requirement  which,  for 
mixtures  of  CO  and  02,  demands  precise  control  of — 

a.  The  composition  of  the  mixtures  from  which 
the  bubbles  are  blown. 

b.  The  temperature  and  water-vapor  concen¬ 
tration  of  the  atmosphere  in  which  the  bubbles 
are  blown. 

C.  No  constituent  of  the  mixture  dissolves  rapidly 
in  the  soap  solution,  and 

D.  For  the  particular  apparatus  used  in  these  tests, 
the  actual  values  of  the  speed  of  flame  in  space  lie 
between  150  and  1,500  centimeters  per  second. 

2.  The  method  can  be  used  to  determine  expansion 
ratio  (and  hence  also  the  speed  of  flame  relative  to  the 
active  gases)  in  all  mixtures  for  which  it  is  suitable 
for  determinations  of  spatial  flame  speed,  except  for 
those  very  rich  in  combustibles. 

3.  The  method  is  not  applicable  to  a  study  of  the 
effect  of  water  vapor,  but  can  be  used  to  study  the 
effect  of  varying  the  proportions  of  the  other  con¬ 
stituents  while  the  water-vapor  concentration  is  held 
constant. 

4.  The  use  of  the  method  may  be  profitably  extended 
to  include  other  combustible  gases  and  a  study  of  the 
effects  of  diluents,  both  active  and  inert. 

The  agreement  between  the  results  of  the  bubble 
method  and  the  constant-volume  method  is  satis¬ 
factory.  The  calculated  value  of  the  maximum  tem¬ 


perature  attained  is  in  satisfactory  agreement  with  a 
value  obtained  by  independent  methods.  The  bubble 
method  is  therefore  believed  to  be  satisfactory  for 
measuring  expansion  ratios,  within  a  restricted  range 
of  concentration. 

The  results  of  the  present  series  of  bubble  experi¬ 
ments  are  more  accurate  than  the  earlier  values  ob¬ 
tained  by  Stevens  using  the  same  method.  The  new 
results  cannot  be  adequately  represented  by  the  simple 
relations  which  were  satisfactory  for  the  less  accurate 
data.  A  number  of  the  conclusions  drawn  by  Stevens 
are  therefore  open  to  serious  question.  It  is  hoped 
that  the  results  which  have  been  presented,  together 
with  those  which  are  planned  for  the  future,  will  lead 
to  a  more  exact  interpretation  than  was  possible  with 
the  less  accurate  data. 


National  Bureau  of  Standards, 

Washington,  D.  C.,  January  10,  1935. 
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DISTRIBUTION  AND  REGULARITY  OF  INJECTION  FROM  A  MULTICYLINDER  FUEL- 

INJECTION  PUMP 


By  A.  M.  Rothrock  and  E.  T.  Marsh 


SUMMARY 

A  six-cylinder  commercial  fuel-injection  pump  ivas 
adjusted  to  give  uniform  fuel  distribution  among  the  cylin¬ 
ders  at  a  throttle  setting  of  0.00038  pound  per  injection 
and  a  pump  speed  of  750  revolutions  per  minute.  The 
throttle  setting  and  pump  speed  were  then  varied  through 
the  operating  range  to  determine  the  uniformity  of  distri¬ 
bution  and  regularity  of  injection. 

The  variation  in  distribution  among  the  cylinders 
reached  a  maximum  of  it  17  percent  at  low  pump  speeds 
and  one-tenth  throttle  setting.  Above  one-half  throttle 
the  variation  was  not  more  than  ± 3.0  percent.  No  effect 
on  the  distribution  was  produced  by  a  change  in  the  type 
of  injection  valve  or  injection-valve  spring.  As  the  valve¬ 
opening  pressure  or  the  residual  pressure  in  the  injection 
tube  was  reduced  to  a  very  low  value  the  regularity  of  in¬ 
jections  increased.  The  distribution  was  little  affected. 
A  stiff 'er  injection-valve  spring  also  produced  more  regu¬ 
lar  injections.  Poor  seating  of  the  injection-valve  stem 
caused  a  variation  in  the  residual  pressure  in  the 
injection  tube. 

INTRODUCTION 

With  the  introduction  of  the  fuel -injection  spark- 
ignition  engine  it  becomes  increasingly  important  to 
study  the  distribution  of  fuel  from  a  multicylinder 
fuel-injection  pump.  In  the  compression-ignition  en¬ 
gine  a  variation  in  fuel  distribution  does  not  prove 
serious  except  from  the  standpoint  of  loss  of  power  or 
a  smoky  exhaust.  In  a  spark-ignition  engine,  how¬ 
ever,  variations  in  the  fuel  quantity  delivered  to  the 
different  cylinders  may  result  in  overheating  of  the 
engine  and  in  excessive  fuel  consumption  as  well  as  in 
loss  of  power.  The  charge  being  stratified  in  the 
compression-ignition  engine,  the  rate  of  burning  is  not 
greatly  affected  by  the  air-fuel  ratio.  In  the  spark- 
ignition  engine  the  charge  is  not  stratified  to  any  great 
extent.  Consequently,  a  lean  mixture  results  in  slow 
burning  and  in  overheating  because  of  the  high 
exhaust-gas  temperatures. 

One  of  the  advantages  claimed  for  the  fuel-injection 
system  as  opposed  to  the  carburetor  has  been  that  the 


fuel  distribution  to  individual  engine  cylinders  would 
be  considerably  improved.  Tests  reported  by  Camp¬ 
bell  (reference  1)  have  shown  that  the  distribution 
from  a  nine-cylinder  injection  system  designed  to 
operate  on  gasoline  varied  between  ±0.5  to  ±2.0 
percent  depending  on  the  operating  conditions.  In 
this  same  paper,  Campbell  discusses  the  advantages  to 
be  expected  from  using  a  fuel-injection  system  with  a 
spark-ignition  engine.  Although  it  is  certainly  true 
that  the  fuel -injection  system  provides  more  possi¬ 
bility  of  distribution  control,  no  data  on  extended 
tests  have  been  presented  to  show  the  actual  variation 
in  fuel  quantity  delivered  from  a  multicylinder  injec¬ 
tion  system  over  a  wide  range  of  operating  conditions. 
It  is  the  purpose  of  this  report  to  present  such  data. 
The  tests  discussed  herein  are  part  of  a  general  inves¬ 
tigation  of  fuel-injection  systems  being  conducted  by 
the  N.  A.  C.  A.  at  Langley  Field,  Va.  The  tests  were 
conducted  during  the  latter  part  of  1933  and  the  early 
part  of  1934. 

APPARATUS  AND  METHODS 

The  six-cylinder  fuel-injection  pump  with  which  the 
distribution  tests  were  made  was  also  used  in  the  tests 
reported  in  references  2  to  5,  inclusive.  The  pump 
(fig.  1)  is  of  the  constant-stroke  type,  the  throttle 
control  being  obtained  by  rotating  the  pump  plunger 
and  so  controlling  the  duration  of  injection  by  the 
relationship  between  the  helix  on  the  plunger  to  the 
ports  in  the  sleeve.  This  pump  was  particularly  well 
suited  for  these  tests  because  of  its  extensive  service. 
During  the  tests  referred  to  the  pump  had  been 
operated  for  approximately  1,000  hours.  Although 
most  of  these  test  were  conducted  with  diesel  fuel, 
some  of  them  were  conducted  with  water  and  some 
with  S.  A.  E.  30  lubricating  oil,  approximately  30 
hours  each  (reference  5).  In  addition,  the  pump  has 
been  used  for  engine  tests  employing  fuels  having 
viscosities  ranging  from  that  of  diesel  fuel  to  that  of 
gasoline.  Except  for  a  brief  series  of  tests  when  the 
pump  was  new,  the  majority  of  tests  have  been  on  a 
single  cylinder  of  the  pump.  Cylinders  1  and  6  have 
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been  used  most  extensively  and  cylinders  3  and  4  the 
least.  During  the  earlier  tests  the  pump  was  con¬ 
tinually  started  and  stopped;  consequently  the  pump 
has  seen  particularly  hard  service. 

When  the  pump  was  purchased,  the  distribution 
was  measured  and  found  to  be  ±2  percent  over  the 
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Figure  1.— Cross  section  of  pump. 


operating  range.  At  the  start  of  the  present  tests 
the  pump  was  first  disassembled,  adjusted,  and  re¬ 
assembled  so  that  the  positions  of  the  control  surfaces 
relative  to  the  cams  and  to  each  other  were  correct. 
The  necessary  adjustments  were  made  without  any 
alterations  to  the  parts  of  the  pump. 

The  injection  valves  investigated  were  of  the  auto¬ 
matic  spring-loaded  type  shown  in  figure  2.  The 
injection  valve  that  was  used  most  extensively  had  a 
single  0.020-inch  orifice.  Two  injection-valve  springs, 
designated  1  and  2,  with  spring  scales  of  780  and  3,480 
pounds  per  inch,  respectively,  were  tested.  In  order 
to  compare  the  effect  of  different  nozzle  seats,  a  pintle- 
type  injection  valve  was  also  tested  having  a  spring 
scale  of  800  pounds  per  inch. 

The  diesel  fuel  employed  had  a  viscosity  of  0.102 
poise  at  20°  C.  and  a  specific  gravity  of  0.85.  All 
the  fuel  was  centrifuged  before  being  placed  in  the  fuel 
tank.  Gasoline  was  not  tested  because  of  the  fire 
hazard.  It  has  been  shown  (reference  5)  that  the 
operation  of  the  injection  system  would  be  the  same 
with  either  gasoline  or  diesel  fuel. 

Three  different  test  procedures  were  used.  An 
injection-valve-stem  stop  was  used  in  the  first  and 


second  series  of  tests  but  not  during  the  third.  In  the 
first  series  of  tests,  the  rates  of  discharge  were  meas¬ 
ured  with  the  injection  valve  operated  in  turn  from 
each  pump  cylinder.  The  rate-of-discharge  apparatus 
and  its  method  of  operation  has  been  described  in 
reference  3.  The  apparatus  consists  essentially  of  a 
means  of  intercepting  the  fuel  discharged  for  each  )j 
of  pumpsliaft  rotation.  In  the  second  series  of  tests, 
the  total  fuel  quantity  discharged  from  each  pump 
cylinder,  using  the  same  injection  valve,  was  deter¬ 
mined  by  discharging  the  fuel  into  a  bottle  and  weigh¬ 
ing  the  fuel  discharged  for  a  measured  number  of 
pumpsliaft  revolutions.  In  the  third  series  of  tests, 
the  motion  of  the  injection-valve  stem  was  recorded 
optically  by  a  method  similar  to  that  described  in 
references  2  and  6.  The  same  throttle  setting  and 
pump  cylinder  were  used  in  obtaining  the  stem-lift 
records.  Because  this  optical  method  provides  a 
simple  and  economical  method  of  investigating  the 

regularity  of  injection 
from  a  fuel  pump,  it 
will  be  described  in 
some  detail. 

Figures  2  and  3  show 
the  optical  arrange¬ 
ment  of  the  injection 
valve  and  the  injection 
pump.  The  injection- 
valve-stem  follower  is 
extended  through  the 
in  j  ecti on- valve  cap. 
The  outer  end  of  the 
follower  is  threaded  and 
2  nuts,  1  for  locking 
purposes,  are  screwed 
onto  the  threads.  A 
piece  of  spring  steel 
0.006-incli  thick  is  at¬ 
tached  to  the  outer  nut. 
The  other  end  of  the 
spring  steel  is  attached 
to  the  small  mirror  sup¬ 
port.  The  mirror  sup¬ 
port  is  pivoted  on  the 
second  support,  which 
is  in  turn  fastened  to 
the  injection-valve  cap. 
Any  linear  motion  of 
the  injection-valve 

Figure  2,-Cross  section  of  injection  valve  gtem  ig  imparted  to  the 

mirror  support  as  a 
rotating  motion.  A  light  beam  from  an  18-ampere 
6-volt  ribbon  filament  bulb  is  directed,  but  not  focused, 
on  the  small  mirror.  Any  motion  of  the  mirror  will 
therefore  change  the  angle  of  incidence  and  reflection 
of  the  beam,  the  deflection  indicating  the  amount  that 
the  injection-valve  stem  has  been  lifted.  The  reflected 
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light  beam  is  in  turn  directed  onto  a  mirror  mounted 
on  the  pumpsliaft.  The  rotation  of  the  shaft  causes 
the  light  beam  to  turn  at  twice  the  pumpsliaft  speed 
(because  both  the  angles  of  incidence  and  reflection 
are  changed).  This  reflected  beam  is  brought  to  a 
focus  on  a  celluloid  screen  bent  in  the  shape  of  an  arc 
and  mounted  at  its  radial  distance  from  the  pump- 
sluift.  For  permanent  records  the  reflected  beam  is 
focused  on  a  photographic  film.  The  motion  of  the  in¬ 
jection-valve  stem,  as  indicated  in  figure  3,  is  recorded 


Figure  3.— Optical  arrangement  for  obtaining  a  record  of  the  motion  of  the  injec¬ 
tion-valve  stem. 

by  the  light  beam  in  a  direction  parallel  to  the  pump- 
sluift  and  the  angular  rotation  of  the  pumpshaft 
is  recorded  in  a  direction  normal  to  the  pumpshaft. 
With  this  arrangement  the  observer  is  given  an  impres¬ 
sion  of  a  continuous  record  of  the  time-lift  diagram  of 
the  injection-valve  stem.  Since  a  new  record  is 
traced  for  each  successive  injection,  any  variation  in 
the  injection  can  be  observed  from  the  motion  of  the 
injection-valve  stem.  The  apparatus  will  show 
whether  a  variation  is  inherent  in  the  design  of  the 
system,  in  which  case  a  certain  series  of  two  or  more 
records  will  repeat  itself,  or  whether  the  variation  is 
caused  by  some  less  steady  cause,  in  which  case  there 
will  be  a  number  of  different  records  occurring  in  no 
given  order. 

TESTS  RESULTS  AND  DISCUSSION 

FUEL  DISTRIBUTION 

The  rates  of  discharge  from  all  six  cylinders,  after 
the  adjustments  had  been  made,  are  shown  in  figure  4. 
The  positions  of  zero  pump  degrees  for  the  6  cylinders 
represent  arbitrary  points  taken  at  60-pump-degree 
intervals  to  compensate  for  the  60°  phase  interval  be¬ 
tween  the  6  cylinders.  The  total  variation  of  the 
fuel  quantity  is  ±1.5  percent  and  the  variation  in 
injection  timing  is  less  than  ±0.5  pumpshaft  degree. 
The  shape  of  the  curves  is  also  seen  to  be  quite  similar, 
showing  the  variation  in  the  average  rates  of  discharge 
to  be  negligible. 


Stem-lift  records  for  each  of  the  six  pump  cylinders 
for  several  pump  conditions  are  shown  in  figures  5  and 
6.  The  similarity  of  the  records,  even  to  the  small 
oscillations  caused  by  the  deflection  of  the  different 
parts  of  the  recording  system,  is  noteworthy.  At  low 
speed  and  low  throttle  settings  the  variation  in  the 
records  becomes  proportionally  greater  and  the  result 
is  shown  by  the  percentage  increase  in  the  variation 
between  the  different  pump  cylinders.  Figure  6  shows 
that  the  total  variation  in  distribution  was  ±2  percent 
considering  all  the  cylinders  and  ±  1  percent  consider¬ 
ing  cylinders  2,  3,  4,  and  5,  which  had  had  the  least 
service. 

In  order  to  determine  the  effect  of  the  injection- 
valve  seat  on  the  average  rates  of  discharge,  an  in¬ 
jection  valve  was  tested  that  had  seen  considerable 
service  as  a  pressure-relief  valve  on  another  injection 
system.  The  rates  of  discharge  (fig.  7)  were  changed 
to  some  extent  by  polishing  the  valve  seat.  An  even 
greater  change  was  obtained,  however,  by  allowing 


Figure  4.— Comparison  of  rates  of  discharge  from  different  cylinders.  Pump  speed, 
750  r.  p.  m.;  0.020-inch  orifice,  v.  o.  p.,  3, GOO  lb.  per  sq.  in. 


the  polished  seat  to  be  run  in.  Three  runs  made  under 
this  last  condition  showed  similar  rates  except  for  the 
initial  period  of  injection.  The  differences  in  the 
initial  rates  of  injection  before  and  after  the  injection 


468 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


valve  was  run  in  are  caused  by  the  poor  seal  at  the 
seat  when  the  valve  was  first  tested.  This  faulty 
seating  caused  the  residual  pressure  between  injections 
to  fall  below  its  full  value  causing  the  initial  rates  of 
discharge  to  be  decreased.  Even  with  the  leaking  seat, 


Time,  pump  degrees 


Figure  5.— Stem-lift  diagrams  from  different  cylinders  of  multieylinder  pump  for 
250  r.  p.  m.  and  one-ninth  throttle  setting.  Check  valve  with  lapped  shoulder; 
injection  every  other  revolution;  v.  o.  p.,  2,500  lb.  per  sq.  in.:  injection-valve 
spring  1. 


the  total  quantity  of  fuel  injected  did  not  show  much 
variation. 

The  previous  test  having  shown  that  a  multicylinder 
pump  could  be  adjusted  for  one  throttle  setting  and 
speed  to  give  excellent  distribution,  the  next  tests 
were  made  to  determine  what  the  distribution  would  be 


over  a  number  of  different  conditions  of  throttle 
settings  and  pump  speeds.  The  actual  rates  of  dis¬ 
charge  were  not  determined  in  these  tests.  Instead, 
the  fuel  from  each  cylinder  was  discharged  into  a  bottle 
and  weighed.  The  same  injection  valve  was  used  for 
each  cylinder.  Figure  8  shows  the  results  for  fuel 
quantities  from  0.0001  to  0.0006  pound  per  injection, 
speeds  from  250  to  1,000  revolutions  per  minute,  and 
with  two  different  injection  valves.  It  is  seen  that  with 
each  valve  the  distribution  is  best  at  a  speed  of  750 
revolutions  per  minute  and  with  a  fuel  quantity  of 
0.0004  pound  per  injection,  the  conditions  for  which 
the  pump  had  been  adjusted.  The  percentage  varia¬ 
tion  is  greatest  at  low  speeds  and  low  throttle  settings. 
At  speeds  of  500  revolutions  per  minute,  or  greater, 
and  throttle  settings  of  50  percent  pump  capacity, 
or  greater,  the  variation  was  never  more  than  ±3 
percent.  The  curves  show  that  it  is  difficult  to  adjust 
the  pump  for  correct  distribution  under  one  condition 
and  have  the  adjustment  hold  under  all  conditions. 
The  differences  in  fuel  quantities  injected  are  caused 
by  the  variations  in  the  pump  dimensions  and  in  the 
variations  in  the  leakage  between  the  plunger  and  the 
sleeve.  The  results  of  the  last-mentioned  cause  should 
be  inappreciable  except  at  the  light  loads  and  the  low 
speeds. 

Figure  9  show's  that  changing  the  injection-valve 
opening  pressure  has  little  effect  on  the  distribution 
with  the  exception  that  at  the  lower  throttle  settings 
the  curves  for  the  separate  cylinders  do  not  show  the 
same  tendency  to  intersect  as  they  do  at  the  higher 
opening  pressures.  Consequently,  at  the  lower  valve 
opening  pressures  it  is  probable  that  a  better  adjust¬ 
ment  could  be  made  for  those  conditions  at  which  the 
variation  in  distribution  is  the  worst.  The  greatest 
numerical  variation  in  distribution  occurs  at  full 
throttle  and  low  speed,  indicating  that  leakage  plays 
an  important  part  under  these  conditions.  A  compari¬ 
son  of  figures  8  and  9  show's  that  with  cylinder  6  the 
leakage  at  the  low  speed  and  high  throttle  setting 
increased  considerably  as  the  injection-valve  opening 
pressure  increased. 

It  should  also  be  mentioned  that  at  the  setting  of 
0.0004  pound  per  injection  at  which  the  leakage  was 
the  least  the  area  of  lapped  surface  sealing  the  fuel 
under  high  pressure  from  the  intake  manifold  was  a 
maximum.  At  higher  and  lower  throttle  settings  one 
edge  of  the  port  is  closer  to  the  edge  of  the  helix  on  the 
plunger  and  greater  leakage  will  therefore  result. 
Neglecting  the  high  throttle,  lowr-speed  condition,  the 
maximum  variation  in  quantity  was  about  0.00002 
pound  per  injection  or  0.00065  cubic  inch. 

An  injection  pump  under  ordinary  service  in  which 
all  cylinders  are  operated  for  the  same  length  of  time 
should  give  even  better  distribution  than  that  recorded 
in  these  tests. 


DISTRIBUTION  AND  REGULARITY  OF  INJECTION 
REGULARITY  OF  SUCCESSIVE  INJECTIONS 

A  complete  quantitative  analysis  of  the  injection- 
valve-stem  lift  records  was  not  made.  The  records 
themselves  are  presented  to  show  the  degree  of  regu¬ 
larity  of  the  injections  under  different  conditions  of 
operation.  When  a  single  curve  is  shown  it  signifies 
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At  certain  pump  speeds,  as  many  as  3  or  4  regular 
cycles  were  obtained.  At  low  pump  speeds  and  low 
throttle  settings,  the  pump  injected  only  on  every 
other  revolution.  Tests  measuring  the  fuel  quantity 
discharged  under  this  condition  have  been  made  by 
Hetzel  (reference  7).  Hetzel  has  shown  that  the 


Figvre  6.— Stem-lift  diagrams  from  different  cylinders  of  multicylinder  pump  for  1,000  r.  p.  m.  and  two-thirds  throttle  setting.  Check  valve  with  lapped  shoulder;  v.  o.  p., 

2,500  lb.  per  sq.  in.;  injection- valve  spring  2. 


that  under  that  condition  the  stem  motion,  and  there¬ 
fore  the  injection  cycle,  repeated  itself  in  each  succes¬ 
sive  cycle.  When  such  was  not  the  case  several 
different  curves,  the  number  depending  on  the  num¬ 
ber  recorded,  are  presented.  At  the  conditions  for 
which  two  curves  are  shown,  the  odd  cycles  repeated 
themselves  following  one  of  the  curves  and  the  even 
cycles  followed  the  other  curve. 


minimum  quantity  which  can  be  injected  on  each  cycle 
is  dependent  on  the  pump  speed,  the  injection-valve 
opening  pressure,  and  on  the  volume  of  fuel  between 
the  injection  valve  and  the  pump,  lie  has  made  the 
mistake,  however,  of  assuming  that  under  some  con¬ 
ditions  pressure  waves  do  not  play  a  noticeable  part. 
Any  injection  system  employing  a  volume  of  fuel 
under  pressure  between  the  source^of  that  pressure 
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and  the  discharge  orifice  must  of  a  necessity  operate 
with  pressure  waves.  The  magnitude  of  the  waves 
may,  of  course,  vary.  As  the  injection-pump  plunger 
travels  upward  and  the  port  in  the  sleeve  is  closed,  a 
pressure  wave  is  started  through  the  injection  tube 
to  the  discharge  orifice.  If  the  initial  wave  front  is  of 
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Figure  7.— Effect  of  nozzle  seat  on  the  rate  of  discharge.  Pump  speed,  750  r.  p.  m.; 

0.020-inch  orifice;  v.  o.  p.,  3,600  lb.  per  sq.  in.;  cylinder  6. 

sufficient  intensity  to  open  the  injection  valve,  the 
injection  starts  as  soon  as  the  wave  front  reaches  the 
valve.  If  the  wave  front  is  not  of  sufficient  intensity 
to  open  the  injection  valve,  the  entire  wave  is  reflected 
through  the  injection  tube.  Since,  in  general,  an 
injection  pump  operates  at  an  increasing  rate  of  plunger 
displacement  during  the  injection  period,  the  intensity 
of  the  wave  front  continually  increases.  Any  time 
that  this  primary  wave  front  reaches  a  value  of  suffi¬ 
cient  intensity  to  open  the  injection  valve,  injection 
starts.  The  conditions,  however,  may  be  such  that 
the  injection  valve  is  not  opened  until  this  primary 
wave  is  reenforced  by  a  reflected  wave.  In  this  case 
the  minimum  injection  lag  is  three  times  the  time  re¬ 
quired  for  the  wave  to  traverse  the  length  of  the 
injection  tube.  Because  of  this  factor,  neither  the 
time  lag  of  injection  nor  the  minimum  quantity 
injected  is  necessarily  a  function  of  the  pump  speed 
but  may,  as  Iletzel  found,  show  certain  discontinuities 
when  plotted  as  a  function  of  the  pump  speed.  In 
fact,  the  discontinuities  shown  by  Hetzcl  probably 
occurred  at  the  pump  speed  for  which  the  primary 
wave  front  became  of  sufficient  intensity  to  open  the 


injection  valve  without  the  aid  of  reflected  wave  fronts. 
This  phenomenon  is  clearly  shown  in  the  records 
obtained  in  the  present  series  of  tests. 

Figure  10  (a)  shows  the  injection- valve-stem  lift 
records  at  different  speeds  and  with  injection- valve 
spring  1.  In  these  tests  the  entire  speed  range  was 
slowly  traversed  and  records  were  taken  at  the  various 
speeds  shown.  In  figure  11  (a)  the  maximum  injec¬ 
tion  pressure  and  fuel  per  injection  under  the  same  con¬ 
ditions  are  plotted.  At  a  pump  speed  of  169  revolu¬ 
tions  per  minute  two  injections  resulted,  the  even 
injections  being  designated  by  the  solid  line  and  the 
odd  by  the  dashed  line.  Each  injection  was  started 
by  a  small  lift  of  the  stem  lasting  for  a  single  pressure- 
wave  cycle;  that  is,  for  sufficient  time  for  the  wave 
to  travel  twice  the  length  of  the  injection  tube.  The 
stem  was  then  lifted  clear  of  the  seat  and  the  main 
injection  took  place.  The  preliminary  small  stem 
lift  signified  that  the  primary  wave  front  was  not 
sufficiently  strong  to  lift  the  stem  more  than  a  very 
slight  amount  and  that  it  was  necessary  for  this  wave 
to  be  reenforced  by  the  secondary  wave  front.  No 


calibration  of  the  position  of  the  port  opening  and 
closing  with  respect  to  the  beginning  of  the  stem  lift 
w'as  obtained  for  figure  10  (a).  The  positions  as 
shown  on  figure  10  (b)  can  be  used  with  little  error. 

With  the  even  injections,  the  hydraulic  energy  was 
then  dissipated  so  fast  that  the  stem  again  seated  and 
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the  process  was  repeated.  With  the  odd  injections 
the  time  lag  was  much  longer,  signifying  a  lower  residual 
pressure  in  the  injection  tube  after  the  even  cycles  and, 
consequently,  cut-off  occurred  before  any  second  in¬ 
jection  could  take  place.  As  a  result  of  this  action, 
the  residual  pressure  in  the  injection  tube  was  increased 
after  the  odd  cycles  and  the  even  injection  therefore 
started  earlier,  as  shown  by  the  curves.  At  a  pump 
speed  of  235  revolutions  per  minute,  the  phenomena 
reoccurred.  The  second  stem  lift  of  the  even  cycles 
shows  the  port  opening  to  be  affecting  the  stem-lift 
record.  It  does  not  affect  the  irregularity  of  the  cycles. 
As  the  pump  speed  was  further  increased  the  injection 
lag  was  sufficiently  great  that  the  second  stem  lift 
of  the  even  cycles  was  partly  cut  off  owing  to  the  open¬ 
ing  of  the  ports.  Opening  of  the  ports  before  the 
pressure  causing  the  second  stem  lift  was  dissipated  by 
injecting  allowed  a  higher  residual  pressure  to  be 
trapped  in  the  injection  tube.  This  pressure  was 
gradually  built  up,  after  the  even  injections,  as  the 
pump  speed  increased  until,  at  a  pump  speed  of  about 
248  revolutions  per  minute,  the  residual  pressures  of 
the  odd  and  even  cycles  became  the  same  and  regular 
injection  resulted. 

At  the  pump  speed  of  248  revolutions  per  minute  two 
injections  occurred  on  every  cycle,  but  the  second 
injection  was  now  much  less  than  the  first  because  of 
its  late  start  with  respect  to  opening  of  the  by-pass 
port  for  injection  cut-off.  x\t  this  speed  the  prelim¬ 
inary  injection  was  still  equal  in  duration  to  a  com¬ 
plete  wave  cycle.  As  the  pump  speed  was  increased 
to  269  revolutions  per  minute,  irregular  injection  again 
took  place.  At  269  revolutions  per  minute  the  main 
injection  started  with  the  first  lift  of  the  injection- 
valve  stem.  This  fact  signifies  that  at  this  speed  the 
primary  wave  front  was  now  of  sufficient  intensity  on 
the  even  injections  to  lift  the  stem  clear  of  the  seat 
without  the  reflection  and  consequent  addition  of  the 
secondary  wave  front.  As  a  result,  more  fuel  was 
discharged  and  the  residual  pressure  was  lowered  and 
on  the  odd  injections  there  was  a  single  stem  lift  with 
the  increase  in  the  injection  lag.  As  the  pump  speed 
was  increased  the  second  stem  lift  of  the  even  cycles 
was  again  affected  by  the  port  opening  and  regular 
injections  occurred  at  a  pump  speed  of  about  305 
revolutions  per  minute.  At  305  revolutions  per 
minute  there  was  again  a  preliminary  lift  of  the  stem 
and  two  injections  on  each  revolution.  At  319  revo¬ 
lutions  per  minute  the  injections  followed  three  differ¬ 
ent  courses  on  the  first,  second,  third,  etc.,  injections. 
The  causes  of  the  irregularities  at  the  pump  speeds  of 
319  to  327,  420  to  435,  629,  and  860  revolutions  per 
minute  are  not  clearly  shown.  Thev  were  obtained 
when  the  pump  speed  was  gradually  increased  until 
the  pressure  wave  front,  shown  at  305,  336,  507,  and 
824  revolutions  per  minute  reached  the  limit  of  the 
stem-lift  curve.  A  slight  increase  in  pump  speed 
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above  this  value  produced  irregular  injections.  No 
attempt  is  made  to  analyze  each  of  these  cycles  except 
to  state  that  they  are  caused  by  the  cyclic  variation  in 
the  residual  pressure  in  the  injection  tube.  After  629 
revolutions  per  minute  such  variations  that  did  occur 
were  small.  The  curves  of  average  fuel  per  injection 
and  maximum  pressure  show  that  the  irregular  injec¬ 
tions  were  accompanied  by  sudden  changes  in  both  of 
these  factors. 

Increasing  the  scale  and  consequently  decreasing 
the  natural  surging  period  of  the  injection-valve  spring 
by  using  spring  2  (fig.  10  (b))  improved  the  regularity 


Figure  9. — Effect  of  pump  speed  on  distribution  at  different  throttle  settings  and 
at  different  injection-valve  opening  pressures.  0.020-inch  orifice;  injection  valve 
1;  injection-valve  spring  2. 

of  the  injections.  As  has  been  shown  in  reference  2, 
the  pressure  in  the  injection  tube  may,  if  the  injection- 
valve-stem  lift  is  considerable,  drop  in  less  time  than 
that  required  for  the  stem  to  return  to  its  seat.  As 
a  result  the  residual  pressure  in  the  injection  tube  is 
less  than  would  have  been  the  case  had  the  stem  closed 
more  quickly.  The  same  effect  can  be  obtained  by 
mechanically  limiting  the  lift  of  the  injection- valve 
stem.  Figure  11  (b)  shows  the  variation  in  injection 
lag  with  pump  speed.  The  fact  that  the  lag  is  not 
directly  a  function  of  speed  is  clearly  shown.  With 
the  stiff er  spring  the  average  fuel  quantity  injected 
also  shows  less  variation  as  the  pump  speed  is  increased. 

Decreasing  the  injection- valve  opening  pressure 
further  increases  the  regularity  of  injection  for  two 


Injection  -  va  Ive  stem  lift,  inch 


to 


(a)  Check  valve  with  lapped  shoulder;  v.  o.  p.,  3,f>!;0  lb.  per  sq.  in.;  injection-valve  (b)  Check  valve  with  lapped  shoulder;  v.  o.  p.,  3,000  lb.  per 

sirring  1.  sq.  in.;  injection-valve  spring  3. 


(c)  Check  valve  with  lapped  shoulder;  v.  o.  p.,  2,500  lb.  per 
sq.  in.;  injection-valve  spring  2. 
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Injection  -valve  stem  lift,  inch 


(d)  Check  valve  with  lapped  shoulder;  v.  o.  p,  1,500  lb.  per  sq.  iu  ; 
injection-valve  spring  2. 


(e)  Check  valve  without  lapped  shoulder;  v.  o.  p.,  3,150  lb. 
per  sq.  in.;  injection-valve  spring  2. 

Figure  10  —Effect  of  pump  speed  on  the  injection-valve  stem  motion. 


(f)  No  check  valve;  v.  o.  p.,  1,  500  lb.  per  sq.  in.; 
injection-valve  spring  2. 
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(a)  Check  valve  with  lapped  shoulder;  v.  o.  p.,  3,600  lb.  per  sq.  in.;  injec-  (d)  Check  valve  with  lapped  shoulder;  v.  o.  p.,  1,500  lb.  per  sq.  in.;  injec¬ 
tion-valve  spring  t.  tion-valve  spring  2. 


(b)  Check  valve  with  lapped  shoulder;  v.  o.  p.,  3,600  lb.  per  sq.  in.;  injec-  (e)  Check  valve  without  lapped  shoulder;  v.  o.  p.,  3,1501b.  persq.  in.;  in- 

tion-valve  spring  2.  jection-valve  spring  2. 


Figure  It. — Effect  of  pump  speed  on  the  injection  lag,  maximum  pressure,  and  fuel  discharged  per  injection. 
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reasons.  With  the  lower  injection- valve  opening 
pressure,  fewer  reflections  of  the  primary  wave  front 
are  required  before  the  injection  valve  opens;  conse¬ 
quently  there  is  less  compression  of  fuel  at  the  start 
of  injection.  As  the  residual  pressure  in  the  injection 
line  decreases,  the  residual  pressure  approaches  the 
dynamic  pressure  in  value  and  the  injection  becomes 
more  dependent  on  the  dynamic  pressure.  Figure 
10  (c)  shows  that,  at  an  injection-valve  opening  pres¬ 
sure  of  2,500  pounds  per  square  inch,  the  oscillating 
injections  took  place  only  at  260  revolutions  per 
minute;  when  the  pressure  was  further  decreased  to 
1,500  pounds  per  square  inch  (fig.  10  (d)),  the  injections 
were  regular  at  all  speeds  from  124  to  1,169  revolutions 
per  minute.  The  stem-lift  records  of  figure  10  (d) 
and  figure  11  (d)  were  taken  on  successive  days.  The 
discontinuities  of  the  maximum  pressure  and  injection- 
lag  curves  were  caused  by  a  10°  F.  variation  in  fuel 
temperature.  By  a  comparison  of  10  (b)  and  10  (c), 
it  is  seen  that  as  the  injection- valve  opening  pressure 
was  decreased  the  tendency  for  the  small  initial  dis¬ 
charge  to  take  place  was  also  decreased,  but  the 
secondary  discharges  at  the  end  of  injection  increased 
in  intensity  and,  as  has  been  shown  in  references  2  and 
8,  the  injection  pressure,  and  therefore  the  atomization, 
also  decreased. 

If  an  open  nozzle  is  used  there  will  be  no  variation 
in  the  injections  caused  by  variation  in  the  residual 
pressure  because  the  residual  pressure  will,  in  every 
case,  be  extremely  low.  Data  on  the  rates  of  discharge 
with  open  nozzles  have  been  given  by  Third  and  Hig¬ 
gins  (reference  9)  and  by  Davies  and  Giffen  (reference 
10).  In  reference  10  data  are  also  given  for  closed 
nozzles;  but  either  the  injection- valve  opening  pres¬ 
sure  was  too  high  or  the  discharge-orifice  diameter  too 
large,  for  each  injection  consisted  of  a  series  of  dis¬ 
charges.  (See  also  reference  3.) 

With  the  injection  pump  tested,  the  check  valve 
between  the  injection  pump  and  the  injection  tube  had 
a  lapped  shoulder  that  dropped  the  residual  pressure  in 
the  injection  tube  to  a  value  below  the  injection-valve 
closing  pressure  because  the  closing  of  the  check  valve 
increased  the  volume  between  the  pump  and  the  injec¬ 
tion  valve.  When  this  shoulder  was  removed,  the 
residual  pressure  was  more  nearly  equal  to  the  injec¬ 
tion-valve  closing  pressure  and  therefore  more  nearly 
equal  to  the  injection-valve  opening  pressure.  As  a 
result,  the  pump  did  not  have  to  build  up  as  much  pres¬ 
sure  to  open  the  injection  valve  and  the  injection  lag 
was  decreased.  Also,  the  residual  pressure  became 
more  constant  because  of  the  fewer  oscillations  in  the 
injection  tube  for  the  same  fuel  quantity  and  the  injec¬ 
tions  therefore  became  more  regular.  The  cut-off  of 
injection  became  slower  and  there  was  no  cessation  of 
injection  between  the  main  and  secondary  discharges. 
The  speed  of  the  cut-off  was  decreased,  particularly  at 


the  high  pump  speeds,  under  which  conditions  the  rate 
of  opening  of  the  bj^-pass  ports  became  a  more 
important  factor  (fig.  10  (e)). 

When  the  check  valve  was  entirely  removed  (fig. 
10  (f)),  the  residual  pressure  became  negligible,  the 
injection  was  regular  at  the  low  speeds,  and  there 
was  not  the  phenomenon  of  “missing”  on  every  other 
revolution.  With  the  particular  pump  tested,  the 
injections  at  the  high  speeds  became  irregular.  This 
irregularity  was  caused,  no  doubt,  by  the  fact  that  the 
intake  manifold  of  the  pump  was  not  designed  to  take 
care  of  the  violent  pressure  fluctuations  transmitted 
to  the  intake  manifold  at  cut-off  when  the  check  valve 
was  removed.  Increasing  the  pressure  of  the  fuel  in  the 
intake  manifold  of  the  pump  decreased  the  irregularity. 
Other  pumps  tested  at  the  laboratory  without  the 
check  valve  have  shown  regular  injections  over  the 
whole  range.  The  disadvantages  of  omitting  the  check 
valve  have  been  discussed  in  references  2  and  3.  They 
consist  chiefly  of  a  decrease  in  fuel  quantity  for  con¬ 
stant  throttle  setting  as  the  pump  speed  is  increased 
and,  as  the  present  tests  have  shown,  of  irregularities 
at  high  speeds  unless  a  suitable  damping  arrangement 
is  provided. 

CONCLUSIONS 

The  following  conclusions  are  presented  for  the 
type  of  pump  tested: 

1.  A  multicylinder  fuel-injection  pump  can  be  so 
constructed  that  even  after  the  pump  has  seen  con¬ 
siderable  service  the  distribution  between  the  differ¬ 
ent  cylinders  does  not  vary  by  more  than  ±3.0  per¬ 
cent  for  all  conditions  of  throttle  above  one-half  throttle 
setting  and  for  all  speeds  that  are  expected  to  be  used 
in  practice. 

2.  For  loads  of  one-tenth  throttle  or  less  the  variation 
in  distribution  may  be  as  high  as  ±17  percent  of  the 
fuel  quantity  being  injected  although,  in  general,  the 
distribution  should  not  vary  more  than  about  ±10 
percent  under  this  low  throttle  setting. 

3.  When  the  individual  cylinders  are  so  adjusted 
as  to  give  good  distribution,  the  time  rate  of  discharge 
curves  for  all  cylinders  are  quite  similar. 

4.  Poor  seating  of  the  injection- valve  stem  results 
in  variation  in  residual  pressure  in  the  injection  tube 
and  in  the  initial  rates  of  discharge. 

5.  Irregularities  in  the  injection  from  each  individual 
cylinder  will  occur  at  low  throttle  settings,  at  low 
speeds,  or  both  because  of  variations  in  the  residual 
pressure  in  the  injection  tube. 

6.  The  irregularities  mentioned  in  conclusion  5  can 
be  decreased  by  decreasing  the  injection-valve  opening 
pressure,  by  maintaining  the  residual  pressure  in  the 
injection  tube  close  to  the  injection-valve  opening 
pressure,  or  by  eliminating  the  check  valve  between 
the  injection  pump  and  the  injection  tube. 
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7.  If  no  check  valve  is  used  between  the  injection 
pump  and  injection  tube,  irregularities  may  occur  at 
high  pump  speed  unless  the  intake  manifold  of  the 
pump  is  of  sufficient  size  to  dissipate  quickly  the  energy 
of  the  fuel  in  the  injection  tube  at  the  instant  of  cut-off. 

8.  The  regularity  of  injection  is  increased  by  the 
using  of  a  very  stiff  injection-valve  spring  or  by  limiting 
the  stem  lift. 

9.  The  lapped  shoulder  on  the  pump  check  valve 
gives  a  more  rapid  drop  in  pressure  at  injection  cut¬ 
off  but  tends  to  increase  the  irregularity  of  injection 
at  low  speeds. 

10.  The  type  of  injection  valve  used,  provided  that 
the  seats  are  in  good  condition,  has  little  effect  on 
the  distribution  of  a  multicylinder  pump. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  April  9,  1985. 
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AERODYNAMIC  CHARACTERISTICS  OF  A  WING  WITH  FOWLER  FLAPS 
INCLUDING  FLAP  LOADS,  DOWNWASH,  AND  CALCULATED  EFFECT  ON  TAKE-OFF 

By  Robert  C.  Platt 


SUMMARY 

This  report  presents  the  results  of  an  investigation  in 
the  N.  A.  C.  A.  7-  by  10-foot  wind  tunnel  of  a  wing  in 
combination  with  each  of  three  sizes  of  Fowler  flap.  The 
purpose  of  the  investigation  was  to  determine  the  aero¬ 
dynamic  characteristics  as  affected  by  flap  chord  and 
position,  the  air  loads  on  the  flaps,  and  the  effect  of  the 
flaps  on  the  downwash.  The  flap  position  for  maximum 
lift;  polars  for  arrangements  considered  favorable  for 
take-off;  and  complete  lift,  drag,  and  pitching-moment 
characteristics  for  selected  optimum  arrangements  were 
determined.  A  Clark  Y  wing  model  was  tested  with  20 
percent  c,  30  percent  c,  and  40  percent  c  Fowler  flaps  of 
Clark  Y  section.  Certain  additional  data  from  earlier 
tests  on  a  similar  model  equipped  with  the  40  percent  c 
Clark  Y  flap  are  included  for  comparison.  Results  of 
calculations  made  to  find  the  effect  of  the  Fowler  flap  on 
take-off,  based  on  data  from  these  tests,  are  included  in 
an  appendix. 

The  maximum  lift  coefficient  obtainable,  based  on 
original  wing  area,  had  a  nearly  linear  increase  with 
flap  chord  up  to  40  percent,  but  the  maximum  lift  force 
per  unit  of  total  area  increased  very  little  beyond  the 
value  obtained  with  the  30  percent  cflap.  The  maximum 
load  on  the  flap  occurred  very  nearly  at  the  maximum 
lift  of  the  wing-flap  combination  and  was  nearly  lft 
times  the  load  that  would  result  from  uniform  distribution 
of  the  total  load  over  the  total  area.  In  general,  the  flap 
appeared  to  carry  a  large  proportion  of  the  additional 
lift  caused  by  its  presence  and  to  have  its  center  of  pressure 
much  nearer  the  leading  edge  than  it  would  normally  be 
in  free  air.  The  addition  of  the  Fowler  flap  to  a  wing 
appeared  to  have  no  appreciable  effect  on  the  relation 
between  lift  coefficient  and  angle  of  downwash.  The 
calculations  in  the  appendix  show  that,  by  proper  use  of 
the  Fowler  flap,  the  take-off  of  an  airplane  having  wing 
and  power  loadings  in  the  range  normally  encountered  in 
transport  airplanes  should  be  considerably  improved. 

INTRODUCTION 

During  the  past  few  years  the  use  of  flaps  on  high- 
performance  airplanes  as  a  device  for  reducing  space 
required  in  landing  has  become  common.  Thus  far 
split  flaps  have  been  most  generally  used,  probably 


because  of  their  simplicity  of  application  and  their 
superiority  in  giving  steep  gliding  approaches  and  short 
landing  runs:  the  features  of  flaps  with  which  designers 
have  been  most  concerned.  In  order  to  retain  satis¬ 
factory  operation  from  normal  flying  fields  with  fast 
airplanes,  however,  the  use  of  high-lift  devices  that 
improve  take-off  as  well  as  landing  is  desirable.  Since 
drag  is  unfavorable  to  take-off,  the  comparatively  large 
drag  of  split  flaps  places  them  among  the  least  promis¬ 
ing  of  high-lift  devices  in  this  respect.  The  Fowler 
flap  appears  to  offer  a  better  compromise  between  these 
conflicting  requirements.  For  equal  sizes  it  will  give 
higher  maximum  lift  with  no  higher  profile  drag  than 
most  other  flap  arrangements  and  its  comparatively 
low  drag  at  high  lifts  is  favorable  to  take-off  and  steep 
climb.  This  effect  would  normally  entail  some  sacri¬ 
fice  of  steep  gliding  ability. 

Although  sufficient  data  to  form  some  estimate  of 
the  performance  to  be  expected  from  an  airplane 
equipped  with  Fowler  flaps  are  available  (references 
1  and  2),  they  are  inadequate  for  normal  design  pur¬ 
poses.  The  purpose  of  the  tests  reported  herein  is  to 
provide  data  to  form  a  rational  basis  for  the  design  of 
airplanes  equipped  with  Fowler  flaps.  It  appears  that 
for  the  present  the  purpose  will  be  attained  by  making 
available  the  following  information:  effect  of  flap  size 
on  aerodynamic  characteristics  attainable,  aerodynamic 
loads  applied  to  the  flap  in  various  conditions,  and 
effect  of  the  flap  on  downwash.  In  addition,  a  con¬ 
venient  method  of  estimating  the  effect  of  high-lift 
devices  on  airplane  take-off  should  prove  of  assistance 
in  cases  where  this  performance  feature  merits  special 
attention. 

The  tests  were  made  in  the  7-  by  10-foot  wind  tunnel 
of  the  N.  A.  C.  A.  (reference  3)  at  Langley  Field,  Va., 
during  the  summer  and  fall  of  1934. 

MODEL 

The  basic  wing  was  built  of  laminated  mahogany  to 
the  Clark  Y  profile  (table  I)  and  had  a  span  of  60 
inches  and  a  chord  of  10  inches.  The  trailing  edge 
was  cut  away  and  the  upper  surface  replaced  by  a  thin 
curved  metal  plate.  The  lower  surface  was  left  open 
at  the  rear  to  serve  as  a  retracting  well  for  the  flaps. 
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Blocks  were  inserted  to  maintain  the  correct  size  of 
well  for  each  size  of  flap  tested.  Figure  1  shows  the 
profile  of  the  wing  with  the  various  flaps  in  place. 

The  two  smaller  flaps  were  made  of  duralumin  to 
the  Clark  Y  profile  and  had  spans  of  60  inches  and 
chords  of  2  and  3  inches.  The  largest  flap,  which  is 
the  one  described  in  reference  2,  was  made  of  mahogany 
and  had  a  4-inch  chord.  The  flaps  were  supported  on 
the  wing  by  fittings  attached  to  ribs  located  in  the 
retracting  well.  Several  sets  of  attachment  holes  in 
the  ribs,  combined  with  several  sets  of  fittings,  gave 
the  range  of  flap  positions  shown  in  figure  1 .  The  flaps 
were  supported  on  the  fittings  by  hinges  located  at  the 
center  of  the  leading-edge  arc  of  the  flaps,  angular 
adjustment  being  obtained  by  set  screws  attached  to 


Percenf  chord  CL 

Figvre  1. — Wing  with  various  Fowler  flaps.  Flaps  shown  in  maximum-lift 

conditions. 

the  flap  moving  in  quadrantal  slots  in  the  fittings.  In 
general,  where  the  term  “flap  position”  is  used,  the 
position  of  the  flap  hinge  axis  is  indicated,  irrespective 
of  angle,  and  flap  angle  is  measured  between  the  chord 
lines  of  the  wing  and  the  flap. 

TESTS 

Five  groups  of  tests  were  made  in  obtaining  the 
data  presented  in  this  report.  These  five  groups  dealt 
with  maximum  lift,  optimum  flap  arrangement  for 
take-off,  standard  force  tests  of  optimum  arrange¬ 
ments,  flap  loads,  and  downwasli  behind  the  wing  with 
various  flap  arrangements. 

Maximum  lift. — The  maximum  lift  coefficients 
obtainable  with  the  0.20  c  and  0.30  c  flaps  at  various 


positions  shown  in  figure  1  were  found  by  tests  in 
which  the  flap  angle  was  increased  from  20°  in  10° 
steps  until  the  peak  of  the  variation  of  CL)nax  with  flap 
angle  was  defined  for  each  position.  The  range  of 
positions  in  both  cases  was  sufficient  to  surround  the 
point  at  which  the  highest  lift  coefficient  was  found, 
thus  isolating  an  optimum  position  in  each  case. 
Similar  surveys  had  previously  been  made  with  the 
0.40  c  flap  (reference  2)  and  were  not  repeated  at  this 
time. 

Optimum  take-off  arrangement. —Lift  and  drag 
data  were  taken  at  a  range  of  flap  angles  between  0° 
and  that  giving  maximum  lift  for  a  series  of  flap  posi¬ 
tions  somewhat  more  restricted  than  the  range  used 
in  the  maximum-lift  tests.  Care  was  exercised  in  these 
tests  also  to  surround  wliat  was  judged  to  be  the 
optimum  setting,  both  as  regards  position  and  angle. 

Standard  force  tests  of  optimum  arrangements. — 
A  scries  of  final  force  tests,  consisting  of  lift,  drag,  and 
pitching-moment  measurements,  was  made  at  the  flap 
positions  considered  to  be  of  special  interest.  These 
included  tests  of  the  maximum-lift  arrangement  of 
each  flap,  of  the  optimum  take-off  arrangement  of 
each  flap,  and  of  an  arbitrarily  selected  arrangement 
representing  partial  retraction  of  each  flap. 

All  tests  in  these  first  three  groups  were  conducted 
in  accordance  with  standard  force-test  procedure  as 
described  in  reference  3. 

Flap  loads. — Air  loads  acting  on  the  flaps  were 
found  by  supporting  the  flaps  independently  of  the 
wing,  at  the  same  position  and  angle  as  used  in  the 
final  force  tests  of  the  wing-flap  combinations,  and  by 
measuring  the  forces  on  the  wing  alone  in  the  presence 
of  the  flap.  The  flap  loads  could  then  be  readily  com¬ 
puted.  In  order  to  find  the  center  of  pressure  of  the 
load  on  the  flap,  the  flap  hinge  moment  was  measured 
by  observing  the  angular  deflection  of  a  long  slender 
torque  rod  required  to  balance  the  flap  at  the  angle  in 
question.  Similar  measurements  of  loads  and  center- 
of-pressure  locations  on  split  flaps  are  more  completely 
described  in  reference  4. 

Downwash.- — Measurements  were  made  with  “pitot- 
yaw”  tubes  attached  to  the  wing  by  a  rigid  support. 
The  reference  position  thus  moved  in  the  air  stream 
as  the  angle  of  attack  was  changed  but  remained  the 
same  with  respect  to  the  wing,  as  does  the  tail  of  an 
airplane.  The  angles  of  downwash,  however,  were 
referred  to  the  initial  direction  of  the  free  air  stream. 
The  apparatus  could  be  adjusted  to  various  horizontal 
distances  behind  the  wing.  The  pitot-yaw  tubes  were 
ordinary  round-nosed  pitot  tubes  with  two  additional 
nose  holes  at  45°  above  and  below  the  tube  axis. 
Alcohol  manometers  were  used  to  read  the  pressures, 
and  the  tubes  were  calibrated  in  test  position  in  the 
clear-tunnel  air  stream. 

The  wind  tunnel  is  of  the  open  jet,  closed  return 
type,  with  a  rectangular  jet  7  by  10  feet  in  size.  A 
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complete  description  of  the  tunnel,  balance,  and 
standard  force-test  procedure  appears  in  reference  3. 

Tests  were  run  at  a  dynamic  pressure  of  10.37  pounds 
per  square  foot,  corresponding  to  an  air  speed  of  80 
miles  per  hour  at  standard  sea-level  conditions.  The 
Reynolds  Number  of  the  tests,  based  on  the  10-inch 
chord  of  the  wing  without  flaps,  was  approximately 
609,000. 

PRECISION 

The  accidental  errors  in  the  results  presented  in  this 
report  are  believed  to  lie  within  the  limits  indicated 
in  the  following  table: 

V  ing  data  Flap  load  data  Downwash  data 


a - 

-.±0. 10° 

. 

..±0.  10 

CL  . 

-  ±.  00 

LmaT 

Af -  - 

CmeH - 

,._±.  008 

S- . 

...±.004 

CD  (£7  = 

__.±.  001 

Flap  angle _ 

-..±.25’ 

cv  (Cj  = 11 — 

-_„d=.  004 

Flap  position.. 

-.±.003 

Od  (Cl  - 

...±.00S 

Flap  angle - 

_..±.  25° 

Flap  posit  ion  __ 

-..±.  0015  c 

Consistent  differences  between  results  obtained  in 
the  7-  by  10-foot  wind  tunnel  and  in  free  air  may  be 
ascribed  to  effects  of  the  following  factors:  Jet  boun¬ 
daries,  static-pressure  gradient,  turbulence,  and  scale. 
In  order  that  the  present  results  be  consistent  with 
published  results  of  tests  of  other  high-lift  devices  in 
the  7-  by  1 0-foot  tunnel,  no  corrections  for  these  effects 
have  been  made.  Corrections  of  several  sets  of  airfoil 
results  have  indicated  that  the  values  of  the  jet¬ 
boundary  correction  factors,  8a=  —  0.165,  and  8D= 
—  0.165,  used  in  the  standard  equations  (cf.  reference 
5)  are  satisfactory  for  a  10-inch  by  60-inch  wing. 
The  static  pressure  in  the  jet  decreases  downstream, 
producing  an  increment  in  CD  of  0.0015  on  normal 
12  percent  c  thick  rectangular  airfoils.  Evidence  at 
present  available  indicates  that  the  effect  of  the  tur¬ 
bulence  in  this  tunnel  is  small  as  compared  with  the 
other  consistent  errors. 


RESULTS  AND  DISCUSSION 


All  test  results  are  given  in  standard  nondimensional 
coefficient  form.  In  the  case  of  a  wing  with  a  retrac¬ 
table  surface,  the  convention  of  basing  coefficients  on 
the  area  that  would  be  exposed  in  normal  flight,  that 
is,  the  minimum  area,  has  been  adopted.  The 
coefficients  used  are  then  defined  as  follows: 
subscript  w  refers  to  the  basic  wing 
subscript  /  refers  to  the  flap 
2=/ 2  pV2 


CL 


lift 


C 


i) 


cm= 


cKt 


Swq 

drag 

pitching  moment 
CwSicQ 

normal  force  on  flap  (perpendicular  to  flap 

chord ! 


Sfq 


71040 — 30— 


n  _longitudinai  force  on  flap  (along  flap  chord! 

X~  ^  Sfq 

n  _flap  hinge  moment 

L/Hf o 

1  SfCfq 

e,  angle  of  downwash,  degrees. 

Maximum-lift  condition. — The  results  of  the  maxi¬ 
mum-lift  tests  are  presented  as  contours  showing 
variations  of  CT  with  flap  hinge  position,  irrespec- 

five  of  flap  angle.  Figures  2,  3,  and  4  show  contours 
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Figure  2. — Contours  showing  variation  of  CL  with  flap  position. 
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Figure  3.— Contours  showing  variation  of  C,  with  flap  position.  0.30  c  flap. 
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Figure  4. — Contours  showing  variation  of  C.  with  flap  position.  0.10  c  flap 

* max 

(data  from  N.  A.  C.  A.,  T.  N.  Xo.  419). 


for  the  20  percent  chord,  30  percent  chord,  and  40 
percent  chord  flaps,  respectively.  Data  on  the  40 
percent  chord  flap  are  taken  from  reference  2,  no 
further  tests  having  been  considered  necessary  on  that 
size  of  flap  after  an  analysis  was  made  of  the  data  for 
the  two  smaller  flaps.  The  optimum  position  is  the 
same  for  all  three  flaps:  2.5  percent  of  the  main  wing 
chord  directly  below  the  trailing  edge.  The  opti¬ 
mum  angle  was  30°  for  the  20  percent  c  flap  and  40° 
for  the  two  larger  flaps. 
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Variation  of  CL  with  flap  size  is  shown  in  figure  5. 

max 

The  maximum  lift  coefficient  increases  approximately 
in  proportion  to  flap  size  if  the  area  of  only  the  original 
wing  is  considered.  This  is  a  reasonably  satisfactory 
basis  for  comparison  of  the  landing  speeds  of  an  air¬ 
plane  with  various  sizes  of  flap  if  a  constant  maxi¬ 
mum  speed  is  maintained.  If  the  maximum  lift  force 
that  a  wing  will  give  at  a  certain  air  speed  per  unit  of 
structural  weight  is  taken  as  a  criterion,  it  is  reasonable 
to  compare  the  various  sizes  of  flap  on  the  basis  of  total 


Figure  5. — Variation  of  C  with  flap  size.  Flap  set  at  optimum  position  and 

L  max 

angle. 

(wing-and-flap)  area.  On  this  basis  there  is  clearly 
little  to  be  gained  by  using  flaps  larger  than  30  percent  c. 

Lift,  drag,  and  pitching-moment  data  for  the  wing 
with  each  of  the  three  flap  sizes,  with  the  flap  at  the 
setting  for  maximum  lift,  are  given  in  figure  6  and  in 
tables  III,  IV,  and  V.  Coefficients  are  based  on  the 
area  and/or  chord  of  the  wing  alone.  The  data  for  the 
plain  wing  were  obtained  with  the  20  percent  chord  flap 
fully  retracted  into  its  well.  (See  table  II.)  It  is 
evident  that  an  airplane  having  a  flap  of  this  type  would 
have  a  much  larger  range  of  center-of-pressure  travel 
between  various  flying  conditions  than  would  one  with 
a  plain  wing.  It  appears,  then,  that  in  a  normal  type 
of  2-spar  wing  the  effect  of  adding  a  Fowler  flap  would 


be  to  leave  the  front-spar  design  load  the  same  as  for  the 
wing  without  a  flap  but  to  increase  considerably  the 


Figure  6.— Lift,  drag,  and  pitching-moment  coefficients  for  the  maximum-lift 

condition. 


AERODYNAMIC  CHARACTERISTICS  OF  A  WING  WITH  FOWLER  FLAPS 


481 


design  loads  on  the  rear  spar.  If  the  speed  at  which  the 
airplane  may  be  flown  with  flap  extended  be  limited 
to  a  value  reasonably  in  excess  of  its  landing  speed,  it 
appears  likely  that  the  loads  with  flap  extended 
would  be  reduced  to  the  same  magnitude  as  the  largest 
loads  with  flap  retracted,  with  flap  sizes  not  in  excess 
of  30  percent  c.  On  this  basis  it  appears  that  a  wing 
with  a  Fowler  flap  as  wide  as  30  percent  c  could  be 
constructed  in  which  there  would  be  no  increase  in  the 
weight  of  the  wing  structure  proper,  the  onty  additional 
weight  being  due  to  the  flap  and  its  support  from  the 
spars. 

Take-off  condition. — Investigation  of  wing-flap  com¬ 
binations  to  determine  the  flap  arrangement  most 
favorable  for  take-off  must  involve  consideration  of 
performance  parameters  of  the  airplane  in  question  as 
well  as  of  the  aerodynamic  effects  of  the  lifting  surfaces. 
Concurrently  with  the  tests,  a  series  of  take-off  com¬ 
putations  was  made  with  the  purpose  of  developing  a 
“take-off  criterion”  for  wings  based  on  aerodynamic 
characteristics  and  depending  on  airplane  design 
factors  to  the  minimum  extent  possible.  The  applica¬ 
tion  of  such  a  criterion  to  the  data  would  then  serve  to 
isolate  the  optimum  flap  arrangement  for  take-off. 
The  development  of  the  criterion,  and  associated  data, 
are  presented  in  an  appendix  to  this  report. 

As  the  tests  and  computations  progressed,  it  was 
found  that  some  general  considerations  would  serve  to 
isolate  the  optimum  arrangement,  without  recourse  to 
a  rigorous  criterion.  The  computations  indicated 
that  normal  transport  airplanes  should  take  off  at  a  lift 
coefficient  greater  than  70  percent  of  the  maximum 
available  to  achieve  the  shortest  run  to  clear  an  obsta¬ 
cle.  They  also  indicated  that  the  principal  aerody¬ 
namic  characteristics  affecting  take-off,  high  lift 
available,  and  high  L/D  at  the  high  lift  are  of  nearly 
equal  importance. 

The  wind-tunnel  data,  plotted  as  polar  curves,  are 
presented  in  figures  7  to  10  for  the  0.30  c  flap  and  in 
figures  11  to  15  for  the  0.20  c  flap.  Comparison  of 
these  curves  on  the  basis  of  the  considerations  previ¬ 
ously  stated  indicated  the  flap  position  0.025  c  directly 
below  the  trailing  edge  of  the  wing,  with  an  angle  of 
30°,  to  be  the  optimum  take-off  arrangement  for  both 
flaps.  At  tins  setting  each  flap  has  as  high  ratios  of 
LID  throughout  the  high-lift  region  as  any  other  setting 
tested,  within  the  limits  of  accuracy  of  the  tests,  and 
has  a  higher  maximum  lift  coefficient  than  any  other 
3etting  having  as  high  ratios  of  Z/ZL  The  40°  setting  of 
the  0.30  c  flap,  at  this  same  position,  gives  a  higher 
maximum  lift  and  lower  ratio  of  Z/ZZ  than  the  30°  angle, 
the  percentage  difference  in  LID  being  greater  than 
that  in  maximum  lift.  Computations  (see  appendix) 
verify  the  conclusion  based  on  the  general  considera¬ 
tions,  that  the  30°  angle  is  better  with  this  flap. 

Lift,  drag,  and  pitching-moment  data  for  the  wing 
with  each  of  three  sizes  of  flap,  with  the  flap  at  the 


optimum  setting  for  take-off,  are  given  in  figure  16  and 
in  tables  III,  VI,  and  VII.  The  choice  of  the  position 
0.025  c  below  the  wing  trailing  edge,  with  a  25°  angle, 
as  optimum  for  the  40  percent  c  flap  is  based  on  the 
relation  between  optimum  take-off  setting  and  that  for 
maximum  lift  of  the  20  percent  c  and  30  percent  c 
flaps.  Although  data  for  the  40  percent  c  flap  are  not 
sufficient  for  a  rigorous  selection,  comparisons  of  data 
that  are  available  (reference  2)  indicate  the  choice  to 
be  sufficiently  near  the  optimum  for  practical  purposes. 

Partial  retraction  of  flap. — Lift,  drag,  and  pitching- 
moment  data  for  the  wing  with  the  20  percent  c, 
30  percent  c,  and  40  percent  c  flaps  in  a  partially 
retracted  position  are  shown  in  figure  17  and  in  tables 
VIII  to  XI.  The  settings  were  chosen  by  assuming 
the  flaps  to  move  along  an  arc  from  the  setting  for 
maximum  lift  or  optimum  take-off  to  the  fully  retracted 
position.  The  flap  hinges  crossed  the  wing  chord  line 
at  the  90  percent  c  station,  and  the  angles  at  this  posi¬ 
tion  were  15°  for  the  20  percent  c  flap,  20°  for  the  30 
percent  c  flap,  and  20°  and  30°  for  the  40  percent  c 
flap.  Comparison  of  the  characteristics  at  this  setting 
with  those  at  the  maximum-lift  setting  shows  that  the 
change  of  characteristics  is  in  the  same  direction  and 
of  the  same  order  of  magnitude  as  the  change  of  flap 
setting. 

Flap  loads. — Curves  of  normal-  and  longitudinal- 
force  coefficients,  hinge  moments,  and  center-of-pres- 
sure  locations  of  the  20  percent  c,  30  percent  c,  and 
40  percent  c  flaps  in  the  maximum  lift,  optimum  take¬ 
off,  and  partly  retracted  settings  are  shown  in  figures 
18  to  23.  The  corresponding  data  appear  in  tables 
III  to  XI.  From  the  magnitude  of  the  load  carried 
by  the  flap  at  high  lift  coefficients  of  the  combination, 
it  is  evident  that  the  flap  carries  nearly  1%  times  its 
proportionate  share  of  the  total  load.  It  appears  that 
this  type  of  flap  may  be  regarded  as  a  separate  wing, 
operating  in  an  air  stream  vdiose  combined  velocity 
and  curvature  increase  considerably  the  load  it  carries 
as  compared  with  the  load  it  would  experience  in  the 
free  air  stream.  Comparison  of  load  data  for  a  split 
flap  (reference  4)  and  a  Fowler  flap  clearly  shows  the 
fundamental  difference  in  the  action  of  the  two  flaps. 
At  high  lifts,  the  split  flap  carries  almost  no  lift  and 
offers  large  drag;  whereas  the  Fowler  carries  a  large 
proportion  of  the  total  lift,  but  with  less  drag. 

Although  this  condition  is  favorable  to  airplane  per¬ 
formance,  it  implies  a  large  range  of  center-of-pressure 
positions  for  the  complete  flight  range,  with  conse¬ 
quent  disadvantages  in  longitudinal-stability  charac¬ 
teristics  and  possibly  also  in  structure.  In  connection 
with  structural  considerations  it  is  interesting  to  note 
that  a  progressive  reduction  in  flap  loads  occurs  with 
increasing  flap  size  if  the  maximum  angle  is  kept 
below  30°. 

At  flap  settings  giving  high  maximum  lift  coefficients, 
the  center  of  pressure  of  the  flap  itself  has  little  travel 
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Figure  7. — Polars  for  0.30  c  flap  at  various  angles. 


Figure  10.— Polars  for  0.30  c  flap  at  various  angles 


Figure  13.— Polars  for  0.20  c  flap  at  various  angles. 


Figure  8. -  Polars  for  0.30  c  flap  at  various  angles. 


Figure  11. — Polars  for  0.20  c  flap  at  various  angles. 


CD 

Figure  14.— Polars  for  0.20  c  flap  at  various  angles. 


Figure  12.— Polars  for  0.20  c  flap  at  various  angles. 
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Figure  15.— Polars  for  0.20  c  flap  at  various  angles. 


c.p.,  percent  chord  from  L.E. 
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I'iguue  16.— Lift,  drag,  and  pitching-moment  coefficients  for  the  optimum  take-olT  Figure  17.— Lift,  drag,  and  pitching-moment  coefficients  for  the  partly  retracted 

condition.  flap  condition. 


Normal-force  coefficient  based  on  flap  area, 
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Figure  18.— Air  loads  on  flaps  for  the 
maximum-lift  condition. 


Figure  20.— Air  loads  on  flaps  for  the  optimum 
take-off  condition. 
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Figure  22.— Air  loads  on  flaps  for  the  partly 
retracted  position. 
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Figure  19. — Air  moments  on  flaps  for  the 
maximum-lift  condition. 
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Figure  21. — Air  moments  on  flaps  for  the 
optimum  take-off  condition. 
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Figure  23.— Air  moments  on  flaps  for  the 
partly  retracted  position. 
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throughout  most  of  the  angle-of-attack  range  and  is 
generally  nearer  the  leading  edge  than  it  would  be  on 
an  airfoil  in  a  free  air  stream.  As  the  flap  angle  is 
reduced  below  30°,  however,  the  center  of  pressure 
moves  rapidly  backward. 

Downwash. — Some  representative  data  from  the 
downwasb  measurements  are  shown  in  figures  24  and 
25.  Angle  of  downwash  as  a  function  of  lift  coefficient 
is  shown  for  two  positions  behind  the  wing,  with  data 
for  .the  plain  wing  and  for  the  same  flap  settings  as 


Figure  24. — Downwash  angle  against  lift  coefficient  at  a  point  behind  the  wing. 
Position  of  point:  2  c  behind  0.25  chord  point,  0.05  b  laterally  from  center  line,  0.5  c 
above  wing  chord. 


were  used  in  the  flap  load  tests  plotted  on  each  curve. 
Only  small  consistent  deviations  from  the  mean  curve, 
within  the  limits  of  test  accuracy,  were  found  for  the 
variety  of  settings  tested.  It  appears,  then,  that  the 
addition  of  a  Fowler  flap  has  no  appreciable  effect  on 
the  basic  relation  between  lift,  span,  and  downwash  at 
reasonable  distances  behind  the  wing. 

The  foregoing  conclusion  is  subject  to  some  ques¬ 
tion  owing  to  the  doubtful  nature  of  the  jet-boundary 
effect  on  downwash  in  the  7-  by  10-foot  tunnel.  The 
corrections  in  this  particular  case  differ  considerably 
from  the  theoretical  corrections,  probably  on  account 
of  the  combined  effect  of  static-pressure  gradient  in 
the  jet  and  spillage  of  air  over  the  unflared  lip  of  the 
exit  cone.  Different  corrections  for  different  posi¬ 
tions  of  the  reference  point  in  the  air  stream  might 
produce  greater  consistent  differences  in  downwash 
between  the  plain  wing  and  flap  extended  conditions 
than  are  indicated  by  these  tests,  though  this  effect 
would  be  small  unless  the  variation  of  the  corrections 
with  position  is  greater  than  seems  likely. 

Although  the  extensive  investigation  required  to 
establish  the  corrections  might  produce  results  of 
academic  interest,  certain  effects  of  combining  a 


variable-lift  wing  with  an  airplane  fuselage  would 
render  the  results  of  small  technical  value.  Since  a 
large  difference  in  angle  of  attack  occurs  at  the  same 
value  of  CL  with  different  settings  of  the  Fowler  flap, 
a  large  variation  of  fuselage  attitude  and  lift  at  a 
given  wing  lift  coefficient  results  from  changing  flap 
settings.  Thus,  at  a  given  over-all  lift  coefficient  of 
the  airplane,  the  lift  coefficient  and  downwash  of  the 
wing  may  be  expected  to  change  with  flap  setting. 
The  use  of  partial-span  flaps  produces  an  effective 
reduction  of  span  as  the  flap  is  extended,  causing  an 
additional  change  of  downwash  at  constant  lift  coeffi¬ 
cient  with  changing  flap  setting.  It  appears  that 
problems  involving  downwash  of  variable-lift  wings 
are  more  susceptible  of  solution  by  measurement  on 


Figure  25.— Downwash  angle  against  lift  coefficient  at  a  point  behind  the  wing . 
Position  of  point:  3  c  behind  0.25  chord  point,  0.05  6  laterally  from  center  line,  on 
chord  line. 


the  actual  design  in  question,  rather  than  by  a  fun¬ 
damental  wind-tunnel  investigation. 


CONCLUSIONS 

1.  The  maximum  lift  coefficients,  based  on  area  of 
wing  alone,  found  for  the  three  sizes  of  flap  tested 
were:  For  the  20  percent  c  flap,  2.45;  for  the  30  per¬ 
cent  c  flap,  2.85;  and  for  the  40  percent  c  flap,  3.17. 
The  maximum  lift  coefficient  for  the  wing  with  flap 
retracted  was  1.31. 

2.  The  location  of  the  flap  leading  edge  for  maximum 
lift  was  found  to  be  the  same  in  all  cases,  the  center  of 
the  leading-edge  arc  being  2.5  percent  c  directly  below 
the  trailing  edge  of  the  main  wing.  The  flap  angles 
for  maximum  lift  were  30°,  40°,  and  40°  for  the 
20  percent  c,  30  percent  c,  and  40  percent  c  flaps, 
respectively. 

3.  The  20  percent  c  and  30  percent  c  flaps  were 
found  to  give  the  characteristics  most  favorable  to 
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take-off  with  the  same  leading-edge  location  as  for 
maximum  lift.  The  optimum  angle  was  30°  in  both 
cases. 

4.  The  maximum  normal-force  and  longitudinal- 
force  coefficients  of  the  40  percent  c  flap,  based  on  flap 
area,  were  2.89  and  —1.25;  those  for  the  30  percent  c 
flap  were  3.06  and  —  1 .54 ;  and  those  for  the  20  percent  c 
flap  were  2.80  and  —1.20.  Center-of-pressure  loca¬ 
tions  corresponding  to  these  coefficients  were  in  each 
case  approximately  at  the  20  percent  c  flap  chord 
points. 


5.  At  positions  normally  occupied  by  the  tail 
surfaces  the  relation  between  lift  coefficient  and 
downwasli  angle  appears  from  the  present  tests  to  be 
the  same  for  a  wing  with  or  without  a  full-span  Fowler 
flap. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  April  26 ,  1935. 


APPENDIX 


TAKE-OFF 

The  computations  leading  to  the  results  presented 
here  were  made  concurrently  with  a  more  detailed  set 
of  computations  of  the  effect  of  various  types  of  flap 
on  take-off,  reported  in  reference  6.  Only  a  brief 
resume  of  the  assumptions  made  and  of  the  equations 
used  is  given  here,  since  they  are  identical  except  in 
two  minor  respects  with  those  of  the  foregoing 
reference. 

Assumptions. — The  airplane  is  assumed  to  take 
off  in  a  calm,  from  a  surface  having  a  friction  coeffi¬ 
cient  of  0.05,  and  to  maintain  constant  air  speed  after 
leaving  the  ground  until  it  clears  an  obstacle  at  an 
altitude  of  50  feet.  Further  assumptions  are  that  the 
airplane  has  a  constant  parasite-drag  coefficient  (ex¬ 
cluding  wing  drag  completely)  of  0.023  over  the  full 
angle-of-attack  range  and  is  equipped  with  an  auto¬ 
matic  propeller  giving  maximum  efficiency  at  top  speed. 
No  allowance  for  induced  drag  at  maximum  speed  is 
made. 

It  is  considered  reasonable  to  neglect  factors  that 
would  be  assumed  to  be  the  same  in  comparable  cases. 
On  this  basis  the  effects  of  wind,  wind-velocity  gradient 
with  height,  proximity  of  the  ground,  and  slipstream 
over  parts  of  the  wing  are  excluded  from  the  computa¬ 
tions.  In  the  estimation  of  the  effect  of  flaps  this 
assumption  is  conservative  since  wind,  ground  effect, 
and  slipstream  are  all  more  helpful  to  high-lift  devices 
than  to  normal  wings,  and  wind-velocity  gradient  is 
more  helpful  to  the  normal  wing. 

The  only  differences  between  the  assumptions  used 
here  and  those  of  reference  6  are  in  the  parasite-drag 
coefficient  and  in  the  attitude  during  ground  run. 
For  the  other  computations  the  parasite  coefficient  was 
0.020  and  the  attitude  giving  minimum  total  resistance 
during  ground  run  was  used.  This  assumption  re¬ 
quired  a  negative  angle  of  attack  of  the  Fowler  wing, 
an  attitude  that  is  not  feasible  during  the  ground  run 
because  of  danger  of  nosing  over  or  of  damaging  the 
propeller.  An  angle  of  attack  of  0°  during  the  ground 
run  was  used  in  the  computations  for  the  present 
report. 

Equations. — In  order  that  the  equations  may  rep¬ 
resent  correctly  the  processes  occurring  during  the 
take-off  of  an  airplane  over  an  obstacle,  it  is  necessary 
to  consider  the  take-off  as  divided  into  three  phases: 
ground  run — a  period  of  horizontal  acceleration  with 
the  weight  partly  wheelborne  and  partly  airborne; 
transition— a  period  of  vertical  acceleration  to  a  steady 
rate  of  climb;  and  the  steady  climb  from  the  height 
reached  in  transition  to  the  height  of  the  obstacle. 


Subject  to  the  limitations  previously  stated,  the 
horizontal  distance  covered  during  each  of  the  phases 
may  be  computed  from  the  following  equations. 
Ground  run,  feet: 
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The  angle  of  climb  0  appearing  in  the  last  two  phases 
is  found  from  the  relation: 
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The  symbols  appearing  in  the  foregoing  equations 
are  defined  as  follows: 

P,  air  density,  slugs  per  c u.  ft. 
g,  acceleration  of  gravity,  ft. /sec. 2 
p,  ground  friction  coefficient,  assumed  equal 
to  0.05. 

W/S,  wing  loading,  lb.  per  sq.  ft. 

IF/hp.,  power  loading,  lb.  per  b.  hp. 

Clu  CDl)  lift  and  drag  coefficients  at  angle  of  attack 
maintained  during  ground  run. 

ClT)  CDt>  lift,  and  drag  coefficients  corresponding  to 
VT,  the  speed  at  which  the  airplane 
leaves  the  ground.  It  is  to  be  noted  that 
the  airplane  must  fly  at  a  higher  lift 
coefficient  than  CLt  during  transition, 
since  the  flight  path  is  curved  upward 
and  the  speed  remains  equal  to  VT. 

A.  B,  constants  expressing  thrust  of  an  automatic 
propeller  at  low  forward  speeds.  Thrust 
=  b.  hp.  ( A—B  p/2  F2).  The  constants 
apply  to  any  one  airplane,  and  vary 
with  top  speed  among  various  airplanes. 

1I2,  height  of  obstacle,  assumed  50  feet. 
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Figure  26.— Polars  for  take-off  computations.  The  value  of  C'n  does  not  include 
the  airplane  parasite-drag  coefficient. 


Figure  28.— C,  /C. 
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The  computations  covered  a  range  of  wing  loading 
between  10  pounds  per  square  foot  and  30  pounds  per 
square  foot  and  a  range  of  power  loading  between  8 
pounds  per  horsepower  and  16  pounds  per  horsepower. 
Eight  combinations  of  wing  and  power  loading,  desig¬ 
nated  “cases”  and  listed  in  table  XII,  together  with 
the  corresponding  airplane  and  propeller  characteris¬ 
tics,  were  considered.  In  combination  with  the  eight 
cases,  four  wing  conditions  were  taken  as  follows: 

I.  Plain  wing;  flap  retracted. 

II.  20  percent  c  flap;  station,  100  percent  c;  ordi¬ 
nate,  —  2.5  percent  c ;  angle,  30°. 

III.  30  percent  c  flap;  station,  100  percent  c;  ordi¬ 

nate,  —2.5  percent  c;  angle,  40°. 

IV.  30  percent  c  flap;  station  and  ordinate,  same  as 

for  III;  angle,  30°. 

Polar  curves  for  the  wing  in  the  various  conditions, 
from  the  wind-tunnel  data,  are  shown  in  figure  26. 
For  each  combination  of  airplane  case  and  wing  con¬ 
dition,  the  take-off  runs  at  four  values  of  Vt,  corre¬ 
sponding  to  lift  coefficients  of  60  percent,  70  percent, 
80  percent,  and  90  percent  of  CLmax  for  the  wing 
condition  in  question,  were  computed.  The  results, 
showing  total  run  required  by  the  hypothetical  air¬ 
plane  to  reach  an  altitude  of  50  feet  in  a  steady  climb 
from  a  standing  start  with  no  wind,  are  presented  in 
table  XIII.  Table  XIV  shows  corresponding  values 
of  the  ground  run  alone.  This  table  is  included  for 
use  in  cases  where  the  ground  run  alone,  rather  than 
the  take-off  over  an  obstacle,  is  the  factor  to  be  con¬ 
sidered.  The  results  are  satisfactory  for  comparison 
among  themselves  but  should  not  be  relied  upon  as 
being  accurate  in  an  actual  case.  They  are  probably 
conservative  for  an  airplane  with  an  automatic  pro¬ 
peller  taking  off  from  an  average  field  with  no  wind. 

Representative  curves  of  total  take-off  run  against 
take-off  lift  coefficient  ( CLt )  for  several  cases  and 
conditions  are  shown  in  figure  27.  All  the  data  of 
table  XIII  were  plotted  in  similar  fashion  and  the 
optimum  value  of  Clt  was  found  for  each  case  and 
condition.  The  optimum  ratio  of  CLTjCLmax  was 
nearly  constant  for  the  various  wing  and  flap  con¬ 
ditions  at  a  given  wing  and  power  loading  but  varied 
with  wing  and  power  loading.  Figure  28  shows  the 
optimum  value  of  CLTjCLmax  as  a  function  of  wing  and 
power  loading  for  the  range  covered  in  the  computa¬ 
tions. 

Consideration  of  the  analysis  at  this  point  indicated 
that  it  might  be  possible  to  develop  a  general  relation 
between  lift  and  drag  which  would  give  correct  weight 
to  these  two  factors  in  take-off,  independently  of 
other  factors.  It  appears  that  a  ratio  CLn/CD  would 
place  extra  weight  on  lift  in  accordance  with  its  extra 
importance  if  a  satisfactory  value  for  n  could  be 
determined.  For  each  of  the  eight  cases,  the  mini¬ 
mum  take-off  run  and  the  corresponding  CL  and  CD 
for  each  condition  were  plotted  as  in  figure  29.  When 


the  minimum  take-off  run  x  was  divided  by  the 
corresponding  CD  and  plotted  against  CL  on  logarithmic 
paper,  the  data  for  any  case  lay  very  nearly  in  a 
straight  line.  The  form  of  the  equation  for  this  func- 

•  •  X 

tion  is  ~  =  K  CLn  and,  if  K  and  n  be  expressed  as 

functions  of  wing  and  power  loading,  a  general  take-off 
equation  in  very  simple  form  is  obtained.  It  will  be 
noted  in  figure  29  that  n  is  nearly  constant  over  the 
range  of  cases  considered  and  that  the  average  value 

of  n  is  —2.4;  that  is,  CL~2A,  which  may  be 

Co 

reduced  to  the  form  j K/x  —  Cr~2A/CD.  This  ratio  may 
be  considered  a  “take-off  criterion,”  the  value  of  total 
take-off  distance  of  an  airplane  being  inversely  pro¬ 
portional  to  the  value  of  CLt2a/CDt  for  its  wing  at  the 
ratio  of  CLJCr  in  question. 

It  will  be  noted  that  the  curve  for  case  VI,  having  a 
wing  loading  of  20  and  a  power  loading  of  16,  is  not 
included  in  figure  29.  The  data  are  not  directly 
applicable  in  this  case  because  the  power  available  is 
seriously  inadequate  to  satisfy  the  assumption  that 
the  airplane  fly  through  the  transition  at  its  maximum 
lift  coefficient  without  loss  of  speed.  Thus,  the  com¬ 
puted  runs  are  incorrect  even  assuming  the  runs  in 
other  cases  to  be  strictly  correct  as  computed. 

When  using  the  criterion,  it  is  first  necessary  to 
select  the  ratio  of  CTr,JCr  for  minimum  run  from 
figure  28,  depending  on  the  approximate  wing  and 
power  loading  of  the  design  in  hand.  Then  in  order 
to  compare  the  take-off  properties  of  different  wing 
and  flap  combinations  it  is  necessary  to  compare  the 
values  of  the  criterion  CLt2a/CDt  where  CLt  for  any 
wing-flap  combination  is  the  optimum  fraction  of  the 
CLmax  of  that  combination  (obtained  from  fig.  28)  and 
CDt  is  the  corresponding  drag  coefficient  of  the  com¬ 
bination.  The  criterion  should  give  satisfactory  com¬ 
parison  between  normal  airfoils  with  or  without  higli- 
lift  devices.  Some  comparisons  of  cases  selected  from 
reference  6  have  shown  that  the  criterion  gives  a  good 
indication  of  the  relative  merits  of  the  various  devices 
considered  in  take-off,  although  when  used  for  other 
devices  than  the  Fowler  flap  the  values  of  the  criterion 
are  not  inversely  proportional  to  the  take-off  runs 
within  as  close  limits. 

Development  of  the  criterion  was  based  on  measured 
CD  of  the  wing  only,  to  permit  comparison  of  various 
wings  as  tested  in  the  wind  tunnel  without  a  body. 
Variations  in  parasite  drag  of  the  rest  of  the  airplane 
will  have  small  effect  since  the  wing  drag  is  a  large 
portion  of  the  total  drag  at  any  lift  coefficient  near 
Cl  x,  particularly  with  high-lift  devices. 

The  variation  of  total  take-off  run  with  wing  and 
power  loading  is  shown  plotted  on  semilogarithmic 
paper  in  figures  30,  31,  32,  and  33  for  each  of  the  four 
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Power  loading ,  lb./hp. 

Figure  30.— Minimum  take-off  run  with  various  power  and  wing  loadings.  Con¬ 
dition  I,  flap  retracted. 


Power  loading ,  lb./hp. 


F,gure  32.— Minimum  take-off  run  with  various  power  and  wing  loadings.  Con¬ 
dition  III,  0.30  c  flap;  flap  station.  1.00  c;  ordinate,  —0.025  c;  angle.  40°. 


Power  loading ,  lb./hp. 

Figure  31.— Minimum  take-off  run  with  various  power  and  wing  loadings.  Con¬ 
dition  II,  0.20  c  flap;  flap  station,  1.00  c;  ordinate,  —0.025  c;  angle,  30°. 
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wing  conditions.  In  the  last  three  figures  a  portion  of 
the  lines  at  the  high  power  loadings  is  curved.  This 
curvature  appears  to  lie  within  the  region  indicated  by 
a  dotted  line,  which  shows  the  combined  power  and 
wing  loading  at  which  the  power  available  is  insuffi¬ 
cient  to  satisfy  the  transition  assumption  at  the  instant 
of  leaving  the  ground.  No  correction  has  been  made 
for  this  effect,  but  in  table  XIII  an  approximate  correc¬ 
tion  is  noted  opposite  the  points  to  which  it  applies. 
In  the  range  covered,  the  error  appears  sufficiently 
small  to  be  neglected  for  practical  purposes. 

Although  figures  30  to  33  are  accurate  only  for 
determining  the  relative  take-off  runs  of  airplanes  with 
various  wing  and  power  loadings  and  arrangements  of 
the  Fowler  flap,  it  is  believed  that  they  may  be  applied 
within  reasonable  limits  to  actual  cases.  Assuming 
good  piloting  technique,  and  using  an  automatic 
propeller,  the  data  represent  the  minimum  run  that 
an  airplane  might  be  expected  to  need  to  clear  a  50-foot 
obstacle  with  a  reasonable  margin  of  speed.  It  is  to 
be  noted  that  the  foregoing  statement  applies  to  cases 
in  which  the  ground  is  at  least  as  smooth  and  hard  as 
the  average  airport. 

The  computations  appear,  in  general,  to  justify  the 
conclusion  that,  within  the  normal  range  of  wing  and 
power  loadings,  a  wing  with  a  Fowler  flap  can  produce 
considerable  improvement  in  take-off’  as  compared  with 
a  plain  wing. 
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TABLE  I 

AIRFOIL  ORDINATES 
CLARK  Y 

(All  values  in  percent  airfoil  chord) 


Station 

Ordinate 

upper 

Ordinate 

lower 

Station 

Ordinate 

upper 

Ordinate 

lower 

0._ . _ 

3.  50 

3.  50 

40  _  _ 

11.40 

0 

1.25 . . 

5.  45 

1.93 

50 . . 

10.  52 

0 

2.50 . . . 

6.50 

1.47 

60.. . . . 

9.  15 

0 

5 _ _ _ 

7.90 

.93 

70 _ 

7.  35 

0 

7.  50 . . 

8.  85 

.  63 

80 _ 

5.  22 

0 

10 . . . 

9.  60 

.42 

90 _ 

2. 80 

0 

15 _ 

10.  68 

.  15 

95 _ 

1.49 

0 

20 . . 

11.36 

.03 

100...  ... 

.  12 

0 

30 . . 

11.  70 

0 

Leading-edge  radiizs=1.50. 


TABLE  II 
PLAIN  WING 


(Flap  retracted) 


a 

cr. 

cD 

C 

m  <■/« 

Degrees 

— 15,  _ _ _ _ _ 

—0.  480 

0.  168 

o.  on 

-10 _ 

— .  383 

.  069 

-.071 

— 5, _ _ 

.  005 

.  017 

-.  089 

-4 _ _ _ _ 

.  080 

.  015 

0 . . . . . 

.365 

.023 

—.085 

5 _ _ 

.  735 

.  050 

-.084 

10 . . . . 

1.  080 

.  092 

—.085 

12 

1.  200 

.  116 

—  .081 

13.. . . 

1.  246 

.  127 
.  138 

— .  080 

14 . . 

1.  288 

-  082 

15 _ 

1.  310 

.  152 

-.  082 

16 _ _ 

1.310 

.  170 

17 _ _ _  . 

1.300 

1  195 

.  191 

20. 

-  133 

25 

.815 

.  433 

-.  170 

30 _ 

.  875 

.568 

-.  197 

TABLE  III 

DATA  FOR  THE  MAXIMUM-LIFT  CONDITION 

(0.2 0c  flap;  flap  station,  1.00c;  ordinate,  — 0.025c;  angle,  30°) 


a 

Cn 

C 

s 

cu 

% 

Degrees 

-15. . . 

-0.  222 

0.  159 

-0.  032 

0.  266 

0.  005 

-0.  109 

-10 _ 

.427 

.053 

-.417 

1.441 

-.  280 

-.  350 

-5 _ 

.  926 

.091 

-.  472 

1.875 

-.  430 

-.417 

0 - 

1.  370 

.  157 

-.508 

2.  200 

-.  590 

-.447 

5 _ 

1.  790 

.247 

-.  527 

2.  324 

735 

— .  459 

10 . . . 

2.200 

.  359 

— .  555 

2.  715 

-.975 

-.  458 

13  . 

2.  385 

.  424 

-.  558 

14 - 

2.  431 

.447 

-.  556 

2.  800 

-1.210 

-.453 

14.  5..  . 

2.  445 

.  459 

-.  548 

15 _ 

2. 045 

.  460 

-.  522 

1.513 

-1.  115 

-.484 

20 - 

1.645 

.  561 

-.  500 

.7435 

-7.  15 

-.  532 

25 

1.400 

.  820 

-.  531 

30  . 

1.287 

.905 

— .  529 

1 

TABLE  IV 

DATA  FOR  THE  MAXIMUM-LIFT  CONDITION 

(0.30c  flap;  flap  station,  1.00c;  ordinate,  —0.025c;  angle,  40°) 


a 

ci. 

Cn 

c 

meU 

s 

s 

s 

Degrees 

—  15 . . 

-0.  057 

0.  172 

-0.  155 

0.  420 

-0.  03 

-0  157 

-10 _ 

.931 

.  128 

-.  633 

2.  253 

— .  76 

-.  422 

— 5 _ 

1.  403 

.  196 

-.689 

2.  594 

-99 

-.  452 

0-- . 

1.882 

.300 

-.754 

2.  889 

-1.22 

-.  491 

5. . . 

2.  280 

.413 

-.775 

2. 791 

-1.  21 

— .  501 

10 _ 

2.  650 

.  550 

-.  793 

3.  085 

-1.54 

-.511 

12  . 

2. 780 

.  601 

— .  806 

13 _ 

2.827 

.624 

-.801 

2. 665 

-1.25 

-.  501 

14  . 

2.  205 

.  618 

-.  696 

15 _ 

2.  103 

.638 

— .  676 

1.  466 

— .  35 

-.  540 

20 _ 

1.805 

.907 

-.713 

1.  355 

— .  16 

-.540 

1  510 

.  996 

— .  66  4 

30 

1.  300 

1.065 

-.655 

_  _  | 

TABLE  V 


DATA  FOR  THE  MAXIMUM-LIFT  CONDITION 


(0.40c  flap;  flap  station,  1.00c;  ordinate,  —0.025c;  angle,  40°) 


a 

C 

mcH 

s 

xr 

s 

Degrees 

— 15 _ 

0.  064 

0.  175 

-0.  236 

0.  485 

-0.  060 

-0.  239 

-10 _ 

1.  209 

.  165 

-.  785 

1.  950 

-.580 

-.445 

—  5 _ 

1.  673 

.251 

-.856 

1.908 

-.528 

-.  456 

0 . 

2. 095 

.358 

-.886 

2.  168 

-.730 

-.478 

D) _ 

2.510 

.  489 

-.923 

2.  020 

-.  630 

-.489 

10 _ 

2. 875 

.636 

-.958 

2.  375 

-.  928 

— .  499 

VI 

3  005 

.  690 

-.955 

13.  . 

3.  040 

.  727 

-.  956 

2.  620 

—1.250 

14.  . 

3.  095 

.  742 

—.953 

2.  890 

-.  499 

15 . . 

2.  100 

.690 

-.749 

1.  133 

-.228 

-.499 

18  . 

1.  825 

.  735 

—.711 

20. . - 

1.  885 

.985 

-.  803 

1.255 

-.  155 

-.  449 

1.  613 

1.071 

— .  754 

30 

1.335 

1.  140 

-.  732 
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TABLE  VI 

DATA  FOR  THE  OPTIMUM  TAKE-OFF  CONDITION 


(0.30c  flap;  flap  station,  1.00c;  ordinate,  —0.025c;  angle,  30°) 


a 

cL 

c 

m'U 

s 

xf 

s 

Degrees 

-15 _ 

-0.  118 

0.  152 

-0.  133 

0.  355 

-0.  04 

-0.118 

-10 _ 

.093 

.075 

-.  543 

1.  241 

-.  17 

-.334 

—  5__ . . 

1.  198 

.  131 

-.611 

1.404 

-.21 

-.383 

0 _ _ 

1.  645 

.  215 

-.658 

1.512 

-.22 

-.  412 

5 _ 

2.  100 

.325 

-.  696 

1.  716 

-.31 

-.432 

10 _ 

2.  5(X) 

.  450 

-.  729 

1.  082 

-.30 

-.  452 

12 

2  045 

.  508 

-.  733 

13 

2.  705 

.  530 

-.732 

14 _ 

2.  750 

.555 

-.728 

2.  033 

-.00 

-.432 

15 . . 

2.  115 

.  555 

-.048 

1.  138 

-.25 

-.461 

20 _ 

1.830 

.787 

-.678 

1.  292 

-.38 

-.452 

25 

1  500 

.  911 

— .  650 

30 

1.365 

1.  000 

— .  631 

TABLE  VII.— DATA  FOR  THE  OPTIMUM  TAKE-OFF 

CONDITION 

(0.40c  flap;  flap  station,  1.00c;  ordinate,  —0.025c;  angle,  25°) 


a 

CL 

C  , 
m'U 

s 

cu 

S 

Degrees 

-15 . . 

-10 _ 

-5 _ 

0  ... 

-0.  032 
.  587 
1.086 
1.548 
1.995 

2.  425 

2.  050 

2.  718 

2.  760 
2.045 

1.  825 
1.730 
1.595 
1.315 

0.  133 
.004 
.113 
.  193 
.  299 
.  428 
.518 
.  545 
.569 
.568 
.601 
.  745 
.931 
1.000 

-0.  168 
-.  521 
-.  592 
-.650 
-.  689 
-.752 
-.774 
— .  775 
-.774 
-.680 
-.  690 
-.  699 

0. 368 
.000 
.  710 
.  793 
.800 
.928 

-0. 055 
.030 
.043 
.055 
.088 
.058 

-0.099 
-.282 
-.331 
-.  353 
-.372 
-.  386 

5 _ 

10 _ 

13 _ 

14 _ 

15 _ 

.848 

.  105 

— . 386  i 

10 _ 

18 _ 

20..- . 

.780 

-.050 

-.386  I 

25 _ 

30 _ 

-.  677 

TABLE  VIII.— DATA  FOR  THE  PARTLY  RETRACTED 

CONDITION 

(0.20c  flap;  flap  station,  0.90c;  ordinate,  0.0c;  angle,  15°) 


a 

C'"ch 

s 

x! 

C\' 

Degrees 

-10 _ 

-0.  088 

0.035 

-0.  187 

0.  219 

0.  040 

-0.  139 

— 5 _ 

.347 

.036 

-.218 

.329 

.080 

-.  254 

0 _ 

.770 

.065 

-.239 

.387 

.095 

-.308 

5 . . 

1.  182 

.  121 

-.253 

.538 

.  115 

-.344 

10 _ 

1.580 

.  196 

-.271 

.561 

.  115 

-.344 

13 _ 

1.  772 

.246 

—.274 

14 . . 

1.795 

.266 

-.  271 

.736 

.090 

-.344 

15-.- . 

1.725 

.285 

-.272 

.777 

-.005 

-.356 

20 _ 

1.450 

.392 

-.295 

1.438 

-.685 

-.405 

25 _ 

1.  135 

.602 

-.339 

30 . 

1. 110 

.744 

—.363 

TABLE  IX.— DATA  FOR  THE  PARTLY  RETRACTED 

CONDITION 


(0.30c  flap;  flap  station,  0.90c;  ordinate,  0  0c;  angle  20°) 


a 

Cl 

C  , 

s 

Cx 

xf 

% 

Degrees 

-15 _ _ 

-0.  256 

0.  150 

-0.  055 

0. 100 

0.030 

-0.  071 

-10 . 

.  118 

.054 

-.257 

.025 

.  157 

-.  177 

-5 . . 

.580 

.000 

-.301 

.049 

.183 

-.216 

0 _ _ 

1.005 

.  106 

-.327 

.078 

.237 

-.236 

5 . . 

1.430 

.  175 

-.352 

.095 

.277 

-.256 

10 . . 

1.830 

.268 

-.376 

.064 

.337 

-.275 

13 . . 

2.028 

.326 

-.381 

-.058 

.227 

-.285 

14 _ 

1.955 

.  346 

-.376 

15 . 

1.842 

.370 

-.375 

.598 

.087 

-.314 

20_ . . 

1.508 

.480 

-.390 

.817 

-.520 

-.354 

25. . . 

1.300 

.  730 

-.442 

30 . . 

1.  190 

.821 

-.439 

TABLE  X 

DATA  FOR  THE  PARTLY  RETRACTED  CONDITION 


(0.40c  flap;  flap  station,  0.90c;  ordinate,  0.0c;  angle,  20°) 


a 

CL 

s 

xf 

1 

c . 

fc'  1 

Degrees 
-15 _ 

0.  030 

0. 133 

-0. 174 

0.610 

—0.  055 

-0. 127 

-10.-- . 

.  445 

.049 

-.393 

.688 

.023 

-.  198 

-5 . . 

.872 

.082 

-.427 

.025 

.090 

-.  215 

0-._ . 

1.231 

.  139 

-.429 

.328 

.  200 

-.210 

5. . 

1.594 

.  214 

-.438 

-.015 

.348 

-.  220 

10 _ 

1.946 

.304 

-.452 

.  175 

.275 

-.226 

13 _ 

2.054 

.370 

-.455 

.  123 

.403 

-.254 

14  - 

1.  945 

.398 

—.456 

15—- . 

1.872 

.428 

-.462 

.663 

.  113 

-.259 

18  - 

1.675 

.494 

-.463 

20 _ 

1.555 

.  544 

-.  465 

1. 120 

-.513 

-.282 

25  . 

1.350 

.  795 

—.522 

30  ... 

1.257 

.907 

-.524 

TABLE  XI 

DATA  FOR  THE  PARTLY  RETRACTED  CONDITION 


(0.40c  flap;  flap  station,  0.90c;  ordinate,  0.0c;  angle,  30°) 


a. 

CL 

s 

Cx 

xr 

S 

Degrees 
-15 _ 

-0.  189 

0.  159 

-0.  088 

0.230 

-0.  023 

-0.  105 

—  10 _ 

.502 

.080 

-.407 

.  753 

.010 

-.304 

-5 _ 

.924 

.  128 

-.  446 

.  740 

.083 

-.331 

0 _ 

1.342 

.  192 

-.473 

.868 

.075 

-.359 

5 _ 

1.753 

.284 

-.505 

.600 

.235 

-.381 

10 _ 

2. 145 

.399 

-.544 

.653 

.  290 

-.403 

12__ . 

2.285 

.  445 

-.556 

.693 

.268 

-.425 

13  . 

2.210 

.  409 

-.543 

14 

2.  025 

.492 

-.  534 

15 _ 

1.930 

.515 

-.531 

1.  100 

.350 

-.445 

18.  - 

1.690 

.  576 

—.523 

20 _ 

I.  630 

.724 

-.564 

1.038 

-.  125 

-.447 

25  -  .  . 

1.  440 

.  895 

— .  566 

30  . 

1.220 

.969 

-.557 

TABLE  XII 

AIRPLANE  CHARACTERISTICS  FOR  TAKE-OFF 
COMPUTATIONS 


Case 

Wing 

loading, 

W/S 

Power 

loading, 

W/hp. 

Maxi¬ 

mum 

speed 

A 

B 

I 

Ib./sq.ft. 

10 

Ib./hp. 

8 

0.033 

m.  p.  h. 
160 

3.90 

0.067 

II 

10 

12 

.033 

130 

4. 18 

.093 

III 

10 

16 

.033 

123 

4.  25 

.099 

IV 

20 

8 

.033 

200 

3.34 

.032 

V 

20 

12 

.033 

177 

3.  69 

.052 

VI 

20 

16 

.033 

101 

3.  89 

.066 

VII 

30 

8 

.033 

230 

2.  79 

.012 

VIII 

30 

12 

.033 

195 

3.41 

.037 

AERODYNAMIC  CHARACTERISTICS  OF  A  WING  WITH  FOWLER  FLAPS 
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TABLE  XIII 

COMPUTED  TAKE-OFF  RUNS  IN  FEET 


% 

1. 18 

1.05 

0. 92 

0.79 

2.21 

1.  96 

1.  72 

1. 47 

2.59 

2. 30 

2.02 

1.73 

2.59 

2.  30  2.  02 

1.73 

Case 

w/s 

IF/hp. 

Condition  I 

Condition  II 

Condition  III 

Condition  IV 

I 

10 

8 

733 

641 

646 

702 

480 

420 

420 

446 

447 

403 

405 

432 

531 

407  394 

410 

II 

10 

12 

908 

889 

964 

1, 106 

669 

644 

665 

722 

731 

690 

700 

762 

713 

640  637 

672 

m 

10 

16 

1,234 

1,280 

1,427 

1,685 

1,  164 

1,  086 

i  1,097 

i  1,  174 

i  1,978 

i  1, 480 

i  1, 371 

1  1, 463 

1,449 

11,201  11,111 

i  1, 127 

IV 

20 

8 

1,331 

1,246 

1,307 

1,472 

834 

767 

796 

878 

775 

734 

766 

854 

888 

725  731 

792 

V 

20 

12 

1,744 

1,807 

2,  047 

2,  472 

1,  206 

1,202 

1,  285 

1,458 

1,400 

i  1,322 

i  1,  385 

'  1,601 

1,268 

1, 179  t  1,  205 

4  1, 329 

VI 

20 

16 

2,  533 

2,781 

3,  322 

4,374 

•  2,  459 

■  2,203 

i  2,  258 

1  2,  541 

i  4, 450 

I  3,  408 

i  3,  983 

I  4,  381 

i  2,  670  i  2,  296 

i  2, 393 

VII 

30 

8 

2,019 

1, 967 

2, 103 

2,  385 

1,251 

1.209 

1,284 

1,445 

1,200 

1, 182 

1,  265 

1, 446 

1,285 

1, 134  1,  175 

1,303 

VIII 

30 

12 

2,  683 

2, 879 

3,  356 

4,215 

1,812 

1,838 

2,005 

2,  341 

i  2,  322 

1  2,116 

2  2,  239 

‘  2,  693 

1,933 

>1,802  11,864 

1  2, 105 

i  s.  4  Transition  assumption  not  satisfied.  Number  signifies  approximate  percentage  correction,  additive  to  tabulated  run. 


TABLE  XIV 

COMPUTED  GROUNDS  RUNS  IN  FEET 


^ lt 

1.  18 

1.05 

0.92 

0.79 

2.21 

1.96 

1.72 

1.47 

2.59 

2.30 

2.02 

1.73 

2.59 

2.30 

2.02 

1.73 

Case 

w/s 

IV/lip. 

Condition  I 

Condition  II 

Condition  III 

Condition  IV 

I 

10 

8 

287 

327 

382 

459 

152 

174 

202 

243 

136 

156 

184 

224 

130 

149 

173 

208 

II 

10 

12 

444 

511 

604 

739 

235 

271 

319 

392 

217 

254 

305 

386 

202 

233 

275 

337 

III 

10 

16 

635 

737 

879 

1,093 

341 

399 

476 

598 

331 

397 

496 

680 

296 

346 

415 

523 

IV 

20 

8 

698 

800 

939 

1,  135 

369 

424 

496 

601 

334 

387 

458 

567 

317 

364 

425 

516 

V 

20 

12 

1,088 

1,267 

1,  521 

1,909 

568 

663 

788 

985 

525 

635 

779 

1,030 

489 

570 

679 

850 

VI 

20 

16 

1,577 

1,870 

2,311 

3,  062 

821 

972 

1, 187 

1,557 

822 

1,009 

1,351 

2,  275 

710 

843 

1,033 

1,363 

VII 

30 

8 

1,244 

1,  420 

1,655 

1,983 

677 

779 

909 

1,  103 

625 

728 

865 

1,079 

585 

673 

787 

956 

VIII 

30 

12 

1,865 

2,192 

2,666 

3,424 

965 

1,131 

1,359 

1,727 

922 

1,  109 

1,390 

1,901 

830 

974 

1, 171 

1, 491 
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HYDROGEN  AS  AN  AUXILIARY  FUEL  IN  COMPRESSION-IGNITION  ENGINES 

By  Harold  C.  Gerrish  and  Hampton  H.  Foster 


SUMMARY 

An  investigation  was  made  to  determine  whether  a  suf¬ 
ficient  amount  of  hydrogen  could  be  efficiently  burned  in 
a  compression-ignition  engine  to  compensate  for  the  in¬ 
crease  of  lift  of  an  airship  due  to  the  consumption  of  the 
fuel  oil.  The  performance  of  a  single-cylinder  four- 
stroke-cycle  compression-ignition  engine  operating  on 
fuel  oil  alone  was  compared  with  its  performance  when 
various  guantities  of  hydrogen  were  inducted  with  the  inlet 
air.  Engine-performance  data,  indicator  cards,  and  ex¬ 
haust-gas  samples  were  obtained  for  each  change  in  en¬ 
gine-operating  condition. 

Hydrogen  could  be  burned  satisfactorily  at  all  loads  up 
to  and  including  cruising  at  compression  ratios  of  13.4 
and  15.6  in  sufficient  quantities  to  compensate  for  the  in¬ 
crease  in  lift  due  to  the  consumption  of  the  fuel  oil.  In 
the  cruising  range  the  mixtures  of  fuel  oil  and  hydrogen 
burned  as  efficiently  as  the  fuel  oil  alone.  At  small 
power  outputs,  the  mixture  of  fuel  oil  and  hydrogen 
burned  less  efficiently  than  the  fuel  oil  (done;  whereas,  for 
power  outputs  greater  than  that  required  for  cruising,  the 
mixtures  of  fuel  oil  and  hydrogen  burned  more  efficiently 
than  the  fuel  oil  alone. 

For  all  loads  except  idling  there  was  present  in  the 
exhaust  water  vapor  weighing  more  than  the  fuel  oil 
burned,  approximately  25  percent  more  for  all  loads 
above  cruising.  When  burning  the  maximum  usable 
amount  of  hydrogen  along  with  the  fuel  oil,  the  weight  of 
water  vapor  was  80  percent  more  at  full  load  and  200 
percent  more  at  small  loads. 

The  engine  always  stopped  firing  when  the  fuel  oil  was 
cut  off.  Throughout  the  limits  of  the  test  conditions,  it 
was  never  possible  to  auto-ignite  the  various  mixtures  of 
hydrogen  and  air  but  the  injection  of  even  a  minute  quan¬ 
tity  of  fuel  oil  would  cause  the  mixtures  to  burn.  The 
engine  showed  no  ill  effects  from  the  use  of  hydrogen  and 
no  change  in  engine  operation  was  apparent. 

INTRODUCTION 

The  most  economical  attitude  for  airship  flight  is  at 
zero  angle  of  pitch.  If  the  static  equilibrium  of  an 
airship  is  not  maintained  during  flight  the  airship  must 
be  operated  at  either  a  positive  or  a  negative  angle  of 
pitch  to  maintain  constant  altitude.  Any  flight  atti¬ 


tude  other  than  zero  angle  of  pitch  results  in  an  in¬ 
crease  in  drag;  hence  more  power  and  greater  fuel 
consumption  are  required  for  an  equivalent  speed.  In 
addition,  the  hazards  of  handling  an  airship  are  greater 
when  it  is  not  in  static  equilibrium. 

The  static  equilibrium  of  an  airship  can  be  main¬ 
tained  during  flight  by  valving  the  lifting  gas,  by 
recovering  water  from  the  exhaust  gas,  or  by  using  a 
fuel  having  a  density  nearly  equal  to  that  of  air. 
The  valving  of  helium  is  not  an  attractive  method 
because  of  the  relatively  high  cost  of  this  gas;  the 
valving  of  hydrogen  is,  however,  relatively  inexpensive. 
The  use  of  a  water-recovery  apparatus  results  in 
increased  weight,  added  drag,  and  greater  fuel  consump¬ 
tion.  With  present  spark-ignition  engines  the  use  of  a 
fuel  having  a  density  nearly  equal  to  that  of  air  is 
the  most  promising  method  of  maintaining  the  equilib¬ 
rium  of  airships  in  flight  (reference  1). 

The  burning  of  the  excess  hydrogen  in  compression- 
ignition  airship  engines  instead  of  valving  it  would  be 
particularly  advantageous  because  the  hydrogen 
required  to  lift  a  given  weight  of  fuel  oil  contains  a 
quantity  of  heat  energy  equal  to  21.5  percent  of  the 
heat  energy  of  the  liquid  fuel.  If  the  hydrogen  can  be 
burned  with  the  same  efficiency  as  the  liquid  fuel,  the 
required  weight  of  fuel  would  be  reduced  17.6  percent 
and  a  proportional  increase  in  pay  load  would  be 
possible. 

The  induction  of  the  hydrogen  with  the  inlet  air 
would  not  be  feasible  with  a  two-stroke-cycle  compres¬ 
sion-ignition  engine  on  account  of  the  loss  of  hydrogen 
and  the  probability  of  pre-ignition  of  the  hydrogen-air 
mixture  by  the  hot  exhaust  gases  during  the  scavenging 
process.  Possibly  an  injection  system  could  be  used  to 
supply  the  necessary  hydrogen  during  the  compression 
stroke.  In  this  case  the  hydrogen  should  be  injected 
immediately  after  the  exhaust  valve  closes  so  that  the 
hydrogen  will  have  as  long  a  time  as  possible  to  mix 
with  the  air.  Injection  of  the  hydrogen  near  the  end 
of  the  compression  stroke  would  require  a  multistage 
compressor  whose  great  weight  would  be  undesirable 
for  airships. 

If  the  hydrogen  could  be  burned  in  four-stroke-cycle 
compression-ignition  engines  the  airship  would  have  the 
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advantage  of  better  fuel  economy  maintained  over  a 
wide  range  of  engine  speeds  and  loads.  Mucklow 
(reference  2)  has  successfully  burned  hydrogen  with 
fuel  oil  in  a  single-cylinder  compression-ignition  engine 
having  a  compression  ratio  of  10.3  and  operating  at 
210  revolutions  per  minute.  The  maximum  quantity 
of  hydrogen  used  was  3  percent  of  the  inducted  air 
and  was  sufficient  to  compensate  for  the  fuel  used  at 
low-power  outputs.  Helmore  and  Stokes  (reference  3) 
attempted  to  burn  pure  hydrogen  in  a  single-cylinder 
compression-ignition  engine  having  a  compression 
ratio  of  11.6  and  operating  at  1,000  revolutions  per 
minute.  On  account  of  violent  detonation  at  nine- 
tenths  and  at  full  power  the  tests  had  to  be  abandoned. 


of  hydrogen  and  fuel  oil,  and  the  suitability  of  exhaust 
gases  for  water  recovery. 

APPARATUS 

Figure  1  is  a  photograph  of  the  test  unit  with  the 
auxiliary  equipment  required  for  supplying  a  controlled 
flow  of  hydrogen.  The  engine  is  a  single-cylinder 
four-stroke-cycle  compression-ignition  test  engine  (5- 
incli  bore  and  7-inch  stroke)  having  a  vertical  disk  form 
of  combustion  chamber.  (See  fig.  2.)  The  com¬ 
pression  ratio  was  changed  during  the  preliminary  tests 
by  raising  or  lowering  the  cylinder  head;  during  the 
main  tests,  it  was  changed  by  inserting  different  spacers 
between  the  cylinder  and  the  cylinder  head  so  that 


Figure  1.— The  single-cylinder  test  engine  and  auxiliary  equipment. 


When  using  a  mixture  of  90  percent  hydrogen  and  10 
percent  “oil  gas”  in  conjunction  with  fuel  oil  in  the 
same  engine,  they  were,  however,  able  without  pre¬ 
ignition  to  exceed  the  aerostatic  equivalent  of  the  fuel 
oil  burned.  The  aerostatic  equivalent  of  the  fuel  oil 
burned  is  the  quantity  of  lifting  gas  that  must  be  either 
valved  or  burned  to  compensate  for  the  decrease  in 
gross  weight  of  the  airship  resulting  from  the  burning 
of  the  liquid  fuel. 

On  account  of  the  lack  of  knowledge  concerning  the 
use  of  hydrogen  in  compression-ignition  engines  in 
sufficient  quantities  to  maintain  the  static  equilibrium 
of  an  airship  at  all  engine  outputs,  the  National 
Advisory  Committee  for  Aeronautics  investigated  this 
problem.  The  Committee  was  particularly  interested 
in  the  quantity  of  hydrogen  that  could  be  burned  in  a 
compression-ignition  engine  when  inducted  with  the 
inlet  air,  the  combustion  characteristics  of  mixtures 


the  general  shape  of  the  combustion  chambers  for 
the  13.4  and  15.6  compression  ratios  would  be  similar. 
The  spring-loaded  fuel-injection  valve  had  a  six- 
orifice  nozzle  and  was  hydraulically  operated  by  a 
cam-actuated  plunger  pump.  The  commercial  grade 
of  fuel  oil  used  had  a  specific  gravity  of  0.847  and  a 
viscosity  of  41  seconds  Saybolt  Universal  at  80°  F. 

The  part  of  the  test  apparatus  that  differed  from 
a  conventional  arrangement  was  the  induction  system 
through  which  the  air  and  hydrogen  were  supplied  to 
the  engine.  The  air  was  measured  by  a  100-cubic-foot 
gasometer  and  then  passed  through  two  surge  chambers 
and  appropriate  piping  to  the  hydrogen-air  mixing 
valve.  The  hydrogen  was  obtained  from  five  high- 
pressure  bottles  connected  to  a  manifold.  From  this 
high-pressure  manifold  the  hydrogen  passed  through  a 
reducing  valve  to  a  commercial  gas  meter  (rated  capac¬ 
ity  375  cubic  feet  per  hour)  and  then  through  a  pack- 
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type  flame  arrester  to  the  mixing  valve.  The  pressure 
at  the  gasmeter  inlet  was  maintained  at  atmospheric 
by  manual  control  of  the  reducing  valve.  The  photo¬ 
graph  of  the  apparatus  (fig.  1)  shows  the  water  ma¬ 
nometer  and  thermometer  for  measuring  the  pressure 
and  temperature  of  the  hydrogen  and  also  the  connec¬ 
tion  provided  for  extracting  hydrogen  samples  during 
the  tests. 

In  the  preliminary  set-up  the  hydrogen  was  piped 
directly  to  the  mixing  valve  but  the  pressure  pulsa- 


ing  the  system  before  stopping  the  engine  is  shown 
at  the  extreme  end  of  the  high-pressure  manifold. 

The  hydrogen-air  mixing  valve  shown  in  figure  3 
was  obtained  from  the  Bureau  of  Standards  and  was 
used  without  alteration  except  for  the  addition  of 
the  flame  arrester  at  the  entrance  of  the  hydrogen 
tube.  The  hydrogen  entered  through  the  flame 
arrester  and  filled  the  annular  space  about  the  main 
venturi  passage.  Connection  between  the  annular 
space  and  the  main  passage  was  accomplished  by 


a,  Fuel-  valve  location 
,  Indicator  location 


Figure  2. — Combustion  chambers  used  with  compression-ignition  engine. 


lions  in  the  induction  system  of  the  single-cylinder 
test  engine  made  the  action  of  the  gas  meter  erratic. 
The  pulsations  were  satisfactorily  damped  by  placing 
a  12-inch  diameter  surge  chamber  with  a  thin  rubber 
diaphragm  between  the  gas  meter  and  the  mixing 
valve.  (See  fig.  1.)  The  high-pressure  hydrogen  bot¬ 
tles  are  shown  near  the  engine  but,  during  the  tests, 
the  pipe  connecting  the  surge  tank  and  the  gas  meter 
was  extended  so  that  the  bottles  and  the  meter  were 
outside  the  building.  The  CO,  bottle  used  for  flush¬ 


turning  the  adjusting  sleeve  so  that  the  two  parts  of 
the  venturi  separated.  This  separation  allowed  the 
hydrogen  to  flow  in  and  mix  with  the  inlet  air  in 
quantities  determined  by  the  amount  of  rotation  of 
the  adjusting  sleeve.  The  mixing  valve  was  placed 
as  close  to  the  engine  as  possible  to  keep  the  volume 
of  hydrogen-air  mixture  to  a  minimum.  The  mixing 
valve  and  the  necessary  piping  reduced  the  volumetric 
efficiency  and  therefore  the  normal  output  of  the 
engine;  but,  as  the  investigation  was  concerned  only 
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with  comparative  data,  this  point  is  relatively  unim¬ 
portant. 

The  cylinder  pressure  was  measured  both  with  the 
balanced-diaphragm  type  of  maximum  cylinder  pres¬ 
sure  indicator  (reference  4)  and  with  the  Farnboro 
indicator.  The  Farnboro  indicator  was  also  used  in 
obtaining  the  indicator  cards.  A  modified  Bureau  of 
Mines  type  of  gas-analysis  apparatus  (reference  5) 
was  used  in  analyzing  the  exhaust-gas  samples.  The  , 
exhaust-gas  temperature  was  measured  by  means  of  a 
calibrated  thermocouple. 

All  instruments  used  in  connection  with  these 
tests  were  calibrated  and  corrections  to  observed 
data  have  been  made  where  necessary.  Special  care 
was  taken  to  insure  the  accuracy  of  the  hydrogen 
quantities,  the  hydrogen  meter  being  calibrated  be¬ 
fore,  during,  and  after  the  tests  and  found  to  read 
within  ±1  percent  of  the  correct  value  at  all  times. 
Analysis  of  the  hydrogen  samples  taken  at  different 
times  during  the  tests  showed  an  average  purity  of  j 

98.4  percent  and  all  hydrogen  quantities  have  been 
corrected  on  this  basis. 

METHOD 

Preliminary  engine  runs  were  made  at  compression 
ratios  of  13.4  and  15.6  and  indicator  cards  were  taken 
with  a  modified  Farnboro  indicator  at  varying  injection 
advance  angles  to  determine  the  timing  at  which  the 
pressure  rise,  indicating  combustion,  in  the  cylinder 
would  start  at  top  center.  At  the  test  speed  of  1,500 
revolutions  per  minute  the  required  injection  advance 
angles  were  found  to  be  12°  before  top  center  for  the 

13.4  compression  ratio  and  10°  for  the  15.6  compression 
ratio.  These  injection  advance  angles  were  used 
throughout  the  tests. 

The  majority  of  the  test  runs  were  made  with  the 
amount  of  hydrogen  as  the  variable.  The  engine  was 
brought  to  stable  operating  conditions  on  fuel  oil  alone 
with  the  injection-pump  controls  set  for  the  fuel  quan¬ 
tity  desired.  After  the  engine-performance  data, 
exhaust-gas  sample,  and  indicator  card  had  been 
obtained  for  the  fuel  oil  alone,  the  hydrogen  flow  was 
started  and  the  amount  used  was  controlled  by  adjust¬ 
ing  the  mixing  valve.  Similar  data  were  taken  for  each 
change  in  hydrogen  quantity  until  the  maximum  usable 
amount  of  hydrogen  was  reached. 

The  maximum  usable  amount  of  hydrogen  varied 
with  the  operating  conditions  (as  will  be  discussed 
later)  and  no  test  runs  were  attempted  with  more 
than  that  amount.  Although  no  endurance  runs  were 
made,  a  series  of  tests  often  lasted  more  than  3  hours 
without  any  apparent  difference  in  engine  operation 
or  performance. 

Test  runs  were  made  for  seven  different  fuel-oil 
quantities  at  each  compression  ratio  except  that  no 
hydrogen  was  added  at  the  largest  fuel  quantity  for 


the  15.6  compression  ratio.  The  fuel-oil  quantities 
ranged  from  approximately  1  to  3.5  X  1CT4  pounds  per 
cycle  (excess-air  coefficients  3.2  to  0.9,  respectively) 
and  the  hydrogen  quantities  varied  from  0  to  10  per¬ 
cent  of  the  inlet  air  by  volume.  Unless  otherwise 
stated,  “percent  hydrogen ’’  is  the  percentage  by 
volume  of  inlet  air. 

Tests  were  made  to  determine  the  heat  losses  to  the 
cooling  water  at  a  compression  ratio  of  15.6  with  fuel 
oil  alone  and  also  with  fuel  oil  and  the  corresponding 
amount  of  hydrogen  to  maintain  equilibrium,  or  con¬ 
stant-lift,  conditions.  These  heat-dissipation  tests 
did  not  show  enough  difference  to  justify  similar  tests 
at  the  13.4  compression  ratio. 

An  additional  series  of  tests  was  made  at  both  com¬ 
pression  ratios  using  various  quantities  of  hydrogen 


and  only  a  very  small  quantity  of  fuel  oil  for  ignition  of 
the  hydrogen.  These  runs  were  made  to  study  the 
combustion  of  the  hydrogen  when  comparatively  unaf¬ 
fected  by  the  presence  of  the  fuel  oil  and  also  to  furnish 
data  on  the  extreme  conditions  under  which  the  lift  of 
an  airship  could  be  reduced.  The  fuel-oil  quantity  used 
for  these  runs  being  too  small  to  permit  an  accurate 
determination  on  the  fuel  scales,  the  reduction  in  torque 
obtained  wdien  injecting  the  fuel  was  first  determined 
and  then,  from  a  curve  of  indicated  mean  effective 
pressure  against  fuel  quantity,  the  amount  of  fuel  was 
estimated.  The  value  of  7.0  X10-6  pounds  per  cycle 
obtained  by  this  method  is  more  than  sufficient  to 
insure  consistent  pump  operation  and  produce  regular 
flashes  in  the  combustion  chamber  as  observed  through 
a  small  quartz  window. 
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RESULTS  AND  DISCUSSION 

ENGINE  PERFORMANCE 

The  effect  of  adding  various  quantities  of  hydrogen 
to  the  inlet  air  on  the  performance  of  a  single-cylinder 
compression-ignition  engine  operating  on  different 
quantities  of  fuel  oil  and  at  an  engine  speed  of  1,500 
revolutions  per  minute  is  shown  in  figure  4  for  two  com¬ 
pression  ratios.  The  first  point  on  the  left  of  each  full 
line  is  for  fuel  oil  alone;  the  other  test  points  on  each 
full  line  denote  an  equal  fuel-oil  quantity  with  the  ad¬ 
dition  of  various  quantities  of  hydrogen,  the  amount  of 
hydrogen  being  converted  to  equivalent  fuel  oil  by 
dividing  the  hydrogen  heat  input  (pounds  of  hydrogen 
times  52,800  British  thermal  units  per  pound)  by  the 
lower  heating  value  of  the  fuel  oil  (18,300  British  ther¬ 
mal  units  per  pound).  The  dotted  line  was  drawn 
through  the  test  points  for  fuel  oil  alone.  The  end  of 
each  full  line  is  the  limit  of  satisfactory  operation  of  the 
engine  under  these  conditions. 

“Full  load”  is  defined  as  that  quantity  of  fuel  theo¬ 
retically  required  to  combine  with  all  the  oxygen  pres¬ 
ent.  With  mixtures  of  hydrogen  and  fuel  oil  there 
would  be  different  equivalent  fuel-oil  quantities  satis¬ 
fying  this  definition,  not  only  on  account  of  the  differ¬ 
ence  in  the  quantity  of  air  required  by  these  fuels  for 
complete  combustion  but  also  on  account  of  the  dis¬ 
placement  of  the  inducted  air  by  the  hydrogen.  Full 
load  (no  excess  air)  for  the  13.4  compression  ratio 
varies  from  3.12  to  3.25  X  10~4  pounds  of  equivalent 
fuel  oil  per  cycle,  the  former  value  being  for  2.48  X  10-4 
pounds  of  fuel  oil  plus  7  percent  hydrogen,  and  the 
latter  value  being  for  fuel  oil  alone.  For  the  15.6 
compression  ratio  the  values  are  slightly  less  on  ac¬ 
count  of  the  decreased  volumetric  efficiency.  Cruising 
load  is  considered  as  approximately  two-thirds  full  load. 

With  small  quantities  of  fuel  oil,  the  addition  of 
hydrogen  decreases  the  thermal  efficiency  to  less  than 
that  obtained  with  an  equivalent  amount  of  fuel  oil. 
As  the  quantity  of  fuel  oil  is  increased,  however,  the 
difference  in  efficiency  diminishes  until  finally  a  fuel-oil 
quantity  is  reached  beyond  which  any  addition  of  hy¬ 
drogen  results  in  a  greater  thermal  efficiency  than  is 
possible  with  an  equivalent  amount  of  fuel  oil. 

The  tests  indicate  that  all  combinations  of  hydrogen 
and  fuel  oil  burn  with  the  same,  or  a  greater,  efficiency 
than  an  equivalent  amount  of  fuel  oil  except  for  the 
combinations  of  small  amounts  of  fuel  oil  with  small 
amounts  of  hydrogen.  For  such  combinations  the  com¬ 
bustion  of  the  fuel  oil  is  limited  to  a  small  portion  of 
the  combustion  chamber  and  it  is  probable  that  the 
concentrations  of  the  hydrogen  at  the  low  temperatures 
prevailing  in  the  cylinder  is  insufficient  to  propagate 
the  flame. 

These  results  show  that  when  the  conditions  within 
the  combustion  chamber  are  conducive  to  propagation 
of  the  flame  through  the  hydrogen-air  mixture  the 
composite  fuel  burns  more  efficiently  than  an  equiva-  I 


lent  amount  of  fuel  oil.  This  increase  in  efficiency  is 
probably  due  to  the  high  rate  of  reaction  of  the  hydro¬ 
gen  tending  to  create  higher  temperatures  during  the 
early  part  of  the  combustion  period,  which  accelerates 
the  reaction  of  the  fuel  oil. 

The  addition  of  hydrogen  to  the  engine  did  not 
appreciably  alter  the  temperature  of  the  exhaust  gases 
at  either  compression  ratio.  The  heat  loss  to  the 
cooling  water  of  the  cylinder  and  the  head,  as  shown 
in  figure  4,  did  not  change  when  burning  hydrogen  in 
conjunction  with  fuel  oil.  The  resultant  increase  in 
power,  economy,  and  maximum  cylinder  pressure  above 
cruising  load  without  change  in  heat  loss  and  exhaust 
temperature  indicates  that  the  hydrogen  probably 
burned  during  the  first  part  of  the  combustion  period. 

Figure  5  shows  the  effect  of  hydrogen  on  the  opera¬ 
tion  of  the  engine  at  various  fuel-oil  quantities  from 
a  minute  quantity  to  approximately  10  percent  more 
fuel  oil  than  is  theoretically  necessary  for  complete 
utilization  of  all  the  air  inducted.  The  full  lines  indi¬ 
cate  approximately  the  maximum  usable  percentages 
of  hydrogen  for  the  different  fuel-oil  quantities. 

The  maximum  usable  hydrogen  percentage  is  not 
definite  according  to  the  data  recorded  for  the  test 
points  near  the  full  lines,  the  engine  being  occasionally 
unstable  and  then,  under  apparently  identical  con¬ 
ditions,  operating  satisfactorily.  At  times  the  ap¬ 
parent  limiting  hydrogen  percentage  as  indicated  by 
the  full  lines  could  be  exceeded.  As  slight  changes  in 
the  adjustment  of  the  hydrogen-regulating  valve  often 
caused  pronounced  changes  in  engine  operation  near 
the  critical  point,  it  is  believed  that  this  erratic  con¬ 
dition  was  due  to  the  lack  of  a  sufficiently  precise 
control  of  the  hydrogen.  In  the  course  of  the  tests 
the  reducing  valve  was  overhauled  twice  and  both 
times  the  seat  was  found  to  be  in  poor  condition. 
The  operation  of  the  engine  at  the  instant  the  hydro¬ 
gen  flow  was  increased  to  a  point  where  the  operation 
became  unstable  is  particularly  interesting.  The 
characteristic  sound  of  the  engine  changed  to  that  of 
motoring— exceptionally  smooth,  no  knock  nor  rough¬ 
ness — and  simultaneously  there  was  a  large  drop  in 
speed  and  power  and  the  needle  of  the  gage  indicating 
the  maximum  cylinder  pressure  showed  large  varia¬ 
tions  in  pressure.  If  the  fuel  oil  was  not  shut  off  or 
the  flow  of  hydrogen  decreased  immediately,  pre- 
ignition  took  place.  Examination  of  an  indicator 
card  showed  that  combustion  occurred  on  the  com¬ 
pression  stroke.  The  stage  of  combustion  following 
that  of  pre-ignition  has  been  indicated  as  “explosion” 
and  means  that  the  mixture  of  hydrogen  and  air 
pre-ignited  before  the  inlet  valve  closed  and  was 
propagated  into  the  induction  system.  This  explo¬ 
sion  caused  no  ill  effects  to  the  engine  or  auxiliary 
equipment  on  account  of  the  small  volume  of  in¬ 
flammable  gases  between  the  engine  cylinder  and  the 
mixing  valve. 
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Figure  4. — Effect  of  hydrogen  on  engine  performance. 
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All  hydrogen-air  mixtures  below  the  maximum 
usable  amount  as  shown  by  the  full  lines  on  the  figure 
would  not  ignite  without  the  injection  of  the  fuel  oil; 
when  the  fuel  oil  was  shut  off,  the  engine  stopped 
firing.  Any  quantity  of  fuel  oil,  even  exceedingly 
small  ones,  would  cause  the  hydrogen  to  burn. 

The  curves  show  that  the  maximum  quantity  of 
hydrogen  that  can  be  inducted  with  the  inlet  air  and 
satisfactorily  burned  in  a  compression-ignition  engine 
decreases  as  the  fuel-oil  quantity  and  compression 
ratio  increase,  the  amount  varying  from  14  to  7  per¬ 
cent  by  volume  of  the  inducted  air  at  a  compression 
ratio  of  13.4  and  12  to  5  percent  at  a  compression 
ratio  of  15.6. 

The  percentages  of  hydrogen  that  could  be  satis¬ 
factorily  burned  at  the  high  engine  loads  are  in  agree¬ 
ment  with  those  given  by  Mucklow  (reference  2). 

With  the  compression  ratios  used  in  the  present 
investigation  the  satisfactory  operation  of  the 
engine  with  14  percent  of  hydrogen  at  small 
engine  loads  wyis  unexpected  because  Dixon 
(reference  2,  p.  19)  with  an  adiabatic-compres¬ 
sion  machine  operating  at  a  compression  ratio  of 
10.6  exploded  a  9.4-percent-by-volume  mixture 
of  hydrogen  and  air.  In  this  machine  “the  gases 
were  rapidly  compressed  in  a  well-lubricated, 
temperature-controlled  cylinder  and  the  piston 
then  retained  in  the  in-stroke  position”  (refer¬ 
ence  6).  The  explosion  of  a  9.4-percent  mixture 
of  hydrogen  in  air  by  Dixon  was  most  likely 
due  to  maintaining  this  mixture  after  compres¬ 
sion  at  constant  volume  and  thus  exposing  it  to 
a  high  temperature  for  a  long  period  of  time. 

The  ignition  lag  was  very  long,  in  fact  even 
greater  than  the  time  required  during  the  pres¬ 
ent  tests  to  complete  the  entire  power  stroke. 

In  order  to  obtain  auto-ignition  of  hydrogen-air 
mixtures  in  the  compression-ignition  engine  it 
was  necessary  not  onty  to  exceed  the  compres¬ 
sion  ratio  indicated  by  Dixon  but  also  to  exceed 
the  hydrogen-air  ratio. 

The  dashed  lines  of  figure  5  represent  the 
aerostatic  equivalent  of  the  fuel  oil  consumed 
and  their  course  shows  that  it  was  possible  to  burn 
along  with  the  fuel  oil  in  quantities 
to  maintain  aerostatic  equilibrium  at  all 
to  and  including  cruising  load  for  both 
compression  ratios,  and  that  over  a  considerable 
power  range  it  was  possible  to  burn  hydrogen  in 
amounts  either  more  or  less  than  those  required  to 
maintain  equilibrium.  The  allowable  range  of  utili¬ 
zation  of  hydrogen  when  cruising  would  make  it 
possible  to  increase  or  decrease  the  lift  of  the 
airship. 

The  effect  of  the  addition  of  various  amounts  of 
hydrogen  on  the  brake  thermal  efficiencv  and  maxi¬ 


mum  C3dinder  pressure  at  several  constant  power 
outputs  is  shown  in  figure  6  for  compression  ratios  of 
13.4  and  15.6.  For  b.  m.  e.  p/s  of  60  and  70  pounds 
per  square  inch  at  a  compression  ratio  of  13.4,  the 
efficiency  is  decreased  by  the  addition  of  hydrogen 
and  approaches  a  minimum  at  a  hydrogen  percentage 
of  approximately  6  percent,  which  is  in  agreement  with 
the  trend  found  by  Mucklow  (reference  2).  For  a 
b.  m.  e.  p.  of  80  pounds  per  square  inch  the  minimum 
value  is  reached  at  a  hydrogen  percentage  of  approxi¬ 
mately  2;  whereas  the  maximum  efficiency  is  obtained 
at  about  6  percent.  For  a  b.  m.  e.  p.  of  90  pounds 
per  square  inch  the  efficiency  increased  with  the 
amount  of  hydrogen  added.  Similar  results  are  shown 
for  compression  ratio  of  15.6  except  that  the  hydrogen 
becomes  effective  at  smaller  percentages.  The  rnaxi- 
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Figure  5.— Effect  of  hydrogen  on  engine  operation.  Engine  operation  was  satisfactory 

unless  otherwise  specified. 


mum  cylinder  pressure  shows  little  change  with  brake 
mean  effective  pressure  when  operating  with  fuel  oil 
but,  as  the  hydrogen  is  added,  the  cylinder  pressure 
increases  and  finally  reaches  a  pressure  approximately 
75  pounds  greater  than  that  obtained  with  fuel  oil 
alone  for  the  same  maximum  output. 

Figure  7  shows  the  effect  of  hydrogen  on  engine 
performance  when  the  composite  fuel  is  used,  but  only 
the  weight  of  the  fuel  oil  is  taken  into  account  in 
computing  the  specific  fuel  comsumption.  The  dashed 
lines  show  the  performance  of  the  engine  under  condi¬ 
tions  of  constant  lift  obtained  by  the  proper  rates  of 
consumption  of  the  hydrogen  and  the  fuel  oil. 
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Figure  8  shows  the  comparative  fuel  consumptions 
at  different  power  outputs  under  three  assumed  con¬ 


ditions  for  compression  ratios  of  13.4  and  15. G.  The 
dashed  line  shows  the  fuel  consumption  when  fuel 
oil  alone  is  used  to  produce  power.  For  comparison 


Figure  7.— Effect  of  hydrogen  on  engine  performance.  (Fuel-oil  consumption 
based  on  actual  fuel  oil  used.) 

on  a  basis  of  equivalent  heat  input  of  fuel  oil,  the  solid 
line  shows  the  necessary  consumption  of  the  two  fuels 
combined  in  the  proper  proportion  to  maintain  a  con¬ 


dition  of  constant  lift.  The  dot-dash  line  shows  the 
consumption  of  the  fuel  oil  for  the  constant-lift  con¬ 
dition  neglecting  the  weight  of  the  hydrogen. 

COMBUSTION  CHARACTERISTICS  OF  MIXTURES  OF  HYDROGEN 

AND  FUEL  OIL 

Exhaust-gas  analysis. — The  exhaust  gases  were 
analyzed  to  determine  the  causes  of  the  effects  noted 

**  7 

The  percentages  by  volume  of  C02,  CO,  02,  N2,  H20. 
H2,  and  CH4  on  the  wet  basis  are  plotted  against 


equivalent  fuel-oil  quantity  in  figure  9  for  compression 
ratios  of  13.4  and  15.6.  The  first  point  at  the  left  on 
each  full  line  is  for  fuel  oil  alone  and  those  to  the  right 
are  for  an  equal  fuel-oil  quantity  plus  various  amounts 
of  hydrogen.  The  dashed  line  is  drawn  so  as  to  con¬ 
nect  all  points  for  fuel  oil  alone.  The  results  are 
placed  on  a  wet  basis  to  show  the  amount  of  water 
vapor  present  in  the  exhaust  gases.  The  water  vapor 
was  determined  from  an  “oxygen  balance.” 

The  curves  of  figure  9  show  that  the  amount  of 
water  vapor  formed  in  the  exhaust  increases  linearly 
with  the  amount  of  hydrogen  inducted  and  that  the 
rate  of  formation  is  independent  of  compression  ratio 


HYDROGEN  AS  AN  AUXILIARY  FUEL  IN  COMPRESSION-IGNITION  ENGINES 


503 


and  of  fuel-oil  quantity  except  in  cases  where  the  fuel 
present  exceeds  that  required  for  utilization  of  all 
the  oxygen. 

Under  normal  operating  conditions  the  water 
recoverable  from  the  exhaust  of  a  spark -ignition 


the  difference  in  saturation  of  the  incoming  air  and 
exhaust  gases.  Figure  10  has  been  prepared  to  show 
the  quantitative  effect  of  various  mixtures  of  hydrogen 
and  fuel  oil  on  the  amount  of  water  vapor  formed  in  the 
exhaust.  The  effect  of  incomplete  combustion  has 


engine  by  the  use  of  a  highly  efficient  condenser  system 
is  approximately  90  to  100  percent  of  the  weight  of 
fuel  burned  (See  reference  7.)  The  remainder  is  lost 
on  account  of  incomplete  combustion  of  the  fuel  and 

71D4G — 36 - 33 


been  included,  but  the  effect  of  the  difference  in  satura¬ 
tion  of  the  incoming  air  and  the  exhaust  gases  has  been 
omitted  because  it  varies  with  atmospheric  conditions. 
The  dashed  line  is  for  fuel  oil  alone;  the  diagonal  lines 
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show  the  rapid  increase  in  water  vapor  when  the 
hydrogen  is  added  to  the  intake  air.  The  figure 
shows  that  for  all  loads  except  idling  the  water  vapor 
present  in  the  exhaust  weighed  more  than  the  fuel 
oil  burned,  approximately  25  percent  more  for  all 
loads  above  cruising.  When  burning  the  maximum 


Figure  10. — Effect  of  load  and  hydrogen-fuel-oil  ratio  on  water  recoverable  at  a 

compression  ratio  of  15.6. 

usable  amount  of  hvdrogen  along  with  the  fuel  oiL 
the  weight  of  the  water  vapor  was  80  percent  more  at 
full  load  and  200  percent  more  at  small  loads. 

Inasmuch  as  gasoline  and  fuel  oil  have  approxi¬ 
mately  the  same  hydrogen  content  (reference  5),  one 
would  expect  the  water  recovery  from  the  exhaust  of 
compression-ignition  engines  to  compare  favorably 
with  that  obtained  from  spark-ignition  engines  pro¬ 
vided  that  the  combustion  efficiency  and  the  quantity 
of  air  present  are  equal.  Combustion  efficiency  is 
considered  as  the  ratio  of  the  heat  liberated  to  the 
total  available  heat.  Compression-ignition  engines 
usually  operate  at  a  greater  excess-air  coefficient  than 
spark -ignition  engines  and,  according  to  Fulton 
(reference  7),  this  excess  air  would  cause  a  greater 
amount  of  water  vapor  to  be  lost  through  its  satura¬ 
tion.  Considering  the  actual  conditions  under  which 
the  engines  usually  operate,  the  spark-ignition  engine 
operating  at  the  lower  air-fuel  ratio  loses  less  water 
than  compression-ignition  engines  through  saturation 
but,  owing  to  incompleteness  of  combustion,  less  water 
is  formed.  Exhaust-gas  analyses  from  spark-ignition 
and  compression-ignition  engines  when  operating  in 
their  usual  operating  range  show  little  difference  in 
water  recoverable,  the  amount  of  water  available 
depending  upon  the  air-fuel  ratio,  the  temperature  of 
the  air  inducted  into  the  engine,  and  the  temperature 
of  the  gases  leaving  the  condenser. 

Figure  11  has  been  prepared  to  show  the  effect  of 
fuel  quantity  on  combustion  efficiency.  This  figure 
shows  the  completeness  of  combustion  of  the  various 
combinations  of  fuel  oil  and  hydrogen  on  a  basis  of  air 
required  for  complete  combustion.  The  curves  for 
compression  ratios  of  13.4  and  15.6  show  that  the 


combustion  efficiency  increased  with  fuel  quantity  up 
to  an  air  excess  of  50  percent  but,  when  the  air  excess 
becomes  less  than  25  percent,  the  combustion  efficiency 
decreases  rapidly.  It  is  apparent  from  these  curves 
and  those  of  indicated  thermal  efficiency  shown  in 
figure  4  that  the  improvement  in  indicated  fuel  con¬ 
sumption  with  fuel  oil  at  small  loads  over  that  of  other 
loads  up  to  cruising  is  due  to  the  improvement  in 
cycle  efficiency. 


Figure  11.— Variation  of  combustion  efficiency  with  excess-air  coefficient. 


Analysis  of  indicator  cards. — The  indicator  cards 
taken  during  the  power  tests  were  used  to  obtain  infor¬ 
mation  concerning  the  evolution  of  heat  in  the  com¬ 
bustion  chamber.  Figure  12  shows  the  pressure-time 
diagrams  for  six  different  fuel-oil  quantities  obtained  at 
a  compression  ratio  of  15.6,  the  broken  lines  being  for 
fuel  oil  alone  and  the  full  lines  for  equal  fuel-oil  quanti¬ 
ties  with  hydrogen  added  to  the  intake  air.  The  curves 
show  the  corresponding  amounts  of  fuel  required  to  be 
effectively  burned.  By  “effective  fuel  burned”  is 
meant  the  combustion  of  the  quantity  of  fuel  required 
to  produce  the  change  in  enthalpy  (total  heat)  recorded 
on  the  indicator  diagrams  and  does  not  include  that 
dissipated  as  heat  losses.  In  all  cases  the  combustion 
pressures  were  higher  and  the  areas  of  the  cards  greater 
with  the  composite  fuel  than  with  fuel  oil  alone. 

A  thermodynamic  analysis  of  all  the  indicator  cards 
taken  during  the  power  tests  has  been  made  and  the 
results  plotted  in  figure  13  to  show  the  effective 
equivalent  fuel  oil  burned  up  to  4°,  8°,  16°,  and  30° 
after  top  center.  The  curves  show  that  the  addition  ol 
hydrogen  with  the  smallest  fuel-oil  quantities  is  less 
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effective  than  an  equivalent  amount  of  fuel  oil  in 
raising  the  pressure  in  the  combusion  chamber  and  this 
effect  is  more  pronounced  at  the  lower  compression 
ratio  even  though  it  is  possible  to  utilize  a  greater 
amount  of  hydrogen.  At  4°  there  is  little  difference 
between  the  curves  for  the  fuel  oil  and  for  the  composite 
fuel,  indicating  that  the  hydrogen  plays  little  or  no 
part  in  the  ignition  of  the  combustible  mixture  and  has 
a  negligible  effect  on  the  first  part  of  the  burning 
process.  Mucklow  (reference  2)  found  that  the  gas 


combustion.  The  characteristic  increase  in  slope  of  the 
lines  for  the  composite  fuel  indicates  that  combustion 
is  accelerated  as  the  hydrogen-air  ratio  reaches  the 
range  of  inflammability.  The  lower  and  upper  limits 
of  inflammability,  according  to  Bone  and  Townend 
(reference  8),  are  approximately  4  and  71  percent, 
respectively,  depending  upon  the  temperature  and 
pressure  of  the  mixture. 

Information  concerning  the  combustion  of  small 
quantities  of  fuel  oil  and  large  quantities  of  hydrogen 


Figi-re  12.— Pressure-time  diagrams  for  compression-ignition  engine  burning  fuel  oil  and  mixtures  of  fuel  oil  and  hydrogen.  Compression  ratio,  15.6;  injection  start  10° 

B.  T.  C. 


had  no  effect  on  the  point  in  the  cycle  where  combustion 
begins;  Helmore  and  Stokes  (reference  3)  found  no 
need  for  altering  the  injection  advance  angle  when 
hydro  gen -cum -oil  gas  was  used  in  conjunction  with 
fuel  oil. 

The  most  noteworthy  feature  of  the  curves  for  the 
composite  fuel  is  that  in  the  cruising  range  the  smaller 
additions  of  hydrogen  are  about  as  effective  as  an 
equivalent  amount  of  fuel  oil;  larger  amounts  of  hydro¬ 
gen  show  a  comparatively  greater  increase  in  effective 


in  a  compression-ignition  engine  was  obtained  from 
tests  using  only  enough  fuel  oil  to  ignite  the  hydrogen- 
air  mixture.  Figure  14  shows  indicator  cards  taken 
when  motoring  the  engine  and  when  operating  with 
the  igniting  charge  of  oil  and  with  increasing  amounts 
of  hydrogen.  The  first  diagram  shows  both  com¬ 
pression  and  expansion  pressures  when  the  engine 
was  motored;  the  others  show  the  end  of  the  com¬ 
pression  line  and  most  of  the  expansion  line.  The 
diagram  following  the  motoring  diagram  was  taken 
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with  the  igniting  charge  of  oil  and  shows  but  slight 
difference  from  the  motoring  diagram.  The  diagrams 
with  increasing  amount  of  hvdrogen  show  the  scatter- 
ing  of  pressure  points,  which  indicates  the  irregularity 
of  combustion  from  cycle  to  cycle  that  is  usually  asso¬ 
ciated  with  spark-ignition  and  carbureted  mixtures. 

The  indicator  diagrams  of  figure  14  and  the  curves 
resulting  from  their  thermodynamic  analysis,  as  well 
as  those  obtained  at  a  compression  ratio  of  13.4  under 
similar  conditions,  are  shown  in  figure  15.  The  anal¬ 
ysis  for  both  compression  ratios  shows  that  the  period 
of  burning  (period  from  start  to  maximum  amount 
burned)  was  increased  by  the  addition  of  small  quan- 


FiGt'RE  13. — Effect  of  hydrogen  on  combustion  as  deduced  from  indicator  cards. 

tities  of  hydrogen.  For  larger  quantities  (9  to  12  per¬ 
cent  hydrogen  for  the  15.6  compression  ratio  and  9  to 
14  percent  for  the  13.4  compression  ratio)  the  period 
decreased  and  finally  reached  40  crank  degrees  at  the 
higher  compression  ratio  and  60  crank  degrees  for  the 
lower  compression  ratio.  The  reduction  in  the  burn¬ 
ing  period  with  large  quantities  of  hydrogen  is  opposite 
to  the  ell’ect  obtained  with  an  increase  in  the  fuel-oil 
quantity.  (See  fig.  12.)  The  change  from  slow  to 
fast  burning  with  increasing  hydrogen  is  probably  due 
to  the  change  in  mixture  strength  from  below  to  with¬ 
in  the  range  of  inflammability.  A  similar  effect  is 
shown  in  figure  15  but,  instead  of  a  change  in  mixture 
strength,  the  range  of  inflammability  was  increased 
on  account  of  the  increase  in  temperature  of  the  mix¬ 
ture  (reference  8)  with  compression  ratio.  In  the 
range  of  inflammability  the  combustion  of  the  hydro¬ 


gen-air  mixture  is  similar  to  that  with  a  carbureted 
mixture  of  gasoline  and  air  in  that  combustion  is  com¬ 
pleted  early  in  the  expansion  stroke. 

Figure  16  has  been  prepared  to  show  the  difference 
in  the  effective  burning  of  hydrogen,  fuel  oil,  and  the 
composite  fuel  at  the  same  total  heat  input  equal  to 
approximately  one-tliird  full-load  (excess-air  coefficient 
of  2.5  for  the  13.4  compression  ratio  and  2.9  for  the 
15.6  compression  ratio).  The  amounts  of  hydrogen 
in  the  composite  fuel  was  1.5  and  3  percent  for  the 
15.6  and  13.4  compression  ratio,  respectively.  The 
burning  curves  for  hydrogen  have  been  reproduced 
from  figure  15  and  the  curves  for  fuel  oil  and  the 
composite  fuel  have  been  obtained  from  a  cross  plot. 
The  figure  shows  the  same  timing  of  the  start  of  com¬ 
bustion  for  the  three  fuels  and  also  approximately  the 
same  rate  of  burning  at  the  start.  At  the  higher 
compression  ratio  the  hydrogen  is  more  effective  in 
raising  the  pressure  throughout  the  entire  burning 
period;  at  the  lower  compression  ratio  the  combustion 
of  the  hydrogen  lags  behind  that  of  the  fuel  oil  for  a 
considerable  portion  of  the  burning  period.  At  both 
compression  ratios,  however,  the  total  amount  of  heat 
evolved  is  greater  for  the  hydrogen  than  for  the  fuel 
oil.  The  composite  fuel  is  less  effective  at  both  com¬ 
pression  ratios  than  either  the  hydrogen  or  the  fuel 
oil  in  raising  the  pressure  throughout  the  burning 
period.  The  difference  is  due  to  less  fuel  oil  being 
injected  and  to  the  inefficient  combustion  of  small 
amounts  of  hydrogen  with  small  amounts  of  fuel  oil, 
as  has  been  previously  discussed.  Although  it  was 
impossible  to  burn  very  large  quantities  of  hydrogen 
(over  14  percent)  and  thus  make  it  possible  to  com¬ 
pare  the  rates  of  burning  of  the  three  fuels  at  larger 
loads,  it  is  believed  that  at  loads  greater  than  cruis¬ 
ing  the  effective-fuel-burnecl  curves  for  the  composite 
fuel  will  lie  between  that  of  hydrogen  and  that  of 
fuel  oil.  (See  fig.  13.) 

APPLICATION  OF  RESULTS 

ADVANTAGES  OF  BURNING  HYDROGEN  IN  AIRSHIP  COMPRESSION- 

IGNITION  ENGINES 

From  the  results  of  these  tests  on  a  single-cylinder 
four-stroke-cycle  compression-ignition  engine  operating 
at  compression  ratios  of  13.4  and  15.6,  it  is  concluded 
that  hydrogen  in  sufficient  quantities  to  maintain  the 
static  equilibrium  of  an  airship  can  be  satisfactorily 
burned  along  with  the  fuel  oil  at  all  loads  up  to  and 
including  cruising.  For  loads  greater  than  cruising, 
the  static  equilibrium  could  be  maintained  only  when 
operating  at  the  lower  compression  ratio.  Hydrogen 
could  be  burned  in  greater  or  less  quantities  than  that 
of  the  aerostatic  equivalent  of  the  fuel  oil  burned,  thus 
making  a  very  adaptable  system  for  controlling  the 
buoyancy  of  the  airship.  The  thermal  efficiency  for 
the  combustion  of  the  composite  fuel  was  approxi¬ 
mately  the  same  as  that  for  the  fuel  oil. 
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The  burning  of  the  hydrogen  in  the  engines  not  only 
makes  it  possible  to  control  the  equilibrium  of  the 
airship  but  also  makes  it  possible  to  reduce  the  quan¬ 
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the  density  of  the  mixture  to  increase  with  a  resultant 
decrease  in  its  lifting  power  and  a  greater  quantity  of 
mixture  would  be  required  to  lift  a  given  weight, 
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Crank  positions 

Figure  14. — Contact  prints  of  indicator  diagrams  obtained  with  hydrogen-air  mixtures.  Compression  ratio,  15.6;  0.000007  Ib./eyele  fuel  oil  used  for  ignition. 


tity  of  fuel  oil  required  for  a  given  flight,  increase  the 
pay  load  carried,  or  increase  the  still-air  range  of  the 
airship.  It  is  interesting  to  determine  the  reduction 


Figure  15. -  The  eiTect  of  hydrogen  on  combustion  when  0.000007  lb./cycle  of  fuel 

oil  is  used  for  ignition. 


in  the  quantity  of  fuel  oil  required  for  a  flight  when 
burning  hydrogen  in  the  engines  instead  of  valving  it 
to  maintain  static  equlibrium.  In  this  case  it  is  only 
necessary  to  consider  that  the  hydrogen  is  pure.  Any 
impurity,  such  as  air,  in  the  hydrogen  would  cause 


although  the  quantity  of  hydrogen  present  would  be 
the  same.  Taking  the  specific  weight  of  pure  liydro- 


Cronk  position,  degrees 


Figure  16.— Comparative  combustion  of  hydrogen,  fuel  oil,  and  composite  fuel 

with  constant  heat  input. 


gen  and  air  as  0.0053  and  0.0763  pound  per  cubic  foot, 
respectively,  the  lifting  force  will  be  the  difference  in 
these  values.  0.0710  pound  per  cubic  foot.  The  aero- 
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static  equivalent  x  of  1  pound  of  fuel  oil  burned  will 
be  equal  to  the  specific  weight  of  pure  hydrogen 
divided  by  the  lifting  force,  or  0.0746  pound  per  pound 
of  fuel  oil. 

As  the  fuel  oil  y  required  for  the  flight  when  burning 
hydrogen  together  with  the  fuel  oil  plus  the  fuel  oil 


Hydrogen,  percentage  by  volume  of  inlet  air 


Figure  17.— Comparative  cost  of  fuel  oil  and  composite  fuel. 

equivalent  of  the  hydrogen  burned  must  equal  the 
original  quantity  of  fuel  oil  w  required  for  the  flight 
when  valving  the  hydrogen: 

.  52,800 

?'+lp00  X,J=W 

t/=0.823w; 

where  52,800  and  18,300  are  the  heating  values  of 
hydrogen  and  fuel  oil,  respectively,  in  British  thermal 
units  per  pound.  It  is  seen  from  this  computation 
that  the  burning  of  the  hydrogen  in  the  compression- 
ignition  engines  to  maintain  static  equilibrium,  instead 


of  valving  it,  results  in  a  reduction  of  17.6  percent  for 
the  weight  of  fuel  oil  required  for  the  flight. 

If  the  two  fuels  cost  the  same  per  heat  unit,  the  full 
line  in  figure  8  would  give  an  indication  of  the  cost. 
These  fuels  vary  considerably  in  their  cost  and  figure 
17  has  therefore  been  prepared  to  show  the  comparative 
cost  of  power  with  the  composite  fuel  on  a  basis  of  the 
actual  cost.  The  figure  shows  that  for  constant  lift 
with  hydrogen  at  $1.50  per  thousand  cubic  feet  and 
fuel  oil  at  $0.06  per  gallon,  the  cost  of  power  is  tripled 
when  the  cost  of  hydrogen  is  included;  but,  when  the 
hydrogen  is  considered  as  costing  nothing,  as  would 
be  the  case  for  constant  lift  if  it  were  burned  instead 
of  being  valved,  the  cost  of  power  would  be  decreased 
approximately  17  percent. 

The  pay  load  is  an  indication  of  the  commercial 
value  of  an  airship.  It  is  interesting  to  determine 
how  the  pay  load  of  an  airship  is  affected  by  using 
different  inflation  gases  and  two  types  of  engines. 
The  following  five  arrangements  have  been  taken  for 
comparison  and  in  each  case  the  over-all  dimensions, 
total  gas  volume,  and  total  engine  power  are  the  same. 

Airship  A  is  assumed  to  be  inflated  with  helium,  to 
bo  fitted  with  spark-ignition  engines  burning  gasoline, 
and  to  be  fitted  with  water-recovery  apparatus. 

Airship  B  is  assumed  to  be  the  same  as  airship  A  but 
to  be  fitted  with  compression-ignition  engines. 

Airship  C  is  assumed  to  be  fitted  with  dual  gas  cells: 
The  outer  cells  are  to  be  inflated  with  sufficient  helium 
to  support  the  fixed  weight;  the  inner  cells  are  to  be 
inflated  with  hydrogen.  The  compression-ignition 
engines  are  assumed  to  burn  hydrogen  along  with  the 
fuel  oil. 

Airship  D  is  assumed  to  be  the  same  as  airship  A 
but  to  be  inflated  with  hydrogen. 

Airship  E  is  assumed  to  be  inflated  with  hydrogen 
and  to  be  fitted  with  compression-ignition  engines 
burning  hydrogen  along  with  the  fuel  oil. 

It  is  further  assumed  that  static  equilibrium  is 
maintained  in  all  the  airships  by  recovering  water 
from  the  exhaust  gases  or  by  burning  the  hydrogen 
aerostatic  equivalent  of  the  fuel  oil  burned  in  the 
engine. 

The  information  necessary  to  make  a  detailed  tabu¬ 
lation  of  the  weights  of  the  various  items  in  the  air¬ 
ships  is  not  available.  The  use  of  hydrogen  in  a 
secondary  cell  of  airship  C  would,  however,  increase 
the  weight  of  the  gas  cells  and  would  also  add  some 
weight  in  the  form  of  restraining  and  steadying  sus¬ 
pensions.  It  would  also  be  necessary  to  provide  ducts 
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by  which  the  hydrogen  would  be  led  to  the  engines. 
It  should  not  be  necessary  to  provide  blowers  to  feed 
the  hydrogen  from  the  cells  to  the  engines. 

The  water-recovery  apparatus  of  airships  A,  B,  and 
D  not  only  increases  the  dead  weight  but  also  the  drag. 
According  to  Fulton  (reference  7)  the  weight  of  the 
water-recovery  apparatus,  bags,  and  piping  of  a 
6,500,000  cubic-foot  airship  would  be  16,000  pounds 
and,  for  a  6-day  endurance  flight,  the  increase  in  fuel 
consumption  due  to  the  increased  drag  would  be 
approximately  9,000  pounds.  For  such  a  flight  in 
freezing  weather  approximately  12,000  pounds  of 
antifreeze  material  would  also  have  to  be  carried. 

The  assumption  that  the  dead  weight  of  the  five 
airships  would  be  the  same  is  believed  to  be  in  error 
only  in  making  airships  C  and  E  somewhat  heavier 
than  they  actually  would  be.  In  this  assumption 


the  fuel  tanks  are  considered  to  be  the  same  for  all 
airships  and  the  weight-power  ratio  of  the  compression- 
ignition  airship  engine  is  considered  to  ecpial  that  of  the 
spark-ignition  airship  engine. 

The  results  of  the  computations  are  shown  in  the 
following  table.  It  may  be  seen  that  airship  E  can 
carry  approximately  80  percent  more  pay  load  than 
airship  A;  whereas  airship  C  can  cany  53  percent 
more  pay  load  than  airship  A.  If  airship  C  attempts 
to  compete  commercially  with  airship  E,  it  might 
obtain  the  more  valuable  pay  load  on  account  of  the 
additional  safety  of  the  helium  blanket  and  even  with 
the  handicap  of  17  percent  less  pay  load  might  be  a 
greater  commercial  success.  Airship  B  is  the  most 
desirable  of  the  proposed  types  because  of  the  de¬ 
creased  fire  hazard  but,  owing  to  its  small  pay  load, 
may  be  undesirable  as  a  commercial  airship. 


COMPARATIVE  DATA  FOR  5  AIRSHIPS  HAVING  THE  SAME  SIZE,  SPEED,  AND  POWER  BUT  HAVING 
DIFFERENT  INFLATION  GASES  AND  USING  DIFFERENT  TYPES  OF  ENGINES 


(Normal  gas  volume,  95  percent  full,  6,500,000  cubic  feet;  fixed  weight,  221,000  pounds;  speed,  80  miles  per  hour;  power,  4,480  horsepower.  Helium  is  assumed  to  have  a 

lifting  power  of  0.062  pound  per  cubic  foot  and  hydrogen  a  lifting  power  of  0.068  pound  per  cubic  foot] 


Airship 

Volume  of  gas 

Gross  lift 

Useful 

lift 

Specific 
fuel  con¬ 
sumption 
(liquid) 

Fuel  for  4,000-mile  still-air  range 

Fay  load 
(no  fuel 
reserve) 

Helium 

Hydrogen 

Helium 

Hydrogen 

Gasoline 

(6.10 

pounds  per 
gallon) 

Fuel  oil 
(7.06 

pounds  per 
gallon) 

Hydrogen 

A _ 

B 

Cubic  feet 

6. 500, 000 
6, 500, 000 

3,  565, 000 

Cubic  feet 

Pounds 
403, 000 
403, 000 
221,000 

Pounds 

Pounds 
182,  000 
182, 000 
199,  600 
221,000 
221,000 

Pound 
per  brake 
horse¬ 
power 
per  hour 
0.  45 
.41 
.  41 
.45 
.41 

Pounds 
101,  000 

Pounds 

91,840 
75,  600 

75,  600 

Cubic  feet 

Pounds 
si,  000 

90, 160 

r 

D _ 

E _ 

2,  935, 000 
6,  500, 000 
6,  500, 000 

199,600 
442,  000 
442,  000 

101,  000 

1, 064, 000 

1,064,000 

124,000 
120, 000 
145,400 

If  airship  A  carried  liquid  fuel  in  place  of  the  pay 
load,  it  would  be  able  to  make  a  flight  of  approximatel}’ 
7,200  miles;  whereas  airship  C  would  be  able  to  make  a 
similar  flight  and,  in  addition,  to  carry  approximately 
63,000  pounds  of  pay  load. 

If  airships  A  and  C  have  the  same  disposable  load, 
liquid-fuel  load,  and  pay  load,  the  one  equipped  with 
compression-ignition  engines  burning  the  aerostatic 
equivalent  of  the  fuel  oil  burned  will  have  a  33  percent 
greater  still-air  range.  This  increase  in  distance  is  due 
to  the  better  fuel  economy  of  the  compression-ignition 
engine  of  0.41  pound  per  brake  horsepower  hour  com¬ 
pared  with  the  0.45  pound  of  the  spark-ignition  engine 
and  to  the  burning  of  the  hydrogen  in  the  engines, 
which  supplies  an  additional  amount  of  energy  equal  to 
21.5  percent  of  the  fuel  oil  burned. 

CONCLUSIONS 

The  investigation  of  the  performance  of  a  four- 
stroke  cycle  compression-ignition  engine  operating  with 
various  amounts  of  hydrogen  added  to  the  inducted  air 
showed  that: 

1.  It  was  impossible  to  auto-ignite  hydrogen-air 
mixtures  up  to  12  percent  hydrogen  at  compression 


ratios  of  13.4  and  15.6,  although  any  quantity  of  fuel  oil 
from  0.07  to  3.5  X  1CT4  pounds  per  cycle  would  cause 
these  mixtures  to  burn. 

2.  The  engine  could  be  stopped  when  burning  the 
composite  fuel  by  shutting  off  the  fuel  oil. 

3.  The  maximum  amount  of  hydrogen  that  could  he 
burned  satisfactorily  decreased  as  the  fuel-oil  quantity 
and  compression  ratio  increased,  the  maximum  amount 
varying  from  14  to  7  percent  by  volume  of  the  inducted 
air  at  a  compression  ratio  of  13.4  and  12  to  5  percent 
at  a  compression  ratio  of  15.6. 

4.  The  brake  thermal  efficiency  obtained  with  the 
composite  fuel  for  all  engine  outputs  up  to  that 
required  for  cruising  (constant-lift  conditions)  was 
as  much  as  9  percent  less  than  that  obtained  with 
fuel  oil  alone  for  the  13.4  compression  ratio  and  4 
percent  for  the  15.6.  For  higher  loadings  the  thermal 
efficiency  with  the  composite  fuel  was  greater  than 
that  obtained  with  fuel  oil;  the  increase  was  as  much 
as  19  percent  for  the  13.4  compression  ratio  and  13 
percent  for  the  15.6  compression  ratio. 

5.  The  burning  of  mixtures  of  hydrogen  and  fuel 
oil  at  compression  ratios  of  13.4  and  15.6  should  be  an 
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efficient  method  of  compensating  for  the  decrease  in 
weight  of  an  airship  due  to  the  consumption  of  the 
fuel  oil. 

6.  When  the  conditions  within  the  combustion 
chamber  were  conducive  to  propagation  of  the  flame 
through  the  liydrogen-air  mixture  the  composite  fuel 
burned  more  efficiently  than  an  equivalent  amount  of 
fuel  oil,  i.  e.,  the  hydrogen  burned  during  the  early 
part  of  the  combustion  period. 

7.  The  exhaust  gases  were  particularly  suitable  for 
water  recovery.  For  all  loads  except  idling  the  water 
vapor  present  in  the  exhaust  weighed  more  than  the 
fuel  oil  burned,  approximately  25  percent  more  for  all 
loads  above  cruising.  When  burning  the  maximum 
usable  amount  of  hydrogen  along  with  the  fuel  oil,  the 
weight  of  water  vapor  present  was  80  percent  more  at 
full  load  and  200  percent  more  at  small  loads. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  April  15,  1935. 
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WIND-TUNNEL  TESTS  OF  A  10-FOOT-DIAMETER  GYROPLANE  ROTOR 

By  John  B.  Wheatley  and  Carlton  Bioletti 


SUMMARY 

This  paper  presents  the  results  of  wind-tunnel  tests  on 
a  model  gyroplane  rotor  10  feet  in  diameter.  The  rotor 
blades  had  zero  sweepback  and  zero  offset;  the  hub  con¬ 
tained  a  feathering  mechanism  that  provided  control  of  the 
rotor  rolling  moment ,  but  not  of  the  pitching  moment. 
The  rotor  was  tested  with  blades  and  with  2  blades.  The 
entire  useful  range  of  pitch  settings  and  tip-speed  ratios 
was  investigated  including  the  phase  of  operation  in  which 
the  rotor  turned  very  slowly,  or  idled. 

The  results  afford  valuable  information  concerning  the 
influences  of  pitch  setting,  solidity,  and  feathering  angle 
upon  the  rotor  characteristics .  The  feathering  control 
appeared  to  be  satisfactory  in  the  normal  flying  range  but 
showed  a  marked  decrease  in  effectiveness  at  very  low  tip- 
speed  ratios.  A  feathering  angle  considerably  greater  than 
the  10°  that  was  provided  was  required  at  high  tip-speed 
ratios  and  high  pitch  settings  to  obtain  zero  rolling  mo¬ 
ment.  Unfortunately,  because  the  rotor  hub  was  dispro¬ 
portionately  large,  the  measured  lift-drag  ratios  are 
considered  to  be  inexact. 

INTRODUCTION 

The  National  Advisory  Committee  for  Aeronautics 
lias  for  several  years  been  studying  different  types  of 
rota  ting-wing  systems  because  of  their  pronounced  j 
advantages  in  respect  to  safe  flight.  These  advan¬ 
tages  are  derived  mainly  from  the  fact  that  the  air 
speed  of  the  lifting  surfaces  of  the  rotating  wing  is  al¬ 
most  independent  of  the  forward  speed  of  the  machine 
so  that  large  air  forces  are,  under  all  conditions,  avail¬ 
able  for  lift  and  control. 

One  of  the  systems  studied  was  the  gyroplane,  which 
is  of  the  autorotating  type.  Opposite  blades  of  the 
rotor  are  rigidly  connected  and  the  thrusts  on  each 
side  of  the  plane  of  symmetry  are  equalized  by  an  oscil¬ 
lation,  or  feathering,  of  the  blade  pair  about  an  axis 
approximately  parallel  to  the  span  axis.  The  oscilla¬ 
tion  can  be  automatic  if  the  blade  center  of  thrust  is 
behind  the  feathering  axis;  a  controlled  feathering, 
effected  by  a  cam  arrangement  in  the  hub,  is  usually 
employed  which  generates  rolling  or  pitching  moments 
as  desired  so  that  conventional  elevators  and  ailerons 
are  unnecessary. 


An  aerodynamic  analysis  of  the  gyroplane  (refer¬ 
ence  1 )  indicated  that  experimental  studies  of  the  sys¬ 
tem  were  warranted.  Previous  experimental  investi¬ 
gations  of  the  gyroplane  rotor  have  consisted  entirely 
of  low-scale  wind-tunnel  tests.  Several  full-scale  ma¬ 
chines  have  been  built  and  flown  but  no  published  in¬ 
formation  concerning  these  efforts  is  available.  The 
model  tests  reported  in  this  paper  were  consequently 
planned  to  give  results  at  a  large  scale  and  to  obtain 
complete  information  on  the  effect  of  as  many  as  pos¬ 
sible  of  the  design  variables  of  the  rotor.  The  model 
was  10  feet  in  diameter  and  was  operated  at  full-scale 
tip  speed;  provisions  were  made  for  the  study  of 


Figure  1. — Ten-foot-diameter  gyroplane  rotor  mounted  for  test. 


changes  in  the  blade  oscillation,  blade  pitch  angle,  and 
the  solidity. 

APPARATUS 

The  tests  were  performed  in  the  N.  A.  C.  A.  20-foot 
wind  tunnel  described  in  reference  2.  The  balance 
system  was  as  therein  described  except  for  the  addition 
of  two  lateral-force  balances.  The  model  mounted  for 
testing  is  shown  in  figure  1. 

The  rotor  was  10.04  feet  in  diameter  and  consisted 
of  four  blades  having  constant  chords  of  6.28  inches 
!  and  semielliptical  tips.  The  blades  were  constructed 
|  of  laminated  mahogany;  the  airfoil  section  used 
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was  the  N.  A.  C.  A.  0015.  Each  pair  of  blades  was 
mounted  on  the  ends  of  a  steel  shaft,  the  butts  of  the  I 
blades  being  bolted  to  forks  forged  in  the  ends  of  the 
shaft.  The  pitch  of  the  blades  could  be  varied  from 
0°  to  6°  in  1°  steps  by  wedges  inserted  between  the 
forks  and  the  blade  butts.  Bearings  in  the  hub 
permitted  each  blade  pair  to  oscillate  (or  feather) 
about  its  span  axis  through  the  quarter-chord  points 
of  the  blade  sections.  The  axes  of  the  two  blades  of 
the  pair  and  the  feathering  axis  were  coincident. 

A  mechanism  was  provided  for  feathering  the  blade 
pairs  as  the  rotor  revolved.  This  mechanism  is 
shown  schematically  in  figure  2.  When  the  control  is 
set  for  zero  feathering,  the  instantaneous  pitch  of  all 
the  blades  is  equal  to  the  pitch  setting  a0  throughout 
the  entire  revolution.  When  feathering  is  introduced, 
the  pitch  of  the  advancing  blade  is  decreased  and  of 
the  retreating  blade  increased,  the  deflection  being  a 


Figure  2— Schematic  diagram  of  blade-feathering  mechanism  for  gyroplane  rotor. 


maximum  when  the  pair  of  blades  is  in  the  cross-wind 
position  and  zero  when  in  the  fore-and-aft  position. 

The  shafts  A  and  B  are  supported  in  bearings 
mounted  on  a  hub  (not  shown  in  fig.  2).  The  tube 
C  does  not  turn  with  the  rotor  but  provides  a  support 
for  D,  which  is  the  inner  race  of  a  ball  bearing.  The 
outer  race  E  revolves  with  the  rotor.  The  control 
shaft  F  can  be  turned  by  means  of  a  hand  crank,  thereby 
raising  rod  G  that  is  connected  to  D.  This  motion 
tilts  the  ball  bearing  about  the  pivots  H.  The  two 
pins  I  extend  into  E  and  the  arms  J  rotate  the  outer 
race  E  of  the  bearing.  A  sleeve  (not  shown  in  the 
figure)  supports  the  two  shafts  K  in  bearings.  The 
sleeve  also  supports  the  hub  and,  in  turn,  the  shafts 
A  and  B.  When  the  bearing  D-E  is  tilted,  the  pins  I 
rise  arid  fall  with  respect  to  the  shafts  K  as  the  rotor 
turns.  The  shafts  K  being  held  in  bearings,  an  oscilla¬ 
tion  is  imparted  to  arms  L  and,  in  turn,  to  the  arms 
M  that  oscillate  the  shafts  A  and  B.  The  motion  of 
the  blades  differs  very  slightly  from  simple  harmonic 
motion  because  of  a  small  change  in  the  effective 
length  of  the  arms  L  as  the  deflection  changes.  By 
means  of  this  feathering  of  the  blades  the  rolling 
moment  could  be  controlled  but,  as  the  bearing  D-E 


could  only  be  tilted  about  one  axis,  control  of  pitching 
moments  could  not  be  obtained. 

The  tube  C,  which  also  carried  the  bearings  of  the 
rotor  hub  (not  shown  in  fig.  2),  was  held  in  a  frame 
attached  to  an  electric  motor,  the  whole  being  mounted 
on  trunnion  bearings  so  that  the  angle  of  attack  of  the 
rotor  could  be  varied  from  0°  to  90°.  A  sting  and 
tailpost  were  used  to  control  the  angle  of  attack.  The 
rotor  was  mounted  inverted,  that  is,  the  lift  was 
directed  downward.  The  angle  of  attack  was 
increased  by  inclining  the  rotor  axis  upstream,  thus 
bringing  the  rotor  ahead  of  the  supports  and  their 
shielding  and  reducing  their  interference  effect  on  the 
rotor.  As  shown  in  figure  1,  all  of  the  supporting 
structure  except  the  sting,  part  of  the  tailpost,  and 
the  streamlined  mast  supporting  the  rotor  were 
shielded. 

The  electric  motor  used  for  starting  the  rotor  was  a 
220-volt  alternating-current  induction  motor  capable 
of  delivering  about  4  horsepower  at  550  revolutions 
per  minute.  It  was  connected  to  the  rotor  through  an 
overrunning  clutch  by  a  shaft;  the  motor  friction  was 
smaller  than  that  in  the  clutch,  however,  so  the  motor 
usually  turned  with  the  rotor.  The  motor  had  ball 
bearings  and  the  friction  added  to  the  rotor  during 
the  tests  was  small. 

TESTS  AND  PROCEDURE 

The  rotor  was  tested  with  four  blades  at  pitch  set¬ 
tings  of  0°,  1°,  2°,  3°,  4°,  5°,  and  6°.  One  pair  of 
blades  and  the  connecting  shaft  were  then  removed 
and  the  resultant  two-bladed  rotor  was  tested  at  0°,  2°, 
4°,  and  6°.  Each  pitch  setting  was  tested  at  tip-speed 
ratios  from  0  to  0.8,  except  that  the  0°  and  6°  pitch 
settings  of  the  two-bladed  rotor  were  not  tested  below 
a  value  of  about  0.1;  at  0°,  the  lowest  tunnel  speed 
resulted  in  a  dangerously  high  rotor  speed,  and  at  6° 
autorotation  broke  down  in  that  range.  Additional 
tests  were  made  on  both  rotors  at  angles  of  attack  of 
from  0°  to  5°,  resulting  in  tip-speed  ratios  of  from 
4.0  to  1.5.  This  condition  is  called  “ idling.” 

Tare  lift  and  tare  drag  were  determined  with  the 
entire  rotor  and  hub  removed  from  the  streamlined 
mast,  which  was  left  exposed  to  the  air  stream.  In  an 
effort  to  determine  the  drag  due  to  the  hub  and  the 
forks  that  held  the  blades,  tests  were  made  with  the 
hub  in  place  and  with  short  wooden  stubs  of  the  same 
form  as  the  butts  of  the  blades  held  in  the  forks.  The 
hub  and  stub  blades  were  rotated  at  550  revolutions 
per  minute  during  the  test  by  means  of  the  starting 
motor.  This  test  was  performed  also  with  one  pair  of 
forks  and  stub  blades  removed.  The  tare  runs  were 
made  at  several  air  speeds  and,  as  the  scale  effect  was 
rather  large,  the  values  of  tare  CL  and  tare  CD  at  each 
angle  of  attack  were  taken  at  the  speed  corresponding 
to  the  air  speed  during  the  test  of  the  rotor  at  that 
angle  of  attack. 
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A  few  trials  were  made  to  discover  whether  or  not 
!he  rotor  would  start  by  itself  if  exposed  to  the  air 
stream.  There  appeared  to  be  a  critical  angle  of 
attack  below  which  the  rotor  was  self-starting  and 
above  which  the  rotor  tended  to  turn  in  the  reverse 
direction.  This  critical  angle  of  attack  varied  with 
the  pitch  setting,  being  about  20°  for  a  pitch  setting  of 
0°  and  about  8°  for  a  pitch  setting  of  6°.  After  the 
rotor  had  started,  the  angle  of  attack  could  be  increased 
above  the  critical  value  previously  mentioned  and  the 
speed  would  increase  unless  the  angle  of  attack  were 
increased  too  rapidly  when  the  rotor  was  still  turning 
slowly.  In  this  case  the  rotor  would  slow  down,  stop, 
and  start  in  the  reverse  direction. 

An  attempt  was  made  to  estimate  the  extent  of  the 
effect  of  blocking  the  tunnel  when  the  rotor  was  at  a 
high  angle  of  attack.  The  force  on  the  rotor  at  90° 
angle  of  attack  is  of  the  same  order  of  magnitude  as 
the  force  on  a  disk  of  the  same  diameter  normal  to  the 
air  stream.  Accordingly,  a  disk  10  feet  in  diameter 
was  tested  normal  to  the  air  stream  at  low  speed,  and 
a  disk  2.25  feet  in  diameter  was  also  tested  at  a  speed 
giving  the  same  Reynolds  Number. 

At  the  beginning  of  each  test  the  rotor  was  brought 
up  to  speed  by  the  electric  starting  motor  and  the 
tunnel  fan  was  then  started.  The  starting  motor  was 
then  switched  oil*  and  the  model  was  allowed  to  auto- 
rotate.  When  the  air  speed  had  become  steady,  the 
angle  of  attack  and  the  feathering  angle  were  set  and 
recorded;  when  the  rotor  speed  became  constant, 
simultaneous  visual  observations  of  dynamic  pressure, 
rotor  speed,  and  balance  scale  readings  were  taken. 
Throughout  the  tests,  readings  were  taken  at  each 
tip-speed  ratio  with  the  estimated  feathering  angle 
for  zero  rolling  moment  and  with  1°  larger  and  1° 
smaller  feathering  angle.  Preliminary  tests  at  a  mod¬ 
erate  air  speed  were  made  to  permit  an  estimate  of 
the  feathering  angle  required.  In  this  manner  the 
rolling  moment  was  kept  small  and  in  most  cases  both 
positive  and  negative  rolling  moments  were  obtained. 

The  rotor  was  operated  at  550  revolutions  per  min¬ 
ute,  which  resulted  in  a  tip  speed  of  288  feet  per  second ; 
this  value  is  approximately  the  same  as  that  of  a  full- 
scale  rotor.  In  the  range  of  angles  of  attack  between 
30°  and  90°,  the  rotor  speed  at  a  given  pitch  setting 
was  not  influenced  appreciably  by  angle  of  attack; 
the  tunnel  speed  was  accordingly  held  constant  over 
this  range.  The  tunnel  speed  resulting  in  a  rotor 
speed  of  550  revolutions  per  minute  in  the  higli-angle- 
of-attack  range  varied  with  different  pitch  settings 
from  34  feet  per  second  for  0°  pitch  setting  to  50  feet 
per  second  for  G°.  The  low-angle-of-attack  range  was 
tested  by  increasing  the  tunnel  speed  above  the  values 
previously  given  and  adjusting  the  angle  of  attack  to 
maintain  a  rotor  speed  of  550  revolutions  per  minute, 
hi  the  tests  of  the  four-bladed  rotor  when  the  tunnel 


speed  reached  125  feet  per  second,  it  was  kept  constant 
and  additional  readings  were  obtained  by  reducing  the 
angle  of  attack,  which  resulted  in  lower  rotor  speeds; 
the  lowest  rotor  speed  obtained  in  this  condition  was 
about  300  revolutions  per  minute.  The  readings 
obtained  at  a  constant  air  speed  of  125  feet  per  sec¬ 
ond  corresponded  to  tip-speed  ratios  of  from  0.43  to 
0.80.  During  the  tests  of  the  two-bladed  rotor,  the 
range  of  tip-speed  ratios  from  0.43  to  0.S0  was  obtained 
by  using  a  constant  rotor  speed  of  305  revolutions  per 
minute  and  varying  the  tunnel  speed  from  70  feet  per 
second  to  125  feet  per  second. 


RESULTS 


The  terminology  and  symbols  used  in  this  paper  are 
identical  with  those  employed  in  reference  1.  Positive 
axes  for  the  rotor  in  its  normal  position  are:  A",  for¬ 
ward;  Y,  toward  advancing  blade  (toward  right);  and 
Z,  downward.  Moments  are  positive  in  cyclic  order; 
that  is,  moment  about  the  X  axis  is  positive  if  it  moves 
the  positive  Y  into  the  positive  Z  axis,  etc.  The 
origin  is  at  the  intersection  of  the  rotor  axis  with  the 
plane  of  the  rotor  disk.  For  convenience,  a  list  of 
symbols,  definitions,  and  units  is  appended. 

V,  True  air  speed,  ft. /sec. 

12,  Rotor  angular  velocity,  rad. /sec. 

11,  Rotor  radius,  ft. 

a,  Angle  of  attack,  deg.  (acute  angle  between 
relative  wind  and  plane  perpendicular  to 
rotor  axis). 

L,  Rotor  lift,  lb. 

D,  Rotor  drag,  lb. 

T,  Rotor  thrust,  lb.  (component  of  rotor  force 
parallel  to  rotor  axis). 

Y,  Rotor  lateral  force,  lb. 

L' ,  Rotor  rolling  moment,  lb. -ft. 

M,  Rotor  pitching  moment,  lb. -ft. 

a0,  Rotor  blade  pitch  setting,  deg. 

bx,  Feathering  angle,  deg. 

CL,  Lift  coefficient,  y  yXlY 

CD,  Drag  coefficient,  y  ^ 


Or, 

Cti 


Resultant-force  coefficient  (CL2YCD 

T 

Thrust  coefficient, 


2\i, 


CY,  Lateral-force  coefficient,  yrpVCriO 

L' 

Ci,  Rolling-moment  coefficient,  i/p 

M 

Cm,  Pitcliing-moment  coefficient,  Vn 

rr i  .  •  V  COS  a 

Lip-speed  ratio, 


M 


\f/,  Blade  azimuth 


12  R 
angle 


from  down  wind  in 
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The  feathering  angle  bY  is  the  coefficient  of  sin  \j/  in 
the  series  that  expresses  the  instantaneous  pitch  angle 
9  of  the  rotor  blade.  (See  reference  1.) 

0=ao—al  cos  ip  —  bi  sin  i p—az  cos  3^  — 63  sin  3 

In  the  foregoing  series,  aQ  is  the  blade  pitch  setting. 
The  model  was  so  constructed  for  these  tests  that  all 
the  terms  in  the  series  except  a0  and  were  zero. 

The  test  procedure  was  such  that  at  each  pitch 
setting  a  large  number  of  test  points  were  obtained  that 
followed  a  more  or  less  systematic  variation  with  tip- 
speed  ratio  and  rolling  moment.  The  experimental 
coefficients  were  then  cross-faired  to  obtain  the  values 
corresponding  to  zero  rolling  moment  and  were  then 
plotted  against  tip-speed  ratio.  It  was  impossible  to 
extrapolate  some  of  the  test  points  to  this  condition 
because  the  variation  of  rolling  moment  was  unsyste¬ 
matic  at  low  tip-speed  ratios  (,u<Cffil);  in  addition,  at 
high  tip-speed  ratios  ffi(>0.7)  the  required  feathering 
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Tangle  of  attack,  ct ,  degrees 

Figure  3.— Tare  lift  and  drag  coefficients  based  on  disk  area  of  10-foot-diameter 
gyroplane  rotor,  with  bub  removed,  and  with  2  and  4  stub  blades  turning  550 
revolutions  per  minute. 

angle  was  greater  than  the  maximum  obtainable  with 
the  model.  In  these  cases,  which  occurred  at  very  low 
and  at  very  high  tip-speed  ratios,  the  average  of  the 
test  points  was  used  without  regard  to  the  value  of  the 
rolling  moment.  The  resultant  curves  were  then  cross- 
faired  against  pitch  setting  so  that  accidental  variations 
in  the  test  results  could  be  minimized. 

The  net  forces  used  in  computing  coefficients  were 
obtained  in  all  cases  by  deducting  from  the  measured 
forces  the  forces  developed  during  tare  tests  with  the 
rotor  blades  and  hub  removed.  The  justification  of 
the  use  of  this  tare  value  is  more  completely  covered 
in  the  discussion.  The  different  tares  obtained  are 
shown  in  figure  3. 

Complete  results  for  the  four-bladed  rotor  at  0°,  1°, 
2°,  3°,  4°,  5°,  and  6°  pitch  settings  are  given  in  figures 
4  to  13,  inclusive.  Curves  are  presented  showing  the 
iift  coefficient,  lift-drag  ratio,  resultant-force  coeffi¬ 
cient,  thrust  coefficient,  angle  of  attack,  feathering 
angle  for  zero  rolling  moment,  slope  of  the  rolling- 


moment-coefficient  curve  with  feathering  angle,  lateral- 
force  coefficient,  and  pitching-moment  coefficient  as 
functions  of  the  tip-speed  ratio  for  each  pitch  setting 
tested.  The  lateral-force,  pitching-moment,  and  idling 
coefficients  are,  however,  given  only  for  0°,  2°,  4°,  and 
6°  pitch  settings.  Idling  lift  and  drag  coefficients  are 
plotted  against  angle  of  attack  in  figure  13.  The  same 
quantities  are  presented,  in  order,  for  the  two-bladed 
rotor  at  pitch  settings  of  0°,  2°,  4°,  and  6°  in  figures 
14  to  23.  The  lift-drag  ratio  is  given  in  preference  to 
the  drag  coefficient  because  the  drag  coefficient  varied 
between  such  wide  limits  that  an  unwieldly  scale  would 
have  been  required  to  plot  it;  the  lift-drag  ratio  is  just 
as  useful  and  is  more  easily  presented. 

ACCURACY 

The  accidental  errors  in  the  test  results  arose  from 
such  sources  as  fluctuations  in  the  rotor  speed,  failure 
to  synchronize  all  observations,  the  presence  of  vibra¬ 
tions  in  the  model,  and  uncertainty  regarding  the  value 
of  the  feathering  angle  because  of  play  in  the  mechan¬ 
ical  linkage.  The  influence  of  such  errors  is  minimized 
by  the  large  number  of  test  points  and  the  careful 
cross-fairing  of  all  data. 

There  are  two  important  sources  of  consistent  errors. 
One  is  the  blocking  effect,  which  is  important  only 
above  30°  angle  of  attack;  the  second  is  the  tare  drag, 
which  influences  the  results  appreciably  only  at  angles 
of  attack  below  30°.  The  influence  of  these  factors 
upon  the  results  cannot  be  quantitatively  evaluated; 
their  bearing  upon  the  results  is  considered  at  length  in 
the  discussion. 

The  following  table  represents  the  probable  magni¬ 
tude  of  the  errors  in  the  faired  curves  of  various  quan¬ 
tities  due  solely  to  accidental  sources: 


M>0. 

2 

For  ju<0. 

2 

cL 

±3% 

cL 

±4% 

L/D 

±5% 

CR 

±3% 

CT 

±4% 

CT 

±4% 

Cy 

±0.001 

Cy 

±0.003 

cm 

±0.005 

cm 

±0.010 

a 

±0.25° 

a 

±0.25° 

bi 

±0.25° 

bx 

±0.25° 

a0 

±0.1° 

a0 

±0.1° 

DISCUSSION 

Tare  drag. — The  differences  obtained  from  tare 
tests  with  the  hub  removed  and  with  the  hub  and  forks 
in  place  are  illustrated  in  figure  3.  At  low  angles  of 
attack  the  differences  are  GO  percent  of  the  net  drag 
for  low  pitch  settings.  The  tare  coefficients  used  to 
compute  the  net  coefficients  were  those  obtained  with 
the  hub  removed;  if  the  tare  obtained  with  the  hub, 
forks,  and  stub  blades  in  place  were  used,  the  net  re¬ 
sults  would  correspond  approximately  to  the  coeffi¬ 
cients  of  a  rotor  in  which  the  inner  25  percent  of  the 
radius  was  imaginary.  In  addition,  a  full-scale  rotor 
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Figure  5—  Lift-drag  ratio  LID  of  10-foot  gyroplane  rotor,  four  blades. 


Figure  6.— Resultant-force  coefficient  Cr  of  10-foot  gyroplane  rotor,  four  blades. 
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Figure  7.— Thrust  coefficient  Cr  of  10-foot  gyroplane  rotor,  four  blades. 
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Figure  8.— Rotor  angle  of  attack  «  as  a  function  of  tip-speed  ratio,  10-foot  gyro¬ 
plane  rotor,  four  blades. 


Figure  10. — Variation  with  tip-speed  ratio  of  slope  of  rolling-moment  coefficient 
against  feathering  angle  dCi/dbi  for  10-foot  gyroplane  rotor,  four  blades. 


Tip -speed  ratio ,  ju 


Figure  9. — Feathering  angle  ft,  for  zero  rolling  moment,  10-foot  gyroplane  rotoi 

four  blades. 


Tip-speed  ratio,  p 


Figure  11.— Lateral-force  coefficient  Cy  of  10-foot  gyroplane  rotor,  four  blades. 


Figure  13. — Lift  coefficient  CL  and  drag  coefficient  CD  with  rotor  idling,  zero 
feathering,  10-foot  gyroplane  rotor,  four  blades. 
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must  have  a  hub  that  will  be,  in  general,  similar  to  the 
model  hub,  although  slightly  smaller  proportionally 
and  perhaps  better  streamlined.  It  was  accordingly 
decided  that  the  employment  of  the  tare  obtained 
with  the  entire  hub  removed  would  give  results  corre¬ 
sponding  more  closely  to  an  actual  full-scale  rotor 
than  could  be  obtained  by  the  use  of  any  of  the  other 
tares  obtained.  It  is  to  be  expected,  however,  that  a 
full-scale  rotor  will  develop  slightly  higher  values  of 
the  lift-drag  ratio  than  the  model  because  of  the  possi¬ 
bility  of  reducing  the  hub  drag. 

Jet-boundary  and  blocking  corrections. — Jet-bound¬ 
ary  corrections  were  applied  to  the  test  results  by 
assuming  that  the  correction  was  the  same  as  that  for 
an  airfoil  of  the  same  span  and  total  lift.  Fortunately, 
the  correction  was  very  small  when  the  rotor  operated 
at  high  tip-speed  ratios  in  the  range  of  the  maximum 
lift-drag  ratio  so  that  values  in  that  range  are  unaffect¬ 
ed  by  any  error  in  the  assumption.  There  is  un¬ 
doubtedly  an  error,  because  the  rotor  obviously  has  a 
trailing  vortex  field  different  from  that  of  a  wing;  in¬ 
formation  on  this  subject  is  completely  lacking,  how¬ 
ever,  so  that  the  assumption  made  was  the  only  one 
possible.  Even  at  low  tip-speed  ratios  it  is  thought 
that  the  error  in  the  jet-boundary  correction  is  a  very 
small  percentage  of  the  net  drag  and  at  high  tip-speed 
ratios  the  correction  vanishes.  The  influence  of  the 
jet  boundary  upon  the  net  test  results  is  consequently 
thought  to  be  negligible. 

An  attempt  to  evaluate  the  effect  of  blocking  upon 
the  rotor  was  made  by  testing  two  disks  of  different 
sizes  at  the  same  Reynolds  Number.  The  disks  were 
2.25  and  10  feet  in  diameter  and,  when  normal  to  the 
air  stream,  developed  drag  coefficients  of  1.307  and 
0.972,  respectively.  The  drag  of  the  10-foot-diameter 
disk  was  of  the  same  order  of  magnitude  as  the  drag  of 
the  rotor.  If  the  velocity  field  near  the  10-foot  disk 
were  similar  to  that  near  the  rotor,  the  disk  test  would 
indicate  that  the  measured  rotor-drag  coefficients  at 

1  307 

90°  angle  of  attack  should  be  multiplied  by  to 

obtain  free-air  values;  the  differences  between  the 
disk  and  rotor,  however,  preclude  such  an  operation. 
Since  the  blocking  effect  results  in  an  erroneously  low 
measured  drag  coefficient  and  is  approximately  pro¬ 
portional  to  the  drag  coefficient,  the  relative  positions 
of  the  rotor-drag  coefficients  at  different  pitch  settings 
are  not  changed  by  blocking.  The  measured  rotor 
coefficients  at  high  angles  of  attack  should  consequently 
be  increased,  but  not  all  by  the  same  amount,  to  give 
free-air  values.  Blocking  effect  can  be  neglected  at 
angles  of  attack  below  about  30°  so  the  coefficients  of 
the  rotor  in  the  range  of  maximum  lift-drag  ratio  are 
unaffected  by  it.  No  correction  was  applied  to  the 
test  data  to  remove  the  blocking  effect  because  of  the 
uncertainty  regarding  its  magnitude  in  the  range 
where  the  effect  was  appreciable. 


Pitch  setting. — The  pitch  setting  a0  of  the  rotor 
blade  is  a  major  factor  influencing  the  values  of  CL 
(figs.  4,  14:),L/D  (figs.  5,  15),  CT  (figs.  7, 17),  and  bx  for 
zero  rolling  moment  (figs.  9,  19).  At  a  given  tip-speed 
ratio  in  the  normal  flying  range,  an  increase  in  a0 
increases  CL,  CT,  and  bx.  The  influence  of  a0  on  LjD 
is  interesting,  since  the  tip-speed  ratio  at  which  the 
LID  is  a  maximum  depends  upon  a0;  as  aQ  increases, 
n  for  (L/D)  max  increases.  The  highest  LjD  obtained  was 
developed  when  the  pitch  setting  was  3°;  but  a  change 
in  the  tare  drag  would  have  a  more  pronounced  influ¬ 
ence  on  the  low  than  on  the  high  pitch  settings  because 
of  the  lower  coefficients  obtained  at  low-pitch  settings 
and  would  probably  alter  the  pitch  setting  for  ( L/D)max . 

Feathering  angle  bx. — The  feathering  angles  bx 
for  zero  rolling  moment  shown  in  figures  9  and  19  are 
incomplete  for  pitch  settings  higher  than  4°  because 
the  maximum  obtainable  feathering  angle,  10°,  was 
too  small  to  obtain  zero  or  positive  rolling  moments  at 
high  pitch  settings.  The  progressive  change  in  the 
required  bx  at  a  given  n  as  a0  increases  is  clearly  shown 
in  the  figures.  The  points  shown  in  figures  9  and  19 
are  not  test  points  but  represent  values  obtained  from 
the  intersection  of  an  experimental  curve  with  the 
axis  of  zero  rolling  moment. 

The  rate  of  change  of  rolling-moment  coefficient 
with  feathering  angle  when  the  rolling  moment  is  zero 
is  shown  in  figures  10  and  20.  As  the  data  showed  no 


dC 

consistent  variation  of  with  pitch  setting,  the  one 


curve  drawn  in  each  figure  applies  to  all  pitches. 
dJCx 


The 

dC, 


variation  in  with  tip-speed  ratio  is  such  that  ^ 

is  small  when  n  is  large  and  increases  as  /z  decreases 
until  a  limit  of  n  =0.15  is  reached.  Since  a  decrease 

dCi 


in  n  requires  a  decrease  in  velocity,  the  increase  in 


dbx 


will  tend  to  neutralize  the  decrease  in  dynamic  pressure 
and  approximately  the  same  feathering  angle  will  be 
required  to  develop  a  given  rolling  moment  at  either 
end  of  the  normal  speed  range.  There  is  a  danger, 

dC 

however,  in  the  pronounced  decrease  of  when  /z 

becomes  less  than  0.15;  this  effect  indicates  that  at 
very  low  speeds  the  controls  would  tend  to  “soften” 
and  excessive  control  movements  would  result  in 
relatively  small  control  moments. 

Pitching  moments  were  generated  by  the  model 
because  no  provision  was  made  to  rotate  the  control¬ 
lable  bearing  race  (D,  fig.  2)  about  the  longitudinal 
axis.  These  moments  are  shown  in  coefficient  form  in 


figures  12  and  22;  they  are  thought  to  be  of  secondary 
interest  because  they  can  be  controlled,  as  the  rolling 
moment  was,  by  so  constructing  the  control  mechanism 
that  the  bearing  race  D  could  be  rotated  about  the 
desired  axis. 
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Resultant  force. — The  measured  resultant-force  coef¬ 
ficients  of  the  rotor  at  each  pitch  setting  tested  are 


shown  in  figures  G  and  16.  The  irregularities  in  the 
curves  at  low  values  of  ju  can  be  qualitatively  explained 


Figure  15. — Lift-drag  ratio  L/Z>  of  10-foot  gyroplane  rotor,  two  blades. 

as  an  influence  of  the  blocking  effect,  which  would  be 
appreciable  only  at  high  angles  of  attack  and  at  large 


drag  coefficients.  The  maximum  normal-force  coeffi¬ 
cient  was  developed  at  a  pitch  setting  of  5°. 

Thrust  coefficient. — The  test  data  on  thrust  coeffi¬ 
cients  are  shown  in  figures  7  and  17.  The  influence  of 
pitch  setting  is  clearly  demonstrated  and  appears  to  be 
quite  consistent.  Irregularities,  which  appear  to  be 


0  ./  .2  .3 

.  Tip-speed  r  atio,  fj. 

Figure  10.— Hesultant-force  coefficient  Cr  of  10-foot  gyroplane  rotor,  two  blades. 

caused  by  a  stalling  of  the  blade  elements,  appear  in 
the  thrust  coefficients  at  low  values  of  the  tip-speed 
ratio  and  at  high  pitch  settings.  This  explanation  is 
supported  by  observations  noted  during  the  tests, 
when  peculiar  sounds  were  heard  at  high  pitch  settings 
and  high  angles  of  attack,  indicating  unsteady  air 
flow;  in  addition,  difficulties  were  encountered  in  main- 


Figure  17. — Thrust  coefficient  Cr  of  10-foot  gyroplane  rotor,  two  blades. 

tabling  autorotation  in  the  range  mentioned  and  the 
rotation  seemed  less  stable. 
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Figure  18.— Rotor  angle  of  attack  a  as  a  function  of  (ip-speed  ratio,  10-foot 

gyroplane  rotor,  two  blades. 


Figure  20. — Variation  with  tip-speed  ratio  of  slope  of  rolling-moment  coefficient 
against  feathering  angle  dCi/db\  for  10-foot  gyroplane  rotor,  two  blades. 


Figure  22. — Pitching-moment  coefficient  Cm  of  10-foot  gyroplanerotor,  two  blades. 


Figure  19.— Feathering  angle  for  zero  rolling  moment,  10-foot  gyroplane  rotor 

two  blades. 
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Figure  21.— Lateral-force  coefficient  Cy  of  10-foot  gyroplane  rotor,  two  blades. 


Figure  23. — Lift  coefficient  CL  and  drag  coefficient  CD  with  rotor  idling,  zero 
feathering,  10-foot  gyroplane  rotor,  two  blades. 
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Angle  of  attack. — Figures  8  and  18  show  the  angles 
of  attack  for  each  pitch  setting  tested  as  functions  of  the 
tip-speed  ratio.  At  low  tip-speed  ratios  the  angle  of 
attack  at  a  given  p  varies  consistently  with  the  pitch 
setting,  but  the  variation  becomes  irregular  as  the  tip- 
speed  ratio  increases.  This  illogical  behavior  of  the 
angle  of  attack  is  probably  caused  by  the  fact  that  the 
dispersion  of  the  test  results  at  high  tip-speed  ratios 
was  very  large  and  also  by  the  condition  that  the 
average  rolling  moment  was  not  zero  in  that  range 
and  was  different  at  different  pitch  settings.  The 
angle  of  attack  is  useful  primarily  in  the  application 
of  the  equations  in  reference  1  to  the  transformation  of 
the  test  results  to  a  different  solidity;  it  is  not  a  funda¬ 
mental  variable,  although  it  helps  to  determine  the 
tip-speed  ratio. 

Idling  tests. — It  has  been  proposed  that  the  gyro¬ 
plane  rotor  be  used  in  combination  with  a  fixed  wing 
so  that  at  high  speed  the  angle  of  attack  of  the  rotor 
can  be  decreased  until  it  rotates  very  slowly,  and  the 
machine  can  then  be  supported  solely  by  the  fixed 
wing.  In  order  to  determine  whether  the  efficiency  of 
the  machine  would  thereby  be  increased,  the  lift  and 
drag  of  the  idling  rotor  with  zero  feathering  angle  were 
determined  and  are  shown  in  figures  13  and  23. 
Because  of  the  existing  uncertainty  regarding  the  tare 
drag,  the  absolute  value  of  the  drag  of  the  idling  rotor 
is  unreliable  but  the  influence  of  pitch  setting  is  clearly 
shown.  As  was  expected,  the  lift  and  drag  coefficients 
increased  with  pitch  setting  except  at  low  pitch  settings 
on  the  two-bladed  rotor.  The  discrepancy  is  con¬ 
sidered  to  be  accidental  because  of  the  difficulty 
encountered  in  measuring  such  small  forces. 

Solidity. — The  influence  of  a  change  in  the  rotor 
solidity  can  be  ascertained  by  a  comparison  of  the 
results  obtained  on  the  four-bladed  rotor  (figs.  4  to  13) 
with  those  obtained  on  the  two-bladed  rotor  (figs.  14 
to  23).  The  thrust  coefficient  is  shown  to  be  directly 
proportional  to  the  solidity,  as  is  the  lift  coefficient  at 
high  tip-speed  ratios.  At  lower  tip-speed  ratios  and 
high  angles  of  attack,  the  lift  coefficient  is  not  propor¬ 
tional  to  the  solidity  because  of  a  simultaneous  change 
in  the  angle  of  attack  at  a  given  tip-speed  ratio.  Thus, 
the  maximum  lift  coefficient  of  the  four-bladed  rotor 
at  5°  pitch  setting  was  0.9;  whereas  for  the  two-bladed 
rotor  it  was  0.8. 

The  influence  of  solidity  on  the  LID  as  shown  in 
figures  5  and  15  is  not  considered  to  be  reliable  because 
the  tare  drag  is  not  accurately  known.  A  change  in  the 
tare  drag  would  alter  the  relative  positions  of  the 


four-bladed  and  two-bladed  LID  curves  and  would  con¬ 
ceivably  reverse  them  to  indicate  that  the  two-bladed 
rotor  was  the  more  efficient. 

Application  of  results. — The  test  results  are  consid¬ 
ered  to  be  important  in  that  they  establish  the  influence 
of  pitch  setting  and  solidity  upon  most  of  the  rotor 
characteristics  and  constitute  the  first  published  in¬ 
formation  on  the  control  moments  obtainable  with  the 
feathering  control.  The  test  shows  the  promise  in¬ 
herent  in  the  gyroplane  rotor  and  justifies  further 
experimentation  to  the  end  of  removing  some  of  the 
uncertainties  in  this  work  as  well  as  improving  the 
characteristics  obtained. 

The  quantitative  application  of  the  results  in  this 
paper  can  be  justified  for  all  characteristics  except  the 
lift-drag  ratio.  In  work  of  this  kind  the  determination 
of  the  proper  tare  drag  is  extremely  difficult,  and 
the  results  must  be  interpreted  with  that  fact  in  mind. 
Some  errors  may  arise  because  of  the  difference  in 
scale  between  the  model  and  the  full-scale  rotors,  blit 
it  is  thought  that  such  effects  will  not  be  serious. 

CONCLUSIONS 

1.  These  model  tests,  because  of  the  excessive  size 
of  the  rotor  hub,  are  unreliable  as  regards  the  lift-drag 
ratio  of  a  gyroplane  rotor. 

2.  The  pitch  setting  is  the  critical  parameter  that 
determines  rotor  characteristics. 

3.  A  change  in  solidity  causes  a  proportional  change 
in  rotor-force  coefficients  only  at  high  tip-speed  ratios. 

4.  The  rate  of  change  of  rolling  moment  with 
feathering  angle  is  not  materially  influenced  by  pitch 
angle  or  solidity  and  decreases  dangerously  at  low 
tip-speed  ratios. 

5.  The  maximum  resultant  force  coefficient  is  ob¬ 
tained  with  a  pitch  setting  of  5°. 

6.  A  feathering  angle  considerably  greater  than  10° 
is  required  to  obtain  zero  rolling  moment  at  high  tip- 
speed  ratios  for  pitch  settings  greater  than  4°. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  April  11,  1935. 
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TESTS  IN  THE  VARIABLE-DENSITY  WIND  TUNNEL  OF  RELATED  AIRFOILS  HAVING 

THE  MAXIMUM  CAMBER  UNUSUALLY  FAR  FORWARD 

By  Eastman  N.  Jacobs  and  Robert  M.  Pinkerton 


SUMMARY 

A  family  of  related  airfoils  having  the  'position  of  maxi¬ 
mum  camber  unusually  far  forward  was  investigated  in 
the  variable-density  tunnel  as  an  extension  of  the  study 
recently  completed  of  a  large  number  of  related  airfoils. 
The  new  airfoils  gave  improved  characteristics  over  those 
previously  investigated,  especially  in  regard  to  the  pitching 
moment.  Some  of  the  new  sections  are  markedly  superior 
to  well-known  and  commonly  used  sections  and  should 
replace  them  in  applications  requiring  a  slightly  cam¬ 
bered  section  of  moderate  thickness,  having  a  small 
pit  chin  g-  rn  o  merit  coefjicien  t . 

INTRODUCTION 

The  investigation  of  a  large  family  of  related  airfoils, 
reported  in  reference  1,  indicated  that  the  effects  of 
camber  in  relation  to  maximum  lift  coefficients  were 
more  pronounced  with  airfoils  having  the  maximum 
camber  forward  or  aft  of  the  usual  positions  (0.3c  to 
0.5c).  The  scope  of  the  investigation,  however,  was  not 
extended  to  include  airfoils  having  extreme  camber 
positions  because  the  mean-line  shapes  originally  em¬ 
ployed  could  not  be  satisfactorily  extended.  A  con¬ 
sideration  of  a  program  to  include  these  extreme  posi¬ 
tions  led  to  the  elimination  of  the  after  positions 
because  of  the  adverse  pitching  moments  to  be  expected. 

The  investigation  reported  herein  deals  with  a  family 
of  related  airfoils  having  mean-line  forms  derived  to 
extend  the  camber  position  from  normal  to  extreme 
forward  positions.  These  airfoils  are  divided  into  two 
groups,  each  group  containing  five  airfoils  of  the  same 
thickness  (0.12c)  and  covering  a  range  of  maximum 
camber  positions  from  0.05c  to  0.25c.  One  group  is 
based  on  a  simple  mean  line  (mean  line  without 
reversal  of  curvature)  and  the  other  on  a  relieved  mean 
line.  Instead  of  investigating  each  mean-line  shape 
through  a  range  of  camber  ratios  as  in  the  previous 
investigation  of  related  airfoils,  only  one  camber  ratio 
is  used  for  each  type,  the  value  of  each  being  selected 
to  give  an  optimum  lift  coefficient  of  0.3. 

DESCRIPTION  OF  AIRFOILS 

The  airfoils  described  herein  are  designated  by  the 
following  numbers  preceding  the  number  12,  which 
designates  the  thickness: 

210,  220,  230,  240,  250, 

211,  221,  231,  241,  251 


Following  the  designation  system  previously  employed 
for  the  N.  A.  C.  A.  family  airfoils,  the  first  digit  of  the 
airfoil  number  is  used  to  designate  the  relative  magni¬ 
tude  of  the  camber.  The  various  mean-line  shapes 
are  designated  by  the  remaining  two  digits  as  follows: 


Type\x 

Position  of  maxi¬ 
mum  camber 

0.05c 

0.10c 

0.15c 

0.20c 

0.25c 

Simple _ _ 

10 

20 

30 

40 

50 

Reflex..  _  .  _ 

11 

21 

31 

41 

51 

The  ordinates  of  the  airfoils  were  obtained  by  the 
method  described  in  reference  1,  which  consists  briefly 
in  disposing  the  desired  thickness  form  about  a  given 
mean  line.  The  thickness  form  used  is  the  same  as 
that  used  for  the  12-percent  thick  airfoils  of  the  earlier 
investigation.  The  airfoil  profiles  arc  shown  in  figure  1 . 

Each  mean  line  is  defined  by  two  equations  derived 
so  as  to  produce  a  shape  having  a  progressively  decreas¬ 
ing  curvature  from  the  leading  edge  aft.  The  curva¬ 
ture  decreases  to  zero  at  a  point  slightly  behind  the 
maximum  camber  position  and,  for  the  simple  mean 
lines,  remains  zero  from  this  point  to  the  trailing  edge. 
The  following  expressions  taken  to  represent  the  simple 
mean  lines  are  chosen  to  satisfy  these  conditions: 


nose:  (z=0  to  x—m) 


dfy 

dx2 


ki  ( x—m ) 


tail:  (x—m  to  x=  1) 


The  mean-line  equations  are  derived  from  these  expres¬ 
sions.  The  constants  of  integration  are  determined 
by  the  following  conditions: 

£=()  y= 0 

x=m  yN=yr 


x— 1  y— 0 

where  the  subscripts  N  and  T  refer  to  the  fore  and  aft 
equations,  respectively.  The  solutions  of  the  equa¬ 
tions  then  become: 

nose:  y = j*.  /t1 1 [  r3 — 3 m r2 + m2  (3— m)x] 
tail:  y=j.klm3  (1 — x) 

The  values  of  m  were  determined  to  give  five  positions 
of  maximum  camber,  namely,  0.05c,  0.1 0c,  0.15c,  0.20c, 
and  0.25c.  Finally,  values  of  kx  were  calculated  to 
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give  a  theoretical  lift  coefficient  of  0.3  ((T^  =0.3)  at 
the  “ideal”  angle  of  attack  (reference  1).  Table  I 
presents  the  values  of  m  and  k\  for  convenient  reference. 


N.A.C.A.  21012 


N.A.C.A.  22012 


N.A.C.A.  23012 


N.A.C.A.  2  40/2 


N.A.C.A.  250/2 


N.A.C.A.  22/ 1 2 


N.A.C.A.  23112 


The  equations  for  the  re  flexed  mean  lines  are  derived 
from  the  following  expressions  again  taken  to  give 
progressively  decreasing  curvature  and  to  give  zero 
curvature  where  the  two  parts  join.  The  tail  part, 
however,  is  represented  by  an  expression  giving  a 
curved  mean  line  permitting  of  adjustment  to  give  zero 
pitching  moment. 


[2 

nose:  (x=0  to  x—m)  <jji==ki  (x—m) 

72 

tail:  (x—m  to  x=l)  2  (x—m) 


Determining  the  constants  of  integration  by  the  same 
conditions  as  for  the  simple  mean  lines,  the  solutions 
of  these  equations  are: 


1  j 

nose:  y=  .  kx 


(x—m)3  —  J72  ( l  —  m )3  x—  m 3,r  -j-  m3 


] 


tail:  y—\  &i  m  (x—m)3— ( l  —  m ) 3x — m3x  -j-  m3 j 

O  _ A*  1  /Ll 

k2  . 

The  ratio  f1  is  expressed  in  terms  of  the  position  of 
k  1 

maximum  camber  p  and  the  juncture  point  m. 


k2 _ 3  (in — p)2 — m3 

ki  (1  —m)3 


For  each  of  five  values  of  p  (0.05c,  0.10c,  0.15c,  0.20c, 
and  0.25c),  m  was  determined  to  give  Cm  ,,  =  0  and, 
finally,  kx  was  calculated  to  give  £7^= 0.3.  Values  of 


h 

h' 


m,  and  klf 


are  given  in  table  I. 


The  models,  which  are  made  of  duralumin,  are  rec¬ 
tangular  and  have  a  chord  of  5  inches  and  a  span  of  30 
inches.  They  are  constructed  from  the  computed 
ordinates  by  the  method  described  in  reference  2. 


TESTS  AND  RESULTS 


N.A.C.A.  25H2 
Figure  l. — Airfoil  profiles. 
TABLE  I 


Mean-line  designation 

Position 
of  cam¬ 
ber  p 

m 

^■*1 

ti/ki 

210  ....... 

0.  05 

0.  0580 

301.4 

220  .  ............ 

.  10 

.  1260 
.  2025 

51.  64 

230.  _ 

.  15 

15.  957 

240 

.  20 

.  2900 

6.  643 

250 

.25 

.3910 

3.  230 

211 _ _  _ 

.05 

(') 

0) 

(>) 

221 _ 

.  10 

.  1300 

51.99 

7.  64 

231 _ 

.  15 

.2170 

15.  793 

67.  70 

241 _ 

.20 

.3180 

6.  520 

303.0 

251 _ 

.25 

.4410 

3.  191 

1355 

1  The  data  for  this  airfoil  are  not  included  because  the  airfoil  tested  was  subse¬ 
quently  found  to  differ  from  the  intended  airfoil  through  an  error  in  deriving  the 
ordinates. 


Routine  measurements  of  the  lift,  drag,  and  pitching 
moment  about  the  quarter-chord  point  were  made  at  a 
Reynolds  Number  of  approximately  3,000,000  (tank 
pressure,  approximately  20  atmospheres).  A  descrip¬ 
tion  of  the  variable-density  tunnel,  in  which  the  tests 
were  made,  and  of  the  method  of  testing  is  given  in 
reference  2. 

The  discussion  of  precision  in  reference  1  points  out 
an  error  in  the  velocity  measurements  due  to  a  change 
in  the  apparent  density  of  the  manometer  fluid  with 
a  change  in  tank  pressure  from  atmospheric.  This 
source  of  error  has  since  been  eliminated  by  correcting 
the  manometer  settings  used  in  fixing  the  tunnel  air 
speed. 

The  data  are  presented  in  standard  graphic  form 
(figs.  2  to  10)  as  coefficients  corrected  after  the  method 
of  reference  2  to  give  airfoil  characteristics  for  infinite 
aspect  ratio  and  aspect  ratio  6.  Included  in  these 
figures  are  tables  of  airfoil  ordinates  at  standard  sta¬ 
tions  and  a  plot  of  the  profile. 


Ratio  of  lift  to  drag,  L/D  Ratio  of  lift  to  drag,  L/D 
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Figure  3.— N.  A.  C.  A.  22012  airfoil. 
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Airfoil:  N.A.C.A.  23012  R.N.:  3,230.000 

Date :  4-21  - 34  Tes  t:  V.O.T.  1 124 

Corrected  to  infinite  aspect  ratio 
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Figure  4—  X.  A.  C.  A.  23012  airfoil. 


Figure  5.— X.  A.  C.  A.  24012  airfoil. 
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Figure  7.— X.  A.  C.  A.  2212 airfoil. 
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Figure  9.— N.  A.  C.  A.  24112  airfoil. 
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In  addition  to  the  standard  plots  the  important 
characteristics  of  these  airfoils  are  presented  in  table 
II,  including  also  the  N.  A.  C.  A.  0012  and  the  N.  A. 
C.  A.  2212  airfoils  for  comparison.  These  tabulated 
characteristics  are  corrected  for  turbulence  and  tip 
effects  as  discussed  briefly  in  the  succeeding  para¬ 
graphs.  The  more  accurate  section  characteristics 
thus  obtained  are  designated  by  lower-case  instead  of 
capital  letters,  e.  g.,  cd.  instead  of  CD,  ,  etc. 

Section  characteristics  derived  from  tests  of  airfoils 
having  square  tips  are  subject  to  small  corrections  made 
necessary  by  tip  losses.  Making  the  reasonable 
assumption  that  more  accurate  section  characteristics 
can  be  obtained  from  tests  on  rounded-tip  airfoils, 
corrections  have  been  determined  from  comparative 


an  effective  value.  The  data  given  in  table  II  are 
therefore  directly  applicable  at  the  effective  Reynolds 
Number  and,  when  supplemented  by  additional  infor¬ 
mation  to  be  published  about  the  character  of  the 
scale  effect  as  indicated  by  the  scale-effect  classifica¬ 
tion,  will  enable  improved  predictions  of  maximum  lift 
coefficients  at  other  values  of  the  Revnolds  Number. 

DISCUSSION 

The  important  independent  variable,  as  mentioned  in 
the  introduction,  is  the  camber  position.  The  varia¬ 
tion  of  the  aerodynamic  characteristics  with  camber 
position,  discussed  in  the  following  paragraphs,  is 
shown  by  cross  plots  (figs.  11  to  16)  of  the  character¬ 
istics  taken  from  the  standard  plots  (figs.  2  to  10). 


tests  of  several  airfoils  with  and  without  rounded  tips 
and  the  corrected  characteristics  are  shown  in  table  II. 

The  maximum-lift  values  given  in  the  table  may  be 
considered  as  applicable  to  flight  at  the  value  of  the 
Reynolds  Number  given  as  the  “effective  Reynolds 
Number. ”  As  discussed  in  reference  3,  agreement  with 
flight  is  to  be  expected  when  the  results  are  thus  applied 
on  the  basis  of  an  effective  Reynolds  Number  in  order 
to  allow  for  the  effects  of  turbulence  present  in  the 
wind  tunnel.  The  tabulated  drag  coefficients  have 
been  corrected  for  the  change  in  skin-friction  drag 
corresponding  to  the  change  in  Reynolds  Number  to 


The  slope  of  the  lift  curve  for  each  airfoil  is  less 
than  the  theoretical  value  for  thin  airfoils,  2ir  per 
radian,  and  is  practically  constant  over  the  range  of 
camber  positions  tested  (fig.  11).  The  angle  of  zero 
lift  is  only  slightly  affected  by  change  in  camber 
position  as  shown  in  figure  12.  Zero  lift  occurs  at 
slightly  greater  negative  angles  than  the  theoretical 
values  based  on  the  mean  line,  the  values  of  the 
experimental  angles  differing  by  approximately  0.2° 
from  the  theoretical  values. 

Previous  tests  have  shown  that  relieved  mean-line 
airfoils  produce  a  slightly  higher  minimum  drag  than 
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simple  mean-line  airfoils.  This  conclusion  is  further 
confirmed  by  figure  13,  which  also  shows  a  slight 
increase  in  drag  as  the  camber  position  changes  from 


The  variation  in  maximum  lift  is  shown  in  figure  15 
and  supports  previous  findings  that  reflex  airfoils  have 
a  lower  maximum  lift.  Moving  the  camber  position 
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Figure  ll.— Variation  of  lift-curve  slope  with  camber  position. 


.25 


0.15c  to  0.25c.  The  optimum  lift  (fig.  14)  for  both 
types  is  about  the  same  but  increases  as  the  position 
of  the  camber  moves  aft  in  the  range  tested.  These 


Figure  12. — Variation  of  angle  of  zero  lift  with  camber  position. 

values  may  be  compared  with  0.3,  the  theoretically 
determined  value  of  the  lift  coefficient  at  the  “ideal” 
angle  of  attack  for  the  mean  line,  i.  e.,  the  angle  of 


.8 

Clcp( 

.4 


O 

Figure  14. — Variation  of  optimum  lift  with  camber  position. 

forward  from  0.25c  to  0.15c  tends  to  increase  slightly 
the  maximum  lift.  With  the  maximum  camber  po¬ 
sition  forward  of  0.15c,  the  maximum  lift  of  the  sim- 
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Figure  15.— Variation  of  maximum  lift  with  camber  position. 


Figure  13. — Variation  of  minimum  profile  drag  with  camber  position. 


attack  for  which  the  thin-airfoil  theory  gives  a  finite 
velocity  at  the  nose.  The  optimum  lift  coefficients 
for  these  airfoils  are  smaller  than  the  theoretical 
value  of  the  ideal  lift  coefficient  {CLl  —  0.3). 


pie  mean-line  airfoils  was  unaffected  but  the  reflexed 
mean-line  airfoils  showed  a  decreased  maximum  lift. 


02 
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Figure  16— Variation  of  pitching  moment  with  camber  position. 


The  measured  pitching  moment  (fig.  16)  for  the 
reflexed  airfoils  remained  practically  zero  with  varia¬ 
tion  of  position  of  maximum  camber  in  accordance  with 
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design  calculations.  The  simple  mean-line  airfoils 
gave  exceptionally  low  pitching  moments,  somewhat 
lower  than  the  theoretical  values  based  on  the  mean 
line.  Both  the  measured  and  theoretical  curves  for  the 
simple  mean-line  airfoils  are  given  in  figure  16. 

The  analysis  of  these  charts  and  the  data  of  table 
II  show  that  the  reflexed  airfoils,  although  comparing 
favorably  with  other  reflexed  airfoils,  are  surpassed  by 
the  simple  mean-line  airfoils.  Furthermore,  the  air¬ 
foils  covering  a  range  of  camber  locations  forward 
of  normal  positions  possess  improved  characteristics. 

A  comparison  of  the  N.  A.  C.  A.  24012  with  the 
N.  A.  C.  A.  2212  indicates  the  differences  that  may  be 
attributed  to  the  difference  between  the  mean-line 
forms.  These  airfoils  having  the  same  camber  loca¬ 
tion  but  different  mean-line  forms  possess  approxi¬ 
mately  the  same  lift  and  drag  characteristics.  The 
angle  of  zero  lift  and  the  pitching  moment,  however, 
are  quite  different.  Especially  noteworthy  is  the  very 
much  lower  pitching  moment  produced  by  the  airfoils 
reported  herein. 

One  of  the  promising  airfoils  of  this  group,  the 
N.  A.  C.  A.  23012  airfoil  (previously  referred  to  as 
“the  N.  A.  C.  A.  A-312”))  has  been  further  investi¬ 
gated  by  tests  in  the  full-scale  tunnel  and  over  a  range 
of  values  of  the  Reynolds  Number  in  the  variable- 
density  tunnel.  These  results  (reference  3)  confirm 
the  conclusion  that  this  airfoil  has  improved  charac¬ 


teristics  over  well-known  and  commonly  used  airfoils  of 
this  class.  It  has  a  high  maximum  lift  and  a  low 
pitching  moment.  Furthermore,  the  minimum  drag  is 
practically  as  low  as  that  of  the  corresponding  syrri- 
metrical  airfoil,  the  N.  A.  C.  A.  0012. 

More  generally,  other  sections  of  this  group,  such  as 
the  N.  A.  C.  A.  21012  and  22012  having  an  even  lower 
pitching  moment  than  the  23012,  should  supply  the 
need  of  many  applications  requiring  a  slightly  cam¬ 
bered  section  of  moderate  thickness  having  a  very  low 
pitching  moment. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  May  7,  1935. 
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TABLE  II.— AIRFOIL  DATA 


Classification 

Fundamental  section  characteristics 

Derived  and  additional  characteristics  that  may  be 
used  for  structural  design 

Airfoil 

,  millions  8 

C/3 

as 

o 

s— 

bx> 

a.  c.  (percent 
c  from  c/4) 

c.  p.  at 
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o 
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tl 

o 

o 

u 
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o 

C3 

e. 
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=9 
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cj 
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N 

e 

0 

e 

0 

Q 

"O 

Computed 

Actual 

•d 

03 

l— 

U> 

03 

a 

**> 

6 

e 

I 

o5 

o' 

O 

iO 

CD 

O 

Maximum 

03 

O 

fa 

03 

a 

t- 

(V 

Xi 

a 

03 

o 

N.  A.  C.  A.  21012 

A 

C12 

D2 

c 

8.  37 

(6) 

1.67 

15 

-0.6 

(6) 

0.  099 

(«) 

0.00 

(6) 

0.  0070 

(') 

0.001 

(9 

2.0 

(6> 

3 

(6) 

239 

(6) 

23 

25 

4.32 

0. 0070 

10.  69 

8.26 

12 

1. 1 

N.  A.  C.  A.  22012. 

A 

C12 

D2 

c 

8.  32 

1.66 

16 

-.9 

.  100 

.  10 

.0071 

-.  005 

1.8 

3 

234 

24 

25 

4.  34 

.  0073 

10.  09 

8.  24 

12 

1,6 

N.  A.  C.  A.  23012... 

A 
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1)2 

A 
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1.67 

16 
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.08 
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24 

26 

4.34 
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12 
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A 

C12 

C3 

c 

8.  26 

1.65 

16 

-1.5 
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.08 

.0072 

-.013 

1.7 

3 

229 

24 

26 

4.  34 

.  0073 
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8.  25 

12 

2.  1 

N.  A.  C.  A.  25012... 

A 

C12 

C3 

c 

8.  24 

1.61 

15 

-1.6 

.  100 

.10 

.0075 

-.019 

1.6 

3 
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25 

27 

4.34 

.  0077 

10.  72 
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12 

2.3 

N.  A.  C.  A.  0012.... 

A 

CIO 

CO 

A 

8.  53 

1.68 

17 

.0 

.097 

.00 

.0068 

0 

1.8 

2 
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23 

25 

4.25 

.  0068 

10.69 

8.  27 

12 

0 

N.  A.  C.  A.  2212  ... 

A 
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C3 

n 

8.42 

1.65 

16 

-1.8 

.099 

.  12 

.0072 

-.  029 

1.4 

2 
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25 

27 

4.  32 

.0073 

10.  69 

8.  25 

12 

2.0 

N.  A.  C.  A.  22112. 

A 

Cll 

D2 

B 

8.  55 

1.58 

15 

-.8 

.  100 

.06 

.0072 

.001 

1.5 

3 

219 

23 

25 

4.34 

.0073 

10.  69 

8.27 

12 

1.6 

N.  A.  C.  A.  23112. 

A 

Cll 

D2 

A 

8.21 

1.67 

16 

-.8 

.  100 

.08 

.0074 

.  002 

2.0 

4 

226 

23 

25 

4.  34 

.  0075 

10.  69 

8.28 

12 

2.  1 

N.  A.  C.  A.  24112. 

A 

Cll 

C3 

A 

8.00 

1.61 

16 

-.9 

.  100 

.  10 

.  0074 

0 

1.9 

4 

218 

23 

25 

4.34 

.  0075 

10.71 

8.26 

12 

2.4 

N.  A.  C.  A.  25112... 

A 

Cll 

C3 

B 

8.24 

1.56 

15 

-1.2 

.  100 

.08 

.0074 

-.002 

1.8 

3 

211 

23 

27 

4.  34 

.0075 

10.73 

8.28 

12 

2.  7 

1  Type  of  chord.  A  refers  to  a  chord  defined  as  a  line  joining  the  extremities  of  the  meanline. 

2  Type  of  pressure  distribution. 

3  Type  of  scale  effect  on  maximum  lift. 

4  Type  of  lift-curve  peak  as  shown  in  the  sketches. 


Note. — The  foregoing  classifications  are  given  hero  for  convenient  future  reference.  A  detailed  discussion  will  be  published  in  a  later  report  dealing  with  the  application 
of  airfoil  characteristics  to  design  problems. 

!  Turbulence  factor  is  2.04. 

8  These  data  have  been  corrected  for  tip  effect. 
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ALTITUDE-PRESSURE  TABLES  BASED  ON  THE  UNITED  STATES  STANDARD 

ATMOSPHERE 

By  W.  G.  Brombacheii 


SUMMARY 

The  altitude-pressure  tables  of  the  United  States  stand¬ 
ard  atmosphere  given  in  Technical  Report  No.  246  ( ref¬ 
erence  1)  are  reprinted  since  that  report  is  out  of  print. 
Advantage  is  taken  to  make  certain  revisions  in  the  text 
and  particularly  to  extend  the  altitude  range  of  the  tables 
from  50,000  to  80,000 feet.  These  tables  include:  (I)  Alti¬ 
tude  in  feet  at  pressure  intervals  of  0.1  millimeter  of  mer¬ 
cury  in  the  range  20  to  200  millimeters  of  mercury  and  at 
intervals  of  0.2  millimeter  of  mercury  in  the  range  200  to 
790  ■millimeters  of  mercury;  (II)  altitudes  in  feet  at  pres¬ 
sure  intervals  of  0.01  inch  of  mercury  in  the  range  0.8  inch 
to  31.09  inches  of  mercury ;  and  {III)  pressures  in  both 
millimeters  and  inches  of  mercury  and  air  temperatures 
for  every  500-foot  interval  in  the  altitude  range  — 1,000  to 
50,000  feet  and  for  every  1,000-foot  interval  up  to  80,000 
feet.  The  mean  temperature  of  the  air  column  is  given  for 
each  of  the  altitudes  in  table  III  up  to  50,000  fed. 

The  work  was  carried  out  at  the  National  Bureau  of 
Standards,  in  part  with  the  cooperation  and  financial 
assistance  of  the  National  Advisory  Committee  for  Aero¬ 
nautics. 

INTRODUCTION 

A  standard  atmosphere  is  essential  in  aeronautics  as 
a  standard  of  reference  in  evaluating  the  performance 
of  aircraft  and  in  calibrating  altimeters.  The  standard 
atmosphere  now  in  general  use  in  the  United  States  was 
officially  adopted  in  1925  by  a  group  of  Government 
organizations  interested  in  aeronautics.  For  a  more 
complete  discussion  of  the  details  of  establishing  this 
standard  atmosphere  see  Technical  Reports  Nos.  147, 
218,  and  240  (references  1,  2,  and  3). 

The  tables  especially  convenient  for  the  use  of  the 
standard  atmosphere  in  calibrating  altimeters  are 
given  in  Technical  Report  No.  240  (reference  1),  but 
unfortunately  that  report  is  out  of  print.  To  make  J 
these  essential  tables  available  a  reprint  in  some  form 
is  believed  advisable.  Advantage  is  taken  to  make 
certain  desirable  revisions  and  particularly  to  extend 
the  altitude  range  of  the  tables  from  50,000  to  80,000 
feet. 

STANDARD  ATMOSPHERE 

A  standard  atmosphere  is  usually  defined  by  the 
altitude-temperature-pressure  relation  of  the  La  Place 


barometric  formula  in  which  the  temperature  term  is 
replaced  by  an  assumed  value  of  temperature  in  terms 
of  altitude  or  pressure.  In  the  United  States  standard 
atmosphere,  a  simple  altitude-temperature  relation  has 
been  assumed  which  approximates  the  yearly  average  of 
the  observed  altitude-temperature  relation  at  latitude 
40°  in  this  country.  This  relation  is  a  slight  modifica¬ 
tion  of  that  proposed  by  Toussaint  in  1919  (reference 
4).  The  standard  atmosphere  is  defined  completely 
in  National  Advisory  Committee  for  Aeronautics 
Technical  Report  No.  218,  “Standard  Atmosphere- 
Tables  and  Data”,  by  Walter  S.  Diehl  (reference 
3).  The  important  formulas  in  tins  last  report  are 
repeated  here  for  reference  purposes,  together  with 
expressions  to  be  used  in  computing  actual  altitudes 
from  pressure  and  temperature  observations.  Abso¬ 
lute  temperatures  are  equal  to  centigrade  temperatures 
plus  273. 

Symbols  relating  to  the  standard  atmosphere : 

Z,  Standard  altitude  above  sea  level. 

Z55,  Altitude  at  the  lower  limit  of  the  isothermal 
layer. 

T,  Absolute  temperature  of  the  air  at  altitude  Z. 

T0,  Standard  sea-level  temperature  in  degrees 
absolute. 

Tm,  Mean  temperature  of  the  air  column  below 
altitude  Z  in  degrees  absolute. 

Tm 55,  Mean  temperature  of  the  air  column  below 
altitude  Z55  in  degrees  absolute. 

P,  Pressure  of  the  air  at  altitude  Z. 

P o,  Standard  sea-level  pressure. 

Symbols  relating  to  actual  observations: 

II,  Actual  altitude. 

Tma,  Mean  temperature,  computed  from  observa¬ 
tions,  in  degrees  absolute. 

P,  Pressure  of  the  air  at  altitude  II. 

1\,  Pressure  of  the  air  at  the  level  at  which  II  =0, 
as  at  the  ground  level. 

T„,  Mean  temperature  of  equal  small  intervals  of 
log  P  from  Pq  to  P. 

n,  Number  of  equal  intervals  of  log  P  from  P0 
to  P. 
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Formulas  relating  to  the  standard  atmosphere : 
(a)  Up  to  the  isothermal  layer, 

T=T  —aZ 
aZ 


T 


log,,,. 


T 

1  n 


(1) 

(2) 


To-aZ 


T0= 288°  absolute 
(1=0.0065000  for  Z  in  meters 
=  0.0019812  for  Z  in  feet. 

(6)  At  the  lower  limit  of  the  isothermal  layer 
7’=  —  55°  C.  =  218°  absolute, 

/->55=  175.898  mm  of  mercury, 
Z55=35,332  ft.  =  10,769  meters, 

Tm  55 =251.378°  absolu  te . 

(c)  In  the  isothermal  layer, 

T=- 55°  C.=218°  absolute. 

Z 


(3) 


Z  7 

55  /j  ^bb 

O  1  o 


m~  7. 

Tib,  1  218 


((/)  For  all  altitudes  in  the  standard  atmosphere 


Z=kI^  lo 


Pp 

7  p 


(4) 

(5) 

(6) 


(e)  An  alternative  expression  for  altitudes  in  the 
isothermal  layer, 


218  P 
Z=Z55+K~  lo 

1  o 


)gio- 


p 


=  35332+48211.1  logw1'^-- 

where  P  is  in  mm  of  mercury  and  Z  is  in  feet. 

Formulas  for  computing  true  or  actual  altitudes: 

T  P 

-L  mn  i  X  fl 


(U 

(8) 


11—22 !  .1 52  Tma  log 7 ''  feet 


Po. 


P 

//=67.4073  7+a  log  meters 
or  alternately, 

II 


T  —  T 

1  m  a  1  m  ry  ,  y 

Z/  -p  Z/ 


75 


T 

1  r* 

'Po 

Td  log  P  vT, 

P  "7  n 


log  p" 


71 


(9) 

(10) 

(11) 

(12) 

(13) 


Constants: 

For  formulas  (6),  (7),  and  (9) 

K*=  19,413.3  for  Z  in  meters, 

=  63,691.8  for  Z  in  feet. 

For  formula  (6), 

Po  —  760  mm  of  Hg  =  29.921  in.  Hg, 

P  is  in  the  same  unit  of  pressure  as  P0. 

*  The  values  of  A  adopted  for  the  altimeter  calibrations  standard  differ  in  the  las 
place  from  the  values  given  in  Technical  Report  No.  218  (reference  3),  but  th 
differences  are  small  enough  to  be  inconsequential. 


It  is  to  be  noted  that  expression  (6)  for  altitude 
in  the  standard  atmosphere  and  (9)  for  actual  altitude 
differ  in  that  the  mean  temperature  term  and  the  air 
pressure  P0  have  fixed  values  in  the  first  case  and  are 
based  upon,  or  are  observed  values  in  the  second  case. 
Formula  (6)  does  not  readily  lend  itself  to  computing 
differences  in  altitude  in  the  standard  atmosphere  in 
the  cases  where  PQ  differs  from  the  standard  sea-level 
pressure,  but  this  computation  is  unnecessary  when 
tables  such  as  those  given  in  this  report  are  available. 

DESCRIPTION  OF  THE  TABLES 

Table  I. — Altitudes  are  given  at  pressure  intervals 
of  0.1  millimeter  of  mercury  in  the  range  20  to  200 
millimeters  of  mercury  and  at  intervals  of  0.2  milli¬ 
meter  of  mercury  in  the  range  200  to  790  millimeters 
of  mercury.  The  values  given  in  the  table  are  accurate 
within  1  foot  at  the  lower  altitudes  and  within  2  feet 
at  the  higher  altitudes. 

Table  II.  Altitudes  are  given  at  pressure  intervals 
of  0.01  inch  of  mercury  in  the  range  0.8  inch  to  31.09 
inches  of  mercury.  The  accuracy  of  this  table  is  the 
same  as  that  of  table  1. 

Table  III. — The  pressures  in  inches  of  mercury  and 
millimeters  of  mercury  and  also  the  air  temperature 
are  given  for  every  500-foot  interval  in  the  range 
-  1,000  to  50,000  feet  and  for  every  1,000-foot  interval 
up  to  80,000  feet.  The  mean  temperature  of  the  air 
column  below  the  altitude  is  given  for  each  of  these 
altitudes  up  to  50,000  feet.  The  values  of  the  pres¬ 
sures  are  rounded  off  from  computations  extending 
to  six  significant  figures  in  each  case,  and  for  this 
reason  it  will  be  found  that  the  pressures  in  inches  and 
in  millimeters  do  not  always  exactly  correspond.  The 
temperatures  and  mean  temperatures  are  rounded  off 
from  values  extending  to  six  significant  figures. 

COMPUTATION  OF  ALTITUDE  FROM  PRESSURE  AND 
TEMPERATURE  OBSERVATIONS 

True  or  actual  altitude  above  the  ground  level  is 
not  given  by  the  altimeter  calibrated  to  the  standard 
atmosphere  even  if  all  instrumental  corrections  have 
been  applied  and  the  altimeter  has  been  adjusted  so 
as  to  read  zero  at  the  ground  level.  The  error  remain¬ 
ing  is  due  to  the  fact  that  the  actual  mean  temperature 
of  the  air  column  extending  from  the  ground  to  the 
level  of  the  aircraft  differs  in  general  from  the  mean 
temperature  assumed  for  this  altitude  in  the  standard 
atmosphere.  In  computing  altitudes  accurately  sev¬ 
eral  equivalent  methods  may  be  used;  one,  in  which  a 
correction  is  evaluated  and  applied  to  the  altitude 
obtained  from  the  altimeter  reading  as  indicated  in 
formula  (12)  and  another  which  is  preferable,  in  which 
the  computation  is  made  directly,  using  formula  (9). 
In  either  case  it  is  seen  that  the  actual  mean  tempera- 
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ture  of  the  air  column  must  be  evaluated.  Carrying 
out  the  necessary  computations  in  lliglit  is  usually 
an  impractical  procedure,  so  that  for  flight  use  approxi¬ 
mate  methods  have  been  developed.  In  these  methods 
the  altimeter  indication,  corrected  for  instrumental 
errors,  and  the  observed  free-air  temperature  are  used 
to  enter  abbreviated  tables,  or  preferably  a  computer, 
in  order  to  obtain  a  value  more  nearly  approximating 
the  true  altitude.  The  discussion  here  will  be  restricted 
to  the  more  accurate  method,  based  on  the  use  of 
formula  (9). 

To  obtain  the  actual  mean  temperature  of  the  air 
column,  observations  of  the  temperature  of  the  free 
air  and  the  corresponding  air  pressure  P  must  be 
available  at  a  number  of  levels  between  the  ground  and 
the  upper  level.  The  air  temperatures  should  be 
plotted  against  corresponding  values  of  log  P  or  a 
quantity  proportional  to  log  P.  Altitude  in  an 
isothermal  atmosphere,  such  as  given  in  tables  in  the 
Smithsonian  Meteorological  Tables  (reference  5),  or  in 
B.  S.  Aeronautical  Instrument  Circular  No.  3  (refer- 


p 

ence  6)  is  given  by  the  expression  K  log  p  which  is  pro¬ 


portional  to  log  P,  and  may  in  some  cases  be  convenient 
to  use.  The  curve  thus  obtained  is  subdivided  into 
equal  divisions  of  log  P  or  the  quantity  proportional 
to  it.  The  number  of  divisions  is  determined  largely 
by  the  number  of  observations  and  the  accuracy  of  the 
data.  The  arithmetic  mean  of  the  air  temperatures  at 
the  middle  of  each  log  P  division,  formula  (13),  gives 
the  actual  mean  temperature. 

Substituting  the  mean  temperature  (in  degrees 
centigrade  absolute)  so  obtained,  together  with  the 
upper  and  lower  level  air  pressures,  into  equation  (9), 
or  its  equivalents  (10)  or  (11),  enables  the  actual  alti¬ 
tude  above  the  ground  level  to  be  computed.  The 
altitude  above  sea  level  is  the  altitude  above  the 
ground  plus  the  elevation  of  the  ground  above  sea 
level. 

It  should  be  noted  that  the  air  pressure  at  the  ground 
level  is  required  at  a  point  beneath  the  airplane  at  the 
time  at  which  the  air  pressure  is  observed  in  the  air¬ 
craft.  In  general,  this  value  can  be  obtained  only  by 
interpolation  from  observations  of  atmospheric  pres¬ 
sure  at  fixed  stations.  The  interpolation  will  have  to 
be  made  to  secure  the  value  at  the  same  time  and  at  the 
proper  point  since  the  air  pressure  varies  with  time  and 
place,  and  a  reduction  will  also  have  to  be  made  to  the 
proper  elevation,  since  the  observed  values  will  be 
ordinarily  for  points  at  elevations  differing  with  each 
other  and  from  that  at  the  ground  level  below  the 
aircraft.  The  procedure  in  making  the  interpolations 
is  obvious.  The  process  of  the  reduction  to  the  proper 
elevation  is,  in  the  final  analysis,  the  same  as  computing 


the  altitude  accurately,  using  formula  (9).  In  practice, 
the  situation  is  usually  such  that  no  sensible  error  is 
introduced  if  the  reduction  is  made  by  using  the  alti¬ 
tude-pressure  tables  of  the  standard  atmosphere  thus 
neglecting  the  effect  of  the  difference  in  the  actual  and 
standard  mean  temperature. 

EXAMPLE  OF  THE  COMPUTATION  OF  ACTUAL 

ALTITUDE 

DATA 

Air  pressure  at  the  level  of  the  aircraft:  11.18  inches  of 
mercury. 

Air  pressure  at  the  ground  level:  29.24  inches  of  mercury. 

Elevation  of  ground  above  sea  level:  800  feet. 

Temperature  observations  (from  a  flight  log  in  which  an 
altimeter  and  an  air  thermometer  were  read)  are  given  in  the 
table  below  together  with  the  air  pressure,  logarithm  of  the  air 
pressure,  and  the  difference  between  the  log  air  pressures  at  0 
and  at  the  other  altitudes,  designated  A  log  P. 


Corrected  altimeter  read- 
in  " ,  feet 

Air  pres¬ 
sure, 
inches  of 
mercury 

Log  air 
pressure, 
los;  P 

A  log  P 

Free  air 
tempera¬ 
ture 
°C. 

0 _ 

29.  24 

1.4660 

0 

28 

1,000--  —  ....  _ 

28. 19 

1.  4501 

0.  0159 

23 

2,000-  _ 

27. 18 

1.  4342 

.0318 

20 

3,000 _ 

26.  19 

1.4181 

.  0479 

18 

4.000 _ -  -  - 

25.  23 

1.4019 

.  064 1 

15 

5,000 _  _ -  _ 

24.31 

1.  3858 

.  0802 

12 

8,000 _ 

23.  40 

1.  3692 

.  0968 

11 

7,000 _ 

22.  53 

1.3528 

.  1132 

JI 

8,000 _ 

21.69 

1.3363 

.  1297 

11 

9,000-  _ 

20. 86 

1.3193 

.  1467 

9 

10,000 _ 

20.  07 

1.3026 

.  1634 

8 

11,000 _  _ 

19.  30 

1.2856 

.  1801 

7 

12,000 _ 

18.  55 

1.2683 

.  1977 

5 

13,000—  _ 

17.83 

1.2512 

.  2148 

2.  5 

14,000 _ 

17.  13 

1.  2338 

.  2322 

2 

15,000 _ 

16.45 

1.2162 

.  2498 

-i 

16,000 _ 

15.80 

1.  1987 

.  2673 

-i 

17,000  _  _  _ 

15.  16 

1. 1807 

.  2853 

-4 

18,000 _  — 

14.  55 

1.  1629 

.3031 

-6 

21,000.  _ _ 

12.  83 

1.  1082 

.  3578 

—  11 

22,000 _  -  -  . 

1 2.  29 

1.0896 

.  3764 

-13 

23,000-  -  _  _ 

11.77 

1 . 0708 

.  3852 

-14 

24,000.  ---  _ 

1 1 . 28 

1.0523 

.4137 

-17 

24.200  _ _ 

11.  18 

1.  0484 

.4176 

-18 

Computations. — The  temperatures  have  been  plotted 
in  figure  1  against  A  log  P,  which  is  a  quantity  pro¬ 
portional  to  log  P  convenient  in  making  the  com¬ 
putations.  The  graph  is  shown  divided  into  equal 
intervals  of  A  log  P  from  1  to  8,  inclusive,  and  a  re¬ 
mainder  9.  The  mean  temperature  of  these  intervals 
is  obtained  by  inspection  and  is  listed  below: 


Interval  no. 

Mean  tem¬ 
perature  of  ’ 
interval 
°C. 

1  _  _ 

22.  0 

2 

13.  5 

u 

10.5 

4 _ 

7. 0  j 

2.  0 

6 _ 

-3.0 

—  8.  0 

s  _ _  _ _ _ 

-13.0 

9  ,  _  ...  _ 

—  16.5 
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J'kh'RB  ). —Observed  air  temperatures  plotted  against  a  function  of  the  logarithm 
of  the  air  pressure,  log  P,  here  increments  of  log  P. 


Sum  of  mean  temperatures,  intervals 
1  to  8  = 


31.  0 


Mean  temperature  of  air 
interval  9,  in  °C.= 

Mean  temperature  of  air 
intervals  1  to  9,  Tma,  in  °C.= 


column, 

-.33X16.5 

column, 


31 


0.33X16.5 

8.33 


3.  1 


Inserting  the  values  of  the  constants, 
Tma,  P0,  and  P  into  formula  (10) 

77=221.152  (273  +  3.1)  log  = 

Actual  altitude  above  surface, 
Elevation  of  ground  above  sea  level, 


25,  495 

25,  500 
800 


Actual  altitude  above  sea  level,  in  feet,  26,  300 
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TABLE  I 

A LTITU DE-PRESSURE  TABLE— FEET-M 1  LET M ETERS 


Altitude  in  feet,  pressure  in  millimeters  of  mercury 


P  millimeters 

0 

0.1 

0.2 

0.3 

04 

0.5 

0.6 

0.7 

0.8 

0.9 

20 _ 

80854 

80749 

80845 

80542 

80439 

80337 

80235 

80134 

80033 

79933 

21 _ _ 

79833 

79734 

79635 

79536 

79438 

79340 

79243 

79146 

79050 

78954 

22 _ 

78859 

78764 

78669 

78575 

78481 

78388 

78295 

78203 

781 1 1 

78019 

22 _ 

77928 

77837 

77747 

77657 

/  7567 

77478 

77389 

77300 

77212 

77124 

24 _ _ _ 

77037 

76950 

76863 

76777 

76691 

76605 

76520 

76435 

76350 

76266 

25 _ 

70182 

76098 

76015 

75932 

75350 

75768 

75686 

75605 

75523 

75442 

20 _ 

75361 

75280 

75200 

75121 

7504 1 

74962 

74883 

74805 

74727 

74649 

27 . - _ _ 

74571 

74494 

74417 

74340 

74264 

74187 

74111 

74035 

73959 

73884 

28 _  _ 

73809 

73734 

73660 

73586 

73512 

73439 

73365 

73292 

73219 

73146 

29 _ 

73074 

73002 

72931 

72859 

72788 

72717 

72646 

72570 

72505 

72435 

:«) _ 

72365 

72296 

72220 

72157 

720S8 

72019 

71951 

71883 

71815 

71717 

31 _  _ 

71679 

71612 

71544 

71477 

71410 

71343 

71277 

71212 

71145 

71079 

32 _ _ _ 

71014 

70948 

70883 

70818 

70753 

70689 

70624 

70560 

70498 

70433 

33 _ 

70369 

70305 

70212 

70179 

70116 

70054 

69992 

69929 

69867 

69805 

34 _ 

69744 

69683 

69622 

09561 

69500 

69439 

69378 

69318 

69257 

69197 

35 _ _ _ 

137 

69077 

69018 

68958 

68899 

68840 

68781 

68722 

68664 

68605 

30 _ _ _ 

68547 

68489 

08431 

68374 

68316 

68259 

68202 

68145 

68088 

68031 

37 . . . 

67974 

67918 

67861 

67805 

67749 

67693 

67637 

67581 

67526 

67471 

38 _ 

67416 

67361 

67306 

67251 

67196 

67142 

67088 

67034 

06980 

66926 

39 _ _ _ 

66872 

66818 

66764 

66710 

66657 

66605 

66552 

66499 

66447 

66394 

40 _ 

6634 1 

66288 

60230 

66184 

60132 

66081 

66029 

65978 

65926 

65875 

41 _ _  ..  . 

65824 

65773 

65722 

65671 

65621 

65571 

65520 

65470 

65420 

65370 

42 . . 

65320 

65270 

65220 

65171 

65121 

65072 

65023 

64973 

64924 

64875 

l  43 _ 

64827 

64779 

64730 

64682 

64634 

64585 

04537 

489 

64141 

04393 

(  44 _ _ _ 

64346 

64298 

64251 

64203 

64156 

64109 

64062 

64015 

63968 

63921 

45 _ _ 

63875 

63828 

63782 

63736 

63690 

63644 

63598 

03552 

506 

460 

40 _  . 

63415 

63369 

63324 

63279 

63234 

63189 

63144 

63099 

63054 

63010 

47... _ _ _ _ 

62965 

62926 

62877 

62832 

62788 

62744 

62700 

62656 

62612 

62568 

48 _  ..  .  .. 

524 

481 

437 

G2384 

62351 

62307 

62264 

62221 

62178 

62135 

49 _ 

62092 

62049 

62007 

61964 

61922 

61880 

61838 

61795 

61753 

61711 

50 _ _ 

61669 

61627 

61585 

544 

502 

461 

420 

61378 

61337 

61296 

51 _  _ 

61255 

61214 

61173 

61132 

61091 

61050 

61010 

60970 

60929 

60889 

52. _ _ _ _ 

60848 

60808 

60768 

60728 

60688 

60648 

60608 

568 

528 

489 

53 _ _ _ 

449 

409 

60369 

60330 

60291 

60252 

60213 

60174 

60135 

60097 

54. _ _  . 

60058 

60019 

59980 

59941 

59902 

59864 

59825 

59788 

59750 

59712 

55 _ 

59674 

59636 

598 

560 

522 

485 

447 

409 

371 

59333 

50 _ 

59296 

59259 

59222 

59185 

59148 

59111 

59074 

59037 

59000 

58963 

57... _ _ 

58926 

58890 

58853 

58816 

58780 

58744 

58707 

58671 

58634 

598 

58. _ 

562 

526 

490 

454 

419 

383 

58347 

58312 

58276 

58240 

59. _ 

58204 

58168 

58133 

58098 

58062 

58027 

57992 

57957 

57922 

57887 
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TABLE  I — Continued 


ALTITUDE-PRESSURE  TABLE— FEET-MILLIMETERS— Continued 


Altitude  in  feet,  pressure  in  millimeters  of  mercury— Continued 


P  millimeters 

0 

j  0.1 

0.2 

I  0.3 

0.4 

0.5 

0.6 

0.7 

0.8 

0.9 

60. _ 

57852 

57817 

57782 

57748 

57713 

57679 

644 

610 

575 

541 

61...  _  ... 

506 

472 

438 

403 

369 

57335 

57301 

57267 

57233 

57199 

62 _ 

57165 

57131 

57098 

57064 

57031 

56997 

56964 

56930 

56897 

56863 

63 _ 

56830 

56797 

56764 

56731 

56698 

665 

632 

599 

567 

534 

64. _  .  _  . _ 

501 

169 

436 

404 

371 

339 

306 

274 

241 

209 

65 _ 

56176 

56144 

56112 

56080 

56048 

56016 

55984 

55952 

55920 

55888 

66  _ 

55856 

55824 

55793 

55761 

55730 

55698 

667 

635 

604 

572 

67 _ 

541 

510 

479 

448 

417 

386 

355 

324 

55293 

55262 

68 _ 

55231 

55199 

55169 

55139 

55108 

55078 

55047 

55016 

54986 

54956 

69 _ 

54926 

54895 

54865 

54835 

54805 

54774 

54744 

54714 

684 

654 

70  .  _ 

624 

594 

565 

535 

505 

475 

446 

416 

386 

356 

71. _  .  _ 

327 

298 

54268 

54239 

54210 

54180 

54151 

54122 

54093 

54063 

72 _ _ _ 

54034 

54005 

53976 

53947 

53918 

53889 

53861 

53832 

53803 

53774 

73 _ _ _ 

53746 

53717 

689 

660 

632 

603 

575 

546 

518 

489 

74 _ 

461 

432 

404 

376 

348 

320 

292 

53264 

53236 

53208 

75 _ 

53180 

53152 

53124 

53096 

53068 

53040 

53013 

52985 

52957 

52929 

76. _  _  _ 

52902 

52874 

52847 

52819 

52792 

52765 

52737 

710 

683 

656 

77 _ 

629 

602 

575 

548 

521 

494 

467 

440 

413 

386 

78 _ 

359 

332 

306 

279 

52252 

52226 

52199 

52172 

52146 

52119 

79 _ 

52092 

52065 

52039 

52012 

51986 

51959 

51933 

51907 

51880 

51854 

80 _ 

51828 

51802 

51776 

51750 

724 

698 

672 

646 

620 

594 

HI _ _  ... 

568 

542 

516 

491 

465 

440 

414 

388 

363 

337 

82 _ 

311 

285 

260 

51235 

51210 

51184 

51159 

51134 

51108 

51083 

83 _ 

51058 

51033 

51008 

50983 

50958 

50933 

50907 

50882 

50857 

50832 

84 _ _ 

50807 

50782 

50757 

732 

707 

682 

658 

633 

608 

583 

85. _ 

559 

534 

509 

484 

459 

435 

411 

386 

362 

338 

86.  _ 

313 

289 

265 

241 

50217 

50193 

50169 

50145 

50121 

50097 

87. _ 

50073 

50049 

50025 

50001 

49977 

49953 

49929 

49905 

49881 

49857 

88 _ 

49833 

49810 

49786 

49762 

738 

715 

691 

667 

644 

620 

89 _  _ 

596 

573 

550 

526 

503 

479 

456 

433 

409 

386 

90. _ 

362 

339 

316 

293 

270 

247 

49223 

49200 

49177 

49154 

91 _ 

49131 

49108 

49085 

49062 

49039 

49016 

48994 

48971 

48948 

48925 

92 _ 

48902 

48879 

48857 

48834 

48812 

48789 

766 

744 

721 

698 

93 _ 

676 

653 

631 

609 

586 

564 

541 

519 

497 

474 

94  _ 

452 

430 

407 

385 

363 

341 

319 

297 

275 

252 

95 -  - 

230 

48208 

48186 

48164 

48143 

48121 

48099 

48077 

48055 

48033 

96 _ 

48011 

47989 

47968 

47946 

47924 

47902 

47881 

47859 

47837 

47816 

97 _ 

47794 

773 

751 

730 

708 

687 

665 

644 

622 

601 

98 _ 

579 

558 

537 

516 

494 

473 

452 

431 

409 

388 

99 _ 

367 

346 

325 

304 

283 

262 

241 

220 

47199 

47178 

100  _  _ 

47156 

47136 

47115 

47094 

47073 

47052 

47032 

47011 

46990 

46969 

101 _  . 

46948 

46928 

46907 

46886 

46866 

46845 

46824 

46804 

783 

763 

102 _ 

742 

721 

701 

681 

660 

640 

619 

599 

579 

558 

103 _ 

538 

517 

497 

477 

457 

436 

416 

396 

376 

355 

104 _ _ 

335 

315 

295 

275 

255 

235 

215 

46195 

46175 

46155 

105 _ 

46135 

46115 

46095 

46075 

46055 

46036 

46016 

45996 

45976 

45956 

106 _ 

45936 

45917 

45897 

45877 

45858 

45838 

45819 

799 

779 

760 

107 _ 

740 

721 

701 

682 

662 

643 

623 

604 

584 

565 

108 _ _ _ 

545 

526 

507 

487 

468 

449 

430 

410 

391 

372 

109 _  _  . 

352 

333 

314 

295 

276 

257 

238 

218 

199 

45180 

110 .  . . 

45161 

45142 

45123 

45104 

45085 

45066 

45047 

45028 

45010 

44991 

Ill  . . . . 

44972 

44953 

44934 

44915 

44896 

44878 

44859 

44840 

44821 

803 

112 _  _ 

784 

765 

747 

728 

709 

691 

672 

654 

635 

616 

113 _ 

598 

579 

561 

542 

524 

506 

487 

469 

450 

432 

114. . .  .  _  _ _ _  . 

413 

395 

377 

358 

340 

322 

304 

285 

267 

249 

115 _ 

230 

212 

194 

44176 

44158 

44140 

44122 

44103 

44085 

44067 

116 _ 

44049 

44031 

44013 

43995 

43977 

43959 

43941 

43923 

43905 

43887 

117 _ 

43869 

43851 

43834 

816 

798 

780 

762 

744 

727 

709 

118 _ 

691 

673 

656 

638 

020 

603 

585 

567 

550 

532 

119 _ 

514 

497 

479 

462 

444 

427 

409 

392 

374 

357 

120  _ 

339 

322 

304 

287 

270 

252 

235 

217 

200 

183 

121 _ 

43165 

43148 

43131 

43113 

43096 

43079 

43062 

43044 

43027 

43010 

122 _ 

42993 

42976 

42958 

42941 

42924 

42907 

42890 

42873 

42856 

42839 

123 _  _ 

822 

805 

788 

771 

754 

737 

720 

703 

686 

669 

124 _ 

652 

635 

618 

602 

585 

568 

551 

534 

517 

501 

125 _ 

484 

467 

450 

434 

417 

400 

384 

367 

350 

334 

126. .  ...  .  _  . 

317 

300 

284 

267 

251 

234 

218 

201 

184 

168 

127 _ 

42151 

42135 

421 18 

42102 

42086 

42069 

42053 

42036 

42020 

42004 

128. .  _ 

41987 

41971 

41954 

41938 

41922 

41906 

41889 

41873 

41857 

41840 

129 _ 

824 

808 

792 

776 

759 

743 

727 

711 

695 

679 

130 _ 

662 

646 

630 

614 

598 

582 

566 

550 

534 

518 

131 _ 

502 

486 

470 

454 

438 

422 

406 

390 

375 

359 

132 _ 

343 

327 

311 

295 

279 

264 

248 

232 

216 

200 

133 _ 

185 

169 

41153 

41138 

41122 

41106 

41091 

41075 

41059 

41043 

134 _ 

41028 

41012 

40997 

40981 

40966 

40950 

40934 

40919 

40903 

40888 

135 _ 

40872 

40857 

841 

826 

811 

795 

780 

764 

749 

733 

136 _ _ _ 

718 

703 

687 

672 

657 

641 

626 

611 

595 

580 

137 _ 

565 

549 

534 

519 

504 

488 

473 

458 

443 

428 

138 _ 

412 

397 

382 

367 

352 

337 

322 

307 

292 

276 

139 _ 

261 

246 

231 

216 

201 

186 

171 

156 

40141 

40126 

140..  .....  ............. 

40111 

40096 

40081 

40067 

40052 

40037 

40022 

40007 

39992 

39977 

141 _ _ 

39962 

39947 

39933 

39918 

39903 

39888 

39873 

39859 

844 

829 

142 _ 

814 

800 

785 

770 

755 

741 

726 

711 

697 

682 

143 _ 

667 

653 

638 

623 

609 

594 

580 

565 

550 

536 

144  .  .  _  _  ...  . 

521 

507 

492 

478 

463 

449 

434 

420 

405 

391 

145 _ 

376 

362 

348 

333 

319 

304 

290 

276 

261 

247 

146 _ 

232 

218 

204 

190 

175 

161 

147 

39132 

39118 

39104 

147 _ 

39090 

39075 

39061 

39047 

39033 

39018 

39004 

38990 

38976 

38962 

148 _ 

38948 

38933 

38919 

38905 

38891 

38877 

38863 

849 

835 

821 

149 _ _ _ 

806 

792 

778 

764 

750 

736 

722 

708 

694 

680 

1946—36 


35 
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TABLE  I — Continued 


ALTITUDE-PRESSURE  TABLE— FEET-MILLIMETERS— Continued 


Altitude  in  feet,  pressure  in  millimeters  of  mercury — Continued 


P  millimeters 

0 

0.1 

0.2 

0.3 

0.4 

0.5 

0.6 

0.7 

0.8 

0.9 

150 _ 

000 

652 

639 

625 

011 

597 

583 

569 

555 

541 

151 _ 

527 

514 

500 

480 

472 

458 

444 

431 

417 

403 

152 _ 

389 

376 

362 

348 

334 

321 

307 

293 

280 

200 

153 _ 

252 

238 

225 

211 

198 

184 

170 

157 

143 

38129 

154 _ _ — - 

38116 

38102 

38089 

38075 

38062 

38048 

38035 

38021 

38007 

37994 

155 _ 

37980 

37967 

37953 

37940 

37927 

37913 

37900 

37886 

37873 

859 

156 _ 

840 

832 

819 

800 

792 

779 

765 

752 

739 

725 

157 _ _ _ 

712 

099 

085 

072 

659 

646 

632 

619 

606 

592 

158 _ - 

579 

566 

553 

539 

526 

513 

500 

487 

473 

400 

159 _ 

447 

434 

421 

408 

394 

381 

368 

355 

342 

329 

150 _ 

310 

303 

290 

276 

203 

250 

237 

224 

211 

198 

161 _ 

185 

172 

159 

140 

133 

37120 

37107 

37094 

37081 

37008 

102 _ _ _ _ 

37050 

37043 

37030 

37017 

37004 

36991 

36978 

36905 

36952 

36939 

163 _ 

30927 

30914 

36901 

36888 

36875 

803 

850 

837 

824 

811 

104 _ 

799 

780 

773 

700 

748 

735 

722 

710 

697 

684 

105 _ _ _ _ _ 

071 

659 

646 

033 

021 

608 

596 

583 

570 

558 

166 _ 

545 

532 

520 

507 

495 

482 

409 

457 

444 

432 

107 _ _ 

419 

407 

394 

382 

309 

357 

344 

332 

319 

307 

108 _ _ _ 

294 

282 

209 

257 

245 

232 

220 

207 

195 

183 

109 _ 

170 

158 

145 

133 

36121 

36108 

36096 

36084 

36071 

36059 

170 _ _ 

30040 

30034 

30022 

36010 

35997 

35985 

35973 

35961 

35948 

35936 

171 _ 

35924 

35911 

35899 

35887 

875 

802 

850 

838 

826 

814 

172 _ _  _ 

801 

789 

777 

705 

753 

741 

728 

710 

704 

092 

173 _ _ 

080 

668 

656 

644 

632 

620 

007 

595 

583 

571 

174 _  _ 

559 

547 

535 

523 

511 

499 

487 

475 

463 

451 

175 _ 

439 

427 

415 

403 

391 

379 

307 

350 

344 

332 

170 _ 

320 

308 

296 

284 

272 

200 

248 

237 

225 

213 

177 _ _ _ 

201 

189 

177 

165 

154 

142 

130 

118 

35106 

35095 

178 _ 

35083 

35071 

35059 

35048 

35030 

35024 

35012 

35000 

34989 

34977 

179 _ _ _ 

34965 

34954 

34942 

34930 

34918 

34907 

34895 

34883 

872 

800 

180  _ 

848 

837 

825 

813 

802 

790 

778 

707 

755 

743 

181 _ _ 

732 

720 

708 

697 

685 

674 

002 

050 

039 

027 

182 _ _ _ 

016 

604 

592 

581 

569 

558 

540 

535 

523 

511 

183 _ _ 

500 

488 

477 

405 

454 

442 

431 

419 

408 

390 

184 _  _ 

385 

373 

302 

351 

339 

328 

310 

305 

293 

282 

185 _ _ _ 

270 

259 

248 

230 

225 

213 

202 

190 

179 

108 

180 _ _ 

156 

145 

134 

122 

34111 

34099 

34088 

34077 

34065 

34054 

187  _ _ 

34043 

34031 

34020 

34009 

33997 

33986 

33975 

33964 

33952 

33941 

188  _ 

33930 

33918 

33907 

33890 

885 

873 

802 

851 

840 

828 

189 _ 

817 

806 

795 

783 

772 

761 

750 

739 

727 

716 

190  _ 

705 

694 

083 

071 

660 

049 

038 

627 

616 

604 

191  _ 

593 

582 

571 

560 

549 

538 

527 

516 

504 

493 

192 _ 

482 

471 

400 

449 

438 

427 

410 

405 

394 

383 

193 _  _ 

372 

301 

350 

339 

328 

317 

300 

294 

283 

272 

194 _  - . . 

201 

250 

239 

228 

218 

207 

190 

185 

174 

163 

195 _ 

152 

141 

130 

119 

33108 

33097 

33080 

33075 

33004 

33054 

190 _ 

33043 

33032 

33021 

33010 

32999 

32988 

32977 

32900 

32956 

32945 

197  _  ...  _ 

32934 

32923 

32912 

32901 

890 

880 

809 

858 

847 

836 

198 _ 

825 

815 

804 

793 

782 

771 

701 

750 

739 

728 

199 _ 

717 

707 

696 

685 

674 

664 

653 

642 

631 

621 

P  millimeters 

0 

0.2 

0.4 

0.6 

0.8 

P  millimeters 

0 

0.2 

0.4 

0.6 

0.8 

200 

610 

588 

567 

546 

524 

240 _  _ 

630 

611 

593 

574 

556 

201 

503 

482 

460 

439 

418 

241  _ 

537 

519 

500 

482 

404 

202 

396 

375 

354 

332 

311 

242 _ 

445 

427 

408 

390 

372 

203 

290 

209 

248 

226 

205 

243.-- _ _ 

353 

335 

317 

298 

280 

204  .  _ 

184 

163 

142 

121 

32100 

244 _ 

262 

244 

225 

207 

189 

205 

32079 

32058 

32037 

32016 

31995 

245 _ 

171 

153 

134 

116 

098 

200 

31974 

31953 

31932 

31911 

890 

246  _ 

28080 

28002 

28044 

28026 

28008 

207 

869 

848 

828 

807 

780 

247..  _ 

27989 

27971 

27953 

27935 

27917 

208 

705 

744 

724 

703 

082 

248 _  _ 

899 

881 

863 

845 

827 

209 

661 

641 

620 

599 

579 

249 _ _ _ 

809 

791 

773 

755 

737 

210 

558 

538 

517 

496 

470 

250_ ..  _  _ 

719 

702 

084 

600 

648 

211 

455 

435 

414 

394 

373 

251-.-  _ 

030 

612 

594 

576 

559 

212. 

353 

332 

312 

292 

271 

252 _ _ 

541 

523 

505 

487 

470 

213 

251 

230 

210 

190 

109 

253 _ 

452 

434 

410 

399 

381 

214 

149 

129 

109 

31088 

31008 

254.  __  _ 

303 

340 

328 

310 

293 

215 

31048 

31028 

31007 

30987 

30907 

255 _ 

275 

257 

240 

222 

204 

210 

30947 

30927 

30907 

880 

800 

256 _ 

187 

109 

152 

134 

111 

217.  . 

846 

826 

806 

786 

766 

257 _ _ _ 

099 

27082 

27004 

27047 

27029 

218  . 

740 

720 

700 

686 

600 

258 _ 

27012 

26994 

26977 

20959 

20942 

219. _ 

646 

626 

606 

586 

567 

259 _ 

26924 

907 

890 

872 

855 

220 

547 

527 

507 

487 

407 

260 _ _ 

838 

820 

803 

786 

708 

221 

447 

428 

408 

388 

308 

201 _ _ 

751 

734 

710 

099 

682 

222 

349 

329 

309 

290 

270 

262 _ _ 

665 

647 

630 

613 

596 

223 

250 

231 

211 

191 

172 

263.  .  _ 

579 

561 

544 

527 

510 

224 

152 

133 

113 

30093 

30074 

204 _ _ 

493 

470 

458 

441 

424 

225 

30054 

30035 

30015 

29996 

29976 

265 _ _ 

407 

390 

373 

356 

339 

220 

29957 

29938 

29918 

899 

879 

260 _ 

322 

305 

288 

271 

254 

227 

800 

841 

821 

802 

783 

207 _ 

237 

220 

203 

180 

109 

228  . 

763 

744 

725 

706 

687 

208_  _ 

152 

135 

118 

102 

085 

229 

667 

648 

629 

010 

590 

269 _ 

20008 

20051 

26034 

26017 

26000 

230 

571 

552 

533 

514 

495 

270 _ 

25984 

25967 

25950 

25933 

25910 

231 

470 

457 

438 

419 

400 

271 _ 

900 

883 

866 

849 

833 

232 

380 

301 

342 

323 

304 

272 _ 

810 

799 

782 

700 

749 

233 

285 

267 

248 

229 

210 

273 _ _ 

732 

710 

099 

082 

606 

234 

191 

171 

153 

134 

115 

274 _ 

049 

032 

010 

599 

583 

235 

090 

29077 

29059 

29040 

29021 

275  . 

500 

550 

533 

516 

500 

236 

29002 

28983 

28965 

28946 

28927 

276 _ 

483 

467 

450 

434 

417 

237 

28909 

890 

871 

853 

834 

277 _ _ 

401 

384 

308 

351 

335 

238 

815 

797 

778 

760 

741 

278 _ 

318 

302 

286 

269 

253 

239  . . . 

722 

704 

685 

667 

648 

279 _ 

236 

220 

204 

187 

171 
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TABLE  I- — Continued 


ALTITUDE-PRESSURE  TABLE— FEET-MILLIMETERS— Continued 


Altitude  in  feet,  pressure  in  millimeters  of  mercury— Continued 


P  millimeters 


280 

281 

282 

283 

284 
285. 
280 

287. 

288. 
289. 

290 

291 

292 

293 

294 

295 
290 

297. 

298. 

299. 

300 

301 

302 

303 

304 

305 
300 
307 
308. 
309 


310 

311 

312 

313 

314 

315 
310 

317 

318 

319 

320 

321 

322 

323 

324 

325 
320 

327 

328 

329 


330 

331 

332 

333 

334 

335 
330 

337 

338 

339 

340 

341 

342 

343 

344 

345 
340 

347 

348 

349 

350 

351 

352 

353 

354 

355 
350 

357 

358 

359 


300 

301 

302 

303 

304 

305 
300 
367 

308 

309 


0 

0.2 

0.4 

0.6 

0.8 

P  millimeters 

0 

0.2 

0.4 

0.6 

0.8 

154 

138 

122 

100 

089 

370 _ _ _ 

607 

594 

581 

568 

555 

25073 

25057 

25040 

25024 

25008 

371 _ 

542 

529 

516 

503 

490 

24992 

24975 

24959 

24943 

24927 

372 _ 

477 

404 

451 

438 

425 

911 

894 

878 

802 

840 

373 _ 

412 

399 

386 

373 

301 

830 

813 

797 

781 

765 

374 _ 

348 

335 

322 

309 

296 

749 

733 

717 

701 

685 

375.  _ 

283 

270 

257 

244 

232 

009 

653 

637 

020 

604 

376 _ 

219 

206 

193 

180 

167 

588 

572 

556 

540 

524 

377 _ _ _ 

154 

141 

129 

116 

103 

509 

493 

477 

401 

445 

378 _  _ 

090 

077 

065 

18052 

18039 

429 

413 

397 

381 

365 

379 _ 

18026 

18013 

18001 

17988 

17975 

349 

334 

318 

302 

286 

380 _ _ - 

17962 

17950 

17937 

924 

911 

270 

254 

238 

223 

207 

381 _ 

899 

886 

873 

860 

848 

191 

175 

159 

144 

128 

382 _  _ _ 

835 

822 

810 

797 

784 

112 

096 

081 

24005 

24049 

383 _ 

772 

759 

740 

734 

721 

24033 

24018 

24002 

23986 

23971 

384 _  _ 

708 

696 

683 

670 

658 

23955 

23939 

23924 

908 

892 

385 _ 

645 

632 

620 

607 

595 

877 

801 

845 

830 

814 

386 _ 

582 

569 

557 

544 

532 

799 

783 

708 

752 

737 

387 _ 

519 

507 

494 

481 

469 

721 

700 

090 

074 

659 

388 _ 

456 

444 

431 

419 

406 

643 

628 

612 

597 

581 

389 _ 

394 

381 

369 

356 

344 

500 

551 

535 

520 

504 

390 _ 

331 

319 

306 

294 

281 

489 

473 

458 

443 

427 

391 _ 

209 

250 

244 

231 

219 

412 

397 

381 

366 

351 

392 _ 

206 

194 

182 

169 

157 

335 

320 

305 

289 

274 

393 _ 

144 

132 

119 

107 

095 

259 

243 

228 

213 

198 

394 _ 

082 

070 

17057 

17045 

17033 

182 

107 

152 

137 

122 

395 _ 

17020 

17008 

16996 

16983 

16971 

100 

091 

070 

23061 

23046 

396 _ 

16958 

10946 

934 

921 

909 

23031 

23015 

23000 

22985 

22970 

397 _ _ 

897 

885 

872 

860 

848 

22955 

22940 

22925 

909 

894 

398 _  _  _ 

835 

823 

811 

798 

786 

879 

804 

849 

834 

819 

399 _ 

774 

762 

749 

737 

725 

804 

789 

774 

759 

744 

400 _ 

16713 

16700 

16688 

16676 

16664 

729 

714 

099 

084 

669 

401 _ 

652 

639 

627 

615 

003 

654 

639 

624 

609 

594 

402 _ 

591 

578 

566 

554 

542 

579 

564 

546 

534 

519 

403 _ 

530 

518 

505 

493 

481 

504 

490 

475 

460 

445 

404 _ 

469 

457 

445 

432 

420 

430 

415 

400 

385 

371 

405 _ 

408 

396 

384 

372 

360 

350 

341 

320 

311 

296 

406 _ 

348 

336 

324 

312 

299 

282 

267 

252 

237 

223 

407 _ 

287 

275 

263 

251 

239 

208 

193 

178 

104 

149 

408  .  _ 

227 

215 

203 

191 

179 

134 

120 

105 

090 

076 

409 _ 

167 

155 

143 

131 

119 

22001 

22040 

22032 

22017 

22002 

4)0 _ 

107 

095 

083 

071 

10059 

21988 

21973 

21959 

21944 

21929 

411 _ _ 

16047 

16035 

16023 

10011 

15999 

915 

900 

886 

871 

850 

412 _ 

15987 

15975 

15963 

15951 

940 

842 

827 

813 

798 

784 

413 _ 

928 

916 

904 

892 

880 

769 

755 

740 

726 

711 

414 _ 

868 

856 

844 

832 

820 

697 

082 

008 

653 

039 

415-. _ _ 

809 

797 

785 

773 

761 

625 

010 

596 

581 

507 

416 _ 

749 

737 

725 

714 

702 

552 

538 

524 

509 

495 

417 _ _ - . . 

690 

678 

666 

654 

043 

481 

466 

452 

437 

423 

418 _ 

631 

619 

007 

595 

584 

409 

394 

380 

366 

351 

419 _ _ 

572 

560 

548 

536 

525 

337 

323 

308 

294 

280 

420 _ 

513 

501 

489 

478 

466 

266 

251 

237 

223 

209 

421 _ 

454 

442 

431 

419 

407 

194 

180 

166 

152 

138 

422 _ _ _ 

395 

384 

372 

300 

348 

123 

109 

095 

081 

21067 

423 _ _ 

337 

325 

313 

302 

290 

21052 

21038 

21024 

21010 

20996 

424 _ 

278 

267 

255 

243 

232 

20982 

20968 

20953 

20939 

925 

425 _ 

220 

208 

197 

185 

174 

911 

897 

883 

809 

855 

426 _ 

162 

150 

139 

127 

115 

841 

827 

813 

799 

784 

427 _ 

104 

092 

081 

069 

057 

770 

756 

742 

728 

714 

428 _ 

15046 

15034 

15023 

15011 

15000 

700 

686 

672 

658 

644 

429 _ 

14988 

14976 

14965 

14953 

14942 

630 

616 

603 

589 

575 

430 _ _ _ 

930 

919 

907 

896 

884 

561 

547 

533 

519 

505 

431 _ 

872 

861 

849 

838 

826 

491 

477 

463 

450 

436 

432 _ _ 

815 

803 

792 

780 

769 

422 

408 

394 

380 

306 

433 _ 

757 

746 

734 

723 

711 

352 

339 

325 

311 

297 

434 _  _ 

700 

689 

679 

606 

654 

283 

270 

256 

242 

228 

435 _ _ 

643 

631 

620 

609 

597 

215 

201 

187 

173 

100 

430 _ 

586 

574 

503 

552 

540 

140 

132 

118 

105 

091 

437 _ 

529 

517 

506 

495 

483 

077 

20064 

20050 

20036 

20023 

438 _ 

472 

460 

449 

438 

426 

20009 

19995 

19982 

19968 

19954 

439 _ 

415 

404 

392 

381 

370 

941 

927 

913 

900 

886 

440 _ 

358 

347 

330 

324 

313 

872 

859 

845 

832 

818 

441 _ _ _  ---- 

302 

290 

279 

208 

256 

804 

791 

777 

704 

750 

442 _  _ 

245 

234 

223 

211 

200 

737 

723 

701 

090 

683 

443 _  .  _ 

189 

178 

166 

155 

144 

609 

656 

642 

029 

615 

444 _ ....  .  ..  .  .  _ 

132 

121 

110 

099 

088 

002 

588 

575 

561 

548 

445 _ _  _ 

076 

065 

14054 

14043 

14031 

534 

521 

507 

494 

481 

440 _ 

14020 

14009 

13998 

13987 

13975 

407 

454 

440 

427 

413 

447 _ 

13964 

13953 

942 

931 

920 

400 

387 

373 

300 

340 

448 _  .  _  _ 

908 

897 

880 

875 

804 

333 

320 

306 

293 

280 

449 _  _ _  _  . 

853 

841 

830 

819 

808 

206 

253 

240 

220 

213 

450 _ 

797 

786 

775 

763 

752 

200 

186 

173 

100 

147 

451--- _ _ 

741 

730 

719 

708 

697 

133 

120 

107 

094 

080 

452 _ 

680 

675 

664 

653 

641 

067 

19054 

19041 

19027 

19014 

453 _ 

630 

619 

608 

597 

586 

19001 

18988 

18974 

18901 

18948 

454  . . . 

575 

564 

553 

542 

531 

18935 

Q22 

909 

895 

882 

455 _ 

520 

509 

498 

487 

476 

869 

856 

843 

830 

817 

456 _ 

405 

454 

443 

432 

421 

803 

790 

777 

704 

751 

457 _ 

410 

399 

388 

377 

366 

738 

/  25 

712 

699 

685 

458 _  _ _ _ 

355 

344 

333 

322 

311 

672 

659 

646 

633 

620 

459 _  .  .  _ 

300 

289 

1  278 

267 

256 

538 
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TABLE  I— Continued 

ALTITUDE-PRESSURE  TABLE— FEET-MILLIMETERS— Continued 

Altitude  in  feet,  pressure  in  millimeters  of  mercury— Continued 


P  millimeters 

0 

0.2 

0.4 

0.6 

0.8 

P  millimeters 

0 

0.2 

0.4 

0.6 

0.8 

460  -  _ 

245 

234 

224 

213 

202 

550 _ 

8676 

8666 

8657 

8647 

8638 

461  _  -  _ 

191 

180 

169 

158 

147 

551 . .  . . . . 

8629 

8619 

8610 

8600 

8591 

462  -  -  -  _ 

136 

125 

115 

104 

093 

552 _ _ _ 

8581 

8572 

8553 

8544 

463  . . 

082 

071 

060 

13049 

13039 

553 . . . . 

8534 

8525 

8516 

8506 

8497 

464  _  _ 

13028 

13017 

13006 

12995 

12984 

554 _ _ _ 

8487 

8478 

8468 

8459 

8450 

435  _  _  _  .  _ 

12974 

12963 

12952 

941 

930 

555 _ _ _ 

8440 

8431 

8422 

8412 

8403 

466  - _ -  - 

919 

908 

SOS 

887 

876 

8393 

8384 

8375 

8365 

8356 

467  -  .  _ 

865 

85  t 

844 

833 

822 

557 _ _ _ 

8347 

8337 

8328 

8318 

8309 

468  -  -  _ 

811 

801 

790 

779 

768 

558 _ _ _ 

8300 

8290 

8281 

8272 

8262 

469  .  .  .  -  -  _ _ 

758 

747 

736 

725 

714 

559 _  ..  _  .  . . 

8253 

8244 

8234 

8225 

8216 

470  _  -  _  -  .  _ _ 

704 

693 

682 

671 

661 

560 _ 

8206 

8197 

8188 

8178 

8169 

471  .  .  .  ,  _ _ _ 

639 

629 

618 

607 

561 _  --.  .  .  _ 

8160 

8150 

8141 

8132 

8123 

472  .  .  .  -  _ _  - 

596 

586 

564 

562 _ 

8113 

8104 

8095 

8085 

8076 

473  .  .  _  .  . .  .  - 

543 

532 

522 

511 

500 

563 _ 

8067 

8058 

8048 

8039 

8030 

474  _  _  .  _ 

490 

479 

468 

458 

447 

564 _  ... 

8020 

8011 

8002 

7993 

7983 

475  _  _  _  .  _ _ 

436 

426 

415 

404 

394 

7974 

7965 

7956 

7946 

7937 

476 _ 

383 

372 

362 

351 

341 

566 _ 

7928 

7919 

7910 

7900 

7891 

477  _  _  .  _ _ _ 

330 

319 

309 

298 

288 

567  -  _ _  _  _  . .  _  

7882 

7873 

7863 

7854 

7845 

478  _  _  _  . . . 

277 

266 

256 

245 

235 

568--  ------ 

7836 

7826 

7817 

7808 

7799 

479  _  .  _  _ _ 

224 

213 

203 

192 

182 

569 _  _  .  .  .  . 

7790 

7780 

7771 

7762 

7753 

iso  _  _ _ -  - 

171 

161 

150 

140 

129 

570  -  . . 

7744 

7734 

7725 

7716 

7707 

481  .  . . . . 

118 

108 

097 

087 

571 _  .  _ _ 

7098 

7679 

7670 

7661 

482  -------  _  -  - 

066 

055 

12045 

12034 

12024 

572 _ _ _ _ 

7643 

7634 

7624 

7615 

483 -  -  - 

12013 

12003 

1 1 992 

1 1982 

11971 

573 _ _ 

7606 

7597 

7588 

7579 

7570 

484- _  _  _ 

11961 

11950 

940 

929 

919 

7560 

7551 

7542 

7533 

7524 

485 _ _ _ 

908 

898 

887 

877 

866 

575 _ _ _ 

7515 

7506 

7497 

7487 

7478 

486  -  -  -  -  -  -  -  -  - _ 

856 

845 

S3  5 

825 

814 

576 _  _ _  _ _ 

7469 

7460 

7442 

7433 

487  -  .  -  -  _ 

8(  1 1 

793 

783 

772 

702 

577  - 

7421 

7 105 

7396 

7387 

488  . - _ _ 

741 

731 

720 

710 

578 . -  _  . 

7378 

7369 

7360 

7351 

7342 

489  .  .  _  _  - 

700 

689 

679 

tifiS 

579  . -  .  .  . 

7333 

7324 

7315 

7306 

7296 

490- -  - - 

648 

637 

627 

616 

606 

580 _  _ _ _ 

7287 

7278 

7269 

7260 

7251 

491  _  _  .  .  ..... 

596 

585 

505 

554 

581 

7242 

7233 

7224 

7215 

7206 

492--  ---------- 

544 

534 

523 

513 

503 

582 _ 

7197 

7188 

7179 

7170 

7161 

493 _ - . . 

492 

482 

472 

461 

451 

583--  _  _ 

7152 

7143 

7134 

7125 

7116 

494 _ 

441 

430 

420 

410 

399 

584 _  .  _  .  _ 

7107 

7098 

7089 

7080 

7071 

495---  -  - - 

389 

379 

368 

358 

348 

585-_  -  _ _  _ _ 

7062 

7053 

7044 

7035 

7026 

496  _  .  -  _ -  _  - 

337 

327 

317 

307 

990 

586..  ------ 

7017 

7008 

6999 

6990 

6981 

497. _  — -  - 

2K0 

276 

266 

255 

245 

587 _ _ _  _ 

6972 

6963 

6954 

6945 

6936 

498.---  ----------- 

235 

225 

214 

204 

194 

588 _ _ 

6927 

6918 

6909 

6900 

6891 

499-  . . . 

184 

173 

163 

153 

143 

589 _ .  .  .  - _ 

6882 

6873 

6864 

6855 

6847 

500  _ _ _  -  - 

132 

122 

112 

102 

OQ9 

590 .-  -  ------- 

6838 

6829 

6820 

6811 

6802 

501 _  -  —  -  - -  - 

081 

071 

061 

051 

11041 

591 _ _ _ 

6793 

6784 

6775 

6766 

6757 

502_ -  -  -------- 

11030 

11020 

11010 

11000 

10990 

592 _  _  . 

6748 

6739 

6730 

6722 

6713 

503 _  - . . 

10969 

10959 

10949 

939 

593 _ _ _  _ 

6704 

6695 

6686 

6677 

6668 

504 _  -  -----  ...  . 

929 

919 

909 

898 

888 

594 _ 

6659 

6650 

6642 

6633 

6624 

505 _ _  - 

878 

868 

858 

848 

838 

595 _  _ 

6615 

6606 

6597 

6588 

6579 

506  .  .  . 

827 

817 

807 

797 

787 

596..  _ 

6571 

6562 

6553 

6544 

6535 

507  - . —  — 

777 

767 

757 

747 

736 

597 _ 

6526 

6517 

6509 

6500 

6491 

508— -  -  -----  - 

726 

716 

706 

696 

687 

598-...  ...  .  _ 

6482 

0473 

6464 

6456 

6447 

509 .  . — 

676 

666 

656 

646 

636 

599 _ _ _ 

6438 

6429 

6420 

6411 

6403 

510——  -  -  -  -  - . 

626 

616 

606 

596 

586 

600 _ 

6394 

6385 

6376 

6367 

6359 

511 _  _ 

576 

565 

555 

o4o 

535 

601 _ 

6350 

6341 

6332 

6323 

6315 

512 _ _ 

525 

515 

505 

495 

485 

602 _ 

6306 

6297 

6288 

6279 

6271 

513  _  _ _ 

465 

445 

435 

603. 

6262 

6253 

6244 

6227 

514  _  _  _  . 

425 

415 

405 

355 

395 

385 

604.  . 

6218 

6200 

62(X) 

6192 

6183 

515 _  _  _  - 

375 

365 

345 

336 

605.  . .  . .  . . 

6174 

6165 

6157 

6148 

6139 

516 _  _ 

326 

316 

306 

296 

286 

ea; _ _  .  .. 

6130 

6122 

6113 

6104 

6096 

517  _  _  -  -  -  -  -  -  _ -  - 

276 

266 

256 

246 

236 

607 _ 

6087 

6078 

6069 

6061 

6052 

518 _  _  . 

226 

216 

206 

196 

186 

608 

6043 

6034 

6026 

6017 

6008 

519 _ 

176 

167 

157 

147 

137 

609 _  _  _  . 

6000 

5991 

5982 

5974 

5965 

520  . -  _  -  -  - 

127 

117 

107 

097 

610. _ 

5956 

5947 

5939 

5930 

5921 

521  -------  -  ------ 

078 

068 

058 

10048 

10038 

611 _  _ 

5913 

5904 

5895 

5887 

5878 

522  .  _ . -  . . _  - . .  ...  .  . 

10028 

10018 

10008 

9999 

9989 

612 _  _  ... 

5869 

5861 

5852 

5843 

523  .  .  .  .  -  -  _ _  . 

9979 

9969 

9959 

9949 

9940 

613 

5826 

5817 

5809 

5800 

579 1 

524  ------  ----- -  -  -  - . , 

9930 

9920 

9910 

9900 

9890 

614 _ 

5783 

5774 

5765 

5757 

5748 

525  -  -  -  -  -  _ .  - 

9881 

9871 

9861 

9851 

9841 

615. 

5739 

5731 

5722 

5713 

5705 

526  _  . . -  _ . .  .  _ _  - . .  . . _ 

9831 

9822 

9812 

9802 

9792 

616 

5696 

5687 

5679 

5670 

527 _  _  - _ -- 

9782 

9773 

9763 

9753 

9743 

617. 

5653 

5644 

5636 

5627 

5619 

528 _  _ -- 

9734 

9724 

9714 

9704 

9695 

618 

5601 

5593 

5584 

5576 

529.-  ---------  . - 

9685 

9675 

9665 

9656 

9646 

619 _ 

5567 

5558 

5550 

5541 

5533 

530 _  -  -  - . . -  .  . 

9636 

9626 

9617 

9607 

9597 

620.  . 

5524 

5507 

5498 

5490 

531 _ _ _ -  - 

9587 

9578 

9568 

9558 

9548 

621. 

5481 

5473 

5464 

5447 

532- _ 

9539 

9529 

9519 

9510 

9500 

622 _ _ 

5438 

5430 

5421 

5413 

5404 

533  . ----- _ 

9490 

9480 

9471 

9461 

9451 

623 

5396 

5387 

5378 

5370 

5301 

534.-.-  -  _  ----- 

9442 

9432 

9422 

9413 

9403 

624 

5353 

5344 

5336 

5327 

5319 

535--  _ _ .- 

9393 

9384 

9374 

9364 

9355 

625 

5310 

5302 

5293 

5285 

5276 

536.. _ _ 

9345 

9335 

9326 

9316 

9306 

626 

5267 

5259 

5250 

5242 

5233 

537 _ 

9297 

9287 

9277 

9268 

9258 

627  . 

5225 

5216 

5208 

5199 

5191 

538 _ 

9248 

9239 

9229 

9220 

9210 

628 

5182 

5174 

5165 

5 1 57 

5 1 48 

539 _ _  -  _ 

9200 

9191 

9181 

9172 

9162 

629 

5140 

5132 

5 1 23 

5 1 1 5 

5 1 06 

540 _  -  - _ 

9152 

9143 

9133 

9124 

9114 

630 

5098 

1  5089 

5081 

5072 

5064 

541 _ 

9104 

9095 

9085 

9076 

9066 

631 

5055 

5047 

5038 

5030 

5021 

542 _ 

9056 

9047 

9037 

9028 

9018 

632 

5013 

5005 

4906 

4988 

4979 

543  . . . 

9009 

8999 

8990 

8980 

8970 

633 

4Q71 

4069 

4954 

4945 

4937 

544 _  _ 

8961 

8951 

8942 

8932 

8923 

634 

4020 

4020 

4912 

4903 

4895  ! 

545 _ 

8913 

8904 

8894 

8885 

8875 

635 

4886 

i  4878 

4870 

4861 

4S.ri3 

546 _ _ _ _ -  - 

8866 

8856 

8847 

1  8837 

8828 

!  4844 

4836 

4828 

4819 

4811 

547. _ _ 

8818 

8809 

8799 

8790 

8780 

637 

4802 

1  4794 

4786 

4777 

4769  i 

548 _  _ _ _ 

8771 

8761 

8752 

8742 

8733 

638 

4760 

4744 

4735 

4727 

549.-  _ 

8723 

8714 

8704 

8695 

8685 

639... _ _ 

4718 

1  4710 

4702 

1  4693 

4685 
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TABLE  I — Continued 


ALTITUDE-PRESSURE  TABLE— FEET-MILLI METERS— Continued 


Altitude  in  feet,  pressure  in  millimeters  of  mercury — Continued 


P  millimeters 

0 

0.2 

0.4 

0.6 

0.8 

640 _ 

4677 

4668 

4660 

4652 

4643 

641  _  _ _ 

4635 

4626 

4618 

4610 

4601 

642 _ 

4593 

4585 

4576 

4568 

4560 

643 _ _ _ 

4551 

4543 

4535 

4526 

4518 

644  .  _ 

4510 

4501 

4493 

4485 

4476 

645 _ 

4468 

4460 

1  4452 

4443 

4435 

646  _  .  _ 

4427 

4418 

1  4410 

4402 

4393 

647 _ 

4385 

4377 

4369 

4360 

4352 

648 _ 

4344 

4335 

1  4327 

4319 

4311 

649 _ 

4302 

4294 

|  4286 

4278 

4209 

650 _  _ 

4261 

4253 

1  4244 

4236 

4228 

651 _  _ 

4220 

4211 

i  4203 

4195 

4187 

652 _ 

4178 

4170 

4162 

4154 

4146 

653 _ _ 1 _ 

4137 

4129 

4121 

4113 

4104 

654 _ 

4096 

4088 

4080 

4072 

4063 

655 _ 

4055 

4047 

4039 

4030 

4022 

656 _ _ 

4014 

4006 

3998 

3990 

3981 

657 _ _ _  _  _ 

3973 

3965 

3957 

3949 

3940 

658 _ 

3932 

3924 

3916 

3908 

3899 

659. _ _ 

3891 

3883 

3875 

3867 

3859 

660 _ 

3850 

3842 

3834 

3826 

3818 

661 _ 

3810 

3802 

3793 

3785 

3777 

662 _  _ 

3769 

3761 

3753 

3745 

3736 

663 _ 

3728 

3720 

3712 

3704 

3696 

664 _  _ 

3688 

3680 

3671 

3663 

3655 

665 _ 

3647 

3639 

3631 

3623 

3615 

666 _  _ 

3607 

3598 

3590 

3582 

3574 

667 _  .  _ 

3566 

3558 

3550 

3542 

3534 

668 _  _  _ _ 

3526 

3518 

3509 

3501 

3493 

669 _  _ 

3485 

3477 

3469 

3461 

3453 

670 _  _ _ _ 

3445 

3437 

3429 

3421 

3413 

671 _ 

3405 

3397 

3389 

3381 

3372 

672 _ _ _ 

3364 

3356 

3348 

3340 

3332 

673 _ 

3324 

3316 

3308 

3300 

3292 

674 _  _ 

3284 

3276 

3268 

3260 

3252 

675 _  _ 

3244 

3236 

3228 

3220 

3212 

676 _  _ 

3204 

3,196 

3188 

3180 

3172 

677 _ 

3164 

3156 

3148 

3140 

3132 

678 _  _ 

3124 

3116 

3108 

3100 

3092 

679 _  _ 

3084 

3076 

3068 

3060 

3052 

680 _  _ 

3044 

3036 

3028 

3020 

3012 

681 _  _ _ 

3004 

2996 

2989 

2981 

2973 

682 _ 

2965 

2957 

2949 

2941 

2933 

683 _  _ _ 

2925 

2917 

2909 

2901 

2893 

684 _ 

2885 

2877 

2869 

2862 

2854 

685 _  _ 

2846 

2838 

2830 

2822 

2814 

686 _ _ 

2806 

2798 

2790 

2782 

2775 

687 _  _ 

2767 

2759 

2751 

2743 

2735 

688 _ 

2727 

2719 

2711 

2704 

2696 

689 _ 

2688 

2680 

2672 

2664 

2656 

690 _  _ 

2648 

2640 

2633 

2625 

2617 

691 _ _ _ 

2609 

2601 

2593 

2585 

2578 

692 _ 

2570 

2502 

2554 

2546 

2538 

693 _  _ 

2531 

2523 

2515 

2507 

2499 

694 _  _ 

2491 

2483 

2476 

2468 

2460 

695 _ 

2452 

2444 

2437 

2429 

2421 

696 _  _ _ 

2413 

2405 

2397 

2390 

2382 

697 _ _ _ 

2374 

2366 

2358 

2351 

2343 

698 _ 

2335 

2327 

2319 

2312 

2304 

699 _ 

2296 

2288 

2280 

2273 

2265 

700 _ 

2257 

2249 

2242 

2234 

2226 

701 _ 

2218 

2210 

2203 

2195 

2187 

702 _ _ 

2179 

2172 

2164 

2156 

2148 

703 _ 

2141 

2133 

2125 

2117 

2110 

704 _ 

2102 

2094 

2086 

2079 

2071 

705 _ 

2063 

2055 

2048 

2040 

2032 

706 _ _ 

2024 

2017 

2009 

2001 

1994 

707 _ 

1986 

1978 

1970 

1963 

1955 

708 _ _ _ 

1947 

1940 

1932 

1924 

1916 

709 _ 

1909  | 

1901 

1893 

1886 

1878 

710 _ 

1870 

1863 

1855 

1847 

1840 

711 _ _ _ 

1832 

1824 

1817 

1809 

1801 

712 _ 

1793 

1786 

1778 

1770 

1763 

713 _ 

1755 

1747 

1740 

1732 

1724 

714 _ 

1717 

1709 

1702 

1694 

1686 

715... _ _ 

1 

1679 

1671 

1663 

1656 

1648 

P  millimeters 

0 

0.2 

0.4 

0.6 

0.8 

710 _ 

1640 

1633 

1625 

1617 

1610 

(  717 . . . 

1602 

1595 

1587 

1579 

1572 

718 _ 

1564 

1556 

1549 

1541 

1534 

719... _ 

1526 

1518 

1511 

1503 

1496 

720 _ 

1488 

1480 

1473 

1465 

1458 

721... 

1450 

1442 

1435 

1427 

1420 

722. _. 

1412 

1404 

1397 

1389 

1382 

723 _ 

1374 

1366 

1359 

1351 

1344 

724... 

1336 

1329 

1321 

1313 

1306 

725 _  _ 

1298 

1291 

1283 

1276 

1268 

726.... 

1261 

1253 

1245 

1238 

1230 

727 _  _ 

1223 

1215 

1208 

1200 

1193 

728... 

1185 

1178 

1170 

1162 

1155 

729.  . 

1147 

1140 

1132 

1125 

1117 

730 _ 

1110 

1102 

1095 

1087 

1080 

731 _ 

1072 

1065 

1057 

1050 

1042 

732... 

1035 

1027 

1020 

1012 

1005 

733 _ 

997 

990 

982 

975 

967 

734... 

960 

952 

945 

937 

930 

735 _ 

922 

915 

907 

900 

892 

736 _ 

885 

877 

870 

863 

855 

737... _ 

848 

840 

833 

825 

818 

738 _ 

810 

803 

795 

788 

780 

739.... 

773 

766 

758 

751 

743 

740.... 

736 

728 

721 

714 

706 

741 _ 

699 

691 

684 

676 

669 

742 _ 

662 

654 

647 

639 

632 

743 _ 

624 

617 

610 

602 

595 

744 _ 

587 

580 

573 

565 

558 

745 _ 

550 

543 

536 

52S 

521 

746... 

513 

506 

499 

491 

484 

747 _ 

476 

469 

462 

454 

447 

748... 

440 

432 

425 

417 

410 

749 _ 

403 

395 

388 

381 

373 

750 _ 

366 

359 

351 

344 

336 

751 _ 

329 

322 

314 

307 

300 

752 _ 

292 

285 

278 

270 

263 

753 -  _ - - 

256 

248 

241 

234 

226 

754 _ 

219 

212 

204 

197 

190 

755 _ 

182 

175 

168 

161 

153 

756 _ 

146 

139 

131 

124 

117 

757 _ 

109 

102 

95 

87 

80 

758 _ 

73 

66 

58 

51 

44 

759 _ 

36 

29 

22 

15 

7 

760 _ 

0 

-7 

-15 

-22 

-29 

761 _  _ 

-36 

-44 

-51 

-58 

-65 

762 . .  .  .  _  _ 

-73 

-80 

-87 

-94 

-102 

763 _ 

-109 

-116 

-124 

-131 

-138 

764 _ 

-145 

-153 

-160 

-167 

-174 

705. _ _  ... 

-181 

-189 

-196 

-203 

-210 

766 -  . 

-218 

-225 

-232 

-239 

-247 

767 -  ...  _ 

-254 

-261 

-268 

-275 

-283 

768_  ..  _ 

-290 

-297 

-304 

-312 

-319 

769 _ 

-326 

-333 

-340 

-348 

-355 

770 _ _ _ 

-362 

-369 

-376 

-384 

-391 

771 _ _ _ 

-398 

-405 

-412 

-420 

-427 

772... _ _ _ 

-434 

-441 

-448 

-456 

-463 

773 _ _ _ 

-470 

-477 

-484 

-491 

-499 

774 _ _ 

-506 

-513 

-520 

-527 

-534 

775 - 

-542 

-549 

-556 

-563 

-570 

776 - - 

—577 

-585 

-592 

-599 

-606 

777 _  _ 

-613 

-620 

-627 

-635 

-642 

778 _ _ 

-649 

-656 

-663 

-670 

-677 

779 _ _ 

-685 

-692 

-699 

-706 

-713 

780 _ _ _ 

-720 

-727 

-735 

-742 

-749 

781 _ 

-756 

-763 

-770 

-777 

-784 

782 _ 

-791 

-799 

-806 

-813 

-820 

783 _ 

-827 

-834 

-841 

-848 

-855 

784 _ 

-863 

-870 

-877 

-884 

-891 

785 _ _ _ 

-898 

-905 

-912 

-919 

-926 

786 _ 

-933 

-941 

-948 

—  955 

-962 

787 _ 

-969 

-976 

-983 

-990 

-997 

788 _  _ 

-1004 

-1011 

-1018 

- 1025 

-1032 

789 _ 

-1040 

-1047 

-1054 

-1061 

-1068 

790 _ 

-1075 

540 
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TABLE  II 

ALTITUDE-PRESSURE  TABLE— FEET-INCHES 


Altitude  in  feet,  pressure  in  inches  of  mercury 


P  inches 

0.00 

0.01 

0.02 

0.03 

0.04 

0.05 

0.06 

0.  07 

0.08 

0.09 

0.8 _ 

80,  522 

80,  262 

80,005 

79,  751 

79,  501 

79,  253 

79, 008 

78,  766 

78,  526 

78,  289 

0.9 _ 

78,  056 

77, 825 

77,  596 

77,  369 

77,  145 

76, 924 

76,  705 

76, 488 

76,  273 

76, 060 

1.0 _ 

75, 850 

75,641 

75,  435 

75,231 

75,  029 

74, 828 

74,  629 

74,  433 

74,  238 

74,  045 

1.1 _ _ _ 

73,  854 

73,  665 

73,  477 

73,  291 

73,  107 

72, 924 

72,  743 

72,  563 

72,  384 

72,  207 

1.2 _ 

72,  032 

71,858 

71,  686 

71,515 

71,  346 

71,  178 

71,011 

70,  845 

70,  681 

70,  518 

1.3 _ 

70, 357 

70,  196 

70,  037 

69,  879 

69,  722 

69,  566 

69,411 

69,  258 

69, 106 

68, 955 

1.4 _ 

68,  805 

68,  656 

68,  508 

68,  361 

68,  215 

68,  070 

67, 926 

67,  784 

67, 642 

67,  501 

1.5 _ _ _ 

67,  361 

67,  221 

67, 082 

66,  945 

66,  809 

66,674 

66,  539 

66,  405 

66,  272 

66, 140 

1.6 _ 

66,009 

65, 879 

65,  749 

65,  620 

65, 492 

65,  365 

65,  239 

65,113 

64,  988 

64,  864 

1.7 _ _ _ 

64,  740 

64,  617 

64,  495 

64, 374 

64,  253 

64,  133 

64,  014 

63,  895 

63,  777 

63,  660 

1.8 _ _ 

63,  543 

63,  427 

63,311 

63,  196 

63,  082 

62, 969 

62, 856 

62,  744 

62,  632 

62,  521 

1.9 _ _ 

62,411 

62,  301 

62,  191 

62,  082 

61,974 

61,867 

61,  760 

61, 654 

61,  548 

61,442 

2.0 _  _ _ _ 

61,337 

61,232 

61, 128 

61,025 

60,  922 

60,  820 

60,  618 

60,617 

60,516 

60,  416 

2.1 _ _ _  _ 

60,  315 

60,  215 

60, 116 

60,  018 

59,  920 

59, 823 

59,  726 

59,  629 

59,  533 

59, 437 

2.2 _ 

59,  341 

59,  246 

59, 152 

59,  058 

58,  964 

58, 871 

58,  778 

58,  686 

58,  594 

58,  502 

2.3 _ 

58,411 

58,  320 

58,  229 

58, 139 

58,  049 

57,  960 

57, 871 

57,  782 

57,  694 

57,  606 

2.4 _ _  _ 

57,  519 

57,  432 

57,  345 

57,  259 

57,  173 

57,  088 

57,  003 

56,  918 

56, 833 

56,  749 

2.5 _ _ 

50,  665 

56,  581 

56,  498 

56,415 

56,  332 

56,  250 

56,  168 

56,  086 

56,005 

55,  924 

2.6 _ 

55,  844 

55,  763 

55, 683 

55,  603 

55,  524 

55, 445 

55,  366 

55,  287 

55,  209 

55, 131 

2.7 _ _ 

55, 053 

54, 975 

54, 898 

54,  821 

54,  745 

54,  669 

54,  593 

54,517 

54,  442 

54,  367 

2.8 _ 

54,  292 

54,217 

54, 143 

54, 069 

53,  995 

53, 921 

53, 848 

53,  775 

53,  702 

53, 629 

2.9 _ _ 

53, 557 

53, 485 

53, 413 

53,  341 

53, 270 

53, 199 

53, 127 

53,  057 

52,  987 

52,917 

3.0 _ _ 

52,  847 

52,  777 

52,  707 

52,  638 

52,  570 

52,501 

52,  432 

52,  364 

52,  296 

52,  228 

3.1 _ _ 

52, 161 

52,  093 

52,  026 

51,  959 

51,  892 

51,826 

51,  759 

51,  693 

51,  627 

51,  561 

3.2 _ 

51,496 

51,430 

51,365 

51,  300 

51,  235 

51,  171 

51, 107 

51, 043 

50, 979 

50,916 

3.3 _ 

50,  852 

50,  789 

50,  726 

50, 663 

50,  600 

50,  537 

50, 475 

50,413 

50,  351 

50,  290 

3.4 _ 

50,  228 

50,  167 

50, 104 

50, 044 

49, 982 

49, 922 

49, 862 

49, 80 1 

49,741 

49,  680 

3.5 _ _ _ 

49,  620 

49,  561 

49,501 

49,  442 

49,  382 

49,  323 

49,  264 

49,  206 

49, 147 

49, 089 

3.6 _ _ 

49, 030 

48, 972 

48,915 

48,  857 

48,  799 

48,  741 

48,  684 

48,  627 

48,  570 

48,  513 

3.7-... - - - - 

48,  456 

48,  400 

48, 344 

48,  288 

48,  232 

48, 175 

48,  120 

48, 065 

48,009 

47, 954 

3.8 _  .  _ 

47, 898 

47,  843 

47,  789 

47,  734 

47,  679 

47,  624 

47,  570 

47,516 

47, 462 

47,  408 

3.9 _ _ _ 

47,  354 

47,  301 

47,  248 

47, 194 

47,  141 

47,  088 

47, 035 

46,  982 

46,  930 

46, 877 

4.0 _ 

46, 824 

46,  772 

46,  720 

46,  668 

46,  616 

46,  564 

46,  513 

46, 461 

46, 410 

46, 358 

4.1  _ _ _ _  _  -  . 

46,  307 

46.  256 

46,  206 

46,  155 

46,  104 

46, 053 

46,  003 

45,  953 

45,  903 

45, 853 

4.2 _ 

45,  803 

45,  753 

45,  704 

45,  654 

45,  605 

45,  555 

45,  506 

45. 458 

45,  408 

45,  359 

4.3 _ 

45,310 

45,  262 

45,213 

45, 165 

45, 117 

45,  068 

45,  020 

44,  973 

44,  925 

44, 877 

4.4..  . .  .  -  - 

44, 829 

44,  782 

44,  734 

44,  687 

44,  640 

44,  592 

44, 546 

499 

44,  452 

44,  405 

4.5 _ 

44,  358 

44,312 

44,  266 

44,  220 

44, 173 

44, 127 

44, 081 

44,  036 

43, 990 

43,  944 

4.6 _ 

43,  898 

43,  853 

43, 808 

43,  762 

43,717 

43,  672 

43,  627 

43,  582 

537 

492 

4.7 _ 

448 

43,  403 

43,  359 

43,315 

43,  270 

43,  226 

43,  182 

43, 138 

43, 094 

43,  050 

4.8-..- _ 

43,  007 

42,  963 

42,  920 

42,  876 

42, 833 

42,  790 

42,  747 

42,  704 

42, 661 

42,  618 

4.9 _ 

42,  575 

532 

490 

447 

42,  404 

42,  362 

42,  320 

42, 278 

42, 236 

42,  193 

5.0 _  _ 

42, 151 

42,  110 

42,  068 

42,  026 

41,985 

41,943 

41,902 

41,861 

41,819 

41,778 

5.1 .  _  -  -  -  _  - 

41,737 

41,696 

41,  655 

41,614 

573 

532 

492 

451 

411 

370 

5.2 _ _ 

41,  330 

41,  290 

41,250 

41,210 

41,170 

41,  130 

41,090 

41, 050 

41,011 

40, 971 

5.3 _ _ 

40,  931 

40, 892 

40,  853 

40, 813 

40,  774 

40,  735 

40,  696 

40,  657 

40,  618 

579 

5.4 _ _ 

540 

502 

463 

425 

386 

40,  347 

40,  309 

40,  271 

40,  233 

40,  195 

40, 156 

40, 118 

40,  080 

40,  043 

40,  005 

39,  967 

39, 929 

39,  892 

39,  854 

39,816 

5.6 _ 

39,  779 

39,  742 

39,  704 

39,  667 

39,  630 

593 

556 

519 

482 

445 

408 

372 

39,  335 

39,  298 

39,  262 

39,  225 

39,  189 

39, 153 

39,  117 

39,  080 

5.8-.-- _ 

39,  044 

39,008 

38,  972 

38,  936 

38,  900 

38,  864 

38,  829 

38,  793 

38,  757 

38,  722 

5.9_-  - _ 

38,  686 

38,  651 

615 

580 

545 

509 

474 

439 

404 

369 

6.0  -  - _ 

38,  334 

38,  300 

38,  265 

38,  230 

38,200 

38,  161 

38, 126 

38,  092 

38,  057 

38,  023 

6.1 _ _ _ _ 

37, 989 

37,  954 

37,  920 

37,  886 

37, 852 

37,  818 

37,  784 

37,  750 

37,716 

37,  682 

6.2 _ 

648 

615 

581 

547 

514 

480 

447 

413 

380 

346 

6.3-..- _ 

37,313 

37,  280 

37,  247 

37,  214 

37, 181 

37, 147 

37, 115 

37,  082 

37,  049 

37,016 

6.4 _ 

36, 983 

36, 951 

36,  918 

36,  886 

36, 853 

36,  820 

36,  788 

36,  756 

36,  723 

36,  691 

6.5 _ 

659 

627 

595 

563 

531 

498 

467 

435 

403 

371 

6.8 _ 

339 

36, 308 

36,  276 

36,  245 

36,213 

36, 181 

36, 150 

36, 119 

36, 087 

36,  056 

6.7 _ 

36, 024 

35, 993 

35,  962 

35,  931 

35, 900 

35,  869 

35, 838 

35, 807 

35,  776 

35,  745 

6.8-_  - _ 

35,  714 

683 

653 

622 

591 

560 

530 

499 

469 

438 

6.9 _ 

408 

378 

347 

317 

35, 287 

35,  257 

35,  227 

35, 197 

35, 167 

35, 136 

7.0 _ 

35, 106 

35,  077 

35,  047 

35,017 

34,  987 

34,  957 

34, 927 

34,  898 

34, 868 

34, 838 

7.1 _  ... 

34,  809 

34,  779 

34,  749 

34,  720 

690 

661 

631 

602 

573 

543 

7.2 _ 

514 

485 

455 

426 

397 

368 

339 

310 

34,281 

34,  251 

7.3 _ 

34,  222 

34,  194 

34, 165 

34, 136 

34, 107 

34,  078 

34, 049 

34,  020 

33, 992 

33, 963 

7.4 _ 

33,  934 

33,  906 

33,  877 

33,  848 

33,  820 

33,  791 

33,  763 

33,  734 

706 

678 

7.5 _ 

649 

621 

593 

564 

536 

508 

480 

452 

424 

395 

7.6 _ 

367 

339 

311 

283 

33,  255 

33,  227 

33,  200 

33, 172 

33,  144 

33,116 

7.7 _ 

33,  088 

33,  061 

33,  033 

33,  005 

32,  978 

32,  950 

32,  922 

32, 895 

32,  867 

32, 840 

7.8 _ 

32,812 

32,  785 

32,  758 

32,  730 

703 

676 

648 

621 

594 

567 

7.9 _ 

539 

512 

485 

458 

431 

404 

377 

350 

323 

296 

8.0 _ 

269 

32,  242 

32,215 

32, 188 

32, 161 

32, 135 

32, 108 

32, 081 

32,  054 

32,  028 

8.1 _ 

32,  001 

31,975 

31,  948 

31,921 

31,895 

31,  868 

31,842 

31,815 

31,  789 

31,763 

8.2 _ 

31,736 

710 

684 

657 

631 

605 

578 

552 

526 

500 

8.3 _ _ _ 

474 

448 

422 

396 

370 

344 

318 

292 

266 

31,240 

8.4 _ _ _ 

31,214 

31,188 

31, 163 

31,  137 

31,  111 

31,085 

31,060 

31,034 

31,008 

30,  983 

8.5 _ 

30,  957 

30,931 

30,  906 

30,  880 

30,  855 

30,  829 

30, 804 

30,  778 

30,  753 

728 

8.6.... _ _ _ _ 

702 

677 

652 

626 

601 

576 

550 

525 

500 

475 

8.7 _ 

449 

424 

399 

374 

349 

324 

299 

274 

249 

30, 224 

8.8--_ _ _ 

30, 199 

30,  174 

30, 149 

30,  125 

30,  100 

30,  075 

30, 050 

30,  025 

30,001 

29, 976 

8.9..  _ 

29,  951 

29,  927 

29,  902 

29, 877 

29,  853 

29,  828 

29, 804 

29,  779 

29,  755 

730 

9.0 _ 

706 

681 

657 

633 

608 

584 

560 

535 

511 

487 

9.1 _ _ 

462 

438 

414 

390 

366 

342 

317 

293 

269 

245 

9.2 _ 

29,  221 

29,  197 

29, 173 

29, 149 

29,  125 

29,  101 

29,  077 

29,  053 

29,  029 

29,  005 

9.3 _ 

28, 982 

28, 958 

28,  934 

28,  910 

28,  887 

28, 863 

28,  839 

28,  816 

28,  792 

28,  768 

9.4 _ 

745 

721 

698 

674 

650 

627 

603 

580 

556 

533 

9.5 _ 

510 

486 

463 

439 

416 

393 

369 

346 

323 

300 

9.6 _ 

276 

253 

230 

28,  207 

28,  184 

28, 161 

28, 138 

28, 115 

28,  092 

28,069 

9.7 _ 

28,  046 

28,  023 

28,000 

27,  977 

27,  954 

27,  931 

27, 908 

27, 885 

27,  862 

27,  839 

9.8 _ 

27,816 

27,  794 

27,  771 

748 

725 

702 

680 

657 

634 

612 

9.9 _ _ _ 

589 

566 

544 

521 

499 

476 

453 

431 

408 

386 
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ALTITUDE-PRESSURE  TABLE— FEET-INCHES— Continued 


Altitude  in  feet,  pressure  in  inches  of  mercury— Continued 


P  inches 

0.00 

0.01 

0. 02 

0.  03 

0.04 

0.  05 

0.06 

0.  07 

0.08 

0.09 

10.0 _ 

363 

341 

318 

296 

274 

251 

229 

27,  206 

27, 184 

27, 162 

10.1 - 

27,  140 

117 

095 

073 

050 

028 

006 

26,  984 

26,  962 

26,  940 

10.2 _ 

26,917 

895 

873 

851 

829 

807 

785 

763 

741 

719 

10.3 _  _  _ _ 

697 

676 

654 

632 

610 

588 

566 

544 

523 

501 

10.4.  _  _ ...  . 

479 

457 

436 

27,414 

27,  392 

27,  371 

27,  349 

327 

306 

284 

10.5 _ _  _  ... 

262 

27,  241 

27,219 

26, 198 

26, 176 

26, 155 

26, 133 

26, 112 

26,  090 

26,  069 

10.6 _ 

26, 048 

26, 026 

26, 005 

25, 984 

25, 962 

25, 941 

25,  919 

25, 898 

25, 877 

25, 856 

10.7 . . 

25, 834 

25, 813 

25,  792 

771 

749 

728 

707 

686 

665 

644 

10.8 _ 

622 

601 

580 

559 

538 

517 

496 

475 

454 

433 

10.9 _  .  _ 

412 

391 

370 

350 

329 

308 

287 

266 

245 

224 

11.0 _ 

25, 204 

25, 183 

25, 162 

25, 141 

25, 121 

25, 100 

25, 079 

25, 059 

25, 038 

25,017 

11.1 _  _. 

24, 996 

24,  976 

24, 955 

24, 935 

24,914 

24, 894 

24, 873 

24, 852 

24, 832 

24,811 

11.2 . . 

791 

770 

750 

730 

709 

689 

668 

648 

628 

607 

11.3 _ _ _ 

587 

567 

546 

526 

506 

486 

465 

445 

425 

405 

11.4 _ 

384 

364 

344 

324 

304 

284 

263 

243 

223 

203 

11.5 _ _  _ 

24, 183 

24, 163 

24, 143 

24, 123 

24, 103 

24, 083 

24,  063 

24, 043 

24, 023 

24,003 

11.6 _ 

23, 983 

23, 963 

23, 944 

23, 924 

23, 904 

23, 884 

23, 864 

23, 844 

23, 824 

23, 805 

11.7 _ _ _ 

785 

765 

745 

726 

706 

686 

666 

647 

627 

607 

11.8 _  . 

588 

568 

549 

529 

509 

490 

470 

451 

431 

412 

11.9 _ 

392 

373 

353 

334 

314 

295 

275 

256 

237 

217 

12.0 _ 

198 

23,  178 

23, 159 

23, 140 

23,  121 

23, 101 

23, 082 

23, 063 

23, 043 

23, 024 

12.1 _  ... 

23, 005 

22, 986 

22, 966 

22, 947 

22, 928 

22, 909 

22, 890 

22, 870 

22, 851 

22, 832 

12.2 _ 

22, 813 

794 

775 

756 

737 

718 

698 

679 

660 

641 

12.3 _ 

622 

603 

584 

565 

547 

528 

509 

490 

471 

452 

12.4 _ 

433 

414 

395 

377 

358 

339 

320 

301 

282 

264 

12.5 _ 

245 

226 

207 

189 

22, 170 

22, 151 

22, 133 

22,  )  14 

22,  095 

22, 077 

12.6 _  _ 

22,058 

22, 040 

22, 021 

22,  002 

21,984 

21,965 

21, 947 

21, 928 

21,910 

21,891 

12.7 _ 

21,872 

21,854 

21,  836 

21,817 

799 

780 

762 

743 

725 

706 

12.8 _ 

688 

670 

651 

633 

615 

596 

578 

560 

542 

523 

12.9 _ 

505 

487 

469 

450 

432 

414 

396 

377 

359 

341 

13.0 _  _ 

323 

305 

287 

268 

250 

232 

214 

196 

21, 178 

21, 160 

13.1 _  ....  __ 

21, 142 

21, 124 

21,106 

21, 088 

21,070 

21,  052 

21,034 

21,016 

20, 998 

20, 980 

13.2 _ 

20, 962 

20, 944 

20, 926 

20, 908 

20, 890 

20, 873 

20,  855 

20, 837 

819 

801 

13.3 _  _  _ 

783 

765 

748 

730 

712 

694 

677 

659 

641 

623 

13.4 _ 

605 

588 

570 

552 

535 

517 

499 

482 

464 

446 

13.5 _ 

429 

411 

394 

376 

358 

341 

323 

306 

288 

271 

13.6 _ 

253 

236 

218 

201 

183 

20, 166 

20, 149 

20, 131 

20, 114 

20, 096 

13.7 _ 

20,  079 

20, 061 

20,044 

20,  027 

20, 009 

19,  992 

19, 975 

19, 957 

19, 940 

19, 922 

13. S _ 

19,905 

19, 888 

19, 871 

19, 853 

19, 836 

819 

802 

784 

767 

750 

13.9. _ 

733 

715 

698 

681 

664 

647 

630 

613 

595 

578 

14.0 _ 

561 

544 

527 

510 

493 

476 

459 

442 

425 

408 

14.1.. 

391 

374 

357 

340 

323 

306 

289 

272 

255 

238 

14.2... 

221 

204 

187 

170 

19, 154 

19, 137 

19, 120 

19, 103 

19, 086 

19, 069 

14.3 _ 

19, 052 

19, 036 

19,019 

19,002 

18, 985 

18,  969 

18, 952 

18, 935 

18,918 

18, 902 

14.4 _ 

18, 885 

18, 868 

18, 852 

18, 835 

818 

802 

785 

768 

752 

735 

14.5 . . 

718 

702 

685 

668 

652 

635 

619 

602 

586 

569 

14.6.  . 

553 

536 

520 

503 

487 

470 

454 

437 

421 

404 

14.7 _ 

388 

371 

355 

339 

322 

306 

289 

273 

257 

240 

14.8 _ 

224 

208 

191 

175 

18, 159 

18,142 

18, 126 

18, 110 

18, 093 

18, 077 

14.9... 

18,  061 

18,  045 

18,  028 

18,  012 

17,996 

17,980 

17,963 

17, 947 

17, 931 

17,915 

15.0 _  . 

17, 899 

17, 882 

17, 866 

17, 850 

834 

818 

802 

786 

770 

754 

15.1 _ 

737 

721 

705 

689 

673 

657 

641 

625 

609 

593 

15.2 _ 

577 

561 

545 

529 

513 

497 

481 

465 

449 

433 

15.3 _ 

417 

402 

386 

370 

354 

338 

322 

306 

290 

275 

15.4 _ 

259 

243 

227 

211 

196 

180 

164 

17, 148 

17, 132 

17,117 

15.5 _ 

17, 101 

17,085 

17,  069 

17,054 

17,038 

17,022 

17,  007 

16,991 

16, 975 

16, 959 

15.6 . . 

16, 944 

16, 928 

16,912 

16, 897 

16, 881 

16, 866 

16, 850 

834 

819 

803 

15.7 _ 

787 

772 

756 

741 

725 

710 

694 

679 

663 

648 

15.8 _ 

632 

617 

601 

586 

570 

555 

539 

524 

508 

493 

15.9 _ 

477 

462 

447 

431 

416 

400 

385 

370 

354 

339 

16.0 _ _ 

324 

308 

293 

278 

262 

247 

232 

216 

201 

186 

16.1 . . 

171 

155 

16, 140 

16, 125 

16, 110 

16,  094 

16,  079 

16,  064 

16,  049 

16, 034 

16.2. . 

16, 018 

16, 003 

15, 988 

15, 973 

15, 958 

15, 943 

15, 927 

15,912 

15, 897 

15, 882 

16.3 _ 

15, 867 

15, 852 

837 

822 

806 

791 

776 

761 

746 

731 

16.4 _  . 

716 

701 

686 

671 

656 

641 

626 

611 

596 

581 

16.5 _ 

566 

551 

536 

521 

506 

491 

476 

461 

446 

431 

16.6 _ _ _ 

416 

402 

387 

372 

357 

342 

327 

312 

298 

283 

16.7 . . 

268 

253 

238 

224 

209 

194 

179 

164 

150 

15, 135 

16.8 _ 

15, 120 

15, 105 

15, 091 

15, 076 

15,  061 

15, 047 

15, 032 

15,017 

15,002 

14,988 

16.9 _ _ 

14, 973 

14, 958 

14, 944 

14,929 

14, 914 

14,900 

14, 885 

14, 870 

14, 856 

841 

17.0 _ _ - 

826 

812 

797 

783 

768 

753 

739 

724 

710 

695 

17.1 _ 

681 

666 

652 

637 

622 

608 

594 

579 

564 

550 

17.2 _ _ _ 

536 

521 

507 

492 

478 

463 

449 

434 

420 

406 

17.3 _ _ _ 

391 

377 

362 

348 

334 

319 

305 

291 

276 

262 

17.4 _ _ _ 

247 

233 

219 

204 

190 

176 

162 

147 

14,  133 

14,  119 

17.5 . . - _ _ 

14,  104 

14, 090 

14, 076 

14, 062 

14, 047 

14, 033 

14,019 

14, 005 

13,  990 

13, 976 

17.6 _ _ _ 

13, 962 

13, 948 

13, 934 

13, 919 

13, 905 

13,891 

13,877 

13, 863 

849 

834 

17.7 _ 

820 

806 

792 

778 

764 

750 

736 

722 

707 

693 

17.8 _ _ _ 

679 

665 

651 

637 

623 

609 

595 

581 

567 

553 

17.9 _ _ _ 

539 

525 

511 

497 

483 

469 

455 

441 

427 

413 

18.0 . . . 

399 

385 

371 

357 

343 

329 

315 

301 

287 

274 

18.1 _ _ _ 

260 

246 

232 

218 

204 

190 

176 

163 

149 

13,  135 

18.2 _ 

13, 121 

13,  1C7 

13, 094 

13,  080 

13, 066 

13, 052 

13, 038 

13, 025 

13,011 

12, 997 

18.3 _ _ _ _ 

12, 983 

12, 970 

12, 956 

12, 942 

12, 928 

12,915 

12, 901 

12, 887 

12, 873 

860 

18.4 _ 

846 

832 

819 

805 

791 

778 

764 

750 

736 

723 

18.5... _ _ 

709 

695 

682 

668 

655 

641 

627 

614 

600 

587 

18.6 _ 

573 

559 

546 

532 

519 

505 

492 

478 

464 

451 

18.7 _ _ _ 

437 

424 

410 

397 

383 

370 

356 

343 

329 

316 

18.8 _ _ _ 

302 

289 

275 

262 

249 

235 

222 

208 

195 

181 

18.9 _ _ _ 

168 

155 

141 

12, 128 

12, 114 

12, 101 

12, 088 

12, 074 

12, 061 

12, 048 
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ALTITUDE-PRESSURE  TABLE— FEET-INCHES— Continued 


Altitude  in  feet,  pressure  in  inches  of  mercury— Continued 


P  inches 

0.  00 

0.01 

0. 02 

0.  03 

0.04 

0.  05 

0. 06 

0.  07 

0.08 

0.09 

19.0 _ 

12,  034 

12, 021 

12,  008 

11,994 

11,981 

11,968 

11,954 

11,941 

11,928 

11,914 

19.1 _ 

11,901 

11,888 

11,874 

861 

848 

835 

821 

808 

795 

781 

19.2 _ 

768 

755 

742 

729 

715 

702 

689 

676 

663 

649 

19.3. _ _ 

636 

623 

610 

597 

584 

570 

557 

544 

531 

518 

19.4 _ _ 

505 

491 

478 

465 

452 

439 

426 

413 

400 

387 

19.5 _ 

374 

360 

347 

334 

321 

308 

295 

282 

269 

256 

19. G _ 

243 

230 

217 

204 

191 

178 

165 

152 

139 

11,126 

19.7 _ _ 

11,  113 

11, 100 

11,087 

11,074 

11,061 

11,048 

11,035 

11,023 

11,010 

10,  997 

19.8 _ 

10,  984 

10, 971 

10, 958 

10,  945 

10,  932 

10,919 

10,  906 

10,  894 

10, 881 

868 

19.9 _ 

855 

842 

829 

816 

804 

791 

7  *8 

765 

752 

739 

20.0 _ _ _ 

726 

714 

701 

688 

675 

662 

650 

637 

624 

611 

20.1... _ _ 

599 

586 

573 

560 

548 

535 

522 

509 

497 

484 

20.2 _ 

471 

459 

446 

433 

421 

408 

395 

383 

370 

357 

20.3 _ _ _ 

344 

332 

319 

307 

294 

281 

269 

256 

243 

231 

20.4 _ 

218 

206 

193 

180 

168 

155 

143 

130 

10, 117 

10, 105 

20.5 _ 

10, 092 

10,080 

10, 067 

10, 055 

10, 042 

10, 030 

10,017 

10, 005 

9, 992 

9, 980 

20. 6 _ _ 

9,  967 

9,  955 

9,  942 

9,930 

9,917 

9,  905 

9,  892 

9, 880 

9,  867 

9,  855 

20.7 _ _ _ 

9,  842 

9,830 

9, 817 

9, 805 

9,  793 

9,  780 

9,  768 

9,  755 

9,  743 

9,  730 

20.8 _ _ 

9,  718 

9,706 

9,  693 

9,681 

9, 668 

9,  656 

9,  644 

9, 631 

9,619 

9, 607 

20.9 _ 

9,  594 

9,582 

9, 570 

9,  557 

9,  545 

9,  532 

9,  520 

9,  508 

9,  495 

9, 483 

21.0 _ _ 

9,  471 

9, 458 

9,  446 

9, 434 

9, 422 

9,409 

9, 397 

9, 385 

9,  372 

9, 360 

21.1 _ _ 

9,  348 

9, 336 

9,  323 

9,311 

9, 299 

9,  287 

9, 274 

9, 262 

9,  250 

9, 238 

21.2 _ _ _ _ 

9,  225 

9,213 

9,  201 

9, 189 

9, 176 

9, 164 

9,  152 

9, 140 

9, 128 

9, 116 

21.3 _ _ 

9,  103 

9,  091 

9, 079 

9,  067 

9,  055 

9,  043 

9,  030 

9,018 

9,  006 

8,  994 

21.4 _ 

8,  982 

8,  970 

8,  958 

8,  946 

8, 933 

8, 921 

8,  909 

8, 897 

8,  885 

8, 873 

21.5 _ 

8,  861 

8,  849 

8,  837 

8, 825 

8,813 

8,801 

8,  789 

8,776 

8,  764 

8,  752 

21. G . . . . ._ 

8,  740 

8,  728 

8,716 

8,  704 

8,  692 

8,  680 

8,  668 

8,  656 

8,  644 

8,  632 

21.7 _ _ _ 

8, 620 

8,  608 

8,  596 

8,  584 

8,  572 

8, 560 

8,  548 

8,  536 

8,  524 

8,512 

21.8 _ 

8,  500 

8, 489 

8,  477 

8, 465 

8, 453 

8,  441 

8, 429 

8,417 

8,  405 

8,  393 

21.9 _ 

8, 381 

8,  369 

8,  357 

8,  346 

8, 334 

8,  322 

8,310 

8,  298 

8,286 

8,  274 

22.0. _ _ _ 

8,  262 

8,  250 

8,  239 

8,  227 

8,215 

8, 203 

8, 191 

8, 179 

8, 168 

8, 156 

22.1... _ _ _ _ 

8,  144 

8,  132 

8, 120 

8, 109 

8,  097 

8, 085 

8,073 

8,061 

8,  050 

8, 038 

8,  026 

8,014 

8, 003 

7,991 

7, 979 

7,  967 

7, 956 

7,  944 

7, 932 

7, 920 

22.3 _ _ 

7, 909 

7,  897 

7,885 

7, 873 

7, 862 

7,  850 

7, 838 

7, 827 

7,815 

7, 803 

22.4 _ 

7,791 

7,  780 

7, 768 

7, 756 

7,  745 

7,  733 

7,  721 

7,710 

7,698 

7,686 

22.5 _ _ 

7,  675 

7,663 

7,  652 

7,  640 

7,628 

7,  617 

7,  605 

7,  593 

7,582 

7,570 

22.6 _ 

7,  559 

7,  547 

4  y  53o 

7, 524 

7,512 

7, 501 

7,  489 

7,478 

7, 466 

7,454 

22.7 . . 

7,  443 

7,  431 

7, 420 

7, 408 

7, 397 

7, 385 

7,374 

7,  362 

7,  350 

7, 339 

22.8 _ 

7,  327 

7,316 

7, 304 

7,  293 

7, 281 

7,  270 

7,  258 

7,247 

7,  235 

7,  224 

22.9 _ 

7,212 

7, 201 

7,189 

7,178 

7, 167 

7, 155 

7,144 

7,132 

7, 121 

7, 109 

23.0 _ _ _ 

7, 098 

7,086 

7, 075 

7, 064 

7,052 

7, 041 

7, 029 

7,018 

7, 006 

6, 995 

23.1 _ 

6,  984 

6,  972 

6, 961 

6, 949 

6, 938 

6, 927 

6, 915 

6, 904 

6, 893 

6,  881 

23.2 _ _ 

6,  870 

6,858 

6,847 

6,836 

6, 824 

6,813 

6, 802 

6,  790 

6,  779 

6,  768 

23.3 _ 

6,  756 

6,  745 

6,  734 

6,  722 

6,711 

6,  700 

6,688 

6,  677 

6,  666 

6, 655 

23.4 _ _ _ 

6,  643 

6,  632 

6,621 

6,610 

6,  598 

6,587 

6,  576 

6, 564 

6,  553 

6, 542 

23.5_. . . 

6,  531 

6,  519 

6,  508 

6,  497 

6, 486 

6, 475 

6,  463 

6, 452 

6, 441 

6, 430 

23. G _ _ _ 

6,  418 

6,  407 

6, 396 

6,385 

6,  374 

6, 363 

6,351 

6, 340 

6,  329 

6,318 

23.7 _ _ 

6,  307 

6,  296 

6,  284 

6, 273 

6,  262 

6,  251 

6,  240 

6,  229 

6,218 

6, 206 

23.8 _ _ 

6, 195 

6, 184 

6,  173 

6, 162 

6,  151 

6, 140 

6, 129 

6, 118 

6, 106 

6,095 

23.9 _ _ _ 

6, 084 

6,  073 

6, 062 

6, 051 

6,040 

6, 029 

6,018 

6, 007 

5, 996 

5, 985 

24.0_ _ _ _ _ 

5,974 

5, 962 

5,951 

5,  940 

5, 929 

5,918 

5,907 

5,896 

5, 885 

5,874 

24.1 _ 

5, 863 

5, 852 

5,841 

5, 830 

5,819 

5, 808 

5,  797 

5,  786 

5,  775 

5,  764 

24.2.. _ _ _ _ 

5,  753 

5,  742 

5,  731 

5,  720 

5,  709 

5,  698 

5,687 

5,  676 

5,  666 

5,  655 

24.3 _ _ 

5,  644 

5,  633 

5,  622 

5,611 

5,  600 

5,  589 

5,  578 

5, 567 

5, 555 

5, 545 

24.4 _ _ 

5,  534 

5,  524 

5,513 

5, 502 

5, 491 

5, 480 

5, 469 

5,  458 

5, 417 

5, 436 

24.5. _ _ 

5,425 

5,415 

5, 404 

5, 393 

5, 382 

5,371 

5,360 

5, 350 

5, 339 

5,  328 

24.6 _ 

5,317 

5,  306 

5,  295 

5,285 

5,  274 

5,  263 

5,  252 

5,  241 

5,230 

5,  220 

24.7. _ _ 

5,  209 

5, 198 

5, 187 

5, 176 

5, 166 

5, 155 

5,  144 

5, 133 

5, 123 

5, 112 

24.8.. _ _ 

5, 101 

5,  090 

5,080 

5,  069 

5,058 

5,  047 

5,  037 

5,026 

5,015 

5,  004 

24.9 _ 

4,994 

4, 983 

4, 972 

4, 961 

4,  951 

4,  940 

4, 929 

4,919 

4, 908 

4,897 

25.0 _ _ _ 

4,886 

4, 876 

4,  865 

4, 854 

4,844 

4,833 

4, 822 

4,812 

4,801 

4,790 

25.1 _ 

4,780 

4,  769 

4,  758 

4,  748 

4,  737 

4,  726 

4,716 

4,  705 

4,695 

4,684 

25.2. _ _ _ _ 

4,  673 

4,663 

4,652 

4, 642 

4, 631 

4,  620 

4,610 

4,  599 

4,588 

4,578 

25.3 . . . . 

4,  567 

4,557 

4,546 

4,  536 

4,  525 

4,514 

4,504 

4,493 

4,  483 

4,472 

25.4 _ _ 

4, 462 

4,451 

4, 440 

4,430 

4,419 

4, 409 

4, 398 

4, 388 

4,377 

4,367 

25.5. _ _ _ 

4, 356 

4,  346 

4,335 

4, 325 

4,314 

4, 304 

4,293 

4,283 

4,272 

4,  262 

25.6 _ 

4,251 

4,  241 

4,  230 

4,  220 

4,209 

4, 199 

4, 188 

4, 178 

4, 167 

4, 157 

25.7 _ _ _ 

4, 146 

4,  136 

4,  125 

4,  115 

4, 105 

4,  094 

4, 084 

4, 073 

4,063 

4, 052 

25.8 _ 

4, 042 

4,  032 

4,  021 

4,011 

4,000 

3,990 

3,980 

3, 969 

3,  959 

3,948 

25.9 _ _ _ 

3,  938 

3, 928 

3, 917 

3, 907 

3,896 

3,886 

3, 876 

3, 865 

3, 855 

3,845 

26.0 _ _ _ 

3, 834 

3,  824 

3, 814 

3,803 

3,  793 

3,  782 

3,772 

3,  762 

3,  751 

3,741 

26.1 _ 

3,  731 

3,720 

3,710 

3,  700 

3,689 

3,  679 

3,669 

3,  659 

3,648 

3,  638 

26.2 _ _ _ 

3,  628 

3,617 

3,607 

3,  597 

3,586 

3,  576 

3,  566 

3, 556 

3,  545 

3,535 

26.3 _ 

3,  525 

3,515 

3,  504 

3, 494 

3, 484 

3,474 

3,  463 

3, 453 

3, 443 

3, 433 

26.4 _ 

3, 422 

3,412 

3, 402 

3,  392 

3,  382 

3,  371 

3,  361 

3,  351 

3,  341 

3,331 

26.5.. . . 

3, 320 

3,310 

3, 300 

3,290 

3,  279 

3,  269 

3,  259 

3,249 

3,  239 

3,229 

26.6 _ 

3,218 

3,  208 

3, 198 

3, 188 

3,  178 

3,  168 

3, 157 

3,147 

3,137 

3, 127 

26.7 _ _ 

3,  117 

3,  107 

3,  097 

3,086 

3, 076 

3,066 

3,056 

3,046 

3,  036 

3,  026 

26.8 _ 

3, 016 

3, 005 

2,995 

2,985 

2, 975 

2, 965 

2,  955 

2, 945 

2,  935 

2, 925 

26.9 _ 

2,  915 

2,  905 

2, 895 

2,884 

2,874 

2, 864 

2, 854 

2,  844 

2,  834 

2,  824 

27.0 _ 

2,814 

2,  804 

2,794 

2,784 

2,774 

2,  764 

2,  754 

2,744 

2,  734 

2,  724 

27.1 _ 

2,714 

2,  704 

2, 694 

2,  684 

2,  674 

2,  664 

2,  654 

2,  644 

2,  634 

2,  624 

27.2 _ _ _ 

2,614 

2,  604 

2,  594 

2, 584 

2,  574 

2,  564 

2,  554 

2,  544 

2,  534 

2,  524 

27.3 _ 

2,514 

2, 504 

2, 494 

2, 484 

2,474 

2,  464 

2,  454 

2, 444 

2,434 

2,425 

27.4 _ 

2,415 

2, 405 

2,395 

2, 385 

2,  375 

2, 365 

2,  355 

2,  345 

2,  335 

2,  325 

27.5 _ _ _ _ 

2,315 

2, 306 

2,  296 

2,  286 

2,  276 

2,  266 

2,  256 

2,246 

2,  236 

2, 226 

27.6 _ 

2,217 

2,207 

2, 197 

2, 187 

2,177 

2, 167 

2, 158 

2, 148 

2,  138 

2, 128 

27.7... _ _ 

2, 118 

2, 108 

2, 098  i 

2,  098 

2,  079 

2,069 

2, 059 

2, 049 

2, 040 

2, 030 

27.8 _ 

2. 020 

2,010 

2, 000  1 

1,  990 

1,981 

1,  971 

1,961 

1,951 

1,942 

1,932 

27.9 _ _ _ 

1,922  1 

1,912 

1,902  1 

1,893 

1,883 

1,873 

1,863 

1,854 

1,844 

1,834 
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TABLE  II— Continued 

ALTITUDE-PRESSURE  TABLE— FEET-INCHES— Continued 


Altitude  in  feet,  pressure  in  inches  of  mercury — Continued 


P  inches 

0.00 

0.01 

0.  02 

0.03 

0.  04 

0.  05 

0.  06 

0.  07 

0.  08 

0.09 

28.0 _ 

1,824 

1,814 

1, 805 

1,795 

1,  785 

1,  776 

1,766 

1,  756 

1,746 

1,737 

28.1 _ 

1,727 

1,717 

1,707 

1,698 

1,688 

1,678 

1,668 

1,659 

1,  649 

1,639 

28.2 _ _ 

1,  630 

1,620 

1,610 

1,601 

1,591 

1,581 

1,  572 

1,562 

1,552 

1,542 

28.3 _ 

1,  533 

1,523 

1,513 

1,504 

1,494 

1,484 

1,475 

1,465 

1,456 

1,446 

28.4 _ _ 

1,436 

1,427 

1,417 

1,407 

1,398 

1,388 

1,378 

1,369 

1,359 

1,350 

28.5 _ 

1,340 

1,330 

1,  321 

1,311 

1,302 

1,292 

1,282 

1,273 

1,263 

1,254 

28.6 _ _ 

1,244 

1,234 

1,225 

1,215 

1,206 

1,  196 

1, 186 

1, 177 

1, 167 

1,  158 

28.7 _ 

1, 148 

1,  139 

1,129 

1,  120 

1,  110 

1,000 

1,091 

1,081 

1,072 

1,062 

28.8 _ 

1,  053 

1,043 

1, 034 

1,024 

1,015 

1,005 

995 

986 

976 

967 

28.9. _ _ 

957 

948 

938 

929 

919 

910 

900 

891 

881 

872 

29.0 _ 

863 

853 

844 

834 

825 

815 

806 

796 

787 

777 

29.1 _ 

768 

758 

749 

739 

730 

721 

711 

702 

692 

683 

29.2 _ 

673 

664 

655 

645 

636 

626 

617 

607 

598 

589 

29.3 _ _ _ 

579 

570 

560 

551 

542 

532 

523 

514 

504 

495 

29.4 _ 

485 

476 

467 

457 

448 

439 

429 

420 

410 

401 

29. 5... _ _ 

392 

382 

373 

364 

354 

345 

336 

326 

318 

308 

29.6 _ 

298 

289 

280 

270 

261 

252 

242 

233 

224 

215 

29.7 _ 

205 

196 

187 

177 

168 

159 

149 

140 

131 

122 

29.8 _ _ _ 

112 

103 

94 

85 

75 

66 

57 

47 

38 

29 

29.9 _ _ _ 

20 

10 

1 

-8 

-17 

-26 

-36 

-45 

-54 

-63 

30.0 _ 

-73 

-82 

-91 

-100 

-110 

-119 

-128 

-137 

-146 

-156 

30.1 _ _ 

—  165 

-174 

-183 

-192 

-202 

-211 

-220 

-229 

-238 

-248 

30.2 _ _ _ 

-257 

-266 

—  275 

-284 

-293 

-303 

-312 

-321 

-330 

-339 

30.3.. _ _ _ _ 

-348 

-358 

-367 

—376 

-385 

-394 

-403 

-412 

-421 

-431 

30.4 _ 

-440 

-449 

-458 

-467 

-476 

-485 

-494 

—  504 

-513 

-522 

30.5 _ 

-531 

-540 

-549 

-558 

-567 

-576 

-585 

-594 

-004 

-613 

30.6 _ 

-622 

-631 

-640 

-649 

-658 

-667 

—  676 

-685 

-694 

-703 

30.7 _ 

-712 

-721 

-730 

-740 

-749 

-758 

-767 

-776 

-785 

-794 

30.8 _ _ _ 

-803 

-812 

-821 

-830 

-839 

-848 

—857 

-866 

-875 

-884 

30.9 _ _ _ 

-893 

-902 

-911 

-920 

-929 

-938 

-947 

-956 

-965 

-974 

31.0... _ _ 

-983 

-992 

-1,001 

-1,010 

-1,019 

-1,028 

-1,037 

-1,046 

-1,055 

-1,064 

TABLE  III 


A  LT I T  U  DE-PRESSURE-T  E  M  PER  AT  U  RE  T  ABLE 


Altitude,  feet 

Pressure 

Tempera¬ 
ture,  °C. 

Mean 
tempera¬ 
ture,  °C. 

Altitude,  feet 

Pressure 

Tempera¬ 
ture,  °C. 

Mean 
tempera¬ 
ture,  °C. 

in.  Eg 

mm  Eg 

in.  Hg  | 

mm  Eg  j 

—  1  000 

31.  02 

17.0 

16.0 

22,000 _ 

12.  63 

320.8 

-28.  6 

-7.4 

—  500 

30.  47 

16.0 

15.5 

22,500 _ _ _ 

12.  36 

314. 1 

-29.6 

-7.9 

23,000 _ 

12.  10 

307.  4 

-30.  6 

-8.4 

0  .....  . . 

29.  921 

760.0 

15.0 

15.0 

23,500 _ 

11.84 

300.  9 

-31.6 

-9.0 

500  -  ---  _ 

29.  38 

746.4 

14.0 

14.5 

24,000. _ _ 

11.  59 

294.  4 

-32.  5 

-9.  5 

1  000 

28.  86 

732.9 

13.  0 

14.0 

24,500 _ 

11.34 

288.  1 

-33.5 

-10.0 

L500 _ 

28.  33 

719.7 

12.0 

13.5 

2  000 

27. 82 

11.0 

13.  0 

25,000 _ 

11.  10 

281.9 

-34.5 

-10.5 

9  500 

27.  31 

693.8 

10.0 

12.5 

25,500 _ 

10. 86 

275.8 

-35.  5 

-11.  1 

i  3  000 

26. 81 

681. 1  I 

9. 1 

12.0 

26,000 _ 

10.  62 

269.8 

-36.  5 

-11.6 

3’  500 

26.  32 

668.  0 

8.  1 

11.5 

26,500 _ 

10.  39 

263.  9 

— 37.  5 

-12.  1 

4  non 

25. 84 

656.  3 

7. 1 

11.0 

27,000 _ 

10. 16 

258.  1 

-38.  5 

-12.7 

4*  500 

25.  36 

644.  2 

6. 1 

10.  5 

27,500 _ 

9.  94 

252.5 

-39.5 

-13.2 

28.000 _ 

9.  72 

246.9 

-40.  5 

-13.7 

5  non 

24.89 

632.  3 

5.  1 

10.0 

28,500 _ 

9.  50 

241.4  ; 

-41.  5 

-14.3 

5  500 

24.  43 

620.  6 

4.  1 

9.5 

29,000 _ 

9.  29 

236.0 

-42.5 

-14.8 

6  000 

23.  98 

609.0 

3.  1 

9.0 

29,500 _ 

9.08 

230.7  I 

-43.4 

-15.3 

6,500_.  _  -  -  —  - 

23.  53 

597.6 

2. 1 

8.5 

7  non  _ 

23.  09 

586.  4 

1. 1 

8.0 

30,000 _ 

8.  88 

225.6 

-44.4 

-15.9 

7  500 

22.  65 

0.  1 

7.5 

30,500 _ 

8.  68 

220.5 

-45.4 

-16.4 

i  8  000 

22.  22 

-0.  8 

7.  0 

31,000 _ 

8.  48 

215.5 

-46.4 

-16.9 

8  500 

21.80 

553.  7 

-1.8 

6.  5 

31,500 _ 

8.29 

210.  6 

-47.4 

-17.5 

q  000 

21.  38 

543.2 

-2.8 

6.0 

32,000 _ 

8.  10 

205. 8 

-48.4 

-18.0 

!  0  wr> 

20.  98 

532. 8 

-3.8 

5  5 

32,500 _ 

7.91 

201.0 

-49.  4 

-18.6 

33,000 _ 

7.73 

196.4 

-50.4 

-19.  1 

10  000  --- 

20.  58 

522.  6 

-4.8 

5.0 

33,500 _ 

7.  55 

191.  8 

-51.  4 

- 19.  6 

10*  500 

20.  18 

512.  5 

-5.8 

4. 5 

34,000 _ 

7.  38 

187.4 

-52.4 

-20.  2 

1  Toon 

19.  79 

502.  6 

-6.8 

4.0 

34,500 _ 

7.20 

183.0 

-53.4 

-20.7 

11,500 _ 

19.40 

492.8 

-7.8 

3.5 

19  non 

19.  03 

483.  3 

-8.8 

2.9 

35,000 _ 

7.  04 

178.7 

-54.  3 

-21.3 

19500  _  _  ... 

18.  65 

473.8 

-9.8 

2.4 

35,332 _ 

6.  93 

175.9 

-55.  0 

-21.6 

13' non 

18.  29 

464.  5 

-10.8 

1.9 

35,500 _ _ 

6. 87 

174.5 

-55.0 

-21.8 

13  500 

17.  93 

-11.7 

1.4 

36,000 _ 

6.71 

170.  4 

-55.  0 

-22.3 

|  14  000 

17.  57 

446.  4 

-12.7 

0.9 

36,500 _ 

6.  55 

166.4 

-55.0 

-22.  8 

14  500 

17.  22 

437.  5 

-13.  7 

0.4 

37,000 _ 

6.  39 

162.  4 

-55.0 

-23.3 

37,500 _ 

6.  24 

1.58.6 

-55.0 

-23.8 

1 5  000  .  _ _ 

16.88 

428.  8 

-14.7 

-0. 1 

38,000 _ 

6.  10 

154.9 

-55.  0 

-24.3 

15  500 

16.  54 

420.  2 

-15.7 

-0.6 

38,500 _ 

5.95 

151.2 

—  55.  0 

-24.8 

10  000 

16.  21 

411.8 

-16.  7 

-1. 2 

39,000 _ 

5.  81 

147.6 

-55.0 

-25.2 

1 0  500 

15.  89 

403.  5 

-17.7 

-1.7 

39,500 _ 

5.  68 

144.  1 

-55.0 

-25.6 

17’, 000 _ 

15.  56 

395.  3 

-18.7 

—2.  2 

17  500 

15.  25 

387.  3 

-19.  7 

-2. 7 

40,  000 _ 

5.  54 

140.  7 

-55.0 

-26.  0 

18' 000 

14. 94 

379.4 

-20.7 

-3.2 

40,  500 _ 

5.41 

137.4 

-55.0 

-26.4 

18  500 

14.  63 

371.7 

-21.7 

-3.7 

41,000 _ 

5.  28 

134.2 

-55.0 

-26.8 

19  000 

14.  33 

364.  0 

-22.  6 

-4.3 

41,500. _ _ _ _ 

5. 16 

131.0 

-55.0 

-27.2 

1  o' 500 

14.04 

356.  5 

-23.6 

-4.8 

42,  000 _ 

5.  04 

127.9 

-55.0 

-27.6 

j  42, 500  _ 

4.92 

124.9 

-55.0 

-28.0 

'  90  000  .  . . . 

13.  75 

349. 1 

-24.  6 

-5.3 

1  43, 000 _ 

4.80 

122.0 

-55.0 

-28.3 

90  .500  .  _  _ . 

13. 46 

341.9 

-25.  6 

-5.8 

43,  500 _ _ _ 

4.  69 

119.  1 

-55.0 

-28.6 

91  000 

13.  18 

334.  7 

-26.6 

-6.3 

i  44,000 _ _ _ 

4.58 

116.3 

-55.0 

-29.  0 

2L500 _ 

1  12.90 

327.7 

|  -27.6 

-6.9 

i  44,500 _ 

4.47 

113.5 

-55.0 

-29.3 

71946—36- 
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TABLE  III — Continued 

ALTITUDE-PRESSURE-TEMPERATURE  TABLE— Continued 


Altitude,  feet 

Pressure 

Tempera¬ 
ture,  °C. 

Mean 
tempera¬ 
ture,  °C. 

Altitude,  feet 

Pressure 

Tempera¬ 
ture,  °C. 

Mean 
tempera- 
turn,  °C. 

in.  Hg 

mm  Hg 

in.  Hg 

mm  Hg 

45  000 

4  80 

110.8 

-55.  0 

-29.6 

60,  000 _ 

2. 132 

54. 15 

—55 

4  5  500 

4  20 

108  2 

-55.0 

-29.9 

61 , 000 _ _ 

2.033 

51.63 

-55 

40  000 

4  16 

105.  7 

-55.  0 

-30.2 

62,  000 _ 

1.  938 

49.  22 

—  00 

46  500 

4  06 

103  2 

-55.0 

-30.  5 

63,000... _ _ 

1.847 

46. 92 

—  55 

47  000 

3!  97 

100.  7 

-55.  0 

-30.8 

04,  000 _  _ 

1.  761 

44.  73 

—55 

47  500 

3  873 

98  38 

-55.  0 

-31.  1 

65,  000 _ 

1.  679 

42.  65 

—55 

48  000 

3  781 

96.  05 

-55.  0 

-31.4 

66,000 _ 

1.601 

40.  66 

—55 

48  500 

3  093 

93.  79 

—  55.0 

-31.7 

67, 000 _ 

1.526 

38.  76 

—55 

40  000 

3  605 

91.  57 

-55.  0 

-31.9 

68,000 _  _ 

1.455 

36. 95 

-55 

4<)  50Q 

3  520 

89.41 

—55.0 

-32.2 

69, 000 _ _ 

1.387 

35.23 

—55 

5a  000 _ 

3.  436 

87.  30 

-55.0 

-32.4 

70  000 

1.  322 

33.  59 

—55 

.51  000 

3  276 

83.  22 

71, 000 _ 

1.261 

32.  02 

—55 

52  ooo 

3  124 

79.  34 

72,  (XX) _ 

1.202 

30.53 

—55 

non 

2  978 

75.  64 

—55 

73, 000 _ 

1.  146 

29.  10 

-55 

54  000 

2  839 

72. 12 

-55 

74,  000... _ _ 

1.093 

27.  75 

-55 

55  000 

2  707 

08.  76 

—55 

75,  000 _ 

1.041 

26.  45 

-55 

.50  OOO 

2  581 

—55 

76,  000 _ 

0.  993 

25.  22 

—  55 

57  OOO 

2.  460 

62. 49 

— 55 

77,  000 _ 

0.  946 

24.  04 

-55 

.58  000 

2.  346 

—55 

78,  000 _ 

0.  902 

22. 92 

—  55 

5Q  OOO 

2.  236 

56.  80 

—55 

79,  000 _ 

0.  860 

21.85 

—55 

80, 000 _ 

0.820 

20. 83 

—55 
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INVESTIGATION  OF  FULL-SCALE  SPLIT  TRAILING-EDGE  WING  FLAPS  WITH 

VARIOUS  CHORDS  AND  HINGE  LOCATIONS 


By  Rudolf  Wallace 


SUMMARY 

An  investigation  was  conducted  in  the  N.  A.  C.  A. 
full-scale  wind  tunnel  on  a  small  parasol  monoplane 
equipped  with  three  different  split  trailing-edge  wing 
flaps.  The  object  of  the  investigation  was  to  determine 
and  correlate  data  on  the  characteristics  of  the  airplane 
and  flaps  as  affected  by  variation  in  flap  chord ,  flap 
deflection,  and  flap  location  along  the  wing  chord.  The 
chords  of  the  flaps  were  10,  20,  and  30  percent  of  the 
wing  chord  and  each  flap  was  tested  at  deflections  from  0° 
to  75°  when  located  successively  at  68,  80,  and  88.8 
percent  of  the  wing  chord  aft  of  the  leading  edge.  The 
investigation  included  force  tests,  pressure-distribution 
tests,  and  downwash  surveys.  The  results  give  the  lift, 
the  drag,  and  the  pitching-moment  characteristics  of  the 
airplane,  the  flap  forces  and  moments,  the  pressure 
distribution  over  the  flaps  and  wing  at  one  section, 
and  the  downwash  characteristics  of  the  flap  and  wing 
combinations. 

An  increase  in  flap  chord  or  distance  of  the  flap  from 
the  leading  edge  of  the  wing  increased  the  lift  of  the  air¬ 
plane  but  had  an  adverse  effect  on  the  wing  pitching 
moment.  The  LfD  ratio  of  the  airplane  decreased  with 
increase  in  flap  deflection  or  flap  chord.  Flap  normal- 
force  coefficients  were  primarily  a  function  of  flap  deflec¬ 
tion  and  were  relatively  independent  of  flap  chord,  hinge- 
axis  location,  and  airplane  attitude.  The  location  of 
the  flap  center  of  pressure  in  percentage  of  flap  chord  aft  of 
the  hinge  axis  remained  practically  constant  irrespec¬ 
tive  of  airplane  attitude  and  of  flap  deflection,  chord,  or 
location.  Flap  hinge-moment  coefficients  varied  with  a 
power  of  flap  chord  greater  than  the  square  so  that  with 
regard  to  hinge  moments  narrow  flaps  were  the  most 
efficient  in  producing  a  given  increase  in  lift. 

Split  trailing-edge  flaps  materially  affected  the  magni¬ 
tude  and  distribution  of  pressures  over  the  entire  wing 
profile.  At  low  angles  of  attack  the  predominant  effect 
of  the  flaps  was  to  increase  positively  the  lower-surface 
pressures ;  at  high  angles  of  attack,  to  increase  negatively 
the  upper-surface  pressures.  Downwash  surveys  indi¬ 
cated  that  horizontal  tail  planes  located  above  the  wing 
chord  line  would  be  more  effective  than  those  below  the 
chord  in  counteracting  the  increased  diving  moment  of 
the  airplane  with  flaps  deflected. 


INTRODUCTION 

The  National  Advisory  Committee  for  Aeronautics 
has  been  active  during  the  past  2  years  in  the  investi¬ 
gation  and  development  of  split  trailing-edge  flaps  as  a 
device  for  improving  the  landing  characteristics  of 
high-speed  aircraft  and  thereby  increasing  the  safety 
of  flight.  Split  trailing-edge  flaps  have  been  like¬ 
wise  investigated  during  this  same  period  by  various 
other  research  agencies  and  by  aircraft  manufacturers 
and  have  proved  to  be  of  such  practical  value  that  they 
are  now  accepted  as  a  definite  factor  in  contemporary 
aircraft  design. 

The  accurate  design  and  stress  analysis  of  airplanes 
incorporating  split  trailing-edge  wing  flaps  require 
that  complete  and  coordinated  data  be  available  on 
all  pertinent  flap  characteristics  and  properties,  such 
as  the  effect  of  the  flaps  on  the  lift,  drag,  and  pitching- 
moment  characteristics  of  the  airplane,  the  force  and 
moment  characteristics  of  the  flaps,  and  the  pressure 
distribution  and  downwash  properties  of  the  flap  and 
wing  combinations.  Fairly  complete  data  (references 
1  to  5)  are  now  available  on  the  aerodynamic  character¬ 
istics  of  model  wings  and  of  full-scale  airplanes  equipped 
with  split  flaps;  somewhat  limited  data  (reference  6) 
have  also  been  presented  on  flap  forces  and  moments. 
No  information  is  available,  however,  as  to  the  effect 
of  split  flaps  on  downwash  or  pressure  distribution 
over  a  wing,  and  the  existing  force  and  moment  data 
have  been  determined  mostly  from  tests  of  small-scale 
models. 

This  report  presents  the  results  of  tests  conducted 
in  the  N.  A.  C.  A.  full-scale  wind  tunnel  on  a  Fairchild 
22  airplane  equipped  with  split  trailing-edge  wing  flaps. 
A  conventional  wing  with  an  N.  A.  C.  A.  2212  airfoil 
section  was  modified  so  that  flaps  having  chords  10,  20, 
and  30  percent  of  the  wing  chord  could  be  tested  at 
deflections  up  to  75°  with  their  hinge  axes  located  at 
3  positions  along  the  wing  chord.  The  investigation 
included  force  tests,  pressure-distribution  tests,  and 
air-flow  surveys.  From  the  force  and  pressure-distribu¬ 
tion  tests  were  determined:  the  lift,  drag,  and  pitching 
moment  of  the  airplane;  the  normal  force  and  center 
of  pressure  of  the  wing  and  of  the  flap  at  one  section ; 
and  the  normal  force,  center  of  pressure,  and  hinge 
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moment  of  the  total  flap.  The  air-flow  surveys  in¬ 
cluded  measurements  of  down  wash  angles  and  of  dy¬ 
namic  pressures  in  the  region  of  usual  tail-plane  loca¬ 
tions. 

APPARATUS 


Airplane. — The  Fairchild  22  is  a  small  open  2-place 
parasol  monoplane  powered  with  an  inverted 


Cirrus  air-cooled  engine.  A  3-view  drawing  of  the 
airplane  is  shown  in  figure  1 ;  the  principal  characteris¬ 
tics  of  the  airplane  are  given  in  table  I. 

The  wing  is  of  conventional  wood  and  fabric  construc¬ 
tion  with  a  span  of  32  feet  10  inches  and  a  chord  of  66 
inches.  It  lias  rounded  tips,  a  center  section  cut-out 
at  the  trailing  edge,  and  an  N.  A.  C.  A.  2212  airfoil 
section.  The  wing  was  modified  for  these  tests  by 
removing  the  trailing  edge  aft  of  the  rear  spar  over  the 
portion  of  the  span  normally  utilized  for  ailerons  and 
substituting  therefor  a  special  trailing-edge  assembly. 
This  assembly,  consisting  of  a  wooden  spar,  wooden 
ribs,  and  sheet-metal  upper  surface,  was  bolted 
directly  to  the  rear  spar  of  the  wing  so  that  the  surface 
faired  smoothly  into  the  wing  profile.  A  special  rib 
to  support  the  pressure  orifices  was  built  into  the  star¬ 
board  wing  without  altering  the  airfoil  section.  The 
location  of  this  pressure  rib  and  the  orifices  thereon  are 


shown  in  figure  2.  In  reference  7  is  given  a  detailed 
description  of  the  type  of  orifice  used  and  the  manner 
of  its  installation. 

The  plywood  flaps  were  %-inch  thick  and  were  at¬ 
tached  to  2-incli  bolting  strips  by  piano  hinges  extend¬ 
ing  along  the  entire  flap  span.  The  3  flap  chords  were 


Figi^re  2. — Location  of  pressure  orifices  onwing  and  flap. 


6.6  inches,  13.2  inches,  and  19.8  inches,  corresponding 
respectively  to  10,  20,  and  30  percent  of  the  nominal 
wing  chord.  The  spans  of  the  flaps  were  identical, 
being  13  feet  6  inches,  or  82.2  percent  of  the  wing 
semispan,  and  each  was  slightly  rounded  at  the  ends 
to  fair  into  the  wing  plan  form.  Pressure  orifices 
were  installed  only  in  the  starboard  flaps  and  consisted 
of  ^-incli  copper  tubes  coming  flush  and  fair  with  the 


<£_  rear  spar 


flap  surface.  The  location  of  the  pressure  orifices  in 
each  flap  is  shown  in  figure  2. 

Figure  3  shows  the  modified  trailing  edge  and  a 
flap  as  assembled  for  testing.  Six  angle  blocks  main¬ 
tained  the  flap  angle  along  the  span;  boards  and  filler 
plates  of  varying  width  were  used  ahead  of  and  behind 
the  flap  to  complete  the  assembly  for  the  different 
hinge-axis  locations.  A  photograph  of  the  wing  with 
the  20-percent  flap  hinged  at  80  percent  of  the  wing 
chord  and  deflected  60°  is  shown  in  figure  4. 
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Manometer.— The  manometer  was  of  the  multitube 
liquid  type  and  provided  simultaneous  photographic 


through  the  wing  to  the  center  line  of  the  airplane 
and  thence  down  a  streamline  strut  to  the  front  cock- 


Figtjre  4.— View  of  wing  with  20  percent  c  flap,  hinged  at  80  percent  c  and  deflected  60°. 


pit.  The  cockpits  were  covered  to  protect  the  manom¬ 
eter  and  to  reduce  the  over-all  drag  of  the  set-up. 

Wind  tunnel  and  survey  apparatus. — The  N.  A.  C.  A. 
full-scale  wind  tunnel  and  the  survey  apparatus  are 
described  in  detail  in  reference  9.  Figure  5  shows  the 
Fairchild  22  airplane  mounted  on  the  balance  with  the 
survey  apparatus  in  test  position. 

TESTS 


Figure  5.— The  Fairchild  22  airplane  mounted  on  the  balance  with  the  survey 
apparatus  in  the  test  position. 

the  front  cockpit  on  pivots  so  that  it  would  remain 
level  as  the  angle  of  attack  of  the  airplane  was  changed. 
The  pressure  orifices  were  connected  to  the  manome¬ 
ter  through  aluminum  and  rubber  tubing  carried 


All  tests  were  conducted  with  the  propeller  and  the 
horizontal  tail  surfaces  removed  and  with  the  airplane 
set  at  0°  in  roll  and  yaw.  The  wing  was  set  5°  to  the 
thrust  axis.  The  tests  were  conducted  at  a  dynamic 
pressure  of  approximately  8  pounds  per  square  foot, 
corresponding  at  standard  sea-level  conditions  to  a 
velocity  of  56  miles  per  hour  and  to  a  Reynolds  Num¬ 
ber  of  2,880,000  based  on  the  wing  chord. 

The  lift,  drag,  and  pitching  moment  of  the  airplane 
were  determined  over  an  angle-of-attack  range  from 
—  16°  to  20°  for  all  flap  conditions.  The  10  and  20 
percent  c  flaps  were  each  tested  at  hinge-axis  locations 
68.0,  80.0,  and  88.8  percent  of  the  wing  chord  aft  of 
the  wing  leading  edge;  the  30  percent  c  flaps  were 
tested  at  the  68.0-  and  80. 0-percent  hinge  locations. 
Flap  deflections,  or  the  angular  displacement  of  the 
flap  from  its  closed  position,  varied  from  0°  to  75°. 
The  30  percent  c  flap  was  not  tested  at  deflections 
greater  than  40°  nor  in  the  rearmost  position  because 
of  strength  limitations  of  the  airplane  wing  and  struc¬ 
ture.  A  summary  of  all  flap  conditions  tested  is  given 
in  the  following  table: 


records  of  100  individual  pressures  at  each  exposure. 
A  detailed  description  of  its  design  and  operation  is 
given  in  reference  8.  The  manometer  was  installed  in 
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THE  FLAP  DEFLECTIONS,  DOWNWARD,  IN  DEGREES, 
FOR  THE  FLAP  ARRANGEMENTS  TESTED 


Hinge  axis 
s  percent  c 
\  aft  L.  E. 

\ 


Flap 
chord 
percent  c 


10- 


20. 


30. 


68 

80 

88.8 

(  20 

20 

20 

40 

40 

40 

60 

60 

75 

60 

' 

«  0 

10 

20 

“  20 

20 

40 

o  40 

40 

60 

<■  60 

75 

60 

10 

\  20 

20 

t  40 

40 

«  Downwash  surveys. 

»  Hinge  axis  70  percent  c  aft  L.  E. 


Pressure  readings  were  taken  for  all  flap  conditions 
at  7  angles  of  attack  in  the  range  from  —12°  to  12°. 
Each  reading  recorded  the  distribution  of  pressure  over 
the  flap  at  5  sections  along  the  span  and  over  the  wing 
at  1  section;  4  readings  were  taken  at  each  test  point 
to  minimize  the  effect  of  rapid  local  air-flow  fluctua¬ 
tions. 

Downwash  angle  and  dynamic-pressure  surveys  were 
made  at  4  angles  of  attack  in  the  range  from  —7°  to 
13°  with  the  20  percent  c  flap  hinged  at  80  percent  of 
the  chord  and  deflected  0°,  20°,  40°,  and  60°.  The 
surveys  were  conducted  in  a  vertical  plane  extending 
directly  downstream  from  the  pressure  rib  and  for 
each  angle  of  attack  the  survey  points  were  chosen  to 
cover  the  area  in  which  horizontal  tail  surfaces  are 
normally  located. 

COEFFICIENTS 


The  results  corrected  for  wind-tunnel  effects  are 
given  in  table  II  and  presented  in  curve  form  in  figures 
6  to  24.  The  following  coefficients  are  used: 
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where  L  and  D  are  the  lift  and  drag  of  the  airplane, 
M  is  the  pitching  moment  of  the  airplane  about  its 
center  of  gravity,  TV/  is  the  pressure  load  on  a  flap 
and  wing  section  of  unit  span  normal  to  the  wing  chord, 
Mc/i'  is  the  moment  about  the  quarter-chord  point  of 
the  wing  of  a  flap  and  wing  section  of  unit  span,  TV/  is 
the  pressure  load  on  a  flap  section  of  unit  span  normal 
to  the  flap  chord,  NF  is  the  total  pressure  load  of  the 
flap  normal  to  the  flap  chord,  MH'  is  the  hinge  moment 
of  a  flap  section  of  unit  span,  q  is  the  dynamic  pres¬ 
sure,  S  is  the  wing  area,  SF  is  the  flap  area,  c  is  the 
wing  chord,  c  is  the  mean  wing  chord,  and  cF  is  the 
flap  chord.  Downwash  characteristics  are  presented 
in  terms  of  downwash  angle,  the  deflection  of  the  air 
stream  from  the  horizontal  ( X )  wind  axis,  and  the 
ratio  qu/q,  where  qw  is  the  dynamic  pressure  in  the 
wake  and  q  is  the  dynamic  pressure  of  the  free  air 
stream. 

RESULTS  OF  FORCE  TESTS 

LIFT,  DRAG,  AND  PITCHING  MOMENT  OF  THE  AIRPLANE 

The  curves  of  lift,  drag,  and  pitching-moment  coef¬ 
ficient  shown  in  figure  6  present  the  corrected  experi¬ 
mental  results  of  the  force  tests  and  indicate  the  effect 
of  flap  arrangement  on  the  aerodynamic  characteristics 
of  the  Fairchild  22  airplane  as  tested  with  the  hori¬ 
zontal  tail  surfaces  removed.  The  lift  curves  for  all 
combinations  of  flap  deflection,  flap  chord,  and  hinge- 
axis  location  have  similar  characteristics  in  that  the 
slopes  are  nearly  constant  and  the  stall  occurs  at 
approximately  the  same  angle  of  attack.  The  in¬ 
crease  in  lift  effected  by  the  flaps  results  from  a  shift 
of  the  lift  curves  to  the  left  on  the  scale  of  angle  of 
attack,  the  magnitude  of  the  displacement  increasing 
with  increase  in  flap  deflection,  flap  chord,  and  dis¬ 
tance  of  the  hinge  axis  from  the  leading  edge  of  the 
wing.  Two  minor  variations  are  noted  in  the  slopes 
of  the  lift  curves.  The  slope  increases  as  the  hinge 
axis  is  moved  toward  the  trailing  edge  of  the  wing 
and  decreases  as  the  flaps  are  deflected  beyond  a 
certain  angle.  This  latter  effect  occurs  at  relatively 
small  deflections  with  wide  flaps  so  that  the  optimum 
flap  angle,  or  the  deflection  that  will  give  the  greatest 
increase  in  CLmaxt  becomes  smaller  as  the  flap  width 
increases.  The  following  table  gives  approximate 
values  of  CLjnaX)  for  the  Fairchild  22  airplane  with 
simple  split  flaps  of  varying  chord  deflected  to  their 
respective  optimum  angles. 


Flap  chord 
in  percent 
c  of 

plain  wing 

Hinge 
axis  in 
percent  c 

Flap  de¬ 
flection 
in  degrees 

Cl 

max 

Percentage 
increase  in 
Cl 

max 

1.46 

10 

90 

80 

1.95 

33.5 

20 

80 

65 

2.06 

41.1 

30 

70 

50 

2. 17 

48.6 

Split  flaps  increase  the  drag  of  the  Fairchild  22 
airplane  so  as  greatly  to  reduce  the  ratio  of  LID  at 
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high  angles  of  attack.  At  flap  deflections  above  the 
optimum  lift  angle  the  drag  continues  to  increase  but 
the  lift  tends  to  decrease  so  that  for  extreme  flap 
deflections  the  “air  brake”  action  of  the  flaps  becomes 
predominant. 

The  pitching-moment  coefficients  Cm  shown  in  figure 
6  indicate  primarily  the  effect  of  split  flaps  on  the 
pitching  moment  of  the  wing  about  the  center  of 
gravity  of  the  airplane.  In  general,  the  diving 
moment  of  the  wing  increases  with  increase  in  flap 
deflection,  flap  chord,  and  distance  of  the  hinge  axis 
from  the  leading  edge  of  the  wing.  The  magnitude 
of  this  increase  in  diving  moment  is  influenced  some¬ 
what  by  the  general  arrangement  of  the  Fairchild  22 
because  the  drag  of  the  parasol  wing  produces  an 
appreciable  positive  pitching  moment  about  the  center 
of  gravity  of  the  airplane.  Were  the  wing  located  in 
a  lower  position  with  respect  to  the  center  of  gravity, 
the  flaps  would  produce  a  greater  increase  in  diving 
moment.  In  the  case  of  a  complete  airplane  with 
horizontal  tail  surfaces  in  place,  the  foregoing  increase 
in  diving  moment  of  the  wing  would  be  balanced  in 
part  by  a  concurrent  positive  increase  in  tail  pitching 
moment  due  to  greater  angles  of  downwash  at  the  tail. 
The  degree  to  which  these  two  moment  increments 
may  balance  each  other  and  thereby  give  a  small 
resultant  change  in  airplane  pitching  moment  is  de¬ 
pendent  upon  both  the  flap  and  tail-plane  arrange¬ 
ments.  The  flap  arrangement  determines  the  increase 
in  lift  (and  thereby,  the  change  in  downwash  angle) 
and  the  increase  in  wing  diving  moment ;  the  tail-plane 
arrangement  (size  and  location  with  respect  to  the 
wing)  determines  the  effect  on  tail  moments  of  a 
change  in  downwash  angle.  Large  diving  moments 
would  be  expected,  for  instance,  for  an  airplane  with 
small  tail  surfaces  poorly  located  behind  a  wing  having 
a  flap  arrangement  that  gave  a  relatively  large  change 
in  wing  pitching  moment  and  small  increase  in  lift. 

COMPARISON  OF  FLAP  ARRANGEMENTS  AT  HIGH  ANGLES  OF 

ATTACK 

Figures  7,8,  and  9  are  included  to  illustrate  the  effect 
of  the  various  flap  arrangements  on  the  aerodynamic 
characteristics  of  the  Fairchild  22  airplane  under 
landing  conditions.  An  angle  of  attack  of  12°  was 
chosen  to  represent  such  conditions,  a  fair  comparison 
of  the  flap  arrangements  at  a  higher  angle  of  attack 
being  unfeasible  because  of  the  erratic  stalling  char¬ 
acteristics  of  the  airplane. 

The  curves  of  CL  and  of  LjD  shown  in  figure  7 
indicate  the  effect  of  flaps  on  the  gliding  character¬ 
istics  of  the  Fairchild  22  airplane.  The  ability  of  an 
airplane  to  land  safely  in  small  fields  or  in  those  sur¬ 
rounded  by  obstacles  is  defined  by  its  maximum  avail¬ 
able  gliding  angle  and  minimum  flight-path  velocity. 
As  the  gliding  angle  and  flight-path  velocity  are  inverse 
functions  of  LjD  and  CL,  it  is  desirable  in  landing  to 


have  a  low  LID  ratio  in  conjunction  with  a  high  value 
of  CL  The  curves  in  figure  7  show  that,  for  the 
Fairchild  22,  an  increase  in  flap  width  will  both  decrease 
the  flight-path  velocity  and  steepen  the  gliding  angle. 
Moving  the  hinge  axis  toward  the  trailing  edge  of  the 
wing  would  reduce  the  flight-path  velocity  but  would 
not  greatly  affect  the  angle  of  glide. 

The  effect  of  flaps  on  pitching  moment  is  of  par¬ 
ticular  interest  under  landing  conditions  through  its 
influence  on  the  trimming  characteristics  of  the  air¬ 
plane.  The  most  desirable  flap  arrangement  would 
be  one  that  would  afford  a  maximum  improvement  in 
lift  and  LjD  with  a  minimum  change  in  airplane  pitch¬ 
ing  moments.  The  results  of  the  force  tests  do  not 
show  directly  the  effect  of  flaps  on  airplane  pitching 
moment  but,  for  any  given  increase  in  lift,  the  change 
in  downwash  angle  at  the  tail  and  the  tail  pitching- 
moment  increment  would  be  approximately  the  same 
irrespective  of  flap  arrangement.  The  difference  in 
wing  pitching-moment  increments  for  the  various  flap 
arrangements  would  therefore  indicate,  at  a  given 
value  of  lift  increase,  the  effect  on  airplane  pitching 
moment  of  a  change  in  flap  variable.  A  comparison 
of  the  different  flap  arrangements  is  presented  on  this 
basis  in  figure  8  by  curves  of  A Cm  plotted  against 
A CL.  Inspection  of  the  curves  indicates  that  narrow 
flaps  and  those  located  toward  the  leading  edge  of  the 
wing  would  effect  a  given  increase  in  lift  with  a  mini¬ 
mum  negative  increase  in  wing  pitching  moment  and 
would  therefore  normally  have  the  least  effect  on  air¬ 
plane  pitching  moments. 

Comparative  curves  of  lift  coefficient,  L/D  ratio, 
and  pitching-moment  coefficient  derived  from  the 
force  test  results  are  presented  in  figure  9  for  two  of  the 
more  commonly  used  types  of  flap,  the  simple  split 
flap  and  the  Zap  flap.  The  simple  split  flap  rotates 
about  a  fixed  hinge  axis  so  located  that  the  trailing 
edge  of  the  flap  and  wing  coincide  when  the  flap  is 
closed.  The  Zap  flap  moves  rearward  when  deflected, 
the  trailing  edge  of  the  flap  traveling  on  a  line  per¬ 
pendicular  to  the  wing  chord  line  at  the  wing  trailing 
edge. 

Curves  are  shown  in  figure  9  for  a  Zap  flap  of  20 
percent  c  chord  and  for  simple  split  flaps  of  10,  20,  and 
30  percent  c  chords.  For  a  split  flap  of  given  chord 
width  the  Zap  arrangement  will  give  a  higher  maximum 
lift  than  will  a  simple  split  flap  but  will  have  a  more 
adverse  effect  on  wing  pitching  moment.  An  increase 
in  chord  width  for  simple  split  flaps  will  give  an  increase 
in  lift  and  a  reduction  in  A/Z>  ratio  with  practically  no 
change  in  wing  pitching  moment.  This  latter  result 
may  at  first  appear  to  be  inconsistent  with  the  results 
previously  discussed  but,  in  reality,  an  increase  in 
chord  for  simple  split  flaps  involves  two  flap  variables: 
flap  chord  and  hinge-axis  location.  It  is  evident  that 
as  the  chord  of  the  flap  is  increased  the  hinge  axis  must 
shift  forward  to  maintain  the  trailing  edge  of  the  flap 


(a)  The  10  percent  c  flap  hinged  at  68  percent  c. 
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(b)  The  10  percent  c  flap  hinged  at  80  percent  c. 
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(c)  The  10  percent  c  flap  hinged  at  88.8  percent  c.  (<*)  The  20  Percent  c  flap  hinged  at  68  percent  c 

Figure  6. — Lift.  drag.  and  pitching-moment  coefficients  of  the  Fairchild  22  airplane  with  split  trailing-edge  wing  flaps. 
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(g)  The  30  percent  c  flap  hinged  at  68  percent  c.  <M  The  30  Percent  c  flaP  hinged  at  80  Percent  e' 

Figure  6. _ Continued.  Lift,  drag,  and  pitching-moment  coefficients  of  the  Fairchild  22  airplane  with  split  trailing-edge  wing  flaps. 
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and  wing  coincident  at  zero  deflection.  As  these  two 
variations  in  flap  arrangement  affect  the  pitching 


Hinge- axis  location,  percent  wing 
chord  from  leading  edge 


Figure  7  —Summary  of  lift  and  LID  of  Fairchild  22  airplane  with  split  trailing- 

edge  flaps  at  a  r=12°. 

moment  of  the  airplane  in  a  sense  of  opposite  sign  and 
approximately  equal  magnitude,  the  resultant  change 


Figure  8.— Variation  of  AC’m  with  AC,,  for  Fairchild  22  airplane  with  split  t rail¬ 
ing-edge  wing  flaps  at  aT=  12°. 


in  pitching  moment  is  relatively  small.  An  increase 
in  chord  width  for  simple  split  flaps  would  therefore 


be  distinctly  advantageous  insofar  as  the  effect  on  the 
aerodynamic  characteristics  of  the  airplane  is  con¬ 
cerned.  The  reduction  in  flight  velocity  and  increase 
in  angle  of  glide  that  could  be  realized  by  increasing 
the  chord  may,  however,  be  limited  by  structural  con¬ 
siderations  imposed  by  the  force  and  hinge-moment 
characteristics  of  the  wider  flaps. 

WING  LIFT  AND  DRAG  INCREMENTS 

The  results  presented  in  figures  6  to  9  are  directly 
applicable  only  to  the  Fairchild  22  airplane,  the  co- 


Figure  9. — Lift,  LID,  and  pitching  moments  for  Fairchild  22  airplane  with  Zap 
flap  and  with  simple  split  flap  at  aT= 12°. 

efficients  having  been  determined  from  the  forces 
acting  on  the  entire  airplane.  At  a  given  angle  of 
attack,  however,  it  is  reasonable  to  assume  that  the 
change  in  lift  and  drag  of  the  airplane  results  entirely 
from  the  effect  of  the  flaps  on  the  wing  character¬ 
istics,  as  the  forces  acting  on  the  remainder  of  the 
airplane  should  be  practically  independent  of  flap 
arrangement.  On  the  basis  of  this  assumption,  the 
changes  in  wing  lift  and  drag  for  the  various  flap 
arrangements  were  determined  from  the  curves  of 
figure  6  and  are  presented  in  figures  10  and  11  as  curves 
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ODD 


of  A CL  and  ACd  plotted  against  angle  of  attack  of 
the  wing.  These  coefficient  increments  are  believed 
to  be  directly  additive  for  wings  of  a  section  similar 
in  thickness  and  camber  to  that  of  the  N.  A.  C.  A. 


Figure  10. — Increase  in  lift  coefficient  of  Fairchild  22  wing  for  various  split-flap 

arrangements. 

2212.  Allowance  has  not  been  made  in  the  values  of 
A CL  and  ACd  for  the  fact  that  the  flaps  did  not  ex¬ 
tend  over  the  entire  span  of  the  wing  nor  for  the 
effect  of  the  rounded  wing  tips  and  the  circular  cut¬ 
out  of  the  center  section. 

The  curves  of  coefficient  increments  (A  Cl  &nd 
A  CD)  shown  in  figures  10  and  11  exhibit  only  one 
characteristic  not  previously  indicated  in  the  discus¬ 
sion  of  the  effect  of  flaps  on  the  lift  and  drag  of  the 
airplane.  This  characteristic  is  the  decreasing  influ¬ 
ence  of  flap  location  on  the  value  of  the  increments  as 
the  angle  of  attack  is  reduced.  In  particular,  it  is 
noted  that  ACd  becomes  independent  of  hinge-axis 
location  at  negative  angles  of  attack. 

RESULTS  OF  PRESSURE-DISTRIBUTION  TESTS 

The  results  of  pressure-distribution  measurements 
taken  about  a  section  of  the  wing  and  flap  are  pre¬ 


sented  in  table  II  and  in  figures  12  to  19.  Typical 
plots  of  p/q  against  chord  position  are  shown  in 
figure  12  for  the  20  percent  c  flap  hinged  at  80  per¬ 
cent  c.  Each  point  on  the  curve  represents  the 
average  value  of  jpfq  from  four  pressure  measurements 
taken  at  that  orifice  location.  The  pressure  data 
given  in  table  II  and  the  section  force  and  moment 
coefficients  for  the  wing  and  flaps  were  obtained 
from  the  plots  of  figure  12  and  from  similar  plots 
for  the  various  other  flap  arrangements.  Values  of 
pjq  are  given  in  table  II  for  the  upper  and  lower 
surfaces  at  various  stations  along  the  wing  and  the 
flap  chords.  Complete  data  are  given  for  the  20 
percent  c  flap  hinged  at  80  percent  c  and  sufficient 


Figure  11.— Increase  in  drag  coefficient  of  Fairchild  22  wing  for  various  split-flap 

arrangements. 

data  are  included  for  other  hinge-axis  locations  and 
flap  chords  to  illustrate  the  effect  of  these  variables 
on  the  distribution  of  pressure  about  the  flap  and  the 
wing  section. 

EFFECT  OF  FLAPS  ON  CHORD  LOAD  DISTRIBUTION 

Split  trailing-edge  flaps  materially  affected  the 
magnitude  and  distribution  of  pressures  over  both  the 
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Figure  12.— Pressure  distribution  for  wing  with  20  percent  c  flap  hinged  at  80  percent  c.  Corrected  for  tunnel-wall  effect. 
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upper  and  lower  surfaces  of  the  wing.  As  the  flaps 
were  depressed,  an  increase  in  pressure  differential 
between  the  wing  surfaces  was  effected  in  part  by  a 
negative  increase  of  upper-surface  pressures  and  in  part 


Figure  13. — Distribution  of  increase  in  normal-force  coefficient  (aCaV)  between 
flap  and  wing  surfaces  for  20  percent  c  flap  binged  at  80  percent  c. 


by  a  concurrent  increase  of  positive  lower-surface 
pressures.  At  a  given  flap  deflection  the  pressure- 
differential  increase  remained  essentially  constant 
throughout  the  angle-of-attack  range  but  an  inspection 
of  the  p/q  plots  in  figure  12  will  show  that  the  relative 
portions  of  this  increase  that  can  be  attributed  respec¬ 
tively  to  the  upper  and  lower  surfaces  of  the  wing  vary 
widely  with  angle  of  attack.  This  variation  in 
pressure  distribution  with  angle  of  attack  is  more 
clearly  illustrated  in  figures  13  and  14  by  curves  that 
define  independently  the  loading  characteristics  of 
the  various  lifting  surfaces  of  the  wing.  The  curves 
of  figure  13  indicate  the  percentage  of  increase  in 
normal-force  coefficient  (ACNw')  carried  by  the  upper 
surface  of  the  wing,  the  lower  surface,  and  the  flap  for 
an  angle-of-attack  range  from  —  8°  to  12°.  The  curves 
of  figure  14  similarly  define  the  percentage  of  wing 
normal-force  coefficient  (CNJ)  attributable  to  these 

respective  surfaces.  Although  the  curves  in  figures 
13  and  14  present  the  surface  loading  characteristics 
only  for  the  10  percent  c  flap  hinged  at  80  percent  c, 
they  illustrate  the  general  effect  of  split  flaps  on  the 
distribution  of  pressure  loads  about  the  wing  profile. 

Reference  to  figure  13  shows  that,  at  an  angle-of- 
attack  of  —8°,  approximately  60  percent  of  the 
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increase  in  normal-force  coefficient  (A CNJ)  produced 
by  the  flaps  comes  from  the  increase  in  pressure  loading 
on  the  lower  surface  of  the  airfoil  and  that  the  upper 
surface  contributes  only  from  15  to  25  percent  of 
A CN  At  high  angles  of  attack  this  condition  is 

reversed  and  the  increase  in  pressure  loading  on  the 
upper  surface  of  the  wing  accounts  for  more  than  50 
percent  of  ACn  ’  and  less  than  30  percent  of  A CNJ 
can  be  attributed  to  an  increase  in  lower-surface  pres¬ 
sures.  The  increment  in  wing  normal  force  derived 
from  the  pressures  acting  directly  on  the  flaps  is  fairly 
constant  over  the  angle-of-attack  range  but  decreases 
with  flap  deflection.  This  latter  effect  results  pri¬ 
marily  from  the  reduction  in  projected  area  of  the  flap 
on  the  chord  of  the  wing. 

The  distribution  of  ACnJ  between  the  flap  and 
upper  and  lower  surfaces  of  the  wing  is  also  indicated 


Figure  14.— Distribution  of  normal-force  coefficient  (Gw„/)  between  flap  and  wing 
surfaces  for  20  percent  c  flap  hinged  at  80  percent  c. 

by  the  percentage  of  wing  normal-force  coefficient 
carried  by  each  of  these  surfaces  (fig.  13).  At  low 
angles  of  attack  the  percentage  of  wing  normal  force 
carried  by  the  lower  surface  increases  rapidly  with  flap 
deflection,  and  the  percentage  for  the  upper  surface  is 
correspondingly  reduced.  At  high  angles  of  attack, 
however,  the  variation  in  surface  loads  with  flap  de¬ 
flection  is  comparatively  small.  As  the  flaps  are  de- 
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pressed,  at  an  angle  of  attack  of  12°,  the  percentage  of 
wing  normal-force  coefficient  carried  by  the  lower  sur¬ 
face  of  the  wing  remains  essentially  constant,  and  the 
upper-surface  percentage  is  reduced  only  by  the  rela¬ 
tively  small  load  carried  directly  on  the  flaps ;  that  is, 
the  increase  in  normal  force  with  flap  deflection  is  dis¬ 
tributed  between  the  upper  and  lower  surfaces  of  the 
wing  at  high  angles  of  attack  in  such  proportions  that, 
irrespective  of  flap  deflection,  the  percentage  of  total 


Figure  15. — Section  normal-force  and  pitching-moment  characteristics  of  the  plain 

wing. 

wing  normal  force  carried  by  each  remains  roughly  the 
same  as  for  the  plain  wing. 

At  a  given  angle  of  attack  and  flap  deflection  an  in¬ 
crease  in  flap  chord  does  not  alter  the  distribution  of 
pressure  about  the  wing  profile  but  merely  increases 
the  pressures  on  both  the  upper  and  lower  surfaces  of 
the  wing.  Upper-surface  pressures  show  only  slight 
variations  with  change  in  hinge-axis  location,  and  the 
increase  in  normal  force  and  lift  that  occur  when  the 
hinge  axis  is  moved  toward  the  trailing  edge  of  the 
wing  results  largely  from  the  coincidental  increase  in 
effective  lower-surface  area. 

The  maximum  negative  pressure  recorded  in  these 
tests  was  8.7  q.  This  pressure  occurred  on  the  upper 
surface  of  the  airfoil  near  the  leading  edge  with  the  20 
percent  c  flap  hinged  at  80  percent  c  and  deflected  75° 


at  an  angle  of  attack  of  12.2°.  This  value  represents 
an  increase  in  negative  pressure  of  2.7  q  over  the  maxi¬ 
mum  negative  pressure  for  the  plain  wing  at  the  same 
angle  of  attack.  Positive  lower-surface  pressures  ap¬ 
proach  1  q  near  the  hinge  axis  at  large  flap  deflections 
and  high  angles  of  attack. 

Although  the  leading  edge  of  the  wing  is  subject  to 
the  maximum  absolute  variations  in  pressures  with  flap 
deflection,  the  critical  changes  in  loading  occur  near 
the  trailing  edge.  It  will  be  noted  that  the  increment 
of  pressure  effected  by  the  flaps  is  relatively  uniform 
along  the  wing  chord  as  compared  with  the  initial 
pressure  distribution  of  the  plain  wing.  As  this  origi¬ 
nal  distribution  involves  large  pressures  at  the  leading 
edge,  decreasing  to  relatively  small  pressures  at  the 
trailing  edge,  it  follows  that  the  superposition  of  a  uni¬ 
form  pressure  increment  on  this  initial  distribution 
would  result  in  comparatively  large  percentage  in¬ 
creases  in  loading  at  the  trailing-edge  sections.  Ref¬ 
erence  to  figure  12  (20  percent  c  flap,  hinged  at  80  per¬ 
cent  c)  shows  that  at  an  angle  of  attack  of  approxi¬ 
mately  12.5°  a  flap  deflection  of  60°  increases  the  pres¬ 
sure  load  across  a  section  at  the  65  percent  c  station 
from  0.56  q  to  1.52  q,  or  172  percent.  Further  analysis 
likewise  indicates  that  the  moment  of  the  trailing-edge 
loads  about  this  65  percent  c  station,  which  corresponds 
approximately  to  normal  rear-spar  locations,  would  be 
increased  some  350  percent  by  a  60°  deflection  of  the 
flap.  This  increase  presupposes,  of  course,  a  constant 
value  of  q  and,  as  flight  velocities  are  normally  re¬ 
duced  when  the  flaps  are  deflected,  the  increase  in  loads 
and  moments  would  be  correspondingly  less.  It 
should  be  emphasized,  however,  that  the  variation  in 
pressures  near  the  trailing  edge  is  similar  throughout 
the  angle-of-attack  range  and  therefore  large  loads  and 
moments  would  occur  in  high-velocity  dives  or  if  the 
flaps  were  suddenly  deflected  during  high-speed  flight. 
The  foregoing  effects  are  accentuated  by  moving  the 
flaps  toward  the  trailing  edge  of  the  wing. 

SECTION  NORMAL-FORCE  AND  MOMENT  CHARACTERISTICS  OF 

WING  AND  FLAPS 

The  section  characteristics  of  the  wing  and  flaps  as 
determined  from  integration  of  the  pressure-distribu¬ 
tion  plots  are  presented  in  figures  15  to  19.  Figure 
15  shows  the  section  normal-force  coefficient  and  the 
pitching-moment  coefficient  about  the  quarter-chord 
point  for  the  plain  wing  plotted  against  the  angle  of 
attack  of  the  airplane.  These  curves  serve  to  coor¬ 
dinate  the  section  data  with  the  remainder  of  the 
results  and  indicate  the  degree  of  accuracy  of  the  pres¬ 
sure-distribution  measurements.  The  points  shown 
on  the  normal-force  coefficient  curve  are  for  the  ini¬ 
tial  test  run  made  with  the  20  percent  c  flap  hinged  at 
80  percent  c  and  for  the  final  test  run  made  with  the 
30  percent  c  flap  hinged  at  70  percent  c,  the  flaps 
being  closed  in  each  case.  The  agreement  of  the 
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points  is  considered  to  be  very  good  for  pressure- 
distribution  tests.  The  pitcliing-moment  coefficients 
about  the  quarter-chord  point  for  the  plain  wing  were 
computed  only  from  the  normal  force  and  the  center- 
of-pressure  location,  the  pitching  moment  due  to 
pressure  and  shear  forces  parallel  to  the  chord  being 
neglected.  The  fact  that  the  pitching-moment  curve 
shown  in  figure  15  lias  an  appreciable  slope  and  there¬ 
fore  does  not  give  an  approximately  constant  value  of 
Cmcii \  as  would  be  expected  for  an  N.  A.  C.  A.  2212 
airfoil  section,  indicates  that  the  foregoing  method  of 
computing  pitching  moments  does  not  give  exactly 
corrrect  results;  but,  as  the  pitching-moment  charac¬ 
teristics  of  the  wing  with  flaps  were  determined  from 
similar  computations  and  are  presented  in  terms  of 
the  increase  in  pitching  moment  due  to  the  flaps,  it 
is  believed  that  the  results  are  satisfactorily  accurate. 
The  moment  of  the  flap  normal-force  component  paral¬ 
lel  to  the  chord  of  the  wing  was  included  in  computing 
the  pitching  moments  for  the  wing  with  flaps. 

The  section  normal-force  and  the  hinge-moment 
characteristics  of  the  flaps  and  the  effect  of  the  flaps 
on  the  normal-force  and  pitching-moment  charac¬ 
teristics  of  the  wing  are  presented  in  figure  16  by  curves 
of  CN/,  CH',  ACnJ,  (c.  p.)a'f  and  A <7We/4'  plotted 
against  CNJ  for  the  plain  wing.  At  a  given  value  of 
the  normal-force  coefficient  of  the  plain  wing  these 
curves  therefore  define  (for  any  of  the  flap  arrange¬ 
ments  tested)  the  normal-force  and  hinge-moment 
coefficients  of  the  flap,  the  center-of-pressure  location 
of  the  wing,  and  the  increase  in  the  normal-force  and 
pitching-moment  coefficients  of  the  wing.  It  is  be¬ 
lieved  that  the  relationships  thus  established  would 
hold  for  other  airfoil  sections  having  a  distribution 
of  pressure  similar  to  that  of  the  N.  A.  C.  A.  2212,  i.  e., 
having  similar  thickness  and  camber,  and  that,  knowing 
the  normal-force  coefficient  for  such  a  section,  the 
flap  characteristics  and  the  effect  of  the  flaps  on  the 
wing  characteristics  can  be  determined  from  the 
curves  of  figure  16. 

Deflection  of  split  flaps  to  moderate  angles  produces 
an  increase  in  wing  normal  force  and  shifts  the  center 
of  pressure  from  the  leading  edge  of  the  wing.  Ex¬ 
treme  deflections  may  reverse  this  relationship  and 
result  in  a  loss  in  wing  normal  force  and  a  reduction 
in  wdng  diving  moment.  The  magnitude  of  flap 
normal-force  coefficients  is  primarily  a  function  of  flap 
deflection  and  increases  from  approximately  zero  for 
the  closed  flaps  to  values  of  1.3  or  more  for  extreme 
flap  angles.  It  follows  that  flap  hinge  moments  like¬ 
wise  vary  directly  with  flap  deflections. 

An  increase  in  flap  chord  increases  the  normal 
force  and  diving  moment  of  the  wing  and  likewise 
increases  the  normal-force  coefficient  of  the  flap. 
Flap  hinge  moments,  in  particular,  are  influenced  by 
flap  width,  the  variation  in  hinge-moment  coefficients 


being  in  excess  of  the  square  of  the  variation  in  flap 
width.  Because  of  the  extreme  increase  in  hinge 
moment  with  increase  in  flap  width,  narrow  flaps  are 
much  more  efficient  than  wide  ones  in  producing  a  given 
increase  in  wing  normal  force  with  the  least  control 
effort.  (See  fig.  17.)  In  consideration  of  the  effect 
of  hinge-moment  characteristics  on  the  required 
weight,  strength,  and  mechanical  advantage  of  the 
flap-operating  mechanism,  the  results  therefore  indi¬ 
cate  that  the  narrowest  flap  which  will  produce  the 
desired  or  required  lift,  drag,  and  pitching-moment 
characteristics  would  be  the  most  desirable. 

Variation  in  flap  hinge-axis  location  has  little  effect 
on  flap  forces  or  moments  but  has  a  marked  influence 
on  the  wing  characteristics.  Wing  normal  force  and 
diving  moment  decrease  as  the  flaps  are  moved  toward 
the  leading  edge  of  the  wing.  The  value  of  ACmcU' 
for  a  liinge-axis  location  of  68  percent  c  is  from  30  to 
60  percent  of  that  for  a  hinge-axis  location  of  88.8 
percent  c.  This  decrease  in  A Cvlc]'  is  considerably 

greater  than  the  concurrent  decrease  in  A Cnw' } 
which  suggests  that  hinge-axis  locations  somewhat 
nearer  the  leading  edge  of  the  wing  than  those  investi¬ 
gated  in  these  tests  would  give  reasonably  large 
increases  in  wing  normal  force  with  a  negligible  effect 
on  pitching  moment. 

The  location  of  the  center  of  pressure  for  split  flaps 
in  terms  of  percent  flap  chord  aft  of  the  hinge  axis  is 
essentially  independent  of  flap  chord,  flap  position, 
and  angle  of  attack  of  the  wing.  The  variation  of 
flap  center-of-pressure  location  with  flap  deflection 
is  indicated  by  the  curve  of  figure  18.  Even  this 
variation  in  center-of-pressure  location  is  small  and  a 
value  of  41  percent  of  the  flap  chord  aft  of  the  hinge 
axis  may  be  considered  as  an  approximate  location  for 
all  the  flap  arrangements  investigated  in  these  tests. 

TOTAL  FLAP  CHARACTERISTICS 

The  flap  characteristics  presented  in  figures  16,  17, 
and  18  are  for  a  section  approximately  at  the  center  of 
the  flap  span.  Pressure  measurements  were  taken  at 
four  other  sections  along  the  span  of  the  flap  and  the 
characteristics  of  the  total  flap  thereby  determined. 
These  results  are  presented  in  figure  19  by  curves  giv¬ 
ing  the  ratio  of  total  flap  normal-force  coefficient  to 
section  normal-force  coefficient.  These  curves  pre¬ 
sent  average  values  for  all  flap  chords  and  hinge-axis 
locations.  The  location  of  the  center  of  pressure  for 
the  total  flap  is  the  same  as  for  the  flap  section. 

SUMMARY  OF  WING  AND  FLAP  CHARACTERISTICS 

A  summary  of  important  wing  and  flap  characteris¬ 
tics  as  determined  from  both  force  and  pressure  distri¬ 
bution  tests  is  given  in  the  following  table  for  an  angle 
of  attack  of  the  wing  of  17°  (ar=12°). 


Wing  center-of-pressure  location,  Normal- force  coefficient 

(c.p.)J ,  Percent  c  aft  of  leading  edge  of  flap,  CN/ 


(a)  The  10  percent  c  flap  hinged  at  68  percent  c.  (b)  The  10  percent  c  flap  hinged  at  80  percent  c.  (c)  The  10  percent  c  flap  hinged  at  88.8  percent  c.  (d)  The  20  percent  c  flap  hinged  at  68  percent  c. 


REPORT  NATIONAL  ADVISORY  COMMITTEE  FOR  AERONAUTICS 


Winq  cenfer-of-pressure  location,  Normal-force  coefficient 

(c.p.)J , percent  c  aft  o  f  leadinq  edqe  of  flap,  C»r' 


(e)  The  20  percent  c  flap  hinged  at  80  percent  c.  (f)  The  20  percent  c  flap  hinged  at  88.8  percent  c.  (g)  The  30  percent  c  flap  hinged  at  68  percent  c.  (h)  The  30  percent  c  flap  hinged  at  80  percent  c. 


Figure  16. — Section  normal-force  and  moment  characteristics  of  wing  and  flaps 
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RESULTS  OF  AIR-FLOW  SURVEYS 

Tlie  results  of  the  air-flow  surveys  are  presented  in 
figures  20  to  23  by  contours  of  downwasli  angle  and  the 


fact  that  the  flaps  did  not  extend  across  the  center 
section  of  the  wing.  With  the  flaps  deflected,  the  span¬ 
loading  curve  for  the  wing  is  depressed  at  the  center 
with  a  resultant  shedding  of  a  series  of  trailing  vortices 
from  the  inner  ends  of  the  flaps.  These  trailing  vor¬ 
tices  reduce  the  effective  aspect  ratio  of  the  wing  and 
tend  to  increase  the  downwasli  angles  in  the  survey 
plane. 

COMPARISON  OP  CALCULATED  AND  MEASURED  DOWNWASH 

ANGLES 

Wake  characteristics  are  defined  by  the  downwash 
angles  and  the  velocities  existing  in  the  rear  of  the 
wing.  The  value  of  the  downwash  angle  e  at  a  given 
point  in  the  wake  is  a  function  of  the  aspect  ratio  of 
the  wing,  the  lift  coefficient  at  which  the  wing  is  operat¬ 
ing,  and  the  location  with  respect  to  the  wing  of  the 
point  under  consideration.  Empirical  equations  that 
express  the  downwash  angle  in  terms  of  these  variables 
have  been  developed  by  Diehl  and  by  Toussaint  and, 
as  these  equations  are  commonly  used  for  computing 
downwash  angles,  a  comparison  of  the  equations  with 
the  results  of  the  downwash  surveys  may  be  of  interest. 

The  equations  developed  by  Diehl  and  by  Toussaint 
are  identical  in  form  and  give  the  downwash,  respec- 
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ratio  of  qw/q  plotted  against  distance  from  the  trailing 
edge  of  the  wing  as  measured  in  chord  lengths  along 
the  wind  axes.  These  contours  define  the  wake 
characteristics  in  a  plane  intersecting  the  wing  at 
approximately  the  center  of  the  wing  semispan.  Be¬ 
cause  of  the  wide  variation  in  both  average  downwash 
angles  and  in  contour  patterns  for  different  planes 
along  the  wing  span,  these  results  are  strictly  indica¬ 
tive  of  wake  characteristics  only  for  the  survey  plane 
in  which  they  were  measured.  In  general,  the  down- 
wash  angles  given  by  the  contour  plots  are  somewhat 
greater  than  those  for  planes  closer  to  the  center  of 
the  wing.  The  downwash  survey  results  are  also 
influenced  by  circulation  phenomena  arising  from  the 


lively,  for  biplanes  and  monoplanes.  Toussaint’s 
equation  for  the  downwash  in  the  rear  of  a  monoplane 
is 

e  =  V5|ti(x+l)-0.38(j/+  D-0.23 

where  e  is  the  downwash  angle  in  degrees. 

A,  the  aspect  ratio  of  the  wing. 

x,  the  distance  in  chord  lengths  from  the  trailing 

edge  of  the  wing,  parallel  to  the  chord  line, 
to  any  point  in  rear  of  the  wing. 

y,  the  perpendicular  distance  in  chord  lengths 

from  the  point  to  the  extended  chord  line 
of  the  wing. 
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Values  of  e  computed  from  this  equation  for  a  lift 
coefficient  of  1.42  are  shown  in  figure  24  in  the  form  of 
downwash-angle  contours,  which  may  be  directly 
compared  with  those  obtained  from  the  air-flow 
surveys.  Exact  agreement  could  not  be  expected 
between  the  calculated  and  measured  downwash 
angles,  as  Toussaint’s  equation  is  for  the  downwash  in 


Flap  deflection  6F ,  degrees  down 


Figure  18. — Variation  of  flap  center-of-pressure  location  with  flap  deflection. 

the  rear  of  the  center  of  the  wing;  whereas  the  surveys 
were  conducted  in  a  plane  at  the  center  of  the  semi- 
span.  The  disagreement  between  the  contours,  how¬ 
ever,  is  too  marked  to  be  accounted  for  solely  by  the 
difference  in  span  location.  Also,  other  comparisons 
made  between  calculated  values  of  e  based  on  this 
equation  and  downwash  angles  measured  aft  of  the 
midspan  section  of  a  rectangular  airfoil  (unpublished 
data)  have  shown  even  greater  discrepancies  than  do 
the  contours  in  figure  24.  In  particular,  Toussaint’s 
assumption  that  the  points  of  maximum  downwash 
angle  lie  along  the  extended  chord  line  of  the  wing  is 
not  substantiated  by  survey  results,  and  the  variation 
of  downwash  angle  with  vertical  and  horizontal 
distance  from  the  wing  is  more  pronounced  than  the 
equation  indicates.  From  the  general  nature  of  the 
downwash  contours  it  does  not  appear  feasible  to 
attempt  the  derivation  of  a  more  satisfactory  empirical 
equation  for  computing  downwash  angle  without 
more  complete  experimental  data. 

The  contours  shown  in  figure  24  also  illustrate  the 
effect  on  downwash  characteristics  of  the  discontinuity 
of  the  flaps  at  the  center  of  the  wing.  The  contours 
for  the  plain  wing  and  for  the  wing  with  flaps  depressed 
are  for  comparable  values  of  CL  and  should  therefore 
be  quite  similar  except  for  probably  minor  variations 
resulting  from  differences  in  energy  loss  in  the  wake 
due  to  profile  drag.  It  is  noted,  however,  that  the 
downwash  contours  for  the  two  conditions  differ  con¬ 
siderably  both  in  average  value  of  downwash  angle 
and  in  contour  pattern.  These  discrepancies  are  due 
primarily  to  the  effect  of  the  trailing  vortices  at  the 
inner  ends  of  the  flaps. 


VELOCITY  DISTRIBUTION  IN  WAKE 


In  addition  to  the  downwash  angles  existing  in  the 
rear  of  a  wing,  the  wake  is  characterized  by  a  region 
of  reduced  velocity,  which  results  from  inclusion  in  the 
downwash  of  air  that  has  passed  close  to  the  wing  and 
been  subject  to  high  viscous  shearing  forces.  This 
core  of  low-velocity  air  is  swept  downward  from  the 
trailing  edge  of  the  wing  by  the  downwash  and  is 
gradually  dissipated  through  the  accelerating  action 
of  the  surrounding  air  stream.  It  appears  logical  that 
the  velocity  gradient  in  this  core  and  the  core  width 
should  bear  some  relationship  to  the  profile  drag  of 
the  lifting  surface  which  creates  it.  For  normal  air¬ 
foil  profiles  the  low  velocities  have  largely  disappeared 
at  the  distances  in  the  rear  of  the  wing  at  which  hori¬ 
zontal  tail  planes  are  usually  located  but,  in  the  case 
where  the  wing  is  equipped  with  such  a  high-drag 
device  as  split  flaps,  the  survey  results  show  that  the 
ratio  of  qwjq  may  be  as  low  as  0.7  at  two  chord  lengths 
aft  of  the  trailing  edge  of  the  wing.  It  is  therefore 
important  that  the  tail  planes  operating  in  the  down- 
wash  of  a  wing  with  split  flaps  should  be  so  located 
with  respect  to  the  wing  as  to  be  outside  the  low- 
velocity  region  at  all  angles  of  attack  of  the  airplane, 
particularly  since  this  low-velocity  region  is  also  one 
of  very  turbulent  and  unstable  air  flow. 

The  location  of  the  downwash  core  in  the  general 
wake  pattern  is  determined  primarily  by  the  lift 
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Figure  19.— Ratio  of  total  flap  normal-force  coefficient,  to  flap  section  normal-force 

coefficient. 


coefficient  at  which  the  wing  is  operating,  the  higher 
the  lift  coefficient  the  greater  the  deflection  of  the  core 
axis  from  the  horizontal  wind  axis.  In  general,  the 
line  of  minimum  qw/q  lies  slightly  below  the  line  of 
maximum  downwash  angle.  As  for  downwash  angles, 
no  accurate  empirical  equation  can  be  given  defining 
the  distribution  of  velocities  in  the  wake. 
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Figure  20. — Downwash  contours  for  plain  wing. 
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Figure  21.— Downwash  contours  for  wing  with  20  percent  c  flap  hinged  at  80  percent  c,  dp  —  20°. 


Note—  dp  is  designated  by  a. 
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Figure  22.— Downwash  contours  for  wing  with  20  percent  c  flap  hinged  at  80  percent  c,  6^=40°. 

Note.— Sr  is  designated  by  a. 
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Figure  23. — Downwash  contours  for  wing  with  20  percent  c  flap  hinged  at  80  percent  c,  8y  =  60°. 

Note.— 8p  is  designated  by  a. 
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LOCATION  OF  TAIL  PLANES 

The  downwash  contours  of  figures  20  to  23  are  of 
particular  interest  in  indicating  the  effect  of  flaps  on 
tail  pitching  moments.  As  the  variations  in  downwash 
angles  and  the  ratios  of  qjq  with  flap  deflection  differ 
throughout  the  wake,  the  effect  of  the  flaps  would 
depend  upon  the  location  of  the  tail  surfaces  with 
respect  to  the  wing.  The  contours  indicate  that,  at 
high  angles  of  attack,  tail  surfaces  located  above  the 
extended  chord  line  of  the  wing  would  be  subject  to  a 
greater  increase  in  downwash  with  increase  in  flap 
deflection  than  would  those  below  and  would  therefore 
be  more  effective  in  balancing  the  increased  diving 
moment  of  the  wing  with  the  flaps  down.  This 
indication  is  in  agreement  with  the  fact  that  various 
low-wing  monoplanes  tested  in  the  N.  A.  C.  A.  full- 


3.  Wing  diving  moment  increased  with  increase  in 
flap  chord  and  with  increase  in  distance  of  the  hinge 
axis  from  the  leading  edge  of  the  wing. 

4.  Flap  normal-force  coefficients  were  primarily  a 
function  of  flap  deflection  and  were  dependent  to  a 
small  degree  upon  flap  chord,  hinge-axis  location,  and 
the  airplane  attitude. 

5.  Flap  center-of-pressure  locations  in  terms  of 
percentage  flap  chord  from  the  hinge  axis  were  inde¬ 
pendent  of  flap  chord,  hinge-axis  location,  and  air¬ 
plane  attitude  and  varied  only  slightly  with  flap 
deflection. 

6.  Flap  hinge  moments  varied  with  a  power  of  flap 
chord  greater  than  the  square. 

7.  Split  trailing-edge  flaps  materially  affected  the 
magnitude  and  distribution  of  pressures  over  the 


scale  wind  tunnel  have  shown  less  change  in  pitching 
moment  with  flap  deflection  than  did  the  parasol 
Fairchild  22  when  tested  with  the  horizontal  tail 
surfaces  in  place  (reference  5).  The  higher  tail 
locations  are  also  more  favorable  in  that  there  is  less 
tendency  for  the  tail  surfaces  to  be  carried  into  the 
low-velocity  region  of  the  wake  at  high  angles  of 
attack. 

CONCLUSIONS 

The  following  conclusions  are  drawn  from  the  results 
of  this  investigation  of  split  trailing-edge  flaps  on  a 
Fairchild  22  airplane. 

1.  The  lift  of  the  airplane  increased  with  increase 
in  flap  chord  and  with  increase  in  distance  of  the  hinge 
axis  from  the  leading  edge  of  the  wing. 

2.  For  an  increase  in  lift  resulting  from  increase  in 
flap  chord  the  L/D  ratio  decreased,  but  for  an  increase 
resulting  from  movement  of  the  hinge  axis  the  LII) 
ratio  remained  practically  constant. 


entire  wing  profile.  At  low  angles  of  attack  the 
predominant  effect  of  the  flaps  was  to  increase  posi¬ 
tively  the  lower-surface  pressures;  at  high  angles  of 
attack,  to  increase  negatively  the  upper-surface 
pressures. 

8.  Existing  empirical  equations  for  computing 
downwash  angles  do  not  accurately  define  the  pattern 
of  downwash  angles  in  the  wake. 

9.  Air-flow  surveys  indicated  that  horizontal  tail 
planes  located  above  the  extended  chord  line  of  the 
wing  would  be  more  effective  than  those  below  in 
counteracting  the  increased  diving  moment  of  the 
airplane  with  the  flaps  deflected. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Ya.,  May  10,  1935. 
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TABLE  1 


CHARACTERISTICS  OF  THE  FAIRCHILD  22 
AIRPLANE  AND  SPECIAL  WING 


Weight  (including  140  lb.  in  rear  cockpit 


and  15  gal.  gasoline) _  1,467  lb. 

Airfoil  section _  N.  A.  C.  A.  2212. 

Wing  area,  including  ailerons _  171  sq.  ft. 

Stabilizer  area _  15.8  sq.  ft. 

Elevator  area _  10.4  sq.  ft. 

Fin  area _  4.1  sq.  ft. 

Rudder  area _  6.0  sq.  ft. 

Wing  span _  32  ft.  10  in. 

Wing  chord _  5  ft.  6  in. 

Angle  of  wing  setting _  5.0°. 

Dihedral _  0.7°. 


Distance  back  from  leading  edge  to  c.  g. 

Distance  below  thrust  axis  to  c.  g _ 

Distance  from  c.  g.  to  elevator  hinge _ 

Flap  span  (total) _ 

(10  percent _ 

Flap  chord]  20  percent _ 

[30  percent _ 

,  (10  percent _ 

Flap  areal  percent 
(total)  ^percent- 

(30  percent _ 


1  ft.  6 ys  in. 
5/&  in. 

13  ft.  2%  in 
27  ft.  1  in. 
6.6  in. 

1  ft.  1.2  in. 
1  ft.  7.8  in. 
14.26  sq.  ft. 
29.14  sq.  ft. 
44.0  sq.  ft. 


8f 

c 

a  t 

(degrees) 

° N 

ip 

(degrees) 

TABLE  II.— VALUES  OF  p/q  FOR  WING  AND  FLAP 


Surface 


Wing  station  from  L.  E.,  percent  wing  chord 

1  3 

6  12  20  35 

55 

75  j  85  i  90 

95 

Flap  station  from  hinge  axis, 

percent  flap  chord 

1  1 

0  20  40  1  60 

80 

PLAIN  WING 


-0.  303 

-10.9 

-.027 

-7.2 

.  210 

-3.5 

.686 

2.0 

1.  170 

9.3 

1.399 

13.  1 

(Upper _ 

[Upper _ 

[Lower _ _ 

[Upper _ 

[Lower _ 


0. 94 

0.  58 

0.  28 

-0.  05 

-0.  15 

-0. 17 

-0.  15 

-1.95 

-1.55 

-1.  02 

— .  76 

-.52 

-.40 

-.  20 

.60 

.  20 

-.  10 

-.35 

-.39 

-.33 

-.23 

-.  75 

-.88 

-.60 

-.50 

-.33 

-.  25 

-.  12 

.  12 

-.28 

-.52 

-.63 

-.53 

-.  45 

-.  26 

.00 

-.23 

-.  24 

-.22 

-.  16 

-.  13 

-.05 

-1.  58 

-1.  59 

-1.52 

-1.  28 

-.  99 

-.68 

-.42 

.  99 

.58 

.42 

.  26 

.  19 

.04 

.01 

-4.37 

-3.  15 

-2.62 

—  2.1 2 

-1.42 

-.90 

-.50 

.68 

.96 

.  81 

.61 

.46 

.  28 

.  15 

-5.  60 

-4.  15 

-3.  25 

-2.45 

-I.  65 

-1.00 

-.54 

.28 

.98 

.91 

.  72 

.58 

.35 

.23 

-0. 10 
-.00 
-.  12 
-.05 
—  .15 
.00 
— .  25 
.03 
-.20 
.  12 
-.  21 
.  19 


-0.  05 
.  00 
-.04 
.02 
-.05 
.05 
-.  10 
.06 
-.09 
.  15 
-.06 
.  18 

0.  00 
.05 
.00 
.05 
.00 
.08 
-.03 
.  12 
-.02 
.  13 
-.01 
.  17 

0.  05 
.06 
.05 
.08 
.  07 

.  14 
.04 
.  14 
.04 
.08 
.02 
.  12 

— 

— 

— 

— 

— 

10  PERCENT  c  ELAP  HINGED  AT  80  PERCENT  e 


0.  148 

-  A 

[Upper - 

0.61 

0.  10 

-0. 18 

-0.  39 

-0.  40 

-0.  39 

-0.  30 

-0.  20 

-0. 13 

-0.  10 

-0.  10 

-0.  22 

-0.  22 

-0.  22 

-0.  22 

-0.21 

—  i .  4 

-.  53 

-.  73 

-.  54 

-.  41 

-.24 

-.  15 

.01 

.  26 

-.22 

-.22 

-.  22 

.34 

.32 

.23 

.  12 

-.  03 

20 

.  867 

L  8 

(Upper _ 

—  1.  65 
.  95 

-1.  63 
.  65 

-1.  53 

-1.  30 

-1.  04 

-.74 

-.  48 

-.30 

-.  24 

-.20 

—  .15 

-.25 

-.25 

-.  25 

-.  25 

-.  25 

( Lower  .  . .  . 

.  27 

.  20 

.  12 

.  16 

.  37 

-.  25 

-.  25 

-.24 

.  46 

.40 

.29 

.  16 

1.  130 

9.  1 

(Upper - 

-5.  20 

-3.62 

-2.85 

-2.  15 

-1.56 

-1.03 

-.64 

-.40 

-.28 

— .  22 

-.  16 

-.  12 

-.  12 

-.  12 

-.  12 

-.  12 

[  Lower  ...  . .  ... 

.  50 

.  96 

.  87 

.  67 

.  51 

.36 

.30 

.  46 

-.  10 

-.  10 

-.  10 

.  54 

.  50 

.40 

.  27 

.  13 

313 

-7.  6 

(Upper...  . 

.00 

-.  27 

-.  49 

-.  49 

-.  46 

-.36 
.  13 

-.30 

-.  26 

-.25 

-.25 

-.  40 

-.40 

-.  40 

-.  40 

-.38 

[Lower _ 

-.  37 

-.  56 

44 

-.  29 

-.  18 

-.08 

.  41 

-.  39 

-.39 

-.39 

.  50 

.48 

.  46 

.  35 

.  17 

40 

1.003 

1.6  l 

(Upper. 

—  1.  76 

-1.  70 

-1.  60 

-1.  38 

-1.  10 

-.  81 

— .  55 

-.  42 

— .  34 

-.32 

-.29 

-.  41 

-.  41 

-.  41 

-.  41 

-.  41 

[Lower..  .  _ _ 

.98 

.70 

.  50 

.32 

.  26 

.20 

.  29 

.55 

-.43 

-.43 

-.43 

.  65 

.  64 

.  40 

.  20 

1.595 

9.0 

-5.  50 

-3.68 

-2.93 

-2.25 

-1.62 

-1.07 

-.70 

-.46 

-.36 

-.32 

-.  29 

— .  35 

-.35 

— .  35 

-.35 

-.33 

.46 

.97 

.91 

.  74 

.  61 

.46 

.45 

.65 

-.35 

-.35 

-.35 

.  79 

.74 

.  65 

.  48 

.26 

'  .420 

-7.7 

(Upper.. . . 

.  40 

.  00 

-.  27 

-.  51 

-.  55 

-.50 

-.40 

-.37 

-.34 

-.32 

-.31 

-.41 

-.  41 

-.  41 

-.41 

-.39 

\  Lower _ 

-.20 

-.43 

-.35 

-.  23 

-.09 

.03 

.  28 

.48 

— .  45 

-.45 

-.45 

.53 

.  52 

.54 

.53 

.43 

60 

1.  125 

1.5 

(Upper  ...  _ 

-2.  12 

-2.  00 

—  1.  77 

-1.50 

-1.  15 

-.84 

—.61 

— .  50 

-.43 

-.40 

-.40 

-.52 

-.  52 

-.  52 

-.52 

-.  48 

I  Lower . 

.  75 

.  58 

.  38 

.  28 

.  27 

.38 

.60 

-.51 

-.51 

-.  50 

.  67 

.  65 

.  63 

.  60 

.  45 

1.680 

8.9 

(Upper.. . 

-5.56 

-4.  00 

-3. 12 

-2.  36 

-1.71 

-1.  12 

-.  75 

-.53 

-  45 

-.40 

-.38 

-.  41 

-.  41 

-.41 

—.41 

—.41 

[Lower  .. 

.  25 

1.  00 

.93 

.71 

.  59 

.  45 

.  66 

-.  43 

-.42 

-.43 

.  79 

.  78 

.  78 

.  65 

.  50 

1.  170 

1.4 

-2.  37 

-2. 12 

-1.86 

-1.55 

-1.  20 

-.86 

-.61 

-.50 

-.  43 

-.40 

-.38 

-.52 

-.52 

-.51 

-.51 

-.50 

t5 

(Lower _  _ 

.95 

.79 

.62 

.45 

.35 

.33 

.47 

.  65 

-.52 

-.53 

-.50 

.  70 

.60 

.56 

.56 

.41 

20  PERCENT  c  FLAP  HINGED  AT  68  PERCENT  c 


0.  241 

-7.5 

(  Upper. . . 

0.  55 

0.  08 

-0.  20 

-0.  44 

-0.  46 

-0.  43 

-0.  34 

-0.  30 

-0.  25 

-0.  23 

-0.  20 

-0.  28 

-0.  28 

-0.  28 

-0.28 

-0.28 

(Lower _ _ _ 

-.  50 

—.65 

—.44 

-.  31 

-.  20 

— .  08 

.  15 

-.  30 

-.30 

-.30 

-.  30 

.  38 

.31 

.  20 

.06 

-.66 

20 

.983 

-1.7 

(Upper.  _ _ 

-1.87 

-1.80 

-1.  65 

-1.39 

-1.  12 

-.  79 

-.  52 

-.36 

-.  29 

-.  26 

-.  24 

-.  33 

-.  33 

-.33 

-.  33 

-.33 

■ 

(Lower. _ 

.96 

.  72 

.54 

.  35 

.  29 

.  23 

.  31 

-.31 

-.31 

-.31 

-.31 

.  52 

.  42 

.  26 

.  12 

-.05 

.1.  453 

9.0 

(  Upper. _ _ 

-5.00 

-3.  45 

-2.85 

-2.  23 

-1.  60 

-1.05 

— .  67 

-.45 

-.  34 

-.29 

-.  25 

-.  25 

-.  25 

-.  25 

— .  25 

—  25 

\Lower._  _ _ 

.  60 

.  99 

.85 

.68 

.  51 

.  40 

.  40 

-.  24 

-.  24 

— .  24 

-.  25 

.  59 

.  49 

.34 

.  20 

.  08 

.554 

-7.8 

(Upper _ 

(Lower.. 

.  2o 
-.02 

-.  18 
— .  25 

-.46 
— .  13 

-.64 

—.69 

-.60 
— .  01 

-.53 
.  15 

-.46 
.  45 

-.40 
-.  47 

-.39 
-.  47 

30 

-.35 

-.48 

43 
.  59 

-.43 
.  60 

-.  43 
.  54 

-.43 

.35 

-.43 
.  14 

40 

1.  249 

1.4 

(Upper . 

-2.  52 

—2.  25 

-1.93 

-1.  61 

-1.28 
.  43 

—.93 

-.65 

-.  50 

-.43 

-.  42 

-.  52 

-.  52 

-.52 

-.52 

-.52 

(Lower..  .  .  . 

.  99 

.85 

.  66 

.  52 

.  39 

.  56 

— .  55 

-.55 

-.  55 

-.55 

.80 

.  72 

.  56 

.37 

.  15 

1.  741 

8.8 

(Upper - 

l  Lower 

-5.  60 
.  35 

-4.  28 
.96 

-3.  44 
.91 

-2.  53 
.  78 

-1.81 
.  00 

-1.  20 
.  55 

-.79 
.  61 

-.56 

-.48 

-.49 
-.  48 

-.42 
-.  48 

-.41 
-.  48 

-.  49 
.  85 

-.49 
.  75 

-.48 

.60 

-.48 
.  44 

-  .47 
.23 

570 
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TABLE  II.— VALUES  OF  plq  FOR  WING  AND  FLAP— Continued 


bp 

(degrees) 

CNw 

a  t 

(degrees) 

Surface 

Wing  station  from  L.  E.,  percent  wing  chord 

Flap  station  from  hinge  axis, 
percent  flap  chord 

1 

3  6  12  20  35 

1  1 

55 

75  j  85  j  90  95 

0 

20 

40  60 

80 

20  PERCENT  c  FLAP  HINGED  AT  68  PERCENT  c— Continued 


0.  734 

-8.0 

/Upper 

-.07 

-.45 

-.  66 

— .  76 

-.  73 

-.62 

-.  51 

-.  46 

-.44 

— .  45 

-.44 

-.55 

— .  55 

-.55 

-.55 

-.  55 

1  Lower... _ 

.32 

.06 

.07 

.  11 

.  18 

.31 

.64 

— .  55 

— .  56 

-.57 

-.  57 

.  63 

.60 

.  75 

.60 

.37 

60 

1.335 

1.  2 

/Upper _ 

-2.95 

-2.  53 

-2.  11 

-1.70 

- 1.  39 

-1.04 

— .  78 

-.  61 

— .  54 

-.  51 

-.49 

-.55 

-.55 

— .  00 

-.54 

-.53 

' 

i  Lower _ 

.97 

.90 

.73 

.  5G 

.50 

.  52 

.72 

— .  54 

-.54 

-.53 

-.54 

.80 

.82 

.  75 

.58 

.35 

1.884 

8.  7 

/Upper _ 

-6.  50 

-4.  50 

-3.  60 

-2.  70 

-1.96 

-1.  32 

-.90 

— .  65 

— .  00 

-.54 

-.53 

-.55 

-.55 

— .  55 

—  •  0.) 

-.55 

/Lower 

.20 

.95 

.99 

.84 

.71 

.  67 

.76 

-.58 

-.  60 

-.60 

-.  60 

.88 

.89 

.81 

.66 

.40 

20  PERCENT  c  FLAP  HINGED  AT  80  PERCENT  c 


1  Upper _ _ 

0.  80 

0.  46 

0. 15 

-0. 18 

-0.  26 

-0.31 

-0.  25 

—0.  25 

-0.  25 

-0.  25 

-0.  23 

-0.  35 

-0.  35 

-0.  35 

-0.  35 

-0. 35 

1  0.  053 

—  11.3 

/Lower _ 

-1.40 

-1.28 

-.85 

-.59 

-.40 

-.23 

.00 

.  37 

-.35 

-.36 

-.36 

.43 

.34 

.  22 

.08 

-.06 

- 

/Upper _ 

.  35 

07 

-.35 

-.  54 

-.52 

-.  47 

-.  36 

-.  30 

25 

-.24 

-.22 

-.36 

-.36 

-.36 

-.  36 

— .  36 

.  oou 

—  6 

/Lower - 

-.27 

-.52 

-.40 

-.30 

-.20 

-.09 

.  10 

.  35 

-.36 

-.36 

-.36 

.45 

.36 

.24 

.  10 

-.01 

.619 

/Upper _ 

-.  24 

— .  55 

— .  77 

-:84 

-.  75 

-.61 

-.  46 

-.34 

-.30 

-.28 

-.27 

-.38 

-.38 

-.38 

-.38 

-.38 

—6.  y 

/Lower _ 

.40 

.00 

-.05 

-  .  09 

-.06 

.00 

.  15 

.47 

-.37 

-.37 

-.37 

.52 

.43 

.  29 

.  14 

-.  01 

[Upper _  . 

-1.90 

-1.85 

-1.72 

-1.47 

-1.  16 

-.79 

-.56 

-.42 

— .  35 

-.31 

-.28 

-.35 

-.35 

-.35 

-.35 

-.33 

1.  054 

1.  6 

/Lower _ 

.99 

.  65 

.50 

.31 

.26 

.  19 

.21 

.45 

-.38 

-.38 

-.35 

.  55 

.45 

.33 

.24 

.05 

/Upper _ 

-5.  50 

-3.85 

-3. 15 

-2.41 

-1.69 

-1.10 

-.  68 

-.42 

-.32 

-.28 

-.25 

-.  19 

-.  19 

-.  18 

-.  18 

-.  17 

y.  u 

/Lower _ 

.  10 

.97 

.90 

.  73 

.57 

.44 

.38 

.  53 

-.  20 

-.20 

-.20 

.03 

.  52 

.42 

.29 

.  12 

[Upper _ _ 

-6.  35 

-4.  75 

-3.70 

-2.  75 

-1.85 

-1.  15 

-.74 

-.45 

— .  35 

-.30 

-.25 

-.  17 

-.  16 

-.  16 

-.  16 

-.  10 

l.oUi 

iZ.  1 

/  Lower _ 

.00 

.99 

.95 

.85 

.68 

.50 

.45 

.61 

-.  18 

-.  19 

-.  19 

.66 

.55 

.41 

.30 

.  18 

.  77 

.35 

.06 

-.24 

-.34 

-.36 

-.34 

-.34 

-.34 

-.34 

-.33 

-.50 

-.50 

-.  50 

-.50 

-.50 

/  Lower.. . . 

-1.06 

-1.00 

-.60 

-.42 

-.24 

-.06 

.24 

.50 

-.50 

-.50 

-.50 

.52 

.  56 

.  54 

.36 

.  10 

[Upper - 

.20 

-.  15 

-.41 

—.61 

-.60 

-.50 

-.43 

-.40 

-.40 

-.40 

-.40 

-.55 

-.54 

— .  54 

-.54 

-.54 

i .  y 

)  Lower _ 

.  10 

-.28 

-.  20 

-.09 

-.02 

.  10 

.27 

.54 

-.56 

-.56 

-.56 

,  62 

.  64 

.53 

.  35 

.  10 

/Upper - 

— .  75 

-1.00 

-1.08 

-1.  06 

-.  89 

-.  70 

-.  52 

-.  47 

-.  44 

-.42 

-.42 

— .  58 

-.58 

-.57 

-.57 

-.  57 

/Lower-— _ 

.63 

.31 

.21 

.13 

.  12 

.16 

.34 

.60 

-.58 

-.58 

-.58 

.70 

.69 

.  55 

.36 

.  13 

-2.55 

-2.  28 

-2.  00 

—  1. 65 

-1.28 

-.92 

-.70 

-.57 

-.51 

-.50 

-.49 

— .  56 

— .  56 

-.56 

-.56 

-.58 

.98 

.79 

.62 

.45 

.36 

.31 

.36 

.63 

-.59 

-.59 

-.58 

.78 

.69 

.56 

.36 

.  11 

-5.  60 

-4.  23 

-3.  38 

-2.  59 

-1.80 

-1.20 

-.79 

-.60 

-.52 

-.49 

-.48 

-.54 

-.54 

-.54 

-.54 

-.50 

1.  ooZ 

-.20 

.99 

.93 

.76 

.63 

.51 

.50 

.71 

-.55 

-.55 

— .  00 

.85 

.76 

.61 

.43 

.20 

-7.00 

-5.  30 

-4.  05 

-3.05 

-2. 05 

-1.33 

-.88 

-.64 

— .  55 

-.50 

-.48 

-.50 

-.50 

-.49 

-.49 

-.47 

-.  40 

.75 

.98 

.88 

.73 

.59 

.53 

.  75 

-.50 

-.  50 

-.  50 

.90 

.  77 

.  65 

.  45 

.23 

/  Upper _ 

.  65 

.21 

-.06 

-.34 

-.40 

-.41 

-.40 

-.42 

-.42 

-.42 

-.42 

-.56 

-.56 

-.56 

-.56 

-.50 

/Lower _ 

-.73 

-.66 

-.40 

-.25 

-.08 

.  10 

.45 

.49 

-.57 

-.57 

-.56 

.49 

.55 

.70 

.  70 

.43 

.00 

-.30 

— .  55 

-.66 

-.66 

-.60 

-.50 

-.48 

-.46 

— .  45 

-.45 

-.60 

-.60 

-.60 

-.60 

-.60 

.30 

-.04 

-.05 

-.05 

.09 

.21 

.50 

.60 

-.60 

-.60 

-.60 

.04 

.68 

.77 

.67 

.37 

-.86 

-1.06 

-1. 14 

-1.09 

-.90 

-.73 

-.57 

-.53 

-.50 

-.50 

-.50 

-.60 

-.60 

-.60 

-.61 

-.61 

.  75 

.46 

.34 

.25 

.24 

.30 

.50 

.68 

-.60 

-.60 

-.60 

.74 

.76 

.77 

.64 

.36 

-2. 80 

-2.44 

-2.  10 

-1.70 

-1.35 

-1.00 

-.  75 

-.  67 

-.  62 

-.  59 

-.  56 

-.  68 

-.65 

-.  64 

— .  64 

-.63 

.99 

.88 

.72 

.51 

.  45 

.42 

.58 

.70 

-.70 

-.70 

— .  65 

.96 

.89 

.80 

.  65 

.36 

-6.60 

-4.45 

-3.  52 

-2.  72 

-1.95 

-1.28 

-.90 

-.70 

-.63 

-.00 

-.60 

-.  66 

-.66 

-.66 

— .  65 

-.63 

o.  0 

.  10 

.99 

.93 

.81 

.70 

.60 

.62 

.80 

— .  65 

-.  65 

-.65 

.92 

.86 

.80 

.  65 

.35 

/Upper _ 

-7.  50 

-5.50 

-4.40 

-3.  15 

-2.20 

-1.45 

-.96 

-.71 

— .  65 

-.64 

-.  62 

-.56 

— .  56 

-.56 

-.56 

-.  56 

/Lower _ 

-.90 

.70 

1.00 

.90 

.79 

.  65 

.  65 

.82 

-.56 

-.58 

— .  59 

.93 

.90 

.81 

.64 

.38 

20  PERCENT  c  FLAP  HINGED  AT  88.8  PERCENT  c 


20 

0.339 

1.  136 

.  1.652 

-7.6 

1.5 

8.8 

-8.0 

1.2 

8.5 

/Upper - - 

0.  50 
— .  55 
-2. 00 

0.04 

-.64 

-1.95 

-0.25 

-.46 

-1.73 

-0. 45 
-.34 
-1.40 

-0.45 
-.22 
-1.  11 

-0.  40 
-.12 
-.  79 

-0.32 
.05 
-.  54 

-0.  30 
.  26 
-.39 

-0.22 

.39 

-.33 

-0.20 
-.  25 
-.29 

-0.  19 
-.25 
-.25 

-0.25 

.44 

-.24 

-0.25 

.35 

-.23 

-0.  25 
.26 
-.22 

-0.  25 
.  15 
-.21 

-0.25 
.05 
-.  20 

/Lower _ 

[Upper-  -  . 

LOO 
-5.  00 

.73 
-3.  72 

.53 
-3. 04 

.39 
-2. 30 

.28 

-1.62 

.22 

-1.08 

.22 

-.69 

.  36 
-.43 

.50 

-.33 

— .  25 
-.28 

-.25 

-.24 

.  55 
-.  13 

.46 
-.  13 

.35 
-.  13 

.23 
-.  13 

.10 
-.  14 

/Lower  — - 

/Upper _  _ 

.40 

.25 

.99 
-.  20 

.93 

-.45 

.  75 
-.63 

.57 

-.60 

.43 
— .  55 

.39 

-.47 

.49 

-.43 

.58 

-.41 

-.  13 
-.  40 

-.  15 
-.42 

.63 

-.56 

.52 
-.  55 

.40 
— .  55 

.30 
— .  55 

.  16 
-.54 

40  . 

.  609 

1.395 

1.955 

/Lower _ 

/Upper _  __ 

\  Lower _ 

-.05 
-2.41 
.98 
—  5.  70 
.40 

-.34 
-2.  10 
.81 
-4.03 
1.00 

-.24 

-1.87 

.62 

-3.24 

.93 

-.  16 
-1.  53 
.44 
-2.  52 
.75 

-.07 
-1.  23 
.36 
-1.76 
.62 

.03 

-.90 

.30 

-1.21 

.52 

.22 
-.68 
.35 
-.83 
.  50 

.  45 
— .  57 
.53 
-.60 
.61 

.  55 
-.53 
.63 
-.50 
.  74 

-.59 
-.52 
-.60 
-.49 
— .  45 

-.60 
-.50 
-.60 
-.46 
— .  45 

.61 
-.60 
.70 
— .  45 
.80 

.61 
-.60 
.68 
-.46 
.  78 

.  53 
-.60 
.58 
-.47 
.  66 

.37 
-.60 
.40 
-.48 
.  50 

.  15 
-.58 
.  17 
-.48 
.28 

.885 

-8. 1 

/Upper.  . 

— .  11 

-.  50 

-.  66 

-.80 

-.72 

-.62 

—.52 

-.  50 

-.  49 

-.49 

-.  50 

-.65 

— .  65 

— .  65 

— .  65 

-.65 

/Lower _ 

.  40 

.00 

-.02 

-.02 

.06 

.  18 

.38 

.  54 

.  60 

— .  65 

— .  65 

.70 

.63 

.71 

.64 

.45 

60 

■  1.606 

1.0 

/Upper . 

-2.91 

-2.  48 

-2.  10 

-1.80 

-1.39 

-1.04 

— .  /o 

-.66 

-.  61 

-.62 

-.62 

-.  75 

-.  75 

— .  75 

— .  75 

— .  75 

/Lower  . 

.94 

.90 

.  70 

.  55 

.  45 

.40 

.48 

.62 

.71 

— .  75 

.  78 

.83 

.79 

.61 

.38 

.  2.  100 

8.4 

/Upper . 

-6.  20 

-4.  60 

-3.42 

-2.  64 

-1.90 

-1.30 

-.92 

-.70 

-.62 

-.60 

-.58 

-.68 

-.63 

-.63 

-.63 

-.60 

/Lower  . 

.40 

1.00 

.93 

.80 

.69 

.58 

.58 

.66 

.79 

-.68 

-.68 

.85 

.79 

.79 

.  65 

.43 

30  PERCENT  c  FLAP  HINGED  AT  80  PERCENT  c 


10 

2. 180 

.969 

1.544 

-7.5 

1.6 

9.0 

/Upper _ 

/Upper _ _ 

0.  55 
— .  65 
-1.85 
.91 
-5.  30 

0.  15 
-.75 
-1.  78 
.64 
-3.  60 

-0. 15 
-.  55 
-1.64 
.43 
-2.90 

-0.40 

-.40 

-1.35 

.28 

-2.20 

-0.  45 
-.28 
-1.03 
.19 
-1.  58 

-0.  40 
-.  16 
-.74 
.  14 
-1.03 

-0.  30 
.00 
-.50 
.  16 
-.64 

-0.  24 
.21 
-.34 
.30 
-.40 

-0.  20 
-.  13 
-.26 
-.  10 
-.28 

-0.  19 
-.  13 
22 

-.  10 
-.24 

-0.  16 
-.  13 
-.  16 
-.10 
-.  19 

-0. 14 
.26 
-.  11 
.35 
-.07 

-0. 14 
.20 
-.  11 
.29 
-.07 

-0. 14 
.  13 
-.  11 
.  21 
-.07 

-0. 14 
.08 
-.  11 
.  15 
-.07 

-0.14 
.05 
-.  11 
.08 
-.07 

{ Lower  _ 

.  55 

1.00 

.90 

.70 

.53 

.40 

.34 

.43 

-.09 

-.  09 

-.09 

.  46 

.39 

.30 

.23 

.  15 

’  4.  340 

1.  185 

-7.8 

1.4 

/Upper _  _ 

.50 

.05 

-.23 

-.47 

-.  50 

-.46 

-.  40 

-.  36 

-.  34 

-.  33 

-.32 

-.39 

-.38 

-.38 

-.38 

.  -.37 

20 

/Lower _ 

[Upper  _ _ 

— .  45 
-1.  75 

— .  55 
-1.68 

-.43 
-1.  56 

-.29 

-1.38 

-.  18 
-1.06 

-.06 

-.80 

.  10 
-.  58 

.36 
-.  46 

-.40 

-.40 

-.40 

-.37 

— .  40 
— .  35 

.44 

-.36 

.33 

-.36 

.23 
-.  36 

.  10 
-.36 

-.02 

-.36 

/Lower  . 

.90 

.  66 

.48 

.35 

.27 

.21 

.  26 

.48 

-.34 

-.34 

-.34 

.58 

.43 

.30 

.  16 

.08 

.  1.810 

8.7 

/Upper _ 

—5.  70 

-4.  10 

1.  00 

-3.  25 

.91 

-2.45 

.74 

-1.  75 
.  59 

-1.  15 
.48 

-.  78 
.42 

-.  56 
.60 

— .  45 
— .  30 

-.  40 
-.30 

-.36 

-.30 

-.  30 
.  66 

-.29 

.54 

-.28 

.40 

-.28 

.28 

-.28 

.17 

.820 

-8.2 

/Upper. . .  . 

.04 

-.31 

-.55 

-.68 

-.64 

-.  56 

-.  46 

-.49 

— .  50 

-.  50 

-.50 

-.64 

-.64 

-.64 

-.64 

-.64 

/Lower . .  . 

.34 

-.03 

-.04 

-.01 

.  06 

.  18 

.  40 

.58 

-.  65 

— .  65 

65 

.62 

.  65 

.  55 

.35 

.07 

40 

1.540 

1.0 

/Upper  ....  .  . 

-2.  70 

-2.  32 

-1.99 

-1.63 

-1.  25 

-.93 

70 

-.61 

-.58 

-.54 

-.53 

-.64 

-.64 

-.64 

-.64 

-.64 

/Lower _  .  . 

1.  00 

.88 

.70 

.54 

.45 

.42 

.52 

.70 

-.63 

-.63 

-.62 

.80 

.75 

.60 

.41 

.22 

.  2. 137 

8.4 

/Upper.. . .  . 

-6.  50 

-4.  55 

-3.  54 

-2.  60 

-1.91 

-1.31 

-.91 

-.  69 

-.62 

-.60 

-.60 

-.58 

-.58 

-.57 

-.56 

-.55 

/  Lower . 

.30 

.98 

.99 

.84 

.  71 

.60 

.61 

.  75 

-.60 

-.  60 

-.  60 

.85 

.84 

.70 

.50 

.30 
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INTERFERENCE  OF  WING  AND  FUSELAGE  FROM  TESTS  OF  209  COMBINATIONS 

IN  THE  N.  A.  C.  A.  VARIABLE-DENSITY  TUNNEL 


By  Eastman  N.  Jacobs  and  Kenneth  E.  Ward 


SUMMARY 

Tests  of  209  simple  wing-fuselage  combinations  were 
made  in  the  N.  A.  C.  A.  variable-density  wind  tunnel  to 
provide  information  regarding  the  effects  of  aerodynamic 
interference  between  wings  and  fuselages  at  a  large  value 
of  the  Reynolds  Number.  This  investigation  is  part  of 
a  basic  investigation  of  aerodynamic  interference  now 
in  progress  at  the  Committee’ s  laboratory  and  considers 
the  interference  as  affected  by  the  more  important  variables 
of  a  combined  wing  and  fuselage. 

Most  of  the  tests  were  made  with  a  round  fuselage  in 
combination  with  a  rectangidar  wing  of  symmetrical 
section.  Variations  of  the  vertical  position,  longi¬ 
tudinal  position,  and  angular  position  were  covered. 
A  sufficient  number  of  tests  of  other  valuables,  such  as 
the  wing  and  fuselage  shape,  were  made  to  give  a  general 
understanding  of  the  effects  of  these  variables.  For  some 
of  the  combinations  in  which  the  wing  and  fuselage  were 
not  connected,  the  air  forces  on  the  wing  and  fuselage 
were  determined  separately  in  order  to  investigate  the 
mutual  interference. 

The  principal  results  are  given  in  tabular  form  and 
summarized  by  presenting  the  important  characteristics 
for  all  the  combinations  by  means  of  parameters  in  a 
single  table  so  that  the  relative  merits  of  the  various 
combinations  may  be  readily  compared.  The  results  are 
discussed  in  relation  to  the  character,  cause,  and  signifi¬ 
cance  of  the  interference  effects  encountered  under  various 
conditions. 

INTRODUCTION 

The  continual  improvement  in  the  aerodynamic 
efficiency  of  airplanes  may  be  ascribed  to  a  gradually 
increasing  knowledge  of  the  flow  about  single  bodies 
and  the  interference  between  them.  As  the  units 
making  up  a  combination  have  been  improved,  the 
residual  drag  arising  from  the  interference  has  become 
an  increasingly  important  factor  in  relation  to  the 
total  drag.  Many  experimental  data  have  now  been 
secured  on  which  to  base  the  design  of  efficient  com¬ 
ponent  parts  but  adequate  data  concerning  the  inter¬ 
ference  between  them  are  still  lacking.  Although  the 
need  for  reliable  information  concerning  aerodynamic 
interference  has  been  appreciated  for  several  years, 
the  Committee  considers  that  only  recently  the  design 


of  component  parts  has  reached  a  point  of  refinement 
such  that  further  improvements  of  airplanes  demand 
more  knowledge  concerning  the  aerodynamic  inter¬ 
ference. 

For  several  years  the  Committee  has  had  in  progress 
a  basic  investigation  of  aerodynamic  interference  in  the 
variable-density  tunnel.  Such  an  investigation  is 
necessarily  based  upon  existing  information  about  sim¬ 
ple  combinations  and  a  knowledge  of  the  flow  about 
the  simple  bodies  forming  the  combinations.  Two 
bodies  are  considered  as  being  of  primary  impoitance: 
the  airfoil  and  an  elongated  streamline  body  repre¬ 
senting  the  fuselage.  The  results  of  numerous  investi¬ 
gations  of  the  flow  about  airfoils  and  airship  hulls, 
the  potential-flow  theory,  and  the  various  boundary- 
layer  theories  furnish  a  reasonably  complete  picture 
of  the  flow  about  the  two  simple  basic  forms.  The 
first  phase  of  the  current  interference  investigation 
dealt  with  the  flow  about  such  bodies  as  affected  by 
slight  disturbances  such  as  those  produced  by  different 
types  of  small  protuberances  variously  located  on  air¬ 
foils  and  streamline  bodies.  (See  references  1,  2,  and 
3.)  The  second  phase  of  the  problem,  the  interference 
of  wing-fuselage  combinations,  is  reported  herein. 

PREVIOUS  WING-FUSELAGE  INTERFERENCE  INVESTIGATIONS 

One  of  the  earliest  wing-fuselage  interference  in¬ 
vestigations  was  made  by  Prandtl,  the  results  of  which 
have  been  available  in  an  English  translation  since 
1921.  (See  reference  4.)  Five  wing-fuselage  com¬ 
binations  were  tested  to  determine  the  influence  of  the 
relative  vertical  position  of  wing  and  fuselage  on  the 
efficiency  of  the  wing.  Prandtl  concluded  that  with  a 
normal  fuselage  shape  the  drag  differences  are  small 
for  various  vertical  positions  of  the  wing  except  for  the 
combination  having  the  wing  a  little  below  the  fuse¬ 
lage,  which  showed  an  aerodynamic  change  for  the 
worse  in  comparison  with  the  other  combinations. 
He  also  pointed  out  that  the  drag  of  the  mid-wing  com¬ 
bination  noticeably  increased  at  an  angle  of  attack  of 
about  12°. 

The  simplest  wing-fuselage  combination  may  be 
considered  to  be  a  wing  having  a  thin  flat  plate  inserted 
in  the  plane  of  the  midspan  cross  section. 
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In  an  investigation  of  wing-fuselage  interference, 
M  uttray  (reference  5)  tested  a  wing-plate  combina¬ 
tion  to  show  that  the  wing  polar  is  unfavorably  affected 
even  by  this  “ ideal  fuselage.”  He  tested  a  large  num¬ 
ber  of  low-wing  combinations  having  different  fuselage 
shapes  and  different  wing  shapes.  Several  of  the 
combinations  were  also  tested  with  fillets.  From  the 
results  of  this  investigation  Muttray  found  that  the 
relative  fore-and-aft  position  of  the  wing  and  fuselage 
greatly  affected  the  magnitude  of  the  additional 
(induced)  drag,  a  result  that  he  attributed  to  changes 
of  the  span  load  distribution  resulting  from  the  different 
positions  of  the  center  of  pressure  for  wing  and  fuse¬ 
lage.  For  some  positions  separation  occurred  at  mod¬ 
erately  high  values  of  the  lift  as  indicated  by  the  ab¬ 
normal  drag  increase.  Muttray  attributed  this  sepa¬ 
ration  to  the  sharp  nose  of  the  fuselage.  A  study  of 
the  effects  of  variation  of  the  angle  between  the  wing 
and  the  side  of  the  fuselage  showed  that  the  smaller 
the  angle  the  greater  the  additional  induced  drag, 
indicating  an  early  separation  of  the  air  flow  at  the 
wing  roots.  Muttray  devised  the  tapered,  or  expand¬ 
ing,  fillets  to  improve  the  characteristics  of  the  poor 
combinations.  His  investigations  of  the  effects  of 
wings  having  the  trailing  edge  cut  away  at  the  root 
indicated  that  the  separation  at  the  root  was  not 
prevented  by  cutting  away  the  trailing  edge  and 
that  increasing  the  size  of  the  cutaway  portion  in¬ 
creased  the  drag  in  the  usual  lift  range  but  decreased 
the  severity  of  the  break  in  the  polar  curve. 

Parkin  and  Klein  (reference  6)  tested  combinations 
of  3  wings,  varying  in  thickness,  with  3  fuselages: 
streamline,  cabin,  and  open  cockpit.  A  number  of 
typical  monoplane  and  biplane  combinations  were 
tested,  a  few  with  fillets.  The  authors  concluded  that 
the  interference  effects  were  dependent  on  the  shape 
of  the  fuselage,  the  airfoil  section,  and  the  relative 
position  of  the  fuselage  and  the  airfoil.  The  better 
the  aerodynamic  form  of  the  fuselage  and  the  thicker 
the  airfoil  section,  the  greater  were  shown  to  be  the 
interference  effects  and  the  more  marked  the  influence 
of  the  vertical  wing  position  on  the  interference.  The 
interference  tended  to  lower  the  angle  of  attack  corre¬ 
sponding  to  maximum  lift  and  to  increase  the  drag 
compared  with  those  of  the  individual  components. 
From  aerodynamic  considerations,  the  best  position 
for  the  wing  was  found  to  be  at  the  top  of  the  fuselage 
and  the  worst  at  the  bottom.  Fillets  and  fairings 
improved  combinations  having  poor  characteristics 
but  had  little  effect  on  arrangements  already  fairly 
satisfactory.  Many  other  tests  have  been  made  using 
small  models,  and  the  general  conclusions  agree  in  most 
respects  with  those  of  the  investigations  mentioned. 

In  a  comprehensive  report  on  interference  (reference 
7),  Ower  describes  an  investigation  in  which  large 
models  with  stub  wings  were  used  to  obtain  results  for 
much  larger  values  of  the  Reynolds  Number  than 


I  had  been  previously  obtained.  These  Reynolds  Num¬ 
bers,  however,  were  still  well  below  those  correspond¬ 
ing  to  flight  and  the  fact  that  stub  wings  were  used 
makes  the  application  of  the  results  somewhat  ques¬ 
tionable. 

Among  the  investigations  of  wing-fuselage  inter¬ 
ference  made  at  high  values  of  the  Reynolds  Number 
was  an  investigation  made  in  the  N.  A.  C.  A.  variable- 
density  tunnel  in  1930  (unpublished)  to  compare  high- 
wing,  mid-wing,  and  low-wing  monoplanes.  The 
effects  of  expanding  fillets  were  also  studied.  Al¬ 
though  some  conclusions  were  reached  that  confirmed 
previous  results  from  tests  at  low  values  of  the 
Reynolds  Number,  the  results  suggested  a  need  for  a 
more  complete  investigation  at  high  Reynolds  Num¬ 
bers.  A  series  of  investigations  were  therefore  started, 
the  first  of  which  considered  a  wing  having  a  thin 
flat  plate  inserted  in  the  midspan  cross  section  (ref¬ 
erence  8)  to  study  the  interference  effects  on  this 
basic  combination. 

Other  interference  investigations  have  been  made 
at  relatively  large  values  of  the  Reynolds  Number. 
Short  investigations,  each  of  one  particular  type  of 
low-wing  monoplane,  have  been  made  at  the  Cali¬ 
fornia  Institute  of  Technology  (reference  9)  and  in  the 
N.  A.  C.  A.  full-scale  tunnel  (reference  10)  to  study 
interference  and  buffeting.  Both  investigations  con¬ 
firmed  Muttray’s  conclusions  that  expanding  fillets 
improve  the  aerodynamic  characteristics  of  low-wing 
monoplanes. 

THE  BASIC  WING-FUSELAGE  INTERFERENCE  PROGRAM 

Because  the  previous  wing-fuselage  interference 
investigations  were  incomplete  in  many  respects,  it 
was  desired  to  consider  in  formulating  this  program 
all  of  the  important  variables.  Once  the  important 
variables  were  listed,  it  became  apparent  that  a  com¬ 
plete  investigation  of  all  the  possible  combinations 
would  be  impracticable.  This  difficulty  was  partly 
overcome  by  classifiying  the  possible  variables  as 
“major”  and  “minor”,  so  that  the  program  could  be 
formulated  to  include  complete  investigations  of  the 
major  variables  and  to  include  only  incidental  investi¬ 
gations  of  the  effects  of  the  minor  variables.  The 
following  tabulation  presents  the  classification  adopted: 
Wing: 

Major  variables: 

Plan  form. 

Airfoil  section. 

Minor  variables: 

Fillets. 

Plan-form  variations  near  fuselage,  e.  g.,  plan-form 
fillets  or  wing  cut-outs. 

Bends  near  fuselage,  e.  g.,  gull-wing  types. 

Incidence  changes  near  fuselage. 

High-lift  and  air-brake  devices. 

Size. 

Aspect  ratio. 
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Fuselage: 

Major  variable: 

Cross-sectional  shape. 

Minor  variables: 

Longitudinal  form. 

Size. 

Air-cooled  engine  in  nose,  cowled  or  uncowled. 

I  nusual  form  changes  to  accommodate  wing  and 
windshield. 

Combinations: 

Major  variable: 

\  ertical  position  of  t he  wing  with  respect  to  the 
fuselage. 

Minor  variables: 

Longitudinal  position  of  the  wing  with  respect  to  the 
fuselage. 

Angular  relation  of  the  wing  and  fuselage. 

Fillets  and  strut  attachments. 

It  will  be  noted  that  the  major  variables  of  the  wing 
are  taken  as  the  airfoil  plan  form  and  section.  Airfoil 
plan-form  variations  are  probably  covered  sufficiently 
by  the  inclusion,  in  the  program,  of  two  plan  forms: 
rectangular  and  2:1  taper.  The  variations  in  airfoil 
section  are  likewise  covered  by  the  inclusion  of  two 
airfoil  sections,  a  symmetrical  N.  A.  C.  A.  0012  rep¬ 
resenting  slightly  cambered  sections  and  an  N.  A.  C.  A. 
4412  representing  moderately  highly  cambered  sections. 
An  incidental  variation  in  section  thickness  is  also 
obtained  by  considering  the  thick  section  at  the  root 
of  the  tapered  wing  as  a  variation  of  the  N.  A.  C.  A. 
0012. 

The  major  variable  of  the  fuselage  is  the  cross- 
sectional  shape,  the  variation  of  which  is  included  in 
the  program  by  means  of  two  fuselages,  one  having 
round  and  the  other  rectangular  sections. 

The  major  variable  of  the  combination  is  the  ver¬ 
tical  position  of  the  wing  with  respect  to  the  fuselage. 
It  appears  to  be  necessary  to  include  as  many  as  21 
vertical  positions  to  make  the  investigation  reasonably 
complete  in  this  respect. 

The  complete  program  is  intended  finally  to  include 
all  possible  combinations  of  major  variables  and  all 
such  combinations  of  minor  variables  as  may  appear 
to  be  of  particular  importance. 

THE  INVESTIGATION  COVERED  IIY  THIS  REPORT 

This  report  is  not  intended  to  present  the  results 
of  the  complete  wing-fuselage  interference  investigation 
but  mainly  to  consider  the  variations  of  a  round 
fuselage  in  combination  with  a  rectangular  wing  of 
symmetrical  section.  These  combinations  were  tested 
for  various  vertical,  longitudinal,  and  angular  posi¬ 
tions  in  order  to  determine  which  of  the  possible  vari¬ 
ables  were  of  sufficient  importance  to  include  in  the 
remainder  of  the  program.  Some  of  the  minor  vari¬ 
ables,  such  as  fillets  and  cut-outs,  were  also  investigated, 
particularly  with  reference  to  the  low-wing  combi¬ 
nations,  because  of  the  present  demand  for  data  on 


such  arrangements.  Other  minor  fuselage  vari¬ 
ables,  such  as  an  air-cooled  engine  at  the  nose  of 
the  fuselage,  were  also  included  for  the  same  reason  and 
to  determine  the  importance  of  these  minor  fuselage 
variables  in  respect  to  the  remainder  of  the  program. 
A  sufficient  number  of  combinations  of  the  major 
variables  to  give  some  understanding  of  the  effects  of 
each  were  included  to  complete  the  main  body  of  the 
investigation  covered  by  this  report.  The  scope  of  the 
present  investigation  is  clearly  indicated  by  reference 
to  table  V,  the  diagrams  of  which  represent  all  the 
combinations  tested. 

MODELS 

The  wing  models  used  for  this  investigation  arc  a 
rectangular  N.  A.  C.  A.  0012,  a  rectangular  N.  A.  C.  A. 
4412  (reference  11),  a  rectangular  N.  A.  C.  A.  0012 
having  a  cut-out  center  section  (reference  12),  and  a 
tapered  wing  having  a  root-to-tip  chord  ratio  of  2  and 
sections  tapering  from  the  N.  A.  C.  A.  0018  to  the 
N.  A.  C.  A.  0009  (fig.  18  and  reference  11).  Each 
rectangular  wing  has  a  chord  of  5  inches  and  a  span 
of  30  inches  and  was  constructed  of  duralumin  in  the 
manner  described  in  reference  13.  The  tapered  wing 
is  also  of  duralumin  with  an  area  of  150  square  inches 
and  a  span  of  30  inches. 

Two  fuselage  models  were  used,  one  having  circular 
and  one  rectangular  cross  sections.  Both  models  are 


FUSELAGE  DIMENSIONS  (INCHES) 


Station 

Round 

fuselage 

Rectangular  fuselage 

Diameter 

Height 

Width 

—  0.  156 

0. 000 

0. 000  di 

ameter. 

.  000 

.  772 

.  772  diameter. 

.250 

1.242 

1.  242  diameter. 

.  500 

1.572 

1. 572  diameter. 

.  710 
1.000 

2.  044 

1.  795  diameter. 

1.500 

2.380 

2.240 

2. 000 

2.  650 

2.312 

2.  790 

2.  370 

3.  406 

3. 090 

2.  470 

4.000 

3.  238 

3.  238 

2.  543 

6.  000 

3.410 

3.410 

2.  678 

8.  000 

3.440 

3.440 

2.  702 

10.  000 

3.  406 

3.  406 

2.  675 

12.  000 

3.268 

3.  268 

2.  567 

14.000 

2.  990 

2.  990 

2.  348 

16. 000 

2.516 

2.516 

1.976 

17.  000 

2. 170 

2.  175 

1.704 

18.  000 

1.698 

1.334 

19.000 

1.000 

.  785 

19.  500 

.  548 

.430 

20. 000 

.000 

1.  125 

.000 

Source-sink  distribution  for  round  fuselage. 
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of  duralumin  with  carefully  polished  surfaces  and  have 
lengths  of  20.156  inches  and  maximum  cross-sectional 
areas  of  9.29  square  inches.  The  circular-section 
fuselage  was  derived  from  a  source-sink  distribution 
to  give  a  form  approximating  that  of  an  airship  of 
fineness  ratio  5.86.  The  rectangular-section  fuselage 
was  derived  from  the  circular  one  to  obtain  a  related 
form  having  the  same  cross-sectional  area.  The 
fuselages  were  constructed  to  the  dimensions  on  page 
573. 

The  fuselage  shape  was  further  altered  by  the 
addition  in  the  nose  of  a  model  engine  with  an  N.  A. 
C.  A.  cowling.  The  engine,  3.42  inches  in  diameter, 
was  carefully  modeled  to  scale  to  represent  a  9-cylinder 
radial  air-cooled  engine.  The  cowling,  3.47  inches 
outside  diameter,  was  constructed  of  a  single  thickness 
of  metal  arranged  to  slip  over  the  engine.  For  tests 
with  the  rectangular  fuselage  the  shape  of  the  rear 
portion  of  the  cowling  was  altered  somewhat  to  provide 
an  approximately  constant-area  slot  permitting  the 
free  flow  of  air  through  the  cowling  around  the  edges 
of  the  fuselage.  (See  fig.  36.) 

The  juncture  of  the  wing  and  fuselage  of  several  of 
the  combinations  was  altered  by  means  of  fillets. 
Most  of  the  fillets  were  molded  from  plaster  of  paris 
and  carefully  finished  to  a  smooth  surface. 

Other  combinations  of  the  wing  and  fuselage  em¬ 
ployed  connecting  struts.  One  connecting  strut  con¬ 
sisted  of  a  thin  steel  plate,  jU  inch  thick  by  2  inches 
long,  streamlined  and  polished.  Other  connecting 
struts  were  formed  by  building  up  this  plate  with  wood 
and  plaster  of  paris  to  form  the  desired  sections. 

The  wings  and  fuselages  were  combined  in  different 
ways  to  give  variations  of  vertical  position,  fore-and-aft 
position,  and  wing  setting.  A  diagram  of  the  various 
vertical  and  fore-and-aft  positions  of  the  rectangular 
wdng  of  symmetrical  section  in  combination  with  the 
round  fuselage  is  shown  in  figure  1.  Diagrams  repre¬ 
senting  all  the  combinations  are  shown  in  table  V  and 
photographs  of  some  typical  wing-fuselage  combina¬ 
tions,  particularly  those  having  fillets  and  attach¬ 
ments,  are  shown  in  figures  24  to  36. 

TESTS 

All  the  tests  were  made  in  the  variable-density 
tunnel  at  a  Reynolds  Number  of  approximately 
3,100,000.  In  addition,  the  maximum  lift  of  most  of 
the  combinations  was  determined  at  a  reduced  speed 
corresponding  to  a  Reynolds  Number  of  approxi¬ 
mately  1,400,000.  A  description  of  the  tunnel  and 
of  the  method  of  testing  is  given  in  reference  13. 

The  tests  were  of  two  distinct  types,  one  type  in 
which  the  forces  on  the  wing  and  fuselage  as  a  unit 
were  determined,  and  the  other  type  in  which  the 
forces  on  the  wing  and  on  the  fuselage  were  each 
determined  separately  in  the  presence  of  the  other. 


The  first  tests  were  those  in  which  the  fuselage  was 
attached  to  the  wing  and  the  combinations  were 
mounted  on  the  model  supports  in  the  usual  manner 
(fig.  2).  The  method  of  testing  and  the  accuracy  of 
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Figure  1.— A  diagram  of  the  various  wing  positions  with  respect  to  the  fuselage. 


Figure  2. — A  wind-tunnel  set-up  of  a  connected  wing-fuselage  combination. 


the  tests  were  the  same  as  those  of  the  usual  airfoil 
tests  (references  11  and  13).  The  characteristics 
of  both  a  high-wing  and  a  low-wing  combination  hav¬ 
ing  a  symmetrical-section  wing  were  determined  with 
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(a)  The  wing  on  the  balance.  (b)  The  fuselage  on  the  balance. 

Figure  3. —Set-ups  in  the  tunnel  for  two  typical  disconnected  combinations. 


The  forces  on  the  fuselage  in  the  presence  of  the 
wing  were  similarly  determined  by  supporting  the 
fuselage  on  the  balance  and  the  wing  independently 
from  the  tunnel  structure  (fig.  3  (b)).  The  angles  of 
attack  of  the  wing  and  of  the  fuselage  could  be  varied 
separately. 

The  characteristics  of  high-wing  and  low-wing  com¬ 
binations  having  wings  of  symmetrical  section  were 
obtained  by  testing  the  combinations  through  positive 
and  negative  angles  of  attack.  The  wing  always 
remained  in  the  center  of  the  tunnel  and  the  gap 


gap  for  each  set-up  was  checked  while  the  tunnel  was 
under  pressure  by  varying  the  angle  of  wing  setting 
until  the  models  were  in  contact  (as  shown  by  an 
electric  fouling  signal)  and  reading  the  angles  of 
attack  of  each  model.  As  the  relative  positions  of 
the  models  at  contact  were  known,  the  actual  distance 
between  the  pivot  points  of  the  wing  and  the  fuselage 
supports  could  be  determined. 

The  test  results  of  the  disconnected  combinations 
are  relatively  inaccurate  as  compared  with  the  test 
results  of  the  connected  combinations.  Because  of 
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one  set-up  by  testing  the  combination  through  the 
complete  range  of  positive  and  negative  angles  of 
attack. 

The  disconnected  combinations  were  tested  in  such 
a  manner  that  the  forces  on  one  body  while  in  the 
presence  ol  the  other  were  independently  determined. 
Only  those  combinations  in  which  the  wing  was 
entirely  outside  the  fuselage  were  tested  in  this  way. 
For  these  tests  the  wing  was  first  mounted  on  the 
balance  in  the  usual  manner  and  the  fuselage  was 
supported  from  the  roof  of  the  tunnel  on  a  single 
strut  and  independent  of  the  balance  (fig.  3  (a)). 


between  the  wing  and  fuselage  was  varied  by  varying 
the  position  of  the  fuselage.  Variations  of  the  fore- 
and-aft  position  of  the  wing  with  respect  to  the  fuselage 
were  effected  by  varying  the  position  of  the  fuselage 
support.  As  the  gap  and  the  fore-and-aft  position 
changed  slightly  with  the  angle  of  attack,  most  of 
the  tests  required  a  small  change  in  the  set-up  at  high 
angles  of  attack.  Consequently,  the  position  was 
corrected  at  angles  of  attack  of  16°  and  —16°  to  give 
the  correct  gap  and  fore-and-aft  position  and  the 
angle-of-attack  and  wing-setting  range  for  each  set-up 
suitably  chosen  to  give  the  least  position  error.  The 
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the  many  different  set-ups  necessary,  the  final  results 
lor  a  combination  are  subject  to  accumulative  errors. 
Also,  because  of  the  limitations  of  the  set-up,  correc¬ 
tions  for  position  errors  were  necessary,  which  intro¬ 
duced  errors  into  the  final  results.  The  net  interference 
was  determined  from  the  small  difference  between 
relatively  large  interacting  forces  with  resulting  limi¬ 
tations  of  the  accuracy.  The  interference  of  the 
supports  on  the  models  also  introduced  a  small  source 
of  error.  A  comparison  between  the  test  results  of  a 
connected  combination  having  a  moderate  gap  and 
having  the  fuselage  attached  to  the  wing  by  means  of  a 
small  thin  plate  and  those  of  a  similar  disconnected 
combination  indicates  that,  at  minimum  drag,  the 
disconnected  combination  gives  a  value  of  the  drag 
coefficient  about  6.7  percent  low  and,  at  a  moderately 
high  lift,  gives  a  value  of  the  lift  coefficient  about 
1.7  percent  low. 

Tests  of  the  wings  alone  were  made  in  the  standard 
manner.  In  addition,  the  wings  were  tested  alone 
with  double  stings  placed  directly  behind  the  support 
struts  for  use  with  the  results  from  tests  of  the  dis¬ 
connected  combinations.  The  fuselages  were  tested 
alone  with  several  different  mountings.  The  accu¬ 
racy  of  these  test  results  is  believed  to  be  the  same  as 
that  of  the  standard  wing  tests  (reference  11). 

RESULTS 

METHODS  OF  ANALYSIS  AND  PRESENTATION 

Some  discussion  of  the  presentation  and  analysis  of 
the  data  is  advisable  owing  to  the  somewhat  unusual 
methods  employed.  Entirely  satisfactory  methods 
arc  very  difficult,  if  not  impossible,  for  such  extensive 
test  results  involving  so  many  aspects  of  the  data  to 
be  considered.  In  the  discussion,  a  part  of  the  data 
is  presented  graphically  in  order  to  bring  out  the 
effects  of  some  of  the  factors  that  influence  the  inter¬ 
ference  but  a  more  compact  tabular  form  has  been 
adopted  for  the  bulk  of  the  data.  Such  data  are 
presented  in  tables  III  and  IV  for  all  the  combinations 
investigated. 

Table  V  summarizes  the  principal  characteristics  of 
all  the  combinations  and  together  with  table  II, 
which  gives  the  characteristics  of  the  fuselages  alone, 
includes  the  most  important  results  and  all  the  data 
necessary  to  supplement  those  presented  graphically 
with  the  discussion.  Unless  detailed  applications  of 
some  of  the  data  are  contemplated,  the  reader  may 
disregard  the  following  paragraphs  explaining  the 
presentation  of  the  tabular  data  and  continue  with 
the  later  section:  Principal  Characteristics  of  Com¬ 
binations. 

Various  methods  of  presentation  for  the  bulk  of 
the  tabular  data  were  considered  using  either  the  lift 
or  the  angle  of  attack  as  the  independent  variable. 
Several  methods  of  tabulating  the  interference  values 


were  also  considered.  The  method  finally  adopted 
does  not  indicate  the  interference  directly  but  rather 
the  amounts  bv  which  the  characteristics  of  the  wing 
are  altered  by  the  presence  of  the  fuselage  in  the 
combination. 

Unless  comparisons  are  made  in  such  a  manner 
that  the  total  lifts  of  the  combinations  are  equal, 
drag  differences  may  be  misleading  owing  to  the 
inclusion  of  unequal  components  of  unavoidable 
induced  drag.  For  example,  two  combinations  might 
be  compared  at  equal  angles  of  attack  but  the  inter¬ 
ference  might  increase  the  lift  of  one  combination  and 
decrease  that  of  the  other.  As  the  result  of  a  finite 
span,  a  larger  unavoidable  induced-drag  component 
is  included  in  the  total  drag  of  the  combination  having 
the  higher  lift  so  that  it  may  show  the  higher  drag 
even  though  the  actual  drag  associated  with  the 
interference  may  be  less  than  that  of  the  other 
combination. 

In  order  to  avoid  misleading  comparisons  owing  to 
the  inclusion  of  different  unavoidable  components  of 
induced  drag,  drag  values  for  comparison  are  given 
by  means  of  an  effective  profile-drag  coefficient  CD(. 
The  effective  profile-drag  coefficient  is  the  difference 
between  the  total  drag  coefficient  and  the  minimum 
induced-drag  coefficient  associated  with  the  lift  and 
span  of  the  airfoil,  i.  e.,  the  induced-drag  coefficient 
Cl/ttA  corresponding  to  the  elliptical  load  distri¬ 
bution.  Effective  profile-drag  coefficients  thus  elimi¬ 
nate,  for  purposes  of  comparison,  any  necessary 
induced-drag  differences  but  include  drag  components 
due  to  changes  in  induced  drag  as  the  result  of  inter¬ 
ference. 

The  use  of  the  effective  profile-drag  coefficient  thus 
permits  the  use  of  the  angle  of  attack  as  the  independent 
variable. 

The  character  of  the  interference  is  then  indicated 
most  clearly  by  considering  changes  in  the  lift,  drag, 
and  pitching  moment  while  the  attitude  remains  un¬ 
changed.  Characteristics  of  the  wings  alone,  the  fuse¬ 
lages  alone,  and  the  combinations  (or  data  from  which 
the  characteristics  of  the  combinations  can  be  obtained) 
are  consequently  presented  at  certain  angles  of  attack. 
Interference  values  for  the  combinations  arc,  in  general, 
not  directly  tabulated  but  may  be  readily  obtained 
from  the  data  given.  Considering,  for  example,  only 
the  single  characteristic,  drag,  the  bulk  of  the  data  for 
the  combinations  is  presented  by  giving  the  “drag 
and  interference”  of  the  fuselage.  The  values  thus 
give  directly  any  increase  in  the  drag  over  that  of  the 
wing  alone  due  to  the  presence  of  the  fuselage  in  the 
combination.  From  these  values  the  interference  drag 
is  found  by  deducting  the  drag  of  the  fuselage  alone, 
or  the  drag  of  the  combination  is  found  by  adding  the 
drag  of  the  wing  alone. 
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TABULAR  PRESENTATION 

Experimental  Data. — Table  I  gives  the  lift  and  drag 
coefficients  and  the  pitching-moment  coefficient  meas¬ 
ured  about  the  quarter-chord  axis  for  the  four  airfoils 
used  in  this  investigation.  The  characteristics  of  the 
symmetrical  airfoils  are  given  at  angles  of  attack  of 
0°,  4°,  and  12°  and  those  of  the  cambered  airfoil, 
which  has  an  angle  of  zero  lift  of  approximately  —4°, 
are  given  at  —4°,  0°,  and  8°.  The  first  two  angles  of 
attack  represent  the  high-speed  range  and  the  third 
represents  a  high-angle-of-attack  condition.  The  coef¬ 
ficients  are  based  on  a  wing  area  of  150  square  inches 


Table  II  gives  the  aerodynamic  characteristics  of 
the  fuselage  models.  The  coefficients  are  all  based  on 
the  original  wing  area  and  chord;  the  pitching  moment 
coefficient  Cvlp  is  taken  about  a  point  on  the  fuselage 
axis  one-quarter  of  the  distance  from  the  zero  station 
to  the  tail;  i.  e.,  the  quarter-chord  point  of  the  fuselage. 
The  characteristics  are  given  for  angles  of  attack  from 
0°  to  16°  at  intervals  of  4°.  As  the  fuselage  models 
are  symmetrical,  the  results  for  the  negative-angle 
range  may  be  obtained  by  changing  the  signs  of  the 
lift  and  pitching-moment  coefficients. 

Table  III  gives  the  “lift  and  interference”  &CL, 
“drag  and  interference”  ±CDg,  and  “pitching  moment 
and  interference”  of  the  fuselage  in  the  wing- 

fuselage  combinations;  that  is,  the  differences  between 
the  characteristics  of  the  combination  and  the  char¬ 
acteristics  of  the  wing  alone.  These  results  are  given 
for  two  angles  of  attack  representing  the  high-speed 
range  and  for  one  representing  a  high-angle-of-attack 
condition.  This  table  includes  the  data  from  the 
tests  of  the  disconnected  combinations,  which  are 
discussed  and  presented  in  a  more  complete  form  in 
the  following  paragraphs. 

Table  IV  gives  the  results  of  tests  of  the  disconnected 
combinations  in  which  the  forces  on  the  wing  and  on 
the  fuselage  were  each  measured.  In  order  to  eliminate 
tare  tests  and  to  obtain  more  consistent  results  than 
was  believed  possible  otherwise,  a  unique  method  of 
deriving  the  final  results  was  employed.  From  the 
test  results  of  the  wing  in  the  presence  of  the  inde¬ 
pendently  supported  fuselage  were  deducted  the  test 
results  of  the  wing  alone  for  the  same  set-up  without 
the  fuselage  in  place.  (See  section  describing  tests.) 
These  differences  of  the  lift,  pitching  moment,  and 
total  drag  were  then  added,  after  correction  for  the 
change  of  the  relative  position  with  angle  of  attack, 
to  the  standard  characteristics  of  the  wing.  The 
results  obtained  in  this  manner  represent  the  charac¬ 
teristics  of  the  wing  in  the  presence  of  the  fuselage. 
In  order  to  obtain  the  desired  drag  values,  the  induced 
drag  was  deducted  from  the  drag  of  the  wing  in  the 
presence  of  the  fuselage.  The  values  thus  obtained 


give  polar  curves,  which  in  figures  11  and  12  are 
designated  “wing  in  presence  of  fuselage.”  The  values 
given  in  table  IV  for  the  interference  on  the  wing  in 
presence  of  the  fuselage  ( bCL ,  and  Wmc ,t)  were 

obtained  as  the  differences  between  the  characteristics 
of  the  wing  in  the  presence  of  the  fuselage  and  the 
characteristics  of  the  wing  alone  after  the  induced 
drag  had  been  deducted.  These  values  are  represented 
for  the  lift  and  the  drag  by  the  dashed  lines  of  figures 
1 1  and  12  joining  test  points  at  equal  angles  of  attack  of 
the  “wing  alone”  curves  and  the  “wing  in  presence 
of  fuselage”  curves. 

The  characteristics  of  the  fuselage  in  the  presence 
of  the  wing  were  obtained  by  adding  to  the  standard 
fuselage  characteristics  the  differences  between  the 
characteristics  of  the  fuselage  measured  with  and 
without  the  wing  in  place  after  correcting  for  position 
errors.  The  characteristics  so  obtained  were  added  to 
the  lift,  moment,  and  the  total  drag  of  the  wing  in 
the  presence  of  the  fuselage.  The  total  drag  was 
then  reduced  by  deducting  the  induced  drag  corre¬ 
sponding  to  the  sum  of  the  lift  values.  The  resulting 
values  are  the  characteristics  of  the  wing-fuselage 
combination.  These  values  are  represented  for  typical 
combinations  in  figures  11  and  12  as  the  curves  desig¬ 
nated  “wing-fuselage  combination.”  The  values  given 
in  table  IV  for  the  characteristics  of  the  fuselage  in 
presence  of  the  wing  (CL,  CDg,  and  Chc/1)  were  obtained 
as  the  differences  between  the  characteristics  of  the 
wing-fuselage  combination  and  the  characteristics  of 
the  wing  in  the  presence  of  the  fuselage  after  deducting 
the  induced  drag  from  the  corresponding  total  drags. 
These  values  are  represented  for  the  lift  and  drag  by 
the  dashed  lines  of  figures  11  and  12  joining  test  points 
at  equal  angles  of  attack  of  the  “wing-fuselage  combi¬ 
nation”  curves  and  the  “wing  in  presence  of  fuselage” 
curves. 

Principal  Characteristics  of  Combinations. — Table  V 
gives  the  principal  aerodynamic  characteristics  of  all 
the  combinations  tested.  The  characteristics  of  the 
wings  alone  are  also  included.  The  geometric  char¬ 
acteristics  are  given  in  diagrams  that,  together  with 
the  tabular  data  and  the  photographs  of  certain 
combinations  (figs.  24  to  36,  following  the  table),  give 
all  the  information  usually  required.  Those  com¬ 
binations  differing  only  in  respect  to  the  angle  of  wing 
setting  are  represented  by  a  single  diagram  in  which 
the  wing  positions  for  the  maximum  incidence  range 
are  indicated  by  dashed  lines.  The  first  three  col¬ 
umns  of  the  table  give  the  diagrams  representing  the 
combinations,  the  combination  numbers,  and  perti¬ 
nent  remarks.  The  next  three  columns  give  the 
geometric  relations  of  the  wing  and  fuselage.  The 
values  d[c  and  kfc  represent  the  longitudinal  and 
vertical  displacements,  respectively,  of  the  wing 
quarter-chord  axis  measured  positive  ahead  of  and 
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above  the  quarter-chord  point  of  the  fuselage,  and  iw 
is  the  angle  of  wing  setting. 

The  following  important  characteristics  are  pre¬ 
sented  by  the  last  nine  columns  employing  standard 
nondimensional  coefficients  based  on  the  original  wing 
areas  of  150  square  inches: 

Lift-curve  slope,  a. 

Airplane  efficiency  factor,  e. 

Minimum  effective  profile-drag  coefficient, 

C^De  .  ■ 

min 

Optimum  lift  coefficient,  Cl0  t. 

Aerodynamic-center  position,  nQ. 

Pitching-moment  coefficient  at  zero  lift,  CmQ. 

Lift  coefficient  at  the  interference  burble,  CL.h. 

Maximum  lift  coefficient,  CL  for  an  effective 

R.  N.  of  7,500,000. 

Maximum  lift  coefficient,  CL  for  an  effective 

7  in  ax 

R.  N.  of  3,400,000. 

The  lift-curve  slope  a  was  determined  in  the  high¬ 
speed,  or  low-lift-coefficient,  range.  The  values  repre¬ 
sent  change  in  lift  coefficient  per  degree  for  an  airplane 
having  a  wing  of  aspect  ratio  6.86.  This  value  of  the 
aspect  ratio  differs  from  the  actual  value  for  the  models 
used  because  the  lift  results  are  not  otherwise  corrected 
for  tunnel-wall  interference. 

The  airplane,  or  span,  efficiency  factor  e  is  an 
empirical  factor  introduced  by  Oswald  (reference  14). 
The  reciprocal  of  the  number  represents  a  factor  by 
which  the  minimum  induced-drag  coefficient  Cl2/tA 
is  increased  to  leave  a  reasonably  constant  residual 
drag  coefficient  over  the  normal  working  range  of  the 
lift  coefficient.  The  factor  was  determined  from  the 
portion  of  the  drag  curve  between  CL  —  0.2  and  CL~  1.0 
unless  the  interference  burble  occurred  in  this  lift- 
coefficient  range,  in  which  case  only  the  portion  of  the 
curve  below*  the  interference  burble  was  considered. 
The  method  should  therefore  be  used  only  for  the 
approximate  determination  of  drag  coefficients  cor¬ 
responding  to  lift  coefficients  below'  the  interference 
burble  unless  the  interference  burble  is  of  the  type 
designated  "type  C”  in  the  CL.h  column  of  table  V. 

The  minimum  value  of  the  effective  profile-drag 
coefficient  CDg  represents  the  drag  remaining  after 
deducting  the  minimum  induced  drag,  that  is,  the 
minimum  induced  drag  that  may  be  associated  with 
the  given  lift  and  span.  The  effective  profile  drag 
therefore  provides  an  ideal  means  of  comparison  as  it 
includes  with  the  actual  profile  drag  and  parasite 
drag  any  unnecessary  induced  drag  associated  with 
interference  or  a  departure  from  the  ideal  span  load 
distribution  but,  at  the  same  time,  eliminates  from 
the  comparison  the  unavoidable  effects  of  the  lift  on 
the  drag. 


The  optimum  lift  coefficient  CLgpl  is  the  lift  coef¬ 
ficient  corresponding  to  the  minimum  effective  profile- 
drag  coefficient. 

The  aerodynamic-center  position  is  represented  by 
values  7?o  indicating  approximately  its  fore-and-aft 
position  expressed  as  a  fraction  of  the  wing  chord 
forward  of  the  quarter-chord  axis  of  the  wing.  Each 
value  is  actually  the  slope  of  the  curve  of  pitching- 
moment  coefficient  against  lift  coefficient  at  zero  lift. 

The  pitching-moment  coefficient  at  zero  lift  Cm 0  is 
measured  about  the  quarter-chord  axis  of  the  wing  and 
is  based  on  the  original  wing  area  and  chord. 

The  lift  cofficient  at  the  interference  burble  CV  is 

10 

the  value  of  the  lift  coefficient  beyond  which  the  air 
flow  has  a  tendency  to  break  down  as  indicated  by  an 
abnormal  increase  in  the  drag. 

The  maximum  lift  coefficient  CL  is  given  for  two 
different  values  of  the  effective  Reynolds  Number. 
The  effective  Reynolds  Number  is  obtained  from  the 
actual  test  Reynolds  Number  by  the  application  of  a 
factor  to  allow'  for  the  effects  of  turbulence  present 
in  the  tunnel.  Comparative  tests  indicate  that  at 
the  effective  Reynolds  Number,  maximum-lift  results 
from  the  tunnel  tend  to  agree  with  those  in  flight. 
(See  references  15  and  16.)  The  value  of  the  turbu¬ 
lence  factor  used  throughout  this  report  was  taken 
from  reference  15  as  2.4. 

DISCUSSION 

For  many  applications  of  these  results,  a  direct 
examination  of  the  tabular  data  will  undoubtedly 
yield  more  useful  information  than  the  following 
general  discussion.  The  data  presented  in  table  V  are 
particularly  valuable  in  this  connection  because  sig¬ 
nificant  parameters  representing  the  important  char¬ 
acteristics  as  single  values  are  tabulated  for  all  the 
combinations  investigated,  thus  affording  a  means  of 
comparing  various  combinations.  In  the  following 
discussion,  however,  the  general  variations  are  con¬ 
sidered  and  discussed  in  relation  to  the  cause  of  the 
interference  and  the  significance  of  the  results.  Some 
of  the  data  are  presented  graphically  to  supplement 
the  discussion. 

The  interference  is  first  considered  in  relation  to  all 
the  characteristics  of  certain  typical  wing-fuselage 
combinations  in  order  to  point  out  in  a  general  way 
the  nature  of  the  various  interference  effects  that  may 
be  present  in  all  the  combinations.  The  discussion 
that  follows  is  then  subdivided  considering:  First,  the 
drag  as  affected  by  the  interference  when  the  various 
geometric  characteristics  of  the  combinations  are 
changed;  second,  the  moment  as  affected  by  the  inter¬ 
ference;  and  finally,  the  maximum-lift  characteristics 
as  affected  by  the  interference. 


INTERFERENCE  OF  WING  AND  FUSELAGE 


579 


GENERAL  CHARACTER  OF  INTERFERENCE  FOR  TYPICAL 
COMBINATIONS 

Mid  Wing. — The  simplest  combination  investigated, 
the  symmetrical-section  wing  combined  at  zero  inci¬ 
dence  in  the  midposition  with  the  round-section  fuse¬ 
lage,  will  be  first  considered.  The  characteristics  of 
this  combination  are  presented  in  figure  4  as  coeffi¬ 
cients  plotted  against  the  angle  of  attack.  The  lift 
and  pitching  moment  of  the  combination  are,  of 
course,  zero  at  zero  angle  of  attack  because  the  whole 
combination  is  symmetrical  about  the  plane  of  the 
airfoil  chords.  The  difference  between  the  drag 
curves  indicates  the  “drag  and  interference”  of  the 
fuselage. 


Figure  4. — Aerodynamic  characteristics  of  a  typical  mid-wing  combination. 


Expressed  as  a  coefficient  the  drag  and  interference 
of  the  fuselage  under  these  conditions  may  be  taken 
directly  from  figure  4  as  being  0.0035.  The  drag  of 
the  fuselage  when  tested  alone  is  found  from  table  II 
to  be  0.0041.  A  comparison  of  this  value  with  the 
drag  and  interference  indicates  that  the  interference  is 
favorable  and  is  represented  by  the  coefficient  0.0006. 
The  favorable  interference  in  this  case  is  the  result  of 
eliminating  the  drag  of  that  portion  of  the  wing  en¬ 
closed  within  the  fuselage  which,  expressed  as  a  coeffi¬ 
cient,  would  amount  to  approximately  0.0009.  After 
allowing  for  this  interference  effect,  a  small  (0.0003) 
residua]  adverse  interference  remains  that  may  be 


attributed  to  “boundary  interference.”  Boundary 
interference  applies  to  that  part  of  the  interference 
associated  with  the  combination  of  the  wing  and 
fuselage  boundary  layers  near  the  wing-fuselage 
junctures.  The  boundary  interference  for  the  type 
of  juncture  here  considered  is  of  the  same  nature  as 
that  for  a  perpendicular  flat  plate  at  the  midspan 
section  as  investigated  earlier  (reference  8),  the  wing 
in  both  cases  projecting  perpendicularly  from  a.  surface 
along  which  only  small  pressure  gradients  exist  when 
the  wing  is  absent.  As  might  be  expected,  the 
boundary -interference  drag  coefficient  is  about  the 
same  in  either  case. 

In  regard  to  the  favorable  interference  drag  coeffi¬ 
cient  shown  as  resulting  from  the  enclosure  of  a  part 
of  the  wing  in  the  fuselage,  it  might  be  argued  that 
the  favorable  drag  increment  results  from  the  use  of 
too  large  a  wing  area  in  deriving  the  drag  coefficient 
of  the  combination  rather  than  from  any  real  favor¬ 
able  interference  and  that  no  favorable  interference 
drag  would  have  been  indicated  if  the  actual  exposed 
wing  area  had  been  employed.  The  wing  area  con¬ 
sistently  employed  throughout  this  report  is,  however, 
the  N.  A.  C.  A.  standard  wing  area  which  includes, 
and  properly  so,  the  area  of  the  part  of  the  wing 
that  should  be  considered  as  enclosed  by  the  fuselage. 
The  favorable  interference  drag  that  results,  although 
easily  explained,  is  none  the  less  real.  As  indicated 
by  the  subsequent  discussion,  a  consideration  of  the 
interference  on  the  basis  of  exposed  wing  area  leads 
to  difficulties  in  relation  to  the  lift  and  induced  drag 
and  may  lead  to  an  analysis,  such  as  that  of  refer¬ 
ence  7,  charging  the  mid-wing  position  with  adverse 
interference. 

Consider  now  the  characteristics  of  the  combination 
as  the  angle  of  attack  is  increased,  remembering  that 
the  coefficients  are  based  on  an  area  including  the  area 
of  that  part  of  the  wing  inside  the  fuselage.  If  this 
portion  of  the  wing  were  considered  as  ineffective  in 
producing  lift  as  it  is  in  producing  drag,  a  lift  co¬ 
efficient  from  the  wing,  at  12°  for  example,  of  only 
0.816  or  less  would  be  expected.  This  lift  coefficient 
added  to  the  value  of  0.011,  the  lift  coefficient  of  the 
fuselage  at  12°,  gives  0.827  as  the  sum  of  the  wing 
and  fuselage  lift  coefficients;  whereas  the  lift  coeffi¬ 
cient  of  the  combination  is  actually  0.960.  A  com¬ 
parison  of  the  lift-curve  slope  of  the  combination 
with  that  of  the  wing  alone  indicates  that  the  portion 
of  the  wing  replaced  by  the  fuselage  may  be  even  more 
effective  than  the  original  portion  of  the  wing  in  pro¬ 
ducing  lift.  A  comparison  of  the  corresponding  effec¬ 
tive  profile-drag  curves  shows,  moreover,  that  the 
drag  of  the  combination  varies  with  angle  of  attack 
in  much  the  same  way  as  that  of  the  wing  alone  except 
that  the  results  indicate  the  presence  of  a  small 
boundary-interference  drag  increasing  with  angle  of 
attack,  as  would  be  expected  from  the  results  of 
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reference  8.  Thus,  with  respect  to  the  lift  and  induced 
drag,  the  combination  behaves  as  though  the  entire 
wing  were  exposed  to  the  air  stream  with  the  addition 
of  lift  and  drag  components  due  to  the  presence  of 
the  fuselage.  This  behavior  continues  until  the 
conditions  of  the  “interference  burble”  are  reached. 

For  the  combination  under  consideration,  the  inter¬ 
ference  burble  occurs  at  an  angle  of  attack  of  just 
above  12°,  as  indicated  by  an  abrupt  reduction  in  lift- 
curve  slope  and  an  increase  of  the  effective  profile- 
drag  coefficient.  These  conditions  must  correspond 
to  an  incomplete  flow  breakdown  occurring  before 
the  more  complete  breakdown  that  determines  the 
maximum  lift.  The  nature  of  the  flow  breakdown 
associated  with  the  interference  burble  is  not  well 
understood  and  the  subject  deserves  further  investi¬ 
gation.  It  must,  however,  correspond  to  the  failure 
of  the  lift  distribution  to  be  maintained  across  the 
central-span  portion  occupied  by  the  fuselage  as  it  was 
maintained,  substantially  the  same  as  for  the  normal 
wing,  before  the  onset  of  the  flow  breakdown. 

Although,  as  previously  stated,  the  mechanism  of 
the  flow  breakdown  is  not  well  understood,  some  light 
is  shed  on  the  subject  by  studying  the  behavior  of 
the  aerodynamic  characteristics  for  various  combi¬ 
nations  with  different  wings  in  different  positions  with 
and  without  juncture  fillets  and  with  other  fuselage 
shapes.  For  example,  the  occurrence  of  the  present 
type  of  interference  burble  is  abrupt;  the  lift  continues 
to  increase  beyond  the  burble  point  but  with  a  reduced 
slope;  the  burble  point  is  not  markedly  affected  by 
filleting  this  juncture,  or  by  changing  the  incidence, 
but  is  affected  by  changing  the  wing  section,  the  fuse¬ 
lage  shape,  or  the  fore-and-aft  position  of  the  wing  on 
the  fuselage.  From  these  and  other  considerations,  a 
reasonably  satisfactory  picture  of  the  mechanism  of 
the  flow  breakdown  may  be  inferred. 

For  the  combination  here  considered,  the  initial 
flow  breakdown  probably  originates  near  the  leading 
edge  of  the  wing  on  either  side  of  the  fuselage.  With 
the  type  of  airfoil  section  used  with  this  combination, 
typical  of  slightly  cambered  sections  showing  an 
abrupt  change  of  flow  at  maximum  lift,  the  flow  break¬ 
down  is  associated  with  a  separation  of  the  flow  near 
the  leading  edge  as  the  result  of  an  accumulation  of 
dead  air  just  behind  the  separation  point.  Where 
the  wing  enters  the  fuselage  this  accumulation  of 
reduced-energy  air  in  the  low-pressure  region  on  the 
wing  surface  is  undoubtedly  augmented  by  the  prox¬ 
imity  of  the  fuselage  surface.  Reduced-energy  air 
from  the  fuselage  boundary  layer  is  drawn  in  by  the 
low  pressures  prevailing  on  the  upper  surface  of  the 
wing  in  this  region.  These  conditions  obviously 
tend  to  produce  a  premature  stall  of  the  sections 
adjacent  to  the  fuselage  but  such  a  stall  of  so  limited 
a  portion  of  the  wing  is  not  sufficient,  in  itself,  to 
produce  the  abrupt  and  drastic  changes  in  the  net 


aerodynamic  characteristics  actually  observed  in 
figure  4.  The  flow  breakdown  once  started,  however, 
tends  to  aggravate  itself  and  probably  is  further 
aggravated  by  the  presence  of  the  fuselage  so  that  it 
rapidly  increases  in  extent  until  it  covers  the  entire 
central  portion  of  the  wing.  In  order  to  form  an 
adequate  picture  of  this  subsequent  spreading  of  the 
initial  flow  breakdown,  it  is  necessary  to  consider  the 
lift  distribution  across  the  span. 

Consider  the  spanwise  lift  distribution  as  affected 
by  a  discontinuity  in  the  plan  form  of  the  wing  as, 
for  example,  a  sudden  increase  in  the  chord.  Such 
a  discontinuity  occurring  in  the  plan  form  does  not 
produce  a  corresponding  discontinuity  in  the  load¬ 
grading  curve,  although  the  lift  does  increase  over 
the  portion  of  the  wing  having  the  increased  chord. 
The  interference  between  the  various  sections  of  the 
wing  acts  so  to  modify  the  angle  of  attack  of  the 
sections  that  abrupt  changes  in  the  lift  grading  do 
not  occur,  the  short-cliord  portions  building  up  angle 
of  attack  and  lift  toward  the  discontinuity  and  the 
long-chord  portions  losing  angle  of  attack  and  lift 
toward  the  discontinuity.  These  effects  may  be 
considered  as  the  result  of  the  vortices  that  are  shed 
between  sections  when  the  lift  changes  between  the 
sections.  (See  references  2  and  12.) 

For  the  present  purpose  it  is  sufficient  to  note  that 
the  interference  between  sections  acts  so  to  affect  the 
angle-of-attack  distribution  that  variations  in  the 
spanwise  lift  distribution  tend  to  be  equalized.  Hence, 
when  a  wing  is  combined  with  a  fuselage  as  in  the 
mid-wing  combination  under  consideration,  the  lift 
grading  across  the  portion  of  the  span  occupied  by  the 
fuselage  will  tend  to  be  maintained.  Although  the 
fuselage  when  tested  alone  is  found  to  be  incapable  of 
maintaining  much  lift,  owing  to  its  very  low  aspect 
ratio,  when  combined  with  the  wing  it  is  able  to  do 
so.  The  general  regions  of  low  and  high  pressures 
above  and  below  the  wing  carry  across  above  and 
below  the  fuselage.  Although  these  pressures  acting 
on  the  fuselage  are  less  than  those  acting  on  the  wing 
surface,  the  increased  chord  of  the  fuselage  as  com¬ 
pared  with  that  of  the  wing  allows  a  lift  to  be  de¬ 
veloped  over  the  portion  of  the  span  occupied  by  the 
fuselage.  In  fact,  the  high  lift-curve  slope  of  the 
combination  indicates  that  the  fuselage  is  carrying 
an  excess  of  lift  as  compared  with  the  portion  of 
the  wing  which  it  replaces.  The  interference  conse¬ 
quently  acts  to  increase  the  angle  of  attack  of  ad¬ 
joining  sections  of  the  wing  in  order  to  equalize  the 
load  grading,  thus  tending  further  to  overload  the 
airfoil  sections  adjacent  to  the  fuselage.  Their  pre¬ 
mature  stall  owing  to  boundary  interference  is  thus 
hastened  and,  when  it  occurs,  the  resulting  loss  of 
lift  tends  further  to  increase  the  angle  of  attack.  In 
this  way  the  condition  aggravates  itself  and  spreads 
until  the  low-pressure  region  no  longer  exists  over  the 
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fuselage.  The  fuselage  and  the  adjoining  sections  of 
the  wing  have  then  lost  most  of  their  lift  and  the  rest 
of  the  wing  behaves  much  like  two  wings  of  reduced 
aspect  ratio  with  a  gap  between. 

The  maximum  lift  of  the  combination  is,  of  course, 
lower  than  that  of  the  wing  alone  as  the  result  of  the 
interference  burble  and  the  resulting  loss  of  lift  over 
the  central  portion  of  the  wing.  The  maximum-lift 
burble,  however,  occurs  independently  of  the  interfer¬ 
ence  burble  and  at  a  higher  angle  of  attack  corre¬ 
sponding  approximately  to  the  angle  of  maximum  lift 
for  the  wing  alone. 


Figure  5. — Aerodynamic  characteristics  of  a  typical  high-wing  combination. 


In  regard  to  the  pitching  moment,  the  curves  of 
Cm  in  figure  4  indicate  that  the  aerodynamic  center 
of  the  combination  tends  to  be  farther  forward  than 
that  of  the  wing  alone.  The  fore-and-aft  position  of 
the  wing  in  this  instance  is  such  that  the  quarter- 
chord  points  of  the  wing  and  fuselage  coincide.  A 
streamline  body  of  revolution,  such  as  the  round  fuse¬ 
lage,  does  not  have  an  approximately  constant  aero¬ 
dynamic  center  position  as  does  a  wing.  The  effect 
of  combining  such  a  body  with  a  wing,  aside  from  any 
interference  effect,  is  to  cause  the  pitching-moment 
curve  to  become  sloped.  Even  though  the  combi¬ 
nation  cannot  strictly  be  regarded  as  having  an  aero¬ 
dynamic  center,  the  position  indicated  by  the  moment- 
curve  slope  at  zero  lift  is  about  3  percent  of  the  chord 


farther  forward  than  for  the  wing  alone.  At  lift 
coefficients  below  that  of  the  interference  burble  the 
pitching-moment  interference  is  usually  small  so  that 
effects  like  those  just  discussed  may  be  approximately 
predicted  by  adding  the  fuselage  and  wing  moments. 
The  changes  of  the  pitching-moment  coefficient  that 
accompany  the  occurrence  of  the  interference  burble 
are  of  the  same  nature  as  those  that  accompany  the 
maximum-lift  burble  of  the  plain  airfoil  but  are  more 
or  less  marked  depending  on  the  character  of  the 
interference  burble. 
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Figure  6. — Aerodynamic  characteristics  of  a  typical  disconnected  high-wing 
(parasol)  combination. 

High  Wing. — The  high-wing  combination,  the  char¬ 
acteristics  of  which  are  shown  in  figure  5,  will  next  be 
considered.  It  will  be  noted  that  the  values  of  the 
lift  and  pitching-moment  coefficients  are  still  nearly 
zero  at  zero  angle  of  attack  and  that  the  lift-curve 
slope,  while  remaining  higher  than  that  of  the  wing 
alone,  is  lower  than  that  of  the  mid-wing  combination. 

I  7 

The  minimum  coefficient  representing  the  drag  and 
interference  of  the  fuselage  is  0.0050,  indicating  an 
adverse  interference  drag  that  is  smallest  at  a  small 
positive  angle  of  attack.  The  interference  drag  in¬ 
creases  slowly  as  the  angle  of  attack  is  increased  but 
none  of  the  characteristic  curves  show  indications  of 
an  interference  burble.  The  maximum  lift  is  approxi¬ 
mately  the  same  as  that  of  the  wing  alone.  At  very 
low  and  at  negative  angles  of  attack  the  drag  and 
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interference  increases  so  rapidly  toward  larger  negative 
angles  that  the  condition  might  be  referred  to  as  a 
“negative  interference  burble.”  For  certain  high-wing 
combinations  having  very  unsatisfactory  forms  of  the 
wing-fuselage  juncture  this  drag  increase,  or  negative 
interference  burble,  may  begin  well  to  the  right  on  the 
plot.  In  such  cases  the  drag  coefficient  may  be 
adversely  affected  within  the  high-speed  range  of  the 
lift  coefficient. 

Disconnected  High  Wing. — The  results  for  a  discon¬ 
nected  high-wing,  or  parasol,  combination  are  pre¬ 
sented  in  figure  6.  The  characteristics  of  this  combi¬ 
nation  are  much  like  those  of  the  connected  high- wing 


Figure  7.— Aerodynamic  characteristics  of  a  typical  disconnected  low-wing 

combination. 


that,  in  general,  such  mutual  interference  effects,  al¬ 
though  large,  are  of  the  nature  of  an  interacting  force 
between  the  wing  and  fuselage  such  as  would  result 
from  a  reduced  pressure  region  between  them.  As 
the  increments  on  the  wing  and  fuselage  therefore  tend 
to  be  equal  and  opposite,  the  net  interference  is  little 
affected.  Such  mutual  interference  is  of  importance 
in  regard  to  the  structural  design  of  the  components 
and  their  connecting  members,  however,  because  it 
affects  the  air  loads  and  their  distribution  on  each 
part. 

Disconnected  Low  Wing. — The  effects  just  considered 
are  further  brought  out  by  the  characteristics  of  the 


Figure  8. — Aerodynamic  characteristics  of  a  typical  unsatisfactory  low-wing 

combination. 


combinations,  except  that  the  drag  and  interference  of 
the  fuselage  is  less.  In  figure  6  it  has  been  possible, 
however,  to  indicate  the  characteristics  of  the  wing  in 
the  presence  of  the  fuselage  because  tests  of  the  wing 
and  fuselage  were  each  made  separately  in  the  presence 
of  the  other  for  the  separated  positions.  The  wing  in 
the  presence  of  the  fuselage  is  shown  to  have  much 
lower  effective  profile-drag  coefficients  than  the  wing 
alone.  This  result  has  an  important  bearing  on  in¬ 
vestigations  of  airfoil  characteristics  in  flight  by  means 
of  force-measuring  devices  in  the  fuselage,  in  which  case 
such  interference  effects  are  so  large  that  the  measured 
drags  are  of  little  value.  An  examination  of  the  test 
results  for  the  disconnected  combinations  indicates 


disconnected  low-wing  combination  presented  in  figure 
7.  The  effects  of  the  low-pressure  region  between  the 
wing  and  fuselage  are  evidenced  by  the  increased  lift 
of  the  wing  in  the  presence  of  the  fuselage  as  com¬ 
pared  with  the  lift  of  the  combination  and  the  increased 
drag  of  the  wing  in  the  presence  of  the  fuselage.  In 
this  instance,  however,  the  net  drag  and  interference 
is  excessive,  indicating  the  presence  of  some  adverse 
interference  drag,  although  there  are  no  evidences  of 
an  interference  burble. 

Unsatisfactory  Low  Wing. — The  characteristics  of  a 
very  unsatisfactory  type  of  low-wing  combination  are 
represented  in  figure  8.  Here  the  interference  burble 
occurs  before  zero  lift  although  it  is  not  of  the  abrupt 
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type  occurring  with  the  mid-wing  combination.  This 
type  of  interference  burble  is  particularly  objection¬ 
able  because  the  drag  is  increased  in  the  high-speed 
range  of  the  lift  coefficient.  The  drag  continues  to 
increase  at  higher  lift  coefficients  as  represented  by 
the  low  value  of  the  airplane,  or  span,  efficiency  factor 
for  this  combination  (e  —  0.50  from  table  V).  The  low 
value  of  e  indicates  a  reduced  effective  span  and  an 
increased  induced  drag  associated  with  a  loss  of  lift 
over  the  central  portion  in  the  neighborhood  of  the 
fuselage. 

The  character  of  this  type  of  flow  breakdown, 
having  been  discussed  elsewhere  (reference  5),  will  not 
be  considered  in  detail.  It  is  associated  with  the  poor 


form  of  the  air  spaces  at  the  wing-fuselage  juncture 
and  can  be  avoided  by  improving  the  juncture  by 
fillets,  or  by  other  means.  A  separation  or  a  thicken¬ 
ing  of  the  turbulent  boundary  layer  occurs  as  the  air 
spaces  at  the  juncture  expand  toward  the  trailing 
edge  of  the  wing.  The  maximum  lift  coefficient  is 
little  affected,  probably  because  the  maximum  lift 
for  this  type  of  airfoil  section  is  determined  largely 
by  the  air-flow  conditions  near  the  leading  rather  than 
the  trailing  edge. 

Typical  Low  Wing. — A  more  nearly  representative 
low-wing  combination  than  the  one  just  considered  is 
represented  by  combination  67  (fig.  9)  in  which  the 
wing  is  internally  tangent  to  the  fuselage.  As  might 


be  expected,  the  characteristics  are  intermediate  be¬ 
tween  those  of  combination  72  (fig.  8)  and  those  of 
the  mid-wing  combination.  The  drag  at  very  low 
lift  coefficients  is  not  excessive.  The  interference 
burble  is  less  abrupt  than  that  of  the  mid-wing  com¬ 
bination  but  occurs  at  a  much  lower  lift  coefficient. 
The  maximum  lift  is  adversely  affected.  The  extent 
to  which  this  type  of  interference  burble  is  objectionable 
depends  on  how  it  affects  the  maximum  lift,  how 
early  the  interference  burble  occurs,  and  sometimes 
on  secondary  considerations,  such  as  any  tail  buffeting 
or  stability  difficulties  attributable  to  it. 

DRAG  AND  INTERFERENCE 

The  results  of  tests  of  a  large  number  of  combina¬ 
tions  having  the  rectangular  wing  of  symmetrical 
section  and  the  round  fuselage  are  discussed  with 
respect  to  the  effects  of  the  position  variables,  particu¬ 
larly  the  vertical  position  of  the  wing  and  the  effects 
of  fillets  and  strut  attachments.  The  results  of  a 
few  tests  of  other  combinations  having  different 
variables,  such  as  wing  and  fuselage  shape,  indicate 
the  effects  of  these  variables  on  the  characteristics 
of  combinations  having  the  wing  in  a  limited  number 
of  positions. 

Rectangular  Wing  of  Symmetrical  Section  with  Round 
Fuselage — Vertical  position. — The  variation  of  the  ver¬ 
tical  position  of  the  wing  with  respect  to  the  fuselage  is 
the  most  important  of  the  position  variables.  It  affects 
the  wing-fuselage  juncture  and  gap  and  also  the  shield¬ 
ing  of  the  central  portion  of  the  wing  by  the  fuselage. 
A  cross  plot  of  the  effective  profile-drag  coefficient  of 
the  combination  against  the  vertical  position  of  the 
wing  is  shown  in  figure  10.  The  results  are  given  for 
three  values  of  the  lift  coefficient,  two  representing  the 
high-speed  range  and  the  third  a  high -angle-of-at tack 
condition.  Reference  to  the  figure  shows  that  for  the 
higli-wing  disconnected  combinations  the  drag  and 
interference  of  the  fuselage  is  approximately  equal  to 
the  drag  of  the  fuselage  alone.  If  the  wing  is  lowered 
the  drag  and  interference  increases  greatly  and  then, 
as  the  wing  approaches  the  midposition,  decreases  to 
values  that  may  be  less  than  the  drag  of  the  fuselage 
alone.  In  the  low-wing  positions,  the  drag  and  inter¬ 
ference  becomes  very  large  as  the  wing  approaches  the 
lower  surface  of  the  fuselage  then  rapidly  decreases  for 
the  low-wing  separated  positions  in  which  the  inter¬ 
ference  is  again  small. 

The  largest  contributing  factor  to  adverse  inter¬ 
ference  is  probably  the  form  of  the  wing-fuselage 
juncture.  Whenever  the  angle  between  the  wing  and 
the  fuselage  surfaces  at  the  juncture  is  acute,  the  inter¬ 
ference  is  large  and  unfavorable,  particularly  when  the 
juncture  is  on  the  upper  surface  of  the  wing.  This 
unfavorable  interference  may  be  noted  in  figure  10, 
which  shows  large  increases  in  drag  when  the  wing 
passes  the  surfaces  of  the  round  fuselage.  The  detri¬ 
mental  effect  may  be  attributed  to  the  geometrical 
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divergence  between  the  bodies,  which  may  exceed  the 
critical  divergence  for  the  air  flow. 

For  the  wing  positions  through  the  central  portion  of 
the  fuselage,  the  wing-fuselage  combinations  of  the 
type  under  consideration  have  the  lowest  drags.  The 
position  giving  the  least  drag  appears  to  be  with  the 
wing  slightly  above  the  center  line  of  the  fuselage. 
In  the  high-speed  range  the  drag  and  interference  of 
the  fuselage  for  this  combination  is  approximately  88 
percent  of  the  minimum  fuselage  drag  and  is  still 
less  at  moderately  high  lift  coefficients.  For  the  mid¬ 


interference  becomes  large.  The  disconnected  low- 
wing  combinations  have  generally  higher  drags  than 
the  disconnected  high-wing  combinations,  but  no 
evidence  of  an  interference  burble  is  apparent  for  any 
|  of  the  disconnected  combinations  except  those  low- 
wing  combinations  having  the  wing  very  close  to  the 
fuselage.  An  important  result  shown  by  the  inter¬ 
ference  tests  of  arrangements  with  wing  and  fuselage 
disconnected  is  the  large  interference  on  each  body 
due  to  the  presence  of  the  other.  The  results  of  tests 
of  typical  high-wing  and  low-wing  combinations  with 


Figure  H).  -Variation  of  effective  profile-drag  coefficient  with  vertical  wing  position.  Rectangular  wing  of  N.  A.  C.  A.  0012  airfoil  section  and  round  fuselage;  rf/c=0;u= 0°. 


wing  position  and  for  positions  immediately  below,  the 
combinations  show  an  abrupt  interference  burble. 
The  interference  burble  is  absent  for  the  high-wing 
combinations  (table  V). 

The  separated  positions  represent  other  regions  in 
which  the  drag  and  interference  is  small.  Reference 
to  figure  10  shows  that,  with  the  exception  of  the  dis¬ 
connected  high-wing  positions  at  the  high  value  of 
the  lift,  the  wing  may  almost  touch  the  fuselage  (a 
clearance  of  approximately  0.02c)  before-  the  drag  and 


moderate  clearances  between  wing  and  fuselage  are 
shown  in  figures  11  and  12.  In  these  figures  the 
magnitude  of  the  interference  on  both  the  lift  and  the 
drag  is  indicated  by  dotted  lines  connecting  test 
points  at  the  same  angles  of  attack.  Table  IV  gives 
the  numerical  values  at  representative  angles  of  attack 
for  all  the  disconnected  combinations.  It  will  be 
noted  that,  although  the  mutual  interference  is  large, 
the  net  interference  of  a  combination  is  relatively 
small. 


Effective  profile-drag  coefficient,  Q 
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Figure  11.— Effect  of  mutual  interference  of  wing  and  fuselage  on  disconnected 

high-wing  combinations. 


Figure  12.  -Effect  of  mutual  interference  of  wing  and  fuselage  on  disconnected 
low-wing  combinations. 
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The  results  of  tests  of  the  high-wing  connected 
combinations  indicate  an  increase  in  the  drag  and 
interference  of  the  fuselage  as  the  wing  approaches 
the  fuselage  surface  and  the  angle  at  the  juncture 
becomes  acute.  The  highest  drags  result  from  the 
combination  in  which  the  lower  surface  of  the  wing  is 
tangent  to  the  surface  of  the  fuselage.  At  zero  lift 
the  drag  and  interference  of  the  fuselage  for  this 
combination  is  224  percent  of  the  minimum  fuselage 
drag  and  at  a  moderately  high  lift  is  slightly  higher. 
None  of  the  high-wing  combinations  tested  show  an 
interference  burble. 

The  low-wing  connected  combinations  have  the 
largest  drags  of  any  of  the  combinations  tested. 


Figure  13. — Characteristics  for  various  vertical  wing  positions.  Rectangular 
wing  of  N.  A.  C.  A.  0012  airfoil  section  and  round  fuselage. 

With  the  wing  in  the  low-wing  positions  the  angle 
between  the  fuselage  and  the  upper  surface  of  the 
wing  is  acute  and  the  geometrical  divergence  rapid. 
The  adverse  effects  resulting  from  placing  the  wing  on 
the  lower  portion  of  the  fuselage  are  shown  more 
completely  in  figure  13  by  the  graphical  presentation 
of  the  results  of  tests  of  some  typical  combinations. 
It  may  be  seen  that  lowering  the  wing  increases  the 
drag  in  the  high-speed  range  and  results  in  an  earlier 
occurrence  of  the  interference  burble.  As  the  wing 
approaches  the  externally  tangent  position  the  drags 
of  the  combinations  become  very  large,  even  in  the 
high-speed  range.  The  most  unfavorable  position  is 


with  the  wing  partly  contained  in  the  fuselage  (figs.  10 
and  13).  For  this  combination  the  drag  and  inter¬ 
ference  of  the  fuselage  at  zero  lift  is  the  same  as  that 
of  the  corresponding  high-wing  combination,  but  at  a 
lift  coefficient  of  1  the  drag  and  interference  of  the 
fuselage  is  1,300  percent  of  the  minimum  drag  of  the 
fuselage  alone.  Those  combinations  having  junctures 
that  result  in  large  drags  and  adverse  interference 
effects  require  filleting  to  improve  the  aerodynamic 
characteristics. 

Fore-and-aft  position. — A  complete  analysis  of  the 
effects  of  a  variation  of  the  wing  fore-and-aft  position 
cannot  be  made  from  the  available  data.  The  data 
for  the  midposition  and  two  disconnected  vertical 


Figure  14. — Characteristics  for  various  fore-and-aft  wing  positions. 

Rectangular  wing  of  N.  A.  C.  A.  0012  airfoil  section  and  round  fuselage. 

positions  indicate,  however,  that  the  variation  of  the 
fore-and-aft  position  of  the  wing  has  very  little  effect 
on  the  drag  and  interference  of  the  fuselage  except 
as  it  affects  the  occurrence  of  the  interference  burble 
of  the  mid-wing  combinations.  The  effect  of  the 
fore-and-aft  position  is  illustrated  by  the  results  of 
tests  of  combinations  having  the  rectangular  wing  of 
symmetrical  section  in  various  mid-wing  fore-and-aft 
positions  (fig.  14).  The  drag  tends  to  increase  slightly 
as  the  wing  is  moved  backward,  the  drag  and  inter¬ 
ference  of  the  fuselage  at  zero  lift  varying  from  7G 
percent  of  the  minimum  fuselage  drag  with  the  wing 
in  the  most  forward  position  to  93  percent  in  the 
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rear  position.  The  chief  effect  of  varying  the  fore- 
and-aft  position  of  the  wing  is  on  the  occurrence  of 
the  interference  burble.  The  interference  burble  does 
not  appear  when  the  wing  is  in  the  most  forward 
mid-wing  position  but  is  present  for  the  second  position 
back  and  occurs  progressively  earlier  as  the  wing  is 
moved  backward  from  this  latter  position  (fig.  14). 
In  the  region  of  the  maximum  diameter  of  the  fuselage 
large  changes  in  the  fore-and-aft  position  of  the  wing 
apparently  have  little  effect.  The  interference  burble 
is  probably  affected  principally  by  the  amount  of  the 
leading  edge  of  the  wing  contained  within  the  fuselage. 
The  most  advantageous  position  aerodynamically  is 


Figure  15. — Characteristics  for  various  angles  of  wing  setting.  Rectan¬ 
gular  wing  of  N.  A.  C.  A.  0012  airfoil  section  and  round  fuselage. 

well  forward.  This  advantageous  position  gives  the 
lowest  drags  and  a  small  moment-curve  slope  but  is 
impracticable  because  of  the  center-of-gravity  location. 

Tests  of  the  combinations  having  the  wing  in  the  sepa¬ 
rated  low-wing  and  high-wing  positions  show  no  definite 
tendencies  with  variations  of  the  fore-and-aft  position. 

Wing  setting. — The  variation  of  the  angle  of  wing 
setting  affects  the  drag  and  interference  of  the  fuselage 
chiefly  by  varying  the  attitude  of  the  fuselage  with 
respect  to  the  relative  wind  for  any  given  angle  of 
attack  of  the  combination.  The  angle  of  wing  setting 
may  also  affect  the  wing-fuselage  juncture,  particu¬ 


larly  for  the  combinations  having  the  wing  near  the 
upper  or  lower  surface  of  the  fuselage,  with  resultant 
interference  effects. 

The  effect  of  the  variation  of  the  wing  setting  is 
shown  for  a  typical  mid-wing  position  in  figure  15. 
The  chief  effect  is  on  the  lift  and  pitching  moment; 
the  effect  on  the  drag  of  the  combination  is  small 
except  as  an  increase  in  the  wing  setting  delays  the 
interference  burble. 

The  variation  of  the  wing  setting  with  other  vertical 
positions  is  most  important  for  the  higli-wing  and 
low-wing  connected  combinations  where  the  wing  is 
near  the  upper  or  lower  surfaces  of  the  fuselage. 


Figure  16.— Characteristics  for  various  fillets  on  an  unsatisfactory  low-wing 
combination.  Rectangular  wing  of  N.  A.  C.  A.  0012  airfoil  section  and  round 
fuselage. 


For  such  combinations  small  changes  of  the  wing 
setting  result  in  critical  changes  of  the  wing-fuselage 
junctures.  The  effects  of  variations  of  the  angle  of 
wing  setting  are  not,  however,  large  for  any  of  the 
positions. 

With  variation  of  incidence  other  fore-and-aft  mid¬ 
wing  positions  generally  exhibit  the  same  results  as 
those  of  the  normal  mid-wing  position.  In  the  ranges 
of  high  speed  and  moderately  high  lift  the  wing  setting 
has  slight  effect.  Increasing  the  angle  is  chiefly  effec¬ 
tive  in  delaying  the  interference  burble. 
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Fillets. — The  addition  of  fillets  to  an  unsatisfactory 
juncture  reduces  the  drag  and  adverse  interference  of 
the  fuselage  by  reducing  the  divergence  and  the  com¬ 
bined  adverse  pressure  gradients  of  the  two  bodies  at 
the  juncture.  Fillets  may  also  reduce  the  skin  fric¬ 
tion  by  reducing  the  wetted  area  at  the  juncture.  An 
extensive  investigation  of  various  fillets  is  impracti¬ 
cable  because  specific  applications  will  usually  require 
individual  designs.  The  favorable  use  of  fillets, 
however,  is  typically  illustrated  for  an  unsatisfactory 
combination  in  figure  16,  which  shows  that  even  small 
fillets  give  a  marked  improvement.  The  importance 
of  completely  filleting  the  rear  portion  of  the  juncture 
may  be  noted  by  comparing  the  curves  of  the  combina¬ 
tions  having  small  fillets  with  those  having  large  ones. 
The  interference  burble,  which  still  appears  with  the 
small  fillets,  is  eliminated  by  increasing  the  size  of  the  | 
fillets  to  the  rear.  For  some  combinations  small 
fillets  may  be  more  desirable  than  large  fillets  from 
considerations  of  steep  glide  characteristics  because 
of  the  large  increase  in  drag  at  lift  coefficients  above 
tbe  climbing  regime  with  only  a  small  decrease  in 
maximum  lift. 

For  the  high-wing  combinations  the  chief  effect  of 
filleting  is  to  reduce  the  drag  and  interference  of  the 
fuselage  in  the  high-speed  range  where  a  high  drag  of 
the  unfilleted  combination  may  indicate  serious 
interference. 

An  attempt  was  made  to  delay  or  eliminate  the 
occurrence  of  the  interference  burble  of  the  mid-wing 
combinations  by  changing  the  form  of  the  juncture 
between  the  wing  and  fuselage.  This  change  was 
effected  by  means  of  3  sizes  of  normal  fillets, 
which  increased  the  root  thickness  and  chord,  and 
3  sets  of  plan-form  fillets,  which  increased  the 
root  chord  and  which  varied  the  effective  angle  of 
attack  of  the  root  section  when  the  trailing  edge  of 
the  fillet  was  moved  downward  (washed-in  fillets) 
and  when  moved  upward  (washed-out  fillets)  from 
the  trailing  edge  of  the  wing.  The  results  of  tests  of 
the  combinations  having  normal  fillets  show  that 
neither  the  interference  burble  nor  drag  is  appreciably 
different  from  those  of  the  unfilleted  combination. 
These  results  agree  with  the  results  reported  in  refer¬ 
ence  5:  that  for  this  type  of  juncture  fillets  have  little 
effect  on  the  drag.  An  increase  in  the  root  chord, 
obtained  by  means  of  a  straight  plan-form  fillet, 
delays  the  burble  to  somewhat  higher  values  of  the 
lift  coefficient  and  slightly  increases  the  drag  in  the 
high-speed  range.  Washed-in  and  washed-out  plan- 
form  fillets  increase  the  drag  and  interference  but  only 
slightly  delay  the  occurrence  of  the  interference  burble. 
The  chief  effect  of  these  fillets  is  on  the  lift  and  pitching 
moment. 

Strut  attachments.— -Several  combinations  were 
tested  in  which  disconnected  wings  and  fuselages  were 
joined  by  single  struts,  representing  one  means  of  con¬ 


necting  the  body  and  the  wing.  For  the  liigli-wing 
combinations  investigated  the  thickness  or  position  of 
the  strut  has  no  large  effect  on  the  drag  and  interfer¬ 
ence.  A  combination  having  a  moderately  thick 
strut  has  characteristics  comparable  with  those  of  the 
combination  having  a  thin-plate  connection  or  no 
connection  at  all.  The  thick  strut  increases  the  drag 
of  the  combination  slightly.  Tests  of  the  combina¬ 
tions  having  a  thick  strut  indicate  that  the  forward 
position  is  slightly  more  favorable  than  the  rear  posi¬ 
tion.  The  drag  differences  due  to  the  strut  connec¬ 
tions,  however,  are  not  large. 

In  the  low-wing  combinations  the  thick  strut- 
causes  marked  interference  effects,  which  are  absent 
for  the  combinations  having  the  moderately  thick 
strut  and  the  thin  plate.  All  three  tliick-strut  com¬ 
binations  show  an  early  interference  burble.  With 
the  strut  in  the  rear  position,  a  discontinuity  appears 
in  the  polar  curve  just  beyond  the  interference  burble. 
When  the  strut  is  moved  forward,  the  drag  is  slightly 
improved  in  the  high-speed  range  and  the  discon¬ 
tinuity  is  not  so  marked.  Filleting  the  junctures 
between  a  thick  strut  and  the  wing  and  fuselage  tends 
to  increase  the  interference  drag  of  the  combination. 
The  moderately  thick  strut  is  comparable  with  the 
thin-plate  connection,  both  combinations  having  lower 
drags  than  the  thick-strut  combination  and  showing  a 
normal  drag  increase  over  the  entire  range  of  lift 
coefficients. 

Wing  Shape. — At  high  values  of  the  lift  coefficient 
the  stability  of  the  air  flow  over  the  central  portion 
of  the  wing  varies  for  different  wings.  This  stability 
may  be  expected  to  be  critically  affected  by  the 
presence  of  a  fuselage  and  by  tbe  character  of  the  root 
juncture. 

Polar  curves  giving  the  results  of  tests  of  four  mid¬ 
wing  combinations  having  different  wing  shapes  are 
compared  in  figure  17.  The  critical  effect  of  the  wing 
shape  in  the  high-lift  region  is  readily  apparent  from 
the  curves.  The  interference  burble,  which  occurs  at  a 
moderately  high  lift  coefficient  for  the  combination 
having  the  rectangular  wing  of  symmetrical  section, 
does  not  occur  for  the  combinations  having  the  cam¬ 
bered  and  tapered  wings.  Also,  the  drag  for  the  com¬ 
binations  having  the  cambered  and  the  tapered  wings 
increases  less  rapidly  than  for  the  wings  alone  in  the 
high-lift  region.  (See  figs.  18  and  19.)  In  the  high¬ 
speed  range  and  up  to  moderately  high  lift  coefficients 
the  effect  of  the  wing  shape  on  the  drag  and  interference 
of  the  fuselage  is  small  except  for  the  combination 
having  the  cut-out  wing.  For  this  combination  the 
drag  and  interference  decreases  with  increasing  lift 
nearly  up  to  the  normal  interference  burble  of  the  cut¬ 
out  wing  alone;  whereas  the  drag  and  interference  of 
the  fuselage  for  combinations  having  the  other  wings 
remains  reasonably  constant.  The  drag  and  inter¬ 
ference  of  the  fuselage  in  the  high-speed  range  for  the 
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combination  having  the  tapered  wing  is  only  54  percent 
of  the  minimum  drag  of  the  fuselage,  which  is  the 
lowest  of  the  four  combinations  considered.  The 
favorable  drag  characteristics  of  the  tapered-wing 
combination  may  be  attributed  to  the  fact  that  the 
thick,  high-drag  portion  of  the  wing  is  largely  shielded 
within  the  fuselage.  The  minimum  drag  of  this  com¬ 
bination  is  equal  to  that  of  the  combinations  with  the 
rectangular  wing  of  symmetrical  section  and,  aside 
from  structural  considerations,  has  the  advantage  of  a 
high  maximum  lift  and  no  interference  burble. 

The  shape  of  the  wing  makes  very  little  difference  in 
the  drag  and  interference  of  the  fuselage  as  affected  by 
the  wing  setting.  The  greatest  differences  are  shown 


symmetrical  section,  as  indicated  in  figures  18  and  19. 
They  all  show  a  large  drag  and  interference  where  the 
juncture  is  unsatisfactory.  The  thick  root  of  the 
tapered  wing  results  in  a  more  satisfactory  form  of 
juncture  than  those  resulting  from  the  other  wing  roots 
as  evidenced  by  the  fact  that  the  drag  increases  less 
rapidly  for  the  low-wing  combination  (fig.  18)  than  for 
the  corresponding  combination  with  the  rectangular 
wing  of  symmetrical  section.  The  interference  burble 
is  also  delayed. 

Fuselage  Shape.  -The  variations  of  the  fuselage 
shape  are  the  cross-sectional  form  and  the  presence  of 
an  uncowled  or  a  cowled  engine.  Variations  of  the 
cross-sectional  form  chiefly  affect  the  form  of  wing- 


tile  lowest  drags  are  obtained  with  relatively  large 
angles  of  wing  setting.  The  cambered -wing  combina¬ 
tions  tend  to  have  the  lowest  drags  at  higher  negative 
angles  of  wing  setting  than  the  combinations  with  the 
rectangular  wing  of  symmetrical  section.  This  result 
may  be  accounted  for  by  the  negative  angle  of  zero 
lift  of  the  cambered  wing. 

Other  vertical  positions  affect  the  combinations  hav¬ 
ing  the  various  wing  shapes  in  a  manner  similar  to  their 
effect  on  the  combinations  with  the  rectangular  wing  of 


duces  an  interfering  body  at  the  nose  of  the  fuselage, 
with  resulting  turbulence  and  variation  of  the  air  flow 
over  the  fuselage  and  the  wing  roots. 

Uncowled  and  cowled  engine. — The  effects  of  adding 
either  an  uncowled  or  a  cowled  engine  to  typical  mid- 
wing  combinations  are  shown  in  figure  20.  The  ad¬ 
dition  of  an  uncowled  engine  to  the  round-fuselage 
combination  increases  the  drag  and  interference  of  the 
fuselage  at  zero  lift  of  the  combination  to  434  percent 
of  the  minimum  drag  of  the  fuselage  alone  without  the 
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engine  and  delays  the  occurrence  of  the  interference 
burble.  If  the  difference  in  drag  is  based  on  the  fuse¬ 
lage  alone  with  the  uncowled  engine,  the  interference 
is  slightly  favorable.  The  addition  of  a  cowled  engine 
increases  the  drag  and  interference  of  the  fuselage  at 
zero  lift  of  the  combination  to  149  percent  of  the 
minimum  drag  of  the  fuselage  alone  without  the  cowled 
engine,  with  favorable  interference  when  based  on  the 
fuselage  alone  with  the  cowled  engine.  The  inter¬ 
ference  burble  is  entirely  absent  for  the  cowled-engine 
combination.  The  drag  and  interference  of  the  fuse¬ 
lage,  which  is  substantially  constant  over  a  considerable 
lift  range  for  the  no-engine  combination,  increases  with 


Figure  19.  -Characteristics  for  various  vertical  wing  positions.  Cambered  wing 
of  N.  A.  C.  A.  4412  airfoil  section  and  round  fuselage. 

increasing  lift  when  either  the  uncowled  or  cowled 
engine  is  added.  The  addition  of  the  uncowled  or 
cowled  engine  to  the  filleted  mid-wing  combination 
has  no  effects  appreciably  different  from  those  of  the 
unfilleted  combination. 

Tests  of  combinations  of  the  rectangular  wing  of 
symmetrical  section  having  the  wing  in  a  separated 
low-wing  position  indicate  that  the  drag  and  inter¬ 
ference  of  the  fuselage  with  an  uncowled  or  a  cowled 
engine  is  somewhat  higher  than  for  corresponding  com¬ 
binations  having  the  wing  in  the  mid-wing  position. 
Also,  the  drag  and  interference  increases  rapidly  with 
increasing  lift. 


With  the  wing  in  the  parasol  or  separated  high-wing 
position,  the  drag  and  interference  is  approximately 
the  same  in  the  high-speed  range  as  with  the  wing  in 
the  mid-wing  position  for  corresponding  combinations. 
An  early  interference  burble  occurs,  however,  for  both 
the  uncowled  and  cowled  engine  combinations  at  the 
approximate  attitude  at  which  the  wing  probably  enters 
the  turbulent  wake  from  the  engine.  The  interference 
burble  becomes  more  abrupt  with  an  increase  in  the 
angle  of  wing  setting  and  the  drag  increase  beyond 
the  interference  burble  is  more  rapid  for  the  uncowled- 
engine  combinations  than  for  the  cowled-engine  com¬ 
binations. 


Figure  20.— Characteristics  for  various  fuselage  shapes.  Mid-wing  combinations 
with  rectangular  wing  of  N.  A.  C.  A.  0012  airfoil  section. 

One  mid-wing  combination  having  the  cowled 
engine  and  the  cambered  wing  was  tested  to  obtain 
information  about  the  effect  of  the  wing  shape  on 
this  type  of  combination.  At  zero  lift  the  drag 
and  interference  of  the  fuselage  is  the  same  as  for  the 
corresponding  combination  having  the  rectangular 
wing  of  symmetrical  section  but  the  increase  in  drag 
with  increase  in  lift  is  much  less  and,  in  the  high-speed 
range,  is  reasonably  constant;  whereas  the  drag  of 
the  combination  having  the  rectangular  wing  of 
symmetrical  section  increases  with  an  increase  in  lift. 

The  connected  low-wing  combination  having  the 
cambered  wing  and  the  round  fuselage  was  chosen  as 
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representing  a  typically  unsatisfactory  combination. 
Variations  of  the  fuselage  shape  from  this  basic  com¬ 
bination  are  shown  in  figure  21.  Neither  the  un- 
cowled  nor  the  cowled  engines  affect  the  interference 
burble  or  the  rapid  drag  increase  that  appears  in  the 
combinations  with  no  engine  in  the  fuselage. 

Filleting  the  junctures  of  these  typical  low-wing  com¬ 
binations  eliminates  the  interference  burble  and  the 
rapid  drag  increase.  Flow  changes  over  the  fuselage  and 
wing  roots  due  to  the  presence  of  an  uncowled  or  a  cowled 
engine  do  not  greatly  affect  the  action  of  the  fillets. 

Fuselage  section. — Typical  results  for  variations  of 
the  cross-sectional  shape 
of  the  fuselage  and  the 
nose  form  resulting  from 
the  presence  of  an  un¬ 
cowled  and  cowled  engine 
are  illustrated  in  figure 
20,  which  compares  the 
results  of  tests  of  the 
rectangular  fuselage  and 
the  round  fuselage  in 
combinations  with  the 
rectangular  wing  of  sym¬ 
metrical  section  in  the 
mid-wing  position.  The 
principal  result  is  the 
absence  of  the  interfer¬ 
ence  burble  for  the  rec¬ 
tangular  fuselage  com¬ 
bination  with  no  engine. 

Otherwise  the  rectangu¬ 
lar  fuselagecombinations 
have  generally  higher 
drags  over  the  entire  lift 
range;  the  differences  in 
drag  of  the  no-engine 
fuselage  combinations 
and  the  combinations 
having  an  uncowled  en¬ 
gine  approxima  tely  equal 
the  differences  between 
the  corresponding  round 
and  rectangular  fuselages 
alone.  The  results  also  show  that  the  rectangular- 
fuselage  combination  having  the  uncowled  engine  has 
an  early  interference  burble;  no  interference  burble 
is  present  for  the  no-engine  fuselage  combination. 
The  differences  in  drag  between  the  round  and  the 
rectangular  fuselage  combinations  having  a  cowled 
engine  are  greater  than  between  either  the  combina¬ 
tions  having  the  no-engine  fuselage  or  the  combina¬ 
tions  having  an  uncowled  engine,  probably  because 
of  the  peculiar  shape  of  the  cowling  on  the  rec¬ 
tangular  fuselage. 

A  comparison  of  the  results  of  tests  of  the  rectangu¬ 
lar-fuselage  combinations  having  different  wings  with 


those  of  corresponding  round-fuselage  combinations 
indicates  that,  regardless  of  the  wing  shape,  the 
characteristics  of  a  mid-wing  combination  are  not 
appreciably  affected  by  the  cross-sectional  shape  of 
the  fuselage.  An  exception  is  noted  for  the  combi¬ 
nation  with  the  rectangular  wing  of  symmetrical  sec¬ 
tion  in  which  the  interference  burble  is  absent  when 
the  rectangular  fuselage  is  used. 

The  importance  of  the  combined  action  of  the 
fuselage  and  the  wing  pressure  gradients  and  air  flow 
is  illustrated  by  the  sudden  interference  burble  of  the 
mid-wing  combination  of  the  rectangular  wing  of 

symmetrical  section  and 
the  round  fuselage.  With 
other  wings  and  with 
the  rectangular  fuselage, 
this  early  breakdown  of 
the  air  flow  is  not 
evident.  The  introduc¬ 
tion  of  turbulence  and 
the  probable  change  of 
the  pressure  gradient 
due  to  the  addition  of  an 
uncowled  engine  appar¬ 
ently  has  no  appreciable 
effect;  whereas  the  ad¬ 
dition  of  a  cowled  engine 
eliminates  the  interfer¬ 
ence  burble  of  the  mid- 
wing  combination.  This 
effect  on  the  interfer¬ 
ence  burble  indicates 
that  for  wings  having 
sections  of  the  ttype 
similar  to  that  of  the 
N.  A.  C.  A.  0012,  i.  e., 
those  sections  having  a 
degree  of  sta- 
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Figure  21. — Characteristics  for  various  fuselage  shapes.  Typical  unsatisfactory 
low-wing  combinations,  N.  A.  C.  A.  4412  airfoil  section  with  round  fuselage. 


cr 

bility  of  the  air  flow 
near  maximum  lift  as 
indicated  by  a  sudden 
loss  of  lift  at  the  burble, 
the  stability  of  the  air 
flow  over  the  wing  roots  is  critically  affected  by  the 
fuselage  shape. 

PITCHING  MOMENT  OF  THE  COMBINATIONS 

As  the  interference  effects  on  the  pitching  moment 
are  usually  small  in  the  lift  range  below  the  inter¬ 
ference  burble,  the  approximate  pitching  moment  of 
a  wing-fuselage  combination  may  usually  be  obtained 
by  adding  the  moments  of  the  wing  and  the  fuselage. 
The  pitching  moments  of  fuselages  of  the  type  used  in 
these  tests  are  not  constant  about  any  one  point  as 
indicated  by  the  variation  of  the  pitching  moment  for 
the  fuselages  alone  (see  table  II.)  The  slope  of  the 
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pitching-moment  curve  measured  at  zero  lift  n0  shows 
that  the  aerodynamic  center  of  the  fuselage  at  the 
attitude  of  zero  lift  is  well  forward.  When  the 
moments  of  the  fuselage  are  added  to  those  of  the  wing, 
the  resulting  moments  of  the  wing-fuselage  combina¬ 
tion  indicate  a  position  of  the  aerodynamic  center  (at 
zero  lift)  well  forward  of  the  quarter-chord  point  of 
the  wing  for  the  usual  wing  positions.  The  values  of 
the  slopes  of  the  pitching-moment  curves  at  zero 
lift,  which  represent  the  fore-and-aft  positions  of  the 
aerodynamic  center  as  fractions  of  the  chord  ahead  of 
the  quarter-chord  point  of  the  airfoil,  are  given  for  all 
the  combinations  in  table  V.  The  variable  of  most 
influence  on  the  position  of  the  aerodynamic  center  is 
the  fore-and-aft  position  of  the  wing.  As  the  wing 
moves  aft  from  the  most  forward  (mid-wing)  position 
(fig.  14),  the  value  of  n0  increases  from  0.012  in  the 
forward  position  to  0.067  in  the  rear  position  (table  V). 
This  increase  represents  a  change  in  the  fore-and-aft 
position  of  the  aerodynamic  center  from  1.2  to  6.7 
percent  of  the  wing  chord  ahead  of  the  quarter-chord 
point. 

The  effect  on  the  aerodynamic  center  of  adding 
fillets  to  a  combination  may  also  be  of  interest.  The 
relatively  large  changes  in  the  position  of  the  aero¬ 
dynamic  center  when  fillets  are  added  (table  V)  indi¬ 
cate  that  filleting  the  junctures  of  existing  airplanes 
may  affect  the  longitudinal  stability  to  a  serious  extent 
unless  compensating  changes  are  made.  Because  the 
pitching  moments  of  a  combination  are  not  constant 
about  any  one  point,  no  actual  aerodynamic  center 
exists  for  a  combination.  Nevertheless,  the  value 
given  representing  the  aerodynamic  center  as  deter¬ 
mined  at  zero  lift,  together  with  the  pitching-moment 
coefficient  at  zero  lift,  provides  information  about  the 
moment  in  the  high-speed  range  of  a  combination. 

The  effects  of  the  variables  considered  in  this 
investigation  on  the  pitching  moment  of  the  combi¬ 
nations  are  best  studied  by  considering  only  the 
moment  at  zero  lift.  Values  of  the  pitching-moment 
coefficient  at  zero  lift  Cm  are  given  in  table  V  for  all 
the  combinations  tested.  The  chief  effects  are  those 
caused  by  variations  of  the  angle  of  wing  setting  (fig. 
15)  and  variations  in  camber  of  the  wing  section  (fig. 
17).  The  angle  of  wing  setting  affects  the  relative 
attitude  of  the  fuselage  with  respect  to  the  attitude 
of  the  wing  and  the  effect  of  wing  setting  on  the  pitch¬ 
ing  moment  of  the  combination  may  be  considered  as 
being  due  almost  entirely  to  the  displacement  of  the 
pitching-moment  curve  of  the  fuselage  alone.  Increas¬ 
ing  the  wing  setting  4°  (near  zero  incidence)  increases 
the  diving  moment  at  zero  lift  in  the  order  of  13  to 
19  percent  of  the  moment  of  a  moderately  cambered 
wing.  Other  variables  have  small  effects  on  the 
moment  at  zero  lift.  Figure  22  shows  the  variation 
of  Cmc/i  with  the  vertical  position  of  the  rectangular 
N.  A.  C.  A.  0012  wing  set  at  0°  with  respect  to  the 


round  fuselage  for  values  of  the  lift  coefficient  of  0, 
0.3,  and  1. 

After  the  appearance  of  the  interference  burble  the 
effect  of  the  interference  on  the  pitching  moment  in¬ 
creases.  The  effect  of  the  interference  burble  is  similar 
to  the  effect  of  the  normal  burble  of  an  airfoil  as  the 
diving  moment  increases  rapidly  with  an  increase  in 
the  angle  of  attack  beyond  the  burble.  The  large 
pitching-moment  variations  with  variations  of  the 
vertical  position  of  the  wing,  shown  in  figure  22  for 
lift  coefficients  of  0.3  and  1,  are  mainly  because  the 
air  flow  has  already  broken  down  at  the  interference 
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Figure  22. — Variation  of  pitching-moment  coefficient  with  vertical  wing  position. 
Rectangular  wing  of  N.  A.  C.  A.  0012  airfoil  section  and  round  fuselage;  d/c= 0; 
i*= 0°. 


burble  for  combinations  having  the  wing  in  the  posi¬ 
tions  corresponding  to  the  large  pitching-moment 
variations. 

maximum  lift  of  the  combinations 

Considerations  of  the  maximum  lift  coefficient  of 
the  wing  as  affected  by  the  presence  of  the  fuselage 
may  be  as  important  as  considerations  of  the  drag. 
The  maximum  lift  is  considered  separately,  however, 
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because  the  results  show  that  the  flow  breakdown 
determining  the  maximum  lift  coefficient  is  almost 
unrelated  to  and  independent  of  the  earlier  flow 
breakdown  (interference  burble)  that  causes  marked 
drag  increases.  For  considerations  of  maximum  lift 
coefficients,  variations  with  the  Reynolds  Number 
must  be  taken  into  account;  whereas  for  comparisons 
of  the  drag  the  liigh-scale  results  may  be  compared 
without  regard  to  scale  effect,  any  scale  effect  on  the 
drag  coefficients  being  small  at  the  high  Reynolds 
Numbers  associated  with  high-speed  flight  where 
considerations  of  the  drag  are  of  greatest  importance. 

Data  on  the  scale  effect  for  the  maximum  lift  are 
given  in  table  V  by  giving  the  maximum  lift  coefficients 
of  the  combinations  at  two  values  of  the  “ effective 
Reynolds  Number.”  The  effective  Reynolds  Number 
is  obtained  from  the  actual  test  Reynolds  Number  by 
the  application  of  a  factor  to  allow  for  the  effects 
of  turbulence  present  in  the  tunnel.  (See  references 
15  and  16.)  Comparative  tests  indicate  that,  at  this 
effective  value  of  the  Reynolds  Number,  maximum 
lift  coefficients  from  the  tunnel  tend  to  agree  with 
those  in  flight.  The  maximum  lift  coefficients  pre¬ 
sented  should  therefore  be  applied  to  flight  at  Reyn¬ 
olds  Numbers  of  3,400,000  and  7,500,000.  The  values 
given  for  the  higher  Reynolds  Number  are  approxi¬ 
mately  correct  for  modern  two-engine  transport  air¬ 
planes  (7,500,000  corresponds  to  an  airplane  having 
a  wing  with  an  11-foot  mean  chord  and  landing  at 
73  miles  per  hour)  and  the  maximum  lift  coefficients 
given  for  3,400,000  are  approximately  correct  for 
popular  single-engine  four-place  types  (having  a  wing 
with  a  6-foot  mean  chord  and  landing  at  60  miles  per 
hour). 

As  an  aid  in  extending  the  maximum  lift  results  to 
other  values  of  the  Reynolds  Number,  the  variations 
of  the  coefficients  for  the  wings  alone  are  shown  in 
figure  23  for  a  wider  range  of  the  Reynolds  Number. 
For  the  extension  of  the  results,  it  will  be  helpful  to 
note  that  the  scale  effect  for  the  wing-fuselage  com¬ 
bination  is  either  much  like  the  scale  effect  for  the 
wing  alone  when  the  adverse  interference  is  small  or  the 
scale  effect  is  small  when  the  combination  shows 
marked  adverse  interference.  In  other  words,  the 
results  may  usually  be  either  corrected  for  scale 
effect  paralleling  the  curve  for  the  wing  alone  in  figure 
23  or  used  uncorrected,  depending  on  the  character 
of  the  interference. 

Wing  Position. — Consider  first  the  effect  of  varying 
the  wing  position  of  the  combinations  having  the 
rectangular  wing  of  symmetrical  section  and  round 
fuselage.  A  variation  of  the  vertical  position  of  the 
wing  indicates  marked  reductions  of  the  maximum 
lift  coefficient  when  the  wing  is  in  the  center  and  in  the 
low  positions.  The  greatest  reductions  occur  for 
some  of  the  mid-wing  combinations.  For  some  of 
the  combinations,  the  maximum  lift  tends  to  be 


slightly  higher  than  that  of  the  wing  alone.  The 
interference  effects  on  the  maximum  lift  are  apparently 
independent  of  the  effects  on  the  drag. 

A  variation  of  the  fore-and-aft  mid-wing  positions 
shows  a  steady  reduction  in  the  maximum  lift  coefficient 
from  a  value  approaching  that  of  the  wing  alone  at  the 
most  forward  position  to  a  value  below  that  for  the 
normal  fore-and-aft  position  when  the  wing  is  well 
back  along  the  fuselage.  For  the  disconnected  combi¬ 
nations  a  variation  of  the  fore-and-aft  position  shows 
very  little  effect. 

The  angular  position  for  a  normal  range  of  wing 
setting  does  not  appreciably  affect  the  maximum  lift 
coefficients  of  the  combinations.  Although  the  dif¬ 
ferences  over  the  full  ranges  of  wing  setting  tested  are 
sometimes  rather  large,  there  do  not  appear  to  be  any 
noticeable  general  trends. 

The  effect  on  the  maximum  lift  coefficients  of  the 
position  variables  appears  to  be  governed  mainly  by 
the  amount  of  the  leading  edge  and  upper  surface  of 
the  wing  exposed. 


Figure  23. — Scale  effect  on  the  maximum  lift  coefficient  of  three  wings. 


Wing  Shape. — The  maximum  lift  coefficients  of  the 
combinations  having  the  cambered  wing  are  appar¬ 
ently  much  less  affected  by  the  different  variables 
than  are  the  maximum  lift  coefficients  of  the  combi¬ 
nations  having  the  rectangular  wing  of  symmetrical 
section.  The  combinations  having  the  tapered  wing 
show  generally  favorable  effects,  except  for  the  low- 
wing  connected  combinations,  in  which  the  effect  is 
somewhat  unfavorable  over  a  small  range  of  vertical 
positions.  The  maximum  lift  coefficients  of  the  cut¬ 
out  wing  combinations  are  all  low  when  compared 
with  the  uncut  wing  combinations  but  are  somewhat 
higher  than  the  maximum  lift  coefficients  of  the 
cut-out  wing  alone.  In  general,  the  conclusion  is 
that  low-cambered  moderately  thick  wing  sections  like 
the  N.  A.  C.  A.  0012  having  critical  flow  conditions 
at  maximum  lift  are  more  susceptible  than  other 
sections  to  adverse  interference  from  the  fuselage  and, 
on  the  other  hand,  that  tapered  wings  having  thick 
root  sections  may  show  favorable  interference  effects 
on  the  maximum  lift  coefficient  as  the  result  of  en¬ 
closing  the  thickest  part  of  the  wing  in  the  fuselage. 
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Fuselage  Shape. — The  rectangular  fuselage  mid-wing 
combination  having  the  rectangular  wing  of  symmetri¬ 
cal  section  has  a  more  favorable  maximum  lift  coeffi¬ 
cient  than  the  round-fuselage  combination.  With 
other  wings  there  are  smaller  differences  between  the 
maximum  lift  coefficients  of  the  round  and  rectangular- 
fuselage  mid-wing  combinations.  Addition  of  the 
uncowled  engine  tends  to  decrease  the  maximum  lift 
coefficient  from  that  of  the  corresponding  no-engine 
fuselage  combination.  Addition  of  the  cowling,  how¬ 
ever,  tends  to  eliminate  the  adverse  effect  of  the 
engine  and  sometimes  increases  the  maximum  lift 
coefficient  above  that  of  the  corresponding  no-engine 
fuselage  combination. 

Fillets  and  Strut  Attachments. — Fillets  have  a  slight 
effect  on  the  maximum  lift  coefficient  except  for  certain 
well-shaped  fillets  that  increase  the  maximum  lift 
slightly  with  increase  in  size  of  the  fillet,  probably 
owing  to  an  increase  in  the  effective  wing  area.  Differ¬ 
ences  appear  to  be  surprisingly  small  between  the 
maximum  lift  coefficients  of  the  filleted  and  unfillet¬ 
ed  combinations  having  very  higli-drag  junctures. 
Straight  plan-form  fillets  improve  the  maximum  lift 
coefficients  over  the  unfilleted  mid-wing  combination 
owing  to  the  increase  in  area  due  to  the  fillets.  The 
washed-in  and  washed-out  fillets  affect  the  maximum 
lift  coefficients  of  the  combinations  in  a  manner  similar 
to  that  to  be  expected  with  corresponding  changes  of 
camber  of  the  section. 

The  combinations  having  thick  and  moderately 
thick  connecting  struts  show  some  loss  of  maximum 
lift  from  that  of  the  wing  alone.  The  maximum  lift 
coefficients  of  the  combinations  having  a  thin  connect¬ 
ing  plate  are  approximately  the  same  as  that  of  the 
wing  alone  and  agree  fairly  well  with  the  similar 
unconnected  combinations. 

CONCLUSION 

As  regards  the  general  aerodynamic  efficiency  of 
the  various  combinations  investigated,  the  most  satis¬ 
factory  criterion  is  probably  the  ratio  CLmax/CDn  where 
Coe  is  taken  at  a  lift  coefficient  corresponding  to  either 
high-speed  or  cruising  flight.  On  the  basis  of  this  so- 


called  “speed-range  index”  the  order  of  merit  of  the 
combinations  may  change  with  the  Reynolds  Number 
as  the  result  of  the  rather  large  variation  of  CL  with 
Reynolds  Number  for  some  of  the  combinations.  A 
comparison  of  the  various  combinations  on  the  basis 
of  the  speed-range  index  indicates  that  some  of  the 
parasol  arrangements  with  the  round  fuselage  and  the 
N.  A.  C.  A.  4412  airfoil  would  be  among  the  best  if 
the  drag  of  the  necessary  wing-supporting  members 
were  eliminated  as  in  the  tests.  If  these  combinations 
are  eliminated  because  of  the  unavoidable  drag  of  a 
wing-support  system,  the  most  favorable  combinations 
seem  to  be  those  of  the  tapered  wing  or  the  rectangular 
N.  A.  C.  A.  4412  wing  in  positions  somewhat  above 
the  mid-wing  position.  The  usual  high-wing  positions 
may  be  made  nearly  as  favorable  as  the  high  mid-wing 
positions  by  the  use  of  suitable  fillets.  Forward 
positions  of  the  wing  with  respect  to  the  fuselage 
appear  to  be  favorable.  Low-wing  positions  are 
unfavorable,  but,  by  adequately  filleting  the  wing- 
fuselage  juncture,  the  aerodynamic  efficiency  of  the 
low-wing  combinations  can  be  made  to  approach  that 
of  the  better  high-wing  combinations. 

In  general,  it  may  be  noted  that  important  favorable 
interference  effects  are  usually  the  result  of  drag 
saved  by  enclosing  a  considerable  part  of  the  wing 
surface  within  the  fuselage.  Marked  adverse  inter¬ 
ference  effects  are  associated  with  a  breakdown  of  the 
flow  near  the  wing-fuselage  juncture.  This  phenom¬ 
enon,  referred  to  as  the  “interference  burble”,  is  a 
complicated  one  dependent  on  the  stability  of  the  flow 
over  the  airfoil,  the  conditions  at  the  wing-fuselage 
juncture,  and  the  geometrical  form  of  the  air  spaces 
at  the  juncture.  Efficient  airfoils  of  moderate  thick¬ 
ness  and  low  camber  are  most  susceptible  to  such 
adverse  interference.  The  interference  burble  does 
not  necessarily  affect  the  maximum  lift  coefficient. 


Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  March  8,  1935. 
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TABLE  I.— AIRFOIL  CHARACTERISTICS 


Airfoil 

Cl 

Cmc/i 

Cl 

Cd 

• 

Cm  .. 
c/4 

Cl 

Cd. 

CmcH 

O 

o 

II 

S 

O 

II 

a=  12° 

Rectangular  N.  A.  C.  A.  0012 - 

0.  000 

0.  0080 

0.  000 

0.  307 

0.  0087 

0.  003 

0.  920 

0.  0150 

0.  004 

Tapered  N.  A.  O.  A.  0018-09 _ _ 

.000 

.0093 

.000 

.305 

.  0099 

.006 

.9)0 

.0146 

.013 

Cut-out  N.  A.  C.A.  0012 _ 

.000 

.0074 

.000 

.260 

.0085 

.007 

.788 

.0186 

.018 

R 

II 

1 

O 

<x  =  0° 

a  =  8° 

Rectangular  N.  A.  C.  A.  4412 _ _ 

-0.  006 

0.0097 

-0.  089 

0.  298 

0.0095 

-0.  087 

0.899 

0.  0136 

-0.  084 

TABLE  II.— FUSELAGE  CHARACTERISTICS 


Fuselage 

Engine 

Cl 

Cd 

1  Cm 

F 

Cl 

Cd 

1  Cm 

A  nip 

Cl 

Cd 

1  C  J7t  p 

Cl 

c„ 

'CV,F 

Cl 

Cd 

1  CmF 

a  =  0° 

a  =  4° 

a  =  8° 

a  =  12° 

a  =  16° 

Round 

None.  ..  .  .  . 

0.  000 

0.  0041 

0.000 

0.  001 

0.  0042 

0.016 

0.  005 

0.  0049 

0.  028 

0.  011 

0.  0062 

0.  035 

0.019 

0.  0085 

0.  038 

Do 

Un  cow  led  _ 

.  000 

.0189 

.  000 

.001 

.0191 

.015 

.  004 

.0200 

.027 

.008 

.  0216 

.037 

.015 

.0244 

.041 

Do 

Cowled _ 

.  0000 

.  0009 

.000 

.008 

.0073 

.013 

.017 

.  0088 

.025 

.028 

.0115 

.035 

.040 

.  0165 

.044 

Rectangular.-. 

None _  _ 

.00 

.0049 

.000 

.005 

.0054 

.009 

.014 

.0068 

.015 

.026 

.0097 

.018 

.040 

.0151 

.015 

1  Pitching-moment  coefficient  about  the  quarter-chord  point  of  the  fuselage. 
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TABLE  III.— LIFT  AND  INTERFERENCE,  DRAG  AND  INTERFERENCE,  AND  PITCHING  MOMENT  AND 

INTERFERENCE  OF  FUSELAGE  IN  WING-FUSELAGE  COMBINATIONS 


Combina- 

A  Cl 

A  Cl, 

ACm'H 

A  Cl 

&Cl> 

« 

A  Cmcn 

A  Cl 

A  Co 

« 

C/n 

tioii 

O 

o 

II 

e 

o 

II 

3 

a=  12° 

1.. . . 

0.000 

0. 0031 

0.000 

0.007 

0.  0035 

0.  002 

0.01G 

0.  0042 

-0.  002 

2  . . 

.062 

.  0042 

.026 

.071 

.0050 

.  029 

.092 

.0067 

.029 

3 _ 

.000 

.  0032 

.000 

.008 

.0037 

.005 

.026 

.  0046 

.012 

4 _ 

-.  062 

.  0042 

-.026 

-.050 

.0039 

-.023 

-.028 

.  0044 

-.014 

5 . 

.063 

.0044 

.027 

.068 

.0053 

.  033 

.094 

.0071 

.042 

6 _ 

.028 

.  0036 

.014 

.044 

.0038 

.021 

.071 

.0053 

.032 

7 _ 

.000 

.0035 

.000 

.013 

.  0039 

.009 

.040 

.0047 

.024 

8 _ 

-.  028 

.0036 

-.014 

-.015 

.  0036 

-.005 

.006 

.0045 

.008 

9 _ 

-.063 

.0044 

-.027 

-.047 

.0041 

-.019 

-.020 

.0042 

-.004 

10 _ 

.058 

.  0044 

.032 

.069 

.  0057 

.042 

.070 

.0300 

.037 

11 _ 

.000 

.0035 

.  000 

.022 

.  003S 

.014 

.044 

.0051 

.036 

12 _ 

-.058 

.  0044 

-.032 

-.041 

.0041 

-.019 

-.  009 

.  0039 

.003 

13 . 

.000 

.0038 

.000 

.  023 

.0041 

.019 

.038 

.0102 

.052 

14 _ 

.000 

.  0036 

.003 

.016 

.0038 

.010 

.049 

.0042 

.023 

15. . 

.000 

.  0036 

.003 

.011 

.0038 

.011 

.047 

.0040 

.026 

16 _ 

-.002 

.0041 

.004 

.012 

.0043 

.013 

.039 

.  0042 

.028 

17 _ 

-.003 

.  0053 

.034 

.022 

.  0063 

.039 

.041 

.  0089 

.048 

18 _ 

.011 

.0047 

.021 

.016 

.0051 

.029 

19 _ 

-.001 

.0042 

.006 

.008 

.  0046 

.015 

.030 

.  6051 

.029 

20... . . 

-.017 

.0037 

-.009 

-.008 

.0041 

-.002 

.013 

.0046 

.012 

21 _ 

-.046 

.0043 

-.021 

-.034 

.  0039 

-.015 

-.013 

.0037 

-.003 

22 _ 

.010 

.0054 

.003 

.012 

.0052 

.011 

.021 

.0067 

.025 

23  ..  .. 

.  022 

.0114 

.008 

.  001 

.  0077 

.024 

24 _ 

.045 

.0088 

-.004 

.004 

.0066 

.010 

.66b 

.0083 

.  030 

25.. . . 

.041 

.  0068 

-.016 

.031 

.0053 

-.007 

.020 

.0057 

.013 

26 _ 

-.006 

.0058 

.021 

-.014 

.0058 

.028 

-.022 

.  0089 

.038 

27 . - 

.011 

.0056 

-.002 

-.004 

.0047 

.013 

-.020 

.0082 

.030 

28.. . 

-.008 

.  0049 

.019 

-.012 

.0047 

.028 

-.019 

.0077 

.035 

29 _ 

.002 

.0045 

.004 

.000 

.0039 

.015 

-.014 

.  0062 

.027 

30 _ 

.014 

.0045 

-.012 

.010 

.0040 

-.001 

-.002 

.0046 

.014 

31 . . 

- .  005 

.  0049 

.019 

-.012 

.0047 

.028 

-.019 

.0063 

.037 

32... . 

.006 

.  0045 

.003 

-.005 

.  0042 

.015 

-.014 

.0046 

.028 

33 _ 

.017 

.0054 

-.015 

.007 

.0043 

.000 

-.005 

.0044 

.014 

34 _ 

.026 

.  ooso 

-.028 

.016 

.0053 

-.019 

.005 

.0043 

-.002 

35 _ 

.030 

.0078 

-.033 

.025 

.0065 

-.032 

.018 

.0047 

-.021 

36 . . 

-.001 

.0038 

.023 

-.012 

.0035 

.028 

-.021 

.0053 

.038 

37 _ 

.010 

.0038 

.006 

-.  006 

.0034 

.016 

-.011 

.0029 

.031 

38 . 

.021 

.0040 

-.011 

.006 

.0036 

-.001 

-.007 

.0030 

.020 

39.... . 

.028 

.0050 

-.023 

.017 

.0041 

-.018 

.001 

.0029 

.002 

40.. . 

.034 

.0062 

-.031 

.025 

.0051 

-.030 

.020 

.0030 

-.016 

41 _ 

.003 

.0037 

.018 

-.007 

.  0029 

.026 

-.021 

.0045 

.041 

42 _ 

.013 

.0035 

.002 

-.001 

.0028 

.011 

-.016 

.0031 

.032 

43 . . 

.021 

.0038 

-.014 

.006 

.0030 

-.004 

-.013 

.0029 

.021 

44 _ 

.027 

.0045 

-.027 

.013 

.0031 

-.020 

-.006 

.0031 

.003 

45 . . 

.033 

.0063 

-.033 

.021 

.0041 

-.032 

.018 

.  0023 

-.014 

46 _ 

.002 

.0058 

.032 

-.006 

.0066 

.029 

-.013 

.0110 

.030 

47 . 

.010 

.0052 

.022 

.001 

.0055 

.024 

-.011 

.0076 

.029 

48 _ 

.  023 

.0052 

.007 

.009 

.0051 

.012 

-.005 

.0057 

.022 

49 . . 

.034 

.0045 

-.011 

.019 

.  0055 

-.007 

.006 

.0055 

.009 

50 . . 

.041 

.0052 

-.023 

.031 

.0056 

-.026 

.017 

.0050 

-.007 

51 _ 

.047 

.0070 

-.028 

.038 

.0065 

-.035 

.031 

.0054 

-.028 

52 . 

-.017 

.0017 

.018 

-.023 

.0056 

.028 

— .  025 

.  0073 

.041 

53 _ 

-.004 

.0046 

.003 

-.014 

.0048 

.012 

-.020 

.0053 

.030 

54 _ 

.  006 

.0048 

-.013 

-.005 

.  0049 

-.005 

-.013 

.0049 

.019 

55 _ 

.013 

.0053 

-.028 

.005 

.0053 

-.  021 

-.007 

.0049 

.002 

56 _ 

.018 

.0071 

-.  036 

.016 

.0059 

-.036 

.006 

.0052 

-.017 

57 . . 

-.034 

.  0052 

.017 

-.043 

.0054 

.033 

-.038 

.0079 

.061 

58 _ 

-.024 

.  0049 

.000 

-.038 

.0045 

.019 

-.035 

.0054 

.  045 

59 . 

-.016 

.0049 

-.016 

-.025 

.0044 

.001 

-.034 

.0051 

.030 

60. . 

-.  006 

.0054 

-.031 

-.016 

.0047 

-.017 

-.024 

.0044 

.014  i 

61 _ 

.000 

.0068 

-.043 

-.007 

.  0053 

-.033 

-.013 

.  0049 

-.006 

62 . 

.000 

.  0036 

-.003 

.015 

.0038 

.004 

.044 

.0048 

.016 

63 _ 

.  000 

.0036 

-.  003 

.021 

.0039 

.005 

.  045 

.0060 

.016 

64 . . 

.002 

.0041 

-.004 

.015 

.  0043 

.003 

-.028 

.0295 

-.007 

65 . . 

.046 

.  0043 

.021 

.061 

.  0057 

.021 

.012 

.0373 

-.006 

66... . 

.017 

.0037 

.009 

.028 

.0044 

.014 

67 . . 

.001 

.0042 

-.006 

.011 

.0047 

.  003 

-.054 

.0327 

-.004 

68 _ 

-.011 

.  0047 

-.  021 

-.001 

.0053 

-.  012 

-.078 

.0325 

-.012 

69 _ 

.003 

.0053 

-.034 

-.014 

.0053 

-.025 

-.080 

.  0268 

-.015 

70 _ 

-.010 

.0054 

-.003 

-.019 

.0088 

.003 

-.092 

.0359 

.000 

71 _ 

-.041 

.0068 

.016 

-.047 

.0092 

.020 

— .  064 

.  0185 

.020 

72 _ 

-.045 

.0088 

.001 

-.056 

.0124 

.007 

-.  101 

.  0277 

.011 

73 _ 

-.022 

.0114 

-.008 

-.  069 

.0176 

.001 

-.  155 

.0353 

.011 

74 _ 

-.011 

.0056 

.002 

-.045 

.0078 

.014 

-.088 

.0155 

.023 

75 . 

.006 

.0058 

-.021 

-.003 

.0065 

-.010 

-.113 

.0172 

.017 

76 . . 

.014 

.0080 

-.029 

.002 

.0109 

-.019 

— .  157 

.0318 

.004 

77 . . 

-.014 

.0045 

.  012 

-.010 

.0056 

.015 

-.024 

.  0083 

.020 

78 . 

-.002 

.0045 

-.004 

-.004 

.0052 

.003 

-.017 

.0074 

.010 

79 _ 

.008 

.0049 

-.  0191  .  006 

.0060 

-.013 

-.013 

.0084 

.001 

Combina- 

A  Cl. 

u  6 

ACmc/4 

<1 

A  C'l 

e 

A  Ci. 

ACmcH 

tion 

a  =  0° 

a  =  4° 

a  =  12° 

80 _ 

0.015 

0.  0060 

-0.  029 

0.018 

0. 0064 

-0.  023 

-0.013 

0.0107 

-0.  008 

81 _ 

.020 

.0080 

-.030 

.021 

.0084 

-.032 

-.014 

.0136 

-.015 

82 . . 

-.017 

.  0054 

.015 

-.018 

.0057 

.018 

-.027 

.0070 

.021 

83 _ 

-.006 

.  0045 

-.003 

-.008 

.  0053 

.004 

-.018 

.  0065 

.012 

84 _ 

.005 

.0049 

-.019 

.001 

.0054 

-.012 

-.015 

.  0069 

.004 

85 _ 

.  012 

.  0054 

-.030 

.013 

.  0059 

-.  025 

-.003 

.  C067 

-.009 

86 _ 

.017 

.0071 

—.034 

.017 

.0071 

-.032 

.002 

.  0076 

-.023 

87 _ 

-.021 

.0040 

.011 

-.024 

.0048 

.017 

-.033 

.0059 

.020 

88 _ 

-.010 

.0038 

-.006 

-.014 

.  0040 

.003 

-.034 

.0056 

.014 

89 _ 

.001 

.  0038 

-.023 

-.005 

.0041 

-.014 

-.019 

.0052 

.003 

90 _ 

.007 

.  0046 

-.033 

.006 

.0045 

-.026 

-.010 

.0052 

-.007 

91 _ 

.012 

.0064 

-.037 

.012 

.0059 

-.034 

-.007 

.0074 

-.022 

92 _ 

-.021 

.0038 

.014 

-.024 

.0045 

.022 

93 _ 

-.013 

.  0035 

-.  002 

-.015 

.0033 

.008 

94 _ 

-.003 

.0037 

-.018 

-.  007 

.0035 

-.  007 

95 _ 

.001 

.0040 

-.029 

.000 

.0039 

-.020 

96 _ 

.004 

.  0056 

-.034 

.005 

.0052 

-.032 

97 _ 

-.041 

.0052 

.023 

-.040 

.0061 

.022 

-.051 

.0084 

.009 

98 _ 

-.034 

.0045 

.011 

-.035 

.0052 

.014 

-.044 

.  0062 

.010 

99 _ 

-.  023 

.  0052 

-.007 

-.026 

.0046 

-.001 

-.035 

.0052 

.004 

100 _ 

-.010 

.0052 

-.022 

-.015 

.0050 

-.017 

-.030 

.0056 

-.008 

101 _ 

-.  002 

.0058 

-.032 

-.004 

.0056 

-.029 

-.019 

.0055 

-.020 

102 _ 

.002 

.0071 

-.033 

.004 

.0067 

-.035 

-.011 

.0064 

-.032 

103.. . 

-.006 

.0048 

.013 

-.005 

.0057 

.020 

-.011 

.  0068 

.026 

104 _ 

.004 

.  0046 

-.003 

.006 

.  0050 

.006 

-.004 

.0059 

.017 

105 _ 

.017 

.0047 

-.018 

.014 

.0051 

-.009 

-.002 

.0065 

.  009 

106 _ 

.023 

.0053 

-.029 

.024 

.0055 

-.022 

.007 

.  0067 

-.003 

107 _ 

.025 

.0073 

-.034 

.026 

.0071 

-.031 

.010 

.0074 

-.016 

108. . . 

.016 

.0049 

.016 

.018 

.0056 

.  027 

.011 

.0080 

.045 

109 _ 

.024 

.0049 

.000 

.024 

.0052 

.013 

.014 

.0075 

.036 

110. . 

.034 

.0052 

-.017 

.034 

.0057 

-.001 

.018 

.0070 

.025 

Ill _ 

.040 

.0063 

-.029 

.040 

.  0060 

-.014 

.023 

.0072 

.012 

112... . 

.043 

.0077 

-.037 

.045 

.0073 

-.026 

.026 

.0087 

.001 

113. . 

.002 

.  0193 

.008 

-.009 

.0191 

.013 

-.069 

.0289 

.027 

114 _ 

.010 

.018b 

-.005 

.001 

.0183 

-.001 

-.064 

.  0265 

.015 

115 _ 

.020 

.0194 

-.019 

.012 

.0182 

-.011 

-.047 

.0230 

.003 

116 _ 

.030 

.  0204 

-.033 

.020 

.0187 

-.029 

-.024 

.0202 

-.011 

117 . . 

.034 

.0222 

-.043 

.031 

.  0202 

-.042 

-.003 

.  0192 

-.025 

118 . 

.000 

.0178 

.000 

.007 

.0185 

.010 

.029 

.0225 

.024 

119. . . 

-.020 

.0194 

.019 

-.024 

.0210 

.026 

-.035 

.0269 

.031 

120. 

-.010 

.0188 

.005 

-.012 

.0204 

.012 

-.027 

.  0246 

.023 

121 _ 

-.002 

.0193 

-.008 

-.003 

.0197 

-.001 

-.012 

.0238 

.012 

122 . . 

.  C03 

.0200 

-.020 

.004 

.0204 

-.012 

-.007 

.0237 

.001 

123 _ 

.003 

.0216 

-.027 

.011 

.0212 

-.023 

-.002 

.0233 

-.010 

124 _ 

-.003 

.  0076 

.015 

-.004 

.0088 

.020 

-.016 

.0211 

.035 

125 . . 

.002 

.0069 

.002 

.001 

.  0076 

.008 

-.006 

.  0132 

.026 

126 . . 

.008 

.0077 

-.012 

.  006 

.  0070 

-.006 

.001 

.0077 

.011 

127 _ 

.013 

.  0C93 

-.028 

.012 

.0077 

-.020 

.010 

.0062 

-.006 

128 _ 

.011 

.0124 

-.039 

.016 

.  0094 

-.035 

.019 

.  0060 

-.024 

129..  .  . 

.000 

.0061 

.000 

.015 

.0071 

.  0C9 

.047 

.0110 

.032 

130 _ 

-.008 

.0077 

.  012 

-.005 

.0095 

.019 

-.007 

.0169 

.030 

131 _ 

-.002 

.  0069 

-.002 

-.001 

.  0080 

.006 

-.003 

.0131 

.019 

132 _ 

.003 

.  0076 

-.015 

.004 

.0082 

-.008 

-.005 

.0114 

.012 

133 _ 

.  004 

.  0093 

-.025 

.069 

.0089 

-.020 

-.005 

.0110 

.000 

134 _ 

.007 

.0125 

-.034 

.010 

.0103 

-.030 

-.009 

.0107 

-.013 

135..  .  . 

.  000 

.0032 

.000 

.016 

.0037 

.009 

.043 

.0043 

.024 

136 _ 

.000 

.0034 

.000 

.012 

.0040 

.008 

.044 

.0047 

.025 

137 . . 

.000 

.0035 

.000 

.013 

.0042 

.007 

.045 

.  0046 

.020 

138... . 

.000 

.0176 

.000 

.012 

.0183 

.008 

.039 

.0218 

.021 

139 . . 

.000 

.0058 

.000 

.019 

.0064 

.008 

.059 

.0110 

.  021 

140 _ 

-.056 

.  0055 

.032 

-.014 

.0051 

.030 

.062 

.0052 

.027 

141 _ 

.000 

.0040 

.000 

.040 

.0041 

.000 

.  Ill 

.0055 

.001 

142 _ 

.056 

.  0055 

-.032 

.090 

.  0056 

-.032 

.  160 

.  0065 

-.035 

143... . 

.004 

.0048 

.009 

.007 

.0050 

.015 

.021 

.  0076 

.027 

144 _ 

.048 

.0051 

-.005 

.056 

.  0052 

-.001 

.077 

.  0076 

.007 

145 . . 

.045 

.0049 

-.005 

.056 

.  0050 

.000 

.076 

.  0069 

.009 

146 _ 

-.004 

.0048 

-.009 

.004 

.  0050 

-.004 

-.029 

.0098 

.010 

147 _ 

-.048 

.0051 

.005 

-.030 

.0054 

.008 

-.052 

.0070 

.009 

148 _ 

-.045 

.0049 

.005 

-.032 

.  0055 

.009 

-.021 

.  0069 

.010 

149 _ 

.006 

.0054 

.006 

.007 

.0051 

.014 

.005 

.  0060 

.027 

150 _ 

-.004 

.  0051 

.009 

-.001 

.0051 

.017 

-.002 

.  0062 

.030 

151... . 

-.001 

.  0062 

.009 

-.  009 

.0060 

.020 

-.006 

.0073 

.  026 

152 . . 

-.009 

.  0061 

.008 

-.010 

.0058 

.016 

-.007 

.  0067 

.028 

153. . . 

-.  009 

.  0063 

.008 

-.  013 

.  0064 

.017 

-.011 

.0080 

.029 

154 . 

-.006 

.  0054 

-.006 

-.002 

.  CO  59 

.002 

-.004 

.0074 

.012 

155... . 

.004 

.0051 

-.009 

.  003 

.0058 

-.001 

.000 

.0073 

.007 

156 . 

.001 

.  0062 

-.009 

-.008 

.0082 

.002 

-.  050 

.0188 

.016 

157 _ 

.009 

.0061 

-.008 

.004 

.  0074 

-.001 

-.071 

.0232 

.013 

158 _ 

.009 

1  .0063 

-.008 

-.001 

.0083 

.003 

-  070 

.0240 

.015 
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TABLE  III.— LIFT  AND  INTERFERENCE,  DRAG  AND  INTERFERENCE,  AND  PITCHING  MOMENT  AND 
INTERFERENCE  OF  FUSELAGE  IN  WING-FUSELAGE  COMBINATIONS— Continued 


C'ombina- 

A  Cl 

A  Cd  i 

« 

AG,/, 

A  Cl 

1 

AC d  € 

| 

ACmt/i 

A  Cl  I 

A  cDt 

A  Cm  .. 

tion 

a—  —4° 

o 

o 

II 

8 

O 

00 

II 

8 

159 _ 

0.  001 

0.  0037 

0.  007 

-0. 003 

0.  0033 

0.  014 

-0.  009 

0. 0043 

0. 027 

160 _ 

.010 

.0037 

-.012 

.012 

.0032 

-.004 

.  003 

.0033 

.013 

161 _ 

.022 

.0044 

-.027 

.  023 

.  0035 

-.021 

.013 

.  0032 

-.005 

162 _ 

.029 

.0058 

-.034 

.031 

.0047 

-.035 

.024 

.  0037 

-.022 

163 _ 

.030 

.0091 

-.032 

.034 

.0071 

-.037 

.034 

.  0043 

-.038 

164 _ 

.003 

.0036 

.004 

.024 

.0035 

.013 

.062 

.0043 

.026 

165 . 

-.024 

.  0033 

-.011 

-.  002 

.0033 

-.003 

.033 

.0044 

.011 

166 _ 

-.056 

.  0045 

-.025 

-.035 

.0039 

-.017 

.005 

.0041 

-.002 

167 _ 

-.  003 

.0046 

-.007 

-.002 

.0052 

.004 

-.016 

.0067 

.014 

168 . - 

.009 

.0048 

-.020 

.007 

.0051 

-.013 

-.009 

.0063 

.006 

169 _ 

.015 

.  0055 

-.030 

.018 

.  0054 

-.026 

-.002 

.0063 

-.006 

170 _ 

.021 

.0073 

-.035 

.021 

.  0063 

-.  032 

.  004 

.0067 

-.019 

171 . - 

.023 

.0098 

-.039 

.027 

.0083 

-.035 

.011 

.0078 

-.027 

172 _ 

-.031 

.0064 

-.011 

-.004 

.0060 

.000 

.036 

.  0088 

.022 

173 _ 

-.005 

.  0049 

-.015 

.001 

.0056 

-.  005 

-.  049 

.0231 

.006 

174 _ 

.  000 

.0193 

-.011 

-.006 

.0201 

.004 

-.053 

.  0397 

.014 

175 _ 

-.003 

.0072 

-.017 

.004 

.0077 

-.002 

-.037 

.0226 

.028 

176 _ 

.  .08 

.0045 

-.018 

.025 

.  0043 

-.007 

.047 

.0058 

.010 

177 _ 

-.  026 

.  0038 

-.013 

-.  006 

.0043 

-.004 

.035 

.0048 

.007 

178 . . 

-.040 

.0049 

-.013 

-.019 

.0048 

-.007 

.024 

.0054 

.001 

179 _ 

-.036 

.  0192 

-.007 

-.020 

.0191 

-.001 

.018 

.0217 

.007 

ISC _ 

-.  638 

.  0069 

-.012 

-.  014 

.0064 

-.004 

.027 

.0095 

.013 

«  =  0° 

P 

II 

o 

a=  12° 

181 _ 

-0.  014 

0.  0041 

0.  022 

-0.  017 

0.  0045 

0.  026 

-0.  023 

0. 0055 

0.  034 

182 _ 

-.004 

.0038 

.012 

-.010 

.  0039 

.015 

-.017 

.0037 

.025 

183 _ 

.  006 

.0038 

-.004 

.001 

.  0036 

.001 

-.006 

.0030 

.015 

184 _ 

.  015 

.0044 

-.016 

.010 

.0037 

-.015 

.003 

.0032 

.CCO 

185.. . 

-.009 

.0031 

.008 

-.001 

.0031 

.014 

.017 

.0033 

.029 

186 _ 

.  000 

.0022 

.OCC 

.018 

.0024 

.  cor 

.032 

.0038 

.020 

187 _ 

.009 

.0031 

-.008 

.026 

.  CC36 

-.001 

.029 

.  CC69 

.010 

Combina- 

A  Cl 

ACl>( 

AC,„c/4 

A  Cl 

A  Cd  t 

ACmc/4 

A  Cl 

A  Cd, 

ACm  / 

tion 

a  =  0° 

a  =  4° 

a  =  12° 

188 _ 

-0.006 

0.  0038 

0.004 

-0.  002 

0.  0050 

0.009 

-0.017 

0.  0075 

0.  005 

189 _ 

.  004 

.0038 

-.012 

.005 

.0051 

-.003 

-.  012 

.  0076 

.002 

190 _ 

.014 

.  0041 

-.022 

.  014 

.0051 

-.016 

-.006 

.0077 

-.004 

191 . . 

.  021 

.0051 

-.029 

.023 

.0055 

-.025 

.  002 

.0084 

-.013 

192 . . 

.003 

.0043 

.018 

.004 

.0053 

.027 

.013 

.  0079 

.037 

193 . . 

.012 

.  0042 

.002 

.011 

.0045 

.013 

.015 

.0056 

.030 

194 _ 

.016 

.0047 

-.016 

.016 

.0044 

-.003 

.  022 

.  0043 

.020 

195 _ 

.026 

.0054 

-.030 

.024 

.0047 

-.020 

.022 

.  0042 

.005 

196 _ 

.028 

.0073 

-.032 

.030 

.0054 

-.033 

.020 

.0062 

-.013 

197_ . . 

.000 

.0037 

.000 

.044 

.  0037 

.  009 

.  114 

.0147 

.003 

198 _ 

-.016 

.0047 

.016 

-.019 

.  0057 

.026 

-.  016 

.  0097 

.028 

199. . - 

-.012 

.0042 

-.002 

-.013 

.0049 

.013 

-.  019 

.0074 

.027 

200 _ 

-.003 

.0043 

-.018 

-.005 

.0048 

-.005 

-.015 

.  0060 

.  020 

201 _ 

.004 

.0051 

-.030 

.  006 

.0047 

-.021 

-.006 

.  0054 

.006 

202 _ 

.008 

.  0065 

-.038 

.012 

.  0058 

-.031 

.004 

.  0053 

-.013 

203 _ 

.021 

.  0049 

.010 

.040 

.0055 

.012 

.077 

.  0086 

.  011 

204 _ 

.000 

.  0042 

.000 

.018 

.0048 

.  006 

.  055 

.0061 

.011 

205 _ 

-.021 

.  0049 

-.010 

-.003 

.0051 

-.005 

.025 

.  0059 

.004 

206 _ 

.  000 

.  0187 

.000 

.  009 

.  0201 

.006 

.037 

.0258 

.016 

207 _ 

.000 

.0081 

.000 

.022 

.  0090 

.010 

.056 

.  0139 

.027 

a=  —4° 

a  =  0° 

<*= 8° 

208 _ 

-0.019 

0.0047 

-0.  006 

0.  003 

0.  0041 

-0.  001 

0.  039 

0.  0054 

0.  013 

a  =  0° 

a  =  4° 

a  =  12° 

2C9 _ 

0.  COO 

'  0.0034 

0.  000 

0.014 

0.  0039 

0.004 

0.  040 

0.  0058 

0.011 

TABLE  IV—  INTERFERENCE  DATA  FOR  DISCONNECTED  COMBINATIONS 


Combi¬ 

nation 

Interference  on  wing  in  presence  of  fuselage 

a  Cl 

SCn 

e 

5Cmcl\ 

a  Cl 

aCn 

c 

bCmcH  1 

a  Cl 

SCd  e 

aCmc/4 

- 

P 

II 

O 

o 

«  =  4° 

a  =  12° 

26 

-0. 021 

-0.  0003 

0.007 

-0.  022 

-0.  0023 

0.  006 

-0.  026 

0.  0011 

0.  004 

27 

.  006 

.0001 

.005 

-.005 

-.0029 

.007 

-.017 

-.0002 

.  005 

28 

-.018 

-.0004 

.006 

-.016 

-.  0022 

.006 

-.  020 

.0007 

.003 

29 

-.005 

.0003 

.007 

.001 

-.  0027 

.006 

-.007 

-.  0013 

.003 

30 

.010 

.  0006 

.008 

.013 

-.0033 

.007 

.010 

-.0044 

.003 

31 

-.011 

.0000 

.004 

-.013 

-.0018 

.  004 

-.  018 

-.  0001 

.002 

32 

.002 

.0003 

.004 

-.  001 

-.  0022 

.005 

-.005 

-. 0026 

.002 

33 

.016 

.0012 

.004 

.911 

-.  0026 

.  006 

.008 

-.0044 

.001 

34 

.  029 

.0010 

.005 

.024 

-.0030 

.005 

.021 

-.  0067 

.001 

35 

.  041 

.  0909 

.006 

.038 

-.0040 

.004 

.035 

-. 0090 

.  COO 

36 

-.004 

.  0001 

.  005 

-.011 

-.0015 

.  003 

-.019 

-.0002 

.002 

37 

.009 

.0004 

.  005 

-.001 

-.0017 

.004 

-.002 

-.0031 

.  002 

38 

.022 

.0008 

.005 

.011 

-.  0021 

.004 

.  006 

-.0041 

.  C02 

39 

.  033 

.0011 

.005 

.024 

-.  0026 

.003 

.017 

-.0061 

.  001 

40 

.040 

.0009 

.004 

.037 

-.  0034 

.003 

.036 

-.0084 

.  001 

41 

.  000 

.0004 

.003 

-.  009 

-.  0010 

.002 

-.  021 

.0005 

.003 

42 

.  Oil 

.  0007 

.003 

.  001 

-.0015 

.001 

-.011 

-.0013 

.002 

43 

.021 

.0012 

.003 

.  009 

-.0017 

.  001 

-.004 

-. 0026 

.  002 

44 

.031 

.0013 

.002 

.019 

-.0021 

.001 

.006 

-.  0040 

.  001 

45 

.042 

.0014 

.002 

.030 

-.  0028 

.  000 

.029 

-.  0068 

.  000 

46 

-.  010 

.  0002 

.  005 

-.014 

-.0021 

.003 

-.  018 

-.0011 

.003 

47 

.003 

.0010 

.006 

-.001 

-.0024 

.004 

-.008 

-.  0026 

.003 

48 

.018 

.0013 

.007 

.011 

-.0028 

.  004 

.005 

-. 0053 

.  002 

49 

.032 

.  001 1 

.006 

.022 

-. 0030 

.  005 

.019 

-.0071 

.001 

50 

.044 

.  0007 

.  006 

.037 

-.0036 

.  003 

.  032 

-.  0095 

.001 

51 

.058 

.  0003 

.005 

.  050 

-.0046 

.003 

.046 

-.0115 

.000 

52 

-.024 

-.  0003 

.004 

-.026 

-.0004 

.003 

-.028 

.  0036 

.001 

53 

-.009 

.0002 

.004 

-.012 

-.  0009 

.  004 

-.  016 

.0013 

.001 

54 

.004 

.  0005 

.  005 

-.001 

-.0013 

.004 

-.002 

-.0007 

.001 

55 

.  017 

.  0005 

.006 

.013 

-.  0020 

.004 

.010 

-.0028 

.002 

56 

.030 

.  0006 

.  006 

.028 

-.  0033 

.003 

.023 

-.  0054 

.001 

57 

-.041 

-.  0009 

.004 

-.047 

.0007 

.004 

-.049 

.  0068 

.003 

58 

-.030 

.  0000 

.005 

-.036 

.0004 

.005 

-.036 

.  0051 

.002 

59 

-.018 

.  0005 

.006 

-.022 

.  0000 

.006 

-.  026 

.  0039 

.002 

60 

-.004 

.  0009 

.  006 

-.010 

-.0002 

.006 

-.012 

.0016 

.  003 

61 

.  009 

.  0010 

.007 

.  004 

-.  0012 

.005 

.002 

-.0004 

.003 

74 

-.  006 

.  0001 

-.005 

-.  036 

.  0061 

-.004 

-.  068 

.0265 

-.007 

75 

.  021 

-.  0003 

-.007 

.020 

.  0039 

-.007 

-.083 

.0252 

-.004 

76 

.  037 

-.  0010 

-.007 

.027 

.0037 

-.008 

-.  134 

.0331 

-.014 

77 

-.010 

.  0006 

-.008 

.000 

.  0065 

-.012 

-.005 

.  0243 

-.  014 

78 

.  005 

.  0003 

-.007 

.012 

.  0052 

-.  009 

.013 

.0213 

-.  Oil 

79 

.  018 

-.  0004 

-.  006 

.027 

.  0037 

-.008 

.  024 

.0185 

— .  0C9 

80 

.032 

-.  0013 

-.  004 

.  043 

.0017 

-.  006 

.033 

.0161 

— .  COS 

81 

.046 

-.  0027 

-.003 

.055 

-.  0004 

-.005 

.040 

.0131 

-.006 

82 

-.016 

.0012 

-.004 

-.012 

.0057 

-.  007 

-.016 

.0198 

-.008 

83 

-.  002 

.  0003 

-.004 

.002 

.0047 

-.007 

.  002 

.0174 

-.009 

84 

.011 

.  0000 

-.004 

.016 

.  0033 

-.  006 

.012 

.0151 

-.  007 

85 

.024 

-.  0909 

-.004 

.030 

.0018 

-.  005 

.030 

.0116 

-.006 

Characteristics  of  fuselage  in  presence  of  wing 


Cl 

1 

c"-  i 

Cmc/4  | 

Cl 

Cd  t 

,n  c/4 

Cl 

CD 

€ 

Cm  c/i 

— - - 

a  =  0° 

O 

II 

8 

a  =  12° 

0.015 

0.  0061 

0.014 

0.  cos 

0.  0081 

0.  022 

0  004 

0.  0078 

0.  034 

.005 

.0055 

-.007 

.  001 

.  0076 

.006 

-.003 

.0084 

.025 

.010 

.0053 

.013 

.004 

.0069 

.  022 

.001 

.0070 

.  032 

.007 

.  0042 

-.003 

-.001 

.0066 

.009 

-.007 

.0075 

.024 

.004 

.  0039 

-.  020 

-.003 

.0073 

-.  008 

-.012 

.0090 

.011 

.003 

.0049 

.015 

.001 

.0065 

.024 

-.001 

.  0064 

.035 

.004 

.0042 

-.001 

-.004 

.0064 

.010 

-.109 

.  0072 

.026 

.001 

.  0042 

-.019 

-.004 

.0069 

-.006 

-.013 

.0088 

.013 

-.003 

.  0050 

-.033 

-.008 

.0083 

-.024 

-.016 

.0110 

-.0(3 

-.011 

.  0069 

-.  039 

-.013 

.0105 

-.  036 

-.  017 

.0137 

-.021 

.003 

.0037 

.018 

-.001 

.  0050 

.025 

-.002 

.  C055 

.  036 

.001 

.0034 

.001 

-.005 

.  0051 

.012 

-.009 

.  0060 

.029 

-.  001 

.  0032 

-.016 

-.005 

.  C057 

-.005 

-.013 

.0071 

.018 

-.005 

.  0039 

-.028 

-.007 

.  C067 

-.021 

-.016 

.  0090 

.001 

-.012 

.  0053 

-.035 

-.  012 

.  0085 

-.033 

-.016 

.0114 

-.017 

.003 

.0033 

.  015 

.002 

.  0039 

.024 

.  000 

.  0040 

.  038 

.002 

.0028 

-.001 

-.002 

.0043 

.  010 

-.005 

.0044 

.  030 

.000 

.0026 

-.017 

-.  003 

.  0047 

-.  C05 

-.  009 

.  0055 

.019 

-.004 

.  0032 

-.029 

-.006 

.  0052 

-.  021 

-.012 

.0071 

.002 

-.009 

.0049 

-.035 

-.  009 

.  0069 

-.  032 

-.011 

.0091 

-.  014 

.012 

.  0056 

.  027 

.008 

.0087 

.  025 

.005 

.  0121 

.027 

.007 

.  0042 

.  016 

.002 

.  0079 

.020 

-.  003 

.0102 

.020 

.005 

.0039 

.  000 

-.002 

.  0079 

.COS 

-.  010 

.0110 

.  020 

.002 

.  0034 

-.017 

-.003 

.  0.085 

-.012 

-.013 

.0126 

.008 

-.003 

.  0045 

-.029 

-.006 

.  0092 

-.029 

-.015 

.0145 

-.008 

-.011 

.  0067 

-.033 

-.012 

.0111 

-.038 

-.015 

.0169 

-.028 

.007 

.  0050 

.  014 

.003 

.  0060 

.025 

.  003 

.0037 

.  040 

.005 

.  0044 

-.001 

-.002 

.  0057 

.008 

-.004 

.0040 

.029 

.002 

.0043 

-.018 

-.004 

.  0062 

-.009 

-.011 

.0056 

.018 

-.004 

.  0048 

-.034 

-.008 

.0073 

-.025 

-.  017 

.0077 

.000 

—.012 

.  0065 

-.042 

-.012 

.  0092 

-.  039 

-.017 

.  0106 

-.018 

.007 

.0061 

.013 

.004 

.  0047 

.  029 

.011 

.0011 

.058 

.  006 

.0049 

-.005 

-.  002 

.0041 

.014 

.001 

.0003 

.643 

.002 

.0044 

-.022 

-.003 

.0044 

-.  005 

-.008 

.0012 

.  02S 

-.002 

.  0045 

-.  037 

-.006 

.  0049 

-.023 

-.012 

.  0028 

.011 

-.  009 

.0058 

-.  050 

-.011 

.0065 

-.038 

-.015 

.  0053 

-.009 

-.005 

.0055 

.007 

-.009 

.0017 

.018 

-.  020 

-.0110 

.030 

-.015 

.0061 

-.014 

-.023 

.  0026 

-.003 

-.030 

-.  0080 

.021 

-.023 

.  0090 

-.022 

-.025 

.0072 

-.011 

-.023 

-.0013 

.018 

-.  004 

.0039 

.  020 

-.010 

-.0009 

.027 

-.019 

-.0160 

.034 

-.007 

.0042 

.003 

-.016 

.0000 

.012 

-.030 

-.  0139 

.021 

-.010 

.0053 

-.013 

-.021 

.  0023 

-.  005 

-.037 

-.0101 

.010 

-.  017 

.0073 

-.025 

-.025 

.  0047 

-.017 

-.046 

-.  0054 

.  ooo 

-.026 

-.0107 

-.027 

-.034 

.0088 

-.027 

-.054 

.0005 

-.009 

-.001 

.  0042 

.019 

-.006 

.  0000 

.025 

-.011 

-.0128 

.029 

-.004 

.  0042 

.001 

-.010 

.  0006 

.011 

-.  020 

-  0109 

.021 

-.006 

.  0049 

-.  015 

-.015 

.  0021 

-.006 

-.027 

-.0082 

.011 

-.012 

.0063 

-.026 

-.017 

.  0041 

-.020 

-.033 

-.  0049 

-.003 

•8 

mbi- 

tiou 

86 

87 

88 

89 

90 

91 

92 

93 

94 

95 

96 

97 

98 

99 

100 

101 

102 

103 

104 

105 

106 

107 

108 

109 

110 

lit 

112 

113 

114 

115 

116 

117 

119 

120 

121 

122 

123 

124 

125 

126 

127 

128 

130 

131 

132 

133 

134 

159 

160 

161 

162 

163 

167 

168 

169 

1 70 

171 

181 

182 

183 

184 

188 

189 

190 

191 

192 

193 

194 

195 

196 

198 

199 

200 

201 

202 
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TABLE  IV.— INTERFERENCE  DATA  FOR  DISCONNECTED  COMBINATIONS— Continued 


Interference  on  wing  in  presence  of  fuselage  Characteristics  of  fuselage  in  presence  of  wing 


8  Cl 

bCr>  6 

3Cl 

5  Co 

e 

bC m  /, 
c/4 

SCl 

5Cd  e 

SCmcit 

Cl 

Cd. 

Cmc/i 

Cl 

Cd. 

C 

1 m'H 

Cl 

Cd 

e 

ft 

II 

o 

O 

a  =  4° 

a=  12° 

o 

o 

II 

8 

ft 

II 

4^ 

o 

ft 

II 

to 

o 

0. 037 

-0. 0018 

-0.  003 

0.  042 

-0. 0001 

-0.  004 

0.041 

0.  0080 

-0.  005 

-0.  020 

0. 0089 

-0.  031 

-0.  025 

0.  0072 

-0.  028 

-0.  039 

-0.  0004 

-0.018 

-.022 

.OOOS 

-  005 

-.022 

.  0049 

-.  005 

-.032 

.0160 

— .  006 

.001 

.0032 

.016 

-.  002 

-.0001 

.022 

-.001 

-.0101 

.026 

-.  009 

.0004 

-.  005 

-.  009 

.  0038 

-.  006 

-.  025 

.0148 

-.006 

-.001 

.0034 

-.001 

-.  005 

.  0002 

.009 

.  009 

-.  0092 

.020 

.004 

.0001 

-.005 

.004 

.0028 

-.  006 

-.003 

.  0125 

-.  006 

-.003 

.0037 

-.018 

-.009 

.0013 

-.  008 

-.016 

-. 0073 

.009 

.015 

-. 0004 

-.  004 

.017 

.  0016 

-.  005 

.011 

.0098 

-.  005 

-.008 

.0050 

-.  029 

-.011 

.  0029 

-.021 

-.021 

-.  0046 

-.002 

.  026 

-. 0009 

-.003 

.029 

.0005 

-.004 

.019 

.0084 

—.004 

-.014 

.0073 

-.034 

—.017 

.0054 

-.030 

-.026 

-.  0010 

-.018 

— .  021 

.  0012 

-.003 

-.023 

.0041 

-.002 

.  000 

.  0026 

.017 

-.  001 

.  0004 

.  024 

— .  011 

.0007 

-.003 

-.011 

.0028 

-.  003 

—.002 

.  0028 

.001 

-.004 

.  0005 

.011 

.000 

.0004 

-.003 

.000 

.  0020 

-.  003 

— .  003 

.  0033 

—.015 

-.007 

.0015 

-.  004 

.  008 

-.  0002 

-.  003 

.009 

.0013 

-.003 

-.007 

.  0042 

-.  026 

-.009 

.0026 

-.017 

.  017 

-. 0007 

-.003 

.018 

.0004 

-.003 

-.  013 

.  0063 

-.031 

-.013 

.0048 

-.029 

-.044 

.0007 

-.  006 

-.043 

.0072 

-.007 

-.056 

.0234 

-.  010 

.003 

.0045 

.029 

.003 

-.  0011 

.029 

.005 

-.0150 

.019 

-.032 

.0011 

-.006 

-.  031 

.0068 

-.  007 

-.038 

.0220 

-  010 

-.002 

.0034 

.017 

-.004 

-.0016 

.021 

-.  006 

-.0158 

.020 

-.018 

.  0013 

-.007 

-.017 

.0061 

-.007 

-.019 

.0204 

-.009 

-.005 

.0039 

.000 

-.  009 

-.0015 

.006 

-.016 

-.0152 

.013 

-.  003 

.0010 

-.006 

-.002 

.  0050 

-.007 

-.008 

.0188 

-.010 

-.007 

.0042 

-.  016 

-.013 

.0000 

-.010 

-.  022 

-.0132 

.002 

.010 

.0002 

-.  005 

.012 

.  0039 

-.006 

.010 

.  0160 

-.009 

-.012 

.0056 

-.027 

-.016 

.0017 

-.  023 

-.  029 

-.  0105 

-.011 

.022 

-.0007 

-.004 

.028 

.0021 

-.005 

.024 

.0129 

-.  008 

-.020 

.0078 

-.029 

-.024 

.  0046 

-.  030 

-.035 

-.  0065 

-.024 

-.004 

.0005 

-.  005 

.002 

.0045 

-.007 

.002 

.0171 

-.  010 

-.002 

.0043 

.018 

-.007 

.  0012 

.027 

-.  013 

-.0103 

.036 

.009 

.  0002 

-.004 

.017 

.0029 

-.005 

.018 

.0140 

-.009 

-.005 

.0044 

.001 

-.011 

.  0021 

.011 

-.022 

-.0081 

.026 

.024 

-. 0003 

-.  004 

.030 

.0016 

-.  005 

.029 

.0111 

-.006 

-.007 

.0050 

-.014 

-.016 

.0035 

-.  004 

-.031 

-.  0046 

.015 

.037 

-.  0011 

-.002 

.041 

-. 0003 

-.  003 

.042 

.0075 

-.004 

-.014 

-. 0064 

-.027 

-.017 

.0058 

-.019 

-.  035 

-.  0008 

.001 

.049 

-.0019 

-.001 

.052 

-.  0021 

-.003 

.052 

.0032 

-.002 

-.024 

.0092 

-.  033 

-.026 

.  0092 

-.  028 

-.042 

.  0042 

-.014 

.018 

.  0005 

-.006 

.027 

.0028 

-.007 

.028 

.0132 

-.007 

-.002 

.  0044 

.022 

-.009 

.  0028 

.034 

-.017 

-.  0052 

.052 

.030 

.0000 

-.005 

.037 

.0011 

-.  008 

.040 

.0098 

-.006 

-.006 

.0049 

.005 

-.013 

.  0041 

.019 

-.026 

-.  0023 

.042 

.011 

-. 0009 

-.004 

.050 

-. 0005 

-.004 

.052 

.  0055 

-.004 

-.007 

.0061 

-  013 

-.016 

.  0062 

.003 

-.  034 

.0015 

.029 

.  052 

-.0018 

-.  003 

.053 

-. 0025 

-.  003 

.060 

.0015 

-.003 

-.012 

.00S1 

-.  026 

-.018 

.  0085 

-.011 

-.037 

.  0057 

.015 

.062 

-.0023 

-.  002 

.068 

-.0047 

-.002 

.087 

-.  0025 

-.001 

-.019 

.0105 

-.  035 

-.023 

.0120 

-.  024 

-.041 

.0112 

.002 

-.003 

-.0001 

.004 

-.009 

-.0015 

.001 

-.077 

.0060 

.000 

.005 

.0194 

.004 

.000 

.  0206 

.  012 

.008 

.  0229 

.027 

.006 

.0001 

.004 

.004 

-.  0022 

.001 

-.  064 

.  0046 

-.002 

.004 

.0187 

-.  009 

-.  003 

.0205 

-.002 

.000 

.  0219 

.017 

.019 

.0007 

.005 

.015 

-. 0026 

.003 

-.041 

.0011 

-.001 

.001 

.0187 

-.024 

-.003 

.0208 

-.014 

-.  006 

.0219 

.004 

.032 

.0007 

.005 

.026 

-.  0029 

.002 

-.012 

-.  0028 

-.002 

-.002 

.0197 

-.038 

-.006 

.0216 

-.031 

-.012 

.0230 

-.  009 

.014 

.0004 

.005 

.041 

-. 0039 

.002 

.013 

-.0061 

-.002 

-.010 

.0218 

-.048 

-.010 

.0241 

-.044 

-.016 

.0253 

-.023 

-.019 

.0007 

-.005 

-.017 

.0051 

-.006 

-.022 

.0203 

-.009 

-.001 

.0187 

.024 

-.007 

.0159 

.032 

-.013 

.0066 

.040 

-.  003 

.0001 

-.004 

-.001 

.  0044 

-.  006 

-.006 

.0173 

-.008 

-.004 

.0187 

.009 

-.011 

.0160 

.018 

-.021 

.  0073 

.031 

.003 

-.0001 

-.004 

.011 

.0027 

-.004 

.015 

.0143 

-.007 

-.005 

.0194 

-.004 

-.014 

.0170 

.003 

-.027 

.0095 

.019 

.012 

-.  0007 

-.004 

.019 

.0015 

-.004 

.025 

.0116 

-.005 

-.009 

.0207 

-.  016 

-.015 

.0189 

-.008 

-.032 

.0121 

.006 

.018 

-. 0014 

-.002 

.030 

-.  0003 

-.003 

.036 

.0079 

-.004 

-.015 

.0230 

-.025 

-.019 

.0215 

-.020 

-.038 

.0154 

-.  006 

-.014 

.0000 

.005 

-.019 

-. 0002 

.003 

-.  047 

.  0054 

-.001 

.011 

.0076 

.010 

.015 

.0090 

017 

.031 

.0157 

.036 

.000 

.0004 

.005 

-.004 

-.  0006 

.004 

-.  022 

.  0020 

.000 

.002 

.0065 

-.003 

.005 

.0082 

.004 

.016 

.0112 

.026 

.015 

.0010 

.005 

.011 

-. 0014 

.004 

-.  003 

-.  0006 

-.001 

-.007 

.  0067 

-.017 

-.005 

.  0084 

-.010 

.004 

.0083 

.012 

.031 

.0007 

.005 

.026 

-.  0019 

.004 

.015 

-. 0037 

-.001 

-.018 

.  0086 

-.  033 

-.014 

.0096 

-.024 

-.005 

.0099 

-  005 

.043 

.  0002 

.005 

.040 

-. 0033 

.003 

.032 

-.  0065 

-.002 

-.032 

.0122 

-.044 

-.024 

.0127 

-.038 

-.013 

.0125 

-.  022 

-.015 

.  0010 

-.005 

-.015 

.  0047 

-.  006 

-.024 

.0182 

-.  009 

.007 

.0067 

.017 

.010 

.0048 

.025 

.017 

-.0013 

.039 

.000 

.0004 

-.  005 

.000 

.0036 

-.006 

-.  007 

.0161 

-.008 

-.002 

.0065 

.003 

-.001 

.0044 

.012 

.004 

-.  0030 

.027 

.014 

.  0000 

-.005 

.015 

.  0026 

-.008 

.003 

.0135 

-.007 

-.011 

.0076 

-.010 

-.011 

.0056 

-.  002 

-.013 

-.0021 

.019 

.027 

-. 0003 

-.004 

.023 

.0011 

-.005 

.017 

.0105 

-.006 

-.  023 

.0096 

-.021 

-.019 

.0078 

-.015 

-.022 

.0005 

.006 

.041 

-.0011 

-.002 

.040 

-.  0003 

-.004 

.041 

.0058 

-.004 

-.034 

.0136 

-.  032 

-.030 

.0111 

-.026 

-.032 

.0049 

-.009 

ft 

II 

1 

O 

a  =  0° 

O 

GO 

II 

s 

O 

1 

II 

ft 

II 

o 

O 

O 

GO 

II 

s 

-0.  003 

0.  0013 

0.  001 

0.  001 

-0.  0013 

-0.  001 

0.  001 

-0.  0013 

-0.  002 

0.  004 

0.  0024 

0.  006 

-0.  004 

0.  0046 

0.  0015 

-0.010 

0.  0056 

0.  0029 

.011 

.  0013 

.  000 

.017 

-.  0020 

-.002 

.017 

-.  0039 

-.004 

-.001 

.  0024 

-.012 

-.005 

.0052 

-.002 

-.014 

.0072 

.017 

.027 

.0012 

-.001 

.032 

-.  0030 

-.001 

.  030 

-. 0061 

-.004 

-.005 

.0032 

-.  026 

-.009 

.  0065 

-.  020 

-.017 

.  0093 

-.001 

.042 

.0005 

-.001 

.045 

-.  0040 

-.  002 

.041 

-.  0083 

-.  004 

-.013 

.  0053 

-.  033 

-.014 

.0087 

-.033 

-.017 

.0120 

-.018 

.054 

.0000 

.001 

.057 

-.  0050 

-.  002 

.055 

-.0109 

-.  005 

-.  024 

.0091 

-.033 

-.023 

.  0121 

-.035 

-.021 

.0152 

-.033 

.  002 

-. 0009 

-.010 

.009 

.  0038 

-.010 

.  006 

.0172 

-.010 

-.005 

.  0055 

.003 

-.011 

.0014 

.  014 

-.  022 

-.0105 

.024 

.015 

-.0014 

-.009 

.022 

.0018 

-.009 

.019 

.0138 

-.  008 

-.006 

.0062 

-.011 

-.  01.5 

.  0033 

-.  004 

-.028 

-.0075 

.014 

.027 

-.  0023 

-.008 

.035 

.0002 

-.008 

.030 

.0101 

-.  006 

-.012 

.0078 

-.022 

-.017 

.0052 

-.018 

-.032 

-.  0038 

.000 

.  039 

-.  0032 

-.  008 

.044 

-.  0020 

-.  006 

.041 

.  0063 

-.004 

-.018 

.0105 

-.  027 

-.023 

.0083 

— .  026 

-.037 

.0004 

-.015 

.052 

-.  0048 

-.008 

.058 

-.  0043 

-.007 

.052 

.0022 

-.  003 

-.029 

.0146 

-.031 

-.031 

.  0126 

-.028 

-.  041 

.  0056 

-.024 

O 

o 

II 

S 

ft 

II 

o 

a  =  12° 

ft 

II 

o 

O 

O 

1 

8 

a  =  12° 

-0.  028 

-0.  0013 

0.007 

-0.  024 

-0.  0042 

0.  006 

-0.  021 

-0.  0047 

0.  005 

0.  014 

0.  0054 

0.  015 

0.007 

0.  0087 

0.  020 

-0.  002 

0.0102 

0.  029 

-.016 

.0001 

.010 

-.013 

-.0037 

.008 

-.008 

-.  0066 

.005 

.012 

.0037 

.002 

.003 

.0076 

.007 

-.  009 

.0103 

.  020 

-.  002 

.0015 

.011 

-.001 

-.  0033 

.008 

.006 

-.0082 

.006 

.008 

.0023 

-.015 

.002 

.  0069 

-.  007 

-.012 

.  0112 

.  009 

.011 

.0027 

.013 

.012 

-.  0030 

.010 

.018 

-.  0094 

.007 

.004 

.0017 

-.029 

-.  002 

.  0067 

-.  025 

-.015 

.0126 

-.  007 

.002 

.0015 

-.011 

.014 

.0084 

-.012 

.008 

.0269 

-.014 

-.008 

.0023 

.015 

-.016 

-.0034 

.021 

-.025 

-.0194 

.019 

.016 

.  0001 

-.010 

.024 

.0066 

-.009 

.  021 

.0238 

-.011 

-.012 

.0037 

-.002 

-.019 

-.0015 

.006 

-.  033 

-.  0162 

.013 

.028 

-.0013 

-.007 

.038 

.0037 

-.007 

.034 

.0137 

-.008 

-.014 

.0054 

-.015 

-.024 

.0014 

-.009 

-.040 

-.0120 

.004 

.040 

-.0031 

-.004 

.050 

.0010 

-.005 

.048 

.  0154 

-.006 

-.019 

.0082 

-.025 

-.027 

.0045 

-.020 

-.046 

-.  0070 

-.007 

.002 

.0003 

.003 

.002 

-.  0007 

.003 

.004 

.0005 

.003 

.001 

.0040 

.015 

.002 

.  0060 

.024 

.009 

.0074 

.034 

.012 

.0005 

.003 

.014 

-.0013 

.002 

.014 

-.  0015 

.004 

.000 

.0037 

-.001 

-.  003 

.  0058 

.011 

.001 

.0071 

.026 

.019 

.0007 

.003 

.020 

-.  0017 

.002 

.025 

-.  0032 

.003 

-.003 

.0040 

-.019 

-.004 

.0061 

-.005 

-.  003 

.  0075 

.017 

.033 

.  0003 

.003 

.030 

-.0024 

.003 

.029 

-.  0044 

.002 

-.007 

.0051 

-.033 

-.006 

.  0071 

-.023 

-.007 

.  0086 

.003 

.042 

.  0001 

.005 

.040 

-. 0033 

.  003 

.027 

-.  0037 

.000 

-.014 

.  0072 

-.  037 

-.010 

.  0087 

-.036 

-.007 

.0099 

-.013 

-.  019 

.0007 

-.  003 

-.022 

.0039 

-.  003 

-.024 

.0139 

-.003 

.003 

.0040 

.019 

.  003 

.0018 

.029 

.008 

-.  0042 

.031 

-.012 

.0005 

-.  003 

-.011 

.  0036 

-.001 

-.016 

.0125 

-.  003 

.000 

.  0037 

.001 

-.002 

.0013 

.014 

-.003 

-.0051 

.030 

-.002 

.0003 

-.  003 

.000 

.  0029 

-.001 

-.004 

.0108 

-.002 

-.001 

.0040 

-.015 

-.005 

.0019 

-.004 

-.011 

-.  0048 

.022 

.011 

.0000 

-.  003 

.013 

.0019 

-.001 

.008 

.0090 

.000 

-.007 

.0051 

-.027 

-.007 

.0028 

-.020 

-.014 

-.0036 

.  006 

.023 

-. 0007 

-.004 

.026 

.0007 

-.001 

.022 

.0064 

-.001 

-.015 

.0072 

-.034 

-.014 

.0051 

-.030 

-.018 

-.0011 

-.012 
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TABLE  V— PRINCIPAL  AERODYNAMIC  CHARACTERISTICS  OF  WING-FUSELAGE  COMBINATIONS 


Diagrams  representing  combination 


o 

U 


Remarks 


Longi¬ 

tudi¬ 

nal 

posi¬ 

tion 

d/c 


Verti¬ 

cal 

posi¬ 

tion 

k/c 


Wing 

set¬ 

ting 

l  w 


Rectangular  N.  A.  C.  A.  0012  airfoil  with  round  fuselage 


2 

to 

4 


C 


10 


toC7 

12 


13 


c: 


14 


- 


15 


•  - 


16 


22 


28 

to 

30 


t0CT 

35 


3S 

t°Q 

40 


41 

to 

45 


4B 

to 

51 


Wing  alone _ 

1 

0.64 

2 

3 

4 

1 

.  25 

1 

5 

6 

i 

8 

» 

0 

10 

11 

12 

1 _ 

-.25 

1 

13 

— .  75 

14 

0 

15 

0 

16 

0 

17 

18 

19 

20 
21 

-  - 

0 

22 

0 

23 

24 

25 

26 
27 

] 

0 

0 

\ 

) 

28 

29 

1 

0 

30 

1 

31 

32 

33 

34 

35 

-  - 

0 

36 

37 

38 

39 

40 

0 

4! 

42 

43 

44 

45 

■ -  .. 

0 

46 

47 

48 

49 

50 

51 

.  25 

Degrees 


.  08 


.24 


.34 


.40 
.40 
.  41 

.40+ 


.44 


.54 


70 


-8 

0 

8 

-8 

-4 

0 

4 

8 


—8 

-4 

0 

4 

8 


-4 

0 

4 

f  -4 
l  0 


-4 

0 

(  4 

-4 
0 
4 
8 
12 


1.00 


.54 


-4 

0 

4 

8 

12 


-4 

0 

4 

8 

12 

-8 

-4 

0 

4 

8 

12 


Lift- 

curve 

slope 

(per 

degree) 

a 

A.  R.= 
6.86 

Span 

effi¬ 

ciency 

factor 

e 

Cd.  . 

c  min 

^  *  Opt 

Aerody- 
namic- 
cen  ier 
position 

Cr„0 

Lift  co¬ 
efficient 
at  inter¬ 
ference 
burble 
lOiit 

*CL 

max 

effec¬ 
tive 
R.  N.= 
7.5X10® 

2  Cl 

max 

effec¬ 

tive 

R.  N.= 
3.4X10* 

-  0. 077 

0.85 

0.  0080 

.00 

0.010 

0.  0Q0 

Al.  5 

<•1.  54 

cl.  39 

.078 

.85 

.0111 

.00 

.012 

.000 

A  1.4 

"1.  44 

"1.  33 

.079 

.85 

.0121 

-.  02 

.  019 

.  025 

"1.0 

"I.  24 

*1.21 

.079 

.85 

.0112 

.  00 

.  025 

.  000 

"1.  1 

t>L  23 

"1.  25 

.  079 

.85 

.0121 

.02 

.019 

-.025 

«L  2 

<•1.  36 

D.  33 

.080 

.85 

.0123 

-.  06 

.034 

.025 

"1.0 

"1.21 

*>L  17 

.  080 

.  85 

.0116 

.02 

.  035 

.013 

"1.0 

b],  22 

_ 

.  080 

.85 

.0115 

.  00 

.  040 

.  000 

"1.0 

"1.21 

"1.  20 

.  080 

.85 

.0116 

-.02 

.  035 

-.013 

"1.  2 

t>l.  20 



.080 

.85 

.0123 

.06 

.  034 

— .  025 

B  ]  2 

ld.  23 

"1.  25 

.  080 

.  85 

.0123 

-.06 

.048 

.029 

".8 

"1.20 

"1. 14 

.081 

.85 

.0115 

.00 

.054 

.  000 

"1.0 

"1.  20 

"1.  14 

.080 

.85 

.0123 

.06 

.048 

— .  029 

"1. 1 

"1.  19 

"1.  21 

.082 

.85 

.0118 

.00 

.067 

.000 

".9 

"1.  17 

bl.  16 

.081 

.90 

.  01 16 

.00 

.032 

.003 

A  1.2 

*>1.  23 

bl.  24 

.081 

.90 

.0116 

.00 

.034 

.003 

A 1.  3 

bl.  30 

G.  30 

.080 

.  90 

.0121 

-.  03 

.035 

.004 

Al.  4 

CL  49 

bl.  36 

.  079 

.  85 

.0133 

—  .05 

.  034 

.  (134 

"1.  1 

.  079 

85 

.0127 

— .  02 

.  037 

.021 

.  079 

.85 

.0122 

-.  05 

.  038 

.  006 

Al.  5 

<1.52 

cl.  38 

.  079 

.85 

.0117 

-.03 

.  026 

-.008 

A1.5 

«1.  56 

Cl.  38 

.080 

.85 

.0122 

.05 

.019 

-.018 

AJ.5 

'1.  55 

'1.35 

.078 

.85 

.0133 

.  10 

.035 

.  002 

Al.  5 

°1.  54 

'1.38 

.  0163 

.37 

.  057 

.  007 

.  076 

3.80 

.0153 

.32 

.022 

-.004 

A  1.5 

<•1.  57 

'1.37 

.  075 

b  90 

.01  10 

.  33 

.032 

-.016 

Al.  5 

'1.  56 

'1.39 

.075 

5.  85 

.0138 

.02 

.042 

.  021 

'1.36 

.071 

5.85 

.0132 

.  19 

.067 

-.  003 

'1.55 

'1.36 

.070 

5.80 

.  0128 

.09 

.040 

.021 

'1. 37  1 

.075 

s.  85 

.  0124 

.  13 

.042 

.005 

'1.37 

.075 

i.90 

.0124 

.  13 

.  040 

-.  01 1 

•4.54 

n.  35  1 

.075 

.85 

.0128 

.04 

.040 

.020 

075 

85 

.0125 

.  08 

.  044 

.  004 

«i.  38 

.  075 

5. 90 

.0129 

.  14 

.040 

-.012 

'1.  54 

.075 

.  90 

.0138 

.  22 

.  020 

-.  025 

cl.  57 

<-i.  34  | 

.076 

5.  95 

.0152 

.35 

.004 

-.  033 

cl.  59 

— 

.075 

.  85 

.0117 

.03 

.  033 

.023 

(') 

.  075 

5.  90 

.0116 

.09 

.  043 

.  005 

'1.39  1 

.  075 

5.  90 

.0119 

.  14 

.  035 

-.012 

cl.  51 

'1.39 

.  076 

.90 

.  0127 

.  22 

.020 

-.024 

'1.39 

.076 

5.  95 

.  0138 

.29 

.005 

-.  031 

*  ] .  52 

'1.41 

.  075 

.  85 

.0113 

.05 

.  040 

.  018 

'  1.  38 

075 

.  85 

.  0111 

.  11 

.  040 

.001 

'1.35 

.  075 

5.  90 

.0116 

.  18 

.  042 

-.015 

«  1.  52 

'1.34 

.075 

.90 

.0120 

.24 

.020 

-.028 

'  1.35 

.  075 

3.90 

.0130 

.37 

.  006 

-.  033 

. 

e  1.  61 

'1.37 

.  075 

.  80 

.0138 

-.  08 

.102 

.030 

'  1.36 

.  075 

5.  85 

.0132 

— .  05 

.024 

.022 

'  1.35 

075 

.0129 

.  01 

.031 

.  006 

'1.32 

!  075 

.85 

.0128 

.08 

.  025 

-.012 

c  1.52 

'1.32 

.  075 

.90 

.0134 

.  12 

.008 

-.024 

(c) 

'1.33 

.076 

.90 

.0149 

.  15 

-.008 

-.030 

. 

c  1.  52 

'  1.35 

1  Letters  refer  to  types  of  drag  curves  associated  with  the  interference  burble.  See  footnote  1,  P-  34. 

2  Letters  refer  to  condition  at  maximum  lift  as  follows:  »  Reasonably  steady  at  Cr  ;  b  small  loss  of  lift  beyond  C, 
value  of  Cr  . 

' max 

3  Poor  agreement  in  high-speed  range. 

1  Poor  agreement  over  whole  range. 

5  Poor  agreement  in  high-lift  range. 

6  Rapid  increase  in  drag  preceding  definite  breakdown. 


;  '  large  loss  of  lift  beyond  CL  and  uncertain 


71940 — 30 
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TABLE  V.— PRINCIPAL  AERODYNAMIC  CHARACTERISTICS  OF  WING-FUSELAGE  COMBINATIONS— Continued 


1  Letters  refer  to  types  of  drag  curves  associated  with  the  interference  burble.  See  footnote  1,  p.  34. 

2  Letters  refer  to  condition  at  maximum  lift  as  follows:  a  Reasonably  steady  at  C,  ;  h  small  loss  of  lift  beyond  C,  ;  'large  loss  of  lift  beyond  C,  and  uncertain 

value  of  C,  .  ma*  max  *Jmaz 

" max 

3  Poor  agreement  in  high-speed  range. 

4  Poor  agreement  over  whole  range. 

4  Poor  agreement  in  high-lift  range. 

4  Rapid  increase  in  drag  preceding  definite  breakdown. 
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TABLE  V— PRINCIPAL  AERODYNAMIC  CHARACTERISTICS  OF  WING-FUSELAGE  COMBINATIONS— Continued 


tain  value  of  Cjd 

max 

<  Poor  agreement  over  whole  range, 
5  Poor  agreement  in  high-lift  range. 
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TABLE 


V.  PRINCIPAL  AERODYNAMIC  CHARACTERISTICS  OF 


WI N G-F USE L AGE  CO M BI N A TIO NS— Conti nued 


1  Letters  refer  to  types  of  drag  curves  associated  with  the  interference  burble.  See  footnote  1,  p.  34. 

2  Letters  refer  to  condition  at  maximum  lift  as  follows:  a  Reasonably  steady  at  Cl  ;  b  small  loss  of  lift  beyond  CL  :  c  large  loss  of  lift  beyond  Cl  and  uncer 
tain  value  of  CL  . 

max 

5  1’oor  agreement  in  high-lift  range. 

6  Rapid  increase  in  drag  preceeding  definite  breakdown. 
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TABLE  V— PRINCIPAL  AERODYNAMIC  CHARACTERISTICS  OF  WING-FUSELAGE  COMBINATIONS— Continued 


Diagrams  representing  combination 


d 

o 


s 

o 

U 


Remarks 


Longi¬ 

tudi¬ 

nal 

posi¬ 

tion 

d/c 


Verti¬ 

cal 

posi¬ 

tion 

k/c 


Wing 
set¬ 
ting 
i  w 


Rectangular  N.  A.  0.  A.  4412  airfoil  with  round  fuselage 


167 

toC_ 

171  ; 


172 


173  < 


174 


175 


176 


c_: 


167 

168 

169 

170 

171 


( 'owlcd  engine 


174 


174 


cL 


177  < 


176  ( 


179 


180 


175 


176 


171 


178 


179 


ISO 


Un  cow  led  engine  _ 


Cowled  engine- 


inverted  tapered  fillets 
(large  radius  front  to 
small  radius  rear) - 


(Straight  fillets  (large  ra- 
i  dins  front  and  rear)  — 


Tapered  fillets  (small  ra¬ 
dius  front  to  large  ra- 


■  uiue  u  wue 

I.  dins  rear)- 


fTapered  fillets;  uncowled 
\  engine _ 


fTapered  fillets;  cowled 
I  engine  .....  -  - 


-0.  54 


-.04 


-.30 


-.30 


-.30 


.30 


-.30 


.30 


-.30 


-.  30 


Degrees 
-4 
0 
4 
8 
12 


Tapered  X.  A.  C.  A.  0018-09 airfoil  with  round  fuselage 


181 

toC 

184 


1 9  5 


c"~  ;> 


186 


<3 


I 


181 

182 

183 

184 


185 


186 


187  ( 


188 

to 

131 


187 


188 

189 

190 

191 


Wing  alone 


.54 


.22 


0  0 


-.22 


-.54 


Degrees 


Lift- 

curve 

slope 

(per 

degree) 

a 

A.  R.= 

6.86 


0.  076 
.076 
.076 
.076 
.077 


.081 


.077 


.  074 


.  078 


.  080 


.  080 


.  081 


.080 


.  082 


,  077 


.075 
.  075 
.  075 
.  075 


.  079 


.  1)79 


.079 


-4 

0 

4 

8 


.075 
.  075 
.075 
.076 


Span 

effi¬ 

ciency 

factor 

e 

Cn*mt» 

^  opt 

Aerody¬ 

namic- 

center 

position 

<’"o 

Lift  co¬ 
efficient 
at  inter¬ 
ference 
burble 

'C/.b 

*Cimal 

effec¬ 

tive 

R.  X 
7.5X10" 

2  Cl 

max 

effec¬ 

tive 

R.  X.  = 
3.4X101 2 * * * 6 

0. 85 
5.90 

5.90 

4.90 

0.  0142 
.0144 
.  0147 
.0158 
.0177 

0.  06 
.  11 
.20 
.33 
.40 

0.  036 
.028 
.020 
.015 
.000 

-0.  096 
-.  109 
-.  120 
-.  124 
-.  128 

»  1.  58 

*  i .  57 
» 1.  57 

*  1.56 
»  1.55 

»  1.  65 

>*  0.9 

“  1.60 

5 . 90 

.0154 

.  18 

.  04 1 

— .  099 

A  1.7 

“  1.  70 

b  1.  59 

.80 

.  0145 

.  09 

.  039 

— .  104 

£  .  5 

»  1 . 70 

b  1 . 59 

.0288 

.09 

.  063 

-.  100 

C  .4 

b  1.65 

h  1.52 

— 

.0166 

.  12 

.053 

-.  106 

c .  3 

»1.  70 

•>1.58 

.90 

.  0137 

.24 

.041 

107 

B  1.3 

"  1 . 56 

"1.47 

.90 

.  0134 

.20 

.033 

-.  101 

B  1.5 

»  1.61 

» 1.  51 

.90 

.0143 

.20 

.027 

-.  101 

A  1.6 

“  1.  67 

*  1.57 

.85 

.0284 

.  14 

.026 

-.095 

A  1.  0 

•>  1.66 

h  1.  60 

.  85 

.  0158 

.23 

.  030 

-.  100 

A  1.7 

h  1.78 

b  1 , 60 

.90 

.  0093 

.  00 

.020 

.  000 

a  1.4 

c  1,48 

°  1.23 

5  .  90 

.0138 

.03 

.036 

.023 

«  1.  50 

b  1.30 

5 . 90 

.0132 

.  15 

.042 

.  009 

_ 

C  1.50 

b  1.  31 

.90 

.0132 

.  18 

.  040 

—.005 

_ _ _ 

a  1 . 52 

b  1.  30 

.90 

.0134 

.  18 

.022 

-.017 

— 

«  I.  54 

b  1.33 

.90 

.0124 

.02 

.039 

.008 

A  1.0 

0  1.62 

b  1.  36 

.  90 

.0115 

.00 

.040 

.000 

A  1.5 

«  1.52 

1.25 

.85 

.0124 

-.02 

.039 

-.008 

B.  9 

°  1.33 

“  1. 14 

.85 

.0132 

-.18 

.040 

.  005 

o  1.44 

b  1.  22 

.85 

.0132 

-.  15 

.042 

-.009 

o  1.  44 

b  1.  22 

.85 

.0136 

-.03 

.036 

-.  023 

_ 

o  1.44 

b  1.22 

I  .  85 

.0144 

.05 

.030 

-.030 

O  1.42 

b  1. 19 

1  Letters  refer  to  types  of  drag  curves  associated  with  the  interference  burble.  See  footnote  I,  p.  34. 

2  Letters  refer  to  condition  at  maximum  lift  as  follows: a  Reasonably  steady  at  Cl  mni-  bsmall  loss  of  lift  beyond  CLmax\ 

value  of  CLmai. 

<  Poor  agreement  over  whole  range, 

s  Poor  agreement  in  high-lift  range. 

«  Rapid  increase  in  drag  preceding  definite  breakdown, 


c  large  loss  of  lift  beyond  CLmai  and  uncertain 
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TABLE  V.— PRINCIPAL  AERODYNAMIC  CHARACTERISTICS  OF  WING-FUSELAGE  COMBINATIONS— Continued 


Diagrams  representing  combination 

Combination 

Remarks 

Longi¬ 

tudi¬ 

nal 

posi¬ 

tion 

rf/c 

Verti¬ 

cal 

posi¬ 

tion 

k/c 

Wing 
set¬ 
ting 
i  w 

Lift- 

curve 

slope 

(per 

degree) 

a 

A.  R.= 
6.86 

Span 

effi¬ 

ciency 

factor 

e 

('"‘min 

p 

o 

- 

Aerody¬ 
namic- 
center 
posit  ion 

"o 

C„,0 

Lift  co¬ 
efficient 
at  inter 
ference 
burble 
]C,.ih 

‘Cl 

MOT 

effec¬ 

tive 

K.  X.= 
7.5X10" 

!Cr. 

max 

effec¬ 

tive 

R.  X.= 
3.4-t-igo 

Cut-out  X.  A.  C.  A.  0012  airfoil  with  round  fuselage 

Wing  alone. . . . 

| 

Degrees 

0.  066 

0.  75 

0.  0074 

0.00 

0.  027 

0.  000 

8  «  0.  8 

8 1. 18 

)>  1. 10 

iq?  - 

192 

193 
19-1 

19  5 
190 

0 

0.  04 

-4 

0 

4 

8 

12 

.  067 
.  066 
.  066 
.  068 
.  069 

.  70 
.  75 

A  80 

4.  80 

.0117 
.0116 
.0121 
.  0127 
.0139 

—.01 
.02 
.06 
.  13 
.28 

.  069 
.  080 
.  070 
.1)47 
.025 

.017 
.  000 
-.018 
-.  032 
-.037 

b  1.  16 
b  1. 15 
b  1. 13 

M.  11 
b  1.  Ill 

>‘.8 
9.  8 
9.8 
c.3 

-c  :> 

196 

“  1.  14 

“  1.  14 

197 

0 

0 

0 

.077 

.80 

.0111 

.00 

.050 

.000 

",  7 

“  1.21 

«  1.  15 

37<^~ — _ — — " 

|  Zc - > 

202 

198 

199 

200 
201 
202 

0 

-.  54 

-4 

0 

4 

8 

12 

.066 
.  066 
.  067 
.067 
.  068 

.  65 
.70 
.70 

A  75 

A  80 

.0121 

.0116 

.0117 

.0123 

.0136 

-.06 
-.02 
.01 
.06 
.  12 

.070 
.  080 
.069 
.  053 
.040 

.018 
.  000 
—  .017 
-.030 
-.038 

b  1. 18 
b  1.  17 
b  1. 15 
b  1. 13 
b  1.  11 

b  1.40 

“  1.26 

Rectangular  fuselage  combinations 

203  _ 

toC - ^ 

203 

201 

205 

Rectangular  X.  A.  C.  A. 
0012  airfoil. 

...  .do  _  .  _ 

• 

0 

Degrees 

1  " 

1  5 

.081 

.081 

.081 

.  85 

.85 

.85 

.0129 

.0122 

.0129 

.02 

.00 

-.02 

.023 

.  023 
.  023 

.010 

.  000 
—.010 

a  1.3 

A  1.  4 

A  1.3 

'  1.35 

8  1.44 
“  1.35 

°  1.  34 

<=  1.37 
«  1.29 

2-05  - - 

do 

2oeC —  -’d;: 

200 

Rectangular  X.  A.  C.  A. 
0012  airfoil;  uncowled 
engine. 

}  • 

0 

0 

.080 

.80 

.  0267 

.00 

.028 

.  000 

9  1.0 

*  1.34 

«  1.27 

207 

208 

Rectangular  X.  A.  ('.  A. 
0012  airfoil;  cowled  en¬ 
gine. 

1  • 

0 

0 

.082 

.80 

.0161 

.  00 

.  040 

.  000 

A  1.5 

'  1.  52 

b  1.38 

207  0 —  ^ 

208d - 

Rectangular  N.  A.  C.  A. 
4412  airfoil. 

}  » 

0 

0 

.081 

.  90 

.0136 

.25 

.019 

-.  095 

A  1.6 

*  1.63 

a  1.  48 

209 

209 

Tapered  X.  A.  C.  A. 
0018-09  airfoil. 

}  » 

0 

0 

.080 

.85 

.0127 

.00 

.034 

.000 

A  1.  5 

«  1.  51 

b  1.  26 

'Letters  refer  to  types  of  drag  curves  associated  with  the  interference  burble  as  follows: 


2  Letters  refer  to  condition  at  maximum  lift  as  follows:  a  Reasonably  steady  at  Cl  ;  b  small  loss  of  lift  beyond  Cl  '■  r  large  loss  of  lift  beyond  Ci.  and  uncertain 
value  of  Cl  .  maz  maz 

max 

4 1’oor  agreement  over  whole  range, 
s  Poor  agreement  in  high-lift  range. 

8  Rapid  increase  in  drag  preceding  definite  breakdown. 
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Figure  24.— Combination  72  (combination  24  inverted)  showing  poor  junctures 

at  the  wing  roots. 


Figure  25.— Combinations  showing  roan/l  fuselage  with  cowled  and  uncowled 

engines. 


Figure  26. — Combination  140  (combination  142  inverted)  showing  curved 

plan-form  fillets. 


Figure  27. — Combination  146  (combination  143  inverted)  showing  small  tapered 

fillets. 


Figure  28. — Combination  147  (combination  III  inverted)  showing  large  tapered 

fillets. 


Figure  29.— Combination  148  (combination  145  inverted)  showing  large  tapered 
fillets  extended  to  the  leading  edge  of  the  wing. 
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Figure  33. — Combination  177  showing  straight  fillets. 


Figure  30. — Combinations  152 and  153  (combinations  157  and  158  inverted)  show¬ 
ing  the  thick  connecting  strut  in  the  forward  position  with  and  without  fillets. 


Figure  31.— Combination  175  showing  the  N.  A.  C.  A.  4412  airfoil  in  a  low-wing 

position. 


Figure  32.— Combination  176  showing  inverted  tapered  fillets. 


Figure  34. — Combination  178  showing  tapered  fillets. 


Figure  35. — Combination  197  showing  the  junctures  at  the  wing  roots  of  the 

cut-out  wing. 
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Figure  36.— Combinations  204  and  207  showing  the  rectangular  fuselage  with  and 

without  a  cowled  engine. 
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AERODYNAMIC  CHARACTERISTICS  OF  WINGS  WITH  CAMBERED  EXTERNAL- 

AIRFOIL  FLAPS,  INCLUDING  LATERAL  CONTROL  WITH 

A  FULL-SPAN  FLAP 

By  Robert  C.  Platt 


SUMMARY 

The  results  of  a  wind-tunnel  investigation  of  the  N.  A. 
C.  A.  28012,  the  N.  A.  C.  A.  28021,  and  the  Clark  Y 
airfoils,  each  equipped  with  a  cambered  external-airfoil 
flap,  are  presented  in  this  report.  The  purpose  of  the 
research  was  to  determine  the  relative  merit  of  the  various 
airfoils  in  combination  with  the  cambered  flap  and  to 
investigate  the  use  of  the  flap  as  a  combined  lateral-control 
and  high-lift  device. 

Each  of  the  three  airfoils  was  tested  in  combination 
with  a  flap  having  a  chord  20  percent  of  the  main  wing 
chord.  The  airfoil  giving  the  best  characteristics  was 
then  tested  in  combination  with  a  30-percent-c  flap.  A 
satisfactory  flap  hinge-axis  location  was  selected  from  the 
data  already  obtained  and  final  force  and  lateral-control 
tests  were  made  with  the  20-percent-c  flap  hinged  at  this 
•point.  In  the  lateral-control  tests,  the  flap  was  cut  at  the 
center  line  of  the  model  so  that  the  semispan  flaps  could  be 
deflected  as  ailerons  with  respect  to  each  other.  The  flap 
was  also  cut  at  points  one-half  the  semispan  from  each 
tip,  permitting  use  of  25  percent  of  the  span  on  each  tip  as 
a  combined  aileron  and  flap,  the  center  50  percent  of  the 
span  being  used  solely  as  a  flap. 

INTRODUCTION 

The  increasing  benefit  to  be  derived  from  high-lift 
devices  with  improvement  in  airplane  performance  has 
led  to  a  consistent  demand  for  research  on  methods  of 
obtaining  higher  maximum  lift  coefficients  without 
adversely  affecting  any  major  items  of  performance, 
stability,  or  control.  Various  experimental  investiga¬ 
tions  of  such  devices  as  pilot  planes,  slots,  and  slotted 
flaps  have  indicated  that  airfoils  working  in  juxta¬ 
position  may  benefit  considerably  by  mutual  inter¬ 
ference,  especially  if  their  relative  setting  may  be 
varied  in  such  a  way  as  to  obtain  the  optimum  inter¬ 
ference  for  each  desired  characteristic.  A  funda¬ 
mental  investigation  of  the  foregoing  concept  (reference 
1)  has  indicated  that  positions  of  an  auxiliary  airfoil 


near  the  leading  or  trailing  edge  of  a  main  airfoil  offer 
possibilities  of  a  considerable  increase  in  maximum 
lift  coefficient  without  adverse  effect  on  other  desirable 
characteristics.  In  general,  users  of  high-lift  devices 
have  tended  to  favor  those  near  the  wing  trailing  edge, 
although  the  practice  of  placing  a  true  airfoil  in  this 
region  to  get  high  lift  has  been  confined  almost  exclu¬ 
sively  to  Junkers  airplanes  produced  in  Germany  since 
1925.  Trailing-edge  devices,  however,  have  usually 
caused  the  wings  to  suffer  a  loss  of  possible  performance 
through  the  necessity  for  lateral  control,  which  has 
normally  been  provided  by  reducing  the  span  of  the 
lift-increasing  member  to  leave  room  for  ailerons  at  the 
wing  tips.  Several  devices  intended  to  compensate  for 
this  deficiency,  such  as  upper-surface,  external,  and 
retractable  ailerons,  have  been  investigated  but 
apparently  none  has  yet  proved  entirely  satisfactory  in 
service.  Commercial  use  of  Junkers  airplanes  having 
the  tip  portions  of  the  external  airfoil  capable  of 
deflection  as  ailerons  has  shown  the  practicability 
of  an  external-airfoil  device  combining  the  functions 
of  ailerons  and  flaps. 

The  tests  described  in  the  present  report  were  made 
at  the  request  of  the  Bureau  of  Aeronautics,  Navy 
Department.  They  were  intended  to  provide  sufficient 
information  for  the  design  of  a  full-scale  wing  em¬ 
bodying  the  external-airfoil  flap  as  a  combined  high- 
lift  and  lateral  control  device  to  be  tested  in  flight. 
It  was  further  desired  to  obtain  an  arrangement 
sufficiently  near  the  optimum  to  indicate  the  true 
potentialities  of  this  device  as  compared  with  others 
already  in  use  or  under  development. 

Thus  far,  published  results  of  tests  of  the  external - 
airfoil  type  of  flap  (references  1,2,  3,  and  4)  have  been 
more  suitable  as  a  guide  to  possible  applications  of  the 
device  than  for  use  in  actual  design  calculations.  Data 
from  a  recent  investigation  of  the  Fowler  flap  (refer¬ 
ence  5)  have  served  as  a  useful  guide  in  selecting  a 
desirable  size  and  shape  of  airfoil  section,  and  a 
desirable  hinge  location  for  the  flap,  thus  permitting 
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considerable  reduction  in  the  research  necessary  for 
approximate  determination  of  the  maximum  capa¬ 
bilities  of  the  device.  On  the  basis  of  these  data,  flap 
chords  of  20  percent  and  30  percent  of  the  main  wing 
chord  were  selected  as  offering  the  greatest  promise 
of  a  satisfactory  flap  arrangement  giving  both  high 
lift  and  lateral  control.  Comparison  of  the  data  with 
those  of  reference  1  indicates  that  a  cambered  (Clark 
Y)  flap  has  characteristics  more  favorable  to  airplane 
performance  than  one  of  symmetrical  section.  The 
information  on  flap  loads  was  judged  adequate  for  the 
design  of  the  external-airfoil  flap  structure  and  controls. 

In  order  to  obtain  an  estimate  of  the  effect  of  cross- 
sectional  shape  and  thickness  of  the  main  wing,  three 
basic  sections  were  used  in  the  present  tests.  In  addi¬ 
tion  to  the  Clark  Y,  two  members  of  the  N.  A.  C.  A. 
230  family  of  airfoils  (reference  6),  which  may  be 
taken  as  representative  of  the  best  airfoils  now  avail¬ 
able  for  use  in  conventional  airplanes,  were  selected 
for  testing.  From  the  results  obtained,  it  should  be 
possible  to  find  whether  the  benefits  derived  from 
changing  the  cross  section  of  a  plain  wing  are  equally 
obtainable  from  the  same  change  of  section  of  a  wing 
with  an  external-airfoil  flap. 

MODELS 

Wings. — Three  mahogany  wing  models,  each  having 
a  span  of  60  inches  and  a  chord  of  10  inches,  were  used 
in  the  tests.  The  airfoil  sections  were  the  Clark  Y, 
the  N.  A.  C.  A.  23021,  and  the  N.  A.  C.  A.  23012,  the 
ordinates  of  which  are  subsequently  given.  (See  figs. 
24,  25,  and  26.)  Set  into  the  lower  surface  near  the 
trailing  edge  of  each  model  were  seven  metal  strips 
providing  attachments  for  flap  supports  and  dividing 
the  span  into  six  equal  sections. 

Flaps.— The  two  flaps  used  were  made  of  duralumin 
and  were  shaped  to  the  Clark  Y  profile.  They  had  chords 
of  2  inches  (20  percent  of  wing  chord)  and  3  inches 
and  spans  of  60  inches.  These  flaps  were  hinged  to 
fittings  attached  to  the  metal  strips  in  the  wing,  a 
series  of  fittings  giving  the  desired  variation  of  flap 
position.  The  term  “flap  position”  is  used  to  desig¬ 
nate  the  location  of  the  flap  hinge  axis  with  respect  to 
the  main  wing.  The  hinge  axis  was  located  at  the 
center  of  the  leading-edge  arc  of  the  flap.  Flap-angle 
adjustment  was  provided  by  slotted  quadrants  at¬ 
tached  to  the  flap;  the  flap  could  be  pivoted  about 
the  hinge  on  the  flap-support  fittings  or  locked  to 
the  fittings  at  the  desired  flap  angle  by  means  of  set 
screws  through  the  slots  in  the  quadrants. 

TESTS 

The  tests  were  made  in  the  N.  A.  C.  A.  7-  by  10- 
foot  wind  tunnel  at  Langley  Field.  Standard  force 


tests  were  made  on  the  following  series  of  wing-flap 
combinations: 

1.  Clark  Y,  N.  A.  C.  A.  23012,  and  N.  A.  C.  A. 
23021  wings  without  flaps. 

2.  Clark  Y  wing  with  20-percent-c  Clark  Y  flap. 

3.  N.  A.  C.  A.  23012  wing  with  20-percent-c  Clark 

Y  flap. 

4.  N.  A.  C.  A.  23021  wing  with  20-percent-c  Clark 

Y  flap. 

5.  N.  A.  C.  A.  23012  wing  with  30-percent-c  Clark 

Y  flap. 

6.  N.  A.  C.  A.  23012  wing  with  20-percent-c  Clark 

Y  flap  cut  at  the  center  of  the  span,  each  half  being 
deflected  as  ailerons  (semispan  ailerons). 

7.  N.  A.  C.  A.  23012  wing  with  20-percent-c  Clark 

Y  flap  cut  at  the  midpoint  of  each  semispan,  one- 
quarter  of  the  span  on  each  tip  being  deflected  as 
ailerons,  the  center  half  span  deflected  only  as  a  flap 
(semispan  flap,  quarterspan  ailerons). 

The  first  five  sets  of  tests  in  the  series  were  made  to 
determine  characteristics  affecting  airplane  perform¬ 
ance.  The  maximum  lift  coefficient  of  each  combina¬ 
tion  was  obtained  by  taking  data  at  a  series  of  flap 
positions  below  the  wing  trailing  edge,  at  flap  angles 
of  20°,  30°,  and  40°,  and  in  one  case  60°.  A  range 
of  flap  positions  sufficient  to  determine  the  one  giving 
maximum  lift  of  each  wing-flap  combination  was 
covered.  The  minimum  drag  coefficients  were  ob¬ 
tained  by  taking  data  for  a  range  of  flap  angles  from 
0°  to  —8°,  in  2°  steps,  at  the  same  positions  for 
which  maximum  lift  was  determined. 

The  sixth  and  seventh  sets  of  tests  were  intended 
to  provide  data  on  which  to  base  the  selection  of  an 
optimum  arrangement  of  the  external  airfoils  as  flaps 
and  ailerons.  For  these  tests,  a  new  hinge-axis  loca¬ 
tion  was  selected  and  was  not  varied  throughout  the 
tests.  Lift,  drag,  and  pitching-moment  data  were 
taken  at  a  series  of  flap  angles  representing  neutral 
settings  from  which  the  ailerons  could  be  deflected. 
Two  types  of  aileron  deflection — equal  up-and-down 
and  a  typical  differential  system — were  investigated. 
In  addition  to  the  regular  lift,  drag,  and  pitching- 
moment  measurements,  rolling-  and  yawing-moment 
data  were  obtained  at  a  sufficient  number  of  aileron 
settings  to  determine  the  characteristics  given  by  the 
two  types  of  deflection  from  several  neutral  flap 
and/or  aileron  settings.  A  few  tests  were  made  to 
find  the  effect  of  an  end  plate  between  the  flap  and 
quarterspan  ailerons.  Hinge-moment  data  were  ob¬ 
tained  by  measuring  the  twist  of  a  calibrated  torque 
rod  required  to  balance  the  flap  or  aileron  at  the  angle 
in  question.  Figures  1  and  2  show  the  plan  and 
profile  arrangements  and  the  hinge  positions  of  the 
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combinations  listed  as  applied  to  the  N.  A.  C.  A. 
23012  wing. 

The  N.  A.  C.  A.  7- by  10-foot  wind  tunnel,  together 
with  associated  apparatus  and  standard  force-test 
procedure,  is  described  in  reference  7.  All  tests  were 
run  at  a  dynamic  pressure  of  16.37  pounds  per  square 
foot,  corresponding  to  a  speed  of  80  miles  per  hour  in 
standard  air.  The  Reynolds  Number  of  the  tests, 
based  on  the  10-inch  chord  of  the  main  airfoil,  was 
approximately  609,000. 


deflection  under  air  load,  errors  in  measurement  of  tare 
forces  and  support  interference,  and  errors  in  velocity 
measurement,  appear  to  be  of  minor  importance  in 
the  7-  by  10-foot  tunnel  as  compared  with  the  four 
major  sources  of  consistent  errors  previously  men¬ 
tioned. 

The  standard  jet-boundary  corrections, 

Aa~8aS/C  ClX5 7.3,  degrees 
ACd  —  ^d  S/C  Cl2 


PRECISION 

Thus  far,  most  of  the  results  obtained  in  the  7-  by 
10-foot  wind  tunnel  have  been  intended  primarily  for 
comparison  among  themselves.  For  this  reason  no 
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Figure  1. — Flap  and  aileron  combinations. 


corrections  for  consistent  wind-tunnel  errors  have  been 
applied  to  results  previously  published.  Since  the 
present  tests  involved  a  departure  from  the  use  of  the 
Clark  Y  section  in  standard  testing  in  the  7-  by  10- 
foot  tunnel,  it  was  considered  desirable  to  make  as 
complete  correction  for  consistent  errors  as  possible 
in  order  that  the  results  might  be  directly  comparable 
with  other  available  airfoil  data.  The  four  major 
sources  of  consistent  discrepancy  in  the  tunnel,  as  com¬ 
pared  with  characteristics  of  full-scale  airplane  wings, 
are  jet-boundary  effect,  longitudinal  static-pressure 
gradient,  turbulence,  and  scale.  Other  sources  of 
consistent  error  in  wind-tunnel  tests,  such  as  model 


where  S  is  the  total  wing  area  (S^+N/),  and  C  the 
jet  cross-sectional  area,  were  used  in  correcting  the 
test  results.  The  values  of  the  correction  factors 
8a  ==  5 d  ==  —  0.165  are  taken  as  most  nearly  representa¬ 
tive  of  the  boundary  effect  in  this  tunnel.  The  static- 
pressure  gradient  produces  an  additional  downstream 
force  on  the  model,  corresponding  to  a  ACd  of  0.0015 
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Figure  2. — Profiles  of  flap  and  aileron  combinations. 


on  12-percent-c  thick  rectangular  airfoils  of  the  size 
tested,  and  A CD  of  0.0029  on  21-percent-c  thick  air¬ 
foils.  These  values  were  obtained  in  accordance  with 
the  methods  given  in  reference  8.  No  complete 
satisfactory  corrections  for  scale  and  turbulence  are 
at  present  available,  although  unpublished  data  on 
the  turbulence  existing  in  the  tunnel  indicate  its  effect 
on  measured  airfoil  characteristics  to  be  small  as 
compared  with  the  other  consistent  errors.  Refer¬ 
ence  6  indicates  that  the  turbulence  correction  may, 
in  fact,  be  regarded  as  approximately  equivalent  to  a 
scale  correction. 

A  conservative  estimate  is  given  in  the  following 
table  of  the  accidental  errors  in  the  tests,  obtained 
principally  from  comparison  of  data  taken  at  intervals 
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over  a  period  of  several  years  using  a  duralumin  wing 
model: 

«±0.10° 

CL  ±0.05 
Cma  c  ±0.008 

<7d(<?/.  =  0)±  0.001 
CD(CL=\)  ±0.004 
<7D(<7z,=  2)±0.008 
CH±  0.0002 
Flap  angle  ±0.25° 

Flap  position  ±0.0015c«, 


RESULTS  AND  DISCUSSION 

Form  of  presentation  of  results. — All  test  results 
have  been  reduced  to  standard  nondimensional  coef¬ 
ficient  form,  based  on  the  total  area  (plan  area  of 
wiDg  ±  plan  area  of  flap).  This  convention  is  based 
on  the  concept  that  the  nominal  wing  area  of  an 
airplane  is  the  area  used  for  normal  cruising  flight. 


x,  percent  chord 


Figure  3.— Contours  showing  variation  of  Ci.miiz  with  llap  position.  Sr—  20° 

Plain  wing  CYmnl  =  1.300. 


The  coefficients  are  defined  as  follows: 
subscript  w  refers  to  the  main  airfoil 
subscript  /  refers  to  the  flap 
CL  =Lift/g  (Sw+Sj) 

CD  —  Drag/g  (Sw+Sf) 

Cm  =  Pitching  moment/g  (Sw-\-Sf)  (cw  ±  c f) 

Ci  —Rolling  moment./g  ($«,+£/)  bw 

Cn'  =  Yawing  moment \q  {Sw-\-S^)  bw 

CH  —Flap  or  aileron  hinge  moment/g  (Sw-\-Sf) 

(Ctc±C/) 

CF=  Control-stick  hinge  moment/g  CL(Sw-\-3f) 

(cw±Cy) 

or  CF=(8J25°)X  (CH/CL),  where  5  is  the  angular 
deflection  of  the  aileron  drive  crank. 
df,  flap  deflection,  degrees. 

SA r,  right  aileron  deflection,  degrees. 
bALt  left  aileron  deflection,  degrees. 

The  sign  conventions  used  for  flap  angle  and  hinge- 
moment  coefficient  are  the  same  as  the  standard  con¬ 
ventions  for  angle  of  attack  and  pitcliing-moment 
coefficient,  respectively.  The  flap  angle  is  measured 
between  the  wing  and  flap  chord  lines.  It  should  be 
noted  that  the  rolling-  and  yawing-moment  coeffi¬ 
cients,  Ci  and  Cn',  refer  to  wind  axes.  The  flap 


hinge-moment  coefficient  CH  is  based  on  total  wing 
area  and  total  chord  (main  wing  plus  flap)  rather  than 
on  flap  area  and  chord  so  that  the  present  results 
may  be  directly  comparable  with  published  data  on 
stick  force  coefficients  to  which  subsequent  reference 
is  made. 

In  order  that  the  final  lift  and  drag  characteristics 
of  the  selected  wing-flap  combination  may  be  directly 
comparable  with  similar  plain  airfoil  data,  the  results 
of  the  tests  on  the  wing-flap  combinations  have  been 
corrected  to  an  aspect  ratio  of  6.  Since  the  coeffi¬ 
cients  for  the  airfoil  with  a  20-percent-c  flap  are  based 
on  a  span  of  60  inches  and  a  chord  of  12  inches,  the 
test  aspect  ratio  of  the  combination  was  5,  but  this 
discrepancy  with  the  plain  airfoil  tests  has  been  elimi¬ 
nated  from  the  final  lift  and  drag  data. 

The  pitching-moment  coefficients  in  the  final  airfoil 
data  are  referred  to  the  aerodynamic  center,  about 
which  the  value  of  Cm  is  sensibly  constant  throughout 
the  range  from  zero  to  maximum  lift.  In  the  case  of 
the  airfoils  with  flap  deflected,  however,  the  pitcliing- 
moment  coefficients  are  referred  to  the  aerodynamic 
center  for  the  flap  neutral  setting.  This  method 
avoids  the  use  of  a  varying  aerodynamic  center  for  a 
wing  with  a  flap  but,  of  course,  the  value  of  Cm  is 

no  longer  constant  in  the  specified  range  with  the 
flap  deflected  from  the  neutral  setting. 

Determination  of  optimum  flap  arrangement. — The 
purpose  of  the  initial  series  of  tests,  comprising  the 
first  five  groups  previously  listed,  was  to  find  which 
of  several  airfoil  sections  would  give  the  best  com¬ 
bination  with  a  cambered  external-airfoil  flap.  For 
the  selection,  factors  affecting  only  airplane  perform¬ 
ance  were  used  as  criterions. 

Contours  showing  the  variation  of  each  of  several 
airfoil  characteristics  with  the  location  of  the  flap 
hinge  axis  are  plotted  for  the  Clark  Y  wing  with  0.20c 
flap  in  figures  3  to  7,  for  the  N.  A.  C.  A.  23021  with 
0.20c  flap  in  figures  8  to  12,  and  for  the  N.  A.  C.  A. 
23012  with  0.20c  and  0.30c  flaps  in  figures  13  to  23, 
inclusive.  The  value  of  any  characteristic  shown  at 
a  certain  point  with  respect  to  the  wing  trailing  edge 
was  that  obtained  with  the  flap  hinge  axis  located  at 
that  point.  The  hinge  axis  was  located  at  the  center 
of  the  leading-edge  arc  on  the  flap.  Airfoil  character¬ 
istics  considered  in  this  way  are  CL  ,  C  .  and  a 
speed-range  index,  CL  ICD  ,  .  The  contours  of 
CL  are  confined  to  constant  flap  angle,  the  data  for 
different  flap  angles  being  shown  in  different  figures. 
The  flap  angle  for  minimum  CD  was  within  ±1°  of 
—  5°  in  all  cases.  CL  ICD  .  is  plotted  as  inde- 
pendent  of  flap  angle,  the  values  of  CLmax  and  CDjnin 
being  selected  at  the  optimum  angle  for  each,  at  the 
flap  position  in  question. 

Complete  aerodynamic  characteristics  of  the  three 
model  airfoils  without  flaps  are  given  in  figures  24,  25, 
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sc,  percent  chord 


Figure  5.— Contours  showing  variation  of  CLmaz  with  flap  position.  £/=40°. 

Plain  wing  C£.mai=1.300. 


Figure  6.— Contours  showing  variation  of  CDm<n  with  flap  position.  Plain  wing 


jc,  percent  chord 


Figure  7. — Contours  showing  variation  of  CLmax/CDmin  with  flap  position.  Plain 

wing  Ctmal/Cnm,„= 89.6 


Figure  8.— Contours  showing  variation  of  Ctmax  with  flap  position.  5/= 20°. 

Plain  wing  C/,moI=1.205. 


Figure  9.— Contours  showing  variation  of  with  flap  position.  3/= 30°. 

Plain  wing  Ct,max=  i-2 05. 


Figure  10.— Contours  showing  variation  of  Ci.mat  with  flap  position.  5/-=40°. 

Plain  wing  Ct.maz  =  1.205. 


Figure  11. — Contours  showing  variation  of  with  flap  position.  Plain 

wing  CDmi-„=0.0153. 


Figure  12.— Contours  showing  variation  of  CLmaiICDmin  with  flap  position.  Plain 

Wing  OLmazl do min~1 8.8. 


Figure  13.— Contours  showing  variation  of  CLmaz  with  flap  position.  5/=20“. 

Plain  wing  CLma,= 1.145. 
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Figure  H. — Contours  showing  variation  of  CLmni  with  flap  position.  5/=30°.  Figure  19. — Contours  showing  variation  of  CLmax  with  flap  position.  5/— 30°. 

Plain  wing  Ctmax  =  1.145.  Plain  wing  Cimax=  1.145. 


Figure  15.— Contours  showing  variation  of  Ci.maz  with  flap  position.  S/=40° 

Plain  wing  Ctm«=1.14o. 


Figure  20. — Contours  showing  variation  of  CLmax  with  flap  position.  5,  =  40°. 

Plain  wing  C/,mai  =  1.145. 


Figure  ir>.— Contours  showing  variation  of  Cumin  with  flap  position.  Plain  wing 

Cnmin =0.0105. 


Figure  21.— Contours  showing  variation  of  with  flap  position.  5,  =  60° 

Plain  wing  Cr,mnl=1.145. 


Figure  17.— Contours  showing  variation  of  CLmax/Cnm;„  with  flap  position.  Plain 

wing  C/.mnj./Ccm,„=  109.0. 


Figure  22.— Contours  showing  variation  of  Co,„,„  with  flap  position  Plain  wing 

Cnmi»=0.0I05. 


Figure  IS. — Contours  showing  variation  of  Ci.mux  with  flap  position.  5/=20°.  Figure  23. — Contours  showing  variation  of  CtmaI/CDmin  with  flap  position.  Plain 

Plain  wing  C’Lm„=  1.145.  wing  C;.mai/Cora>n=  109.0 
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and  26.  Figure  24  (a)  shows  data  for  a  standard  dural¬ 
umin  Clark  Y  airfoil  model  used  in  checking  tunnel 
calibration  and  figure  24  (b)  shows  data  for  the  wooden 
Clark  Y  model  actually  used  with  the  external-airfoil 
flaps.  The  difference  in  characteristics  is  ascribed  to 
the  use  of  blocks  inserted  under  a  sheet-metal  upper 
surface  to  form  the  rear  portion  of  the  wooden  model, 
which  appears  to  have  a  smaller  camber  near  the  trail¬ 
ing  edge  than  the  duralumin  model.  For  comparison 
with  other  airfoil  data,  those  given  in  figure  24  (a)  are 
considered  more  representative  of  results  in  the  7-  by 
10-foot  tunnel.  For  estimation  of  the  effect  of  adding 
an  external-airfoil  flap  to  a  Clark  Y  wing,  the  data  of 
figure  24  (b)  should  be  used,  since  the  same  model  was 
used  for  the  tests  with  the  flaps.  The  foregoing  dis¬ 
crepancy  in  the  plain  Clark  Y  airfoils  does  not  exist 
in  the  case  of  the  N.  A.  C.  A.  23012  and  N.  A.  C.  A. 
23021  plain  airfoil  models.  These  models  were  shaped  to 
the  correct  profile  within  the  limits  of  accuracy  normally 
specified  for  models  used  in  the  7-  by  10-foot  tunnel. 

Comparison  of  the  contours  of  CL  JCD  .  for  the 
different  airfoils  with  a  20-percent-c  flap  indicates  that 
the  N.  A.  C.  A.  23012  wing  offers  the  greatest  possible 
improvement  for  the  combinations  tested.  Some  tests 
in  the  full-scale  and  variable-density  wind  tunnels 
(reference  6)  indicate  that  the  N.  A.  C.  A.  23012  airfoil 
alone  has  a  greater  CLjnax  than  the  Clark  Y  in  the 
normal  full-scale  range  of  Reynolds  Numbers,  although 
the  reverse  is  true  at  the  Reynolds  Number  of  the 
present  tests.  Some  existing  experimental  evidence  in¬ 
dicates  this  scale-effect  relation  to  apply  with  flaps  on 
the  airfoils,  as  well  as  without.  It  seems  reasonable  to 
expect,  therefore,  that  in  the  full-scale  range  the 
N.  A.  C.  A.  23012  with  an  external  flap  has  an  even 
greater  advantage  over  the  Clark  Y  with  an  external 
flap  than  is  indicated  by  the  present  tests.  The 
N.  A.  C.  A.  23012  was  therefore  chosen  as  representa¬ 
tive  of  the  optimum  airfoil  for  combination  with  an 
external-airfoil  flap.  Of  the  other  two  airfoils  tested, 
the  N.  A.  C.  A.  23021  appears  the  better.  The  prob¬ 
ability  of  encountering  excessive  control  forces  led  to 
the  selection  of  the  0.20c  flap  for  use  in  combination 
with  the  N.  A.  C.  A.  23012  airfoil  in  the  final  series  of 
tests;  an  extensive  investigation  to  reduce  the  flap 
hinge  moments  to  a  minimum  did  not  seem  justified  at 
the  present  stage  of  development. 

Selection  of  optimum  flap  hinge  axis. — Since  the 
location  of  the  hinge  axis  in  the  leading  edge  of  the  flap 
is  not  practicable  because  of  the  large  operating  forces 
required,  it  was  necessary  to  select  a  more  suitable 
hinge-axis  location  for  low  hinge  moments  before  pro¬ 
ceeding  with  the  lateral  control  tests.  Inasmuch  as 
the  Fowler  type  of  flap  when  extended  shows  charac¬ 
teristics  very  smilar  to  those  of  the  external-airfoil  flap, 
it  was  considered  reasonable  to  base  the  selection  of  the 
hinge-axis  location  on  the  flap-load  data  of  reference  5. 
The  most  forward  position  of  the  resultant-force  vector 


on  the  flap  was  taken  as  the  optimum  line  on  which  to 
locate  the  hinge  with  respect  to  the  flap.  The  con¬ 
tours  in  figures  13  to  17  were  then  used  to  determine 
the  most  favorable  position  of  the  flap  leading  edge 
with  respect  to  the  wing  at  each  of  several  flap  angles 
over  the  desired  range.  From  the  foregoing  infor¬ 
mation,  a  compromise  location  of  the  hinge  with 
respect  to  both  wing  and  flap  was  chosen,  which  was 
expected  to  give  good  over-all  characteristics  through¬ 
out  a  range  of  flap  angles  from  —  5°  to  30°.  The 
profile  of  this  arrangement,  including  hinge-axis  posi¬ 
tion,  is  that  shown  in  figure  2  for  combinations  6  and  7. 

Aerodynamic  characteristics  of  the  wing-flap  com¬ 
bination  with  the  flap  at  angles  of  —5°,  20°,  and  30°, 
using  the  selected  hinge-axis  location,  are  given  in 
figures  27,  28,  and  29.  These  angles  were  used  as 
neutral  settings,  from  which  the  ailerons  were  deflected 
to  obtain  rolling-  and  yawing-moment  data.  A  test 
of  a  neutral  setting  with  the  semispan  flap  at  an  angle  of 
30°  and  the  quarterspan  ailerons  at  10°  showed  this 
arrangement  to  have  essentially  the  same  lift  and  drag 
characteristics  as  the  arrangement  with  both  flap  and 
ailerons  set  at  20°.  Lift  and  drag  data  for  a  neutral 
setting  of  flap  angle  30°  and  aileron  angle  of  20°  were 
obtained  by  interpolation. 

Results  of  lateral  control  tests. — In  order  to  reduce 
the  number  of  tests  required,  it  was  assumed  that  the 
rolling-  and  yawing-moment  coefficients  produced  by 
a  given  deflection  of  one  aileron  were  independent  of 
the  setting  of  the  other  aileron.  Preliminary  tests 
indicated  the  assumption  to  be  sufficiently  accurate  to 
satisfy  the  purpose  of  the  present  investigation.  Rep¬ 
resentative  curves  are  shown  in  figure  30. 

Results  of  several  tests  made  to  determine  the  effect 
of  an  end  plate  between  the  flap  and  the  quarterspan 
ailerons  are  shown  in  figures  31  and  32  as  rolling-  and 
yawing-moment  coefficients  of  three  aileron  combina¬ 
tions  with  and  without  an  end  plate.  As  the  end  plate 
apparently  produced  a  negligible  effect,  it  was  elim¬ 
inated  from  further  tests. 

The  lateral  control  tests  of  combination  6  (fig.  1) 
with  each  aileron  covering  the  wing  semispan  gave 
the  results  shown  in  figures  33  and  34.  Figure  33 
shows  the  rolling-moment  coefficients  produced  by 
various  deflections  of  the  left  aileron,  with  the  right 
aileron  at  an  angle  of  —5°.  The  rolling-moment 
coefficient  produced  by  any  combined  deflection  may 
then  be  found  by  the  method  used  in  the  following 
example:  For  a  setting  of  right  aileron  at  —20°,  left 
aileron  at  20°,  C/  is  equal  to  the  algebraic  difference 
between  C/  for  SAL  =  20°,  SAR=  —  5°,  and  C/  for 
8AIj  = —  20°,  8AR  —  —  5 ° .  Using  data  for  a  =  10°  from 
figure  33: 

Ct'(8AL  =  20°,  8ar—  — 5°)  =0.0735 

C/ (8al  =  — 20°,  8ar=  -5°)  =  -0.0300 

C/(8al  =  20°,  8ar=  —20°) -0.0735- (-0.0300) 

=  0.1035 
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Figure  25.— The  N.  A.  C.  A.  23021  airfoil. 
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Figure  27.— The  N.  A.  C.  A.  23012  airfoil  with  0.20  c  Clark  Y  flap.  5f=- 
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Figure  28.— The  N.  A,  C.  A.  23012  airfoil  with  0.20  c  Clark  Y  flap.  5r=20°. 


AERODYNAMIC  CHARACTERISTICS  OF  WINGS  WITH  CAMBERED  EXTERNAL-AIRFOIL  FLAPS 


(ill) 


Corresponding  values  of  yawing-moment  coefficient  may 
be  obtained  from  figure  34,  using  the  same  method. 

The  tests  of  combination  7  (fig.  1),  quarterspan 
ailerons  and  semispan  flap,  gave  the  results  shown 
in  figures  35  to  40.  These  figures  show  rolling-  and 
yawing-moment  coefficients  as  a  function  of  left 
aileron  angle  (SAL)  for  three  settings  of  the  flap  and 
right  aileron.  Control  given  by  any  assumed  com¬ 
bination  may  be  computed  as  previously  explained, 
using  the  flap  and  right  aileron  setting  most  nearly 
corresponding  to  the  assumed  arrangement. 

Hinge-moment  coefficients  as  a  function  of  angular 
deflection  are  shown  in  figure  41  for  a  semispan  flap 
or  aileron.  The  coefficients  refer  to  moments  measured 
on  an  aileron  having  a  span  equal  to  one-half  the 


the  same  deflection  of  the  semispan  aileron.  From  the 
magnitudes  of  CH  obtained  on  the  flap  with  the  finally 
selected  hinge  position,  it  appears  that  the  method  of 
selection  employed  was  conservative  and  that  the  hinge 
axis  might  be  located  somewhat  farther  back  on  the 
flap  without  involving  overbalance  in  any  part  of  the 
operating  range. 

Determination  of  optimum  lateral  control  arrange¬ 
ment. — A  number  of  possible  arrangements  were  com¬ 
pared  in  selecting  the  final  one  recommended  as  a 
promising  high-lift  and  lateral  control  device.  The 
following  combinations  were  investigated: 

1.  Semispan  ailerons,  equal  up-and-down  deflection. 
Neutral  setting,  20°. 
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Figure  29.— The  M.  A.  C.  A.  23012  airfoil  with  0.20  c  Clark  Y  iiap.  5/ =30° 


wing  span.  The  value  of  CH  for  a  setting  bAR——  20°, 
Oaa=20°  is  then  the  algebraic  difference  between  CH 
for  <5^  =  20°  and  CH  for  5^  =  —  20°,  at  the  angle  of 
attack  in  question,  on  the  semispan  ailerons.  When 
computing  the  values  of  the  control-force  criterion 
(CF)  of  the  differential  deflection  described  later, 
the  values  of  CH  for  each  of  the  ailerons  at  its  deflected 
position  must  be  obtained  separately  and  be  divided  by 
the  mechanical  advantage  of  the  differential  linkage 
at  the  deflected  position  of  the  aileron  before  they  are 
added  to  obtain  the  total  CH.  For  a  given  deflection 
of  a  quarterspan  aileron,  CH  is  equal  to  half  that  for 


2.  Quarterspan  ailerons,  equal  up-and-down  deflec¬ 
tion.  Neutral  setting  20°,  flap  20°. 

3.  Quarterspan  ailerons,  equal  up-and-down  deflec¬ 
tion.  Neutral  setting  10°,  flap  30°. 

4.  Quarterspan  ailerons,  equal  up-and-down  deflec¬ 
tion.  Neutral  setting  20°,  flap  30°. 

5.  Semispan  ailerons,  equal  up-and-down  deflection. 
Neutral  setting  30°. 

6.  Semispan  ailerons,  differential  deflection.  Neu¬ 
tral  setting  20°. 

7.  Semispan  ailerons,  differential  deflection.  Neu¬ 
tral  setting  30°. 
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Figure  80. — Cl'  and  CY,  0.20  c  Clark  Y  flaps  on  N.  A.  C.  A.  23012  wing.  Semispan 
ailerons  deflected  separately  and  together. 


Figure  33.  -CY,  N.  A.  C.  A.  23012  wing  with  external-airfoil  flaps  and  ailerons 
(0.20  c  flap!.  StR~  —  5°.  Aileron  span  =  6/2. 


Figure  31—  CY,  N.  A.  C.  A.  23012  wing  with  external-airfoil  flaps  and  ailerons 
(0.20  c  flap).  Aileron  span=6/4. 


f 


Figure  32. — CY,  N.  A.  C.  A.  23012  wing  with  external-airfoil  flaps  and  ailerons 
(0.20  c  flap).  Aileron  span=6/4. 


Figure  34. — CY,  N.  A.  C.  A.  23012  wing  with  external-airfoil  flaps  and  ailerons 
(0.20c  flap).  <S1A=—  5°.  Aileron  span= 6/2. 
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8.  Quarterspan  ailerons,  differential  deflection. 
Neutral  setting  30°,  flap  30°. 

9.  Quarterspan  ailerons,  differential  deflection. 
Neutral  setting  20°,  flap  30°. 

10.  Quarterspan  ailerons,  differential  deflection. 
Neutral  setting  10°,  flap  30°. 


The  criterions  used  in  comparison,  together  with  ap¬ 
propriate  values  for  the  various  combinations,  appear 
in  table  I. 

The  tabulated  item  Ci'(CL  =  1.0,  1.7;  8A  =  40°  differ¬ 
ence)  is  taken  as  a  measure  of  the  rolling-moment 
coefficient  obtainable  at  normal  gliding  speeds  with  a 


Figure  35— (V,  N.  A.  C.  A.  23012  wing  with 
external-airfoil  flaps  and  ailerons  (0.20  e  flap). 
*/=— 5°;  *  B=— 5°;  aileron  span=6/4. 


Figure  37.— Ci\  N.  A.  C.  A.  23012  wing  with 
external-airfoil  flaps  and  ailerons  (0.20  c  flap). 
Sf= 20°;  ^yis=20°;  aileron  span=6/4. 


Figure  39.— Ci',  N.  A.  C.  A.  23012  wing  with 
external-airfoil  flaps  and  ailerons  (0.20  c  flap). 
s/= 30°;  ^r=30°;  aileron  span=6/4. 


Figure  36.— C„',  N.  A.  C.  A.  23012  wing  with 
external-airfoil  flaps  and  ailerons  (0.20  c  flap). 
sf=— 5°;  SAR  =  —  5°;  aileron  span=6/4. 


-20  O  20  40 

<5al  , degrees 


Figure  38— C„',  N.  A.  C.  A.  23012  wing  with 
externaj -airfoil  flaps  and  ailerons  (0.20  c  flap). 
5/=20°;  o  ,  r=20°;  aileron  span =6/4. 


6al  ,  degrees 


Figure  40. — Cn',  N.  A.  C.  A.  23012  wing  with 
external  airfoil  flaps  and  ailerons  (0.20  c  flap). 
5/=30°,  5i4R  =  30°;  aileron  span=6/4. 


11.  Semispan  ailerons,  equal  up-and-down  deflec¬ 
tion.  Neutral  setting  —5°. 

12.  Semispan  ailerons,  differential  deflection.  Neu¬ 
tral  setting  —5°. 

13.  Quarterspan  ailerons,  equal  up-and-down  deflec¬ 
tion.  Neutral  setting  —5°,  flap  —5°. 

14.  Quarterspan  ailerons,  differential  deflection. 
Neutral  setting  —5°,  flap  —5°. 


reasonable  deflection  of  the  ailerons.  The  expression 
5.4=40°  difference  signifies  an  equal  up-and-down 
setting  of  20°  from  neutral  and  a  differential  setting 
such  that  the  angle  between  the  ailerons  is  40°. 

The  essential  features  of  the  differential  linkage 
are  shown  in  figure  42.  This  linkage  is  designated 
“differential  no.  2”  in  reference  9.  The  computations 
of  CF  were  made  in  accordance  with  the  system 
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used  in  reference  9  and  give  comparable  results.  The 
values  of  CF  given  compare  directly  the  lateral 
stick  forces  required  to  give  a  certain  value  of  the 
rolling-moment  coefficient  at  a  certain  lift  coefficient 
with  the  same  lateral  stick  position. 

The  tabulated  item  Cn'  is  the  yawing-moment 
coefficient  accompanying  the  rolling-moment  coeffi- 


Kigure  41.  Cn  against  5a,  N.  A.  C.  A.  23012  wing  with  a  0.20  c  external-airfoil  flap 
deflected  as  an  aileron.  Aileron  span=6/2. 

cient  at  each  condition  for  which  CF  was  computed. 
The  yawing  moments  were  adverse  in  all  cases,  the 
term  “adverse”  being  used  to  signify  a  negative 
yawing  moment  accompanying  a  positive  rolling 
moment,  or  vice  versa. 


Figure  42.— Differential  linkage  (see  reference 9).  N.  A.  C.  A.  23012  wing  with  0.20c 
chord  external-airfoil  flaps  and  ailerons. 
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It  appears  at  once  from  inspection  of  the  table  that 
most  of  the  differential  arrangements  cannot  be  used 
in  the  conventional  manner  on  account  of  the  over¬ 
balance  encountered  at  high  and  even  medium  lift 
coefficients.  From  the  usable  arrangements,  nos.  10 
and  3  may  be  selected  as  the  most  promising  lateral 
control  devices,  in  the  order  named.  They  give  as 
large  maximum  available  rolling  moments  as  the  best 
other  arrangements,  excluding  overbalance,  and  have 
smaller  adverse  yawing  moments  than  any  others  which 
have  nearly  as  much  rolling  power.  Of  the  two,  no.  10 
is  considered  better  because  of  the  considerably  lower 
operating  forces  required.  The  sole  disadvantage  of 
these  two  arrangements  consists  of  their  effect  on  the 
maximum  lift  coefficient,  the  maximum  value  being 
1.80,  as  compared  with  the  maximum  obtainable  value 
of  1.98  for  this  type  of  flap. 

Several  features  of  the  differential  arrangements 
that  become  overbalanced  indicate  the  desirability  of 
investigating  them  further.  No.  6,  for  example,  gives 
greater  rolling  power  than  any  other  arrangement  and 
very  small  values  of  CF,  and  no.  7  gives  the  full  obtain¬ 
able  maximum  lift  coefficient  with  apparently  usable, 
though  not  good,  lateral  control.  If  the  overbalance 
could  be  eliminated,  both  of  these  arrangements  should 
be  of  considerable  interest. 

The  source  of  the  overbalance  lies  in  the  tendency  of 
the  ailerons  to  float  at  a  large  negative  angle  from  their 
neutral  setting  (when  the  neutral  setting  is  20°  or  30° 
down).  As  an  example  of  what  occurs,  it  will  be  seen 
that  when  the  down-going  aileron  drive  crank  reaches 
dead  center,  the  aileron  produces  no  restoring  moment 
at  the  stick  and,  if  the  up-going  aileron  has  not  yet 
reached  its  floating  angle,  the  system  is  overbalanced. 

It  appears  that  the  application  of  springs  to  make 
each  aileron  float  down  from  its  normal  floating  posi¬ 
tion,  or  the  provision  of  a  return  spring  in  the  operating 
system,  can  be  used  to  eliminate  the  overbalance. 
Since  the  degree  of  overbalance  decreases  with  lift 
coefficient,  it  is  evident  that  the  maximum  spring  force 
is  required  at  the  minimum  air  speed,  and  the  controls 
will  tend  to  stiffen  with  increasing  air  speed  in  a  normal 
manner.  Proper  selection  of  a  spring  can  thus  be 
made  to  give  almost  zero  stick  forces  at  minimum 
speed,  and  small  stick  forces  throughout  the  flight 
range. 

Comparison  of  external-airfoil  ailerons  with  ordinary 
ailerons. — Some  calculated  values  of  rolling-moment, 
yawing-moment,  and  stick-force  coefficients  for  small 
and  large  deflections  of  external-airfoil  and  ordinary 
ailerons  are  shown  in  the  following  table.  Data  for 
semispan  external-airfoil  ailerons  with  the  wing  at  lift 
coefficients  of  1.0  and  1.7  were  used,  an  equal  up- 
and-down  deflection  from  a  neutral  setting  of  20° 
being  assumed.  Data  for  15-percent-c  by  60-percent- 
6/2  ordinary  ailerons  having  an  equal  up-and-down 
deflection  were  obtained  from  reference  9.  No  at- 
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tempt  has  been  made  to  correct  for  differences  in 
chord  and  span  of  the  two  types  of  aileron,  the  com¬ 
parison  being  made  directly  between  the  actual  sizes 
and  types  tested. 


Figure  43. — CY  against  AC,,  N.  A.  C.  A.  23012  wing  with  0.20  c  Clark  Y  external- 
airfoil  flaps  deflected  as  ailerons.  Aileron  span=6/2. 


COMPARISON  OF  EXTERNAL-AIRFOIL  AND  ORDI¬ 
NARY  AILERONS 
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Comparison  of  the  ordinary  and  external-airfoil 
ailerons  at  a  lift  coefficient  of  1.0  shows  the  ordinary 
ailerons  to  be  somewhat  worse  in  respect  to  adverse 
yawing  moment  per  unit  of  rolling  moment  and 
superior  in  respect  to  stick  force  required  per  unit  of 
rolling  moment.  At  a  lift  coefficient  of  1.7  the  exter¬ 
nal-airfoil  ailerons  are  worse  than  the  ordinary  ailerons 
at  a  lift  coefficient  of  1.0  in  respect  to  adverse  yawing 
moments  and  are  approximately  equal  in  respect  to 
stick  forces.  In  general,  the  external-airfoil  ailerons 
appear  to  be  slightly  inferior  at  values  of  lift  coefficient 
that  would  give  comparable  speeds  near  the  minimum 
obtainable  with  the  types  of  wing  involved. 

Application  of  results  of  full-span  flap  tests  to 
lateral-control  analysis. — The  coordination  of  tests 


of  a  full-span  lift-increasing  device  with  lateral  control 
tests  on  semispan  and  quarterspan  ailerons  of  the  same 
type  has  suggested  a  possible  method  of  estimating 
the  control  obtainable  from  similar  use  of  other  de¬ 
vices.  The  method  contemplates  the  estimation  of 
rolling-  and  vawing-moment  coefficients  obtainable 
with  a  given  aileron  deflection  by  multiplying  the 
values  of  A CL  resulting  from  the  same  deflection  of  a 
full-span  lift-changing  device  by  a  constant  that  has 
different  values  according  to  the  different  amounts  of 
span  over  which  the  ailerons  extend. 

In  accordance  with  the  foregoing  concept,  represent¬ 
ative  data  from  the  tests  of  the  semispan  ailerons 
have  been  plotted  in  figures  43  and  44,  and  data  from 
the  quarterspan  aileron  tests  in  figures  45  and  46, 
against  values  of  ACl  and  ACd  obtained  from  the  lift 
and  drag  tests  with  ailerons  neutral  and  flap  deflected. 
It  is  apparent  that  a  linear  variation  results  in  each 
case,  although  the  scattering  of  the  yawing-moment 
coefficient  points  indicates  the  possibility  of  a  com¬ 
paratively  large  error  in  estimating  Cn'  in  individual 
cases.  The  variation  may  bo  expressed  as 

C/  —  KACl 
Cn'=K'ACo 

where  A CL  and  A CD  are  the  differences  in  lift  and  drag 
coefficients  of  the  full-span  flaps  produced  by  the 
assumed  angular  deflection  at  the  angle  of  attack  in 
question.  Values  of  K  and  K'  are  found  to  vary  with 
aileron  span  as  shown  in  figure  47.  No  attempt  has 
been  made  to  establish  a  sign  convention,  since  the 
sense  of  rolling  and  yawing  moments  resulting  from 
an  increase  of  lift  or  drag  on  a  wing  tip  is  perfectly 
clear.  All  yawing-moment  coefficients  shown  here  are 
adverse,  resulting  from  the  large  drag  increment 
produced  by  the  down-going  aileron. 

CONCLUSIONS 

1.  As  regards  aerodynamic  characteristics,  the 
N.  A.  C.  A.  23012  airfoil  is  superior  to  the  Clark  Y  when 
they  are  compared  either  as  plain  airfoils  or  as  air¬ 
foils  equipped  with  external-airfoil  flaps. 

2.  When  external-airfoil  flaps  are  added  to  the 
N.  A.  C.  A.  23012  and  the  N.  A.  C.  A.  23021  airfoils, 
the  resulting  improvement  of  the  speed-range  index 
is  greater  for  the  N.  A.  C.  A.  23021  than  for  the 
N.  A.  C.  A.  23012. 

3.  From  an  analysis  of  certain  selected  lateral  con¬ 
trol  arrangements,  it  appears  that  usable  lateral  control 
can  be  obtained  from  external  airfoils  when  they  are 
deflected  as  full-span  flaps,  provided  that  the  com¬ 
paratively  large  values  of  adverse  yawing  moment  per 
unit  rolling  moment  are  acceptable. 
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Figure  44.—  C,'  against  ACD,  N.  A.  C.  A.  23012  wing  with  0.20  c  Clark  Y external- 
airfoil  flaps  deflected  as  ailerons.  Aileron  span =6/2. 


Figure  46.—  CV  against  A C'p,  N.  A.  C.  A.  23012  wing  with  0.20  c  Clark  Y  external 
airfoil  flaps  deflected  as  ailerons.  Aileron  span=6/4. 
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Figure  47. — Constants  for  computing  rolling-  and  yawing-moment  coefficients  of 
ailerons  from  lift  and  drag  data  on  full-span  flaps.  (V = KA Cl; CV = K'A  CD . 


Figure  45.—  Ci'  against  AC^,  N.  A.  C.  A.  23012  wing  with  0.20  c  Clark  Y  external 
airfoil  flaps  deflected  as  ailerons.  Aileron  span=6/4. 
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Langley  Memorial  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 
Langley  Field,  Va.,  June  14,  1935. 
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